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A WIND TUNNEL INVESTIGATION OF PANEL RESPONSE TO BOUNDARY 
LAYER PRESSURE FLUCTUATIONS AT MACH 1.4 AND MACH 3.5 

I. INTRODUCTION 

With accelerating interest in the development of a supersodlc 
transport, much time and effort have been devoted to the 
investigation of boundary layer turbulent pressure fluctuations, 
and to the response of structures to such a driving field. 
Interest in these investigations has also been strongly 
motivated by the need for quiet submarines, and for vibration 
control In missiles and reentry vehicles. This report 
describes a series of experiments investigating the structural 
response to boundary layer turbulence of a well-damped panel 
of high modal density. Investigations were conducted in 
the Douglas Aircraft Company 11 x 11 blowdown wind tunnel 
located in El Segundo, California 

Two test panels were designed, constructed and tested. 
The panels were designed with two purposes In mind: 1) to 
obtain information about response which might be scaled to 
full-scale, and 2) to verify or reject the possible existence 
of surface Mach waves predicted by theory. The design of 
the experimental apparatus was also strongly influenced by 
the practical limltations of available materials and by 
special problems involved In the use of a blowdown wind 
tunnel. As a result of the above considerations, the test 
apparatus is unique, and it is discussed first in Section II 
below In some detail. Section III also contains further 
detailed description of the test apparatus. In Sections III 
and IV the results of wind tunnel testing and acoustic 
testing of the panels are reported. In Section V a comparison 



and synthesis of some of the results of wind tunnel and 
acoustic tests Is made. Some estimates of full-scale panel 
response are also made, and the results of experiments are 
compared with theoretical predictions based on material given 
in the Appendices. The summary and conclusions are given 
in Section VI. 

The experiments discussed in this report represent an effort 
to develop a new approach to the problem of the interaction 
of boundary layer pressure fluctuations and structural 
response. They are exploratory in nature rather than final. 
The emphasis has been placed on the experimental aspects 
of the problem and not on the analytical approach, which 
has been carried out extensively elsewhere. 



II. THE TEST PANELS 

Consider for the moment a panel on the fuselage of a super- 
sonic transport which is flying at about Mach 3 in the 
vicinity of 70,000 ft altitude. Such a panel will experi- 
ence a pressure-fluctuation field over its surface due to 
the turbulent boundary layer. The overall sound pressure 
level of the pressure-fluctuation field might be of the 
order of 138 dB re .0002 microbar with a flat spectrum in 
the frequency range below 3 kcps (as measured by a micro- 
phone mounted flush with the exterior of the panel) that 
would roll off at the rate of 20 dB per decade above 3 kcps. 
(These estimates are discussed in Appendix A.) It might 
reasonably be assumed that a side-wall panel on a supersonic 
transport would be relatively large, and as a consequence, 
the modal density would be quite high above 100 cps. It is 
of interest to know how a panel of high modal density would 
respond to the expected boundary layer pressure fluctuation 
field. It is proposed that such information can be obtained 
with a suitable model panel, as described below. 

A large body of information has been developed to describe 
the response of structures to pressure fluctuations. One 
theory (briefly outlined in Appendix B) has suggested the 
following interpretation. Below some upper frequency, called 
the coincidence frequency for any given panel and Mach number, 
the speed of propagation of the convected turbulent field 
across the surface of the panel will be greater than the 
speed of propagation of flexural waves in the panel. As a 
consequence, one might think of a convected turbulent eddy 
as producing a kind of bow wave in the panel which then 
propagates at some angle to the direction of propagation 
of the eddy. One might call such flexural waves "panel 



Mach waves." The theory indicates that the direction of 
propagation of such panel Mach waves should be essentially 
normal to the direction of air flow for the frequency range 
well below the coincidence frequency for the panel. For the 
supersonic aircraft panel considered above, this is the fre- 
quency range of interest. The existence of panel Mach waves 
has been verified with the model panel described below. 

The Douglas l'xl I blowdown wind tunnel will operate at 
Mach 3.5, perhaps close enough to Mach 3 for testing pur- 
poses. At Mach 3.5 it has a boundary layer thickness of the 
order of 0.73 in. on the side wall in the test section. This 
dimension, if scaled by a factor of 5 for example, would cor- 
respond to the boundary layer thickness that one might observe 
on a supersonic transport at Mach 3.0 at 35 ft from a leading 
edge. (The latter estimate is discussed in Appendix A.) A 
scale factor of the order of 5 has been considered in con- 
structing a model for testing. 

Now we propose to depart from considerations of a directly 
scaled model and ask that our test panel be highly damped, 
perhaps much more so than a full scale panel might be on a 
supersonic transport. As shown in Appendix B, we may cor- 
rect for loss of response due to high damping by scaling 
the resulting response in proportion to the reciprocal of 
the ratio of scale-model damping to full-scale damping. The 
purpose of the high damping in the model is to reduce the 
reverberant field in the panel, and thus to facilitate the 
identification of the driven field with its postulated panel 
Mach waves. 

It would be advantageous to try to achieve an attenuation of 
flexural waves in the test panel of the order of 20 dI3 for 
a wave which starts near the center of the panel, travels 
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out to the edge, reflects, and returns back to the center. 
The size of the Douglas l'xl f blowdown tunnel restricts the 
test panel to about 1' in diameter. We thus might seek an 
attenuation of the order of 20 dB/ft. In practice, much 
lower attenuation proved to be satisfactory. 

The scaled frequency range is limited by two considerations. 
The interest in a high modal density imposes a lower limit 
on the frequency range, since it requires that the test panel 
be at least several wavelengths across. On the other hand, 
if we are to detect motion of the test panel by means of an 
accelerometer, the mass loading effect of the accelerometer 
will limit the upper frequency range. These considerations 
have restricted our model investigation to a frequency range 
from about 350 cps to 10,000 cps. On the basis of a scale 
factor of 5, this corresponds to a frequency range on a full- 
scale panel on a supersonic transport of 70 cps to 2000 cps. 

We have briefly discussed our objectives and design criteria 
for the construction of model panels for test. The fabri- 
cation of the test panels proved to be much more difficult 
than anticipated, however. In addition, special problems 
associated with the use of a blowdown wind tunnel arose so 
that the models which were constructed and tested represent 
compromises. The desired high damping was not fully achieved, 
and the response of the panels was considerably complicated 
by the presence of a narrow backing cavity. (Th e narrow 
backing cavity was dictated by problems associated with the 
use of the blowdown wind tunnel.) 

Two panels were constructed for response measurements. These 
consisted of either two .OlO" layers or two .005" layers of 
stainless steel sheet glued together with transfer adhesive 
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(Minnesota Mining and Manufacturing tape No. 465) ,002' 
thick. Thus, the panels used for testing were nominally 
.022" and .012" thick respectively. The .panels were rigidly 
fastened to retaining rings under slight tension to insure 
that they remained flat and would not "oil can" during use 
in the wind tunnel. The purpose of the sandwich construction 
was to provide a well-damped panel for response measurements. 
Some of the details of construction are shown in Fig. 1. 
Photographs of one of the panels and the associated retain- 
ing assembly are shown in Fig. 2. 

The panels were tested in the Douglas llxll blowdown wind 
tunnel whose construction and operation is described else- 
where. u The panel was mounted flush in the side wall of 
the tunnel. One of the panels is shown in Fig. 3 mounted 
in the side wall of the wind tunnel, where the wind tunnel 
side wall has been removed. The panel sandwich construction 
represents one of the compromises necessary to achieve high 
damping. The loss factors and wavelengths at various fre- 
quencies associated with flexural wave propagation in the 
test panelswereseparately investigated by testing sections 
typical of the sandwich construction. The results of these 
investigations are shown in Fig. 4. With the exception of 
the two points shown in the figure at 4 kcps and 8 kcps for 
the .012" thick panel, the loss factor and wavelength as a 
function of frequency for the two panels were determined by 
shaking a small cantilevered piece of the panel material and 
observing the root and tip motion. ZY The exceptions were 
estimated from measurements made directly on the plate. The 
plate was driven at its center and the displacement was 
determined at points spaced radially outward. In this fre- 
quency range the damping was sufficiently high that reflec- 
tions at the edge were negligible. The difference between 
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observed response and that expected for a two-dimensional, 
radially expanding wave was used to estimate the damping. 

The response of a panel to boundary layer or acoustic exci- 
tation was detected by means of two one-gram accelerometers 
attached to the back of the panel, the side opposite to the 
tunnel. The accelerometers were epoxied at positions on the 
panel on a 1" radius on opposite sides of the center of the 
panel. These details are shown in Fig. 1. 

Some special problems associated with the use of a blowdown 
tunnel were considered in the construction of the panel 
response apparatus. These require some explanation. When 
the tunnel starts, a small overpressure proceeds down the 
tunnel, followed by a rapid decrease in static pressure to 
the equilibrium static pressure for the Mach number of the 
test condition. For example, the static pressure at Mach 3.5 
is about 1.5 psi. When the tunnel stops, an overpressure 
proceeds back up the tunnel, and the static pressure then 
rapidly rises to atmospheric pressure. 

The response of the panel during the start and stop phases 
of tunnel operation was quite violent and always resulted 
in breaking the epoxy bond between the accelerometers and 
the panel. Thus, it was necessary to clamp the panel during 
the start and stop phases of operation, This was accomplished 
by pumping the backing cavity on the back side of the panel 
down to a sufficiently low pressure that the static pressure 
in the tunnel would bottom the panel against the backing 
plate. 

During the test phase of tunnel operation, between the start 
and stop phases, the backing cavity pressure was equalized 
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to the tunnel static pressure at the downstream edge of the 
panel, The requirements for rapid pressure equalization and 
panel clamping necessitated the use of a very shallow (.050" 
deep) backing cavity. As will be shown, the presence of the 
narrow backing cavity strongly Influenced the response of 
the panel. 

The response panel and its backing plate were in turn mounted 
on a retaining ring which mated to a circular orifice in the 
side wall of the wind tunnel. The mounting ring-panel assem- 
bly could be rotated on its mounting bolts so that the line 
of centers of the panel accelerometers could be placed at 
various angular orientations in thirty degree increments 
with respect to the direction of flow In the tunnel. Thus, 
the response of the panel along diameters parallel to the 
direction of flow, normal to the direction of flow, and at 
thirty and sixty degrees to the direction of flow could be 
investigated. Care was always taken to mount the panel flush 
with the interior wall of the wind tunnel. 

In addition to investigating the response of the panels, it 
was also necessary to investigate the nature of the driving 
field. In the case of the Douglas l'xl' tunnel this has been 
done previously. LY It was convenient to associate these 
measurements of boundary layer pressure fluctuations with 
the measured response of the plate. It was thus of some 
interest to know that the presence of the panel did not sen- 
sibly perturb the boundary layer pressure fluctuation field. 
To check this possibility, a l/4" Bruel and Kjaer microphone 
was flush-mounted on the downstream side of the mounting ring 
during several runs. The location of the microphone mounting 
hole is shown in Fig, 3. It was determined that the boundary 
layer pressure fluctuations were not sensibly affected by the 
presence of either panel. 
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III. WIND TUNNEL 

A. Data Acaulsition System 

Figure 5 shows a schematic representation of the data 
acquisition system. Bruel and Kjaer sound level meters 
were used as decade amplifiers during recording. The 
acceleration spectra associated with the panel response 
were such that the overall levels observed at the time 
of recording agreed with the overall levels observed in 
playback of the recorded data, Thus, an accurate record 
was kept of the observed overall acceleration levels 
during each wind tunnel run. These recorded levels could 
then be used as a reliable and independent check on the 
system calibration during data playback and reduction. 
This facility proved very useful in ferreting out some 
instrumentation problems that occurred during the early 
part of testing. 

The accelerometers used were Clevite type 2E3 one-gram 
accelerometers. These were chosen to minimize mass loading 
effects. Calculations indicated that the mass loading 
effect in the case of the thinner (.012") panel would 
only become important above 10 kcps. Thus all octave 
bands up to and including the 8 kcps octave band should 
be negligibly affected by mass loading. In mounting 
the accelerometers, care was taken to provide clearance 
around the accelerometers and around portions of their 
leads so that friction between the leads and the backing 
plate could also be neglected. 
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Acceleration data was recorded on two 54 kcps FM tracks 
at 60 ips on an Ampex tape recorder. The nominal upper 
data frequency cutoff was 10 kcps. Octave-band analysis 
of the recorded data might be as much as one decibel 
low in the .8 kcps octave band because of the 10 kcps 
cutoff frequency of the tape recorder. For the data 
considered here this possible error was considered negli- 
gible. 

The phase response of the two tape channels used for 
recording was investigated before testing. A pair of 
record channels was chosen which had no more than five 
degrees inter-channel phase shift. End-to-end system 
calibration was provided by inserting a calibration voltage 
across a spare accelerometer substituted for the accelero- 
meters mounted on the panel and recording the resulting 
signal. In addition, during the testing period when the 
accelerometers were removed from one panel and prior to 
epoxying them to the second panel, the accelerometers were 
calibrated at 100 cps on a General Radio accelerometer 
calibrator and the resulting signals were recorded, thus 
giving a true end-to-end calibration at this frequency. 
The results were found to be consistent. 

Calibration of the l/4" Bruel and Kjaer microphone used 
for pressure fluctuation measurements was provided at 
250 cps by a Bruel and Kjaer pistonpho;? calibrator with 
a special adapter described elsewhere.- The calibration 
tone and boundary layer pressure fluctuation signals 
were recorded sequentially on a direct-record channel 
and reduced on a Bruel and Kjaer octave-band analyzer 
immediately after each test. 
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B. Data Reduction Ssstem 

The data reduction system is shown in Fig. 6. To facilitate 
data reduction, the original acceleration data In FM form 
was dubbed directly on a series of tape loops. The loops 
were then edited to remove portions of the signal recorded 
during the start and stop phase of tunnel operation when 
the plate was clamped. From eight to ten seconds of useful 
data were obtained. For octave-band spectra, the loops 
were played continuously and the output signal reduced 
by means of a Bruel and Kjaer sound level meter and octave 
band analyzer. As a check, one-third-octave-band spectra 
were obtained for a few runs and the results were found 
to be quite adequately described by the octave band analysis. 

Correlation analysis made use of the same loops as described 
above. The analog correlator used for this purpose allowed 
Investigation over the recorded frequency range up to 
ten kcps, and for delay times well in excess of those 
of interest for our purpose. The correlations were plotted 
directly on an x-y plotter. Only broad-band correlation 
was investigated. 

/r J* Procedure Used for ResoOnSe Measurements 

The wind tunnel test procedure was as follows. Prior 
to tunnel start the pressure In the backing cavity was 
pumped down to about 0.5 psi. After tunnel start the 
pressure In the backing cavity was equalized to the tunnel 
static pressure at the downstream edge of the panel. 
About ten seconds of steady state data were recorded. 
Prior to tunnel shutdown the backing cavity pressure 
was again reduced to about 0.5 psi. When the tunnel 
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had been shut down the panel was rotated to a new position 
and the test was repeated. In this way measurements in 
thirty degree Increments with respect to the direction. 
of flow were made. 

When the panel was installed or rotated in the tunnel 
wall, care was taken to maintain the panel surface flush 
with the interior wall surface of the tunnel. The panel 
was carefully shimmed for this purpose. However, some 
irregularities (as may be seen in Fig. 3) in the surface 
of the panel resulted from the method of attachment to 
the mounting ring. It was assumed that, if the measurement 
of boundary layer pressure fluctuations at the downstream 
edge of the panel gave results essentially the same as 
those obtained on a smooth flat plate, then the slight 
irregularities Inherent in the edge structure of the panel 
were not of Importance. As mentioned earlier, pressure 
fluctuation measurements with the panel In place were 
in agreement with earlier rigid flat plate measurements 
for unperturbed flow. 

To be sure that the signals from the accelerometers were 
due to acceleration of the panel and not due to acoustic 
excitation in the small backing cavity, the accelerometers 
were placed unattached to the panel in the backing cavity 
and a wind tunnel test was run. Their response was of 
the order of 20 dB below that observed with the accelero- 
meters attached to the panel, As a matter of fact, frequent 
opportunity was afforded to check this point during the 
early part of testing before the panel clamping scheme 
was developed for keeping the accelerometers attached 
to the panel. 
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The measurements of pressure fluctuations other than those 
mentioned above which are presented in this report were 
obtained during a separate series of tests. These measure- 
ments were obtained on a rigid plate. Based on the obser- 
vation mentioned above that the results for unperturbed 
flow at the edge of the panel are the same as would be 
obtained on a flat plate,the assumption is made that the 
field at the- center of the panel is the same as was measured 
on a rigid plate even for the cases of perturbed flow. 
The separate series of measurements is reported elsewhere 
by Douglas Aircraft Company, 9 and only that part of 
Immediate Interest for our purpose Is repeated here. 

D. Wind-Tunnel Experimental Results 

Various test configurations which were investigated with 
the two panels are summarized In Table I. Unperturbed 

TABLE I 

FLOW CONFIGURATIONS TESTED IN PANEL 
RESPONSE INVESTIGATION 

TEST CONFIGURATION MACH NUMBER 
test panel ? test panel 

thickness .012" t thickness .022' 

Unperturbed flow 3.5, 1.4 3.5, 1.4 

Thickened boundary layer 3.5 

Aft-facing step 3.5 3.5, 1.4 

Mild shock 3.5 3.5 

Expansion 3.5 3.5 
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flow refers to a fully developed turbulent boundary layer. 
The results of pressure fluctuation and vibration measure- 
ments for two panels at Mach numbers 3.5 and 1.4 for unper- 
turbed flow are shown in Figs. 7 and 8, In these and 
in the subsequent figures angular positions of the accelero- 
meters are measured with respect to.the direction of air 
flow, with positive angles being up and negative angles 
being down. 

A thickened boundary layer was produced by introducing 
surface roughness upstream of the panel. The roughness 
consisted of large-scale grit glued to the side wall. 
The resulting boundary layer was increased in thickness 
approximately eighty percent and was apparently fully 
developed. The flow was somewhat perturbed however by 
the presence of a small shock wave which resulted from 
the presence of grit and was reflected back on the upstream 
edge of the panel. The presence of this shock did not 
seem to affect the resulting panel response,however. 
The results of pressure fluctuation and vibration measure- 
ments with a thickened boundary layer are shown in Fig. 9. 
Comparison of this figure with Fig. 7a shows that the 
increase In pressure fluctuation level associated with 
the thicker boundary layer is accompanied by a corresponding 
increase in the vibration levels of the panel. 

An aft-facing step consisting of a 3/4 inch thick insert 
extending from above the nozzle throat along the tunnel 
side wall to the upstream edge of the test panel was 
installed for some tests. Flow reattachment occurred 
within a couple of Inches of the step at both Mach 3.5 
and Mach 1.4, upstream of the point of attachment of 
the accelerometers to the panel. The results of measurements 
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with the step are shown in Figs. 10 and 11. Again comparison 
of these figures with Figs. 7 and 8 shows that a rise 
In pressure fluctuation levels Is associated with a corres- 
ponding rise In vibration levels. 

The mild shock and the expansion were generated by 
a generator installed In the center of the tunnel. 1.3/ 

In the case of the mild shock and the expansion,the 
flow perturbations were centered on the panel. Thus, with 
the line of centers of the accelerometers parallel to the 
flow, the shock impinged on the plate between the accelero- 
meters. When the line of centers of the accelerometers 
was normal to the flow,the shock Impinged directly on 
their points of attachment. The results of these measure- 
ments are shown in Fig. 12 and Fig. 13. It may be noted 
that the panel response was less in the presence of a 
mild expansion than with unperturbed flow. This is in 
agreement with the generally lower boundary layer pressure 
fluctuations in the presence of a mild expansion. 

In addition to'the spectrum analysis of the panel response 
measurements, the cross correlation of the two accelero- 
meters was investigated with a view to discovering the 
possible presence of panel Mach waves. With the panel 
dimensions, Mach numbers and frequency ranges chosen for 
this experiment panel,Mach waves should propagate fn direc,tions 
essentially normal to the direction of air flow across 
the plate. If the two accelerometers were placed so 
that they both saw the same panel Mach wave front at 
the same tlme,they would be correlated with zero time 
delay between them. If they were oriented In any other 
way,they would be much less correlated. Since the direction 
of wave-front propagation should be essentially normal 
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to the direction of flow, the accelerometers should show 
maximum correlation with zero time delay between them when 
their line of centers lay parallel to the air flow direction. 

In Figs. 14 and 15 are shown the results of cross corre- 
lation for the .012" thick panel with unperturbed flow 
at Mach numbers 3.5 and 1.4. In each figure are shown 
four sets of curves based on measurements with the line 
of centers between the accelerometers parallel to the 
direction of flow, and at thirty degrees, at sixty degrees, 
and at ninety degrees to the direction of flow. The angle 
measured upward between the direction of flow and the line 
of centers of the accelerometers is designated in the figure 
as the roll angle. Positive delay in the figures corres- 
ponds to propagation of a disturbance parallel to the air 
flow, parallel and downward across the air flow, or down- 
ward across the air flow. 

In Fig. 16 are shown the results of cross correlation of the 
accelerometer signals measured on the .022' thick panel at 
Mach 1.4, The results for roll angles of zero, thirty and 
sixty degrees are given. Failure of the test plate pre- 
vented a measurement of response at ninety degrees. Instru- 
mentation problems encountered during the early part of 
testing prevented successful cross correlation of the accel- 
erometer signals for the .022" thick panel at Mach 3.5. The 
data which Is shown in Fig. 16 is, however, consistent with 
the prediction of decreasing correlation at zero time delay 
with Increasing roll angle, if we suppose that the acceler- 
ometers were not quite lined up with the panel Mach wave 
fronts for the zero roll angle. This is possible since some 
difficulty was experienced with alignment during the early 
part of testing. 
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The Fourier transform of the cross correlation function 
should give the cross power spectral density function. 
By curve fitting an exponentially damped, cosine curve 
to the correlation function for zero roll angle of Fig. 14, 
the cross power spectral density function was determined. 
It peaked at 1.1 kcps and had a shape in fairly good 
agreement with the spectrum shape indicated by the panel 
acceleration levels of Fig, 7. 

It is tempting to try to infer more from the correlation 
data. For example, one might seek to associate propagation 
times with the displacement of correlation peaks. The 
reader is reminded that propagation of flexural waves 
Is dispersive and this considerabl 
pretation of the cross 5 / 

complicates the inter- 
correlatiorr . For this reason 

no attempt will be made to give further Interpretation 
to the data of Figs. 14, 15, and 16. 
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IV. ACOUSTIC TESTS 

A. Data Acquisition and Reduction SyStem 

The acoustic response of the test panels was investigated 
by immersing the panels in an acoustic field generated within 
a large bell jar. A number of rigid reflectors was Installed 
within the bell jar to help promote a uniform reverberant 
acoustic field. The apparatus is schematically represented 
in Fig. 17. The figure shows that the bell jar could be 
evacuated so that the response of the test panel could be 
investigated at reduced pressures. The panels were exposed 
to octave bands of noise and their response in corresponding 
octave bands was determined. 

B. Procedure Used for Response Measurements 

In the acoustic tests the panel response was investigated 
for two configurations of the panel. In one case, the panel 
mounted on its backing plate (as shown in Fig. 1) was ex- 
posed to the sound field. In this case, one side of the 
panel was exposed to the sound field and the other side 
looked into the narrow backing cavity. The effect of the 
backing cavity at various static pressures was investigated. 
In the second case, the panel without the backing plate was 
mounted within the test chamber and both sides were exposed 
to the sound f%eld. The two configurations were investigated 
several times each with slightly different configurations of 
the apparatus within the bell jar. Data typical of these 
tests are shown for the .012" thick panel without the back- 
ing plate at 7 psia static pressure in Fig. 18. The data of 
Fig. 1.8 are presented to give the reader an idea of the spread 
and levels encountered. The results of these measurements 
are discussed below. 
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v. DISCUSSION OF RESULTS 

A. Comparison of Wind Tunnel and Acoustic Test Results 

The data shown in Figs. 7 through 13 may be used to compute 
pressure fluctuation-to-acceleration transfer functions, 
As an example, transfer functions have been computed for 
the cases of unperturbed flow using the data shown In Figs. 7 
and 8. The results are shown In Figs. 19 through 22. 

A problem is raised by the pressure fluctuation data of 
Fig. 7a which becomes more severe in Fig. 8a. 

r/ 
As reported 

previously two sets of pressure fluctuation levels were 
observed on the Douglas l'xl' wind tunnel sidewall. The 
lower set is in conformity with the generally accepted 
model of how boundary layer turbulent pressure fluctuations 
should behave. The upper set Is anomalous and corresponds 
to perturbed flow. However, the work reported previously 
indicates that the higher levels are quite local and do not 
characterize the whole boundary layer. For this reason in 
computing transfer functions we have used pressure fluctua- 
tion levels which are the mean of the data points in the 
lower set in both Figs. 7a and 8a. 

In Figs. 19, 20, and 21 we have plotted pressure-fluctuatlon- 
to-acceleration transfer functions for the .022" and the 
.012" thick panels based on measured response. In Fig. 22 
we have plotted similar curves, although only the transfer 
function for the wind tunnel test Is based directly on 
measurements. The other two curves in Fig. 22 are estimated 
from the data shown in the first three figures. The pro- 
cedure for making these estimates Is given below. 
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The wind tunnel transfer functions relate acceleration 
level in octave bands to boundary layer pressure fluc- 
tuation level in octave bands. They show the effectiveness 
of the turbulent boundary layer in driving the panel. The 
other two curves in Figs. 19-22 show the acoustic response 
of the panel with the backing plate in place (it is then 
structurally the same as it was when tested in the wind 
tunnel) and with the backing plate removed. In the latter 
case the measured acceleration response has been reduced 
3 dB to account for the fact that in this case both sides 
of the panel were exposed to sound while in the other two 
cases the panel was exposed to a driving field on only one 
side. 

We might give the following interpretation to the results 
shown in these figures. The backing cavity generally has 
negligible effect on the acoustic response of the panel in 
the high-frequency range of 4 and 8 kcps, but it greatly 
unloads the panel in the low-frequency range of 0.5, 1 and 
2 kcps. The turbulent boundary layer pressure fluctuations 
are significantly more effective at high frequencies in 
driving the panel than is acoustic noise. In the low- 
frequency range of 0.5, 1 and 2 kcps for Mach 1.4, the two 
types of driving field are apparently equally effective. 
If there exists some low frequency below which such an 
equivalence might be observed for the Mach 3.5 data, it 
lies below the lowest frequency range of our data, i.e., 
below the 0.5 kcps octave band. 

The procedure used in estimating the acoustic transfer 
functions shown in Fig. 22 is based on two ass;unptions 
which follow from the experimental results. It will be 

20 



shown in the following section that the assumption In 
Step 3 below is in essential agreement with the predlc- 
tions of theory. The assumption In Step 2 below Is also 
in agreement with theory which predicts that the response 
is pressure-insensitive. Since we wish to 'discuss the 
assumption in Step 3 in the following section, we choose 
to present the procedure for estimating the acoustic 
response curves shown in Fig. 22 here. 

The following procedure 
curves shown in Fig. 22 
transfer functions. 

was used in estimating the two 
for the acoustic-to-acceleration 

1. We note by comparing Figs. 19 and 21 that the 
acceleration response for the .022" thick panel 
with the backing plate removed is essentially 
the same at 7 psi and 1.5 psi with the 1.5 psi 

response being generally higher by 1 or 2 dB. 

2. We assume on the basis of Step 1 above that the 
same result would be true for the .012" thick 
panel. In Fig. 22 we have estimated the response 
for the .012" thick panel at 1.5 psi by adding 
1 dB to the response shown in Fig. 20 for the 
same panel at 7 psi. 

3. We note by reference to Fig. 21 that panel response 
to a boundary layer pressure fluctuation field is 
different from panel response to a reverberant 
acoustic field. We assume that the same quanti- 
tative differences would be observed for the .012" 
thick panel as were observed for the .022" thick 
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panel and use the differences shown in Fig. 21 to 
estimate the acoustic response shown in Fig. 22 
from the wind tunnel test result. The assumption 
used here is fairly well corroborated by the data 
shown in Figs. 19 and 20. For example, if the data 
in Fig. 19 were used to estimate the acoustic test 
result shown in Fig. 20, the estimate and the 
experimental result shown in Fig. 20 would be 
in fair agreement. 

B. Comparison of Theory and Experiment 

1. Panel Response to Boundary Layer Pressure Fluctuations. 
For the panels considered in this report, the dominant com- 
ponent of acceleration in the frequency range of interest is 
due to hydrodynamic coincidence. Appendix B (B.18) gives 
for the component of acceleration due to hydrodynamic 
coincidence 

(&-&) = 
2 djj 7fp; cot Qc 

2 3 @$cp ~0s oc) p3(kp sin Gc). (1) 
p h 'L %otal 

In this expression,QHC is the spectrum of the mean square 
acceleration. ph is the root mean square overall pressure 
fluctuation. B and h are the density and thickness of the 
panel, and CA is the speed of propagation of plane longi- 
tudinal waves in the material of the panel. The panel loss 
factor is represented by 'Itotal. kp is the wavenumber asso- 
ciated with flexural waves propagating in the panel, and ac 
is the critical angle for flexural wave propagation. The 
functions @)l and p3 are the wavenumber spectra in the direc- 
tion of air flow and normal to the direction of air flow, 
respectively. 
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The functionpl is given by (B.14) in Appendix B. With 
the understanding that pl is the normalized spectrum of 
the convected pressure fluctuation field, we may use the 
data of Reference 1, Fig. 4&c, to evaluate @" as 

(2) 

This approximation Is shown as the dashed line in Fig. 7a. 
In this expression 7 is the wall shear stress, 6* Is the 
boundary layer displacement thickness, UC is the turbulent 
boundary layer convection velocity and U, is the free 
stream air flow velocity. 

In the evaluation ofpl given by (2), the simplification 
has been made that the pressure fluctuation spectrum is 
flat in the frequency range of interest. As seen by 
examining Fig. 7a, this is not strictly true. However, 
the approximation to the boundary layer pressure fluctua- 
tion level shown in the figure is considered to be good 
enough for our present purpose and In any case may easily 
be corrected by reference to the data shown in Fig. 7. 

Appendix B gives as (B.21) the following expression 

(P3(kp sin Qc) = 26* 
n[l+ 

* 
(26 kp sin @c)2] 

for the wavenumber spectrum normal to the direction of 
flow, The expression defining the critical angle Gc is 
given by (B.lO) of Appendix B as 

(3) 

cos 9, = g 
h 

(4) 
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where Oh is the frequency at which flexural wave propa- 
gation in the plate is equal to the convection velocity UC 
of the turbulent boundary layer. The dimensions and fre- 
quency range of our panel response experiments have been 
chosen so that the critical angle is very nearly ninety 
degrees. If we use this information and (2), (3), and (4), 
we may transform (1) to read 

. 

It is convenient to put (3) in terms of directly measured 
observables and to convert spectrum level based on angular 
frequency to octave band level, Thus (5) becomes 

22 3 f-726*2 . 
a 

c; 
octave band = , ‘)r 

hp+J& + $q21 
hP 

where the flexural wavelength A p is given by 

(7) 

In (6), f, is the octave band center frequency and p, is 
the panel surface density. In this form the equation applies 
equally well to a uniform panel or to a panel of sandwich 
construction such as considered in this report. 

Equation (6) is expected to describe the panel response 
to boundary layer pressure fluctuations without the effect 
of a narrow backing cavity. We propose to correct our 
estimates of panel response by assuming that the effect 
of the backing cavity is the same for acoustic and boundary 
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layer pressure fluctuation excitation at the same static 
pressure. The pertinent data are given in Table II and the 
results of using (6) and correcting for cavity effect are 
summarized in Table III. The predicted responses are shown 
by the lines in Fig. 7. The agreement between the predicted 
and measured response for the two panels is quite encouraging. 

2. Panel Response to Acoustic Excitation. The mean square 
acceleration response of a panel to a reverberant acoustic 
field of mean square pressure spectrum Sa(~) is given in 
Appendix B, (B.6), as 

(8) 

If we use (7) above we may write (8) in terms of readily 
measured quantities as 

QaW = 
21r3c2us (a) 
p2A2 “2; 

sP total 

We may write (9) as a transfer function as follows 
[Acceleration\ 
{level re 1 g] - 

pressure fluctuation 
level re .0002 microbar = m A 

-134 + 10 log 27rr3cza 
p2A2 (u2q sP total 

(9) 

(10) 

The radiation efficiency c may be estimated using Reference 5. 
Following the reference we determine that for the .022" thick 
panel the radiation efficiency for sound incident on one side 
of the panel is 

u = 10-5 \/;of (11) 

25 



TABLE II 

PERTINENT DATA FOR CALCULATION PURPOSES 
(Wind Tunnel Data from Reference 1) 

Surface density of .022" panel PS = .420 gm/cm2 
Surface density of ,012" panel 

% 
= .208 g&cm2 

Flexural wavelength of .022" panel hp = 135 (freq.) -3-/z cm 

Flexural wavelength of .012" panel hp = 99 (freq.) 42 cm 

Mach number 
Displacement thickness 
Free stream velocity 
Wall shear stress 
Speed of sound in tunnel 
Mean turbulent boundary layer 

M = 3.5 
6* = .778 cm 

Y3 = 6.47 x 104 cm/set 
't = 9.12 x lo2 dyne/cm2 

C' = 1.87 x 104 cm/set 

convection velocity uC = 5.25 x 10 4 cm/set 
Coincidence frequency for .022" panel c-h = 3T x 10 5 rad/sec 
Coincidence frequency for .012" panel uh = 6~r x 10 5 rad/sec 

Mach number M = 1.4 
Displacement thickness 6* = .173 cm 
Free stream velocity Yn = 4.03 x 104 cm/set 
Wall shear stress T = 14.6 x lo2 dyne/cm 2 

Speed of sound in tunnel C’ = 2.96 x 10 4 cm/set 
Mean turbulent boundary layer 

convection velocity 
uC 

= 3.22 x 10 4 cm/set 
Coincidence frequency for .022" panel ah = 1.1 7r X 105 rad/sec 
Coincidence frequency for .012" panel LDh = 2.2 -?r x 105 rad/sec 
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TAiXE III 

CALCULATION OF TEST BANEL RESPONSE 
BASED ON EQUATION (6) 

Octave band center 
frequency fc kcps -5 1 2 4 8 

.022" thick panel 
(surface density p,= .420 gm/cm2) 
loss factor q .12 l 077 .038 .023 .Ol 
wavelength in plate Xp(cm) 6.011 4.27 3.00 2.13 1.51 
cavity correction dE 4 5 2 0 0 
calculated response dB re 1 g 
using (6) and adding -3 2 4 6 11 
cavity correction 

i 

012" thick panel 
surface density p,= .206 gill/CIl12) 

loss factor q -12 -05 .oa .07 .06 
wavelength in plate hp(cm) 4.5 3.1 2.2 1.55 1.10 
cavity correction dB 8 12 9 2 0 
calculated response dB re 1 g 
using (6) and adding 6 13 13 8 8 
cavity correction 
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From the data given in Fig. 4 of the text we may determine 
the following empirical expression for the damping constant 
of the .022 ' thick panel. 

‘1 7 = F- (12) 

If we substitute (ll), (12) and the expression for the flex- 
ural wavelength given in Table II.lnto (10) and use the 
value for the surface density for the .022" panel (also 
given In Table II) we obtain , / 

level re 1 g 
I pressure fluctuation 1 

- t,level re .0002 microbar) = -140 + 5 log f 
(13) 

This equation may be compared with the data shown In Fig. 21 
for the acoustic test with backing plate removed. The agree- 
ment with experiment in the 1 and 2 kcps octave bands is 
good, but the theoretical expression has a positive slope 
while the experimental data have a generally negative slope. 
Thus, the theoretical prediction diverges from the experi- 
mental values above and below the 1 and 2 kcps octave bands. 

3. Ratio of Acoustic to Boundary Layer Pressure Fluctuation 
Excitation Efficiency. It is instructive to compare the 
acoustic and boundary layer pressure fluctuation excited 
acceleration response. After having put (5) in terms of 
the flexural wavelength by use of (7), divide (9) by (5) 
to obtain 

Ua(cu) c2asa(w) 4- Wh IruJ 1 + (2 
a-1 = - o o.4T2s*% 

C 

(14) 
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We let the acoustAc spectrum be equal to the pressure fluc- 
tuation spectrum that would be measured in the turbulent 
boundary layer by a-fixed microphone. Thus, 

Pft Q31 
‘at”I) = ‘7 

c 
(15) 

We substitute (2) Into (15) and substitute the resulting 
equation into (14) to obtadn 

ci a(4 c2m 
QHC(Wl 

= - 
4ws u, 

t 1 + (2kp6*)2] (16) 

Substitution of the numerical values given in Table II at 
Mach 3.5 into (16) shows that In the frequency range from 
.5 kcps to 8 kcps the acoustic response is less than the 
hydrodynamic coincidence response by 7 dB at the low fre- 
quency end to 8 dB at the high frequency end for the ,022" 
thick panel, and by 6.5 dB over the whole range for .012". 
In Section V.A, It was assumed that the difference In 
response between boundary layer and acoustic excitation for 
the .012" thick panel would be the same as for the .022" 
thick panel. It may be seen that theory supports this 
assumption, since a difference In response of only one 
decibel is predicted by (16). In addition, the data of 
Fig. 21 are in general agreement with the result noted above. 

According to (ll), the radiation efficiency Is proportional 
to the square root of the frequency, a result which Is true 
for both panels. Reference to (16) shows that the frequency 
dependence of the quantity on the right side of the equation 
goes as a constant plus the reciprocal of the frequency. 
This is true because the panel wavenumber kp Is proportional 
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to the square root of the frequency, At Mach 3.5 the para- 
meters are such that for both panels the frequency range of 
interest is near the asymptotic value of the function. The 
ratio of acousticito-hydrodynamic excitation is nearly 
constant for both panels. However, the situation at Mach 1.4 
is qLtfte different. In this case, the frequency range for 
both panels, is in the region where the function changes 
rapidly, In this range according to (16), we should find 
acoustic excitation much greater than hydrodynamic exci- 
tation at low frequencies, while the opposite will be true 
at high frequencies. These trends are indicated in Figs. 19 
and 20 by the experimental data. 

The agreement noted above between theory and experiment is 
only qualitative, however. A sample calculation using the 
data given In Table II shows that (16) predicts equality 
between acoustic and hydrodynamic excitation at about 200 cps 
for the .022" thick panel, whereas equality is indicated 
experimentally at about 2 kcps. 

4. Dependence of P.anel Response on Thickness. It is of 
interest to know how the result discussed in the next sec- 
tion and shown in Fig, 23 compares with the prediction of 
theory. The responses for the two panels shown in the 
figure have been referenced to the same loss factor so that 
the two panels differ only in thickness. We shall consider 
how a change In panel thickness should affect panel response. 
The result of experiment indicated by the figure is that 
doubling the thickness reduces the panel response by about 
2 dB at the low-frequency end and by about 4 dB at the high- 
frequency end. We shall see what behavior the theory 
predicts. 
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From (6) we obtain the following expression 

a HC12= $22’n;22 Cl + 4aa*/A 221 2 
a 2 

HC22 'p12%412 [l + 4R6*/Ap12]. 2 
(17) 

Here the subscripts 12 and 22 have been added to distinquish 
parameters associated with the .012" thick panel and the 
.022" thick panel. Using the data in Table I and Fig. 4, 
we determine that the ratio defined by (17) ranges between 
eight at very low frequencies and two at very high frequen- 
cies for Mach 3.5. In the particular frequency range of 
interest, from .5 kcps to 8 kcps, the ratio ranges from 4.5 
to 3.5, indicating that the response of the .022" panel 
should be about 6 dB lower than the response of the .012" 
panel. The agreement with experiment is only fair, perhaps 
because the curves shown in Fig. 23 are not directly the 
result of measurement but do contain some problematical 
manipulation. 

c. Estimation of Pane-1 Resnonse for a Supersonic Transport 

In order to estimate panel response to boundary layer turbu- 
lence for a supersonic transport, we assume that the trans- 
port panel response will be little affected In the frequency 
range of high modal density by a large static pressure dif- 
ferential across it, and that one side will be exposed to 
the turbulel?t boundary layer while the other side will look 
into a relatively large cavity. We may use the results shown 
in Figs. 19 through 22 to estimate response at the corres- 
ponding Mach numbers. To make these estimates, we assume 
that the effect of the backing cavity will be the same for 
the turbulence response as it is for the acoustic response. 
Thus, in the figures the wind tunnel test results should be 
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reduced by the difference in decibels between the acoustic 
response with and without backing of the test panel. 

The estimates of panel response shown in Fig. 23 were obtained 
by operating on the data of Figs. 21 and 22 as follows: 

1. The wind tunnel test results were reduced by the 
differences between the acoustic test results 
with and without the backing plate. 

2. The resulting transfer functions were corrected 
for differences in damping between the test panels 
and some real airplane structure. The loss factors 
measured on a real airplane structure and shown 
in Fig. 4 were used as our model for a real struc- 
ture. The mean-square response is inversely pro- 
portional to the loss factor as shown by (6). 

3. The frequency scale was lowered by the assumed 
scale factor of five. 

4. The expected supersonic boundary layer pressure 
fluctuation spectrum was taken to be 100 dE3 re 
.0002 mlcrobar over the frequency range of interest, 
as discussed in Appendix A. 

5. The estimated pressure fluctuation level of Step 4 
and the resulting transfer function of Step 3 were 
used to estimate the expected vibration levels. 
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VI. SUMMARY AND CONCLUSION 

Two test panels were designed and fabricated for the 
purpose of measuring panel response to boundary layer 
pressure fluctuations in the frequency range of high 
modal density. The response of these panels to a turbu- 
lent boundary layer under conditions of unperturbed and 
mildly perturbed flow at Mach 1.4 and Mach 3.5 was measured. 
In addition, the response of test panels to reverberant 
acoustic fields was also measured. 

The following conclusions are drawn from the results of 
the experiment: 

1. Fairly good quantitative agreement has been obtained 
between theoretically predicted and measured panel 
response to turbulent boundary layer pressure fluctu- 
ations for the cases of unperturbed flow. Correlation 
investigation of panel acceleration response yields 
results in qualitative agreement with theory, which 
predicts the existence of surface Mach waves. 

2. To a fair approximation, one may associate a single 
transfer function with a panel which will relate 
acceleration response to turbulent boundary layer 
pressure fluctuations under conditions of unperturbed 
or mildly perturbed flow. 

3. For the purpose of investigating response, the clamped 
panel may offer a better means of investigating the 
boundary layer pressure fluctuation field, especially 
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under conditions of mildly perturbed flow, than does 
a series of microphones, because the panel acts to 
smooth out local flow perturbations and give an 
average response and thus determines an average driving 
field. 

4. At Mach 3.5 boundary layer pressure fluctuations were 
of the order of 6dB more effective in driving the 
,022" thick panel than comparable reverberant acoustic 
fields. This is in agreement with theory, which 
predicts the ratio to be 7 to 8dB. 

5* At Mach 1.4 two regimes were observed. In the low- 
frequency range, a reverberant acoustic field was 
slightly more effective in driving the panels than 
were boundary layer pressure fluctuations. In the 
high-frequency range, the boundary layer pressure 
fluctuations were as much as 7 or 8dB more effective 
in driving the panel than the reverberant acoustic 
field. This observation is in qualitative agreement 
with the predictions of theory. 

6. Theory predicts an increase in response to a reverberant 
acoustic field with increasing frequency. The opposite 
response was observed. However, the predicted and 
measured response curves cross in the mid frequency 
range of this investigation. 

7= Model studies such as considered in this report may 
offer valid means for predicting full-scale response. 

34 



REFERENCES 

1. J. S. Murphy, D. A. Bies, W. V. Speaker, and 
P. A. Franken, 'Wind Tunnel Investigation of Turbulent 
Boundary Layer Noise as Related to Design Criteria for 
High Performance Vehicles, NASA TN D-2247, April 1964. 

2. W. P. Rodden and S. Whittier, J. Acoust. Sot. Am. 2, 
469 (April 1962). 

39 W. V. Speaker and C. 1~1. Ailman, "Spectra and Space-Time 
Correlations of the Fluctuating Pressures at a Wall 
Beneath a Supersonic Turbulent Boundary Layer Perturbed 
by Steps and Shock Waves," Douglas Aircraft Company 
report, (Oct. 1965), (submitted to NASA Oct. 1965). 

4- . E. F. Winter and D. A. Bies, J. Acoust. Sot. Am. 2, 
472 (April 1962). 

59 G. Maidanik, J. Acoust. Sot. Am. 3, 809 (June 1962), 
Fig. 5. 

35 





APPENDIX A 

ESTIMATION OF BOUNDARY LAYER THICKNESS AND BOUNDARY LAYER 
PRESSURE FLUCTUATIONS TO BE ENCOUNTERED 

BY A SUPERSONIC TRANSPORT 

We assume that the supersonic transport under consideration 
flies at an altitude of 70,000 ft,in a standard atmosphere. 
We confine our attention to a flat panel in a region of 
unperturbed flow approximately 35 ft from a leading edge. 
We obtain the following table of values from our assumptions 
and ARDC standard atmosphere tables. A,1/ 

kinematic coefficient of viscosity 2 12x10-3ft2/sec . 

velocity of sound, c 968 ft/sec 

length from leading edge, 4 35 ft 

Mach number, M 3 

air density, pa 1.40x10 -4 slugs/ft3 

Reynolds number R 4.80~10~ 

A 2/ !?le use the well-known fifth power law-t- to calculate 
the boundary layer thickness 6 

$ = 0.37(R)-1'5 

and obtain 6 = 4.5". At Mach 3 the ratio of the displace- 
ment thickness to the boundary layer thickness is-approxi- 
mately 0.37. L9 We use this value to obtain an estimate * 
of the displacement thickness 6 = 1.6”. This value is 
approximately a factor of five larger than the displacement 
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thickness observed in the Douglas 1' x 1' tunnel at Mach 3.5 
(see Table II of the text). 

The generally accepted subsonic value for the ratio of 
overall mean square pressure fluctuations in a turbulent 
boundary layer to the free stream dynamic pressure is &4,A,5/ 

J-- G c4 = 6x10’~ (A.1) 

The associated spectrum may be considered to be flat up 
to a frequency given by 

after which the spectrum rolls off at a rate of the order 
of or greater than 20 dB per decade. Use of the estimates 
for displacement thickness, Mach number and velocity of 
sound given above and (A.2) leads to a value of 3.3 kcps 
for the roll off frequency. 

This value and the assumption of a flat spectrum below 
3.3 kcps allows us to estimate the expected boundary 
layer pressure fluctuation spectrum level. Using the 
values given above, we obtain for the free stream dynamic 
pressure q = 2.81~10~ dyne/cm2. Use of (A.l) then gives 
138 dB re .0002 microbar as the overall pressure fluctuation 
level. Using our assumption of a flat spectrum below 
3.3 kcps that rolls off quite abruptly above 3.3 kcps, 
we may compute the value of the constant spectrum level. 
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We take the spectrum bandwidth as 3.3 kcps and determine 
the spectrum level to be approximately 103 dB re .0002 
microbar. 

There is some evident ,A.5/ which Indicates that the constant 
in (A.l) may diminish and the constant In (A.2) may increase 
as the Mach number increases supersonically. The reference 
cited indicates that the constants may be of the order 
of 2x10 -3 and 3, respectively, at'Mach 3.0. If these 
values are used, the spectrum roll off frequency becomes 
9.9 kcps and the overall sound pressure level becomes 
128 dB. The corresponding spectrum level in this case 
is approximately 88 dB re .0002 microbar. 

The difference between the two estimates of spectrum 
level is 15 dB. As a compromise we shall calculate panel 
response as shown In Fig. 23 of the text using a spectrum 
level of 100 dB re .0002 microbar. When the matter of 
spectrum level has been resolved, the data in Fig. 23 
may be suitably corrected. 
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APPENDIX B 

THEORETICAL CONSIDERATIONS 

Various reports and papers have presented calculations of 
the response of a thin elastic plate to sound fields and 
to convected, decaying pressure fields representative of 
the induced wall pressure of boundary layer turbulence. 
This appendix summarizes those results that are most per- 
tinent to the interpretation of the panel response experi- 
ments. 

The first part of this appendix summarizes the results 
relating to panel response to an acoustic field, and the 
second part summarizes the results relating to panel 
response to a turbulent boundary layer. In each of these 
two parts, we present the results first for free (resonant) 
response and then for forced (nonresonant) response. We 
also include some results related to the reradiation of 
sound by the vibrating panel. Although these results are 
not directly applicable to the panel response experiments 
performed on this program, they are illustrative of the 
general approach involved in considering sound reradiation 
to internal spaces. 

A. Acoustic Response 

Consider a statistically homogeneous sound field, with a 
pressure spectrum Sa(w) measured at some position removed 
from walls or scatterers. (On a rigid wall large compared 
to a sound wavelength, "pressure doubling" of nongrazing 
waves will occur when the field Is isotropic, and this effect 
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produces a spectral density 2S,('u) on the wall.) On a 
thin flexible panel Immersed In this sound field, the 
mechanical power Input spectral denslty.IIa to the panel 
is given by g&/ 

II, = 2Tf2C2 

w2ph 
Q ns Sa(@ (D> (B.1) 

where c Is the speed of sound In the fluid, CD Is the cir- 
cular frequency, p is the density of the panel, h Is the 
total thickness of the panel, ns is the modal density of 
the panel, u 1s the radiation effeclency of the panel, and 
CD> Is an average directivlty factor. We will assume that 
the sound field Is Isotropic, and CD> Is therefore unity. 
For a flat plate, %2/ the modal density 

n A 
S =-j (B.2) 

where A Is the area of the panel, k is the radius of 
gyration of the panel cross-section, and ca is the longl- 
tudinal wave speed of the panel material. For a homogeneous 
panel, the radius of gyration 

K= h 
ci 

(B.3) 

The radiation effeciency CT of supported panels has been 
calculated by Maldanik B. 3/ - when one side of the panel Is 
exposed to the sound field. When both sides of the panel 
are exposed to the sound field, his values of radiation 
effeciency should be doubled. The expression for u 
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appropriate for the wind tunnel test panel exposed on one 
side to sound Is presented in Reference B.3 In terms of 
the panel dimensions and cot, the acoustic critical fre- 
quency, the frequency at which the speed of sound in the 
surrounding fluid is equal to the speed of sound on the 
panel. 

The resonant velocity response spectrum rv(cu) is found 
from the resonant 
pated power equal 

input power by requiring that the dissi- 
that absorbed from the sound field, or 

where qtot is the total panel damping. Combining (B.l), 
(Be'& (B.31, and B.4) with the expression for accelera- 

'vat4 = I1a 
cuphArltotal 

(B.4) 

tion spectruma (0) 

Q (4 = (u2q@) (B.5) 

we obtain 
-- 

a,(w) = 2G; c2 
cDP h '.4 %otal 

‘3 saw 
-- _1 

The nonresonant (forced) "mass law" acceleration spectrum 
of a panel above its first mode is given by (one side exposed) 

(B.7) 
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B. Turbulence Response 

Several models of the turbulent boundary layer pressure 
field have been proposed. We use the convected and 
decaying correlation pattern proposed by Ffowcs Williams 

B 4/ and Lyon.-?- The pressure correlation has the form B.5/ 

with a Fourier-transformed power spectrum 

(P (%‘> = px(z, (@a - klUc) 

w3) 

(B.9) 

where UC is the convection speed, and kl and k3 are the 
wavenumber components conjugate to the spatial separation 
variables Al and h3. The direction of convection is Al. 

The frequency mUh = UC'/ kc, Is called the hydrodynamic 
critical frequency. For high-speed aircraft, the frequency‘ 
range below the hydrodynamic critical fI?eqUenCy (CD ( ah) iS 

generally of primary interest. In this frequency range, the 
most strongly excited modes are the "hydrodynamically- 
coincident" (HC) modes. These modes propagate at an angle 
6, to the direction of propagation, where 

(B.10) 

The mechanical power Input spectral density for HC modes 
is given by B.51 

44 



IIHC = 87rp; G,A 
cot ac 

w (Pl(kp ~0s +c) p3(kp sin '#$I (B.11) 

where we have assumed that the wavenumber spectrum Is 
separable Into downstream ( PI) and cross-stream (p3) 
factors, ph is the overall rms turbulent boundary layer 
pressure. Go0 is the infinite plate input conductance, 
given by 

(B.12) 

kp is the wavenumber for free bending waves on the plate, 
given by 

kp = 
J 03.13) 

The downstream wavenumber spectrum @,, may be evaluated in 
terms of the measured fixed-point pressure spectrum PM 

&kp cos oc) = ~&+, = uc @,t@) 
C 

(B.14) 

This relationship Is based on the hypothesis that the 
measured spectrum results essentially from the convection 
in the x1- direction of the eddy pattern over the fixed 
microphone. 

For ol)<wh, there is power Input to "hydrodynamically-fast" 
(J='), "hydrodynamically-slow" (HS), and HC modes. A measure 
of the power input to the W and HS modes Is given by 
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IIHF = p; G,At(kp6*) @a) A 03.15) 

where At is an effective "correlation area," defined as an 
B 4/ average of the wavenumber spectrum.& A simple form 

that Is frequently assumed for the spectrum function 6; 
IS 

QUJ) 2e l =- 
7r 1 + uJ2e2 

(B.16) 

where 6 is the mean eddy lifetime, related to the convection 
speed UC and displacement boundary layer thickness B* by the 
experimentally determined expression 

* 
8 c3 25 6 

uC 
03.17) 

For CI) "u‘~, only HF modes can be excited, and (B. 15) can be 
used directly to give the resonant response. 

The various expressions for input power spectra may be 
converted to acceleration spectra by the use of (B.4) and 
(B.5). Thus, for HC modes, 

QHC(“) = 2 y” 7T 
' h 'J'total 

P: cot Qc pl(kp cos Qc) G3(kp sin Oc) 

(~.18) 

and, for HF modes, 

(zHF@) = 27 UJ 

4P h 'a'ltotal 
P; At'kps*) $$“') (B.19) 
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In addition to the HS, HC, and HF modes of resonant response, 
there is also a nonresonant (forced) response to, turbulent 
boundary layer pressure fluctuations. A major part of this 
nonresonant response arises from excitation by wavenumbers 
smaller than k P' the wavenumber for free bending waves on 
the plate. The response In this region depends only on 
the surface. density of the structure and is referred to as 
"mass-controlled," This response Is somewhat analogous to 
the "mass-law" response of a panel to acoustic excitation. 
For o (ah, Lyon B.6/ has shown that the nonresonant 
acceleration spectrum Is given by 

'i7,(kp cos ac) arctan (2kp6* sin @,), cu < Oh 
C (B.20) 

B.4/ where the spectrum suggested by Hodgson's correlation data -- 
has been used to evaluate the cross-stream wavenumber spec- 
trum 

'p3(k3) = 26* 
I'r[l + (2k36*)2] 

(B.21) 

The ratio of forced to free response for w ( mh is then 
found by comparing (B.20) with (B.18). 

An additional complication enters if we are interested in 
reradiated sound rather than structural response, since wave- 
numbers less than the acoustic wavenumber k, radiate sound I 
considerably better than wavenumbers greater than k,. The 
acceleration spectrum corresponding to the good-radiation 
range is obtained from (B.20), with kp replaced by ko. 
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: Q(U) = ,z12u <il(ko cos oc) arctan(2 koG* sin @,), 
' c 

o,< WI (B.22) 

The ratio of forced to free radiation for w < ah is found 
by comparing a velocity spectrum based on (A.21) (with PC 
loading) with one based on (B.l8)(with a radiation loss 
factor q,,d). 

For w > ah, Lyon J3& has shown that the nonresonant accel- 
eration spectrum Is given by 

L?&JJ) = * A& @$") 
c2h2 (B.23) 

where It has been assumed that the wavenumber spectrum Is 
constant at low numbers, in agreement with considerable 
experimental data. The ratio of nonresonant to resonant 
response for cD > oh Is then found by comparing (B.23) with 

(B.19). 
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APPENDIX C 

LIST OF SYMBOLS 

A area of panel 

At effective correlation area 

Qw acceleration spectrum 

aa(c0) spectrum of the mean square acceleration 
due to acoustic excitation 

spectrum of the mean square acceleration 
due to hydrodynamic coincident mode excitation 

~J-#d spectrum of the mean square acceleration 
due to hydrodynamically fast mode excitation 

a octave band mean square octave band acceleratfon 

C speed of sound in air at normal temperatures 

C’ speed of sound in tunnel at reduced temperatures 

9 
<D> 

speed of longitudinal waves in material of panel 

average directivity index 

f frequency 

fC 

Gc%l 

octave band center frequency 

infinite plate input conductance 

h thickness of a uniform panel 

-ii+ vector wavenumber describing the turbulent 
boundary layer 

kP wavenumber associated with flexural wave 
propagation 

kl' k3 wavenumber component parallel to flow and 
normal to flow 
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acoustic wavenumber 
kO 

a 

M Mach number 

nS 

ph 

P X 

q 

R 

t time delay 

uC 

UC0 
/-I)’ 
v a 

6 

6* 

rl 

length from leading edge 

modal density of the panel 

root mean square overall pressure fluctuation 

pressure correlation function 

wavenumber spectrum in direction of flow, and 
normal to flow and parallel to wall respectively 

fixed-point pressure spectrum 

temporal part of the pressure correlation 
function 

spatial part of the pressure correlation 
function 

free stream dynamic pressure 

Reynolds number based on length 

acoustic pressure spectrum 

mean convection velocity of turbulent 
boundary layer 

free stream air flow velocity 

mean square velocity spectrum 

mean square velocity spectrum response to 
acoustic excitation 

boundary layer thickness 

boundary layer displacement thickness 

loss factor (defined as complex part of 
Young's modulus) 
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%otal 

0 

h P 

II, 

"HC 

IIHI? 

total loss factor including radiation loss 
as well as losses in medium 

mean eddy lifetime 

radius of gyration of a panel of uniform 
material 

directed flexural wavelength in panel (vector) 

components of flexural wavelength parallel 
to flow, normal to flow 

flexural wavelength in panel 

mechanical power input spectral density 
function for acoustic excitation 

mechanical power input spectral density 
function for hydrodynamically coincident 
modes 

mechanical power input spectral density 
function for hydrodynamically fast modes 

density of uniform panel material 

density of air 

surface density of panel 

radiation efficiency 

wall shear stress (skin friction) 

critical angle of panel Mach wave propagation 

angular frequency 

angular frequency at which flexural wave 
velocity equals mean turbulent boundary 
layer convection velocity 
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MILLED SLOT 

VIEW FROM OUTSIDE TUNNEL 
(accelerometer cover plate removed) 

12” DIA 

(1 GRAM 
ACCELEROMETER) 
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A-A 
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,005” OR .OlO” 
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3M NO. 465 

DETAIL 

PANEL 

FIGURE i. MODEL FOR TESTING PANEL RESPONSE 
Tc> BOUNDARY LAYER PRESSURE FLUCTUATIONS 
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Front View Showing Test Panel, 
Backing Plate and Retaining Ring 

Back View Showing Test Panel with 
Accelerometers Attached, Backing Plate, 

Cover Plate, and Retaining Ring 

FIGURE 2. TEST PANEL ASSEMBLY 
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FIGURE 3. TEST PANEL INSTALLED IN WIND TUNNEL SIDE WALL 
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FIGURE 4. LOSS FACTOR 77 AND FLEXURAL WAVELENGTH 
AS A FUNCTION OF FREQUENCY FOR TWO TEST PANELS 
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FIGURE 5. WIND TUNNEL TEST DATA ACQUISITION SYSTEMS 
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SEE NOTE 1 

MH 3172 
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MH 5203 
c DISCRIM- 

I NATOR 
I 
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OUTPUT 54 kc+ 40% 
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INATOR ** 
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H-P1 308 
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TIME DELAY 
* DRUM SYSTEM 

MULTIPLIER 

- BBN 600A-W 1 
* PHILBRICK 
* K5M 

COMMUTATI NG INTEGRATOR/ 
D SMOOTHER 

BB N #302D-Wl 

SWITCH UP FOR SPECTRUM ANALYSIS 

SWITCH DOWN FOR CORRELATION ANALYSIS 

NOTE 1: RE-RECORD OUTPUT IS NOT DISCRIMINATED BUT 
IS MERELY AMPLIFIED 

FIGURE 6. WIND TUNNEL TEST DATA REDUCTION SYSTEMS 
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TEXT, SECTION Y 
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PRESENT TESTS z 

A 

----- ESTIMATE USED 
IN CALCULATI NG 
RESPONSE, SEE 
TEXT, SECTION P 

FIGURE 7a PANEL ACCELERATION LEVELS AND BOUNDARY 
LAYER PRESSURE FLUCTUATION LEVELS 

.012” Thick Panel. Mach 3.5. Unoerturbed Flow 
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FIGURE 7b PANEL ACCELERATION LEVE LS 
.022” Thick Panel, Mach 3.5, Unperturbed Flow 
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RESPONSE, SEE 
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(Boundary Layer Pressure Fluctuation Levels Shown in Part a of Figure) 
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FIGURE 8a PANEL ACCELERATION LEVELS AND BOUNDARY 
LAYER PRESSURE FLUCTUATION LEVELS 

.012” Thick Panel, Mach 1 .4, Unperturbed Flow 
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FIGURE 8b PANEL ACCELERATION LEVELS 
.022” Thick Panel, Mach 1 .4, Unperturbed Flow 

(Boundary Layer Pressure Fluctuation Levels Shown in Part a of Figure) 
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FIGURE 9. PANEL ACCELERATION LEVELS AND BOUNDARY 
LAYER PRESSURE FLUCTUATION LEVELS 

.012” Thick Panel, Mach 3.5, Thickened Boundary Layer 
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FIGURE 10~ PANEL ACCELERATION LEVELS AND BOUNDARY 
LAYER PRESSURE FLUCTUATION LEVELS 

,012” Thick Panel, Mach 3.‘5, Aft Facing 3/4” Step 
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FIGURE lob PANEL ACCELERATION LEVELS 
.022” Thick Panel, Mach 3.5, Aft Facing 3/4” Step 

(Boundary Layer Pressure Fluctuation Levels Shown in Part a of Figure) 
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FIGURE 12a PANEL ACCELERATION LEVELS AND BOUNDARY 
LAYER PRESSURE FLUCTUATION LEVELS 

.012” Thick Panel, Mach 3.5, Mild Shock 
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FIGURE 13a PANEL ACCELERATION LEVELS AND BOUNDARY 
LAYER PRESSURE FLUCTUATION LEVELS 

.012” Thick Panel, Mach 3.5, Mi I d Expansion 
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FIGURE 13b PANEL ACCELERATION LEVELS 
. 022” Thick Panel, Mach 3.5, Mild Expansion 

(Boundary Layer Pressure Fluctuation Levels Shown in Part a of Figure) 
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FIGURE 14. PANEL ACCELERATION CROSS CORRELATION 
.012” Thick Panel, Mach 3.5, Unperturbed Flow 

(For roll angles less than 90°, positive delay corresponds to 
disturbance propagation with a component in the direction of flow) 
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FIGURE 15, PANEL ACCELERATION CROSS CORRELATION 
.012” Thick Panel, Mach 1.4, Unperturbed Flow 

(For roll angles less than 90°, positive delay corresponds to 
disturbance propagation with a component in the direction of flow) 
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FIGURE 16. PANEL ACCELERATION CROSS CORRELATION 
.022” Thick Panel, Mach 1,.4, Unperturbed Flow 

(Positive delay corresponds to disturbance propagation 
with a component in the directIon of flow) 
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FIGURE 17. TEST APPARATUS FOR DETERMINING RESPONSE 
OF TEST PANEL TO REVERBERANT ACOUSTIC 

FIELD AT VARIOUS STATIC PRESSURE 
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octave band center frequency kcps 

FIGURE 18. TYPICAL ACOUSTIC TEST DATA SHOWING PANEL 
ACCELERATION LEVELS AND SOUND PRESSURE LEVELS 

.012” Thick Panel with Backing Plate Removed, Static Pressure 7 psia 
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FIGURE 19. PRESSURE-FLUCTUATION-TO-ACCELERATION TRANSFER 
FUNCTION FOR WIND TUNNEL AND ACOUSTIC TESTS 

,022” Thick Panel, Static Pressure 7 psia 
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FIGURE 20. PRESSURE-FLUCTUATION-TO-ACCELERATION TRANSFER 
FUNCTIONS FOR WIND TUNNEL AND ACOUSTIC TESTS 

.012” Thick Panel, Static Pressure 7 psia 
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FIGURE 21. PRESSURE-FLUCTUATION-TO-ACCELERATION TRANSFER 
FUNCTIONS FOR WIND TUNNEL AND ACOUSTIC TESTS 

.022” Thick Panel, Static Pressure 1.5 pria 
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FIGURE 22. PRESSURE-FLUCTUATION-TO-ACCELERATION TRANSFER 
FUNCTIONS FOR WIND TUNNEL AND ACOUSTIC TESTS 

.012” Thick Panel, Static Pressure 1 .5 psi 
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FIGURE 23. EXPECTED RESPONSE OF TWO PANELS 
AT MACH 3.5 AT 70,000 FT ALTITUDE 

Based on Model Tests Scaled By a Factor of Five and Corrected 
for Damping With an Assumed Flat Pressure Fluctuation 

Spectrum Level of 100 dB re 0.0002 Mlcrobar 
(See Appendix A and Test) 

NASA-Langley, 1966 CR-501 ai 


