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ABSTRACT 

The spacecraf t  conceptual configuration developed during the Horizon 
Definition Study is a spin-stabilized, hexagonal cylinder configured for 
launch on a two-stage Improved Delta (DSV-3N). 
uti l izes extended so la r  panels fo r  pr imary  power and incorporates passive 
radiat ion cooling of the spacecraf t  body. 
are  provided for the experimental  package and the supporting subsystem 
components. 

This  configuration 

Separate thermal  environments 
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FOREWORD 

This r e p o r t  documents Phase  A, Part I1 of An Analytical and Conceptual De- 
sign Study for  an Ea r th  Coverage Infrared Horizon Definition Study performed 
under National Aeronautics and Space Administration Contract NAS 1-6010 f o r  
Langley Research  Center. 

The Horizon Definition Study w a s  performed in two par ts .  Part I, which w a s  
previously documented, provided f o r  delineation of the experimental  data r e -  
quired to define the inf ra red  horizon on a global bas i s  for  all temporal  and 
spatial  per iods.  Once defined, the capabilities of a number of flight techniques 
to  collect the experimental  data were  evaluated. The Part I1 portion of the 
study provides a measurement  program p l a n  which sat isf ies  the data require-  
ments  ostablished in the Part I study. Design requirements  and the concep- 
tual design f o r  feasibility of the flight payload and associated subsystems to 
implement  the required data collection task a r e  established and documented 
within this study effort. 

Honeywell Inc. ,Systems and Research Division ,per formed this study program 
under the technical direction of Mr. L. G. Larson. The program was con- 
ducted f rom 28 March 1966 to  10  October 1966 (Part I) and f rom 10 October 
1966 to  29 May 1967 (Part 11). 

Gratitude is extended to NASA Langley Research Center  for their  technical 
guidance, under the program technical direction of Mess r s .  L .  S. Keafer and 
J .  A Dodgen with directed assis tance from Mess r s .  W. C.  Dixon, J r . ,  
E .  C .  Foudriat ,  H. J .  Curfman, 
the many people within their  organization. 

J r . ,  and T .  F.  Bonner, J r . ,  as well a s  
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CONCEPTUAL MECHANIZATION STUDIES FOR A HORIZON DEFINITION 
SPACECdAFT STRUCTURES AND THERMAL SUBSYSTEM 

By Ivan W. R u s s e l l  
David C. Peterson 
Richard M. Jansson  
Clarence A .  Jensen  

SUMMARY 

This  document descr ibes  a spacecraf t  s t ructural  and integrated system con- 
cept configured within the basic system requirements  of the Horizon Defini- 
tion Study. The proposed configuration demonstrates total system feasibility 
and compatibility with the selected launch vehicle (Improved Delta, DSV-3N), 

The basic  system requirements  along with the physical and functional inter-  
f ace  requi rements  of the required subsystems were used in establishing an 
init ial  baseline configuration fo r  study. The required subsystems were 
identified as: 

0 Experiment package 
0 Attitude control subsystem 
0 Data handling subsystem 
0 Communications subsystem 

0 Elec t r ica l  power subsystem 
0 Structural  and thermal  control subsystem 

The baseline spacecraf t  concept was a hexagonal cylinder utilizing orbi ta l  
spin stabilization, with the spin axis normal to the orbi t  plane, to provide 
passive experiment  scanning capability. Throughout the study, the development 
var ia t ions made to each subsystem were integrated into the total spacecraf t  
system, the i r  effects analyzed, and tradeoffs conducted to verify spacecraf t  
balance and thermal  control feasibility while maintaining volume and dimensional 
compatibility. 

The  spacecraf t  concept recommended in this  study is a spin-stabil izer hexag- 

the hexagon. 
approximately a 10 p e r  cent rriargin for growth within the capability of the 
Improved Delta ( two stage-direct  injection) vehicle. It is compatible with sub- 
sys t em requi rements  and constraints and maintains the required balance rat ios  
for the proposed spin-stabilized concept. Separate thermal  environments a r e  
provided; a -100°F (200°K) compartment fo r  the experiment package and an 
approximately 75°F (279°K) section for the supporting subsystem components. 
Tliis recommerided concept demonstrates that  a very  simple,  highly reliable, 
s ta te-of- the-ar t  spacecraf t  can fulfill the mission performance requirements  
as defined in the Horizon Definition Study. 

I onal cylinder configuration, 49 inches deep and 54 inches a c r o s s  the co rne r  of 
It has an estimated launch weight of 723 pounds, allowing 



INTRODUCTION 

The s t ructural  and thermal  control subsystem and the  sys tem integration 
studies documented herein a r e  a portion of the Horizon Definition Study (HDS) 
conducted for  NASA Langley Research Center,  Contract NAS 1-601 0, P a r t  
11. The Purpose of the Horizon Definition study is to develop a complete 
horizon radiance profile measurement program to provide data which can be 
used to determine the earth 's  atmospheric state,  especially at high altitudes. 
These data can then be effectively used in  many atmospheric sciences studies 
and in the design of instruments and measurement  sys tems which use  the 
ear th 's  horizon a s  a reference.  

P a r t  I of the HDS resul ted in the following significant contributions to the 
definition of the ea r th ' s  radiance in the infrared spectrum: 

0 The accumulation of a significant body of meteorological data 
covering a major  portion of the Northern Hemisphere.  

0 Computation of a large body of synthesized horizon radiance 
profiles f rom actual temperature  prof i les  obtained by rocket 
soundings. 

Generation of a very accurate analytical model and computer 
program for  converting the temperature  profiles to infrared 
horizon profiles (as  a function of altitude). 

An  initial definition of the quantity, quality, and sampling 
methodology required to define the e a r t h ' s  infrared horizon 
in the C 0 2  absorption band for  all  temporal  and spatial  conditions. 

An evaluation of the cost and mission success  probabilities of a 
s e r i e s  of flight techniques which could be used to gather the 
radiance data. A rolling-wheel spacecraf t  was selected in a 
nominal 500 km polar orbit. 

The P a r t  I1 study effort was directed toward the development of a conceptually 
feasible measurement system, which includes a spacecraf t  to accomplish the 
measurement program developed in P a r t  I. In the P a r t  I1 HDS, a number of 
scientific and engineering disciplines were exerc ised  simultaneously to  de- 
sign conceptually the required system. 
a r e  listed below: 

Accomplishments of P a r t  I1 of the study 

0 The scientific experimenter  refined the sampling methodology used 
by the measurement system. This  portion of the study recommends 
the accumulation of approximately 380 000 radiance prof i les  taken 
with a sampling rate  that var ies  and with the spacecraf t ' s  latitudinal 
position. 

2 
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A conceptual design was  defined for a radiometer  capable of 
resolving the ear th 's  radiance in the 15 micron spec t rum 

to 0 .01  wa t t /me te r  -s teradian with an upper level of response 
of 7 . 0  wat t /meter  -steradian. 

2 

2 

A s ta rmapper  and attitude determination technique were 
defined capable of determining the pointing direction of the 
spacecraf t  rad iometer  to an accuracy of 0. 25 km in tangent 
height a t  the ear th ' s  horizon. 
m e t e r  and s t a rmapper  is defined as the mission experiment 
package. 

The combination of the radio- 

A s o l a r  cell-battery electr ical  power subsystem conceptual 
design was defined which is completely compatible with the 
orbi ta l  and experiment constraints. This  sys t em is capable 
of delivering 70 watts of continuous electr ical  power f o r  one 
yea r  in the sun-synchronous, 3 o'clock nodal crossing, 500 
km orbi t .  

A data handling subsystem conceptual design was defined 
which is capable of processing in digital form all  scientific 
and status data f rom the spacecraf t .  
completely solid s ta te  and is designed to s to re  the 151 455 
bits of digital information obtained in one orbit  of the earth.  
This  subsystem also includes command verification and 
execute logic. 

A communications subsystem conceptual design w a s  defined 
to interface between the data handling sys t em of the space-  
craf t  and the STADAN. 
p r i m a r y  data transmission, and the S band is used f o r  the 
range and range-rate  transponder.  

A spacecraf t  s t ruc tu ra l  concept was evolved to contain, align 
and protect  the spaceborne subsystems within their  prescr ibed 
environmental  constraints.  The spacecraft  is compatible with 
the Thor-Del ta  launch vehicle. 

This  subsystem is 

The 136 MHz band is used for 

An open-loop, ground-commanded attitude control subsystem 
conceptual design w a s  defined utilizing pr imar i ly  magnetic 
torquing which interacts with the earth's field a s  the force 
f o r  cor rec t ing  attitude and spin rates .  

The  Thor-Delta booster, which provides low cost and 
adequate capability, w a s  selected from the 1972 NASA "stable". 

Wes te rn  T e s t  Range was selected a s  the launch s i te  due to 
po la r  orbi t  requirements .  
except for  minor  modifications, and is ccjmpatible with the 
po la r  orbi ta l  requirements .  

This  site has adequate facilities, 

3 



This  report  contains documentation of those a reas  of study directly re la ted 
to the conceptual configuration of a spacecraf t  within the constrains of the 
HDS system requirements .  
design requirements and conceptually configure a spacecraf t  s t ruc tu ra l  sub- 
sys t em within an integrated total sys tem which would incorporate the dynamic 
balance and  environmental control requirements  necessary  to achieve the 
radiance profile measurement and position determination accurac ies  of the 
proposed experiment. 
package and i t s  supporting subsys tems with sufficient volume, protection f r o m  
the anticipated environments, and the desired thermal  enviromental  control 
while s t i l l  meeting the sys tem operating requirements  is herein descr ibed.  

The objective of the study w a s  to determine the 

An integrated framework which provides the experiment 

4 



STUDY REQUIREMENTS AND OBJECTIVES 

Basic  sys t em requi rements  a r e  those defined by the original statement of work, 
Phase  A P a r t  I resul ts ,  and NASA instructions. 

The following l i s t  i t emizes  the p r imary  and secondary requirements  of the 
Horizon Definition Study. 

BASIC REQUIREMENTS 

Radiance Profile Measurements 

0 Spect ra l  interval:  615 to  715 cm" (14.0 to 1 6 . 2 8 ~ )  

Profi le  accuracy  
b Tangent height range: +80 km to  -30 km 
b 

b Radiance charac te r i s t ics  and resolution: 
2 Maximum peak radiance = ?. 0 W/m 
2 Minimum peak radiance = 3 .  0 W/m 

Maximum slope = 0. 6 W/m2 - sr - km. 
Minimum slope = 0. 02 W/m 
Maximum slope change = 0. 15 W/m 
Radiance magnitude resolution = 0. 01 W/m 

Instantaneous value of radiance measured must be 
assignable to a tangent height value to within fO. 25 km. 

- sr. 
- s r .  

2 - sr - km. 
2 2 - sr - km . 

2 - sr. 

b Horizontal  resolution: 25 km 

0 Data requi rements  - Data requirements  for  the Horizon 
Definition Study (HDS) experiment,  a s  refined during the 
study a r e  as follows: 

Minimum requi rements .  - - 
F One-year  continuous coverage 

b "Uniform" t ime sampling in each space cell over  each 
t ime  cell, i. e . ,  no more  than two samples / space  cell/day. 

Thi r teen  t ime cells (28 days / cell) F 

5 



408 space cel ls  
Latitude (60"s to 60"N) 320 
Latitude (60"N to 90"N) 44 
Latitude (60"s to 90"s) 44 

Samples p e r  cell  
Latitude (0" to 60") 16 

Latitude (60" to 90") 38 

Total samples  (one year )  110 032 

Recommended requirements .  - -  

One -year  continuous coverage 
Maximum of 10" latitude separat ion between successive 
sample s 
13 t ime cel ls  (28 days/cel l )  
588 space cel ls :  

Latitude (30"s to 30"N) 128 
Latitude (30"N to  60"N) 134 
Latitude (60"N to  82. 6"N) 96 
Latitude (30"s to 60"s) 134 
Latitude (60"s to 82. 6"s) 96 

Average number of samples  p e r  cel l :  

Latitude (30"s to 30"N) 45 

Latitude (30"N to  60"N) 39 

Latitude (30"s to 60"s) 39 

Latitude (60"N to  82. 6"N) 67 

Latitude (60"s to  82. 6"s) 67 

Total samples  (one yea r )  378 508 

Mission Profile 

Nominal c i rcu lar ,  polar orbi t  of approximately 500 km altitude. 

6 



Tracking and Data Acquisition 

Limited to the existing Sa.te1lit.e Tracking and Data. Acquisition Network (STADAN) 
with minimum modification. 

Experiment Package 

Pass ive  rad iometr ic  and attitude measurements  with redundancy 
(more  than one unit) in the r e sea rch  package for the radiometer 
and attitude determination device. 

Minimum scan  rate  >O. 5 scans lmin  average. 

Maximum scan  angle with respec t  to orbit  plane 15".  

Space craf t  

Rolling wheel configuration (spin axis normal  to  the orbit plane). 

Weight in l e s s  than 800 pound c l a s s  mandatory. 

State of the Art 

Proven subsys tems shal l  be employed wherever possible. 

Miss ion Effectiveness /Reliability 

Reliability shal l  be approached on the basis of "designing in" successful pe r -  
formance  of the one-year,  data-collection mission, i . e . ,  the effort is to be 
biased s t rongly toward mission effectiveness. 
effectiveness / reliabil i ty effor t  should involve continuing tradeoffs in each sub- 
function a r e a  against  the c r i te r ia  of maximum effectiveness. 
es t imate  of the  probable sys tem MTBF shall be made on the final configured 
s ys tem.  

Consequently, the mission 

A numerical  

Strong considerat ion should be given to the use of r e se rve  spacecraft  as a 
backup" means  r a t h e r  than as a continuously ready standby. Specifically, 

the ''backup" concept (as opposed to ready  continuously) is of more signifi- 
cance on a Thor-Del ta  sized vehicle than on a Scout vehicle. 

'I 

7 



SPACECRAFT SUBSYSTEM REQUIREMENTS 

Some of the preceding basic sys tem requirements  direct ly  affect and cons t ra in  
the conceptual configuring of an integrated spacecraf t  subsystem while o the r s  
have v e r y  little input to configuration variations.  These  c r i t i ca l  requi rements  
and constraints,  as applied to the spacecraf t  conceptual design and integration 
study effort, are  translated as follows. 

@ 

0 

0 

0 

Utilize a near-polar  orbit  a t  about 500 km altitude. 

Utilize proven state-of-the-art  subsys tems whenever possible.  

Keep spacecraft  maximum weight under 800 pounds. 

Utilize passive sys t ems  wherever possible 

0 Provide a "stabalized platform" f rom which to make 
scientific measurements.  

0 Utilize spin-stabilized spacecraf t  with spin ax is  normal  to 
the orbi t  plane. 

These  requirements were then translated into the functions that must be 
accomplished by the spacecraf t  s t ruc  t u r d  subsystem. 
the functional flow diagram shown in  Figure 1. Ther-e are ce r t a in  requi re -  
ments associated with these functional blocks that mus t  be fulfilled by the 
s t ruc tura l  subsystem o r  must  be interfaced through i t  with the o ther  space-  
c raf t  subsystems. A discussion of these functional blocks describing these 
requirements  and interfaces  is contained in  the following paragraphs .  

They are depicted in  

Support and Enclose Subsystems 

The spacecraft  s t ruc tura l  subsystem must  define the enclosed spacec ra f t  
volume within the booster interface constraints  and mus t  within this  volume 
support  and maintain the subsys tems components and equipment. Inherent 
in this support and maintenance requi rement  is the positioning and ar ranging  
of these  components to insure  compatibility with vehicle dynamics r equ i r e -  
ments and inter-  and intra-system interfaces .  

Provide Subsystem Positioning, Vehicle Alignment, and Body Rigidity 

The s t ructural  subsystem must  provide the init ial  component alignment and 
must ,  in the cr i t ical  experiment a r e a s ,  maintain that alignment throughout 
the mission life within the prescr ibed tolerances.  The mechanism contained 
in the s t ructural  subsystem mus t  fulfill the  deployment, erect ion,  o r  unfold- 
ing requirements  of any of the subsys tems and m u s t  position and maintain 
position of these i tems (solar panels,  s u n  shields ,  antennas,  etc. ) within the 
system performance and vehicle dynamic to le rance  cons t ra in ts .  

8 
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I 
1 .  

I 
1 .  

Spacecraft 
structural 
sub system 

support 
and enclose 
subsystems 

Provide subsystem 
posit ion ing , 
vehicle alignment 
and body r igidity i 
Protect subsystems 
from external 
environment 

Support the 
interconnecting 
networks 

Maintain 
proper operating 
environment 

Provide 
space craft/ 
booster interface 

F i g u r e  1. Spacecraft Structural  Subsystem Functional Flow Diagram 
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Protec t  Subsystems F r o m  External  Environments 

The spacecraf t  s t ruc tura l  skin must  protect  the internal components f rom the 
launch and orbital  environments. 
mine the degree  of protection necessary.  

The component requirements  will de te r -  

Support the Interconnecting Networks 

The spacecraf t  s t ruc tu re  will support and maintain the system interconnect- 
ing networks (electr ical ,  pneumatic, etc. ). 

Maintain Proper  Thermal  Environment 

The spacecraf t  s t ruc tura l  subsystem mus t  incorporate  a passive thermal  
control sys tem which will ,  through conduction and radiation, maintain the 
desired thermal  paths and balance within the spacecraf t  system. 

Provide Spacecraf t /Booster  Interface 

The spacecraf t  s t ruc tu ra l  subsystem must  provide a mechanical in te r face  
with the booster,  must provide a configuration compatible with the booster 
fairing envelope, and must be  s t ructural ly  compatible with the launch vehicle 
environments.  

The conceptual configuration of a spacecraf t  s t ruc tu re  is very  closely 
related to the subsystems and the integrated total system interfacing requi re -  
m ents. 
studies were  : 

The subsystems considered in the initial spacecraf t  configuration 

The experiment package consisting of the radiance measu re -  
ment  instrument ,  the attitude determination equipment, and 
their  supporting electronics.  

The attitude control subsystem (ACS) consisting of the equip- 
m ent necessary  to maintain proper  spacecraf t  orientation and 
stabilization. 

The data handling subsystem consisting of the equipment 
necessary  to p r o c e s s  and s t o r e  data between t ransmiss ion  
periods. 

The communication subsystem consisting of the  equipment 
necessary  to provide up and down communication links and 
to provide spacecraf t  location information. 

The electr ical  power subsystem consisting of the equipment 
necessary  to provide and distribute e lectr ical  power fo r  all 
spacecraf t  needs. 

10 



a The s t ruc tura l  subsystem consisting of the hardware  to sup- 
port ,  enclose,  and protect  a n  integrated spacecraf t  system 
and to  provide the mechanisms necessary to  fulfill the  system 
and subsystem deployment and positioning requi rements .  

A review of the system and subsystem requirements  previously discussed 
suggests  a spin-stabil ized spacecraf t ,  spinning about a n  ax is  normal  to the 
orbi t  plane in  a nominal 3 p. m .  / 3 a .m.  ,sun-synchronous orbit ,as being 
m o s t  compatible with these  requirements .  
f o r  the’succeeding conceptual configuration studies.  

This  concept provided a baseline 

SPACECRAFT CONFIGURATION SELEC TION 

BASIC DESIGN CONSIDERATIONS 

Cer ta in  basic  design considerations and constraints must  be kept in mind 
when attempting conceptually to configure a spacecraf t .  
s t r a in t s  a r e  imposed by specif ic  mission requirements  such as, in this  
case, a spin-stabil ized vehicle t o  allow passive scanning techniques. 
following discussions cover the basic  i tems that were  considered in the 
select ion of a spacecraf t  configuration. 

Additional con- 

The 

Spacecraft  Balanc e 

The dynamics of a spinning body are  directly controlled by the m a s s  mo- 
men t s  of iner t ia  and principal axes  location of the body. 
of iner t ia  is equal to  a summation of the products of the m a s s  and the 
s q u a r e  of its distance f rom the ax is ,  i. e. 

The m a s s  moment 

I = C m r  2 

o r ,  in the l imit ,  

I = /  r2 dm 

Another t e r m ,  frequently used,  is the product of iner t ia ;  C m xy (where x 
and y a r e  the Car tes ian  coordinates of a n  element). This  product of iner t ia  
is z e r o  about principal axes  and can therefore be used to  locate the orienta- 
t ion of those  axes.  

In general ,  t h r e e  mutually perpendicular principal axes ,  which have a maxi- 
mum, minimum, and intermediate  moment of iner t ia ,  can be located for  a 
body. A spinning spacecraf t  should have a maximum and two approximately 
equal minimum moments  of iner t ia .  Thompson and Reiter (ref. 1) showed 
that  a spinning spacecraf t  is stable about either the ax is  of maximum o r  
minimum moment  of iner t ia  i f  the  body is rigid. Lf energy is dissipated 
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through elastic deformation o r  by other means ,  the body is s table  about the 
axis  of maximum moment of iner t ia ,  

Es t imates  of the degree of dimensional design flexibility were  obtained by 
investigating the moment of iner t ia  ra t ios  associated with different configu- 
ra t ions of a homogeneous cylinder with constant total m a s s .  F igu re  2 shows 
the variation of the spin axis to t r ansve r se  axis  moment of iner t ia  ra t io  with 
changing length to diameter  ra t io  when it is assumed that the total cylinder 
m a s s  is kept constant. The upper l imit  for  stability about the s ax is ,  

= 1, occurs  a t  .(jd 0 . 8 6 6 .  Is ’ I t  
Several  things might be done to vary  the moment 01 iner t ia  ra t io  in actual  
design. I increases  fas te r  than I i f  added m a s s  is put as far as  possible  
away from the s ax is  but s t i l l  near  the t and z axes.  Heavier components 
might  be kept f a r  from the axis  which is intended to be t h e  principal axis  of 
maximum moment of iner t ia .  ‘l’his approach tends toward a hollow cylirider 
concept. 

S t 

F igure  3 presents  the l imit  of length-to-diameter ra t io  for a homogeneous, 
hollow cylinder wherein a l a r g e r  moment of iner t ia  exis ts  about the spin 
axis  than about the t r ansve r se  axis.  Comparing hollow and solid cylinder 
resu l t s  shows that the length-to-diameter ra t io  can be increased from 87 to 
97 percent by eliminating the innermost  1 / 4 of the volume (1  / 2 the rad ius) .  
This indicates that some flexibility to spacecraf t  design is available if needed. 

The determination of the dynamic propert ies  of a complex assembly  of com- 
ponents within a spacecraf t  is a very  lengthy calculation. A computer pro- 
gram (TEMPAC) has  been written which u s e s  a definition of the components 
comprising a total assembly,  such a s  a spacecraf t  or mis s i l e ,  and calcu-  
la tes  the total mass ,  the m a s s  moments of iner t ia  about s o m e  s e t  of r e fe rence  
axes,  the center of m a s s  location, the m a s s  moments  of iner t ia  about axes  
through the center  of m a s s  and coincident to  the r e fe rence  axes,  the princi-  
pal  mass moments of inertia,  and the orientation of the corresponding princi-  
pal axes. The program has  been designed so that a number of fixed compo- 
nents can b e  introduced, and the calculated values  s tored.  
combinations of var iable  components can then b e  added to  the s to red  values  
making the program a powerful design tool as well  as a calculating tool. A 
discussion of the program is included i n  Appendix A to this  repor t ,  and a 
demonstration of i t s  u s e  is given in Appendix B. 

The accurate  balancing of a spacecraf t ,  which is requi red  in a spin-stabil ized 
orbital  configuration, can be accomplished in s e v e r a l  ways. Repositioning 
components inside the spacecraf t  is an  obvious method. 
o r  ballast  can accomplish the balancing task ,  but this  should be used p r i m a r -  
ily during final flight vehicle balancing. The flight vehicles  will be prec ise ly  
balanced prior to delivery,  and this  balance will be checked a t  the launch site 
pr ior  to  launch. 

Many different 

Adding dead weight 

1 2  
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Thermal Control I 
I -  

A significant portion of this  integration and conceptual design study was nec- 
e s sa r i ly  concerned with thermal  control analysis  and design which will be 
d iscussed  in a later section. 
guided with the understanding that there  would be  both internal  and external 
heat loads.  
to space,  the sole method of heat dissipation, could be accomplished. 

The s o l a r  energy input to a spacecraf t  is dependent upon the o rb i t a lpa ra -  
m e t e r s .  
t ime  and sun-line/orbit-normal angle for nominal and 3-sigma fast and slow 
p recess ions  (based on the 2-stage Delta launch errors) a r e  shown in F igu res  
4 and 5. 
angle  f r o m  31 to 64 degrees  that might occur  during operation. 

It is sufficient to say  h e r e  that the study was 

These  would have to be  t ransfer red  to a sur face  where radiation 

The anticipated 3:OO p. m., sun-synchronous orbi t  shadow fraction 

Significant about these  curves is the range  of sun-line/orbit-normal 

Structural  - Electr ical  Interfaces 

S t ruc tura l  - e lec t r ica l  interfaces  must be considered in the development of 
a feasible spacecraf t  concept. 
l i s ted  below, 

Fac tors  which have to be considered are  

Electromagnet ic  interference.  - -  It is necessary  that the spacecraf t  
concept provide for physical separation of e lectr ical  wi re  bundles and black 
boxes. It may be necessa ry  to utilize s t ruc tura l  m e m b e r s  fo r  physical 
shielding to reduce  electromagnetic interference to a n  acceptable level. 

Magnetic moment. -- The spacecraft  concept must  consider the requi re -  
ment  for location and orientation of each individual black box and the routing 
of interconnecting wire  ha rnesses  to reduce magnetic moments due to s t r a y  
and permanent magnetic fields to a n  acceptable level.  

Eddy cur ren ts .  - -  Eddy-current  torques,  proportional t o  the number of 
ear th ' s  magnetic flux l ines  intercepted, a r e  generated when conducting 
m a t e r i a l s  a r e  rotated through the ear th 's  magnetic field. 
mus t  be held to a low level  t o  avoid perturbations in the spacecraf t  spin r a t e  
and orientation. The spacecraf t  s t ructure ,  the major  contributor to eddy- 
c u r r e n t  problems,  may have to  be fabricated from conduction-interrupted 
s t r u c t u r a l  segments  to  minimize these torques.  

These  torques 

Booster  Inter f a c e 

E a r l y  indications were  that the total  spacecraft  weight would be beyond the 
Scout capabili t ies.  Therefore ,  conceptual design studies were  oriented 
toward using a two-stage, Improved Delta. That vers ion  known as  the DSV- 
3N (long tank Thor  with s t rap-on solids and second-stage Delta), has  launch 
capabi l i t ies  in the 800 l b  c l a s s  into a 300 n. mi. polar  orbi t  f rom the 
Wes te rn  Test Range. 
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The allowable fai r ing volume and dimensional res t r ic t ions  shown in F igu re  6 
indicate 
allow room for sl ight protrusions i f  needed. 
fa i r ing allows wide variations in the number and location of access holes. 

A major  attach point which will c a r r y  the launch th rus t  will be  needed on 
one face  of the  spacecraf t .  
s i z e s  from 9- to 37-inch diameter  and lengths f r o r n  several inches up to 
several feet are available. 
vided as  needed along the length of the spacecraf l .  

that the spacecraft  body can be about 54 inches in  diameter  and still 
The very  flexible design of the 

Semi-standard booster interface r ings  in  var ious 

Additional support  f rom the fair ing can be pro- 

Environment 

During its lifetime the spacecraf t  will be  exposed to four significant environ- 
ments  which may affect the conceptual configuration. 

The fabrication, testing, check-out, and installation environment 
really is significant only because a l a r g e  amount of spacecraf t  
handling w i l l  take place. Sufficient a t tach poirits will be  needetl. 

The launch pad environment will not be seve re ;  methods of pro- 
tecting the spacecraft  and controlling the environment a r e  incor- 
porated into launch operations. 

Significant launch environment f ac to r s  a r e  the vibration level as  
shown in Table 1, the sound p r e s s u r e  1evt.l slidwn in F igure  7,  the 
temperature  environment control that can bt. accomplished inside 
the fair ing as  shown in F igure  8 ,  the rapid p r e s s u r e  dec rease  f rom 
atmospheric to  essentially z e r o  in s e v e r a l  minutes, and a possible 
shock load during spacecraf t /  booster separation. 

The orbital  operating environment includes hard vacuum, thermal  
cycling, radiation, and possible meteoroid interception. The 
conceptual configuration design in  th i s  study should also consider 
the contamination of optical sys tems,  the  degradation of material 
physical p roper t ies ,  and the change of t he rma l  p rope r t i e s  on 
coated radiat ive sur faces .  

CONFIGURATION MATRIX 

After a first round conceptual design study was  conducted within each of the  
subsystem design groups, a spacecraf t  configuration ma t r ix  was  generated 
to determine the best  general  spacecraf t  shape. By this  time, it was  pos- 
s ible  to anticipate what might be the des i r ab le  p rope r t i e s  that  would enable 
a spacecraft  best  to sat isfy the needs of each subsystem. For example, it 
was anticipated that the experiment package would need large areas  f o r  
unobstructed viewing or that t he re  might be  need for  fold-out solar panels ,  
The  matrix, which re f lec ts  these  and other anticipations, is shown in 
Table 2. 
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TABLE 1. - VIBRATION ENVIRONMENT TO BE ENCOUNTERED 
ON THE TWO-STAGE IMPROVED DELTA 

Axis 

Thrus t  
( Z - Z )  

L a t e r  a1 
(X-X) 
and 
(Y-Y) 

Flight sinusoidal vibration r e s t r a in t s  

1 0  - 16 
1 6  - 26 
26 - 250 

250 - 400 
400 - 2000 

5 - 250 
250 - 400 
400  - 2000 

Level, 
g, 0-peak 

(a) 

2.0 
2.5 
2.0 
5.0 

10.0 

1.5 
5.0 

10.0 

Sweep 
ra te  

(b) 

2 octaves/minute 

2 octaves/minute 

Qualification levels = 1.5 x flight levels 3 

3 Qualification sweep r a t e  = 112 flight equivalent r a t e s  

Flight random vibration r e s t r a in t s  

Axis 

Thrus t  
( Z - Z )  

L a t e r  a1 
(x-X) 

L a t e r a l  

Frequency, 
CPS 

20 - 150  
1 5 0  - 425 

425 - 1200 

1200  - 2000 

0.01 
+4 dB/octave 

0.04 

-2 dB/octave 

a Qualification levels = 2.25 x flight levels 

bQualification duration = 2 x flight duration 

Acceleration, 
g ( rms)  

12.3 
12.3 

12.3 

12.3 

Duration, 
m inut e s 

(b) 

1 minlaxis  
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TABLE 2. - SPACECRAFT CONFIGURATION MATRIX 
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The desirable  properties,  shown along the left column with their  weighting 
factor ,  were intended to  cover both the requi rements  of each subsystem 
and the total integrated system requirements .  The cylinders,  with c r o s s  
section as  shown, and a sphe re  were  then assigned values within the weight- 
ing factor  range according to the manner in which they m e t  the requi rements .  
Some desirable  propert ies  were  felt  t o  be of hi he r  importance than o the r s  
and were  marked and classed as "major i t ems  . If 

I 

2 4  

The summation of assigned values showed that the hexagonal cross-sect ion 
configuration had the highest desirable  property level.  
tioned that the study mat r ix  showed only minor differences in des i rab le  prop- 
e r t y  level among the m o r e  conventional ( squa re ,  hexagonal, octagonal, and 
multi-sided) spacecraft  configurations. 

It should be men- 

BASELINE CONFIGURATION SELECTION 

In addition to  the numerical ass ignment  analysis  of the previous section, 
the potential spacecraf t  configurations were  inspected from a prac t ica l  
viewpoint. Since the hexagonal cross-sect ion vers ion yielded the highest 
desirable  property level, i t  w a s  selected as  the probable baseline configu- 
ration. Salient features  of this  configuration a r e  

0 Experiment package compatibility 
0 Spacecraft symmetry 
0 Simple construction 

0 

0 

0 

Satisfactory booster fa i r ing interface.  

Flat  su r f aces  f o r  mounting s o l a r  ce l l s  
Flat  sur faces  fo r  fold-out panels 
Flat  internal sur faces  for  component mounting 

Each of the other  configurations has  cer ta in  advantages o r  disadvantages 
relative to the baseline configuration a s  is shown in Table  3. Since no con- 
figuration was shown to be m o r e  prac t ica l  than the hexagonal, it w a s  chosen 
a s  the baseline for fur ther  conceptual study. 



I 
1 .  

TABLE 3 .  - COMPARISON OF VARIOUS CROSS-SECTIONAL 
CONFIGURATIONS TO THE HEXAGONAL 
BASELINE CONCEPT 
. -  

Configuration 

Octagonal 

Multi-sided 

Circular 

Elongated hexagonal 

- 

Advantages 

Fewer fold-outs 

Fewer fold outs 

Fewer fold-outs 

Smoother power 
output from body- 
mounted cells 

Smoother power 
output f r o m  body- 
mounted cells. 
Higher booster 
fairing volume 
usage 

Total symmetry 
High booster 
fairing volume 
usage 

Could possibly hav 
sufficient area for 
body-m oun t ed c ell E 

Constant projected 
area to sun 
Total symmetry 

Disadvantages 

Nonsymm etrical 
Uneven power output from 
body-mounted cells 
Lower structural strength 
Lower balance flexibility 
Inefficient fairing volume 
usage 

Uneven Dower output from 
body-mounted cells 
Lower structural strength 
Lower balance flexibility 
Inefficient fairing volume 
usage 

Nonsymm etrical 
Uneven power output from 
body-m ounted cells 
Lower balance flexibility 

More fold-out panels needed 

Fold-outs complicated 
Internal accessibility 
restricted 

Fo Id - ou t s difficult 
Internal acc e s si bility 
r e s t r i c t ed  
Curved internal  mounting 
surfaces 
Experimental package inter- 
ference 
Excess volume, drag area,  
solar energy intercept area,  
etc. 
Thermal control interference 
Balance interference 
Fold-outs difficult 
Thermal  control interfer-  
enc e 
Balance res t r ic ted  
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SUBSYSTEM EVOLUTION AND DESCRIPTION 

Each of the s ix  subsystems which comprise  the total spacecraft  system was 
being studied concurrently with the spacecraft  conceptual configuration effor t .  
Design groups were conducting their own tradeoff studies and arr iving at a 
best  solution to their particular problem. Each solution and the approaches 
that were used a s  the subsystem was being studied had a major  effect on the 
conceptual configuration of the total spacecraft .  

The following discussion covers  the steps in each of the subsystem designs 
that appeared to be significant to the spacecraft  conceptual design. I t  is not 
intendeanor  is i t  necessary for  this discussion, to cover fully the tradeoff 
studies o r  detailed design analyses that w e r e  conducted. Table 4 presents  
changes that were made at approximately one-month intervals  between the 
original possible concept and the final version. 
changes, but not the total description of the subsystem; therefore,  Tables  5, 
6, and 7 describe the subsystems in more detail at about the time per iods in- 
dicated as  2,  4, and 5 in  Table 4 .  The final vers ion of the subsystems a r e  
described in Table 7 and wil l  be discussed in more detail in a later section 
covering the total spacecraft  conceptual design. 

This table presents  the 

EXPERIMENT PACKAGE 

Evolution 

The experiment package, a s  f i r s t  conceived, was described as  two separa te  
radiance measuring devices and an associated attitude d e  termination device. 
Each radiometer would require a detector cooler,  envisioned to be a la rge  
conical space radiator How- 
ever,  the space radiator approach w a s  not compatible with the orbit  selected 
and the level of cooling required and w a s  abandoned in favor of a subliming 
cryogen cooler.  

well insulated f rom the rest of the spacecraf t .  

A cryogenic cooler cools because i t  absorbs heat f rom its environment as the 
included cryogen sublimes. The amount of cooling is in accordance with the 
heat of sublimation of the cryogen. This  type of cooler  opera tes  ve ry  effi- 
ciently in a space environment where the ambient p re s su re  is we l l  below the 
vapor pressure  level of the cryogen. A single cooler  w a s  conceived which 
would cool redundant radiometer detectors  as shown in  the possible experi-  
ment package assembly shown in Figure 9. It was found that the optics in 
the radiometer would a l so  have to be cooled to reduce their radiance to an 
acceptable level. 
periment package, it was decided to  cool the en t i re  package, A space rad i -  
ation approach from the base of the spacecraf t  w a s  selected fo r  this cooling. 

Since they a r e  integrally tied to the remainder  of the ex- 

Starmapping during sunlit portions of the orb i t  proved very difficult. 
l a rge  baffles for the s tarmapper ,  as  shown in F igure  10, w e r e  suggested to 
alleviate the ear th  and sun shine problem, but they w e r e  not compatible with 

Very 
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TABLE 5. - SUBSYSTEM DEFINITION, TIME PERIOD 2 

I Subsys tem 

E a p ~ r i m e r i t  package  

l<ar l iomrtcr (R)  I 
( 2 )  S t a r m a p p e r s  (SM) 

opt1rs in) 
I l e t e c t o r  
R l ? c t r u n i c s  
S t r u c t u r e  
Bal f le  
O p t i c s  (SM) 
P . M .  tube 
E l e c t r o n i c s  
S t r u c t u r e  

Cooler 
Support 

.Attitude c o n t r o l  

Hotation j e t s  
Fuel supply 
Mag. coil 

('2) Sensors ( 2  hor izon  
and 1 s u n )  

( ? 1  E l e c t r o n i c  c o n t r o l  
Damper 
Support  

Ijata Handllng 
Timing and c o n t r o l  
I b t a  r o c e s s o r  d' conv.  

S N  con>.  
S I C  s t a t u s  conv. 

Buffer 
Main 

F o r m a t t e r  
Command  v e r i f i e r  
and d e c o d e r  
Support  

-- 

Storage  

Antenna 
Command  r e c e i v e r .  
Hange and  r a n g e  r a t e  
t:ansponder, and 
T r a n s m i t t e r  
Beacon 
Antenna 
Support  

Power 

Fold lunfo ld  m e c h  
Cell  a r r a y  

Power conditioning 
B a t t e r i e s  
Lines, c t c .  
Support  

S t r u c t u r e  

Adapter  r i n g  
Separa t ion  unit  
Skeleton 
Skin 
Heat p a t h s  
Misc. w i r e ,  c l ip s ,  
trs t  p o i n t s .  e t c .  

'Tutal - 

Neigl 
Ib 

- - 
180 

I20 

I50 
10 

ti0 

3 
5 

IO 

20 
1 6  

9 
s2 

2. ! 

I :  
2. c 
2. ( 

1 . :  
14 .  ! 

1.C 

2 .  ( 
5 .  ( 

- 

2 b  

2 

16 

- 

1 
2 
5 

66 

I 
20 

8 
21  
10 

5 

- 

10 
10 
2 5  
20 
20 

3 5  

584 - 

Volume,  
3 in. 

10 000 

3 450 

20 
200 

360 
700 

46 

20 
3 4  
28 

50 
500 

20 

30 

1 200 

10 

Max imum 
I engt h, 

in. 

1 5 X 1 5 X 1 8  

1 2 X 1 2 X 2 4  

3 . 1  

3 .  0 
4 .  0 
5 7  

2.0 
0.7 
2.0 

2 . 2  

2 4  inch  

10x1 ox 1 2 

2 X 2 X 2  
2 4  inch 

25"x30" 
p a n e l s  

-- 

S u r f a c r  a r e a  
n e P d w  

2 -  I 5" cliam view 
areas 

2-6"  diam view 
a r e a s  

Coolant  exhaus t  

Smal l  

R - 3 "  diam oprn inys 

None 

4 mtubs and 4 s l o t s  

4 s t u b s  and  4 s l o t s  

Hinge l i n e r  
40"x32" body'  
m o u n t  a r e a  

Ring  on b o o s t e r  

t t m a r k a  

!SO t u r c s  e a c h  a a ?  

icdundanc)  
i e d u n d a n r y  

Nil1 be two boxes 
,I e l e c t r o n i c s  
uith i n t r r c o n n r c t i n g  
. i ircs 

Dark s ide 

Sun mide 
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TABLE 6.  - SUBSYSTEM DEFINITION, TIME PERIOD 4 

Subsystem 

E x p r i m e n l  package 

!) Radiometer (R)/ 
Sta rmapper s  (SM) 

Optics  (R) 

Detector 
Electronics  
S t ruc tu re  
Baffle 
Optics  (SM) 
P . M .  tube 
Electronicn 
Structure  

1 )  Sun sensorn 
Cooler  

Support 

Attitude control  

Rotation l e t s  
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Figure 10. Possible  Starmapper  Design 

3 2  



the spacecraft  and booster fairing envelope constraints.  
substituted fo r  orientation measurements  during sunlit portions of the orbit, 
and the s ta rmappers  were intended for  dark side operation only. 

It was suggested that the radiometer  could not "see" any direct  sunlight during 
orbi ta l  operation because the IR radiance affected the readings, and the heating 
disturbed the thermal  balance. Since the orbital  plane w a s  selected to be nom- 
inally at 45 degrees  to the sun line, but could increase to 64 degrees  because 
of injection e r r o r s ,  i t  was necessary to provide a sun shield around the radi- 
ometer  view port .  Although the sun shield is not direct ly  a par t  of the experi-  
ment package, it is required fo r  the satisfactory operation of the radiometer,  

Sun sensors  were 

Final  Concept Description 

The final configuration of the highly sophisticated experiment package is 
shown in i t s  spacecraft  mounting orientation in Figure 11. 
diameter,radiometer optical system, which will view out the r i m  of the rolling 
spacecraft ,  incorporates a redundant signal channel consisting of a chopper, 
detector,  detector bias supply, preamplifier, and amplifier. The dual set  of 

baffles, will a l so  look out the spacecraft  r im  and will make s t a r  readings 
when the spacecraf t  is in the da rk .  The two-inch diameter  sun sensors  com- 
plete the components within the experiment package, A smal l  box of sup- 
porting electronics  is needed for the radiometer as well as the s tarmappers .  

Special precautions must be taken to enclose the ent i re  package shown in 
F igure  11 within a cooled and well-controlled environment so  that unwanted 
radiation is kept to a minimum and thermal distortions will not affect the 
p rec i se  alignment that is necessary.  
can be positioned within the field of view of the optical systems.  

The single,l6-inch 

s ta rmappers ,  with about four-inch optics and seven-inch diameter 1 1  megaDhone" 

Also, no radiating body o r  obstruction 

ATTITUDE CONTROL 

Evolution 

The baseline,  spin-stabilized-spacecraft concept requi res  control of the spin 
rate and orientation of the spacecraft  axis relative to the orbit plane. 
original concept of the attitude control subsystem (ACS) was to determine 
spacecraf t  orientation by fixing on the ear th 's  horizon and the sun and co r -  
rect that orientation as needed by energizing magnetic torquing coils at proper  
orientation with the earth '  s magnetic field. Initial spin-up OP de-spin re- 
qui rements  would be met with j e t s  or  a yo-yo type of de-spin mechanism. 

A s  the study progressed, the 2-stage Delta selection eliminated the possible 
requirement  f o r  a de-spin mechanism, and solid je t s  were found to  be much 
more  applicable than the cold gas. 
s e n s o r s  w e r e  added to a s su re  satisfactory operation. It was determined that 
the horizon senso r s  would provide adequate orientation information without 
the sun senso r s .  The need for  spin-up jets was eliminated when i t  w a s  deter-  
mined that the spacecraft  could be properly oriented and rotated before being 
separated from the booster.  

The 

Redundant electronics support and horizon 
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Final C once pt De sc r ip  t ion 

The finally described ACS is shown in block diagram form in Figure 12. I t  
cons is t s  of redundant horizon sensors  viewing out f rom the r i m  of the rolling 
wheel and electronic logic to control pulses of cur ren t  to the magnetic coils.  
One coil, around the periphery of the r im,  controls the attitude in  the orbi t  
plane; another, perpendicular to the f i rs t ,  controls spin rate.  No special 
location relat ive to the center  of mass  is required since only a pure torque 
is exerted by the coil ;  i. e. ,  there is no mass  translation. An energy d i s -  
sipating damper  reduces the coning action of the spacecraf t  whenever i t  
occurs .  

The special  spacecraf t  integration requirements fo r  the final vers ion of the 
ACS have been reduced to assuring that the horizon sensors  look approximately 
68 degrees  behind the plane of the spin coil  and that the torquing coi ls  in te r -  
cept as l a rge  a n  area of the ear th 's  magnetic field as is reasonable. 

DATA HANDLING 

Evolution 

The data handling subsystem was described ve ry  ear ly  as two boxes of elec- 
tronic equipment; the data processing equipment (which could in  turn be split 
into several packages) and the data storage. Redundancy was added in  some 
areas during the study resulting in an increase  in s i ze  and weight of the boxes. 

Final Concept De scription 

A s  indicated in the preceding section, the data handling subsystem consis ts  
of two boxes of electronics.  
e lectronic  noise and other  inaccuracies of data will not be present,and should 
have a thermal  environment of 70 f 30°F. 
is shown in  the functional diagram of Figure 13. 

They should be positioned close together,so 

More detail of the final vers ion 

COMMUNICATIONS 

Evolution 

The ini t ia l  concept of the communications subsystem used the S-band, range 
and range- ra te  system of the NASA STADAN. A s  such, i t  consisted of 1700 
MHz slot  receiving antennas; a box of electronics for  receiving, processing, 
and t ransmit t ing;  and 2200 MHz slot  transmitting antennas, A Minitrack 
beacon and 136 MHz stub antennas were a l so  included a s  an acquisition aid. 

During the study, i t  was determined that telemetry should be in  the vhf range, 
since worldwide S-band coverage is very limited. Receiving of commands is 
at 148 MHz via th ree  stub antennas, and t ransmission is a t  136 MHz via a differ- 
ent  set of three stub antennas. A redundant transponder was added la te  in the 
study to meet  reliabil i ty requirements.  
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Final  C onc ep t De sc r ip  tion 

The suggested communications subsystem concept for  this mission uti l izes 
both S band and vhf, the S band for accurate  tracking and vhf for mechan- 
ization and handling of accumulated data. Double sets of both s lot  and stub 
antennas (receiving and transmitting) a r e  needed in combination with a box of 
electronics.  The electronics could be broken into severa l  separate  units. 

The stub antennas require  orientation on a face normal to the spin axis to 
produce satisfactory ea r th  coverage. The s lots  must be positioned on the 
extremes of the per iphery so there  is no blocking of the radiated signal. 
Figure 14 presents  more  details  of this subsystem. 

I 

I 

ELECTRICAL P O W E R  

Evolution 

Three  possible types of power subsystems were  considered for this applica- 
tion - fuel cells, radioisotope thermoelectr ic  generators  (RTG), and so lar  
cel ls .  Fuel cells were  shown to be ve ry  heavy; the RTG produced ser ious 
handling problems, was ve ry  expensive, and appeared to b e  pressing the 
s ta te  of the a r t .  Solar cells in a combination body mount/fold-out panel 
configuration was the f i r s t  power generation concept. Power conditioning 
equipment and s torage  ba t te r ies  along with the distribution l ines  completed 
the subsystem. The body-mounted cells were soon eliminated in  favor  of 
putting all  ce l l s  on fold-out panels. Again, reliability requirements  neces- 
si tated redundancy in  the bat tery and par t  of the power conditioner. 

F ina l  Concept Description 

Approximately 4 8  square feet  of so la r  cells mounted on fold-out  so la r  panels 
are needed to generate the power necessary  to a s s u r e  operation of the total 
spacecraft. 
a r r a y  for  d i rec t  u se  by the other subsystems or  for  bat tery s torage to be 
used during sunlit portions of the orbit .  

Special thermal  considerations are necessary  to maintain the narrow range of 
bat tery operating temperature  while dissipating the l a rge  amounts of heat 
energy generated through operating inefficiencies i n  the bat ter ies  and power 
distribution equipment. I t  is a l so  des i rab le  to maintain the solar a r r a y  a t  a 
low equilibrium temperature.  
are presentedin Figure 15. 

Power conditioning equipment p repa res  the output of the so la r  

The conceptual design details  of this subsystem 
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STRUCTURAL SUBSYSTEM 

Evolution 

The first s t ruc tura l  subsystem concept was,  ve ry  simply, a cylindrical 
skeleton with skin and bulkheads a s  needed to provide rigidity and component 
mounting f rames .  After ear ly  concepts of the subsystems were described, a 
hexagonal cylinder with enclosing bulkheads a t  each end and another in the 
center  for component mounting was considered. I t  w a s  envisioned that 
thermal  control of the components would be through the sidewalls. 
Boos ter  thrust  loads would be ca r r i ed  from the end bulkhead to the center 
component-mounting bulkhead through supporting s t ru ts .  

Final Concept Description 

The requi rement  that the ent i re  experiment package be radiatively cooled 
changed the concept to that roughly depicted in Figure 16. Superinsulatioli 
encloses  the cooler, radiometer,  sun sensors ,  and s t a rmapper s  except f o r  
the megaphone baffles. 
a tor  fo r  the experiment package and as  a thrust-carrying member ,  
walls and longerons, which a r e  thermally insulated f rom the baseplate, ca r ry  
some of the thrust  during boost and serve a s  a thermal  radiator for  internal 
t he rma l  control of the units mounted on the bulkhead. 
fold-out so l a r  panels are thermally insulated f rom the r e s t  of the spacecraft .  
Considerably more  detail  of the spacecraft  subsystem concept will be pre-  
sented in a subsequent section covering spacecraft  conceptual design. 

The heavxcas t  baseplate s e rves  a s  a thermal radi-  
Side- 

The upper cover and 

THERMAL CONTROL CONCEPTUAL DESIGN 

GENERAL 

The the rma l  analyses were undertaken to help provide a rational bas i s  for 
choosing among alternative spacecraft configurations and to lend assurance 
that the thermal  design of the spacecraft  was within the s ta te  of the a r t .  In 
o rde r  to real ize  this objective, the assumptions that were  required in the 
analyses  were  as real is t ic  as possible, yet conservative. 

Major  problem study a r e a s  were 

0 Solar cell tempera tures  

0 Experiment  package cooling 

0 Electronic package thermal  control. 
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Each a r e a  was studied in  i t s  quasi-steady state conditions, i. e . ,  operating 
conditions in and out of the e a r t h ' s  shadow. 
the launch and initial erect ion period were required since the booster  was 
determined to  have the capability to  orient the spacecraft  properly and quickly. 
Fu r the rmore ,  no damage should occur  to the spacecraft  under any random 
orientation with the s u n  while the proper  orbital  orientation is being achieved, 
even if s eve ra l  days a r e  needed, 
ment  package w i l l  not begin to accummulate data for about seven days af ter  
orbit injection. 

N o  extensive analyses covering 

It has a l so  been estimated that the experi-  

The study approach undertaken w a s  to  show the feasibility of proper  thermal  
design, and not to  conduct detailed analyses. F o r  example, the feasibility of 
controlling each internal e lectronic  package tempera ture  within i t s  allowable 
range is demonstrated.  The actual tempera ture  of each package can be kept 
within th i s  range by using proper  detailed thermal  design and known and proven 
techniques.  

ORBITAL HEAT FLUXES 

The thermal  environment of the spacecraft  while in  ea r th  orbit  w a s  simulated. 
The environment consis ts  of heat input f rom three sources  outside the space- 
craf t :  d i rec t  so la r  heating, indirect earth-reflec ted so la r  heating o r  albedo, 
and inf ra red  radiation emitted by the earth.  
sou rce  is a function of spacecraft  attitude and orbital  position and is different 
f o r  each sur face  of the spacecraft. A computer program (ref.  2 )  w a s  used to 
compute the incident heating simultaneously for  each surface.  

F i g u r e s  17,  18, and 19 show incident heating on each face of the spacecraf t  
for  a 500 km c i r cu la r  orbi t  inclined with the orbit normal  at 3 lo, 45", and 
64' to the sun vector .  Direct  solar heating is always ze ro  on the r e a r  face. 
Albedo heating v a r i e s  f rom a maximum at  a subsolar  point to zero during 
shadow passage  because the ea r th  is a diffuse reflector of solar radiation. 
E a r t h  emiss ion  is constant because the orbi t  is circular ,and a constant tem- 
p e r a t u r e  ea r th  is assumed.  

The amount of heat f rom each 

Orbi ta l  heat fluxes where the spin axis is not exactly perpendicular to the 
o rb i t  plane were  a l so  computed. Spin-axis to orbi t -normal  angles of 2.5, 5, 
and 10 deg rees  were  considered. These fluxes were  used to demonstrate the 
effect of attitude e r r o r s .  

In  all c a s e s ,  the total incident heating is grea tes t  on the front (sunlit) face of 
the spacecraf t ,  l e s s  on the side wal ls  (spinning averages  the direct  solar 
heating), and leas t  on the r e a r  face and  back of the so l a r  panels. Shadowing 
of the sidewalls by extended so lar  panels reduces the incident heating shown in 
Figure 18 
panels  and the sidewalls. 

These  effects, along with the effect of the skin thermal  inertia, internal 
equipment dissipation, different thermal control coatings, and conduction 

but a l so  r e su l t s  i n  radiant interchange between the back of the 
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through the spacecraft  external s t ructure  were incorporated in a computer 
program (ref.  3) that predicted spacecraft  t empera tures  a s  a function of time. 

EXTERNAL SKIN AND SOLAR-CELL TEMPERATURES 

The  external skin and so lar  cel l  temperatures of the spacecraft  in the 31, 45 ,  
and 64 degree sun angle orbi ts  were  computed for  severa l  spacecraft  config- 
urations.  The configurations assumed were 

0 

0 

0 

Hexagonal spacecraft  with body-mounted cel ls  on all  sunlit faces. 

Hexagonal spacecraft  with extended solar  panels. 

Hexagonal spacecraft  with extended so lar  panels and an 
umbrel la  type of sunshield between and beyond the panels 
(in the same plane). 

0 Hexagonal spacecraft  with extended so lar  panels and a local 
s u n  shield erected around the radiometer  entrance aperture .  I 

In o r d e r  to permi t  meaningful comparisons be tween these configurations, 
identical assumptions were  made on some of the thermal  character is t ics  
involved. These significant assumptions were 

0 Any external surface not covered by so lar  ce l l s  was covered 
by a thermal  control coating having a low a s / €  (where a s  E solar 
absorptance and E = infrared emittance) ratio, i. e . ,  available 
white paints or Lockheed's Optical Folar Rcflector (OSR) surface.  

The  thermal  inertia of the skin was based on a 0.03-inch thick- 
nes s  of uniformly distributed aluminum. 

The  thermal  iner t ia  of extended solar panels was based on 
1/ 2-inch aluminum honeycomb panels with 0.0 15-inch facings 
having a core  density of 5 lb / f t  . 

0 

0 

3 

0 Solar  panels, front face, sidewalls, and r e a r  face were a l l  
conductively insulated f rom each other. 
be tween external surfaces viewing each other was  accounted 
for .  
sur faces  . 

Radiation interchange 

T h e r e  was  no internal radiation interchange between 

0 100 watts of internally generated heat was distributed with 
70 watts to the sidewalls and 30 watts to the r e a r  face. 

0 The  spacecraf t  spin axis was  oriented normal  to the orbit 
plane. 
analyzed. 

The effect of an  off-normal spin axis was also 
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0 A 500 km, circular ,  polar  orbit was used; the heat fluxes 
described in  Orbital  Heat Fluxes were  for  this  orbit. 

A l l  of these assumptions a r e  reasonable enough to permi t  a valid comparison 
between the alternative configurations. 

The resul ts  of the analyses  a r e  shown in F igures  20 through 2 3 .  The temper-  
a t u r e s  shown a r e  for t imes a f te r  the initial launch transient has  died out. 
That is, the temperatures  a r e  quasi- t ransient  (functions of t ime but periodic). 
Each surface was  character ized as a uniform temperature  nodal point. 
approximation w a s  shown in subsequent analyses  to be valid enough for the 
purposes  of the studies and wi l l  be discussed l a t e r .  

F igure  20  shows the surface tempera tures  for  the hexagonal spacecraf t  with 
body-mounted cel ls  on the sunlit face and sidewalls. For this calculation, and 
in  all succeeding calculations, the solar absorptance of the ce l l s  w a s  0. 79 and 
the infrared emittance of the cel ls  w a s  0.82. The rear face w a s  assumed 
coated with white paint having a so lar  absorptance of 0.25 and a n  inf ra red  
emittance of 0.90. 

This  

I t  can be seen that the sunlit face temperature  r i s e s  to a level between 140°F 
and 230°F; this level i nc reases  with a decrease  in  the so l a r  angle, and then 
falls to subzero temperatures  during shadow passage ,  
ture r i s e s  to a level between 40°F and 102"F, this level i nc reases  with an  in- 
c r e a s e  in so la r  angle and also falls  to subzero  tempera tures  during shadow 
passage.  The r e a r  face temperature  remains  at a low level between - 103°F 
and - 122"F, varying only because of the varying incident albedo heating. 

The sidewall  t empera-  

F igure  2 1 shows surface tempera tures  f o r  the hexagonal spacecraf t  with ex- 
tended solar panels and no ex t r a  sun shielding. 
panels, the sunlit front face, the sidewalls, and the r e a r  face were  all 
assumed coated with the solar-reflecting white paint. 
assumed to cover  the sunlit face of each panel. 
shadow the sidewalls to some extent, the incident d i rec t  s o l a r  heating of the 
sidewalls is reduced f rom the situation with no extended panels.  Because the 
sidewalls and the back of the so la r  panels view each other,  radiation inter-  
change occurs  between these surfaces .  Radiation is emitted by both the front 
and back of the panels. The temperature  of the s o l a r  panels rises to a level 
between 56°F and 124°F during the daylit portion of the orbit  and then fal ls  
to subzero temperatures  during the shadow portion, The maximum tempera-  
ture of the sidewalls f o r  a solar angle of 45 degrees  is approximately -26'F, 
a great  reduction from the situation of F igu re  20. Th i s  is due to the shadow- 
ing effect  of the panels and the low as of the white paint. The  maximum tem- 
pera ture  of the front face va r i e s  between 30°F and 56OF depending on the so l a r  
angle, also a considerable reduction in tempera ture  f r o m  the body-mounted 
cell  situation. 

The shadowed face of the 

Solar cel l  a r r a y s  were  
Because the extended panels 

F igure  2 2  shows surface tempera tures  f o r  the hexagonal spacecraf t  with ex- 
tended solar panels and sun shielding between and beyond the panels.  Th i s  
shielding l ies  in the same plane as the pane ls  and is sufficient i n  s ize  to 
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Hexagonal Spacecraft  with Extended Solar 
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Figure 23 .  External  Surface Tempera tu res  - Hexagonal 
Spacecraft  With Extended Solar  Panels  and 
Local Sun Shield Over  Radiometer  Entrance 
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I 
1 .  

preclude d i rec t  solar illumination of any portion of the sidewalls. White paint 

to 59°F to 127"F, depending on the solar angle. This  is not significantly dif- 
fe ren t  f rom the configuration with extended panels and no shielding. 
wal ls  have maximum tempera tures  in  the range of -31°F to + 1 2 O F .  The side- 
wal ls  temperature  is more  s table  throughout a n  orbit ,  compared with the con- 
figuration with no ex t ra  shielding,varying at  the most  28°F in an orbit. 

Figure 23 shows surface temperatures  for  the hexagonal spacecraft  with ex- 
tended so la r  panels and a local, lightweight sun shield erected over the radi-  
ome te r  entrance aper ture .  
isolated by multifoil radiation insulation. Direct  so la r  illumination is inci- 
dent on portions of the sidewalls and sun shield. The so lar  panel that is lo-  
cated above the local sun shield is slightly w a r m e r  (up to 16°F) than the panels 
that do not view the sun shield. 
the sun shield and panel. 
-15°F and +4"F. 
shield should be coated with a reflecting coating on the sunlit side and a highly 
emitt ing coating on the shadowed side.  
tween shield s ides  will essentially eliminate radiation and conduction modes 
of heat t ransfer  between s ides  of the shield. 

, is applied to the sidewalls and rear face. The  so lar  panel temperature rises 

The side- 

Opposing faces of the sun shield are thermally 

This  is due to radiation interchange between 
The maximum sidewall temperature l ies  between 

It is thus also affected by the presence of the shield. The 

The multifoil insulation layers  be- 

A directional emitting surface on the cold side of the local  sunshade and on the 
shaded spacecraf t  body as shown in Figure 24 has  potential advantages and 
should be investigated to optimize the sunshade design. This  surface would 
place highly emitting s t r i p s  (white paint or OSR) facing away from the radi-  
ome te r  entrance and low emitting s t r ip s  (vapor-deposited s i lver)  facing to- 
ward  the radiometer ,  thus result ing in both a cold shade temperature  (-144 to 
-108OF)and a decreased  emiss ion  to the radiometer.  
spacecraf t  sidewall toward  the shade would likewise be reduced. Thus, radi-  
ation interchange between body and shade would be minimized. No detrimental  
effect on the rad iometer  baffling design is envisioned, s ince the baffling must  
be capable of attenuating s t r a y  radiation from up to 68 degrees  f rom the radi-  
o m e t e r  ax is  i n  any case. 

Emiss ion  of the shaded 

A directional-emitt ing surface design for  the cold s ide of the local sun shade 
could be optimized with r ega rd  to its function-minimizing heat loading on the 
experiment  package and s t r ay  radiation t o  the radiometer.  This design opti- 
mization could be achieved in three  s teps ,  

1. 

2 .  

3. 

Search for  candidate coatings exhibiting space stability, desirable  
radiation propert ies  (emittance extremes,  low so lar  absorptance),  
and compatibility with the sun shade, 

Analyses to  select  the optimum geometry-groove depth, angle, and 
spacing. This  would requi re  some advancement in radiation in te r -  
change analysis,  s ince mixed diffuse/ specular  problem has  been 
neglected in the past. 

Monitor the model surface chosen from s teps  1 and 2 with a direc-  
tional ref lectometer  o r  emissometer  to measu re  the directional 
distribution of radiation, 
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Figure 25. Effect of Skin Conduction on Cell  Tempera tures  
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A l l  the curves shown in  Figures 20 through 23 were found by neglecting lateral 
skin conduction. In order  to assess the importance of this factor,  a study was 

the 0.003-inch aluminum skin. 
shown i n  Figure 25. The effect of skin conduction can  be seen  by comparing 
temperatures  a t  the center  of each of these areas, as shown in  Figure 25, with 
the temperatures of Figure 20. 
since the average temperature of each surface is well estimated. 

In addition to the preceding resul ts ,  the effect on cell temperature  of varying 
solar-cell coverage on var ious areas of the spacecraft  was studied. 
maximum equilibrium cel l  temperature  was calculated as a function of solar-  
cel l  coverage, assuming that the remainder  of the surface was covered by 
white paint. The aim of this was to guide in maximizing power generation by 
the cel ls ,  since solar-cell efficiency decreases  with increasing temperature  
and an increase in  output may be possible by keeping the cells cooler.  
Figure 2 6  displays the effect of varying coverage on the sunlit face, and 
Figure 2 7  shows the effect on the sidewalls. 
extending the sidewall surface back like a s k i r t .  
cooling will occur  by radiation from the back of the extended surface.  
these results and the functional relationship between cell temperature  and 
power generation, no advantage (total power generation increase)  could be 
derived by using partial  ce l l  and par t ia l  white paint coverage. 

Another study determined the temperature  gradient induced through the ex- 
tended solar-cell panels, assuming a I /  2-inch aluminum honeycomb panel 
substrate .  Facings of 0.015 inch, core  density of 5 lb/ft3,  and 0. 003-inch 
silicone adhesive fo r  the ce l l s  was assumed. Tempera ture  differences, front 
to back, of only 12°F were found; therefore,  the approximation of a uniform 
panel temperature is also quite good for purposes of prel iminary analysis .  

In summary,  the hexagonal spacecraft  concept with no sun shielding other 
than the folded-out solar  panels would exhibit t empera tures  on the external  
sur faces  approximately a s  shown below for  the nominal 3 p. m. / 3  a. m. orbit ,  

I made of the body-mounted cell configuration, incorporating conduction along 
The skin was  divided up into nine a r e a s  as  

The assumption of no-skin conduction is good 

The 

Figure 28 gives the effect of 
In this case, additional 

Using 

I 

Solar panels . . . . . . .  100°F 
Sunlit f ace .  . . . . . . .  50°F 
Sidewalls . . . . . . . .  -30°F 
Baseplate . . . . . . . .  - 11 0°F 

HEAT LOADING OF EXPERIMENT PACKAGE 

The preceding section shows that the rear face of the spacecraf t  can be kept 
at temperatures below -100°F (200%) if i t  is thermally isolated f rom the rest 
of the spacecraft and does not have too much internal  heat dissipated into i t  
(30 wa t t s  was assumed for  these studies).  
highly reliable, passive cooler then becomes an at t ract ive place to tie in the 
experimental package (radiometer,  detector cooler ,  s ta rmappers ,  and sun 
sensors)which must be kept at such low tempera tures .  
principle involved in cooling the experiment package. 

The rear face which acts as a 

Figure  16 shows the 
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Heat loading of the rear face is caused by heat inputs f rom eight sources.  
These  heat inputs a r e  functions of spacecraf t  configuration, orbit, attitude, 
and detailed internal  design. Comments on each input follow. 

Conduction F r o m  The Spacecraft  Sidewalls 

An insulating material that provides a s t ructural  bond between the spacecraf t  
baseplate and the sidewalls w i l l  a l so  minimize heat leak from the sidewalls 
to the experiment package. 
designed to provide the grea tes t  possible res is tance to heat flow. A fastening 
scheme must be used that does not contribute substantially to the conduction. 
The  insulating mater ia l  mus t  have the desirable  propert ies  of low thermal  
conductivity, high compressive strength, high impact strength,  and good di- 
mensional stability. 
the job. Channeling o r  segmenting the insulator are possible ways to increase  
the thermal  res is tance.  
2O0F/W w a s  used. 

Such a s t ruc tura l  insulator must  be  thermally 

The mater ia l s  l i s ted  in  Table 8 are all candidates f o r  

F o r  purposes  of estimation, a thermal  res is tance of 

Radiation F r o m  Internal  Equipment and Structure  
T o  The Experiment Package 

The  electronic packages, mounting s t ructure ,  sidewalls, and front face will 
all radiate heat to the experiment package. A multifoil insulation blanket 
will form a n  effective b a r r i e r  to this heat t ransfer .  
tion of th i s  blanket will requi re  ex t reme ca re ,  as any thermal  sho r t s  will 
eliminate the advantage of the blanket. Fo r  an est imate ,  1 / 2  inch of Linde 
S-4 superinsulation w a s  assumed to blanket the 27 f t 2  of surface exposed in 
the interior.  
forty-fold increase  in conductance when compressed  i n  a high vacuum. 

The design and installa- 

This  insulation must  not be compressed;  measurements  show a 

Internal  Dissipation 

This  heat load is smal l  since the associated electronics  a r e  mounted outside 
the cooled region. A total dissipation load of 2 . 5  watts was  est imated.  

Conduction Down Wiring 

Th i s  heat load can  be kept small i f  the wiring (between the cold experiment 
package and the w a r m  electronics)  is wrapped with superinsulation to pre-  
vent i t  f rom acting as radiating fins. If this is done,the heat t ransfer  will 
only depend on the wire  length, w i re  quantity, and wire  gage. 

Di rec t  Solar Radiation to Radiometer  and Starmapper  Cavi t ies  

Since an  IR transmitt ing window on the optical  entrance is not feasible, i t  
w a s  assumed that baffling was  used.  An optically black cavity was  assumed 
because i t  is not possible to design a reflecting baffle with sufficient attenu- 
ation for this requirement .  
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TABLE 8. - PLASTIC MATERIALS FOR STRUCTURAL INSULATOR 

Mater ia l  

Med and extra  high impact polystyrene 

Rubber phenolic, asbestos  
3eat and chemical res is tant  polystyrenc 

Rubber phenolic, chopped fabric  
3eneral  purpose polystyrene 
Phenolic,chopped fabric  or cord 
Rigid PVC 
Xass fiber si l icone 
Phenolic wood flour 
Polyester spray  up mat  
Phenolic paper,  flock or pulp 
Rigid s tyrene  polyester 
Lexan 
Pol yes  t e r  p r  e f or m 
Glass-filled Lexan 
Cellulose ni t ra te  
Glass fabric  phenolic 

'her m a1 conductivity, 
btu/ hr-ft2F 

.024  - .090 

. 0 4  

.046 - .090 

. 0 5  

.058  - .090  

.07  - . 1 0  

.089 - .097 

.097 - . I 7 0  

.097  - . 3  

.10  - . 13  

.10  - . 1 6  

. 1 0  - . 1 2  

. l l  

. l l  - . 1 5  

. 1 3  

.133  

. 1 5  

Zompressive 
3tr ength, 

wi x 10 

No value 

10 - 20 
1 2  - 17 
10 - 1 5  
11.5 - 16 
11 - 12 
12 - 16 
15 - 30 
2 2  - 36 
15  - 25 
24 - 35 

1 2  - 37 
12. 5 
18 - 30 

3 

18, 5 
2 2  - 35 
47. 5 
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Panel  and/or  Sun-Shield Radiation to Radiometer and 
Starmapper Cavities 

Any objects protruding into the hemisphere defined by  the entrance ape r tu re s  
of the radiometer o r  s t a rmapper s  w i l l  emit  IR radiation to the cavities by 
virtue of their temperatures .  This  heat loading depends on the temperature  
of the objects, the cmittance of the coating on the objects, and the view fac to r  
between the objects and the entrance aper tures .  Calculations were  based on 
an IR absorbing baffle for  the radiometer .  
assumed to be thermally tied to the spacecraf t  sidewalls. 

The s ta rmapper  baffles were  

Ea r th  Emission to Radiometer and Starmapper  Cavi t ies  

This  IR heat input was  calculated for an IR absorbing baffle on the rad iometer .  
Blockage of the input by extended panels and sun shields w a s  accounted for.  

Ear th  Albedo To The Radiometer And Starmapper  Cavi t ies  

The effect of ear th  albedo on the rad iometer  heat loading was taken to be 
s imi la r  to the direct  so la r  heating, that is, 100 percent  of the incident energy 
was  absorbed. Starmapper  optics were assumed to absorb  100 percent  of the 
incident ear th  albedo. 
spacecraft  sidewalls. 

The temperature of the r e a r  face and experiment package is determined by 

Starmapper  baffling horns a r e  thermally tied to the 

0 Total heat loading from the r e s t  of the vehicle into the r e a r  
face and experiment package; i. e. ,  the sum of a l l  eight 
inputs listed above. 

Heat absorbed by the r e a r  face from the space environment. 

Heat lost  f rom the r e a r  face to the space environment.  

a 

a 

The f i rs t  determining factor is minimized by proper  thermal  design of the 
interface between the experiment package and the remainder  of the space-  
craf t .  
ing on the r e a r  face that has  a low so lar  and albedo absorptance 
mization of the third factor  can be accomplished by using a coating on the r e a r  
face that h a s  a high emittance in the inf ra red  
coating is highly desirable .  

The second factor can be minimized by using a thermal  control coat-  
Maxi- 

Thus, a low a s /  E ratio 

a s .  

6 .  

Cer ta in  types of white paint have a low cr / 6 ra t io  and have been extensively 
used, although they suffer  some degradation f r o m  ultraviolet  irradiation. 
Lockheed has  recently drveloped a surface with an  even lower a s / €  ra t io  
that supposedly has  more res i s tance  to degradation. 
Optical Solar Reflector (OSR) surface,  cons i s t s  of vapor-deposited s i lver  on 
Corning 7940 fused silica and must  be cemented to a subs t ra te  i n  sma l l  pieces .  
The procedure for doing this is well developed. 

S 

This  surface,  cal led the 
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In order  to compare these two coatings for the HDS application, i t  is not suf- 
f icient simply to look a t  the range of cy / e  ra t ios  for  each coating. This  com- 
parison would be valid only i f  the source of heat came directly f rom the space 
environment. When there is internal heat loading (across  the experiment 
packagelspacecraft  interface), the emittance value i tself  becomes important. 
The  radiation property ex t remes  for  white paint and OSR used to calculate the 
rear face temperature  a r e  shown below. 

S 

W h i t e  paint OSR 

0. 15 to 0.40 0. 045 to 0.055 Solar absorptance, us 

Infrared emittance, c 0.85 to 0 . 9 5  0. 79 to 0. 8 1  

The two ex t r emes  ( 3 1  and 64 degrees) of space heating incident to the r e a r  
face were  used. 
The  values were found f rom the plot of heating ve r sus  orbital  position shown 
in Figure 19. 
able since the la rge  thermal m a s s  of the assembly wi l l  largely average out 
orbi ta l  variations in temperature.  

Orbit-averaged heat loads for these two ext remes  were used. 

Using o rb i t ave raged  heat loads for the computations is reason- 

F igu re  29 shows measured variation of the emittance of the OSR with temper-  
a ture .  Figure 3 0  i l lustrates measured variation of solar  absorptance of white 
paint with ultraviolet exposure time. 

F i g u r e s  3 1  and 32 present  the resul ts  of the comparison which a r e  summarized 
below. The  broad band of tempera tures  for each coating shows the effect of 
coating degradation in the space environment. The temperature  of the r e a r  
face and the experiment package a t  any time must  l i e  within the band shown, 

0 The Optical Solar Reflector surface wil l  cool the r e a r  face to 
a temperature  as much a s  1 5 T  below the temperature  that is 
reached with a white-paint surface. 
the spacecraft/experiment package interface increases ,  the ad- 
vantage of the OSR diminishes until eventually the white painted 
surface becomes better.  

A s  the heat load ac ross  

0 The  white-paint coating is not a s  stable in the space environment 
and so will gradually degrade, causing an  increase  in  the experi-  
m ent package tempera ture  (approximately a 13'F increase 
fo r  the white-paint surface versus a 2 or 3°F increase  for the 
OSR). 

The  advantage of the OSR surface over  the white paint increases  
slightly with increasing solar angle, because of the increased 
albedo incident to the r e a r  face. 

0 

T o  compare  spacecraf t  configurations relative to their effect on the heat 
loading, calculations were made of the heat input for  each configuration. 
Tab le s  9 through 12 show the resul ts .  The total heat loading in each table 
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Effect of Near- Ultraviolet Radiation in Vacuum on Solar 
Absorptance of United White Demacryl Lacquer 

0.5 

0 .4  

0 

Effect of Near-Ultraviolet Radiation in Vacuum on the Solar 
Absdrptance of Fuller Gloss White Silicone Paint on 6061 Aluminum 

Figure  30. Solar Absorptance of White Pa in t  
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can  be translated into a n  experiment package/rear-face tempera ture  by 
re fer r ing  to F igu res  31 and 32.  
in  the lowest total heat loading of the experiment package and thus w i l l  
r esu l t  i n  the lowest experiment package tempera ture  (-105 to  -108°F o r  
1 9 7  to 195°K). 

It has  been estimated that using a 350 lb  experiment package in a spacecraf t  
with a local sun shield 
into orbit, 20 orbi ts  or about 32 hours  wil l  be needed for  the experiment  
package temperature  to drop to -100°F (200°K). 

Previous  analytical effort has  shown that a six-pound baseplate  will experience 
orbi ta l  temperature variations of up  to 16°F due to var ia t ions in absorbed al- 
bedo in  a n  orbit .  
sorbed albedo and will reduce the temperature  var ia t ions to 1.6"F in  a n  orbit. 
These  variations a r e  shown as  solid cu rves  in F igure  33.  Fur the r  attenua- 
tion of the temperature  variation will resu l t  f rom the l a r g e  heat capacity of 
the experiment package, tending toward the dashed line which a s s u m e s  a 
350 l b  package. 

Since heat loads into the baseplate f rom the experiment  package cannot be 
distributed uniformly, temperature  gradients  will be  induced on the baseplate .  

The local sun-shield configuration r e su l t s  

and s tar t ing with a temperature  uf 80°F upon inser t ion 

A 60-pound baseplate will ac t  as a n  integrator  of the ab-  

An attempt was made to es t imate  the magnitude of the gradients  by conducting 
an extremely worst-case analysis.  
in te r ior  of the spacecraf t  was dumped into the center  18 inches of the base-  
plate. The remainder  of the back side of the baseplate was a s sumed  to be in- 
sulated. A 1/8-inch thick aluminum baseplate was used as a model and was 
assumed coated with a white-paint thermal  control  coating (a = 0 . 2 5 ,  E = 0. 90).  
A nodal break up  of the baseplate was used with conduction between nodes and 
radiation to space.  
computer program (ref.  4). The tempera ture  distribution shown in F igu re  34 
resul ted.  A temperature  difference of 15°F is seen to ex is t  between the center  
and edge of the baseplate. 

This  analysis is pessimist ic  for seve ra l  reasons  and is not intended to r e p r e -  
sent realistic tempera tures  in  the baseplate.  A significant portion of the 
2 6  wat ts  (W 2 0 $ )  will be dumped n e a r  the outer  edge of the baseplate  f r o m  
the sidewalls. 
plate may be used to distribute the heat,and stiffening r ib s  on the inside of the 
baseplate will improve the lateral conduction of heat.  A rea l i s t ic  estimate of 
the maximum temperature  difference expected a f te r  the detailed design w a s  
c a r r i e d  out would be about 5°F. 

In this analysis  26 watts  of heat f r o m  the 

The nodal network was solved with a mat r ix  inversion 

Therma l  s t r aps  between the experiment  package and base-  

Even though this baseplate concept w a s  generated with the intention of f u r -  
nishing minimum tempera ture  as  well as compatibility with the experiment  
package, fur ther  optimization studies might yield a m o r e  effective approach. 
Examples of study a r e a s  might be directional em iss ion/absorpt ion s u r f a c e s ,  
different baseplate geurnetry, extension of shading s k i r t s  , etc.  
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If the spin ax is  is not exactly no rma l  to  the orbi ta l  plane, slightly different 
heating of the experiment package/baseplate w i l l  resul t .  A recomputation of 
the ea r th  heating absorbed by a flat  spacecraft  baseplate w a s  made fo r  attri- 
tion angles  ( re ferenced  to  the ear th  nearest  subsolar point in the orbi t )  of 5 
degrees  and 2.5 degrees  away from the earth,  and 2.5, 5, and 10 degrees  
toward the ear th .  The orbi t  average  increased baseplate heating AQE and 

the resul tant  baseplate tempera ture  rises A T l g 5  a r e  shown in  Table 13. At 
195°K the flat baseplate has  a character is t ic  thermal  res i s tance  to  space of 
2.40°K/watt, and, while the res i s tance  is nonlinear, the l inear  approxima- 
tion w i l l  hold fo r  s m a l l  t empera ture  changes. 

0.402 

0.803 

1.605 

TABLE 13. - SPACECRAFT OUT-OF-PLANE ATTITUDE EFFECTS 
ON THE TEMPERATURE O F  A 195°K BASEPLATE, 
ONE-ORBIT AVERAGE VALUES 

0 . 9 6  

1. 93 

3 .85  

Attitude, 
aegr ees 

- 5  

-2. 5 

0 

+2. 5 

+5 

+10 

31" orbi t  

wat ts  

0.  521 

0 .  260 

0 

0.375 

0.823 

1. 489 

A T195' 
"K 

1. 25 

0. 62 

0 

0 .90  

1. 98 

3.57 

45" orbi t  

watts 

0.219 

O l o  

64" orbi t  

A QEa 

wat ts  

0.432 

0. 218 

0 

0.422 

0.860 

1.729 

A T195' 
"K 

1. 04 

0. 52 

0 

1 . 0 1  

2 .  06 

4. 1 5  

Tables  9 - 12 rea l ly  summar ize  the experiment package thermal  control 
approach. Careful  design is needed to  minimize the heat inputs to the experi-  
ment  package compartment while maximizing the radiation from the baseplate. 
It a p p e a r s  that  a tempera ture  of about -100°F o r  colder w i l l  be achievable in 
this compartment and that only sma l l  orbital  variations w i l l  occur.  

INTERNAL ELECTRONIC PACKAGE THERMAL CONTROL 

To cont ro l  the tempera tures  of each of the electronic packages, these pieces 
of equipment will be mounted on a platform located outside the experiment 
package and supported at  the spacecraf t  sidewalls.  
t he rma l  conduction paths between the platform and sidewalls.  Each  package 

The supports will provide 
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temperature w i l l  be determined by the amount of insulation between the pack- 
age and the platform, the type of thermal  control coating on the package, the 
closeness of packing to adjacent packages, and the platform temperature  at 
the point where the package is mounted. This  last factor,  platform temper-  
a ture  distribution, depends on the mater ia l  of the platform, the number and 
types of bracing required, and the manner of distributing the internal heat. 

To a s ses s  one possible electronics platform design, a nodal analysis  was 
conducted on an aluminum honeycomb platform with 0.015-inch facings.  This  
platform is shown in  Figure 35. 
Each nodal a r ea  is conductively coupled to adjacent nodal areas. The outer 
edge of the platform is connected to the sidewall skin. Nodes 1, 7, 13, 19, 
25,  and 3 1  are also conductively coupled to the sidewall skin with one-inch 
0 .  d . ,  1/8-inch-wall aluminum tubes. One set of computer runs  ( r e f .  4) was 
made with 30, 90 and 120 wa t t s  of heat dissipation distributed uniformly (by 
a rea)  on the platform. The predicted temperature  distribution is shown in 
Figure 36. The temperature is seen to rise to 60°F above the average s ide-  
wall temperature fo r  120 wa t t s  distributed uniformly. A second set of com-  
puter runs considered nonuniform distribution of heat.  A s  shown i n  F igure  37, 
4 5  wa t t s  went to node 4, 15 w a t t s  went to node 15, and the remaining 60 watts 
were distributed uniformly. The temperature  of node 4 (under the battery) is 
seen to be 88°F above the average sidewall skin temperature .  

~ 

The platform is sectioned into 36 nodal areas. 

Several observations were made from these resu l t s .  
platform temperature  should be achievable, at l eas t  except fo r  the fou r  or five 
inches near the w a l l .  Second, average sidewall temperature  should be kept ,at 
subzero levels if room temperature  electronics is desirable.  Packages navlng 
low dissipations can then be  kept warm by insulating them from the platform 
and by coatings, 

First. a f a i r l y  uniform 

To show the latitude in detail thermal design f o r  the packages that will be 
possible, calculations were made that resulted in two s e t s  of curves .  
curves  display the package surface temperature  ex t remes  that are established 
with various package mounting conditions and sur face  coatings. Each package 
could be thermally isolated f rom the platform, in  intimate thermal  contact 
with the platform, o r  have any degree of thermal  insulation between these ex- 
t r emes .  Each package could a l so  have easi ly  applied surface coatings rang- 
ing i n  emittance values f rom about 0. 10 to a black emitting coating of 1. 0.  A 
continuous range exis ts  due to the possibility of stripping with different coat-  
ings. The possibility of providing additional conduction paths ( s t raps)  to the 
sidewalls also exis ts .  

These 

Figure 38 i l lust rates  the range in  package tempera tures  for  an average s ide-  
wall s k i n  temperature  of 0°F ( isothermal  sidewall) and an average platform 
temperature of 40°F ( isothermal  platform).  If the package is thermally in-  
sulated from the platform, the only heat loss mechanism possible is radiation 
f rom the package surface to surrounding sur faces .  The equilibrium package 
temperature fo r  this condition is shown as solid l ines  plotted against  sur face  
flux density (Wlin?) with coating emittance as an independent pa rame te r .  
close packing of equipment w a s  assumed,  with an emission view factor  of 0. 50 

A 
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Figure 35.  Nodal Model of Electronics Platform 
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The communications package, for  example, would reach an  equilibrium tem- 
pera ture  of about 20QF i f  coated with a black emi t te r  and about 130°F i f  coated 
with an emittance of 0 .10.  
about 140°F even with an emittance of 1 .0 .  If the package is mounted with 
good thermal  conduction between package and platform, the equilibrium pack- 
age  temperature  is shown as dashed l ines.  In this case ,  both conduction and 
radiation f rom the package play a role in  determining the temperature.  
Sparse  packing of equipment was assumed, with a n  emission view factor of 
unity. 
the platform temperature  (40OF) with any coating. The battery temperature 
would range f rom 70%' to about 90°F depending on its coating. 

The  intent of the foregoing was to point out factors  influencing the temperature 
leve ls  of the electronic packages, and to do this, the simplifying assumptions 
that have been pointed out were necessary.  In  a detailed thermal  analysis of 
a given electronics platform layout, many of these assumptions would not be 
required,  and the actual package temperatures  could be predicted quite accur -  
ately.  
radiation interchange between packages, the finite thermal  iner t ia  of the plat- 
fo rm and packages, orbi ta l  variations in sidewall temperatures,  and 
temperature  gradients within the platform by modeling with a multinode 
thermal  network. 
program,  s ince the above discussed modeling analyses were sufficient to 
determine feasibility of the proposed thermal control approach. 

The bat tery on the other hand would heat up to 

In this case, the communications package would remain a t  essentially 

This  analysis would consider  realistic insulation for  each package, 

Such detailed analysis w a s  not warranted for the present 

THERMAL CONTROL SUMMARY 

On the bas is  of the above discussed Thermal Control Conceptual Design, i t  is 
suggested that the requirements  of the HDS can b e  met  with a highly reliable,  
passive approach, Key elements of this  approach a r e  

1. 

2.  

3.  

4. 

5. 

Low @,/E coatings on a l l  external surfaces  (except the solar  
cell surfaces) .  

Thermal  isolation of the cover and solar panels from the rest 
of the spacecraft  (except by radiation). 

Thermal  connections as needed from the electronic support 
equipment to the sidewalls only by the way of the mounting bulk- 
head, thermal  s t r aps ,  a n d x a t i o n .  

A local  sun shield around the radiometer view port to eliminate 
so la r  energy incident to the experiment package. 

Very  careful  thermal  isolation of the experiment package - 
radiometer ,  s ta rmappers ,  sun sensors ,  cryogenic cooler - 
from all pa r t s  of the spacecraft  except the highly radiative 
baseplate . 
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SPACECRAFT CONCEPTUAL DESIGN 

The spacecraft system w a s  conceptually configured to fulfill the integrated 
requirements of the experiment and the supporting subsystems. The princi-  
pal  goal of the individual subsystem study areas was a conceptual definition 
of that subsyskiii  and its interfaces that would fulfill the defined system and 
mission requirements.  
cerned with gathering these subsystems and experiment e lements  together in 
an integrated spacecraft  system configured within the defined HDS require-  
ments envelope. 
constraints (physical, environmental, e tc .  ) evolved that affected both indi- 
vidual subsystems and the total system. 
the affected areas, analyzed, and evaluated through pertinent tradeoff studies,  
and the subsequent changes - i f  any - were integrated into the var ious system 
levels .  This same feedback loop served to incorporate and evaluate the con- 
tinually changing concepts and design approaches that a r e  an essent ia l  par t  
of such a study program. 

The spacecraft  design and integration effort  was con- 

During this integration and configuration effort, var ious 

These  constraints  were  fed back to 

EVOLUTION 

The initial spacecraft  system concept was a 54-inch diameter ,  c i r cu la r  cyl- 
inder, 36 inches deep. 
served to es t imate  the volume that would be needed to contain the subsys tems 
and to provide a basis  for  total system weight estimation. 
a. central  bulkhead for  mounting the subsystems, i t  appeared that the 36-inch 
depth would provide sufficient volume for  the subsystems as they were  then 
defined. 

Configured upon the first subsystem definitions, i t  

By incorporating 

The second concept was a hexagonal cylinder as shown in Figure 39, 54 inches 
a c r o s s  the co rne r s  of the hexagon and 36-inches deeF. 
especially compatible with fold out solar  panels and provided flat panels 
around the per imeter  for radiometer view por t s .  The experiment package, 
mounted a.t the geometric center  of the spacecraf t ,  was defined a s  two radi-  
ometers  viewing outward in diametrically opposite directions,  a cryogenic 
cooler ,  and two s ta rmappers ,  which had to view out the rear face at about 
20 degrees off the spin axis.  An investigation of internal  positioning of sub- 
sys tems on a central  bulkhead again showed that adequate volume was avail-  
able for the Subsystems. 

A radioisotope thermolectric generator ( R T G )  w a s  given consideration a s  a 
possible, p r imary  power source.  
that the RTG would have caused ser ious  problems in achieving the required 
degree of balance f o r  a spin-stabilized sys t em,  but i t  w a s  dropped f rom con- 
sideration for other reasons.  

This  approach was 

From the spacecraf t  standpoint, i t  appea r s  

Several  hexagonal spacecraft  concepts were studied which incorporated the 
cold experiment package approach. 
viewing out the baseplate a t  45" off the spin axis .  
incorporate la rger  solar  panels which allowed removal  of body-mounted 

The f i r s t  concept had s t a rmapper s  
It a l so  w a s  the f i r s t  to 
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cells.  
package which w a s  now defined to have considerably l a r g e r  diameter  radio-  
m e t e r s  and a 28-inch-long cryogenic cooler.  
in Appendix A ,  whose use  w i l l  be discussed in detail in a l a t e r  section, w a s  
used to  predict the balance charac te r i s t ics  of this  concept, The moment of 
iner t ia  was approximately the s a m e  about all axes ,  indicating that a s h o r t e r  
spacecraft  would be necessary  or  that m o r e  judicious positioning of components 
would be required.  

It appeared that radiation from the back s ide  of the fold-out so la r  panels might 
be high enough to  sa tura te  the radiometer  detector.  
cepts,  a hexagonal version with only four so la r  panels and a rectangular  v e r -  
sion with two so lar  panels, w e r e  suggested to  eliminate the problem, 
rectangular concept w a s  studied in sufficient detail  t o  show the feasibil i ty of 
thermally controlling the experiment package and the internal  components and 
to  determine that there  w a s  sufficient volume for  mounting the subsystem 
com ponen t s . 
An analysis was conducted to determine the change in  moment of ine r t i a  that 
would occur upon folding out the v e r y  l a rge  solar panels associated with the 
rectangular spacecraf t .  The values  given below resulted,  where x is the 
spin axis and y and z a r e  the t ransverse  axes  (in the direct ions with and 
perpendicular to the direction the panels fold out, respectively).  

Another s imi la r  concept incorporated a new version of the experiment  

The computer program discussed 

Several  spacecraf t  con- 

The 

Ix , lb-ft2 
2 I , lb-ft  

2 Iz ,lb-ft 
Y 

Panels in Pane l s  out 

1385 2160 

1850 1800 

1090 1800 

These  values indicate a high degree of instabil i ty (about the des i red  axis)  when 
the panels a r e  folded in. 

An analysis w a s  also conducted to determine the resonant frequency of these 
l a rge  panels. It was shown that, with a hinge s t i f fness  equal to the st iffness 
of the 1/2-inchdeep honeycomb panel, the panel  na tura l  f requency would con- 
servatively be 40 t imes  the rotational frequency. 
not cause any major disturbance to spacecraf t  control.  

Therefore ,  the panels  should 

Attempts were  made a t  one point during the study to configure a spacecraf t  
which could accommodate redundant s t a rmapper  s with 2 6- i n c h d i a m e  ter 
baffles, as shown earlier in F igu re  10, and which viewed out the r e a r  face 
at 45 degrees off the spin axis .  Substituting conical, spherical ,  or segmented 
bases  for the flat plate or extending a sun shading l ip downward f r o m  the base  
plate provided only the capacity to incorporate  approximately 18-inch baffles 
at 25 degrees off axis  without making m a j o r  spacecraf t  changes or abandoning 
the thermal  control approach of radiative cooling f r o m  the base  plate. Smal l e r  
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megaphone-type baffles for  u se  in the dark portion of the orbit  and sun sensors  
fo r  u se  in the lit portion of the orbit  were l a t e r  substituted for the l a rge  multi- 
sur face  absorbing fabbles. 

A s  the radiometer  concept evolved, it became increasingly difficult to include 
the dual redundant units in the Improved Delta spacecraf t  concept. 
w a s  conducted to suggest severa l  methods of installing dual radiometers  in a 
spacecraf t  compatible with the Improved Delta,  
d iameters  and lengths. 

A study w a s  

Table 14 shows the related 

A s  the horizon definition system study progressed,  a radiometer  concept in- 
corporating a single optical system with redundancy in  the c r i t i ca l  a r e a s  w a s  
defined. This  approach w a s  integrated into the experiment package concept 
shown in F igure  40 and greatly enhanced the experiment package/ spacecraft  
compatibility. 
porated into the system at  this t ime and served to eliminate radiation from the 
hot so la r  panels and the sun into the radiometer detector and t o  reduce the 
heat load into the experiment package. 

Balance calculations were made for  this concept with a basic mounting bulk- 
head and th ree  revised vers ions of the bulkhead, 
of Is/$ = 1.2 obtained indicated feasibility of balance for  the rolling-wheel 
concept fo r  use  in  this mission. 

A sun shield around the radiometer view port  w a s  a l so  incor- 

The very promising resu l t s  

Another configuration of an  integrated experiment package, as  shown in 
F igure  41, allowed a reduction in spacecraft  length to 40 inches, 
this  vers ion w a s  made relat ive to component positioning and balancing, and 
it w a s  found to provide an at t ract ive ratio of spin-axis to t ransverse-axis  
moments  of iner t ia  of about 1.25. 

A study of 

FINAL SPACECRAFT CONCEPT DESCRIPTION 

General 

The  finally evolved concept of the total spacecraft, shown pictorially in 
Figures 42 and 4 3 ,  was configured to meet the requirements  of the six 
subsys tems.  Several  important features  of this final concept are 

A dual temperature  environment is maintained within the 
spacecraf t ;  the experiment package is kept at approxi- 
mately - 100°F and the supporting equipment a t  about 75°F. 

T h e  domed ends allow room for the long experiment package 
without upsetting the spacecraft  balance. 

The  so lar  panels and sun shade a r e  folded along the body 
of the spacecraf t  in the launch configuration. 
orientation by the booster ,  the so la r  panels fold out to their  
f inal  position, The spacecraft  is then ready for  spin-up. 

0 

0 

0 
Upon orbi ta l  
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TABLE 14. - DUAL RADIOMETER INSTALLATIONS 
I N  AN IMPROVED DELTA SPACECRAFT 

ipacecraft 

Hexagonal 

Hexagonal 

Hexagonal 

Hexagonal 

Hexagonal 

Square 

Diameter, i r  

Under 12 

Under 20 

Under 20 

Under 20 

Under 20 

Under 1 I 

Length, in. 

45 

I- inch length 
o r  20 inch di- 
m e t e r .  Lengtt 
ncreases  for  
m a l l e r  diam - 
ter .  

45 

45 

23 

38 

Remarks 

ide by s ide between two opposite 
aces; fa i r ly  simple to sun shield. 

nstalled a t  an angle approaching 
he  aqqle of the f ace  adjacent to 
he exi: aper ture .  

In top of each other between two 
,pposite faces ,  hard to sun shield,  
h r r m a l  control and power subsystem 
Ieriously affected. Spacecraft  
)alance affected because cooler is 
)ff-axis. Spacecraft  becomes ve ry  
.ong. 

Staggered above each other a s  in 
last  case.  Same remarks  apply. 

Single tube, back-to-back radiom- 
e t e r s  pointing opposite directions.  

Side by s ide  in a squa re  spacecraf t .  
t he rma l  design and power design neec 
revieion. Balancr may be difficult. 
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0 A very  clean and simple external surface is available for  
complete use  in spacecraft  thermal control. 

Structural  Subsystem 

The final configuration of the s t ructural  subsystem is shown in  F igures  44 
and 45. This  configuration demonstrates compatibility with both the sys tem 
requirements  and the selected launch vehicle. 
plate c a r r i e s  thrust  f rom the booster out to the periphery of the spacecraft  
where the load f rom the upper portion of the spacecraft  w i l l  be supported. 
Even more important, i t  s e rves  as the mounting platform and cooling radi-  
a tor  for  the experiment package. The casting a s s u r e s  good thermal  con- 
duction (minimum thermal  gradients) and a minimum of internal stresses. 
The flat ,external surfaces  offer no cavities for  higher heat absorption and 
can  be covered with special  coatings i f  needed. 
booster interface bolt c i rc le ,  the internal mounting platform, the periphery,  
and the spacecraf t  sidewall mounting surface will be machined surfaces .  A s  
w a s  shown in Figure 16, the baseplate and experiment package a r e  thermally 
isolated f rom the rest of the spacecraft .  

The heavy, cas t  aluminum base- 

Mating surfaces,  such as the 

The superinsulation, which was described in the ear l ie r  thermal  control 
section, w i l l  enclose a l l  pa r t s  of the experiment package except the mega- 
phone baffles on the s ta rmappers .  I t  will require  special attachment and 
support design to minimize heat t ransfer  and will tie directly into the plastic 
supports between the baseplate and sidewall. 

The plastic supports between the baseplate and the sidewall se rve  to reduce 
the heat t ransfer  f rom the sidewall into the baseplate. They must also c a r r y  
the thrust  load, but these plastics a r e  typically in the 20 000 psi  compressive- 
yield strength class, so several  square inches of plastic would yield a very  
high safety factor and reduce the heat conduction to an acceptable level.  The 
plastic insulating ring at the top of the sidewall is a s imi la r  design: however, 
the thrust  l eve l  is great ly  reduced. 

The white painted, aluminum sidewalls and the s t ructural  skeleton are fully 
descr ibed i n  Figure 44. 
skeleton s t r inge r s  will allow removal of each panel as needed for  access  to 
internal  components. 

The  spacecraf t  cover  s e rves  to enclose the s t ruc ture  and reflect so la r  energy. 
I t  is envisioned as a plastic honeycomb core between two highly reflective 
sandwich faces. 

, 

Screw attachments between the wall panels and 

It  should have high strength and good insulating propert ies .  

The solar-panel substrate  will be an aluminum-honeycomb mater ia l  with very  
high strength- to-weigh t properties,  high resonant frequencies, and satisfactory 
thermal  conduction, an  approach proven a number of t imes in space a.pplications. 
They w i l l  b e  thermally insulated f rom the body of the spacecraft .  
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The radiometer  view por t  sun shade, which folds around the hexagonal c o r n e r s  
of the spacecraf t ,  will be constructed of a highly insulated sandwich mater ia l  
with a very radiative sur face  on the shaded side.  
46 ,  is such that the sun can never  shine on any par t  of the radiometer  port .  

A rest ra ining scheme,  deploylng mechanism, and hinges will b e  required for 
the solar panels and sun shade. 
manner since they a r e  well within the s ta te  of the art and will not have an  
effect on the feasibil i ty of the concept. Thei r  reliabil i ty would be commensur-  
a te  with the level of design effort  expended. 

The shape, shown i n  Figure 

These  a r e a s  were  only studied in  a cu r so ry  

The internal component mounting bulkhead, made of aluminum-honeycomb mate- 
ria1,also s e r v e s  as a heat conductor. 
l ines  that were  designed into the thermal  control scheme, i t  is a path for heat 
to the sidewall where  i t  can  be radiated to space.  

Combined with the thermal  cont ro l / th rus t  

Subsystem Integration 

Each subsystem h a s  special  mounting o r  integration requirements .  Some of 
the major i t ems  that were  met by the final spacecraf t  concept a r e  discussed 
below. 

Experiment package, -- This  single unit, a precisely aligned optical 
instrument ,  is enclosed within a cooled and stable environment. 
ome te r  views out one panel of the spacecraf t  r im and its port  is shaded f rom 
the sun and so la r  panels by a cool shade. 
ward ,  120 degrees  ahead of and behind the rad iometer .  
baffles, thermally insulated f rom the r e s t  of the experiment  package, a r e  
tied into the sidewall for  cooling. 
tects  the "cold finger" which extends f rom the cryogen to the radiometer  de- 
tec tor .  Essent ia l ly  all heat producing electronics  associated with the experi-  
ment package have been installed on the bulkhead, with only a minimum 
number of well-insulated wire  connections a c r o s s  the superinsulation. 

F igu re  47 depicts  the conceptual approach of fi l l ing and servicing the cryogenic 
cooler  af ter  i t  is installed in  the spacecraf t  (even af ter  the spacecraf t  is 
mounted on the boos te r ) .  Quick-connect f i t t ings through the cover  plate on the 
booster  interface r ing accept cryogen and re f r igerant  l i nes  fo r  refi l l ing and 
freezing through the Mylar  l ines  to the cooler  a s  needed. 
connects will be through a hole in  the fairing which matches  a hole i n  the 
booster  adapter  r ing.  
l ima te  during orbi t  operation. 
sublimate venting w i l l  be through the spacecraf t  cen ter  of m a s s .  

The radi-  

The s t a rmapper s  view radially out- 
The i r  megaphone-type 

Axial mounting of the cryogenic cooler  p ro -  

Access to the quick- 

The l ines  a l so  s e r v e  as venting l ines  to remove sub- 
They w i l l  be oriented s o  that any thrus t  f rom 

Attitude control.  - - The horizon s e n s o r s  view radial ly  outward, but 30 
degrees  in the axial  direction. 
coil plane,so they intersect  the ea r th ' s  horizon at the proper  t ime for Signal 
synchronization. 
c r a f t  

They a l so  are about 68 degrees  behind the spin- 

The precession dampers  ofi opposite s ides  of the space-  
a r e  oriented in the axial  direction of the spacecraf t .  
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Data handling. -- The data processor  and data s torage  boxes a r e  on oppo- 
s i te  s ides  of the bulkhead, meeting the requirement for  shor t  interconnecting 
l ines.  

Communications. - -  The transmitt ing antennas are positioned so their  
energy w i l l  not affect  readings made by the s t a rmapper s  o r  radiometers .  
s e t s  of antennas a r e  positioned so their  transmitt ing pa t te rn  o r  receiving 
field of view w i l l  not be affected by other spacecraft  protrusions,  i. e . ,  the 
s tubs  a r e  on the ends of the spacecraft  and the s lo t s  a re  on the ends of the 
solar panels. 

A l l  

Power, - -  The fold-out solar  panels a r e  mounted so they w i l l  never be 
shaded f rom the sun i f  ea r th  orientation and orbi ta l  l imi t s  a r e  maintained. 

Component mounting bulkhead. - -  The assumption was made that each 
component could be built with EM1 control and that the ma jo r  interference 
requi rement  for mounting components on the bulkhead would be to  u s e  c a r e  
i n  positioning the interconnecting wires .  It was therefore  possible t o  posi- 
t ion components on the bulkhead to achieve spacecraf t  balance. 

Spac e c r  af t Balanc e 

The computer program, which w a s  discussed ea r l i e r  in this  report  and is 
included in  Appendix A, w a s  used to analyze the balance of the final space- 
c ra f t  concept. 

The total  spacecraf t  can be pictured a s  being made up of two types of com- 
ponents; those  that m u s t  be in a cer ta in  place ( such  as the experiment pack- 
age ,  w a l l s .  so l a r  panels,  etc. ) and those which could be moved around some- 
what i f  necessa ry  to  achieve balance (such a s  components on the mounting 
bulkhead). 
ponents showed a considerable unbalance, mainly because the  heavy radio- 
m e t e r  opt ics  and sun shade a r e  located far off axis.  

The details  of the analyses a r e  included in Appendix B. 

The moments of iner t ia  of this concept due only to  the fixed com- 

A number of ea r l i e r  moment of inertia calculations indicated what might be 
a des i rab le  bulkhead arrangement .  
shown in  F igu re  43 w a s  t r i ed  and resul ted in 

Using those r e su l t s ,  the  arrangement 

2 

2 

2 

= 2436 lb-ft 
I X  

I = 1873 lb-ft 
Y 

= 1896 lb-ft IZ 

Adding five pounds of weight on the baseplate in each corner  opposite the 
r ad iomete r  optics yielded 
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2 

2 

2 

= 2 4 7 6  lb-ft 
IX 

I = 1930 Ib-ft 
Y 

I = 1934  lb-ft 
z 

I The principal spin ax i s  w a s  about 3 . 9  degrees  off the geometric, p re fe r r ed  
axis.  
passed (1.29 without dead weight) and that the desirable  k 5  percent  variation 
in  the t ransverse  moments of iner t ia  w a s  achievable (approximately zero) ,  
even with the la rge  a s sembl i e s  of subsystem components assumed here .  
Breaking these boxes into sma l l e r  portions would simplify the balance pro-  
cedure.  The fold-out solar  panels provide a significant portion of the total 
spacecraft m a s s  moments of inertia.  
below were t rue  for  one c a s e  calculated. 

These resu l t s  indicate that the desired ra t io  of I /I  
X Y  

= 1. 20 w a s  s u r -  

It w a s  determined that the values shown 

2 I x ,  lb-f t  

Pane ls  in Pane l s  out 

1735  2 2  10 

1565  1870  

1565 1870  

2 

2 

I , lb-f t  
Y 

Iz , lb-ft 

It can be seen that no significant unbalance occur s  fo r  th i s  hexagonal concept 
when the panels a r e  folded along the body of the spacecraf t .  

Spacecraft T h e r m a l  Control 

The final spacecraf t  concept incorporates  a local  sun shield around the radio-  
m e t e r  view port ,  a superinsulated experiment package compar tment ,  a com - 
ponent mounting bulkhead thermally t ied to  the spacecraf t  sidewalls,  and 
radiation from all spacecraf t  external  sur faces ,  
w a s  discussed in Thermal  Control Conceptual Design. 
experiment package w i l l  s tay at about - 1 0 0 ° F  and the bulkhead t empera tu re  
w i l l  be about 75'F. 

This  approach is just  as 
Therefore ,  the 

Alternate Spacecraft  Concept 

An al ternate  sonceptual spacecraf t  w a s  configured to  accommodate the exper i -  
ment package shown in F igu re  48. This  somewhat r ev i sed  experiment  package 
is different from the final vers ion  descr ibed  earlier i n  F igu re  11 in that  it h a s  
"straight through'' s t a rmapper s  viewing in  the opposite direction f rom the  
radiometer.  It a l so  shows a n  approach at assembl ing  all p a r t s  of the package 
into a single unit. 
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The most  significant change necessary in the conceptual design w a s  to  lengthen 
the spacecraf t  two inches. 
all components w e r e  repositioned with respec t  to  the center  of mass .  Balance 
calculations showed 

This  change affected the spacecraf t  balance s ince 

2 

I = 1950 lb  - f t 2  

2 

= 2432 lb  - f t  IX 

I Z  

Y 
= 1973 lb  - f t  

The spin-axis to t ransverse-ax is  moment of iner t ia  ra t io  is approximately 
1.24, only slightly g rea t e r  than the desired minimum of 1.20. 
control  approach is unchanged f rom t h e  previously discussed concept. 
concept offers  a very  at t ract ive method of assembling the experiment package 
and cer ta inly m e r i t s  fur ther  study, 

The the rma l  
This  

Booster Interface 

The final spacecraf t  concept would interface with the standard Delta and the 
long Agena fair ing as  shown in F igure  49. T h e r e  is a considerable excess  
length and a sma l l  margin in diameter fo r  some spacecraft  protrusions o r  
growth. Bumper pad mounting between the spacecraf t  and fairing could be 
provided i f  needed. 

The s tandard  18-inch-diameter booster interface r ing w a s  selected because i t  
ma tes  nicely with the des i red  thrust  line into the experiment package. 
spacecraf t  side of the V-block clamping r ing has  been shown as  a bolt-on, but 
could just  as  w e l l  be  cas t  direct ly  onto the baseplate.  

The 

Operational Changes 

Only minor  changes in the physical propert ies  of the spacecraft  w i l l  occur  
during the one-year operation. 
used, t he re  w i l l  be a decrease  in m a s s  moment of iner t ia  about the spin ax is  

2 2 of about 3 lb-ft and a decrease  about the t r ansve r se  axis  of about 18 lb-ft . 
Neither value w i l l  have a significant effect on the body dynamics, 

Assuming the cryogen in the cooler w i l l  all be 

CONCLUSIONS 

Severa l  significant conclusions were  drawn from this conceptual design study 
of a n  integrated system configuration and the s t ruc tura l  and thermal  control 
subsys tems.  They a r e  summarized below: 

0 A hexagonal cylinder,  54 inches a c r o s s  the hexagonal 
c o r n e r s  with 35-inch side w a l l s  and 7-inch-deep domed 
ends, w a s  configured within the basic  requi rements  set  
for th  in the Horizon Definition Study. Specific fea tures  
of this  concept are: 
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Figure 49. Sp ac ec raft / Booster Int erf ac e 

44.00 



Dimensions are  well within the allowable 57-inch- 
diameter  and 120-inch-length envelope of the Improved 
Delta nose cone. 

A total  spacecraf t  launch weight of 723 pounds, is 
also w e l l  within the capability of the Improved Delta. 

High reliabil i ty is inherent i n  the simple,  passive 
type of operation af ter  initial erection of fold-out 
solar panels and sun shade. 

All  ma te r i a l s  and procedures  to be used a r e  well 
within the s ta te  of the a r t .  

The "clean" exter ior  of the spacecraft  is completely 
available for thermal  control. 

A stable  the rma l  environment fo r  the experiment 
package, conducive to maintaining the necessary  
p rec i se  alignment. 

Sufficient design flexibility to accommodate var ia -  
tions in experiment package configuration, subsystem 
supporting electronics,  solar  panel length v e r s u s  
power requi rements ,  and heat input power and heat 
dissipation charac te r i s t ics  of the subsystem compo- 
nents. 

0 T h e  spacecraf t  system discussed above exhibits physical and 
functional in te r face  compatibility between all components 
2 n d  siihsystems. 

0 A spin-axis to t ransverse-axis  moment of iner t ia  ra t io  of 
1. 29 w a s  achieved fo r  the final concept, well in excess  of 
the desired minimum of 1. 20. The spin ax is  for the f inal  
concept w a s  only about four degrees away from the geo- 
m e t r i c  axis which could be corrected by repositioning 
components o r  adding other weight. 

0 T h e r m a l  balance calculations, based on the subsystems as  
they are  present ly  defined, showed that careful  thermal  
control  design would provide a compartment for  the experi-  
m ent package that could be maintained within f ive degrees  
of -100OF. 
equipment could be kept near  

Similarly,  a section for electronic support  
75'F. 
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APPENDIX A 
A TECHNIQUE FOR EVALUATING THE MOMENTS 

OF INERTIA AND PRINCIPAL AXES OF 
A N  ASSEMBLY OF COMPONENTS (TEMPAC) 

SUMMARY 

A computer program has  been written which uses  a definition of the components 
comprising a total assembly, such a s  a spacecraft o r  missi le ,  and calculates 
important dynamic propert ies  of the assembly. 
mass ,  m a s s  moments of iner t ia  about some set  of reference axes,  center of 
m a s s  location, m a s s  moments of inertia about axes  through the center of 
m a s s  and coincident to the reference axes,  principal mass  moments of inertia,  
and the orientation of the corresponding principal axes.  The program has 
been designed so a number of fixed components can be input and the calcu- 
lated values stored. Many different combinations of variable components can 
then be added to the s tored values,making the program a powerful design tool 
a s  well as a calculating tool. 

Those propert ies  a r e  total 

TECHNICAL DEVELOPMENT 

The m a s s  moments of iner t ia  of an assembly of individual components controls 
the dynamics of the assembly. 
iner t ia  of each component about its own axes and the t r ans fe r  t e r m  to  the total 

It is made up of two par t s :  the moment of 

.. ----Ll-. ..---.-. - &*." .. J U - L U " .  

By choosing a set  of coordinates as shown in Figure A l ,  where Px, P and 
Pz are  the component principal axes  and Pxx, P and Pzz a r e  axes  coin- 

cident with the assembly geometric axes ,  it is possible todescr ibe fully the 
location and orientation of a component relative to the central  axes  by giving 
x, y, and z and Euler  angles 8, $, and I&. Furthermore,  the component 
moments of iner t ia  about Pxx, P and Pzz can be found from the double dot 

product of the appropriate unit vectors and the iner t ia  dyadic formed from the 
component principal moments of inertia. 

Table  A 1  shows the component shapes that have been incorporated into the 
computer program. The code and dimensions serve  
to  fo rm the iner t ia  dyadic f o r  the particular shape chosen. 
were  found to  be sufficient for most cases .  

Y: 
YY' 

YY, 

to instruct the computer 
These shapes 

Trans fe r r ing  of moments of iner t ia  to the geometric axis  of the assembly can 
then be accomplished,but is not yet sufficient because a spinning body w i l l  spin 
about i t s  pr incipal  axis,  always through the center  of mass .  
orientation and t r ans fe r  needed is shown in  Figure A2. 

The possible 
A cubic equation 
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describing the momenta1 ellipsoid can then be formed from the center  of m a s s  
moments and products of inertia;  i t s  solution yields the three  principal axes,  
and their orientation can be determined by substituting values back into the 
ellipsoid equations. 

COMPUTER PROGRAM 

The program, written in For t r an  IV language, requi res  only a definition of 
the component in t e r m s  of code (from Table A l ) ,  mass ,  coordinates, or ien-  
tation angles, and dimensions corresponding to the code, a l l  on one input ca rd  
for each component. A typical output i s  shown as Table A2,  where explanations 

I of the outputs a r e  given. 
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TABLE A l .  - COMPONENT SHAPE AND MOMENT OF 
INERTIA EQUATIONS 

$ m b 2  + m a 2  

1 2 2 1 2 2  3m(c +a  1 gm(a +b  1 

$a2 +ma2 

;ma2 2 2  -ma 5 

:omputer 
Shape I 

pX ode 

0 

1 

- 0 

Any shape Given Given I Given 

Rectangular 
plate 

3m(b 1 2 2  +a  1 
2 

- 

3 

- 

4 

- 

5 

Rectangular 
cuboid 

1 2 2  3m(b +c  1 

C ircu I ar 
plate 

Solid 
cylinder 1 7  

Hollow 
cy I i nder 

2 2  im(a  +c  6 

Sphere 
2 2  -ma 5 7 

a J  
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TABLE A2.  - TYPICAL COMPUTER PRINTOUT 

IX - l!172.5205999 
IY - 2004.7548416 
IZ - 1973. 7242583 
IXY - 1.1250000 
IXZ - -38.6034000 
IYZ - -12.9600000 

Moments and products of inertia about chosen . i w s  

IXC - 1954.3209094 
IYG - lB85.4702493 

- 1972.2865565 1 ZG 

IXYC; - 1.59661323 
IYZC - -14.7430615 
I Y % C  - -33. Bd55065 

I’ - 0.591208E 04 

, Moments and products of inertia about centcr of mas6 J \ C S  

Q - 0.116493E OB R - -0. 765025E IO Momenta1 ell ipsoid equation coefficients 

hl - 2004.72872 

K2 - 192G.46457 

0.00000 - Principal montent of inertia 

X / Y  - O.91I4OE00 \ 
Y / Z - 0. 7 I 175E 00 Orientdtion d principal ax is  
Y / L  - 0.64860E 00 J 

0.00000 

X/Y - 0.434titlE 01 

x/z - -0.1290!)E 01 

Y / Z  - -0.2fl317E 00 

K3 - 1980.88442 0.00000 
X I Y  - -0.52934E 00 

Y / Z  - -0.2714tiE 01 

? ( / Z  - 0.14369E 01 
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APPENDIX B 

F I N A L  SPACECRAFT BALANCE 

In o rde r  to demonstrate the use of the computer program for spacecraf t  
balance calculations, the total procedure is  shown in this appendix using the 
f i n a l  vers ion of the conceptual design a s  shown in F igures  B1 and B2. 
encoding procedure for  the computer is shown as Tables  B1 and B2 with some 
explanation provided on the table. 
the geometr ic  center  of the hexagon at the plane of intersection between the 
sidewall and the baseplate, with x along the spacecraf t  spin axis, z parallel  
t o  the rad iometer  view direction, and y completing the right-handed system. 

The 

The origin of the axes  w a s  chosen to be 

Table B1 rep resen t s  those components which a r e  not movable. 
var ia t ions from Figures  B1 and B2 except that the bulkhead integration section 
has  been grouped into a single unit. 
Case  1 output, Table B3. 

There  a r e  no 

This  portion of the table represents  the 

Table B2 rep resen t s  those components which a r e  f r e e  to  be moved around on 
the bulkhead to  achieve spacecraft  balance. 
f rom e a r l i e r  balance studies. 
nonmovable p a r t s  of the spacecraft, is shown in  Table B4. 
pound dead weight in  each lower corner  of the spacecraft  opposite the radio- 
m e t e r  m i r r o r  r e su l t s  in Case 3 shown as Table B5. 

The arrangement  shown resul ted 
Case 2, the combination of the movable and 

Adding a five- 

In all output c a s e s  the x, y, and z components of the principal axes  can 
be determined by assigning a value t o  z and calculating x and y. For 
Case 2, the total spacecraf t  without the addition of dead weight, the values 
a re :  

x = 8.27 
y = 0.13 

z =-1.00 

f o r  the pr incipal  spin axis. 
tion away f rom the geometr ic  spin axis. The center  of m a s s  is 20 inches 
above the  baseplate,  about 1 /2  inch off-axis toward the radiometer  optics. 

This  corresponds to  about a seven-degree var ia-  

1 2 1  



Figure B1. Conceptu 
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B O T T O M  VIEW OF BUCHHEAD MOUNTING BULKHEAD 

Figure B2. Con 
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TABLE B3. - COMPUTER OUTPUT, FIXED COMPONENTS 

K 1  = 1 9 ~ 5 . 7 7 6 R 4  * O O O O @  
X / Y  = 0 r 1 3 7 4 7 F  0 3  
Y / 7  = * 6 7 6 4 3 E - 0 1  
x / 7  = -.Y2993E 0 1  

l / Y  = - * 1 9 7 6 5 E  0 1  
Y / Z  = - * 5 4 2 0 3 F - 1 1  
X / Z  = * l r ) ' f 1 3 E  @ D  

X / Y  = *12953€-fll 
Y / Z  = e 1 9 9 3 4 E  02 
X / 7  e245'6E 00 

K 7  = 1 4 4 1 . 3 6 6 5 5  .9ooof l  

K 3  = ~ 7 4 1 . 0 0 6 4 R  , O l ) n O @  
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TABLE B4. - COMPUTER OUTPUT, FIXED AND MOVABLE 
COMPONENTS 



TABLE B5. - COMPUTER OUTPUT, FIXED AND MOVABLE 
COMPONENTS WITH ADDED DEAD WEIGHTS 
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