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FOREWORD

This report was prepared under NASA Contract NAS 8-11494 and is
one of a series intended to illustrate methods used for the design and analysis
of space vehicle flight control systems. Below is a complete list of the reports
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Volume VHI
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Volume XVI

Short Period Dynamics
Trajectory Equations
Linear Systems
Nonlinear Systems
Sensitivity Theory
Stochastic Effects
Attitude Control During Launch
Rendezvous and Docking
Optimization Methods
Man in the Loop
Component Dynamics
Attitude Control in Space
Adaptive Control

Load Relief

Elastic Body Equations
Abort

The work was conducted under the direction of Clyde D. Baker,
Billy G. Davis and Fred W. Swift, Aero-Astro Dynamics Laboratory, George

C. Marshall Space Flight Center.
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conducted under the direction of Arthur L. Greensite.
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1. STATEMENT OF THE PROBLEM

The conventional launch vehicle autopilot (discussed in detail in Ref. 1) employs
attitude and attitude rate feedback to provide stability and control of the launch vehicle
and its parasitic modes. The topic of this monograph is the load-relief autopilot,
which is defined as any autopilot employing an additional feedback channel or channels
on a conventional autopilot baseline to alleviate vehicle loading or trajectory disper-
sions, or a combination of both. Use of other techniques such as seasonal pitch or yaw
programs will not be discussed in detail here.

The load-relief autopilot is primarily used during the maximum dynamic pressure
region of flight when wind veiocities produce the iargest vehicie bending momenis.
The time of usage is dependent, however, on the selected control law. Control law
properties range from those which produce large load relief coupled with large trajec-
tory dispersions to those which minimize trajectory dispersions and produce minimal
load relief.

The analysis of a load-relief autopilot is a complex engineering task. To properly
perform this task, the analyst must utilize the techniques of many technical disciplines
including stability and control, structural loads, trajectory and performance, and
aerodynamic heating. Constraints in each area must be adhered to, which result in
compromises for the optimum overall design. In addition, hardware and reliability
constraints must also be considered.

Stability requirements restrict autopilot gain and compensation values. These
restrictions are determined through analyses of rigid body control, lateral drift, liquid
propellant sloshing, and elastic bending modes.

Trajectory and performance analysis is necessary with a load-relief autopilot, in
that the relief of loads creates trajectory dispersions of a magnitude different from
those encountered with the conventional autopilot. The guidance system must allow for
these dispersions and be able to correct for them. If there were no restrictions on the
maneuvers which the launch vehicle might make during the powered flight, the guid-
ance would be relatively simple, and the only major obstacle would be that of precision
in guidance. However, the structural limitations due to loading and aerodynamic
heating and flight performance requirements will combine to restrict the trajectory
in such a way that only limited correction maneuvers can be employed.

The vehicle structure determines the limit allowable loads and hence the limit
allowable bending moments. The bending moments on the vehicle during flight are
imposed by axial acceleration, aerodynamic loading, propellant sloshing and rigid body
control response. To get a true indication of actual flight conditions, a time-varying
analysis using either design winds or statistical wind samples must be performed.



The aerodynamic heating analysis is dependent upon the vehicle trajectory. Aero-
dynamic heating input changes when the vehicle trajectory is altered by the wind
response of the load-relief autopilot and also when these trajectory dispersions are
corrected by guidance commands. Aerodynamic heating should therefore be analyzed
in the same manner as the structural loading.

This monograph will describe the load-relief autopilot in enough detail to guide
the analyst in application to a specific launch vehicle. Section 2, STATE OF THE ART,
presents an introduction to control laws, the advantages and disadvantages of some
typical control laws, and a résumé of the control laws investigated by industry and
governmental institutions. Section 3, RECOMMENDED PROCEDURES, outlines five
steps for analysis of load-relief autopilots with detailed examples from the references.

The load-relief autopilot is not a panacea for launch vehicles. For existing vehi-
cles it is, however, one valid technique for possible alleviation of loads and/or trajec-
tory dispersions. It is most powerful, however, if analyzed in conjunction with new
launch vehicle designs. This allows the load-relief autopilot to help define the vehicle
constraints rather than having the vehicle constraints define the load-relief autopilot.
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2. STATE OF THE ART

Any discussion involving stabilization of aerodynamically unstable launch vehicles
should begin with a control law. A general expression for control laws is

6 = -KAz:lxnxn 1)

where K, is the gain associated with X;,, a measured dynamic quantity. In this form
necessary compensation for parasitic mode stabilization is neglected, allowing ease of
comparison between typical control laws. The following linearized vehicle equations,
to be used for this control law comparison, neglect the effects of elastic bending,
propellant sloshing, engine actuator, and sensor dynamics.
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Figure 1 is' a diagram of the coordinate systems associated with these equations.

Autopilot transient effects may be obtained by examination of the characteristic
equation. To calculate this equation, assume a control law of the form

6 = ~K,(Kgb + Kgb + K p) . (5)

From Eq. (2) through (5) the characteristic equation can be shown as
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Figure 1. Geometry of Vehicle, Pitch Plane

The three roots are a complex conjugate pair associated with the rotation of the
vehicle about its center of gravity (rigid body control mode) and a single root asso-
ciated with the lateral drift of the flight path in response to wind.

The lateral drift root during the flight time of interest is small compared with the
value of the rigid body control mode roots and therefore can be ignored.

The same results can be obtained by a derivation ignoring the lateral drift of the
flight path, Eq. (2). Thus, substituting Eqs. (4) and (5) into (3)
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Comparison of the denominator of Eq. (7) and the system characteristic equation,
Eq. (6), shows the terms containing vehicle velocity, V, in the characteristic equation
have been removed.

A "quasi-steady-state' will be defined as the condition when the derivatives of 6 in
Eq. (7) are set equal to zero. Performing this operation on Eq. (7) and manipulating
the resulting equation with Eqs. (2), (3), and (4) produces quasi-steady-state equations
for a, 6 and il' Table 1 shows these equations for four typical control laws. The ZI
term is a measure of vehicle trajectory dispersion. Bending moments on the vehicle
at any station i can be represented by B.M.; = M, ia + M 16. Hence, o and 6 are
indications of vehicle loading.

The first control law in Table 1 is the attitude control law which utilizes attitude
error and body rate for control and stability respectively. The drift velocity is a sin-
gle time-lag function of the autopilot and vehicle parameters. Because K AKgHe > Hoy
for rotational stability, the drift velocity approaches the product of the wind angle of
attack and vehicle velocity. The direction of drift is with the wind. The engine gimbal
angle is a function of the gain, Kg» of the position reference. As Kg increases, the
engine gimbal decreases. The same is true for the angle of attack which decreases as
KG increases. The upper value of Kg is limited, however, by stability when higher
order system dynamics and parasitic modes are considered.

Application of the load-relief control law with angle-of-attack feedback exhibits the
same vehicle properties as the attitude control law. In addition, as K, is increased,
the values of o and 6 decrease. This provides an additional control variable to adjust.
The gain, however, has a lower and upper boundbased on stability. The lower bound is
HcKa(Kg + Ky) > py, for rotational stability. When the autopilot gains are such that
(Tt - D)(cKaKy - by ) > KaKg(unTe + HeLy) the vehicle changes drift direction and
drifts into the wind. This drift mode is an unstable mode but may be tolerated for short
periods of time.

A special case of the load-relief mode is the minimum drift control law. The gain
criterion for this law is (Tp - D) (K KsK,, - 4y) = KpKg(K, T, + “cLa)' This mode
produces a zero steady-state drift while the load relief remains as discussed above.
Vol. I, Part I of this series of monographs (Ref. 1) presents a comparative final
value analysis which indicates that the drift velocity for a step input wind angle of
attack is reduced by over a factor of 50 when comparing the drift minimum control law
to either the attitude orload-relief control laws.

The last control law presented on Table 1 is minimum load. The control equation
indicates that this mode does not use an attitude error feedback (Kg = 0) and results in
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Table 1. Steady State Value Summary
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zero values for @ and 8, causing the vehicle to turn and drift into the wind. This con-
trol law produces large trajectory dispersions due to this lack of attitude reference and
the unstable lateral drift mode.

From this brief discussion it would appear easy to select a control law meeting the
criteria imposed by the study. However, the selection is guided not only by the study
criteria but also by the constraints imposed by the autopilot, vehicle, and mission.
Table 2 is a r@sumé of the control laws that have been investigated by various private
and governmental institutions. As the table indicates, the control laws extend from the
previously discussed minimum drift concept to forms utilizing body and inertial coor-
dinate system dynamic quantities in various combinations. The methods used to arrive
at a control law and complete the required analyses are explained in the next section.

Table 2. Control Law Summary

REFERENCE NUMBER
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3. RECOMMENDED PROCEDURE

As in conventional autopilot analyses, the load-relief autopilot design must pro-
ceed through discrete phases, beginning with the determination of the goals of the study,
usually in terms of required load alleviation and allowable trajectory dispersion. The
next phase is the determination of all constraints on the analyses to serve as a guide in
all remaining phases of analyses. Determination of a desirable control law utilizing
highly simplified mathematical models then completes the foundation for detailed anal-
yses. Detailed analyses utilizing more sophisticated and more correct mathematical
models are then performed in the areas of stability and control, trajectory and per-
formance, structural loading, aerodynamic heating, and reliability. This section pre-
sents a detailed résumé of these phases with supporting examples from the references.

3.1 CRITERIA DETERMINATION

In organizing a study to investigate load reduction methods, it is necessary to
decide upon a criterion in terms of trajectory dispersions or load alleviation. The fol-
lowing discussion, based on Ref. 9, is primarily concerned with load alleviation as its
criterion. For a given launch vehicle there is a definite lower limit below which there
is no reason to reduce the bending loads, since there is always a point at which some
condition other than bending load becomes critical. For typical large boosters, the
axial load at burnout is higher than in the high dynamic pressure region. Thus if the
bending load in the high dynamic pressure region becomes small enough, the combined
loading due to bending and axial load will be less than the axial load at burnout. There~
fore, there is a definite goal to strive for in load alleviation; and when this goal has
been attained, further alleviation at the expense of additional drift or control system
complexity is unwarranted.

To establish this goal for Marshall Space Flight Center (MSFC) model vehicle No.
2, axial load and bending moment time histories in response to the MSFC synthetic
wind profile with embedded jet are calculated using a conventional attitude control sys-
tem and time-varying digital loads calculation. The axial load at first-stage burnout
(maximum axial load factor) and the combined axial load and bending moment at maxi-
mum dynamic pressure are shown in Fig. 2. Bending moment is converted to an
equivalent axial load by the formula:

(Axial Load)g, ;= 4 (B.M.);/d;
1

where dj is the section diameter. As can be seen, the axial load at burnout will pro-
vide the design load for the central part of the vehicle, while the forward portion will
be designed by the loads occurring during the maximum dynamic pressure portion of
the trajectory. Looking at the loads at station 91 m., the bending moment due to wind
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Figure 2. Comparison of Axial Loads at Burnout and Combined Axial
Loads at Maximum Dynamic Pressure

shear must be reduced 38% to produce combined loads at maximum dynamic pressure
equal to the axial load at first-stage burnout. I this goal is achieved, the maximum
wind shear bending moment on the vehicle will be 2.2 x 106 kg.-m. at or near station
46.8 m., assuming uniform load reduction at all stations.

This example is one criterion applied as a basis for load-relief studies. The
tradeoffs between load-relief and trajectory dispersion were discussed briefly in Sec-
tion 2. In order to determine a valid criterion, these tradeoffs must be considered.
Table 3 presents a guide for criteria selection in terms of vehicle trajectory, vehicle
loading, and payload capability. The upper half of the table relates vehicle loading to
trajectory; the lower half relates vehicle loading to payload capability. This table is

10



Table 3. Criteria Selection Guide

TRAJECTORY DISPERSIONS
VEHICLE LOADING AT ONE DURING FIRST-STAGE
OR MORE STATIONS ' FLIGHT OR AT BURNOUT

Minimize Lateral Velocity

Maximize Reduction Limit Lateral Velocity to +Z fi/sec
Percentage Reduction Minimize Lateral Drift
No Increase Limit Lateral Drift to £Z ft

VEHICLE LOADING AT ONE
OR MORE STATIONS PAYLOAD CAPABILITY

Minimize Payload Loss

Maximize Reduction Maximize Payload Gain

Percentage Reductio?J ——== Maintain Payload Within +X Rounds

No Increase

easily extended. For example, payload capability could be expressed as velocity at
first-stage burnout and vehicle loading as launch availability. The black lines indicate
possible combinations that can be utilized in establishing a criterion. Combinations of
items not connected should be approached with caution. A typical non-joined set is
"maximize load reduction and minimize lateral velocity.' Section 2 shows that maxi-~
mum load relief is not compatible with minimum drift.

After selection of a criterion, the study proceeds to definition of the constraints.
The ability to satisfy the selected criterion is primarily dependent on the constraints

imposed by the mission, vehicle, and autopilot as discussed in the next section.

3.2 CONSTRAINTS DET ERMINATION

The constraints imposed on the load-relief study include allowable time and budget,
mission requirements, vehicle constraints, and autopilot constraints. This phase of
the analysis is often overlooked or minimized, resulting in wasted effort by proceeding

11



along a path leading to an unacceptable solution when a covert constraint is discovered.
The detail that is necessary to prevent this occurrence is demonstrated by the follow-
ing discussion of autopilot constraints from Ref. 6. In particular this example

is primarily concerned with load-relief sensors. Several different load-reduction
laws have been considered which differ chiefly in the type of sensor employed. The
initial constraint of this study was that the existing autopilot configuration must be
maintained and that changes would be in the form of an additional loop or loops to
provide load relief. '

A load-reduction autopilot which uses a lateral, body-fixed accelerometer sensor
was the earliest system to be studied in detail, since it was felt at the time to be more
feasible than systems employing aerodynamic sensors. In such a system, the accel-
erometer senses both the lateral acceleration of the vehicle produced by the aero-
dynamic loading and the thrust-vector deflection generated in response to this loading.
At low frequencies, the signal is proportional to the lateral forces divided by the
vehicle mass. The gain characteristic of the system is less than optimum, how-
ever, since the vehicle drift rate which it commands at later flight times, when
the mass is reduced, is greater than necessary. Moreover, alignment of the
sensitive axis of the accelerometer is critical. Any misalignment causes an appreci-
able component of the thrust acceleration to be picked up and interpreted as lateral
acceleration. Since the maximum lateral acceleration due to wind is less than 0.3 g,
only a small misalignment is required to produce a large error in the sensor signal.
The second disadvantage of a Z;-loopsystem is its sensitivity to parasitic modes of
oscillation. The longitudinal location, or station number, of the accelerometer is
critical. If the sensor is situated too far forward, the system is difficult to stabilize
in body bending. On the other hand, in order to maintain rigid-body stability, it must
be located ahead of the vehicle's center of percussion (as defined with respect to the
engine gimbal point). This dictates a compromise location in the interstage adapter
area, close to, but ahead of the first-mode node (point of zero deflection due to first-
mode bending). A third major disadvantage is the severe vibration environment pres-
ent in the interstage adapter. The instrument must therefore measure low-frequency,
low-amplitude accelerations with accuracy while rejecting high-frequency, high-level
accelerations. For these reasons, no attempt has been made to synthesize such an
autopilot for Atlas/Centaur.

One of the sensors flown on the first Atlas /Centaur was the Edcliff conical trans-
ducer. This instrument has undergone a lengthy development program and gave good
measurements of the angle of attack on this flight — with the exception of a large bias
error, due to electrical bias and/or sensor misalignment. A load-reduction autopilot
could be designed using this sensor, but it would require continuously programmed
gains in a manner similar to that of a system flown by Marshall Space Flight Center.
The gain variation is necessary in order to duplicate the change in aerodynamic loading
cccurring with changing dynamic pressure and changes in angle of attack, as meas-
ured by the sensor. The Atlas/Centaur autopilot does not lend itself to such changes.
In addition, the location of the boom could cause a stability problem because of a

12



possible "flyrod effect' in the boom. This would occur at the higher bending frequen-
cies — those for which the analysis is least accurate.

A similar system, using vanes mounted on the nose fairing, was rejected for simi-
lar reasons and also because of the inadequately evaluated effect of upwash~flow close
to the nose fairing, which could lead to erroneous measurements of the angle of attack.

Under trim conditions, the thrust-vector deflection angle, §, is approximately pro-
portional to the aerodynamic loading on the vehicle. The engine-deflection angle can be
sensed either through the feedback transducer or through the engine command signal,
offering the advantage of requiring no auxiliary sensors. However, the stability prop-
erties of the system suffer from the fact that the engine position is delayed by the

response time of the autopilot. This implies that the rigid body stability will suffer
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the other hand, the stability of the sloshing and bending modes is good.

The major defect of the 6-loop system is that of misalignment. In order that the
system be workable, some means of eliminating uncertainties in the position of the
booster engine is mandatory.

The misalignment problem places it at a considerable disadvantage at the present
time; hence, no attempt has been made to synthesize an autopilot for Atlas/Centaur
using this scheme.

It is possible to use the accelerometers mounted on the inertial platform, in con-
junction with the on-board guidance computer, to determine the proper heading for the
Atlas/Centaur in the presence of wind. A system of this nature has by far the largest
potential of any load-reduction scheme, since the guidance computer could be capable
of tailoring the vehicle commands to minimize loads and trajectory dispersions in a
fashion dependent upon wind conditions actually existing, rather than upon some pre-
programmed estimate of conditions. Such a system, however, is sensitive to compu-
tational lags within the digital computer loop as well as being sensitive to parasitic
modes of vibration in much the same manner as the lateral-accelerometer system.
Unfortunately, the development time for such a system would be prohibitive as the
system requires capabilities beyond those of the present guidance computer.

A fifth type of system uses the difference in pressure measured between two ports
on opposite sides of the nose fairing as a measure of the aerodynamic loading. The
differential pressure measured is directly proportional to the product of the angle of
attack (in the plane of the ports) times the dynamic pressure. There is, in addition, a
small variation due to changes in Mach number, which is equivalent to a change in gain.
Two types of differential-pressure sensors were considered which differ only in the
location of their pressure ports. Though both sensors depend upon the differential
pressure between their opposing sensor ports, the first is called the AP-sensor merely
to distinguish it from the second, or 'Q-ball, ' sensor. The AP-sensor uses pressure
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ports located about half-way down the conical section of the nose fairing at points 45
degrees away from the vehicle axes. The signals are resolved to obtain the equivalent
signals as if measured in the pitch and yaw planes. The ports are located at 45 degrees
to mitigate surface-flow effects which might otherwise predominate if one set of ports
were located next to the nose-fairing split line. This particular form of differential-
pressure (AP) sensor is slightly nonlinear in that the pressure difference measured
with one pair of ports is dependent not only upon the dynamic pressure, the Mach num-
ber, and the angle of attack in the plane of the ports, but also upon the angle of attack
in the other plane. This nonlinearity influences the effective gain of the sensor to a
small extent, depending upon the circumferential direction (with respect to the vehicle
centerline) of the relative wind vector. Nevertheless, it is not judged to be a difficulty
from the flight-control standpoint.

The AP-sensor is inherently least sensitive to sensor misalignment and is rela-
tively insensitive to mislocation of the pressure ports. In fact, the largest error is
likely to lie in the electrical bias rather than in misalignment of the sensors. '

The second type of differential-pressure sensor, the so-called Q-ball, uses three
pairs of pressure ports located on the hemispherical tip of the nose fairing. The first
pair is located in the pitch plane at 45 degrees of latitude on the spherical surface.
The second pair is situated similarly, but in the yaw plane. The third pair is used
only for purposes of instrumentation, i.e., for direct measurement of the dynamic
pressure. The first two pairs of ports are used to measure the aerodynamic loading
in a manner similar to that of the AP-sensor except that no resolution of the signals is
required. The fact that this sensor is located on the tip of the nose fairing makes it
somewhat more sensitive to port location errors. A hundredth-of-an-inch mislocation
of one port can result in a sensor misalignment of almost 0.05 degree. It is felt that
manufacturing tolerances can be held more closely than this and that the misalignment,
though worse than that possible with the AP-sensor, is nevertheless smaller than that
of any other sensor discussed. Moreover, the nonlinearity which would impair the AP-
system, viz., dependence of the sensor signal upon circumferential orientation of the
relative wind vector, is not present in the Q-ball sensor.

The two differential-pressure sensors are substantially identical in their effects
on vehicle dynamics and can be analyzed simultaneously. It is felt at this time, how-
ever, that the Q-ball, despite its inherently greater misalignment error, is slightly
better as a sensor for the load-reduction autopilot. The Q-ball sensor requires no sig-
nal resolving and no pneumatic-line disconnects at the nose-fairing split-line, and has
no nonlinearity dependent upon wind direction. From the standpoint of dynamic require-
ments, however, either is acceptable on the basis of what is presently known.

The above example describes one typical autopilot constraint evaluation. The allow-
able time and budget constraint needs no further amplification. It will be of value, how-
ever, to summarize constraints applicable to the mission, launch vehicle, and autopilot.
This summary (see Table 4) will then serve as a check list to the analyst preparing to
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Table 4. Summary of Possible Constraints
MISSION LAUNCH VEHICLE AUTOPILOT
Payload Requirement Allowables Allowables
Trajectory Dispersions Bending Moment Activation Time for
Launch-Window Axial Load L.R.

Hour

Day

Month
Guidance

Capability

Antenna Look Angle
(Radio Guidance)

Open Loop Steering
Pitch
Yaw
Roll

Wind Criteria

Required Launch
Availability

Aerodynamic Heating

Engine Gimbal Angles
Stability Margin

Bending

Sloshing

Rigid Body

Allowable Initial Conditions
for Second Stage Separation

aq
Vehicle Rate
Attitude Error

Channels for L.R.

Compensation for L.R.
Channels

Gain Switching
Reliability

Allowable Decrease
Due to Increased
Components

Prelaunch Testability
Restrictions

Use of Existing
Autopilot

Sensor Selection

study in detail load-relief autopilots. Although some constraints may seem trivial or
may have already been considered in selection of a criterion, they have been repeated

for completeness.

3.3 CONTROL LAW SELECTION

Selection of a control law and autopilot predesign are best accomplished using
rigid body techniques. This allows the analyst to develop the necessary 'feel" for the
physical phenomena which are usually encountered in more complex analyses.

The rigid body study based on Ref. 8 and described in the following paragraphs
was performed to provide data for comparing the drift and bending moments of drift-
minimizing control systems using angle-of-attack or body-mounted lateral accelerom-
eter feedback to a system using velocity perpendicular to the reference trajectory. As
a baseline, the attitude control law was included.
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Time histories of the rigid body response for the first-stage flight were obtained
for these four types of feedback (attitude control, angle of attack, body accelerometer,
and velocity meter) using a digital computer program. The simulated vehicle was sub-
jected to each of the following wind profiles: 1) wind no. 1, a 95% maximum wind with
99% wind shears peaking at 80 seconds flight time, 2) wind no. 2, a 95% maximum wind
profile, and 3) wind no. 3, a 95% maximum wind with 99% shears peaking at 70 seconds
flight time (Fig. 3).

The feedback gains were calculated to yield a system with a rigid body control
mode frequency (wy,) equal to 1.3 rad/sec and a damping ratio (Cn) equal to 0.707.
Gains were calculated for flight times of 30, 60, 80, and 140 seconds. All systems
were flown with attitude control only for the first 40 seconds of flight. An interval of
five seconds was then allowed for the gains to change to the 60-second flight time values.
At 67.5 seconds to 72.5 seconds, the change was made to the 80-second flight time gain
values. At 105 seconds to 110 seconds, the gains were changed to the values calculated
for 140 seconds flight time.

For the cases of angle-of-attack and accelerometer feedback, the lateral drift root
(wq) was given a value of zero. A value of wy equal to 0.2 sec was considered in the
variable time analysis of velocity meter feedback. Figs. 4, 5, and 6 show the drift
(2; distance off trajectory) for the various control laws as a function of flight time for
each of the three wind profiles. The velocity meter feedback system has a lower drift
value than the angle-of-attack and accelerometer systems for the 95% profile wind, but
has a higher value for the shear winds. The maximum drift for any of the drift mini-
mizing systems was 1.23 kilometers for the accelerometer feedback system with 95%
maximum wind profile applied. The maximum drift for the velocity meter feedback
system occurred with this wind and was 0. 64 kilometers.

The drift rate (iI) response of the system with velocity feedback follows the wind
inputs. The angle-of-attack and acceleration feedback systems have regions where
drift rate reverses for the high shear winds, even though winds are always in the same
direction. This occurs at flight times where gains are not absolutely correct. If the
combination of gains had not been such that reversals in drift rate occurred over part
of the flight, the drift for the acceleration and angle-of-attack feedback systems would
have exhibited higher values. Also of significance is the drift rate at burnout. The
drift rate for the velocity feedback system approaches zero at burnout for all winds,
while the other systems approach some non-zero, steady-state value.

Table 5 presents o and 8 along with the bending moments for the 60, 70, and 80
second flight times respectively for each of the three wind profiles. For the three
winds, the maximum bending moment occurred at 70 seconds flight for wind no. 3 (95%
maximum wind peaking at 70 seconds). For this condition the bending moment for the
velocity feedback is lower than for the other systems.
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Table 5. Maximum Bending Moment

a B | STATION | BENDING MOMENT
CONTROL LAW WIND | (deg) | (deg) (M) (in.-1b x 108)

K, Kg Kg Kil K7, Ko FLIGHT TIME = 60 SECONDS
VARV 1 1.32 | 0.12 80 0.200
VARV 1 1.24 | 0.12 80 0.188
NV N 1 1.17 | 0.11 80 0.178
NV, N 1 1.25 | 0.12 80 0.190
oA 2 6.66 | 0.63 80 1.011
VARV 2 6.65 | 0.63 80 1.011
VARV N 2 6.06 | 0.57 80 0.920
oW Vo2 6.54 | 0.62 80 0.992
VAR 3 2.75 | 0.26 80 0.418
VARV 3 2.61 | 0.25 80 0.398
NIV N 3 2.44 | 0.23 80 0.371
YRRV, N 3 2.59 | 0.24 80 0.393

FLIGHT TIME = 70 SECONDS
oW 1 1.80 | 0.38 74 0.365
VoA 1 1.71 | 0.37 74 0.347
oW N 1 1.56 | 0.34 74 0.318
oW N 1 1.67 | 0.37 74 0.342
JoA 2 6.42 | 1.37 74 1.301
oA 2 6.71 | 1.42 74 1.353
VARV N 2 6.04 | 1.30 74 1.229
oA N 2 6.58 | 1.44 74 1.338
NV 3 9.55 | 1.82 74 1.839
VARV Y. 3 8.96 | 1.76 74 1.750
oA N 3 7.97 | 2.13 82 1.817
VARRVEN. N 3 8.25 | 2.24 82 1. 900

FLIGHT TIME = 80 SECONDS
VARV 1 7.55 | 1.82 78 1.760
«/, VARV, 1 6.97 | 1.75 78 1.528
v oA J 1 5.99 | 1.95 79 1.641
JoA N 1 5.99 | 1.95 79 1.639
VRV 2 4.23 ] 1.13 78 1.040
VARV, 2 4.67 | 1.23 78 1.141
J oA N 2 4.58 | 1.22 78 1.126
v N 2 4.79 | 1.30 78 1.176
N oW 3 5.99 | 1.55 78 1.422
/ VARV 3 4.80 | 1.27 78 1.172
A o J 3 5.10 | 1.36 78 1.251
NV J 3 5.14 | 1.37 78 1.263
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These studies indicate that path velocity meter feedback can be used to reduce
drift caused by winds. For the winds with high shears and embedded jets, the velocity
feedback systems have lower bending moments than the drift minimum systems using
‘angle-of-attack or accelerometer feedback. :

As has been demonstrated above, a series of steps should be followed to determine
the control law required and the preliminary gain value. These steps are as follows:

a. Select a control equation or equations based on criteria and constraint.

b. Determine a set of rigid body equations (see Section 2) and equations relating sen-
sor output to vehicle dynamics.

c. Perform final value analysis to develop a feel for the selected control law or laws.
It is helpful to compare results to the attitude control law.

d. Perform steady-state analysis as shown in Section 2.

e. Determine preliminary gains. The characteristic equation Eq. (6) can be repre~-
sented by

8%+ (28, wy +wg)s® + 2L wpwg* w)s + wde? = 0

Selection of vehicle parameters at applicable flight times and desired values of Cn .
wp and wy allow solution for system gains or gain ratios.

f. Selected gains and vehiclé parameters can then be applied to steps ¢. and d.

g. A time slice or time-varying simulation to determine vehicle response to design
winds should be utilized. In addition, preliminary loads calculations can be
performed.

Items c., d., e. and f. can be omitted, and cut-and-try simulation work can be
substituted. However, it is the author's experience that the time spent on Items c., d.,
e. andf. provide the best foundation for the load-relief autopilot analyst. This is
especially true for the specialist from a field other than stability and control.

3.4 STABILITY ANALYSIS

A discussion in detail of stability analysis techniques applicable to load-relief auto-
pilots would be redundant with other monographs in this series * However, two exam-
ples will be presented to demonstrate the effect of additional feedback loops on vehicle

*cf. Vol III, Part 1, Attitude Control During Launch, Vol I, Part 1, Short Period
Dynamics and Vol I, part 3, Elastic Body Equations.
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stability and attendant problems facing the analyst. These examples will cover both
open-loop and closed-~loop stability techniques.

The first example is an open-loop study presented in unedited form in Ref. 7.
Using predesign analysis results as a design guide, the higher order dynamics and
coupling terms were included in steady-state response studies. For these studies, a
coupled rigid body structural mode digital program is used.

Each of the control laws studied exhibits different response characteristics, and
in order to specify each critical stability margin region, the attitude control law is

accepted as the standard for the accepted stability margins.

The control laws investigated are

“K 5 (Ko + Kp,8; + Kp,6,)

6

= “Ka (gl * Kp16; + Kpoby + KZ iba)

-K (K6+K6+K6+K"i +._K_V_)
a\K6" ¥ Kri®1 * Kpolp + Ky 2y + 727y 2y,
These control laws and the total system are illustrated on Fig. 7.

The Nichols diagrams for the analysis at maximum dynamic pressure are shown
on Fig. 8; Fig. 8a establishes the aerodynamic gain margin for the attitude /attitude
rate control law as +11 db, the rigid body phase margin as +30 deg, and the rigid body
gain margin as ~6.5 db. When this basic control law is modified with acceleration
and/or filtered acceleration feedback, these rigid body margins are affected. For
addition of acceleration feedback to the original attitude feedback (solid curve, Fig. 8b),
it is seen that the aerodynamic gain margin is slightly increased and the rigid body
phase margin is improved due to the additional lead obtained from the accelerometer
angular term, but the rigid body gain margin is degraded. This results from the coup-
ling between the rigid body mode and the first structural mode. The first structural
mode has less amplitude with the accelerometer than with the attitude feedback only due
to the summation of vectors at the first mode frequency. This is not in general the
conclusion reached and is not true in this instance for the higher frequency bending
modes. Observe from these response plots that insight into the values for KpAK7, and
KAKg required to obtain aerodynamic load reduction, which has been discussed, would
be lacking if the structural dynamics were not included in the airframe model at this
stage. Further analysis of the two response plots having acceleration feedback (solid

curve, Fig. 8c) demonstrates the significance of including the filtered term,
KAKyT
<—;i—-—-¥f’->, in the control law. The only apparent difference from a short period sta-
v

bility point of view is the slight reduction of the aerodynamic gain margin. The
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remainder of the frequency spectrum is not altered by this term. Subsequent studies
indicate that while from a structural stability point of view, little change is effected by
the addition of this lagged acceleration feedback, a sigﬁifi_cant reduction in aerodynamic
loads may be obtained.

The stability of the rigid and elastic modes is acceptable for the basic attitude con-
trol law and, with the additional acceleration control law, the margins are not adversely
affected. The aerodynamic margin is altered slightly between the three control laws,
the rigid body phase margin is improved with the addition of the accelerometer, and the
rigid body gain margin is reduced but is within acceptable limits. The second and third
structural modes are increased somewhat. The control law gains used for these (solid
curve) stability plots are

KAK'Z‘b = 0.6 rad/in./sec2 x 10~3

1l

KpKyT 0.5 rad/in. /sec X 10~3

KpKg = 1.0 rad/rad
Kp(KR,*KR,) = 0.8 rad/rad/sec

The corresponding compensation dynamics are shown on the respective open loop
response plots (Fig. 8). This set of parameters will result in a system that is approach-
ing a minimum drift system, but drifting downwind. Calculations on a steady-state
basis predicted that a K AK'Z'b of 1.9 X 10~3 and K AKg = 1.0 at the max q condition would

result in a minimum drift system. In order to reduce aerodynamic loads lower than
those obtainable with this minimum drift configuration, the method would be to reduce
KaKg and increase KpK7 . However, referring to the open-loop response plot, Fig.8,
it will be seen that the first mode has shifted in phase (dashed curve), reducing the
phase margin, and its magnitude has increased. Furthermore, an attempt to rephase
the first mode by reducing the corner frequency of the compensation filter will tend
only to amplify all structural modes and, in the example shown, the second mode will
become marginally stable. This example is completely dependent upon the elastic prop-
erties of the vehicle and therefore each case must be considered independently. The
results tend to indicate the sensitivity of adjustment of control law feedback gains and
compensation filters to obtain aerodynamic load reduction of an elastic vehicle.

In contrast to the open-loop stability analysis, the stability analysis in Ref. 6 was
performed using root locus techniques as follows.

The synthesis of an autopilot configuration for Atlas/Centaur is strongly dependent
on the root-locus technique to give a qualitative (and to a lesser extent, a quantitative)
grasp of the stability situation. For the root-locus technique to be used, the system
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nonlinearities, viz., the engine-positioning servo, the propellant slosh damping, and
the deadzone in the auxiliary loop must somehow be linearized. In the following discus-
sion, emphasis is placed upon those portions of the flight using the load-reduction
autopilot. The autopilot block diagram is illustrated in Fig. 9. Its operation for the
first 40 seconds of flight is identical to that of the standard autopilot. By 40 seconds
of flight, the aerodynamic loading builds up to an appreciable value, and the auxiliary
loop is activated. The differential-pressure signals are then fed through the deadzone
circuit to the position-gyro torquer with a gain equal to K, pK; (where K, p is the pro-
portional gain and K; the integral gain), and to the gyro-signal amplifier with a gain of
Kap. The pitch program continues to torque the pitch-displacement gyro. The auto-
pilot operates in this mode throughout the region of high aerodynamic loading, passing
through maximum aq at about 66 seconds and maximum q at about 84 seconds. At 110
seconds of flight, the load-reduction loop is removed from the autopilot, the position
gyro is removed from the system, and the guidance platform position reference signals

are admitted through the limiter.

A complete stability analysis of a flexible-bodied vehicle, in which all of the inter-
actions affecting stability are considered simultaneously, is not practical. Such an
analysis would make the synthesis of an autopilot control system very difficult because
the pertinent physical phenomena would be obscured. However, the various degrees
of freedom of the configuration are, to a large extent, dynamically uncoupled. Thus,
the stability of the rigid~-body control and propellant-sloshing modes can be analyzed
independently of the higher frequency elastic bending modes. This procedure con-
siderably reduces the complexity of the problem.

The Atlas and Centaur liquid oxygen tanks employ baffles to dampen propellant
sloshing. In the Atlas liquid oxygen tank, the baffling effect is present from about 105
seconds until BECO. For this reason, in the root-locus analysis to follow, propellant
slosh damping due to baffles has been neglected.

The engine-positioning servo used on Atlas/Centaur vehicles is a nonlinear device
which, at low frequencies, can be approximated by a single lag whose break frequency
is a function of engine velocity. At low frequencies, the dominant nonlinear phenomenon
is the Coulomb friction in the gimbal bearing, which produces an equivalent velocity
deadzone. At high engine velocities, i.e., with high engine amplitudes and frequencies
in a limit-cycle condition, the Coulomb friction has less effect in proportion to the total
motion; and this results in a higher break frequency, or smaller time constant. The
opposite is true at lower frequencies and amplitudes. In the root-locus analysis, vari~
ous values of the actuator break frequency, K(',, are used, resulting in multiple loci.
Fig. 10 shows the variation of Kc' with amplitude and frequency for the Atlas/Centaur
booster actuators. With the aid of these data and the root loci shown in subsequent
figures, an estimate of the limit-cycle amplitude may be obtained. The major factor
to remember in this analysis is the presence of some sort of limit cycle resulting from
the behavior of the engine-positioning servo.
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The presence of a deadzone in the auxiliary loop requires that the autopilot be
stable with no load-reduction loop even when the load-reduction loop is closed. This
is essentially the situation when the signal level falls inside the deadzone of the
auxiliary loop. '

Fig. 11 illustrates the rigid body and sloshing loci for the vehicle with no load-~
reduction loop at 84 seconds. It should be noted that the aerodynamic coefficients used
in these root loci are those defining the most depressed trajectory that can be flown
and involving a nominal angle of attack of six degrees. The rigid body stability indi-
cated is thus conservative. When the load-reduction loop is closed, all the loci depart
from their previous root locations, as shown in Fig. 12. The poles shown on the loci
are the closed-loop roots of the standard autopilot. In every instance, the loci depart
in a direction to decrease the stability. In the case of the rigid body control mode, the
stability properties predict a limit cycle amplitude of 0.2 degree at 84 seconds of flight.
Since this occurs at a frequency of 3.0 radians per second, the resulting load due to
the engine limit cycle is relatively small,

The bending stability analysis for the Atlas/Centaur vehicle also uses the root
locus technique. An equivalent third-order actuator is derived from the basic actuator,
engine, and servovalve parameters, using the describing function technique. The
modal data are derived from consideration of the mass and stiffness distribution of the
vehicle. Knowing the generalized mass, frequency, mode shapes and slopes, and the
actuator describing function, it is then possible to obtain root loci for various values
of the assumed engine half-amplitude, 8. The methodology employed in stabilizing the
vehicle bending modes is the same as that followed in the past on Atlas space boosters,
viz., to phase-stabilize the first bending mode and gain-stabilize the higher modes.
The approach used is to place the gyros in a location which causes the locus to depart
in an unstable direction early in the flight. An autopilot filter is then employed to lag
the locus, or rotate it clockwise around the pole, until (for large engine amplitudes) it
departs straight down the imaginary axis. The problem then is to obtain the required
lag at launch. When this is done, the locus continues to rotate in a clockwise direction
as flight time progresses. It thus continually improves the stability situation. I
order to obtain the required departure angle, the rate gyro must be located ahead of
the first mode antinode at SN 600. With this gyro configuration, the autopilot-
stabilization filter must provide 90 degrees of phase lag at the first-mode frequency in
order to stabilize the mode at launch. From this time onward the stability situation
improves.

Unfortunately, the large phase-lag requirements for first-mode frequency deter-
iorates sloshing stability at lower frequencies. A quadratic lag provides the simplest
solution to the problem of achieving a minimum phase lag at lower frequencies for a
given lag at higher frequencies. The damping ratio of the filter is chosen so that peak-
ing of the response through the autopilot can be minimized at and below the filter
resonant frequency. The quadratic lag used (frequency, w = 12.5 rad/sec; damping
ratio, {f = 0.5) has a resonant frequency lower than necessary for the vehicle, resulting
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in a larger phase margin than necessary at launch. After about 70 seconds of flight
the filter is switched to a higher resonant frequency in order to improve the sloshing
stability. The frequency is raised as much as possible to reduce the lag at lower
frequencies while still maintaining stability of the first bending mode.

Fig. 13 illustrates the bending root loci for the first mode at 84 seconds without a
load-reduction loop. The heavily lagged filter gain stabilizes the higher bending modes
with a large amount of gain margin. The addition of the auxiliary loop presents no
problems as far as the bending modes are concerned. The sensitivity of the differential-
pressure sensors to the parasitic modes is very slight. This fact is indicated by the
extremely small change in root location with variations in the auxiliary-loop gain.

Fig. 14 illustrates the bending root loci for the auxiliary-loop gain variation. The
poles in these loci are the closed-loop roots of the system with the auxiliary loop open.

The results of this analysis show that the load-reduction loop decreases stability
at rigid body control frequencies and, to a lesser degree, at higher frequencies as well.
It is possible to predict the existence of a small limit cycle during that region of flight
when the dynamic pressure is at its maximum. At rigid body frequencies with the
maximum allowable gains, the limit cycle will reach a maximum amplitude of +0.2
degree engine deflection. Final confirmation of the figures shown here for the maxi-
mum gains depends upon the results of multidegree-of-freedom analog computer simu-
lation, which gives a more accurate picture of the stability at rigid body and sloshing
frequencies.
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Figure 13. First Elastic-Mode Stability at 80 Seconds (No Load-Reduction Loop)
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Figure 14. First Elastic Mode Stability at 80 Seconds (Load-Reduction Loop Closed)
These two examples of stability techniques illustrate approaches which can be
selected for the stability analysis. Detailed explanations of both open- and closed-loop

analysis techniques can be found in Ref. 13.

3.5 DETAILED CONSTRAINT AND CRITERIA ANALYSIS

It has been shown that the reduction of aerodynamic loads is possible by careful
selection of an appropriate control law. However, preliminary load studies always
have to be supplemented by more refined analysis, which, under certain circumstances,
can lead to drastic re-evaluation or even rejection of control laws which had proven to
be satisfactory under simplified assumptions. In addition, all other constraints have
to be evaluated at this phase to ensure acceptable autopilot performance. This is
usually the most difficult phase of the analysis. It pulls together the many technical
disciplines involved in the load-relief autopilot analysis to perform the detailed anal-
yses required for assurance that the design is acceptable for flight. This analysis falls
into the bailiwick of the systems oriented analyst for coordination of a group of personnel
from the required technical disciplines.

Refs. 5 and 6 summarize one such study. Ref. 6 presents vehicle loads, engine
deflections, and launch availability; stability analysis; payload capability change and
thermodynamic effects due to load-reduction-induced dispersions; and recommenda-
tions. Ref. 5 presents additional launch availability and trajectory dispersion analyses.
Because of the classified status of Ref. 6, only Ref. 5 will be summarized here.
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Although preliminary design work may be accomplished with planar studies, realis-
tic vehicle response requires a three-dimensional trajectory analysis. An analog simu-
lation was used to provide a continuous solution of the stability and trajectory equations
in six rigid body degrees of freedom. The complete analog simulation can be broken
into three major sets of equations: trajectory, vehicle, and autopilot — with wind data
input from a digital computer which also stores data for bending moment calculations.

The trajectory equations, referenced to a rotating spherical earth, describe the
path of the launch vehicle. Gravitational acceleration, velocity of sound, and atmo-
spheric density are represented as functions of the vehicle altitude, an output param-
eter of the simulation. In addition to altitude, trajectory calculations include flight
path angle, downrange position, crossrange position, and other parameters necessary
for a complete trajectory description of the Atlas launch vehicle flight to sustainer
engine cutoff.

The equations describing the launch vehicle motion are based on the fact that the
liquid propellants comprise a major portion of the vehicle's mass during powered
flight. A mechanical analogy is used to duplicate the forces and moments of the liquid
propellant sloshing, consisting of a pendulum series plus a rigid mass. The rigid
mass is constrained to move with the container (thus simulating the portion of fluid that
does not participate in the sloshing motion) while a series of pendulums (one for each
fluid mode) of specific length and mass are pivoted so that the sloshing forces and
moments are duplicated. Only the first propellant mode for each of the four tanks is
included in both the pitch and yaw planes, as the higher propellant sloshing modes pro-
duce negligible contributions. The anti-slosh baffles in the Atlas and Centaur liquid
oxygen tanks and the shear membrane in the Atlas fuel tank introduce damping to the
fluid modes and therefore have been included. This baffle damping is a function of
both propellant height above a baffle and slosh amplitude. In addition to propellant
sloshing forces acting on the rigid body vehicle, aerodynamic forces are present and
create an inherently unstable vehicle.

Control of the vehicle is provided by pitch, yaw, and roll autopilot circuitry which
duplicate autopilot gain and filter specifications throughout Atlas launch vehicle flight.
Prior to 110 seconds, signals produced by vehicle motion (e.g., from rate gyros, posi-
tion gyros, a differential pressure sensor, and the pitch programmer) combine to pro-
vide the autopilot error signal. Following 110 seconds a simplified guidance platform
and computer simulation replaces the simulated position gyro. The differential pres-
sure sensor is also switched out at this time. The autopilot outputs are fed into simu-
lated nonlinear electro-hydraulic actuators which convert the signal into engine
deflections. The nonlinearities reflect the effects of oil compressibility, orifice flows,
and viscous and Coulomb friction and are closely approximated in the simulation. The
autopilots, both conventional and load-relief, are shown on Fig. 15.

Determination of bending moments during vehicle flight with and without the load-
relief autopilot is necessary, as structural launch availability is based upon the allowable

35



9¢

T | .
s‘% 5, K, 5 | vERICLE > 6
? M Svx7 [ 7] pvnamcs W | :
AUTOPILOT L |
I | |
| | I
K I
| 5 fe 1
| RATE GYRO |
| . I
l 1 PITCH | _
| 8 PROGRAM Lo
| POSITION N | |
| GYRO -
i ‘ K + l
L Ll B I e T T — -L _Jg - -— ip_ o—— e M J
A [+ T [ OF
DEAD-ZONE SENSOR DYNAMICS
— — — — LOAD RELIEF LOOP

Figure 15. Autopilot Block Diagram, Load-Relief Loop



bending moments as shown on Fig. 16. Launch availability is defined as the percentage
ratio of flights which do not exceed the allowable bending moments at any station and
time to the total number of flights sampled. In this study, the launch availability was
based on a sample of approximately 200 flights for both the standard and load-reduction

autopilot using actual wind soundings.

The calculated bending moment includes the bending moment due to axial loading,
gusts, and wind response., Since the structure is designed as a beam column, the
axial load due to vehicle acceleration decreases the bending capability and is accounted
for by converting it to an equivalent bending moment. The vehicle acceleration in-
creases throughout booster phase as propellants are depleted, and, therefore, the
equivalent bending moment increases.

To determine bending moment due to gusts, a gust was assumed to envelop the
entire length of the vehicle instantaneously and to act in both the pitch and yaw planes
perpendicular to the vehicle axis. The gust loading takes into account rigid body and
aeroelastic response. Data for several time-slice analyses are input to a digital
program to calculate bending moments with a (1 - cos kt) shape gust. By varying k,
the maximum vehicle bending moment as a function of time for each station was
determined.

The magnitudes of the bending moments due to wind are functions of the time his-
tory of the vehicle wind combination. It is therefore possible to predict those flight
loads on the basis of a statistical wind analysis. Real wind velocity and direction
profiles should be used because:

a. The velocity and shear rates of a synthetic series of flight wind profiles produce
erroneous bending moments.

b. Inertial reactions vary widely between real winds and synthetic winds.

c. The dispersions of a load-reduction autopilot can be analyzed by using the long
wavelength wind profiles.

The wind velocity and direction are recorded as a function of altitude with the indi-
vidual wind soundings arranged in chronological order every third day for the months
of December through February over a six-year period. A sample wind profile is
shown in Fig. 17.

The vehicle response is measured in terms of lateral and rotational accelerations,
which contribute to the encountered bending moments. In addition, the liquid propel-
lant sloshing and aerodynamics create bending moments which must be accounted for.
The analog digital system supplies this input data to a digital computer program for
bending moment calculations in both the pitch and yaw planes. The resultant bending
moment at each vehicle station analyzed was taken as the root-sum-square of the pitch
and yaw bending moments.
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The overall effectiveness of the load-relief autopilot in reducing loads can easily
be illustrated by histograms (Fig. 18) of the maximum bending moment encountered
during flight (at each station) with the standard autopilot and the load-relief autopilot.
Six flights for the standard autopilot were discarded as invalid runs during the data
post-processing. A large lowering of the mean value of bending moment and reduction
of skewness to the right is indicated when using the load-relief autopilot. In most
cases the upper limit encountered with the autopilot is about the same as the mean
value encountered with the standard autopilot. The maximum bending moment encoun-
tered with the load-relief autopilot therefore is significantly less than the maximum
encountered with the standard autopilot.

The launch availability was calculated by assuming that any flight that contains a
calculated bending moment (at any station and time) which exceeded the limit allowable
bending moment is not a successful flight. The overall launch availability using winter
winds for the load-relief autopilot is 63%; for the standard autopilot it is 8.77%.

The critical stations are clearly shown on Fig. 19 which, in addition, shows launch
availability '"sensitivity' to an increase or decrease in limit allowable bending moments.
The load-relief autopilot launch availability ranges from 19.5% at 90% of limit allow-
able bending moment to 79% at 110%. This means that the desirable overall launch
probability of 80% could be met with an increase of structural integrity to approximately
110% of nominal at SN 812, combined with the load-relief autopilot. The standard auto-
pilot has a launch availability of 0.0 at 90% of limit allowable bending moment and in-
creases to only 14.5% at 110%. The critical station for either autopilot is SN 812 which
has approximately the same launch availability as the overall vehicle.

Fig. 20 contains histograms of failure times for both the standard and load-relief
autopilot. These plots indicate the first time of failure at each station. The plot
labeled ''overall vehicle" indicates first time of failure for any station for each flight.
The standard autopilot overall vehicle plot in Fig. 20 indicates that the two critical
times are the maximum dynamic pressure region (as expected) and also the 40- to 47-
second flight time segment. For station 812 (the critical station) the critical time is
the maximum dynamic pressure region. Station 214, however, is shown to be weak
during the 40- to 47~second flight time regime. The effectiveness of the load-relief
autopilot system is demonstrated by the reduction of failures during the maximum
dynamic pressure region. The time segment from 40 to 47 seconds for stations 214
and 812 does not show this substantial decrease in failures and is therefore the critical
time for the load-relief autopilot. In addition, station 214 is critical with the standard
autopilot for this same time segment.

A review of the mission sequence indicates that a step in the pitch program and the
activation of the load-relief autopilot occur simultaneously at 40 seconds. These events
result in vehicle maneuvers that can increase angle of attack and hence can increase
bending moments. For example, if the vehicle has negative angle of attack at 40 sec-
onds, the load-relief autopilot command in the form of a step adds to the pitch program
step command.
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Station 812, not critical at this early time for the standard autopilot, exhibits a
majority of its failuree for the load-relief autopilot between 40 and 47 seconds. This
indicates that in addition to increases in structural strength for increased launch avail-
ability, a possible benefit would be the activation of the load-relief autopilot pressure
sensor loop at a slightly earlier time in flight. An earlier initiation of the load-relief
loop would reduce the vehicle transients, as they are a function of dynamic pressure
times angle of attack.

Dispersions from the nominal trajectory can be seen in Fig. 21. This histogram
shows altitude at 102 seconds with and without the load-relief loop. A comparison of
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the altitude histograms shows a much wider dispersion from the mean due to the load-
relief loop. This is to be expected since the load-relief autopilot tends to follow a new
zero-lift trajectory dependent upon the particular wind. Also, the load-relief autopilot
distribution has a mean to the right or towards higher altitude when compared with the
conventional autopilot. This trend is due to the predominance of tail winds in the set of
Avidyne winter winds and also the lofted load-relief autopilot trajectory due to the slight
positive angle of attack of the nominal no-wind trajectory (as provided by the pitch
program).

These dispersions would be reduced starting at 110 seconds when guidance com-
mands would revise the nominal trajectory to meet the mission requirements. Guidance
equipment could handle the dispersions around the mean value, but structural and aero-
dynamic heating limitations would have to be observed. A pitch program for use with
the load-relief autopilot could be used to shift the mean values of the trajectory param-
eters closer to those of the nominal conventional autopilot trajectory. Use of a pitch
program tailored to the load-relief autopilot and guidance beginning at 110 seconds will
allow reduction of dispersions and result in a more efficient vehicle from the perform-
ance viewpoint. A further discussion of these areas is contained in Ref. 6 but is too
lengthy for inclusion here. However, the following conclusions can be made:

a. The load-relief autopilot provides adequate stability and control throughout the
launch vehicle phase of the Atlas/Centaur AC-5 powered flight.

b. The load-relief autopilot provides a large reduction of the maximum encountered
bending moments at all stations when compared with the standard autopilot.

c. The launch availability based on a sample of 200 Avidyne winter winds for the load-
relief autopilot is 63%; and, based on a sample of 194 winter winds for the standard
autopilot, is 8.77%.

d. A 10% increase in the allowable bending moment at station 812, the critical station,
would raise the launch availability to 79% for the load-relief autopilot and 14.5%
for the standard autopilot.

e. The critical times for the standard autopilot are the 40 to 47 second region and the
maximum dynamic pressure region. The load-relief autopilot is most effective
during the maximum dynamic pressure region and hence only the 40 to 47 second
region remains critical.

f. The trajectory dispersions associated with the load-relief autopilot are much

greater than those associated with the standard autopilot and result in a loss of
performance.
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Further studies in the area should include determination of an optimized sequence
of events (pitch program, load-relief loop activation, guidance activation) with the
investigation of launch availability, aerodynamic heating, and performance.

(Q

The following example of detailed analysis is concerned with induced nonlinearities
in a body-mounted accelerometer feedback loop. The summary is based on the analysis
and conclusions presented in Ref. 10.

An analog study indicated that a properly chosen accelerometer limit will reduce
both maximum bending moment and drift. When the limit is reached a few seconds
before the wind peak, the embedded jet on the wind angle is not passed through the
accelerometer feedback loop, and the moment contribution from engine gimbal angle is
thus reduced. This can be seen in Fig. 22 by comparing the analog results with and
without a limited accelerometer. The maximum value of angle of attack is practically
unaffected in either case, and hence the aerodynamic bending moment contribution is
about the same. A comparison of engine gimbal angle shows that it is reduced by a
factor greater than one-half at the time of the maximum wind angle of attack in the lim-
ited case due to the limiting action prior to the embedded jet. The primary reduction
in bending moment is due then largely to the significant reduction in engine gimbal
angle. Drift is reduced, because the large attitude angle which would normally persist
unnecessarily after the wind peak is reduced by the limit. Drift rates which are
unessential to the reduction of maximum bending moment are therefore inhibited.

Detailed digital simulations were run from liftoff to booster engine cutoff utilizing
time-varying coefficients in order to check the bending moment reduction indicated in
the analog work. An accelerometer location 34.3 meters from the engine gimbal was
used since this offers the best results from a bending moment standpoint.

Since the highest moments occur at the 70 sec (max «q) time point, the 70 sec wind

(Fig. 23) was used a base around which to build the load-relief gain schedule. Moments
were also evaluated for the 64 sec (Mach 1), and 80 sec (max q) winds to ensure that
these winds caused no moments higher than the 70 sec wind for a given schedule (see
Fig. 23). Various accelerometer gains and periods of load-relief gain application were
employed to determine a combination that would handle all three winds. The first ob-
jective was to reduce the moment arising from the 70 sec wind as much as possible.
It was decided to linearly change the attitude gain to a value at or near zero while in-
creasing accelerometer gain linearly to as high a value as possible while maintaining
a non-oscillatory vehicle rotation into the wind during the high q portion of the digital
trajectory simulation.

Through trial-and-error methods the time schedule of gain changes shown in Fig.
24 resulted. No values are shown for the various gain levels, because these are deter-
mined by the particular characteristics of the systems that were investigated. The
plot merely shows the times at which gain changes are to occur. If the gain changes
are started much earlier than those shown, the negative lateral velocity buildup is
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great enough to affect the angle of attack at 70 sec and thus the bending moment. If the
change is started later, the moment for the 64 sec wind will not be reduced below that
for the 70 sec wind. The schedule must also last long enough to effect a reduction in
the 80 sec wind moment, while allowing a long enough period for removal of load-relief
gains to avoid excessive reaction as the vehicle returns to attitude conirol. Another
requirement is that the attitude gain be increased soon after the 70 sec wind peak in
order to avoid excessive overshoot in attitude. During the rapid buildup of the 70 sec
wind, KpKg should be low so that the vehicle's rotation into the wind will not be inhi-
bited. Thus, the choice of accelerometer and rate gains primarily determine the
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systems response characteristics during this period. The times for changing gain
shown in Fig. 24 were satisfactory for the three wind profiles used in this study.

The choice of gains has no effect on whatever accelerometer deadband may be in-
cluded, for deadband is set up to depend only on the sensed lateral acceleration. The
accelerometer gain acts only on what is passed through the accelerometer.

There is an effect on the choice of limit, however. Higher limits may be utilized
with higher values of accelerometer gain, since accelerometer output will increase
more rapidly. As the K AK'Z'b of the system increases, so does the optimum limit
setting for maximum load reduction.
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The system analyzed was a sixth-order system consisting of lags of 1 and 1.5 rad/
sec on the accelerometer and a lag of 4 rad/sec on the actuator.

As a basis for comparison of all runs, an attitude control schedule with 0.15 Hz
frequency and a 0.7 damping ratio for the entire flight gave a moment for the 70 sec
wind of 24,10 X 107 in.-1b and a drift of 2900 meters.

Attitude gain was fixed at zero during the load-relief period while KKy and
KapK¥Z were varied to determine different frequencies at 70 sec for a 0.5 damping
ratio. The result is a very narrow band of system frequencies (~0.1 Hz) for a reason-
able range of rate gains, since the magnitudes of KpoKR and K AK'z'b primarily affect
damping. Higher frequencies require a value for attitude gain, but as attitude gain is
increased, bending moment increases sharply. Several runs were made at 0.2 Hz
and a 0.5 damping ratio with gains of 2.0, 3.0 and 0.104 in the attitude, rate, and accel-
erometer channels respectively. Maximum bending moment reached 21.12 X 107 in. -
1b. Investigation of the sixth-order system was therefore restricted to frequencies
around 0.1 Hz. Runs were made with zero deadband and a series of accelerometer
output limits for system frequency of 0.08, 0.1, and 0.115 Hz and a 0.5 damping ratio
at 70 sec. A system frequency of 0.12 Hz and 0.3 damping ratio at 70 sec was also
run. These correspond to schedules A, B, C, and D (Table 6). The results are shown
graphically in Fig. 25. Maximum bending moment decreases with an increase in fre-
quency (as long as Kg = 0) since it is at these higher frequencies that KAK'Z.b is largest.
Shown in the figure are the points corresponding to various limit values on the accel-
erometer in degrees of engine deflection for each set of gains. Again, moment reaches
a minimum and then increases as the accelerometer limit is raised for each schedule
of gains. The maximum moments arising from the 64 and 80 sec winds are below those
shown in the plot. Terminal drift is a near-linear function of accelerometer limit.
Vehicle responses for schedule B in the presence of the 70 sec wind are shown in
Figs. 26 and 27.

In order to check the systems response to a small wind, a wind angle of attack of
1/3 the magnitude of the 70 sec wind (Fig. 23) was run. The resulting moment for
schedule B was 5.52 x 107 in.-1b while attitude control yielded a moment of 7.46 X
107 in.-1b.

3.6 CONCLUSIONS

To provide a checklist or set of recommended procedures for the final phase of the
analysis is difficult because of the large variety of possible criteria and constraints.

The selection of criteria and determination of constraints served as a guide for the
analyses in Section 3.3 and 3.4. In a similar manner the detailed analysis phase is
guided by the same set of criteria and constraints. Using Table 4 as a guide, analyses
should be performed to satisfy questions regarding all constraints.
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Table 6. Sixth-Order System

(Linear Gain Change Schedules)

SCHEDULE A SCHEDULE B
TIME KAKR rad KAKR rad
(sec) KaKg (sec) m/sec2 KaKg (sec) m/sec2
0 0.661 1.15 0 0.661 1.15 0
55 0.661 1.15 0 0.661 1.15 0
60 0.3 1.15 0 0.3 1.15 0
85 0 1.5 0.055 0 3.0 0.130
70 0 0
75 0.4 0.4
80 0.402 1.5 0. 055 0.402 3.0 0.130
100 0.409 0.70 0 0.409 0.70 0
150 0.409 0.70 0 0.409 0.70 0
SCHEDULE C SCHEDULE D
0 0.661 1.15 0 0.661 1.15 0
55 0.661 1.15 0 0.661 1.15 0
60 0.3 1.15 0 0.3 1.15 0
65 0 6.0 0.28 0 3.0 0.174
70 0 0
75 0.4 0.4
80 0.402 6.0 0.28 0.402 3.0 0.174
100 0.409 0.70 0 0.409 0.70 0
150 0.409 0.70 0 0.409 0.70 0
(Attitude Control Comparison Case)
KAK'Z.b
TIME KAKRr rad
(sec) KaKg (sec) m/sec
0 0.661 1.15 0.0
70 0.9066 1.213 0.0
120 0.409 0.70 0.0
150 0.409 0.70 0.0
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Figure 25. Maximum Bending Moment for 70-Second Wind

The ideal final result of this recommended procedure (Sections 3.1 through 3.5) is
a load-relief autopilot which satisfies all the constraints and reaches or exceeds its
criteria or goal. However, an analysis of this magnitude usually requires iteration
between various phases to produce a final result. This final result reflects compro-
mises in criteria and/or constraints but is the best available within the current state
of the art.
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4

APPENDIX

ATMOSPHERIC DISTURBANCES AND THEIR
EFFECT ON VEHICLE LOADING

NOMENCLATURE

Drag coefficient
Cumulative drag coefficient to the ith station

Normal force coefficient per pitch plane angle of
attack

Normal force coefficient at zero pitch plane angle
of attack

Yaw force coefficient per yaw plane angle of attack

Yaw force coefficient at zero yaw plane angle of
attack

Shear coefficient per pitch plane angle of attack
Shear coefficient at zero pitch plane angle of attack
Shear coefficient per unit normal acceleration

Shear coefficient per unit pitch plane rotational
acceleration

Moment coefficient per pitch plane angle of attack

Moment coefficient at zero pitch plane angle of
attack

Moment coefficient per unit normal acceleration

Moment coefficient per unit pitch plane rotational
acceleration

Force

Moment of Inertia

Autopilot transfer functions described in text
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N.D.
N.D.
1/rad

N.D.

1/rad
N.D.

1/rad

N.D.
1b/ft/sec?
1b/rad/sec?

ft /rad
ft

ft-1b/ft/sec?
ft-1b/rad/sec?

b
lb-sec2-ft

rad/rad
rad/rad/sec

1/sec

Variable



R W R R

(=]

Mass supported by structure at ith gtation

Mach number

Total mass of vehicle

Axial load

Shear

Reference area

Thrust

Velocity

Horizontal wind velocity parallel to launch azimuth
Horizontal wind velocity normal to launch azimuth
Speed of sound at a particular altitude

Sensed parameter for load-relief autopilot
Altitude

Lumped mass at ith

station
Dynamic pressure

Time

Coordinate of longitudinal body axis

Coordinate normal to longitudinal body axis, yaw
plane

Coordinate normal to longitudinal body axis, pitch
plane

Angle of attack, pitch plane
Angle of attack, gust
Angle of attack, yaw plane

Flight path angle (angle between local horizontal
and velocity vector)

Engine gimbal angle

Angle between local horizontal and vehicle center-
line; angle between undeformed axis and deformed
axis

Density

Anglebetween launch azimuth and vehicle centerline
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The main body of this report deals in launch vehicle load relief. In order to develop
a better understanding of the nature of vehicle loading due to atmospheric disturbances,
this appendix has been included. The reader is referred to Ref. Al for a more com-
plete dissertation on dynamic loads analysis during launch vehicle flight.

A.1 INTRODUCTION

The powered phase of flight through the atmosphere is a condition that often dic-
tates design of a significant portion of the vehicle structure. Axial and lateral loads
imposed during this period are functions of axial acceleration, atmospheric disturbances
(winds and gusts), vehicle shape, Mach number, trajectory, and atmospheric density.
Axial loads are primarily drag loads and inertial loads of the quasi-steady acceleration.
Lateral loads are the result of vehicle (or structure) orientation with respect to the
relative air velocity. The magnitudes of lateral loads are functions of angle of attack
and dynamic pressure. The angle-of-attack magnitude is primarily a result of vehicle
trajectory, atmospheric disturbances, and autopilot configuration. Vehicle shape,
Mach number, and atmospheric density determine the distribution of drag and lateral
loads. Also, vehicle shape and Mach number determine the type of air flow and can
lead to phenomena such as buffeting, which will not be discussed herein.

Axial load values are relatively straightforward computations of trajectory param-
eters such as acceleration, Mach number, altitude, dynamic pressure, and weight.
Lateral load calculations are also straightforward computations of these parameters
with the addition of angle of attack; however, the angle of attack is a function of atmo-
spheric disturbances which are random in nature. Thus, the major problem in lateral
loads is the determination of wind criteria. Once these are established, analytical
techniques are used to obtain the loads.

Winds are large-scale movements of air persisting for a period of time considera-
bly longer than the vehicle flight and extending over a significant altitude range. Fig-
ure Ala presents a detailed wind profile taken by the smoke-trail method. Figure Alb
shows the same wind as measured by a balloon system and also the averaged (smoothed)
smoke-trail data.

Wind speeds at launch are small (compared with wind speeds at altitude) and in-
crease with altitude in an uneven manner, reaching a peak in the 25, 000- to 40, 000-
foot-altitude range. The wind speed then decreases up to approximately 100, 000 feet
where it starts to increase. Little data are available on wind speeds above 60, 000 feet;
however, loading due to wind above this altitude is quite small because of low dynamic
pressure and is rarely considered. Gusts are defined as short-period disturbances in
the air and are usually considered to account for the profile detail not measured by the
balloon system (see Fig. Al). For highly accurate wind profiles only the elastic re-
sponse to gust is generally considered. For most launch vehicles the time span of ex-
posure to a discrete gust is on the order of less than one second. While data on gusts
are meager they are usually considered to exist in the same altitudes in which high
wind speed is prevalent.
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The general procedure for calculation of lateral loads consists of a trajectory sim-
ulation through a specified wind and gust profile (or profiles) to obtain the required
parameters for loads. Generally rigid-body plus aeroelastic loads due to wind are
obtained and added to the loads due to elastic response to a gust.

A.2 DEVELOPMENT OF WIND CRITERIA

The development of wind criteria has taken two approaches. One approach is to do

a statistical analysis of the wind data and then develop synthetic wind profiles. Loads
are thefi obtained by application of these profiles. The first widely used profile was the
Sissenwine profile developed in the early 1950's. It is given in Ref. A2 and has since
been modified by Ref. A3. Currently, the most widely used synthetic profile criteria
are the Marshall Space Flight Center (MSFC) criteria. MSFC has developed a computer
analysis of wind data that yields, for a given launch site and azimuth, wind speed and
shear data from which synthetic profiles are constructed. References A4 and A5 are
examples of the criteria generated by MSFC.

The second approach is to obtain loads for each wind sounding in a set of soundings
and then do a statistical analysis of the loads. This approach is referred to as a statis-
tical load survey. The original development of this approach was done by Avidyne
Research, Inc., and reported in Refs. A6, A7, and A8. The approach requires a tra-
jectory simulation for each sounding and hence entails a considerable amount of com-
puter time, To decrease the computer time involved, several approximate methods
have been developed. The influence coefficient method uses an influence coefficient
matrix derived from "basic' profiles, i.e., triangular spike, ramp, etc. The vector
of wind speeds from a particular wind sounding is multiplied by an appropriate influ-
ence coefficient matrix to obtain loads for that sounding. The method was studied by
Avidyne and the results are given in Ref. A9. Clingan (Ref. Al10) uses a closed-form
trajectory solution to reduce computer time for the statistical load survey. The tra-
jectory solution is obtained by using perturbation equations and neglecting rotational
rate and acceleration. Van der Maas (Ref. All) developed a method that uses two
basic parameters of a wind sounding to obtain loads on a vehicle. The parameters are
maximum wind velocity and the integral of the wind velocity from ground to the altitude
of the maximum wind velocity.

The statistical load survey, as developed by Avidyne, is the most accurate method
since no assumptions are made concerning either the trajectory simulation or the cor-
relation between wind data and resulting loads (as is done for synthetic profiles).
Avidyne investigated the several methods and compared them, using the statistical
load survey as the standard of comparison. The resultis are given in Ref. A9. In
order of decreasing accuracy, Avidyne ranked the methods as follows: influence
coefficient method, Clingan's method, discrete profiles, and Van der Maas method.

The data available on which to base gust criteria are sparse. References A12 and
Al3 give some of the available data. These data were gathered by aircraft flying
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horizontally and then measuring the aircraft vertical accelerations. Randomness of
the data is not necessarily established, and correlation with wind speed is lacking.
Also, most of the data were taken below a 20, 000-foot altitude; however, peak launch
vehicle loads generally occur in the 25, 000~ to 40, 000-foot-altitude range. Thus,
assumptions have to be made when applying these data fo launch vehicles. Currently,
the gust criteria cover any short-period disturbance not adequately measured during
the wind sounding. Ag wind soundings become more accurate, and especially as the
incremental altitude for measurement becomes smaller, the wind sounding will include
more and more of what is now included as gust. Thus the question of improving gust
criteria will probably be resolved not by gust measurements but by highly accurate
wind soundings.

Analysis for loads due to atmospheric disturbances consists of a five or six
degree-of-freedom rigid-body trajectory simulation through the design wind profile.
The parameters from the simulation are used to calculate vehicle loads. With large
boosters the trajectory simulation should include the low-frequency bending modes
(less than 2 Hz) since these modes can be excited by the wind profile. As wind profile
representation improves, it will be necessary to include elastic modes for most vehi-
cles in the trajectory simulation. Reference A1l4 presents work examining the inclu-
sion of elastic modes in the simulation with detailed wind profiles. Here the problem
is not one of methodology but one of determining a sufficiently accurate procedure with
economical execution.

The gust effects are added by either of two methods: 1) adding the gust profile to
the wind profile to obtain rigid-body gust loads, and performing an elastic analysis with
the gust only to obtain those loads due to elastic response, and 2) calculating rigid and
elastic body gust loads independently of the wind profile and adding these to the loads
resulting from the wind profile. The end result is essentially the same, and use of
either method is usually at the discretion of the analyst.

A.3 QUASI-STEADY FLIGHT LOADS

The term, "quasi-steady flight loads, ' is used to describe loads and/or response
produced by long-period maneuvers and disturbances. The primary sources are winds,
autopilot configuration, and steering to accomplish a desired trajectory, either by a
predetermined pitch program or by a guidance system. The period is sufficiently long
that the vehicle is characterized elastically as deflecting statically and possibly re-
sponding in its lower frequency normal modes. The gross wind speed changes take
place during altitude spans of several thousand feet; however, recent wind data are
providing wind detail for altitude spans of less than a hundred feet.

A.3.1 Analytical Approach

The initial step in obtaining quasi-steady flight loads is to simulate, analytically,
the trajectory so that the required trajectory parameters can be obtained. While all
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trajectory simulations have the same basic analytical features, they usually differ in
the detail of these features. Factors influencing the detail composition of a trajectory
simulation include optional ways of calculating some parameters, the intended use of
the simulation (loads analysis, performance analysis, etc.), the degree of complexity
deemed necessary to provide accurate results, and the coordinate system(s) used.

With this in mind, the basic form and equations will now be outlined. The vehicle coor-
dinate system is shown in Fig. A2. The vehicle forces are illustrated in Fig. A3. '

The equations of motion for the trajectory of a launch vehicle are derived in Ref.
Al5. An inertial reference frame, usually having its origin at and fixed to the center
of the earth, is used. However, forces on the vehicle are expressed in body axes. It

h, ALTITUDE

a. Pitch Plane

CROSSRANGE

b. Yaw Plane

Figure A2. Coordinate System
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b. Yaw Plane

Figure A3. Vehicle Force Diagrams

is also desirable to fix the vehicle position relative to the launch site. Thus several
coordinate systems and the accompanying coordinate transformations are needed. The
range of launch vehicles while in the atmosphere is usually on the order of 20 to 30
miles; hence, a flat nonrotating earth will suffice for determining quasi-steady flight
loads. The acceleration of the vehicle is obtained by consideration of the thrust, aero-
dynamic, gravitational, and centrifugal forces. The resultant acceleration produces,
over its time integral, a vehicle velocity, V, which is relative to still air and a fixed
launch point. The flight path angle, ¥, is defined as the angle between the horizontal
datum at a fixed launch point and the vehicle velocity vector. The altitude is given by

h = fVSin ydt (A1)
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In vehicle coordinates, the axial, lateral, and vertical velocities with respect to the
atmosphere are (assuming a flat nonrotating earth and & and 8 to be small)

X =V - Vycos6
y = VsinB - Vy,cosd _ (A2)
z = Vsina - Vpsin®

The Mach number is

Vi2 + y2 4+ 32

S
The dynamic pressure is
1 . . .
a =5pG + 3% + P (a4)
The angles of attack in the pitch and yaw planes are
A
a = 3 (pitch plane)
(A3)
_ ¥
B = 3 aw plane)
The total aerodynamic drag, normal, and yaw forces are
FN = aSg (@ Cy/g + Cno) (A86)
Fy = qSg (BCY/B + Cyo)

The normal and yaw centers of pressure are defined as Xcpy and Xcpy,. They are
functions of My and & or B as appropriate. The weight is the weight at launch minus
all propellant weight expended and jettisoned weight as appropriate. The centers of
gravity (xcg’ Yeg and z¢g) and the moments of inertia, Ly (pitch) and I, (yaw), are
easily computed. The information required for the autopilot simulation is now availa-
ble. It is simply stated here that the autopilot will provide engine angles in pitch, GP,
and in yaw, 0y, and the angular attitude of the vehicle in pitch, 8, and in yaw, §. The
axial, lateral, and normal thrust forces are
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Tx = Tcos(f')Pcos¢5Y
T, = -Tép . (AT)
Ty = T6Y

The thrust, aerodynamic, and inertial forces can now be combined to obtain the total
acceleration vector; the computational loop is complete. The problem is one of numeric
integration, and standard techniques are employed.

The function of the autopilot, standard or load relief is threefold:
a. Stabilize the vehicle.
b. Ensure reasonable rapid response to guidance commands.
c. Provide an adequate safety margin for anticipated atmospheric disturbances.

The load-relief autopilot is basically the standard autopilot with an additional feed-

back loop or loops. The form considered herein is shown in Fig. A4. The autopilot
can therefore be represented by the engine gimbal quantities in the following form:

0p = £&a,Kp:Kc» 8G:6G: 8 K X) ]
bp =f6Pdt ! (A8)
6p =f6Pdt )
5,86, VEHICLE G G
»1 DYNAMICS

lx

LOAD RELIEF
ISENSOR
DYNAMICS

SENSOR
DYNAMICS

AUTOPILOT
DYNAMICS

Figure A4. Load-Relief Autopilot Block Diagram
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With the trajectory parameters available, the shear and bending moment distribu-
tions for the vehicle can now be calculated. Two approaches can be taken in calculating
rigid-body shear and bending moment due to airloads. One approach is to apply the
airloads due to aq (or Bq) from the trajectory and to balance moments with the engine,
so that the rotational acceleration and rate are zero. This approach, referred to as
the "trimmed vehicle condition, " is a good approximation and is widely used. Here,
the aerodynamic normal force distribution along the vehicle is lumped at panel points
in the same manner as the weight is lumped. The required engine angle is

5 Fy (Xepy = Xeg)
= A9
T (XT - Xcg) ( )

The normal acceleration is

T6+FN

S (A10)

The net force at each panel point is
Fy = qSR[a CN/ozi + CNOi]— mi'z' (All)

When xj = x1 the thrust force T is added. The shear and bending moment distribu-
tion can now be obtained in the classical manner of summation and integration of forces.
When the mathematical model contains branch beams, the analyst must be careful to
sum and integrate correctly.

The second approach is to calculate shear and bending moment coefficients for
aerodynamic forces, translational accelerations, and rotational accelerations and to
use these in conjunction with trajectory parameters to obtain shear and bending moment.
The equations for shear and bending moment are

8;i = aSr(aCgy; * Csoy) *+ ZCgy; *+ 0Csh,
(A12)

Mj = qSg(aCpmqy; * Cmo,) + ZCM7%; + 9CME;

The quasi-steady axial loads come from the vehicle axial acceleration and aero-
dynamic drag. The axial load at the ith station is

P; = Mijx + qSRCDi (A13)

The foregoing discussion on loads applies to a rigid vehicle. Aerospace vehicles
are usually sufficiently flexible to have considerable deflection under limit (design)
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load. In the case of air loads, this deflection causes changes in local angle of attack
and, in turn, the load distribution on the vehicle. The change in load distribution
again changes the local angle of attack. Thus an iterative process is begun which
‘rapidly converges on a suitable airload distribution. Experience to date indicates that
inclusion of quasi-static aeroelastic effecis in analysis can give loads for aerospace
vehicles of 5 to 20 percent over rigid vehicle loads.

Two methods employed for obtaining static aeroelastic effects are: 1) finding
deflections and changes in load using the flexibility matrix and 2) obtaining deflections
and changes in load by using normal mode theory. These methods are presented in
detail in Ref. Al.

A.3.2 IHlustrative Example

A trajectory simulation, with a wind included, of the Atlas/Centaur/Surveyor vehi-
cle is used to illustrate the determination of vehicle response and loads due to winds.
The wind used was picked at random simply for illustration; hence, no significance is
to be attached to the results for design purposes or for launch probability considera-
tions. Simulations were made with an attitude control law (standard autopilot) and a
load-relief control law to show the effect of these laws.

The trajectory simulation used is, in its basic form, that described in subsection
A.3.1. Propellant sloshing is not included. A linear control system is employed,
even though the actual Atlas control system is nonlinear. The vehicle and aerodynamic
data used are those employed in the wind monitoring procedure for the Atlas/Centaur/
Surveyor vehicle. The wind speed and direction are shown in Fig. A5,

250 500
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& - =z
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=
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Figure A5. Wind Speed and Direction Time History
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The wind loads, which included the static aeroelastic effects, have been calculated
for the pitch and yaw planes and then summed vectorially. The translational accelera-
tions, shears, and bending moments at the Centaur/Surveyor interface are shown in
Fig. A6. The loads using the load-relief autopilot simulation are, of course, signifi-
cantly lower at the peaks than with the standard autopilot.

A.4 GUST RESPONSE

A.4.1 Analytical Approach

The equations for gust response are presented in Ref. Al. These basic equations
are applicable to any vehicle; however, the autopilot equations are for a particular
form of autopilot and may need modification for the particular vehicle under analysis.
The general approach is well illustrated and little additional work should be required
to accommodate various autopilot representations.

Two types of gusts can be considered in gust response analysis to determine gust
angle of attack. For an "immersion' gust the vehicle is subjected to the same gust
velocity over its entire length. In this case, ag is constant with respect to vehicle
station and it varies in time according to the gust shape. Another representation for
aerodynamic forces is a '"penetration' gust, for which the forces are applied along the
vehicle as it penetrates the gust or shear layer. For a penetration gust the ag is a
function of vehicle station as well as time.

Because of the specialized nature of this analysis area the reader is referred to
Ref. Al for detailed techniques. However, the following example should provide some

insight into the nature of these calculations.

A.4.2 TIlustrative Example

The gust response of the Atlas/Centaur/Surveyor vehicle in the yaw plane at 60
seconds flight time has been obtained as an illustration of gust response analyses. The
gust wavelength has been '"tuned'" in the sense that the vehicle transit time through the
gust has produced (on the computer) the maximum response in a particular mode; here,
the third bending mode. The transit time for maximum excitation of a particular mode
is nearly equal to the period of that mode. In this example, with a third mode period
of 0.088 second and vehicle velocity of 1128 feet per second, the '"tuned'' wavelength is
100 feet. Both "immersion' and ''penetration' gusts have been used with '"1-cosine"
gust profiles. The gust, in this example, is applied normal to the vehicle longitudinal
axis.

The spacecraft response is greater at short gust wavelengths due to higher response
of the second, third, and fourth bending modes at these wavelengths. These modes pro-
duce high translational and rotational accelerations at the ends of a vehicle; however,
the first bending mode and the rigid-body modes produce the highest bending moments
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in the central portion of a vehicle. The lower frequency modes have peak gust response
at longer wavelengths. A 30-foot-per-second gust velocity, which is rather unrealistic
for such a short wavelength, has been used in this illustration.

The translational accelerations, rotational accelerations, shears, and bending
moments at the Centaur/Surveyor interface are shown in Fig. A7. The dominant re-
sponse is in the tenth mode (third bending mode at 11.33 Hz) with some structurally
significant response in the lower modes. Since the gust wavelength was set equal to
the period of the tenth mode, this behavior is to be expected. The bending moments at
the Atlas/Centaur interface are presented in Fig. A8. Here the dominant response is
in the sixth mode (second bending mode at 6.24 Hz). The difference in the character-
istics of the bending moments at the two interfaces (see Figs A7d and A8) is attributa-
ble to the type of loading encountered. At the Centaur/Surveyor interface the loads
are inertial loads due to spacecraft response. This condition illustrates the variation
in response characteristics that can occur for various points on the vehicle. The loads
from hoth the "immersion' and "penetration' gusts shown for the Atlas/Centaur/
Surveyor vehicle are quite similar; however, there is no reason to expect this similar-
ity for other atmospheric descriptions or space vehicle configurations.

A.5 COMBINED LOADS

The loads discussed previously, and other minor dynamic loads neglected herein,
need to be combined for design purposes and for comparison with allowable loads.

In summary, the following procedure should be followed for calculating loads
caused by atmospheric disturbance.

a. Wind and gust criteria for design must be specified.

b. Proceed with rigid trajectory simulation using a nonrotating flat earth model and
a simplified rigid body autopilot.

c. Calculate wind loads using a trimmed vehicle condition or the coefficient method.
d. Calculate gust loads with immersion or penetration gust.
e. Calculate axial inertial and drag loads.

f. Calculate other loads such as center-of-gravity offset and misalignment effects
and trajectory dispersions (if necessary).

g. Combine loads using the methods of Ref. Al.
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“The aeronautical and space activities of the United States shall be
conducted so as to contribute . . . to the expansion of buaman knowl-
edge of phenomena in the atmosphere and space. The Administration
shall provide for the widest practicable and appropsiate dissemination
of information concerning its activities and the results thereof.”
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