View metadata, citation and similar papers at core.ac.uk brought to you by fCORE

provided by NASA Technical Reports Server

A NEAR-FIELD APPROACH TO THE SONIC BOOM PROBLEM

By F. A, Woodward

Distribution of this report is provided in the interest of
information exchange. Responsibility for the contents
resides in the author or organization that prepared it.

D6-15046
August 1967

Prepared under Contract No. NAS 2-3719 by
The Boeing Company
Commercial Airplane Division
P.O, Box 707
Renton, Washington

for
Ames Research Center

NATIONAL AERONAUTICS AND SPACE ADMINISTRATION


https://core.ac.uk/display/85244272?utm_source=pdf&utm_medium=banner&utm_campaign=pdf-decoration-v1

CONTENTS

SUMMARY
INTRODUCTION
SYMBOLS
AERODYNAMIC THEORY
Equations of First-Order Mach Waves
Classification of Velocity Components
Integration of Velocity Components
Relationship to Whitham's Theory
Theoretical Comparisons for Cones
DEVELOPMENT PROCEDURE
Extension of Wing-Body Program
Development of Flow-Field Program
Shock Wave Location Method
CONCLUSIONS
APPENDIX I—Tabulation of Velocity Components
APPENDIX II—Tabulation of Integrals
REFERENCES

iii

11
14

17
19
25
25
25
26
27
29
33
36




A NEAR-FIELD APPROACH TO THE SONIC BOOM PROBLEM

By F. A. Woodward
The Boeing Company

SUMMARY

Results are presented of an investigation of the feasibility of extending an
existing supersonic wing-body analysis and design method (reference 1) to the
problem of calculating the pressure signature and associated shock wave
pattern in the field surrounding arbitrary airplane configurations at supersonic
speed. The conclusion reached is that theoretical methods are presently
available to make this extension possible; the steps involved are outlined in
some detail.

The principal difference between the above method and the currently
accepted theory of Whitham (reference 2) is shown to be in the singularity
representations used. The wing-body method represents the configuration by
a spatial distribution of singularities over the entire wing and body surfaces,
while Whitham's method uses an equivalent linear distribution of singularities
along the body axis. In the far field, both methods give the same results, but
in the near field, the spatial singularity representation is expected to be
superior. An improved understanding of the wave pattern in the near field
could lead to new techniques for modifying or reducing the pressure signature
in the far field.
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INTRODUCTION

Calculations of the pressure signature and shock wave pattern in the field
surrounding arbitrary airplane configurations at supersonic speed have been
based almost exclusively on a theory presented by G. B. Whitham (reference 2).
The predictions of this theory have been verified by extensive wind tunnel and
flight test measurements and are generally accepted as a basis for the
estimation of sonic boom overpressures.

The present study was undertaken to investigate the feasibility of applying
a recently developed wing-body analysis method (reference 1) to the problem of
calculating the pressure signature in the near field® m this method, the con-
figuration is represented by a spatial distribution of singularities located in the
plane of the wing and along the body axis. Whitham's theory, on the other hand,
is based on the slender-body, slender-wing assumption, in which the airplane
volume and lift distributions are represented by equivalent line-source distribu-
tions located along the body axis only. In the far field, these two distributions
of singularities produce flow patterns that become identical asymptotically, but
in the near field the spatial distribution of singularities should give superior
results. The wave pattern in the near field is of particular importance in sonic
boom theory, since it is in this region that the interaction of the waves from
the various airplane components occurs. The resulting reinforcement or
cancellation of the waves in the near field ultimately determines the level of
the far-field pressure signature. Thus, an improved theory in the near field
may give additional understanding of the wave interaction problem, which in
turn could lead to new techniques for modifying or reducing the pressure
signatures in the far field.

The extension of the present wing-body analysis method to calculate the
magnitude of the pressures and velocities in the field has already been accom-
plished. The only additional steps required are to determine the location of the
Mach waves in the field to first order, and to insert the shock waves. The

techniques involved in accomplishing these steps are outlined in the following

* In sonic boom theory, the near field is defined as the region between the body
and the radial distance at which all the waves generated by the body have
coalesced into two distinct shock waves or an N wave pattern. The far field
includes all space beyond this radial distance.



paragraphs. The general approach follows that proposed by Whitham very
closely, and in fact, is shown to give exactly the same asymptotic result in the
far field.

Valuable assistance in the evaluation of some of the integrals tabulated in
appendix II was provided by Dr. Tse Sun Chow, a mathematics research
specialist at Boeing.

This study was undertaken by the Aerodynamics Research Unit of The
Boeing Company, Commercial Airplane Division, as part of NASA contract
NAS 2-3719 for the Ames Research Center.




SYMBOLS

Q

pressure coefficient

(=]

first-order correction function
source strength

Constant

panel leading-edge slope

Mach number

Z =2 8 R &

number of singularities

radial coordinate

body radius

singularity strength

nondimensional variable x/8, r

integral function

nondimensional perturbation velocity in x direction
freestream velocity

nondimensional perturbation velocity in y direction

nondimensional perturbation velocity in z direction

¥ £ <« o4 £ B3 < wm o~

«
N

cartesian coordinates
origin of first-order singularity (Whitham's notation)
flow inclination angle
M2 -1
ratio of specific heats for air
cone half angle
panel leading-edge sweepback

Mach angle

T >R R

cylindrical coordinate
Subscripts:

freestream condition

8

singularity number

radial direction

.-S G s

0

source, shock wave

<

vortex

theta direction
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AERODYNAMIC THEORY

Perturbation velocity components u, v, and w at any point P (x, y, z) in
the field surrounding an arbitrary wing-body combination in supersonic flow may
be calculated to first order by the method of singularities (reference 1). At the
present stage of development, the singularities are located along the body axis
and on panels distributed over the wing and body surfaces. Singularity strengths
are determined by boundary conditions specified at control points on the surface
and govern the magnitude of velocity components in the field.

In the following discussion, the contribution of an individual singularity is
considered.', The flow-field disturbance created by an individual singularity is
conical and bounded by a Mach cone having its apex at the origin of the singu-
larity. However, it should be emphasized that the net disturbance in the flow-
field surrounding this singularity is that due to the sum of the contributions of
all the singularities used to represent the configuration. Therefore, the dis-
turbance field created by the wing-body combination is bounded by an envelope
of the Mach cones originating from each of the singularities used in the repre-
sentation, which may not be conical. In linearized theory, the flow field within
this envelope of Mach cones is referred to as a zero-order flow field since the
disturbances are assumed to propagate into the field at the speed of sound of the

fluid at rest. The slope at an outgoing Mach wave of the zero-order flow field

%= cot p = \/Moo2 -1=8, 1)

where p_ is the Mach angle of the undisturbed flow.

is given by

Whitham's theory for determining the flow pattern assumes that the
linearized theory of supersonic flow gives a valid first approximation to the
magnitude of the velocity components everywhere in the field, provided that the
approximate characteristics of the Mach cone envelope are replaced by
a sufficiently good approximation to the exact characteristics. The

slope of the exact characteristic of an outgoing wave is given by

2

bid cot u - tan

~=cot (pta) = 1

|

(2)

[oN
=



where p is the local Mach angle based on the local Mach number M, and « is

the local inclination of the stream measured from the freestream direction.

Place
cotu=B=\/M2 -1

ano =V
tan o r

where V. is the ratio of the velocity in the radial direction to the freestream
velocity U_. Then for small values of Bvr, equation (2) may be written
approximately

dx 2
B - MY, (3)

For large values of Bvr, equation (3) cannot be expanded in this manner to
obtain an approximation to the slope of the characteristic. In this case, for
small Vo equation (2) may be inverted and expanded as follows:

a 1 M2

dX%E +‘E-2Vr (4)

Equation (4) gives a more accurate estimate of the slope of the characteristic

for high Mach numbers. Equations (3) and (4) may be put into their final forms

by introducing a linear relationship between the local Mach number and pressure

coefficient, The relationship used is compared with the exact isentropic
relationship in figure 1. If, in addition, the linear theory pressure coefficient
relationship Cp = -2u is assumed, then

-1 2
MzMoo1+(1+————2—M°°)u

. (5)

A3 M -1 2

B =YM" -1~ 8+ B°°(1+7 M _“u

2 0
giving
4
+ 1 e 2
%330“7 5= . " Mo (p B (6)
for low Mach numbers and
4 2
dr 1_y+1M°°u+M°° (v, + B ) i
dx ¥ B 2 3 2 r oo
Peo By B
for high Mach numbers.
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The range of validity for each of these approximate formulas is illustrated
on figure 2, which shows the wave pattern in the flow around an unswept plate at
10 degrees incidence. In the figure, the wave angle p + o measured from the
freestream direction is plotted as a function of Mach number for both the
compression and expansion sides of the plate. The Mach wave angle p  of the
undisturbed flow is shown on both sides for reference. In addition, the angle of
the limiting isentropic expansion wave of a Prandtl-Meyer fan is shown for the
expansion side, and the shock wave and limiting isentropic compression wave
angles are shown for the compression side. The range of validity of equation (6)
is seen to be quite small in this example, while equation (7) gives a good approxi-
mation for all Mach numbers greater than 2. It should be noted that Whitham's
theory uses equation (6) to approximate the characteristic direction of the out-
going waves and, as a result, may introduce significant errors if the theory
is applied at high Mach numbers. In this study, both equations (6) and (7) have
been used to approximate the slope of the outgoing Mach waves and the results
of each calculation compared.

Equations of First-Order Mach Waves

Equations (6) and (7) give alternate expressions for the slope of an outgoing
Mach wave in terms of the velocity components along it. The equation of the
trace of the wave in a plane 6 = constant may be obtained by substituting the
appropriate expressions for u and vr into these equations and integrating.

For low Mach numbers, the velocity components at a point P (x, r, 6) lying
on the first-order Mach wave from a point Q (XO +B R, R, 6) on the body sur-
face are assumed to be equal to those evaluated by linearized theory at a point
P' (x + Ax, r, 8) lying on the zero-order Mach wave passing through Q. The
zero-order Mach wave intercepts the body axis at x = X This is equivalent
to assuming that the first-order Mach forecone from P intercepts the same
number of singularities on the body axis as the zero-order Mach forecone
from P'. The geometry is illustrated at the top of the next page.

Since
X + Ax = X0 + 8T
then
ux, r, 0) = u(x0 + B X, T, 0)

(8)

v.(x, r,0)= Vr(XO +p, r, 1, 0)

11



. ZERO-ORDER MACH WAVE:

v z A
FIRST-ORDER MACH WAVE

P(x,r,8)

Q (xg + BoR.6)

— X

O SipE viEw * REARVIEW  ’

Substituting these expressions into equation (6) and integrating with respect
to r, an equation for the first-order Mach line in the plane 6 = constant is
obtained.

4 T
_ + 1 e /
X =Xy + BT +'Y_2_ o u(x, + B,r,r, 6)dr

r ©
—Mm2 ‘I/; [Vr(x0 + B, .r, r, 0) - Bwu(xo + BT, T, 9)] dr

where X, is the value of x for r = 0, and R is the value of r where the Mach
line emerges from the surface of the body. It should be noted that the wave
distortion Ax is given by the sum of the two integrals in equation (9). The
evaluation of these integrals will be discussed in the next section.

For high Mach numbers, a slightly different assumption must be made for
the values of the velocity components at P. In this case, the Mach waves lie
much closer to the body surface, so it is assumed that the velocity components
there are equal to those evaluated by linearized theory at a point P'"(x, r +
Ar, 9). P" lies on the zero-order Mach cone that passes through Q and

intercepts the body axis at x The geometry of this case is illustrated at

0
the top of the next page.
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Now

X ~ X
r + Ar =
SO

X -X

ux, r, 9) = u(x, A 0, 9)

(10)

= 0
vr (x, r, 6) Vr X, [

Substituting these expressions into equation (7) and integrating with respect
to x, an alternate equation for the first-order Mach line in the plane 6 = constant

is obtained,

X - X 4 X X = X
_ 0 _y+1M f ( " O)dx
T = - —m-g uix, ’
Beo 2 B x0+B°°r Beo
(11)
Moo2 X X = X X =X,
N e R N
B2 xyt+BR o %

Again, the wave distortion Ar is given by the sum of the two integrals in

equation (11). In equations (9) and (11),

Vr=vcos0 + w sin 6

when v and w are given in cartesian coordinates.

13



Classification of Velocity Components

The wing-body combination may be represented by as many as seven

different types of singularities, as indicated on figure 3.

The hody is repre-

sented by a combination of line sources and doublets, the wing thickness by

planar source distributions, and the wing lift and interference effects by planar

vortex distributions. The seven elementary singularities used in the repre-

sentation are listed below:
1. Linear source
Quadratic source
Linear doublet Line singularities

Quadratic doublet

B W N

Constant source sheet

Linear source shect Planar singularities

-3 & U

Constant vortex sheet

Formulas for the velocity components corresponding to these seven

elementary singularity distributions are listed in appendix L

coordinates are referred to the origin of the singularity.

The resultant velocity at any point in the disturbance field from a wing-body

In this list, all

combination is obtained by summing the products of the elementary velocity

components and their respective singularity strengths, for each singularity

used in the representation. For example, for a configuration consisting of N1

sources and N2 vortex singularities,

N1 N2
.EUS.SS N .ZUV.SV
j=1 =1 7]

u -
J ] j
N1 N2
V= .ZVS.SS. * ZVV.SV.
=1 73 ) =l )
N1 N2
A Z:Ws.bs. ! Zwv.bv.
=1 75 73 =1l ) )

where
9 g ! . .th
S, 1s the strength of the j° source
]
e _ .th
bv is the strength of the j vortex
J

14
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BODY THICKNESS

1. LINEAR SOURCE
2. QUADRATIC SOURCE

BODY CAMBER AND INCIDENCE

3. LINEAR DOUBLET
4. QUADRATIC DOUBLET

WING THICKNESS

5. CONSTANT SOURCE SHEET
6. LINEAR SOURCE SHEET

WING CAMBER, INCIDENCE, AND WING-BODY INTERFERENCE
7. CONSTANT VORTEX SHEET

Figure 3. Basic Singularities

15



Integration of Velocity Components
The integrals appearing in equations (9) and (11) are made up of sums of
elementary velocity component expressions of the types listed in appendix I.
An examination of this list shows that these expressions are composed of
combinations of the nine functions listed below.
T1 = cosh™1t

T, =t2-1

t-Boom cos 0

T, = cosh
3
\/(3w.mt - cos t)2 +(1- sz m2) sin2 6
-1 B, ,m siné)\/t2 -1
an

1-B,mtcos 8

T, = rT4 (13)
where
X
t= , m=cot A
BT

For use in equation (9), these functions must be integrated with respect to r,
with x = Xyt B, r. For use in equation (11), they must be integrated with
respect to x, with r=(x - xO)/Boo. In fact, only one integration need be
performed in either case, as the variables can be interchanged without changing
the form of the functions. These integrals have all been evaluated as part of this
study and are listed in appendix II.

For low Mach numbers, equation (9) now gives an explicit expression for
the x coordinate of the first-order Mach wave from x, in terms of the radius

0
r.

v+l M2 BT Let) st (19)
X=X, +r+x (K- Mg Z [ F ( ) +F ( i
0 0 sz 1j X, 2j X, j

16




where

=
[

r
. _ﬁf w6y *+ BT, T, 6) dr
r
Fz = ﬁf [Vr.(xo +B,r, r, 0) —Bwuj(xo + Brs T 9)] dr
J

2
N M
‘. szz[y—;*—“;-Fl (@) or, (&.ﬁ)]s
j=1 Bco j XO j XO ]

For high Mach numbers, equation (11) similarly gives an explicit expression

1

for r as a function of x for given Xqr In nondimensional form,

- N 2 ’
B.r X +1 M~ X X
—2_ = = -1-K- Zl —. F ()+F‘( HS} (15)
0 { ® i 2 Beo 2 1J 0 2J *o/1

rxy
i

X X-X X-X
0 - 0
2j x{+ﬂ R[vrj(x, B’ 0) B, uj(x, B )J dx

Depending on the Mach number, either equation (14) or (15) may be used to

‘define the first-order Mach waves.

Relationship to Whitham's Theory
The function F,®, where t = l?cor/xO in equation (14), or t =x/x0 in
equation (15), is related to Whitham's function F(y) where y = X, in the
present notation. This can be demonstrated by considering the flow field about

a simple cone of half angle 6. For this example, linearized theory gives

u= -k cosh™ -1 X
(16)
V= kﬁ\ R
where o
tan 0
f B tan 6+tan 6 cosh E;Ein_a'

117



Therefore,

F ) = [l+2t+tcosh 1+ %)]
F, ) =k [

+2t = (L+1) cosh™ 1+ l)]

M (an
K-Y+tl e | [1+&tans Kotans -1 1
2 B 2 1-B,tand  1-B tan 6 B tan 6
o0
2 1 +4,tan & 1 -1 1
* Mo k[\} 14 tand 1-§ tand °°%0 BwtanG]

In the far field, t—+ .

It is shown in Reference 3 that

lim cosh-1 % =V2(1 - x)
x=1
Similarly,
lim t cosh_1 (1 + lt) =42t
t+o
and
Fl(t) -2V2t
Fz(t) -0

so that the asymptotic form of equations (14) or (15) is

4
M
- y+1_ = /
_x0+ﬁ°°r— \/__ mZk rXp (18)
2 Be
which is exactly equivalent to Whitham's formula for a cone
M 4 \/_
x=x,+ B r - Lt —=F(y)/r (19)
2
0 © \/5‘ Boo3/

where

F) = 26%\/y = 26% /i
provided the cone is sufficiently slender so that k= 62. Therefore,
equations (14) or (15) give expressions for the Mach line X
entire flow field. An example showing the curvature of the Mach line near a

15~-degree cone at M__ = 3.0 is presented in figure 4.

18
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Theoretical Comparisons for Cones

The first-order flow field theory is easily illustrated by calculating the
flow about a simple cone. Only one singularity is required in this example,
but this is sufficient to demonstrate the effect of the high and low Mach number
approximations on the shape of the Mach waves, the development of a limit cone,
and the resultant distortion of the pressure signature in the field. In addition,
the location of the front shock wave can be estimated and compared to that
given by the cone tables and that predicted by Whitham's theory.

The first-order Mach waves have been calculated using equations (14) and
(15) for a 15-degree cone at M = 3. 0. The shape of the resulting Mach lines
are shown in figure 4. A considerable difference is observed between these
two calculations, with the high Mach number solution of equation (15) appearing
to give the most realistic approximation to the first-order Mach lines.

Both solutions show the developmenf of a limit cone, which in this case is
an exact cone from the origin just tangent to the envelope of the first-order
Mach waves. The limit cone indicates the most forward extent of the
disturbance. |

The pressure signature corresponding to each solution ‘is also indicated on
the figure, for r =1/8,, = 0.354. The zero-order solution shows a gradual
pressure rise from zero at the undisturbed Mach cone at x = 1.0 to a value of
Cp = 0. 16 on the surface. The low Mach number approximation predicts a
considerable distortion of this pressure signature, which extends forward to
just touch the limit cone. The high Mach number approximation gives a more
moderate distortion. Each signature returns to the same value on the cone
surface, v

The forward curvature of the pressure signature between the Mach cone
and the limit cone represents a physically unrealistic solution. It is generally
assumed that a shock wave will develop in this region, which will introduce a
discontinuous pressure rise from zero to some value on the upper limb of the
pressure curve. The shock wave location is determined by applying the
principal that the slope (dx/dr)g of the shock wave lies halfway between the
slope of the undisturbed Mach wave 5, and the first-order Mach wave directly

behind it. For a cone, the slope at the shock wave is given by

2 2
M_k M
dx\ _ o y+ 17> -1 1 1+2t
(E)S -Boo{l i [( 2 p 5 1) cosh (1+ t)+————t ]} (20)

19
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pbut the slope of the shock wave is also given by

2
MOO
(_’If_)s = Bw{l + %[1 +K-M 2k (lizr—l oz F () + Fz(t))]} (21)

oo

These two equations may be solved graphically to determine tS and x
directly. It is of interest to note that the application of this method to the

Whitham theory for cones gives

, 2,.8
dx (y+ )" M, 4

(a?) “fom§ 5 (22)
S Bwo

This is identical to the equation obtained by Whitham by another method.

The position of the shock waves corresponding to both the low Mach number
and high Mach number approximations are indicated on the figure and compared
with the exact shock wave position obtained from the cone tables. The high Mach
number solution gives an accurate estimate of the shock wave location in this
example. On the other hand, Whitham's formula, equation (22), gives a
completely unrealistic negative result.

A comparison of the first-order limit cone and pressure signature
determined from equation (14) with that given by Whitham is presented in
figure 5 for a 10-degree cone at M= 3.0. In this example, Whitham's shock
wave formula gives a more realistic result but still shows considerable error
when compared with the exact result from the cone tables. The present first-
order theory gave very close agreement with the exact result in this example,
however.

The shock wave locations for both 10- and 15-degree cones have been
calculated for three different Mach numbers using equations (20) and (21) and
presented in figure 6. Also, shown on the figure are the exact results given by
the cone tables, and Whitham's approximation, equation (22). In this calculation,
the effect of using the high and low Mach number approximations to the first-
order theory (equations (15) and (14), respectively) is also shown. Based on the

relatively few calculations done during this study, the low Mach number

cones provided the freestream Mach cone is relatively far from the cone surface.
For high Mach numbers, the high Mach number approximation is superior for the
blunter cones, Whitham's approximate formula is definitely inferior for

15-degree cones at all Mach numbers, and for 10-degree cones above M = 2. 0.

21



The differences between the present first-order theory and Whitham's
theory diminish with distance from the body, and the two theories become
identical at an infinite distance from the source. However, the relative position
of the shock wave from the nose depends on the accuracy to which the flow field
is predicted in both the near and far fields.

It is clear that the present method can be expected to give improved
pressure signatures in the near field, particularly for bodies having fairly blunt
noses at higher Mach numbers. It is also probable that the method will give
improved estimates for the location of shock wave coalescence for any
configuration and Mach number.

22
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DEVELOPMENT PROCEDURE

The development of this method to calculate the pressure signatures,
including shock waves, for arbitrary airplane configurations in both near and
far fields appears to be possible at this time. The development would logically
proceed along two lines: one would be to extend the existing supersonic wing-body
analysis program to include horizontal and vertical tails, canards, and
nacelles; the other would be to study the contribution of each of these components
to the pressure signature in the field. In addition, a procedure for estimating
the shock wave locations in the field would be required. The various aspects of

these problems will be discussed in more detail below.

Extension of Wing-Body Program

The extension of the existing wing-body program (reference 1) to include
the effects of horizontal and vertical tails, canards, and nacelles would not be
a major undertaking. No new types of singularities are required for this
extension of the program, only a redistribution of existing types.

If an increase in the total number of singularities is required to give an
adequate representation of an arbitrary airplane configuration, the program
changes may be more difficult. The present limits of 100 wing panels, 100 body
panels, and 50 line sources and doublets have been set to allow matrix inversion
without partition within the core of the IBM 7094 computer. An increase in

these limits would require fairly extensive reprogramming.

Development of Flow-Field Program
The wing-body program has been extended to calculate the first-order
velocities and pressures in the surrounding zero-order flow field under the
present contract (NAS 2-3719). Development of this program to calculate the

pressure signatures of an arbitrary airplane configuration uniformly to first
order would follow the theoretical method outlined in the previous section. The

steps necessary to develop this program are given below.

1. The functions F (t) and F (t) for each of the seven elementary singular-
ities would be formulaied in terms of the integrals alrcady evaluated and
listed in appendix II.

2. The flow field surrounding an isolated body of revolution would be calculated

using the four line singularities. Then the effect of body thickness
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distribution,incidence, and camber could be investigated in both the near
and far fields, and the far-field result could be compared to Whitham's
theory.

The flow field surrounding an isolated wing at zero lift would be calculated
next using the two planar source singularities. The effect of wing thickness
distribution, planform, and subsonic and supersonic edges could be
investigated in both the near and far fields. Again, the far-field result
should be compared to Whitham's theory.

The flow field surrounding an isolated lifting wing would be calculated, with
lift effects being represented by the planar vortex singularity. This would
permit investigation of planform, subsonic and supersonic edges, camber,
and incidence effects for wings with and without thickness in both the near
and far fields. As before, the far-field result would be compared to
Whitham's theory, while the near-field result could be compared with
Lighthill's first-order theory for the field surrounding subsonic leading
edge delta wings and rectangular wing tips (reterence 3).

The flow field surrounding arbitrary wing-body and airplane configurations

would be calculated. The effects of wing height on the fuselage, wing thick-

ness and camber, shielded bodies, nacelles, and tails, could be investigated.

Development of the configuration pressure signature and coalescence of the
shock waves from the wing and body could be studied in detail within the

near field and beyond. The far-field result should be compared with

Whitham's theory.

Shock Wave Location Method

Concurrently with steps 2 through 5 above, a method would be developed to

estimate the location of the shock waves in the field, based on the first-order
velocity components and pressure signature. The principle that the slope of

the shock wave lies halfway between the slopes of the first-order Mach waves
directly ahead and behind it would be applied to determine shock wave location.
Much emphasis would be placed on the method developed by Whitham for locating
shock waves, and an attempt would be made to determine if the equal-area
technique would still be applicable to this problem. In particular, the problem

of determining the distance from a body at which multiple shocks coalesce would
be studied.
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CONC LUSIONS

The feasibility of extending the existing supersonic wing-body analysis
program (reference 1) to the calculation of the pressure signature, including
shock waves, of an arbitrary wing-body or airplane configuration has been
investigated. The conclusion reached is that theoretical methods are presently
available to make this extension possible, and a program to develop these
methods in an orderly fashion has been outlined in some detail.

The method presented in this report could serve as a useful adjunct to
Whitham's theory for calculating the pressure signatures and shock wave
locations and strengths in both the near and far fields surrounding arbitrary
airplane configurations. In particular, it has the advantage of allowing the
calculation of the surface pressures, forces, and moments acting on the
configuration while giving a uniformly valid first-order solution in the entire
flow field. No slender-body and slender-wing theory assumptions are required
in the singularity representation, so that the effects of the spatial distribution
of the singularities is fully accounted for at all distances from the body. This
feature of the new method could result in improved estimates of shock wave
coalesence in the near field and corresponding improvements in the prediction
of the location and magnitude of the intermediate shock jumps for pressure signa-
tures not fully developed into the asymptotic N wave form.

The design implications of the method are important., Since the pressure
signature is made up of summations of integrals of elementary velocity compon-
ents and depends linearly on the strengths of the singularities used to represent
the configuration, a linear system of equations can be derived relating the
pressure signature properties to configuration geometry. It may then be
possible to formulate several interesting optimization problems relating the
shape and intensity of the pressure signature to the airplane volume, lift, drag,
and moment.

All the theory presented in this study has been made assuming a uniform
atmosphere. The effects of nonuniformity in the atmosphere would necessarily

involve corrections of the type outlined in references 4 and 5.

The Boeing Company
Commercial Airplane Division
Renton, Washington
August 15, 1967
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APPENDIX I

Tabulation of Velocity Components
Line Singularities

1, Linear Source

u= -k1 cosh_1 t

2
vr—fik1 tt -1

V6=0

2. Quadratic Source

u=- 2k2x(cosh'1 t - %— t% -1 )

v, = Bk2x(\}£2 -1-1cosnt¢)

ve =0
3. Linear Doublet

u= Bk3 cos 0\/t2 -1

i Bk3 cos 6

V.= > (cosh t+tyt 1)

sz r sing
Vo =———32—-' (cosh_1 t- t\/tz -1 )
4. Quadratic Doublet

u = Bk,x cos 6 (\/tz -1- % cosh™! t)

22k % o Sl L4 2o
v.="B k4§cos6(cosh t+3(t t) t 1)

_ 2 . -1, 1 2\ [.2 _
ve =g k4xrsm9(cosh t—3(t+t) t 1 )

Planar Singularities

1. Constant Source Sheet

W 1 t—émcose

m -
= -— J7=——=—=— cosh 5=
7r\,/1-[32m2 \/(Bmt—cose)2+(1-32m2)sin29
1 -1 t - Bm cos § -1
= =| -7———5—3 cosh -cosh ~t
”(\/ 1- ﬁ2m2 \/(Bmt -~ cos 0)2+(1 -,Bzmz )sinze )
tan_l m sin 9\/1:2 -1

1-pAmt cos g

=

g
[
ST
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2, Linear Source Sheet

w
= Bmt - cos §_ - -
u——%mr( It c;sg cosh 1 t Bzmcose 5> >
1-8"m /(Bmt-cose) +(1-Bm)sin 6
. ,2
+cos 0 cosh 1t - sin § tan™ ! DRSINOVE -1)
1-Amtcosb
Wy
v == |(Bmt - cos 6)
(COSh-lt-—liZ—2°°Sh—l et )
1-f"m \/(Bmt-cose) +(1—Bm)sin9
. /2
. -1msingyt™ -1 [2
+ sin 6 tan 1 - pmt cos 0 -mvt -1
W

X .
w=—r]|sin6 -
T
(cosh_lt -J1-8%m2 cosh™! t - gm cos26 — )
Jlpmt - cos 0) 2+ -gPm? ) sin® 0

[.2
~lmsinévt -1
(Bmt - cos @) tan 1 - gmt cos 6

3. Constant Vortex Sheet

u_Etan—lmsinG tz—l
T 1 - Amt cos @
/.2
_u -lmsingv t -1 . f 2
v = 7r(tan T - gmt cos -msingvt -1)

_af/fi_ 2 2 -1 t -8m cosf
w_vrm(l B m” cosh

\/(Bmt ~ cose)2 + (1 - Bzmz) sin20

~cosh Yt-m cos 8/ £2 - 1)

where
X
t=Br
and
m=cot A

Note: B =p_ in this appendix.
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The above formulas are written for the subsonic leading edge case m < B.

For the supersonic leading edge case, replace the function

) cosh-l t ~ Bm cos 6
v1- 32m2 \Aﬁmt - Co08 0) & + ,(1 - Bzmz) sin20
by .
1 -1 t - Bm ¢os6

—F==——— CO0S e
N/ 32m2 -1 \/{Bmt-cos 9)2+ (1—Bzm2) sin29
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APPENDIX I

Tabulation of Integrals
: -1
L= fcosh 1+ t,) dr

=r [cosh"1 (L+ty) + [T @ to)] | (A1)

I, =f/t0(2 ¥t dr
X
=?0 [2,/1 + t_2_ - cosht (1+ tO)} (A2)
0

-1 1+t)-pBmcosé
\/(,Bm(l +t) - cos e)z . (1 - Bzmz) sin® 0

cosh dr

*

1+t

mlox

' - 0
, Bm(Bm - cos 9) cosh™L o = Am cos
tO (1 - Bm cos 6) \/(Bm(l + tO) - cos 9) + (1 ?—2) sm 8

l-Bmcosf)

/ 2 2
NMLi-Bfm /1+t£
0
[ 2
fmt sinf® 1+ —
Bm cose\ll-ﬁzmzt -1 0 tO

an (A3)
(1 - Bm cos 9) 1 -pmcos6(lL+ty)
; / 2
Bmt0 sing /1 +.t__
I, = tan_l 0 dr
4 1-Bmcos€(1+t0)
X  fmg sin 6 /1 +t£
=0 yBm@Bm -cose) | . - 0
g t0 (1 - Bm cos 6) 1-Bmc°s6(1+t0>
m sin 6
+1-Bmcos€ 1+t0
- 0
pm sin § V1 - ﬁ2m2 -1 1+ tO Bm cos "
- 5~ cosh 7 5 S (A4)
(1 - Bm cos 6)~ \/(ﬁm(i + to) -cos )" + {1 -5"m") sin 6)
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_ -1
I5 —fr cosh ~ (1 + tO) dr

2
52- [cosh (L+tg) + %(1 -t Vi @ + tO)] (A5)
f Vi@ +ty) dr

[\

(A6)

2 -1
=—t0/1+E-5-cosh (L +tg (A7)

X, 1+t - fm cos 6
18=-—~ﬁ'cosh dr
4 \/(Bm(1+t)-cose) + (1 - B%m?) sin®e
_E r—zcosh'l 1+t,~pmcos §

=515

/(Bm(l +ty) - cos )% + (1 - fm’) sin?o

2
+ *0 Jl Bzmz 1+ 2 [1(1 1--[32m2 cos2 6 +4Bm(Bm - cos 9)]
0

4(1 - fm cos 6) 0 B(L - m cos 9)2

2 2
m x

_ 0 [mm - co8 6)2- (1 - Bzmz) sin2 0
(1 ~ Bm cos 6)4 2

- 1+t -Bmcosé
cosh™! 0

/(Bm(l + tO) ~ cos 6)2 +(1- Bzmz) sinz_e

Bmt sin@ |1 +-=2-
2 3, -1 0 ko
+8in 6 (fm - cos §) /1 - °m" tan (A8)

1—3mcosO(1+tO)
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dr

s , 2
X, . BmtO siné (1 +t—0
I9 =7;-ﬁ'tan

1-Bm cosG(1+tO)

- 2
pmt. sin@ [1+-—
X )2, 1 0 J

=g )z tan 1~ pm cos 0 (1 +18)

(=

m2x 2 sin 6
+ 0 1+-2— L 1+£
4(1 - fm cos 6) tO 3 to

, sin o1 - 32m2 cos? 6 - 4pm (Bm - cos 6))]

(1 - fm cos 6)2

(1 - fm cos 8)

. 3.2 .
Bm X sin 6 55
+ 4sine(ﬁm—cose)/1—3m *

1 1+t0-—/3mcose

cosh™
j(Bm(l + to) - cos 6)2 + Q1 - Bzmz) sin2 ]

pmt, sin 6 [1 + =
_ (8m - cos 9)% - (1 - %m?) sinZ can-1 0 J % A%
2 l—Bmcos9(1+tO)

where

]

. =0
0 Br

and

B =8,
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