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PRECEDING PAGE BLANK NOT FILMED.
FOREWORD

The work described in this report was performed under the second follow-
on to Contract NASR~-11257 for the National Aeronautics and Space Admini-
stration, George C. Marshall Space Flight Center. The studies and

compilation were performed from January 1967 through December 1967.

First Year Program

The first year's program objectives involved preliminary investigations
of the interface factors which significantly affect the power condition-
ing and control s stems design approach. A comprehensive evaluation
was made of current thruster development programs. The principle power
conditioning requirements were established for these thrusters. The
lithium-Hall arcjet and the cesium electron-bombardment thrusters were
the most promising flight system candidates. Variable Isp operational
constraints were established for the two candidate thrusters., (oncep-
tual power conditioning and control system block diagrams were delin-
eated for promising thruster and powerplant candidates. This included
the nuclear turboalternator as well as the in-pile nuclear thermionic
powerplant. The power conditioning and control system specific mass
and efficiency for the cesium electron-bombardment thruster was esti=-
mated to be 2.3 kg/kW and 91.9 percent with an ac power source and 3.1
kg/KW and 84 .9 percent with a dc power source at a total power level

of 1 MW. Below the 1 MW level, nuclear shielding was the principal
power conditioning penalty. Above 1 MW, the secondary radiators were
the principal penalty. The interface system for the lithium-Hall arc-
jet thruster was estimated to be 1.9 kg/kW at 95 percent efficiency
with an ac power source and 1.5 kg/KW at 97 percent efficiency with a
dc power source. A survey of the principal power conditioning compo-

nents indicated three key power conditioning technology problem areas:
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a., Insufficient reliability data
b. Low thermal and nuclear radiation tolerances

c. Low power ratings and switching times for rectifiers and
active switches

Second Year Program

Tae first year's work provided the foundation tor continuced and detailed
analysis of various power conditioning and control system design ap-
proaches and resulting component requirements for promising powerplent

and thruster candidates. The second year program tasks included:

® The establishment of interface requirements necessary for the
fabrication and optimization of power conditioning and control
systims,

® The establishment of a methodology for power conditioning and
control design and analysis techniques.

¢ Survey and tabulation of key component characteristics.,

® The selection of optimum power conditioning and contrul system
design approaches for promising powerplant and thruster
candidaces,

® The analysis of power conditioning svstems for a manned Mars
electric propulsion mission,

® The identification of existing technical problem areas and
future circuit and component development requirements.

The principal program objectives were directed at electric propulsion
system levels greater than 1 MW usings the in-pile nuclear thermionic

powerplant.

Third Year Program

The first task of this program was to compile all data pertaining to
electric propulsion into a Design Data Bank. The studies during the
first and second ycars formed a strong basis for the data bank. The

main topics delineated in the Design Data Bank were:
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6 Power source technology
® Electric thruster technology

© Power conditioning

Trends leading to future performance improvements were identificd
where possible., A format was selected sucl that gonval updating would

make the most recent data always available to mission planners,

Using the Design Data Bank as a foundation, power conditioning was
studied for:

® 40-50 kW solar electric propulsion system
® 1-5 MW solar electric propulsion system

® (50 kW solar electric propulsion system

A solcr electric propulsion system was designed for an unmanned Mars

spacecraft. Optimization procedures were demonstrated on power condi-
tioning for a 50 kW (1 AU) solar panel operating sixteen 2.5 kW Cesium
Electron Bombardment Thrusters. Electric, magnetic, and thermodynamic

interactions between various subsystems were investigated.
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SECTION 1

POWER SOURCE TECHNOLOGY

This section discusses the electrical power systems which are relevant
to electric propulsion. In order to be effective, the power systems

should have the following characteristics:

Power level ranging from 40 kW to 20 MJ.

® Specific weight of 50 lb/kW as a minimum. A desirable goal
will be 20 1lb/KW or less.

@ Operating time of 5000 hours as a minimum, or preferably
10000 hours and beyond.

® Available in the 1970-198. period.

Because of the lifetime requirement, only rhe solar and nuclear reactor

systems are capable of supplying this need.

1.1 PERF NCE_SUMMARY - AN OVERVIEW

Figure 1 represents a summary of the specific weight performance of a
wide variety of space power systems. These systems can be divided

into two categories, i.e,.

a. Nuclear electric where a nuclear reactor is used to provide
heat for energy conversion. The conversion efficiency is
limited to a value less than the theoretical Carnot efficiency.

b. Photovoltaic energy conversion where solar energy is converted
directly into electricity. This type of system is not Carnot-
efficiency limited.

The tentative conclusions, drawn within the framework of the previously

described requirements, are the following:

5400-Final 1-1
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© Three types of power source, namely, the solar array, the
nuclear potassium Rankine, and the nuclear thermionic are the
leading candidates,

® For a 1970-75 unmanned electric propulsion mission, the powver
source requirement of 40-200 kW can be best served by the
zolar array.

® For a mission in the 1975-1985 period, the choice is narrowed
down to either a nuclear potassium Rankine or thermionic system,
The nuclear thermionic (in-pile or out-of-pile) certainly has
a clear advantage. It offers a high performance potential at
a large system size and high reliability because it does not
require any moving parts,

In the following subsections, we will give a brief resume of the tech-
nology status, advantageous and disadvantageous features of the solar
and nuclear systems. Additional information is contained in the docu-

ments listed {n the bibliography, Subsection 1.3.2.
1.1.1 SUMMARY OF SOLAR PHOTOVOLTAIC ARRAY TECHNOLOGY

The specific weight of a flight-proven photovoltaic system at the

present time (1967) is approximately 100 1b/KW. It is a work horse in
the space power field due to its proven performance, long life, and

high reliability. This is evidenced by the successful application in

the Pioneer, Ranger, Mariner, Surveyor, and numerous classified and
unclassified satellite programs., The arrays in the past programs have
been limited to a s‘ze less than 2 kW. However, with an increase in
booster capability, the application in the early 1970's for firm missions
such as ATM, SIVB workshop, MOL, and MORL will call for the state-of-
the-art array of a size up to 15 kW,

Current development programs throughout the industry have established

a definite feasibility of the array performance of 25-50 1b/kW for a
1973-1975 mission. For example, Boeing is developing a 50 lb/kW system
leading to a 50 kW Mars Mission. Electro-Optical Systems has already

5400-Final
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demonstrated a 42 lb/¥W panel and is now working in the Phase II effort
toward a 27 1b/WW panel. Both the Bocing and EOS concepts employ a

rigid-frame solar panel.

Concurrent with the above cfforts, several roll-up array concepts are
being developed by Faivr.iinld-Hiller, Ryan Acronautical Co., General
Electric, and Hughes with a potential performance of 35 lb/kW. The
development of roll-up arrays is timed for the mid 1970 application.

The advantageous and disadvantageous features of the photovoltaic system
are summarized in Table I. Among the attractive features are its light
weight and early availability, especially for a 40-200 kW size. For
systems larger than 200 kW, it is anticipated that the specific weight
will be increased duc to the more complicated mechanisms and structural
supports. Beyond this power range, the picturc is not clear; more de-
tailed and realistic conceptual study will be required.

1.1.2 SUMMARY OF NUCLEAR SYSTEM TECHNOLOGY

Since the heat-to-electricity conversion efficiency is limited to a
fraction of the Carnot efficiency, the trend for the performance im-
provement of any nuclear system will be toward higher tempcraturcs,

The temperature ranges for various power conversion schemes arc:

Thermoelectric 500-700""C
Hg Rankine 650-750°C
K Rankine 900-1200"¢
Brayton 650-130%“0
Thermionic 1300-1800"¢C

The temperature range of major components i.c. the rcactor, power cone

version, and heat rejection subsystems is depicted in Fig. 2.
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TABLE 1

Summary of Solar Array Features

Advantage Disadvantage
1, Offers 25-50 1b/WW performance 1. Requires a large pacaaging
volume.
2, Flight-proven technology 2. High production cost,
especially for a large
s stem, §
3. Low development cost 3. For sizes greater than

200 W, specific weight
tends to increase due to
complicated ceploymeant
mechanisms and structural
supports,
4, Early avaiiability. 40-200 kW
will be available in 1973-1975,
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The specific weight of the nuclear systems shown in Fig. 1l includes an .
unmanned shadow shield which has the following typical characteristics.

® Neutron dose of 1011 - 12 nvt S

® Gamma dose of 106 - 107 rads

® Shield angle of 10-15 degrees

As a general rule, the shield accounts for 25-30% of the total system
weight. This percentage will be increased to about 50-607% for the
manned application whose typical dose tolerance is approximately 20
rem/year. ‘This Seneralization does not apply to the 4n shielding

requirement,

Not included in the system weight shown in Fig. ! are the transmission
line and power conditicning equipment. In general, the weights of

these two subsystems are determined from the tradeoff with the power
source weight itself., For a 50 1b/kW power plant, the optimum weight
of the combined transmission line and power conditioning is about 7 to
10 1b/kW. This may be decreased to about 5 lb/kW for a high performance
power plant, such as a large nuclear thermionic which has & specific
weight of 10-15 1b/kW. The transmission and power conditioning effic-
iencies lie in the range of 95-99%.

For the electric propulsion application, the thermoeclectric, mercury
Rankine, and Brayton cycle systems will n>t meet the specific weight
requirement., Therefore, detailed information for these systems will
not be presented. We will, however, describe briefly the development

of the zirconium hydride reactor system. The purpose is two-fold:

i
1

to complete th2 nuclear picture for historical interest, and to serve
as a prelude to discussion of the developmental problems unique to the

Rankine turbo machincry.
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1.1.2.1 Power Systems Utilizing SNAF Reactors

The zirconium hydride (Zrﬂx) reactor has been developed by Atomics
International under AEC sponsorsiilp as a heat source for the SNAPD
program. The reactor has a temperature capability of 1300°F,
although an operation at higher temperatures is possible, but with a
lifetime less than 10,000 hours as intended. The temperatures
limitation is due to the problem of fuel swelling and the ability to
retain hydrogen for neutron moderation, 7Two sizes of the zirconium
hydride reactor have been evolved. The first one which has a thermal
power capability up to 100 KW(t) was developed for the SNAP 10A/2
application. The seccnd size which has a thermal rating of 600 kW(t)
is being developed for the SNAP 8 mercury Rankine power conversion

system,

The SNAP 10A is a thermoelectric system designed to operate at 1000°F
to produce 500 watts of power. NaK-78 is used to remove thec reactor
heat to the thermoelectric converter which consists of 2880 Si-Ge
thermoelectric elements. The SNAP 10A has the distinction of being
the first reactor powar system in space., Although vast experience
has been gained through an extensive development program culminating
in the successful ground and flight tests, it has become obvious
that the system is too heavy for any operational use. Present
thermoelectric efforts are being directed toward the development of
a 1300°F Si-Ge converter which yields a higher efficiency and power
output. Both the direct-radiating and compact converter concepts
appear promising. Efforts are also being expended toward a SiGe/PbTe

cascade system to further improve the system efficiency.

The SNAP 2 program involved the mating of a SNAP 2/10A reactor to a
mercury Rankine engine to be operated at 1200°F turbine inlet tempera-
ture. The rating for this system is 5 KW. The system employs two

liquid-metal loops; Nak-78 is used to remove the reactor heat to the
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boiler which converts liquid mercury into 4 super-heated vapor. The
mercury turbine, alternator, mercury lubricated bearings, and mercury

pump are integrated into a combined rotating unit (CRU).

In 1965 the SNAP 2 program was redirected toward providing basic
information for the mercury Rankine engine technology. There is no
question about the SNAP reactor capability but the same can not be
stated about the power conversion equipment. The basic problem

areas requiring solutions are:
q g

@ Scals and bearings of the CRU which can withstand high temper-
ature operation and high speed (20,000-50,000 rpm)

® Acceptable startup procedures and restart capability

® Two-phase flow stability in the radiator-condenser in the
zero-g environment - a phenomenon not well understood

e Inconsistent and somewhat unpredictable boiler performance
believed to be caused by non-wetting conditions of mercury.
The causes for non-wetting have been theorized but not con-
firmed conclusively by tests.

Among the problems cited above, the latter two are the most difficult

and still remain to be solved., On the positive side, five CRU's

have accumulated more than 20,000 hours of test time, with one CRU

operated more than 6,600 hours. Because of the difficulties described,

together with the absence in mission requirements, efforts ir the i

program have dwindled down to almost nil.

The SNAP 8 mercury Rankine system has a design objective of producing
35 kW of electrical power at 1300°F reactor outlet temperature. In
comparison with the SNAP 2, the system is mcre complicated since it
employs 4 fluid loops. It has a NaK loop for reactor heat removal,

a Hg loop for power conversion, a second NaK loop for heat rejection,

and finally, an organic loop for seal and bearing lubricants.

5400-Final 1-9
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The development of the SNAP 8 system is being performed by two
contractors; Atomics Tnternational for the zirconium hydride reactor
under AEC and Aerojet General for the power conversion subsystem

under Technical direction of NASA.

The SNAP-8 experimental reactor (S8ER) had accumulated 11,990 hours
of operating time, of which 8,800 hours were at the design tempera-
ture of 1300°F and thermal power between 400 and 600 WKW(t). Test
results were considered satisfactory, although 80 percent of fuel
elements were found to have cladding cracks when the core was dis-
assembled, A critical evaluation of the cause has been completed
and corrective actions are being implemented to the next reactor

which will be put on test in the near future.

The objective of the power conversion system development is to
demonstrate and improve the performance of major subsystem components,
These include the following: Boiler, condenser, turbine-alternator,
NaK pump-motor, Hg pump-motor, and lubricant pump-motor assemblies,
The accumulated test time for these components varied from approxi-
mately 1000 to 8000 hours. However, one of the basic problems to be
solved is the so called deconditioning (non-wetting) of the boiler.

The time table for the SNAP 8 availability is uncertain. This is
partly due to the level of funding, but mostly due to the apparent
system complexities involving various fluid loops and rotating
parts. Recently, there has been an increasing trend toward the
mating of the SNAP-8 reactor to a thermoelectric converter, By
operating the converter at 1300°F inlet temperature, a four-fold

improvement in performance can be achieved. Such a system, however,

will have the maximum capability of about 20 kW(e) for a nominal thermal

rating of 600 kW(t). For a larger electrical output the reactor must

be operated at about 1400°F with a significant reduction in lifetime.

An alternative to this solution will require development of an advanced

zirconium hydride reactor with a thermal rating of 800-1200 kW(t) to

extend the electrical output to the 40 kW range.
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1.1.2.2 Brayton Cycle System

The technological advantages of the Brayton cycle are:

@ Inherent simplicity of a single loop and a single phase working
fluid.

® Noncorrosive properties of the inert gas working fluids such as
helium, argon, krypton, xenon, or a mixture,

® The use of gaseous working fluid allows flexibility in regard
to the heat source operating temperature. This flexibility is
important because it permits the component improvement with
increasing temperature to be done in a continuous fashion. The
improved performance of the R.nkine system must be done with a
discrete increase in temperature e.g. 300°C in changing from
mercury to potassium fluid.

© It has potentially high system efficiency, hence making it
attractive in a 1-10 W size where the cost of the isotopic
heat source is at a premium,

The disadvantages of the Brayton cycle are:

¢ The cycle net performance is extremely sensitive to the perfor-
mance of the major components. In a typical Brayton system,
approximately 2/3 of the turbine mechanical output will be re-
quired to drive the compressor, leaving only 1/3 to do useful
work. Thus, a small change in turbine or compresscr work will
result in a relative large change in the useful mechanical work.

o To compensate for the low gas cycle efficiency, when taking the
power loss to compressor into account, the system must achieve
a high Carnot efficiency by either operating at the high heat
source temperature or low radiator temperature.

A low-radiator temperature approach is usually taken for a reactor
Brayton cycle system. Since the reactor and shield weights are signi-
ficant in the low power range the low radiator temperature will not
introduce appreciable weight penalty. At high power levels, however,
the radiator will dominate the system weight. For this reason, it is
doubtful that a Brayton cycle system will be used beyond a 200 kW range.
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The status of the Brayton cycle system is essentially of the early
component development stage. Work in this area is being carried out
mainly by Airesearch and NASA Lewis in-house ¢fforts. These include:
the rotating components, such as turbomachinery, generator, gas bearing
and packaging; the heat transfer components such as the recuperator,

gas~liquid heat exchanger and the liquid-filled radiator.

The heat sources for the Brayton cycle energy conversion system can be
solar, isotopic, or reactor source. For the solar or isotopic system,
the size will be limited to about 10 kW, The constraint on the solar

power system is due to the difficulty in maintaining an accurate

orientation of the solar concentrator. The constraint on the radio-

isotopic system will be the isotope availability, cost, and the developing

technology of the heat source itself. A program aiming at the devclop-
ment of a 2000°F Pu-238 heat source suitable for the Brayton cycle
application has just been initiated.

A nuclear Rrayton cycle system utilizing the SNAP 8 reactor has been
shown analytically to be competitive to other systems in the 20-30 kW
range. In view of the more ready availability of the SNAP-8 thermo-

electric system of a comparable size and specific weight performance

it is doubtful if the SNAP-8 Brayton power system will ever be developed.

For a higher operating temperature required for a large system, the
9 fuel

as indicated in Fig. 2. Several conceptual scudies have been made to

reactor will have to be a fast flux reactor using the UC or U0

indicate the concept attractiveness but the mission requirements and

hence a serious developmental effort are lacking.
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1.1.2.3 Potassium Rankinc Cycle Systcms

The potassium Rankine concept is similar to the SNAP-8 mercury Rankine
system with the exception that potassium is used in place of mercury
as the turbine working fluid., The reactor outlet temperature for this

system will be approximately 2200°F. A fast flux reactor suitable for

this temperature has not been developed. The develiopment status of the

power conversion components is not as far advanced as the SNAP-8.
Aside from the 4-loop complexities of the concept, the problems assoc-

iated with a higher temperature operation are:

® Use of refractory mecals whose long-term engineering data are
not abundant.

® Long-texrm material corrosion associated with the use of liquid
metals.,

® Long-term creep.

® Oxygen contamination of the liquid metal containment material,
In view of its high development risk, as weighed against the potential
payoff in performance, it is doubtful that a potassium Rankine system

will be developed for the electric propulsion applicaticn.

1.1.2.4 Nuclear Thermionic Systems

Among the various space power systems considered, the nuclear thermi-

onic powerplant offers the most promise. Its specific weight varies

from approximately 40 lb/kW for a small (50-100 kW) plant to 10-20 1b/kW

for the megawatt size. In addition, the modestly concentrated develop-

ment effort, if continued, will make this type of system available within

approximately 10 years,
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The present efforts have been concentrated primarily on the inepile

ccncept where the nuclear fuel and thermionic converter are integrated
into a single reactor vessel. Three concepts, as shown in Fig. 3, have
been proposed. The works in the flashlight, pancake, and externally
fueled concepts are being carried out by General Electric, General
Atomic and Westinghouse/Republic teams respcctively. Much of these
works is classified. The information reported in this document is
based on the Pratt & Whitney and Douglas conceptual studies of the in-
pile, flashlight concepts. The performance characteristics are shown
in Table II and Fig. 4. They are, to a first approximation, representa-
tive of the in-pile powerplant.

For an out-of-pile concept, shown in Fig. 5, the reactor and thermi-
onic converters are separated. Heat pipes are used to remove the
reactor heat to the converters. Another set of heat pipes is used to
remove the waste heat from the converter assembly to the vapor-fin
radiator. The whole system is static requiring no moving parts. Since
the concept is relatively new, the effort has not received as much
attention as the in-pile concept. The out-of-pile performance charac-
teristic shown in Fig. 4 is based on the EOS preliminary system con-

ceptual study.
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1.2 SOLAR VOLTAIC POWER SOURCES

1.2.1 SOLAR PHOTOVOLTAIC CELLS

1.2.1.1 Historical Background

Over one hundred years have passed since Becquerel, in 1839, first
discovered that a voltage was developed when one clectrode in an elec-
-1%

trolyte solution was illuminated.l 1 Forty years later, Adams and

1-2 observed the effect in selenium. Investigation proceeded slowly

Day
into the 20th century with early soiid state workers including Lange

and Schottky doing work on selenium and cuprous oxide photovoltaic

cells which eventually resulted in the photo-elcctric exposure meter.

It was not until 1954 that a group of investigators at Radio Corporation
of America demonstrated that practical efficiencies could be achieved

in converting beta radiation into electrical energy using a silicon

P/N junction photovoltaic cell,1=3 Efficiencies up to 6% were obtained
during this period using similar methods to produce electrical energy
from sunlight., Also in 1954, 6% solar conversion efficiencies in cad-
mium sulphide P/N junctions were obt:ainecl.l'4 Thus, practical conver-
sion of electromagnetic radiation (light and beta rays) into electrical
energy utilizing semiconductor junction materials has only been accom-
plished since 1954. Great strides have been made during the past 13
years in improving the efficiency and practicality of the conversion
materials. Until now practically all spacecraft with mission durations

greater than several days utilize photovoltaic power sources.

v B

The great emphasis on the development of silicon ior use in semicon- %
ductor electronic circuits has also aided the development of the photo- %
voltaic energy conversion program, Figure 6, which shows the maximum %

*References for Section 1 are located in Subsection 1.3.1.
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theoretica. conversion efficiency as a function of semiconductor band
gap, illustrates that silicon has a maximum attainable efficiency of
19%.1-5 Although other materials, such as indium phosphide, gallium
arsenide, and cadmium telluride, have higher maximum theoretical effi-
ciencies, only silicon has received the effort necessary to produce
practical quantities of high efficiency solar photovoltaic cells.
Experimental quantities of gallium arsenide solar cells have been
obtained in silicon solar cells, but the results have not been repro-
ducible. Therefore, the history of the development of solar photo-
voltaic converters can actually be described in the development of
silicon photovoltaic cells from 1954 to the present time. It is
expected, however, that in the future, materials such as gallium ar-
senide and cadmium sulfide will receive the effert given to silicon
previously and great advances should be made in improving the effi-

ciency and economic feasibility of thesec compound type solar cells.

1.2.1.2 Developmental Trends — Silicon Solar Cells

The development of solar cells led first to a silicon wafer with a
very thin surface layer (approximately 0.3 micron) doped with bozon o~
giving a P type semiconductor. The bulk of the wafer consisted of 3
N type silicon which gave a P/N junction at the interface of the sur-
face layer and base material. These early silicon solar cells had
efficiencies of approximately 6% (at air mass = zero) and electrical
characteristic curves similar to that shown in Fig. 7 for the non-
grided solar cell,1"6  Efforts to improve solar cell performance
dealt with the factors limiting photovoltaic solar energy converter

efficiency, which are:

Reflection losses on the surface

"%‘g’k,_, - R T e

Incomplete absorption

c. Utilization of only a part of the photon energy for the
creation of electron hole pairs -
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d. Incomplete collection of the electron hule pairs by diffu-
sion to the P/N junction

e. A voltage factor given by the ratio of open circuit voltage
to energy gap potential difference

f. A curve factor given by the ratio of maximum power point
voltage times maximum power point current to open circuit
voltage times short circuit current for an ideal P/N
junction

g. Additional degradation of the curve due to internal series
resistance

All of the above factors reduce the maximum efficiency for silicon as
shown on Fig. 6 (approximately 19%) down to 6% in the 1954-1960 time
period. 1Items a, e, and f deal with the silicon cell as a macroscopic
device while Items b, ¢, d, and g deal with the solar cell as a semi-

conductor material.

Various methods were attempted to minimize the factors limiting photo-
voltaic efficiency. Reflection losses were decreased by oxidizing the
surface to form interference films or by coating the surface with spe-
cial antireflection coatings. The curve factors were dealt with by
optimizing the geometrical design of the solar cell in order to opti-

mize the voltage and current outputs.

Various methods, utilizing known semiconductor properties, were at-
tempted to increase the absorption of photons in the silicon solar
cell. The concentration gradient ce111-7 and ion implantation cell
were two attempts either to vary the energy gap in the solar cell or
to create a potential gradient in the cell to accelerate the carriers
to the junction, thus effectively increasing their diffusion length.
This increase in diffusion length reduced the carrier recombination
before reaching the P/N junction and thus added to the output of the
cell. The absorption of photons was also increased by making more
perfect crystals and thus eliminating defects such as localized

stresses in the silicon single crystals.
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The collection efficiency, which is the ratio of electron hole pairs
separated by the electric field of the P/N junction to the total num-
ber of electron hole pairs generated, as a function of the location of
the pairs generated, the diffusion, and recombination by mobility and
minority lifetimes., The optimum collection efficiency will be obtained
if the layer between the light exposed surface and the P/N junction is
as thin as possible and if at the same time the minority carrier dif-
fusion length in the layer of opposite impurity type is as large as
possible. Attempts were made to minimize the P layer thickness by
controlling the doping temperature/time operation. The major diffi-
culty in decreasing the thickness of the P layer is that the impurity
concentration of the diffused P layer .znnnt be made sufficiently high
in order to keep the series resistance of the I layer negligibly small
for P layer thicknesses as thin as thin as desirable for obtaining
highest collection efficiency. In an effort to reduce the series re-
sistance of solar cells with very thin P layers, the application of
metallic grids, in 1962, over the P layer surface reduced the resis-
tarnte of the P layer by lowering the length of the current path through
the layer to the next connecting metallic line having low resistance.
The effect of lowering the series resistance is so great that as much
as a 20% increase in power was obtained from gridded cells as shown in
rig. 7.1°6

lowered from values of many ohms to about 0.4 ohm.

The series resistance of cells with metallic grids has been

The development of the N/P silicon solar cells by Mandelkorn at the
USAERDL was a major accomplishment in the 1960 time pet::l.od.l'8 These
solar cells were found to have superior radiation resistance compared
to silicon P/N cells. Efficiencies obtained with these N/P converters
were comparable to those obtained with the best P/N solar cells.

Figure 8 shows electrical characteristics for equivalent efficiency
P/N and N/P silicon solar cells. These are typical of production quan-

tities of their particular type for the early 1960's and indicate that
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N/P silicon solar cell technology is equal to that of the P/N silicon
solar cell technology. Because of the advantages of the N/F silicon
tolar cell, the industry converted completely to the production cf
high efficiency, high radiation resistance N/P silicon solar cells

and discontinued production of P/N cells. The cost of N/P silicon
solar cells, being only 10% higher than that for equivalent P/N cells,

was not deemed sufficient cause for keeping P/N cells in production.

Other developmental trends in the early 1960's werc the attempts to
increase the size of the basic silicon solar cell converter in order
to minimize handling and cost and maximize power per unit areca. The
original sclar cells produced in the 1954-1960 time period were gen:r-
ally 1 x 2 cm with the P strip accounting for 5 to 10% of the total
cell area. Larger solar cells of either 2 x 2 or 3 x 3 cm would re-
duce the area utilized for the top contact to a maximum of 5%. Al-
though most solar power supplies utilized on the early spacecraft

were fabricated from 1 x 2 cm solar cells, the 2 x 2 cm cell is coming

into general use for application on solar photovoltaic power supplies.

Larger area cells are uiider development but breakage losses have tended

to make these cclls uneconomical at this time.

The concern of spacecraft designers over system weight led solar cell
manufacturers to c(xamine the possibility of decreasing the overall
thickness of the silicon cell with the possibility of maximizing power
to weight ratios. Original solar cells were from 18 to 30 mils in
thickness. Progress was made in the development of a 12 mil, high
efficiency silicun solar cell of c¢ither P/N or N/P type. However, it
was found, under subscquent investigation, that decreasing the solar
cell thickness below 12 mils led to a scvere degradation in the cell
efficiency. Except for special instances, the 12 mil silicon solar
cell is the optimuam c¢cll for use on spaceborne solar photovoltaic
power supplies. Kescarch is continuing, however, into the improvement

of efficiency of thin solar cells.
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i.2.1.3 Current Technology — Silicon Solar Cells

Long-life satellites and probes have been almost exclusively dependent
upon the solar cell for power. Even if no improvements are made in

the presently available silicon solar cell, it will probably dominate
the space power field for at least five more years. Approximately two
million solar cells are being delivered per year to various users under
NASA and Air Force contracts. Before 1963 most cells were of the boron
diffused P/N variety, but the phosphorous diffused N/P cells are pres-
ently the only cells being used except in specific instances cequiring
the higher voltages of the P/N cell. The discussion in this section
will therefore be limited to the present state of the art of silicon
N/P solar cells.

The silicon solar cell ;resently available in production quantities is
12 mils thick, 1 x 2 or 2 x 2 cm, with a soldered sintered silver-
titanium ohmic contact (Fig. 9). The specific weight of the cell

is approximately 0.12 gram/cmz. and the average space efficiency is
10.5%. The typical cost for solar cells ranges from $10 per cell for
2 x 2 cm, 11,3% efficient, to $4 per cell for the same size at 10,5%
efficiency. (All efficiencies stated in this report will be at air

mass zero, 28°C and 140 mW/cm2 unless otherwisc stated.)

General Properties of Silicon N/P Solar Cells

A typical N/P solar cell operated between 0.37 micron and 1.1 microns.
The spectrum outside this range is either reflected from the surface,
transmitted through the cell without creating electron hole pairs, or
reradiated from the cell as heat. Figure 10 shows the spectral re-
sponse of a typical N/P silicon solar cell in relation to the spectrum

of incident sunlight.
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The electrical characteristic curve of a typical N/P silicon solar
cell under simulated air mass zero conditions is shown in Fig. 1ll.
The curves show the typical limits at various temperatures encountered

in the operation cf solar cells in space.

It can be seen that the open circuit voltage per cell ranges from ap-
proximately 0.55 volt at 25°C to 0.39 volt at 100°C. The efficiency

of the solar cell will affect the curve by increasing the current at
the maximum power point and slightly changing the voltage at the maxi-
mum power point. The voltage of a solar cell can be assumed to be in-
dependent of the efficiency of the cells and the impinging solar in-
tensity but is very dependent upon the cell temperature and internal
series resistance. The cell current is a direct function of the solar
intensity and cell efficiency and is relatively independent of the cell

temperature and internal series resistamnce.

The degradation due to particulate radiation bombardment within the

Van Allen belt can be severe in silicon solar cells. The original P/N
silicon solar cell was severely degraded by the space radiation envi-
ronment and the development of the N/P solar cell has brought about the

advantage of the N/P cel! in this respect.

The N/P solar cell is less affected by radiation bombardment due to the
difference in the minority carrier in the bulk of material which for
N/P material is electrons. The degradation due to particulate radia-
tion 1s a function of the protection given the solar cells by glass
coverslides and the critical flux. The critical flux is defined as the
integrated particle flux necessary to cause a 25% decrease in the ini-
tial poutput power of a solar cell. The critical flux as a function of
proton energy is shown in Fig. 12, and a value of 1 x 1011 P/cm2 for
protons between 4 and 20 meV is typically used in calculations to deter-

mine percent power degradation. The power degradation (Q) due to
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particulate radiation is determined by using the following equation,
which was derived using empiricatl analysisl-g of experimentally obtained
radiation damage. The equation for percent power remaining versus inte-

grated flux is

- 1/2 - =1/2
/p N
Q = 1 -[7/9 \7c/ + 1

where Q = percent power remaining

4

integrated flux

<4
*/

@

e critical flux to reduce cell power output 25%

it

I'he radiation resistance of N/P solar cells can be improved bv incor-
porating a potential field within the bulk of the cell which acceler-
ates electron hole pairs to the P/N junction, thus neutralizing thc

effect of radiation bombardment which decreases the lifetime, -, or

diffusion legnth. Drift field and ion implantation cells which incor-
porate potential fields in the cell are presently under investigation,
but results to present do not indicate startling improvements in radi-
ation resistance. Improvements of up to 20% in radiation resist-
ance have been made, but this does not presently warrant the selection

of these cells for use on space power supplies, since the efficiencies

are not yet as good as the standard N/P solar cells.

1.2.1.4 Projected Technology — Silicon Solar Ceils

Table 1II shows the predicted silicon solar cell characteristics from
the present to the 1985 time period. It is readily apparent that no
major advances are expected in silicon solar cell etficiencies beyond
that which is presently available in 1967. The relative improvement in
efficiency for thin solar cells (less than 12 mils thick) will exceed
that obcained during the next 20 vears for the thicker cells but not

to an extent that could be classified as an outstanding imprnvemc-:nt:.]"-11
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The efficiency of the 4 mil cells should be expected to be improved
from 7.5% available at the present time to approximately 9.5% in 1985
or about a 25% increase in efficiencyl-ll. Other expected improvements
in silicon solar cell technology during the next 20 years will be the
enlargement of the basic cell size to a maximum of approximately 3 cm
to 30 cm (90-100 cmz) and a projected lowering of bare cell costs from
$2/cm2 at present to approximately $1.50/cm2 in the 1985 time period.
It is also expected that some improvemei.ts will be made in increasing
the radiation resistance of N/P silicon solar cells by changing the
dopant material used to obtain the P material, improving the drift
field cells presently in development, or by changing the material used

in the contacts to the solar cell.

In summary, it is expected that the N/P silicon solar cell producing
approximately 11 watts/ft2 over long durations in the moderately se-
vere areas of the Van Allen belt. This power will be produced at a
cell cost of approximately $100 per watt. The silicon solar cell will
continue to be the prime source of electrical power in space for mis-
sions requiring power up to approximately 50 kW, since the solar cell
is a proven piece of space hardware capable of supplying reliable o

power at reasonable cost and specific weights.
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1.2.2 SOLAR PHOTOVOLTAIC PANELS

1.2.2.1 Higtorical Background

The specific power capability of solar array systems has continued to !
grow over the years since 1958 when it was first employed as a power
source for a spacecraft. This spacecraft (Vanguard) is still in orbit,
the solar panel are still providing power, in this case, unfortunately,
to operate its milliwatt beacon transmitter. Since that time, the
power requirements for spacecraft have increased and in most cases the
specific power capability of solar arrays has managed to keep in step.
The development of the larger power arrays primarily has been the re-
sult of development in the manufacturing techniques associated with
lightweight structure fabrication and the development of engineering
technology associated with handling and working with the cells. To
date only silicon solar cells have been utilized in a solar cell array.

It should be noted that since the advent of gridded solar cells in 1960,
the actual air mass zero conversion efficiency has improved little;
however, the specific power capability of the array itself (watt/1lb) has 1

continued to show improvement,

The early solar photovoltaic systems were either body-mounted on the skin
of the satellite or extended on booms on non-oriented or semioriented
paddles. Only in a few instances were the solar panels oriented toward i
the sun. The power requirements in the beginning of the space program
were limited as was the area and weight allotmr.nts for the solar array.
The basic structures used on early spacecraft for mounting the solar cells
were heavy (approx. 2 1bs/sq ft) but great :fforts were being made to

develop extremely lightweight structures for the expected larger power -

photovoltaic systems. k4

§
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The first lightweight structures were generally of aluminum honeycomb
with either aluminum or fiberglass facing sheets which led to a specific
weight of the total array of approximately 1.2 lbs/sq ft, without criti-
cally affccting structural rigidity.

The advancement of knowledge concerning the radiation environment en-
countered in earth orbital missions led to the optimization of the

cover glass design for solar cells in order to minimize system weights.
Early satellites generally utilized extremely thick (60-70 mils of
quartz) cover glasses in order to limit the degradation due to Van Allen
particle bombardment. The reduction in coverglass thickness due to the

improved radiation resistance offered by the N/P silicon solar cells.

1.2.2.2 Critical Subsystems

The complete solar array consists of many subsystems integrited into a
reliable lightweight package. The most critical of the array subsystems

are discussed in the following sections.

Silicon Cells e

The choice of the type of solar cell obviously seriously affects the over-
all photovoltaic array with respect to weight, area, power reliability

and cost.

The cholice of the thickness of solar cells can vary from 18 mils as used

on the Ranger and Mariner spacecraft tn 12 mils presently being used on

Surveyor, IMP, etc, to thinner solar cells (8 mils, 4 mils, etc.) which

are being projected for use on future spacecraft., The density of the ,
silicon cell is 2.66 grams/cm3 and the specific weight for the present i
12-mil soldered solar cells is 0.12 grams per cmz. Figure 13 shows §
cell weight versus cell thickness for the types of cell contacts (i.e. ”ué
solder and solderless). The specific weight for a typical solar cells 'é
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of present design is 0.22 lbs/sq ft (or approximately 20 percent of
the total array weight depending on the overall array size).

The toal array area is inversely proportional to the solar cell effi-
ciency and present designs indicate a value of approximately 10 watts
per 8q ft in space at 1 A.U, which for a 50-kilowatt oriented array
gives a total area of approximately 5000 sq ft. The area for non-
oriented array gives as much as 4 to 5 times greater than the oriented

array area.

In the same manner that cell efficiency affects array area, power out=~
put is also affected by the cell efficiency. The specific power output
is watts per sq ft and watts/1lb are a function of both the cell effi-
ciency, and cell thickness. Since the efficiency of solar cells is
directly related to the thickness of the cell, a trade-off must be made
in the design of solar arrays to optimize array weight as a function of

array area in order to meet the requirements of maximum specific powers.

The reliability of solar cell operation in the space environment has be-
come a proven fact and with proper design, reliabilities of 0.9999 can
Le achieved. The reliability of the solar array is dependent upon many
factors that affect the use of the solar cells. The incorporation of
the cell into an electrical submodule affects reliability as does the

incorporation of the submodule into the entire electrical circuits.

The degradation effects of meteoroid bombardment on solar cells is
generally very small as shown in Fig. 14. This figure relates solar
ceil losses as a function of bombardment time, assuming one cell is lost
pwer impact. This is generally assumed to be a worst case since micro-
meteoroid impacting a surface will only damage a small area of the
impacted surface. In the case of an impact on a solar cell, a small

segment of the active area will be lost but the cell should still be
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capable of producing usable power. The impact of a large micrometeoroid
or meteoroid will cause catastrophic failure in a cell or in the entire
array, but the probability of this occurrence is so small as to be
assumed to be zero. As shown in Fig. 14, it would require over ten
years in orbit to lose one percent of the total cells on the array (i.e.,
assuming, pessimistically that one cell is lost per impact). This loss
is readily accounted for in the 10 percent over-sizing allowed for in

the array design., It can therefore be assumed that power degradation,
during the time period of the mission, due to meteoroid bombardment is
negligible.

Figure 14 is derived using a near-Earth micrometeoroid model of:
log NE = -12,8 - log M

where NE = number of particles/m2 sec., of mass M grams and greater at

a distance of 1 AU from the sun (i.e., near-earth-space).

This model was obtained from the Jet Propulsion Laboratory as part of

the Voyager program environmental predictions.

The cost of the silicon solar cell is the most important factor affect~-
ing the total cost of the overall photovoltaic array. The cell costs
range from $2 00 per cm2 for presently available silicon cells, to a
future predicted cost of $1.50 per cm2 in 1985. This gives a cost of
approximately $1800 per square foot which for large areas such as a 50
kilowatt oriented array would mean a total cell cost of approximately

$9 000,000, It can be seen that in the case of non-oriented arrays, this

cell cost could go up to as much as 50 million dollars.
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Solar Ceil Filters

The primary purposes of putting a transparent coverslide on a solar celil
are to reduce the temperature of the solar cell by increasing the effec-
tive a/e¢ ratio and to reduce the effect of particulate radiation on the
solar cell. Each of these parameters will be discussed in the follow-

ing paragrap! ..

Table IV summavizes the results when different coatings are used on

the coverglass. All systems calculations assume the use of a coverglass
with 415 millimicron blue and anti-reflective (AR) coatings. The im-
portant effect obtained when using the coverglass as a thermal control
surface 18 to lower overall cell temperature which effectively in-

creases the solar cell output.

The density of the quartz coverslide is 2.66 grams/cma. Thus a 6-mil
quartz coverslide weighs 0,071 1bs/sq ft, any other thickness quartz

coverslide can be scaled up or down from this number.

The other use of coverslides on solar cellc is the protection of the
solar cell from particulate radiation bombardment. In very intense
radiation fields, the only way to obtain long life from a solar cell

is to protect it with a transparent coverslide materiai. Of the three
coverslide materials in general use, the best for protection against
particulate radiation is saphire, however, this material is quite ex-
pensive and is not generally in use in current solar array designs.

The next best material is quartz or fused silica which offers very good
radiation protection compared to glass or microsheet which discolors
under heavy radiation flux. The discoloring of glass is due to the
formation of "F" centers or color centers in the bulk glass material
which is generally due to the existence of impurities in the glass such

as sodium atoms. The ability of a quartz coverslide to protect a solar
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TABLE IV
POUNPS PER kW AS A FUNCTION OF COVERGLASS THICKNESS

.

100.0 sq ft/kWw for 10.3 percent solar cell, 8§ mils tnick for O degrada- ks
tion at 509C ?
Coverglass Thickness (milsg) Pound/Kilowatt

6 41

12 50

20 61

30 73

45 92

60 111

89 sq ft/kW for 11.5 percent solar cell, 12 mils thick for O percent
degradation at 50°C

b 42.7 ‘
12 49 :
20 59
30 69
45 86 |
60 103 -

121 sq ft/kW for 8.5 percent silicon solar cell, for 0 percent degrada-
tion at 50°C

6 46.6

12 55

20 £8

30 £3

45 106

60 129
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cell is typically shown in the range-energy curve for quartz. This
curve shows the minimum energy that will penetrate a quartz coverslide,
Figure 15 gives the range-energy for protons and electrons in quartz.
As can be seen, the 6-mil quartz coverslide will stop all protons with
energies less than 4.5 meV and all electrons with encrgies less than
200 keV. Curves in Fig. 15 can be summarized in the following equa-

tion:

0.0698
0.558

Electron shielding level E = 1.5 xr
Proton shielding level E = 28,6 xr

The present state-of-the-art coverglass used to protect a cell from
radiation is bonded to the cell with approximately 2 mils of adhesive
(see Fig. 16). In the case of a spacecraft operating outside the
earth's to protect the cell from low energy proton damage. It is felt
that cover glass can be reduced safely to 3 mils or perhaps slightly
less to guard the cells against low energy protons, but have been
maintained at 6 mils to minimize coverglass attrition during pancl
fabrication. Promising programs are presently being conducted in the
solar cell industry which will permit deposition of glass directly on
the surface of solar cells thereby eliminating the requirements for
cells-glass adhesives. Avallable test data indicates that up to 2 mils
of glass can be deposited directly on the cell with only a 3 percent
decrease in the power producing capability of the cell. Twenty mils pf
of glass have been deposited on a solar cell with a 9 percent decrease
in the power producing capability. Work accomplished at Lockheed Mis-
siles and Space Division on an organic-metallic coating has indicated
that 2 mils of this coating is equivalent in radiation protection to

20 mils of quartz but further deveiupment is necessary before these
resul:s are firmly established. The use of integrated coverglass for
low altitude earth-orbiting missions will greatly reduce the weight,

complexity, and cost in fabricating a solar photovoltaic array. With
proper designs, the integrated coverglass thickness can be minimized to
a point where it no longer becomes a major portion of the total array

weight.
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Adhesives

Two types of adhesives are used on a solar photovoltaic array; one

for securing the coverrlide to the solar cell (except in the case of
integrated coverglass) and another to bond the cell assembly to the
substrate (see Fig. 16). The critical adhesiv«< in most earth-orbiting
missions is the coverslide adhesive which must be capable of withstanding
the space environment, i.e., vac.um, temperaturc, particulate radiation
and ultra-violet radiation, without degrading the performance of the
solar cell, Coverglass adhesives fall into two general classes:

1) silicone adhesives, and 2) clear epoxies., In both cases, the
adhesives are sensitive to uv radiation and will discolor if not
protected by a uv reflecting coating on the coverglass, It is expected
that the coverglass adhesive will assume a role of minor importance when

the integrated coverglass becomes an established production technique.

As in the case of the coverglass adhesives, the adhesives used to bond
the solar cell assembly to the substrate fall into two classes:

1) silicone adhesives and 2) epoxy adhesives,

The silicone adhesives are generally room temperature vulcanizing

(RTV) which gives some degree of flexibility under extreme temperature
variations encountered as the satellite enters and leaves occulation,
The epoxy adhesives are more rigid and are generally applicable to solar
arrays that encounter minimum temperature variations during the mission
lifetime. In all cases, adhesives used on solar cell assemblies have
been proven by actual use in space and a wide variety are available

depending on the particular mission and its requirements,

Interconnections -~ Bus Bars

Interconnection design involves parallel and series connection between
solar cells, A wide variety of configuration for interconnections
have been used in flight solar panels. In general, the interconnections

used to date have involved assembly steps in which hand-soldering
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was performed close to or on cells, Techniques are Leing developed to
automate soiar cell submodule fabrication and this procedure should
be available industry wide by 1970,

Many materials have been used for interconnections on various flight
spacecraft; some of which were titanium, silver, copper, molybdenum
and kovar. Each of these materials has advantajes and disadvantages.
The materials are usually gold or silver plated to decrease resistivity
and increase solderability, The factors to be considered in interconnector
design include:
1, Thermal expansion compatibility
2. Thermal conduction
« Solderability
. Electrical resistmce

. Mechanical springback interaction with cells
« Weight
. Reliability (see Section on Solar Cell Reliability)
9., Compatibility for use with different thickness solar cells

3
4
5. Applicability of automated assembly tichnuiques
6
7
8

Typical bus bar weight including sclder, is approximately 0.03 lbs/sq ft
which is a small part of the total array weight.

Insulation
The solar cell assembligs must be adequately insulated from the substrate
in order to prevent electrical short circuits which could degrade the
performance of the solar array. Typical insulations that have been
used on flight spacecraft have included fiberglass or mylar sheeting
between the substrate core and solar cell adhesive and organic or
inorganic dielectrics sprayed or hand painted on the substrate skin,
In many cases, the insulation 18 also used as a thermal control
surface; therefore it should not degrade in the space environment., It
has been found experimentally that inorganic paints or dielectrics are
much more resistant to uv degradation that organic coatings and thus
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for missions where critica’l thermal control is required, inorganic

coatings should Le used.

Array Substrate and Framework

It has been questioned whether present technology can support the design
of rigidized lightweight solar cell substrates larger than those of

0AO and NIMBUS (236 sq ft and 48 sq f., respectively), Yet the
requirement for larger, more powerful arrays is continuing, such as

for the electric propulsion missions. There are studies presently
programmed to evaluate the feasibility of fabricating solar arrays
capable of producing many kilowatts of electrical power with a specific
weight of 50 lbs/kW(e) or less, These solar arrays, if developed, would
require several thousand square feet of area. Orientation to normal

incidence sunlight is a requirement to minimize weight.

The structural, thermal, guidance, and communications problems

associated with integration of such large arrays into a smcecraft

would require a design that can employ fabrication techniques and
materials not previously used in array fabrication, Structures being
investigated presently inclhde: flat, rigid panels hinged together by
various methods; semi-rigid structures and completely flexibles structures,
The following paragraphs discuss lightweight, rigid structures suitable

for use as substrates for large area photovoltaic systems,

The lightweight rigid substrate must support the solar cells, wiring
and other equipment and be strong enough to support its own weight
during launch and possible orbital maneuvers, The substrate and
substrate frame are designed to provide a definite separation of the
fundamental frequencies from the natural frequencies of the attitude
control system. A typical substrate and frame structure that has been
proven in space use is the one used for the Mariner vehicle, This

structure allowed a low temperature operation through good thermal
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design which improved the cell efficiency and increased the power
level. This type of structure has proven to be very light and has a
high stiffness/weight ratio,

The flat rigid substrates which are presently being used generally
consist of an aluminum honcycomb structure with an aluminum, titanium,
or fiberglass facing shcet. Figure 17 {llustrates two types of sub-
strates in present use, They are the honey comb structure, typical of

770 program and corrugated sheetmetal, typical of Mariner end Range:,

Solar Photovoltaic Array Configuration

In considering various solar array configurations, several basic
patterns and designs may be chosen., These include:

8, Sun-oriented solar array

b, Semisun-oriented array

c. Nonoriented, body-mcunted solar array

d. Non-oriented paddles

The sun-oriented, flat panel, has size and weight advantages; however,
some critical areas exist in its integration with the vehicle.

Since the vehicle attitude control system may be used to aim the antenna

system, a separate positioning system would be required for the solar
array. Thus, bearings would be needed to allow rotation of the array,
and slip rings, for a rotary transformer would be required for power

transfer,

The semioriented and nonoriented paddles, have been used on many
spacecraft such as IMP, OAO, Explorer XII, etc,, and have proven quite
feasible, A major problem area with the use of paddles is shodowing
of portions of the solar array by other paddles or the spacecraft
itself, Two electrical means are available to minimize these losses.
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6 MIL COVER
GLASS

2 MIL ADHESIVE
*CONTACT
18 MIL CELL

3MIL ADHESIVE
2 ?; 3 MIL
Z \NTQ DIELECTRIC
-~ SUBSTRATE
B. TYPICAL "CELL STACKS" IN CURRENT
SOLAR PANELS

CONTA

3MIL QUARTZ

IOMIL CELL
- SUBSTRATE

CONTACT CONTACT

C. ADVANCED CELL STACK USING "WRAP-
AROUND CELL"

Figure 17, Two Types of Substrates in Current General Use
(Note: Wrap-around Contacts Give 4 Percent
Greater Active Area.)
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The cells may be arranged to insure that only small sections are lost to
shadowing, or switching mechanisms can be used to take shadowed sections

out of the electrical circuit,

The nonoriented, body-mounted arxay hes been successful in the Syncom
series and Early Bird satellites. The mijor problem with this array
is low utilization of the total solar cell active area and possible

temperature variations across the array. However, for low power outputs,

this array is the simplest to incorporate into a space vehicle,
Assuming 10 watts per sq ft for an oriented array, a nonoriented, body-
mounted structure requires approximately five times the total area of
the oriented array, or equivalently the specific power is 2 watts per
sq ft. For a 200 watt system, 100 sq ft of surface area is required.
Table V summarizes the area required to supply 200 watts using 4 sun-

oriented, a nonoriented paddle array, and a uonoriented body-mounted

array.
TABLE V
ARRAY AREA FOR 200-WATT SYSTEM
Sun-Oriented Nonoriented Nonoriented,
Panel Paddle Body-Mounted
Array
Area 20 sq ft 65 sq ft 100 sq ft

1.2.2.3 Current Technology

The silicon solar cell power system is the only long-term power source
which has .een actually demonstrated in space. In this section, the

developmenta' status and design characteristics of present solar power
systems are discussed, Advanced developments which wiil offer weight

and cost advantages will be discussed in the next section,
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The technology of photovoltaic system design and fabrication has

been continuously improved since the launching of the first spacecrafts.
Appreciable weight reductions have been accomplished and much more is
expected in the future, At present, only the 1 x 1 cm, and 2 x 2 cm
silicon cell are in use on solar photovoltaic arrays. The 2 x 2 cm
cell is becoming :wre common and most photovoltaic systems to be used
in the late 1960's will incorporate the 2 x 2 cm cell,

The most advanced oriented solar cell panels that have been built

up to the present time are those for the Mariner, Ranger, and Surveyor
vehicles., The Ranger and Mariner panels are rectangles, approximately
2,5 ft x 5.5 ft with 6-mil coverslides and the panel weighs 1.5 lbs

per 8q ft (21 1lbs total) including substructure, adhesives, cells,
coverslides, wiring and sttachment brackets. The Surveyor panel is
approximately 9 ft2 with 6-mil coverslides and the panel weighs about

8.5 lbs or a specific weight of 0.94 lb/ft2. During the next

several years, solar panel specific weights will be reduced appreciably,
even for much larger panels. A weight figure of 1,0 lbs/ft2 is a reasonable
estimate of the obtainable state-of-the-art in the next five years for
the larger panels which will be used in multi-kilowatt systems. For

long duration missions operating in the Van Allen belt, the weight of
thicker coverslides must be included which would therefore increase

the specific weight of the photovoltaic array. The state-of-the-art

1967 for solar photovoltaic arrays, both panelc, paddle and body-

mounted arrays for a large number of flight spacecraft indicates an

array of specific weight from 0.7 lbs (Fxplorer XII 15.3 ftz) at a
minimum to 1.6 1bs/ft2 (for NIMBUS B, 48 ftz). These values are typical
of the practical state-of-the-art obtainable in the 1960-1970 time period.

The specific weight of both the entire solar array and its components
is decreasing and the expected trends are shown in Fig. 18. The lower
curve shows the specific weight of the substrate/frame and it can be

2
seen that in 1962 the state of the art was approximately 1.2 1b/ft” (Ranger).
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Specific weights have been dgcreaaing untll at the present time a
specific weight of 0.5 lb/ft® is obtainable (Voyager), The specific
weight of the substrate/frame is also expected to decrease as newer
substrate designs are introduced, A step-decrease in weight 1is
predicted in the early 70's when beryllium substrates and beryllium
structures are expected to be used extensively, The specific weight
of the substrate/frame should then level out to a minimum value of

approximately 0.18 lb/ftz.

The second curve shows the expected decrease in solar cell specific
weight as increased efficiency thin cells are developed. The probable
minimum practical thickness for silicon solar cells is 4-mils which
gives a specific weight of 0.045 lb/ftz.

The third curve shows the expected decrease in coverglass weight after
1970 when integrated coverglasses become items of standard use. Before
1970, the minimum coverglass thickness is 6-mils of S102 which gives
minimum radiation protection but practical thermal control., The thin
(2-mils or less) integrated coverglass will give the same thermal control
and indications from Lockheed (see Sec. 3.2.2.2) are that radiation
prot-ction using organic-metallic filters is superior to that of much
thicker coverglass., The expected minimum specific weight for coverglass
will be approximately 0.02 lb/ftz.

The top curve shows the expected trend in total array specific weight
including such items as adhesives, bus bar, solder, paints, hardware,
cabling, etc., The specific weight of these miscellaneous items, taken
as a group, is shown to decrease uniformly from a maximum value of 0,32
1b/ft:2 in 1962 to approximately 0.13 lb/ft2 obtainable at present., The
specific weight is then expected to remain fairly constant until the
use of integrated cover-glasses eliminates the need for coverglass
adhesives. Improvements are also expected in decreasing hardware
requirements and minimizing cabling weights by improved designs. The

expected minimum total array specific weight after 1980 is 0.25 1b/ft2.
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1.2.2.4 Projected Technology

The development of lightweight rigid structures incorporated into large
area, lightweight photovoltaic systems will continue Intn the 1970-
1985 time period with improvements in decreasing structural weight

and improving cell performance over that which has been obtained in

the 1960-1970 time period,

The development of new, lightweight, rigid structures such as the
follow-core electroformed beryllium substrates, lightweight honeycomb
made of titanium, or beryllium, etc,, would aid appreciably in
decreasing array weight without detracting from array reliability.

The specific weight of the new structures will decrease from approximately
3 - .5 lbs/ft2 to 0.15 - 0.30 lb/ftz. Yet, the panels will demonstrate
the same structursl rigidity and strength as that obtainable from the
heavier substrates used at present. Table VI A, B, and C {llus-

trates a projected solar array weight breakdown as a function of
coverglass thickness for 4-mil, 8-mil and 12-mil solar cells in

the 1970-1985 time period. It can be seen, depending on the coverglass
thickness, which is a function of orbital attitude and inclinatio:
(location within the Van Allen belt), the total array apecific weight
without attachments or deployment mechanisms, ranges from a minimum

of 0.385 lbs/ft2 utilizing 4-mil solar cells and a standard 6-mil
coverglass to 1,16 1bs/ft2 for a 12-mil solar cell utilizing a 60-mil
coverglass. Table VI A, B, and C shows the 1b/WW as a function of
coverglass thickness utilizing 4, 8 or 12-mil solar cells with the
efficiencies shown in the Tables. The minimum specific power that can
be practically obtained utilizing conventional fabrication techniques
presently in use, is 43 lbs/kW. However, the continued advancement

of developments now in the experimental stage such as integrated
coverglasses, and large area or thin cells will lead to specific weights
rmuch less than that obtainable utilizing conventional fabrication

techniques. The curves shownin Fig. 19 illustrate the performance
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TABLE VI-A SOLAR ARRAY WEIGHT BREAKDOWN AS A FUNCTION OF
COVERGLASS THICKNESS FOR 8-MIL SOLAR CELLS
Coverglass Thickness (mils) 6 12 20 30 45 60
Coverglass Weight (1b/fe?)  0.07 0.14 0.26  0.35 0.53  0.70
Solar Cell Weight " 0.20
Adhesives Weight " 0.02
Bus Bar and Solder Weight " 0.03
Cabling and Hardware Weight " 0.05
Dielectric and Paint Weight " 0.03
Substrate Weight " 0.14 0.14 0,15 0.16 0,17 0.19
TOTAL 0.43 0.50 0.61 0.73 0.92 1.11

TABLE VI-B SOLAR ARRAY WEIGHT BREAKDOWN AS A FUNCTION OF COVERGLASS
THICKNESS FOR 12-MIL SOLAR CELLS

Coverglass Thickness (mils) 6 12 20 30 45 60
Coverglass Weigh: (1b/£t%)  0.07 0.14 0.24  0.35 0.53  0.70
Solar Cell Weight " 0.14
Adhesives Welight " 0.02
Bus Bar and Solder Weight " 0.03
Cabling and Haidware Weight " 0.05
Dielectric and Paint Weight " 0.03
Substrate Weight " 0.14 0.4 0,15 0.16 0.17 0.19
TOTAL 0.48 0.55 0.66 0.78 0.97 0.16
TABLE VI-C  SOLAR ARRAY WEIGHT BREAKDOWN AS A FUNCTION OF
COVERGLASS THICKNESS FOR 4-MIL SOLAR CELLS
Coverglass Thickness (mils) 6 12 30 45 60
Coverglass Weight (1b/£t?) 0.07 0.14 0.24  0.35 0.53  0.70
Solar Cell Weight " 0.045
Adhesives Weight " 0.02
Bus Bar and Solder Weight " 0.03
Cabling and Hardware Weight " 0.05
Dielectric and Paint Weight " 0.03
Substrate Weight " 0.14 0.14 0.15 0.16 0.17 0.19
TOTAL 0.385 0,455 0.565 0.685 0.875 1,065
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to be expected using various combinations of cells and coverglasses.
These curves take into consideration the type of roverglass, efficiency
of solar cell, assembly and filter loss, and changes in packing factor.
The parameters for each curve are summarized in Table VII. The 4-mil
and 8-mil cells will require improvement even greater than that expected
in order to successfully compete with the 12-mil solar cells in terms

of watts/sq ft output power.

Although 12-mil solar cells have a higher power output per square foot,
it can be seen from Table VIII that the 3 x 3 cm 4~mil cell with wrap-
around contacts and integrated coverglass will provide the ligltest
weight per kW of any of the configurations considered. However, it is
questionable at this time whether 4-mil cells will be available even

in the 1970-1985 time period in the 3 x 3 cm size due to their extremely
delicate nature. Assuming that 4-mil cells will not be available in
the 3 x 3 cm size, during any period of this study, examination of

Fig. 19 and Table VIII indicates the optimum cell/coverglass configura-
tion to be a 3 x 3 cm 8-mil wrap-around sclar cell with one-mil inte-
grated coverglass. This configuration will give 28.7 lb/kW and pro-
duce 9.7 watts/sq ft in the 1970-1985 time period.

In conclusion, it is projected that the state-of-the-art of photovoltaic
power systems utilizing high efficiency silicon solar cells and light-
weight rigid structures will be capable of 25 lbs/kW and 10 watts/sq ft,
This means that for a multi-kilowatt array producing, for example 10 kW
electrical power, the photovoltaic array will weigh 250 lbs and have

an area of 1,000 sq ft, These weights and areas will be well within

the boost and envelope capabilities of the launch vehicles expected

to be used in the 1970-1985 time period. It can also be expected

that solar photovoltaic arrays supplying up to 50 kW electrical power
will be capable of being placed in orbit without undue restrictions on

other components of the spacecraft.
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Cells and Modifications

Ideal cell
Bare cell

Cell with = 1.1l Si0
coating

Cell with 0.006 inch
glass and A-R coating

Cell with 0.006 inch
glass, 415 m blue and
A-R coatings

Cell with 0.006 inch
glass, 415 my blue,
1,15/ red and A-R
coatings

0.70

0.935

0.874

0.813

0.81

0.70

TABLE VII
COVERGLASS CHARACTERISTICS

i

1.00

0.368

0.642

0.835]

0.835

0.835

a/e
0.70

2.5
1,36

0.974

0.97

0.84

o

28°C

85C

63°C

46 C

46 °C

35%

% Power % Power
of Power Gain from
at 28°C Bare Cell
100 -
777 -
86% 4.3%
92% 15.8%
92% 8. 5%
96% 11.2%

*Assuming a rear surface emissivity of 0.9 radiating to space.
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1.2.3 SOLAR PHOTOVOLTAIC ARRAY CONCEPTS

This section discusses the photovoltaic pewer sources which are appli-
cable to solar electric propulsion. The discussion will be limited to
the power systems which have a specific weight of 50 lb/KW or less,
Power systems which do not presently meet the above criterion but are
potentially capable of yielding the 50 1b/kW performance will also be

discussed.

1.2,3.1 Status of Development

1.2.3.1.1 Array Concept

There are two array concepts which are suitable for the electric pro-
pulsion application. The first consists of rigid-frame solar panels
which are folded together to form a launch package. Once in orbit the

panels are deployed in an accordion fashion. The advantageous features

of this concept are: (1) demonstrated experience from a design, fabrica-

tion, and flight-proven hardware standpoint; (2) superior structural
characteristics in terms of withstanding retromaneuver and/or artifi-
cial g loads. The main disadvantage is the large packaging volume re-
quired. For this reason the array size will be limited to approximately
50 kW for the Centaur class of launch vehicle.

The second approach is to employ a rollup solar array. For this concept
the solar cells are mounted on a flexible substrate. In a stowed posi-
tion the array is rolled in layers forming a cylindrical body. Deploy-
ment is effected Ly extending mechanisms which may be extending booms,
scissors mechanism, or the substrate itsclf. The main advantage of the
concept is its extremely compact volume. It is thus conceivable to
speak about a megawatt size solar array. The problems of this concept
lie in the areas of insufficient operating experience and the structural

dynamic characteristics.
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1.2.3.1.2 Power System Size

The development status of the solar array may be categorized according

to the power system size as follows:

e Flight proven hardware - up to approximately 1 kW
© Detail conceptual design - 20 to 50 kW
® Paper study = 1 to 5 MW

A rigid frame array which is flight-proven up to approximately 1 kW size
has been studied conceptually up to 50 KW. Several arruys of approxi-
mately 50 square feet have been fabricated for demonstration purposes.
(A demonstration panel normally consists of mock-up cells mounted on
substrate with deployment mechanism, The primary purpose is to demon-
strate feasibility in deployment and structural integrity of the con-
cept.) The rollup array has been studied conceptually up to 20 kW.

1.2.3.1.3 Areas Requiring Further Development

Based on the above discussion it is clear that a detailed conceptual
design should be performed for the megawatt size array, with particular
emphasis on the rollup concept. The primary objective will be to obtain
the rerformance characteristics and parametric data. The conceptual

study should include the following:

Detailed system layout
Study of deployment and retraction techniques
Packaging study

Structural analysis with particular emphasis on dynamic
characteristics associated with launcn, retromaneuver and
artificial g load requirements.

® Manufacturing techniques to reduce array cost to manageable
level.
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1.2.3.2 Rigid Frame Solar Arrays

Two rigid array concepts are capable of meeting the 50 1b/kW (or less)
requirement. These are the biconvex, electroformed concept developed
by EOS and the box-frame approach being developed by Boeing (see Table
IX.

1.2.3.2.1 EOS Biconvex Array (Ref. 1-12)

42 1b/WW Solar Panel

Approximately a year ago EOS initiated, under NASA sponsorship, a light-
weight solar panel development program, Under this program a demonstra-
tion panel was produced which has a specific weight of 42 1lb/kW. The
demons:ration solar panel confirmed the soundness cf the EOS curved-
shell, electroformed structure concept. The concept has a performance
potential of 27 1b/KW. A second year follow-on effort is being directed
toward that goal.

The basic structure of the panel consists of an electroformed nickel
hollow-core substrate held in a biconvex position by an aluminum frame.
Covering the hollow-core structure is a sheet of fiber glass upon which
the solar cells are placed. Figure 20 shows a typical panel construc-
tion. Figure 21 is a photograph showing the demonstration panel with

partial mounting of solar cells and anodized aluminum blanks to simu-
late the active cells.

10 kW Power System Conceptual Design

A conceptual design of a 10 W power system was made to evaluate the
effects of system component interaction. Such interaction affects the

optimum size of the solar panel module, deployment mechanisms and
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method of array deployment and the array packaging problem. The 10 kW
array is capable of tolerating the ¢nvironment of an Atlas/Centaur
vehicle and can be stowed within a shroud similar to the OAO. This
conceptual study has resulted in the sclection of a 5-foot=-square panel
as the optimum size. The array overall specific weight is determined
to be 42 1b/kW, including the electrical cabling and deployment mechan-
isms. The configuration of this power system (suitable for Jupiter
flyby mission) is shown in Fig. 22.

27 _1b/KW Solax Pancl

The weight of the solar array which was described previously can be
further reduced to 27 1b/kW level if the following design modifications

aad technology advances are made:

® Use of electroformed aluminum hollow-core as the substrate
structure.

® Use of beryllium as the panel frame material.

e Development cf 4-mil solar cells with l-mil integrated cover
glass capable of producing 10 W/ft2 at standard conditions.

@ Incorporation of major electrical cables into the frame design
so that this material serves the dual purpose of conducting
current and adding to the structural strength.

® Incorporation of thermal control surfaces into the metallic
substrate by anodizing.

® Use of better production techniques to decrease the adhesive
weight.

In summary, the technology developed for the 42 lb/kW panel can be
further improved to yield a 27 1b/kW system. The required development
effort will be relatively modest. The estimate of the advanced solar
arrays incorporating all the improvement outlined above is shown in

comparison with the current solar arrays in Table X.
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TABLE X

PROJECTED WEIGHT AND POWER CHARACTERISTICS, 10.4 kW ARRAY

Demonstration

Panel Design Array Design
Item Description 1b/ft2 1b lb/ffﬁ 1b
3-mil microsheet 2 x 2 cm 0.0394 41.0
Cover glass l-mil integral cover glass
grai Bia 0.0131 | 13.7
2 X 2 cm
- -6
Filter adhesive 2-mil RTV-602 0.0096 10.0
None - - = - -
4-mil conventional contact 0.0530 55 1
2 X 2 cm
Solar cell 4-mil wr round contact
mi’ wraparou a 0.0530 | 55.1
2 X 2 cm
Inter tor Bus bar and solder 0.0200 20.8
nterconnecto Printed circuit back-contact 0.0100 10.4
4-mil RTV-40 0.0207 22.8
Cell adhesive Same 00207 758
Dielectric l-mil H-film 0.0072 7.9 ]
telectri S ame 0.0072 7.9
Dielectric 2-mil RTV-40 18% of area 0.0037 4.1
adhesive Same 0.0037 4.1
Thermal control | 3-mil laminar X-500 0.0240 29.7
paint None, anodized substrate - - - - -
, Separate cable bundles 0.0228 28.2
Cabling and Major cabling incorporated
hardware 0.0050 6.2
in frames
, For deployment 0.0376 46 .7
Mechanisms 50378 5T
Substrat | 2-mil electroformed nickel 0.0664 73.0
ubstrate Electroformed aluminum alloy 0.0464 51.1
F 10-mil aluminum box beam 0.0815 | 101.0
rame Beryllium frame 0.0538 | 66.7
Total 1b 440.3 285.0'
2
Specific power | W/ft 10 10
Array power W 10,400 10,400
Weight/power 1b/kW 42.4 27.4
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1.2.3.2.7 Boeing Box=Frame Array Concept (Ref. 1=3 and 1-14)

The work performed by Boeing on large area photovoltaic arrays has an
objective of achieving a power system capable of producing 48 kW at

50 1b/kW. A typical subpanel consists of thin-walled, double-box-
section beryllium frames and single-box-section intercostals. The
matrix substrate of pretensioned fiber glass tape is bonded between

the frames and to the intercostals, The solar cell modules, consisting
of coverglasses, cells, and interconnectors, are then bonded to the
substrate. The backs of the cells, covered with a thermal control coat-
ing, reject heat directly to space. The individual subpanels are joined
together by hinges and latches., The main subpanels deploy when the
rotary drive unit retracts a cable which imparts a turning moment about
the pulleys and hinges. As each subpanel reaches the fully deployed
position, hinge latches are locked.

Figure 23 shows a second generation panel wihich incorporated the
necessary changes and improvements determined during the study. This
includes: orientation of fiber glass tapes at 45° with respect to the
frame; addition of beryllium diagonal bracing; and provision of shear
ties and stack clamping for shear transfer between stowed subpanels in
the launch mode. Other improvements are: replacement of twisted wire
cables with flat aluminum or copper conductors; replacement of back-
connected rells by standard front-connected ones; and replacement of
4-mil coverglass with 3-mil covers. The specific weight breakdown

is shown in the tabulation below:

® Cell modules 12.3
® Structure 15.1
e Adhesive and thermal coatings 4.4
© Mechanisms 3.8
® Buses 3.2
Total 38.8 1b/kW
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1.2.3.3 Rollup Solar Arrays

Fuisting rollup array concepts, either demonstrated or paper study,
are summarized in Table XI. All these <~oncepts have the follow-

ing common features:

o Deployment mechanisms

® Mecans for solar panel protection during launch, including
takeup rolls, cushion pad, casing, ctc,

© Structural support
e Substrate

® Llectrical components, including solar cell stacks, diclectric,
and wiring.

It is therefore possible to synthesize new concepts different from
those shown in Table XI. The following paragraph describes some

of the array concepts proposed by the industry.

1.2.3.3.1 Hughes Rollup Array Concept (Refs. 1-15 and 1-16)

A rollup solar array concept has been proposced by Hughes. Conceptual

designs and analyses have been made on 20 kW power systems to determine
the concept feasibility. A 50 square foot demonstration panel has been
fabricated for verification of the design procedure and limited environ-

mental tests.,

The basic concept employs dendritic solar cells, 1 x 30 cm, bonded to
a flexible substrate which supports the cells and associated wiring.
In the stowed condition, the array is rolled up together with a thin,
protective cushinn. The rollup assembly is enclosed in an external
shell which provides radial pressure of approximately 0.6 psi. The
interwound foam cushion transfers the applicd pressure uniformly to

the array substrate and prevents any relative motion between substrate
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‘ayers and the storage drum during launch environments. Theorctical
calculation has indicated that this design will withstand a 60y,

acce leration without any relative substrute layer movement.

Twoe types of deployment boems are considered. One {s the DeHaviland
device with six nested elements, The other is the Hunter spieing which
is wound at an angle to the boom axis such that when relcased the spring
forms a long conical tube. The deploymer.: scheme relies on the positive
action of the extending booms. As the array is being deployed, the foam
cushion will be rolled up on a takeup spool. Figure 24 shows the

demonstration rollup array in the deployed condition.

Tne demonstration array has been put through a limited environmental
test (such as temperature shocks ranging from =250 to +250°F). The

rate of change applied was 50°F per minute,

A conceptual deslgn was made for a 20 kW array to cvaluate the potenti-
ality of the Jemonstration panel in terms of a large system. The array
is designed to withstand 0.003g perpendicular to the surface and 0.003
rad/soc2 rotation about the principal axis. The weight breakdown for
the 20 kW system, based on 10 W/ft2 50°¢ temperature, and 95 percent
packing factor, is listed below,

o Panels (0,168 lb/ftz) 16.8 1b/kW
e Deployment mechanisms 12.5 1b/kW
® Drums 3.0 1b/kW
o Cushions 1.7 1b/kW
® Covers 1.2 1b/kW
o Takeup spools 0.7 1b/kW
® Rewind mechanism 0.5 1b/kW
e Structure 1.2 1b/kW
e Bus bars 0.6 1b/kiW

Total 38.2 1b/kW
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1.2,3.3,2 Ryan Rollup Array Concept (Ref, 1-17)

A different rollup array approach was taken by Ryan Aeronautical Com-
pany. The basic idea of mounting solar cells on a flexible substrate
stretched between two extendable booms is the same as with the Hughes
approach., The main diiferences are in the design of the boom and its
deployment mechanism, and in the approach of separation and cushioning

of substrate layers during the stowed condition.

The array concept has as an objective a power system which has a solar
array area of 20U square feet. The array is to be compatible with the
Atlas/Centaur vehicle environments as well as with a hypothetical
spacecraft similar to the one for a 1969 Mars mission. A 50 square
foot demonstration array (without solar cells and wiring) was fabri-
cated, It consists of four 55.8 x 36.6 inch modular panels. The cal-
culated existing specific power is 12.5 W/1b, with a potential growth
to 14.5 W/1b (70 1b/WW).

The Ryan boom is made of two titanium ribbons seam-welded together at
the two edges. The array is designed to be deployed and retracted many
times for purposes of checkout, retromaneuver, etc. When retracted,
the boom which has a near circular shape 1is depressed to a flat sur-
face by a guide sleeve and spring-lcaded rollers. As the direction of
the storage drum is reversed the pressure on the beam is removed and
the beam returns to its original shape. The power required for the

drive motor is approximately 10W.

The basic substrate material, selected to withstand the heat sterili-
zation requirement for Mars landing mission, is epoxy-impregnated
fiber glass cloth. The substrate thickness is 3 mils; the edge is
built up to a thickness of 12 mils. The ends of each substrate are
provided with piano-type hinges which permit modules to be easily

replaced.
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The substrate layer separation and cushioning are provided by half-
inch-diameter silicone foam rubber pads mounted on the back surface
of the substrate. The pads are faced with 2-mil Teflon sheets. The
demonstration array in a deploved position is shown in Fig. 25.

The weight breakdown ftor existing and future arrays is listed below.

Existing Future

o Beams 4.9 4.8

e Substrate 2.3 2.3

o Support structure 15.9 12.5

© Mount provision 2.0 --

0 Solar cells and wiring 15.0 15.0

e Totals 40,1 1b 34.6 1b
Specific power 12,5 W/1b  14.5 W/1lb
Specific weight 80.0 1b/kW 70.0 1b/kW

1.2.3.3.3 EOS Rollup Array Concept

The basic feature of the array concept lies in the use of curved-shell
substrates to provide structural stiffness without any assistance of
extending booms. This approach departs from other concepts which rely
on the booms to provide the required moment of inertia. The Hughes
concept, for example, employs De Havilland booms in arriving at the
specific power performance of 40 1b/kW, but offering only 0.003g
resistance to acceleration. The Ryan approach employs stiffer booms

to meet the 0.2g requirement. However, its specific weight is increased
to 80 1lb/kW.

The stiffness property of a curved shell is well known, This property -
is derived from the fact the section moment of incrtia of a thin, flat ;.
structure can be enhanced significantly by providing edgewise restraints -
to force the structure into a curved surface. The main problem is to

devise a means of providing these edge restraints,
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Figure 26 illustrates a rollup array concept which utilizes the
curved-shell approach. The array substrate consists of two beryllium
sheets of approximately 7 mile in thickness, The two sheets are bonded
together at the edges. Small rectangular holes are provided along the
edge in the same manner as a photographic film, These holes fit over

a sprocket drive which serves to deploy and retract the solar array.

The deployment mechanism consists of a drive motor, a cushion take=-up
spool, the sprocket drive, two guide rollers, and tension wires spaced

at approximately 18 inches apart.

In the undeployed configuration, the two substrate sheets and the wircs
lie flat in the untensioned mode. (The far end of the array which is

left beyond the guide rollers is an exception. This portion is left in
the string-and-bow configuration to facilitate deployment.) Upon command,
the sprocket drive which is chained to the motor shaft will start to

feed the array through the puide rollers, and the cushion pad will be
taken up simultaneously. Th2 guide rollers are positioned in such a ]
way that the two substrate shlcets bow slightly. The angle formed be-

tween the sheets will be approx‘mately 10°. At this angle, the ratio
of the plan-form to the curved cturface will be about 0.98., Final se- :
lection of the substended angle will be determined from trade studies
since a large angle will result in a stiffer structure and less weight

but the power output per unit area will also be less.

The two beryllium sheets are kept in the bow shape by tension wires.

There are two approaches which appear to be attractive for keeping the

wires under tension. The approach is to use one continuous piece of .
wire which is threaded diagonally through flexible eye bolts attiached
to the array edge. As the array is deployed the slack of the wire will

be taken up by a take-up spool which is geared at an appropriate ratio

5400-Final
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wires. Each wire has one end permanently tied to the array edge with
the other end free. As the array is fed past the roller a mechanism

graps the free end and pulls the wire in tension, The tension wire is
held in place with latching spring mechanism. During retraction mode,

the process is reversed,

Solar cell stacks and associated wiring will be mounted on a fiber
flass sheet which is bonded to the front beryllium sheet (sun side).
The back (shadow side) beryllium skin will have lightening holes for
weight reduction and temperature control purposes. The system weight

estimate is summarized below,

e Solar cell stack including dielectric cells,

wiring, etc. 20.0
® Substrate 0.007 beryllium 13.3
® Cushions 1.7
© Drums and takeup spools 3.5
e Motor, sprockets, drive chain, guide
rollers and tension wires 5.0
e Total 43.5 \b/kW
5400-Final 1-82
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1.2.4 SOLAR ARRAY TEMPERATURE CHARACTERISTICS

The equilibrium temperature of a solar panel is an important parameter

in the determination of power output of the array. Figures 27 and

28 show equilibrium temperatures for flat oriented solar panels for

a specific case typical of a solar panel and for a general array design,

respectively.,

The panel temperatures were calculated as a function of solar intensity

using the following assumptions:

The panel is a flat plate with both sides radiating to cold
space.

There is no adjacent spacecraft to block the panel radiation.

The panel has '"perfect conduction''(isothermal).
a(l - K

P F
K ———— ~ 0.50 —_—— . 0.45
CT + CB GT + €B

*Specific conditions used to obtain Fig. 27.

General Eguation

I(eq + €g) T“ + P/A (1)

@ S cosP

P/A

1 KF 2 S cosp (2)

Combining Eqs. 1 and 2

Assume

@ S cosB (1 -1 KF)HI/A
T = |

~ (eT + eB) (3)

0.50 (4)
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then

a (1l - fKF)

- - 0.45 (5)
bT + CB
Combining Eqs, 3 and 5
1/4
0,45 S
T = == (6)
where 2 = solar absorptivity
S = sgolar radiation (MW/cmz)
o = Stefan-Boltzmann constant = 5,67 - 10'9
€p = emissivity of panel top surface
€g " emissivity of panel bottom surface
T = panel temperature (o Kelvin)
P = electrical power output (watts)
A = panel area (ftz?

-2
=
|

solar cell efficiency

solar cell packing factor

w o

= incident light angle from normal to the panel (degrees)

1.2.5 SOLAR ARRAY POWER OUTPUT VERSUS DISTANCE FROM THE SUN FOR
VARIOUS MISSIONS

Figures 29, 30, and 31 illustrate variations in solar array power
output for three missions under consideration, using Fig. 32 as the
basic solar cell E-I characteristic curve. The missions are a Mars
Probe and Orbiter, a Jupiter Probe, and a Venus Probe and Orbiter.
The Mars Probe and Orbiter and the Venus Probe and Orbiter assume a
50 kilowatt array at one AU while the Jupiter Probe assumes a 14
kilowatt array at one AU. The change in power is due to temperature,
intensity, and radiation degradation variations during the mission

duration. However, since the launch period is the 1975 year,
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NOTE: TRANSIT TIME: 270 DAYS
ORBIT TIME: 50 DAYS
POWER OUTPUT IN MARS
ORBIT IS SAME AS POWER
OUTPUT AT 1.67 AU.
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Figure 31, Solar Array Power Output versus Distance from the Sun
for a Mars Probe and Orbiter
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radiation aegradation can be assumed to be negligible since this is
the period of minimum solar flare activity. The curves then basically
show the effects of variation in temperature and intensity on solar

array power output,

The Venus Probe and Orbiter solar array will increcase in power from

50 kilowatts at earth to approximately 59 kilowatts at Venus encounter
and orbit. The transit period from earth to Venus was assumed to be
140 days while the orbit duration was assumed to be 50 days. The power
output during orbit will be constant, being that of the power at en-
counter. The power output of the Jupiter Probe will vary from 14 kilo-
watts at carth to approximately 400 watts at Jupiter encounter. The
variation in the Mars Probe solar array power output is from 50 kilo-
watts at one AU to approximately 22 kilowatts at Mars encounter and
orbit. The transit time was assumed to be 270 days to Mars with an
orbit time of 50 days. The power output curing orbit will be the same

as that of Mars encounter.
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SECTION 2

ELECTRIC THRUSTER TECHNOLOGY

The phrase, electric propulsion, brings to mind a great variety of
propulsion devices, At some time during the past 10 years it seems
that every possible means to increase the energy of a storable pro-
pellant and exhaust it from a vehicle to provide thrust has been ex-
plored, The devices that have survived the exploratory research are
the purely thermal resistojet and arcjet, the electrostatic collo'd
and ion engine and combination thermal/electromagnetic system known

as the magnetoplasmadynamic arcjet,

These various systems have found certain preferred operating areas in
which their application is most promising. These regimes are shown

in Fig. 33. 1In reality, there are no real boundaries to the re-
gimes, but engineerin; facts have established most of the nominal
limite. Successful operation of any of these thrusters outside these
limits will require breakthroughs in materials, propellants, propellant

storage methods, power .upplies and a host of other technologies.

The most generally useful formulaticn of thruster performance is in
terms of power-to-thrust ratio and specific impulse. Such a formula-
tion measures the efficiency, thrust and propellant mass required by
any given thruster., For very high energy missions (high total impulse)
the thrusters of serious interest are the cesium and mercury bombard-
ment thrusters, the cesium contact thruster and the MPD arcjet. The

performance (1967) of these four types are displayed in Fig. 34,

The most advanced of the four is the cesium bombardment thruster. It
has the best performance, yields the lowest system mass and has demon-

strated the best long-term reliability and reproducibility.
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From a long range viewpoint the MPD arc jet is probably the most promising.
At present, its performance 1s not as good as the other types but its
potential advantages are high thrust density, ruggedness and simplicity,
Given time and development effort it should be the best choice for

prime electric propulsion,

The mass ~f the two bombardment ion thrusters is shown in Figure 35,
These data are for thrusters that exist, It should be mentioned that
the mercury thrusters have not received much mass reduction attention
to date and the mass should ultimately be reduced considerably,
Because of its inherent higher magnetic field, it will protably not
be built any lighter than twice the mass of the corresponding cesium

bombardment thruster.

The MPD arc jet shown on the curve indicates a constant mass irrespective
of the power level. This results from the rather massive components
that are required. Since this thruster is still in a laboratory

status further improvements are to be expected but are difficult to

speculate about at present,
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2.1 CESIUM ELECTRON BOMBARDMENT ION ENGINE SYSTEMS

2.1.1 INTROLUCTION

Cesium electron bombardment ion engine systems are comprised of a
fuel reservoir and feed system, an engine, a neutralizer, and power
conditioning and controls. Power conditioning and controls will be

discussed in a separate section.

The use of cesium in a bombardment ion engine system of”-rs a very

high efficiency. The ionization potential of cesium is the lowest
known and its density is relatively high. This results in a high ratio
of accelerating energy to accelerating energy plus ionization energy,
or power efficiency. Due to its low ionization potential and large
ionization cross section, a large fraction of the propellant is
ionized, thus the mass utilization efficiency is high. The product

of power and mass efficiencies, or overall engine efficiency, is

therefore very high.

Additional advantages accrue from the use of cesium. It is easily
hanilled by static zero-g feed systems, it allows the use of a cesiated
tantalum cath:ide with its attendant long lifetime, and its character-
istics in the discharge allow the use of weak magnetic fields with

a resulting low enginc weight. The cesium plasma bridge neutralizer
used with these systems is the most efficiency and long-lived

neutralizer developed to date.

In this analysis, two principal objectives were taken. The first was
to characterize engine system volume, mass, and power. The second
objective was to describe in some detail the interfaces between this

system and its power conditioning and the spacecraft.
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In search for a common parameter upon which to characterize the
propulsion system, the most immediate candidate is thrust level.

If a specific impulse can be assumed, then thrust level determines
engine size, mass, and electrical operating characteristics. The
feed system is sized on the basis of the total impulse. Again, if

a specific impulse can be assumed, then the feed system size and

mass can be characterized as a function of the product of thrust

and time. The neut:alizer can also be characterized as a function

of the emission-thrust-time product. Assuming certain general
packaging characteristics, it is then possible to find the propulsion

system size, mass, and power as a function of thrust and time.

A large number of curves were generated in order to arrive at the
final system parametars. These curves were derived from experimental
data and known scaling relations. For example, feed system unasses
are known for a number of lightweight Zero-g systems. The principal
feed system mass is the reservoir. The mass of this reservoir

with a constant skin thickness should be proportional to the two-
thirds power of the capacity. Practical feed systems are somewhat
more efficient at larger capacities, however, and the mass is

better approximated as the volume to the 0.6 power. In addition,
certain fixed mass associated with the vaporizer and flanges must

be considered. In this manner, the example curve was derived.
Similar detail was inc{gﬂed in the generation of all the remaining
curves. It was not felt appropriate to include such great detail

in this report, so the curves are discussed only where they might

appear questionable.

As discussed in Section 2.1.6, considerable performance improvement
is expected in the near future. Such improvements were not considered
in the generation of the data included herein. While this dates the

enclosed material, it allows more accn~rte detail. Minor inaccuracies

5400-Final 2-7
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in detail will be absorbed in the final values for size, mass, and
power so these final values may be considered as very accurate norms.
Details of the integration of the propulsion system into each space-
craft will modify these overall values beyond the range of error

inherent in the results preseunted.

2.1.2 OPERATION

2.1.2.1 Engine

A schematic of a cesium electron~hombardment ion engine system is
shown in Fig. 36, Cesium propellant is introduced as a vapor

through the cathode, is ienized in the discharge chamber, and is
accelerated through the electrodes to high exhaust velocities.

Within the chamber the cesium vapor is bombarded by electrons passing
from the cathode Lo the anode. The paths of these electrons are
increased by applyingy an axial magnetic field. This increases the
probability of ionization and results in a significant reduction

in discharge power and an increase in mass utilization.

The electroncs are emitted from the cesiated tantalum surface within
the cathode. Such a surface is capable of emitting currents of one
ampere per square centimeter at temperatures as low as 600° cent i-
grade. The tantalum surface is cesiated by the propellant flow.
Prior to starting, the cathode is heated externally. Once the
discharge has been initiated, the cathode emitter is maintained at
operating tevperature by ion bombardment from the plasma, radiation
from the plasma, and other second order effects. With the discharge
on, the external heating power is removed and the cathode runs in

an autocathode mode.

When an ion arrives at the screen electrode, it is accelerated by

the electric field between the screen and accelerator electrodes to

5400-Final 2-8
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a high exhaust velocity. The accelerator electrode is biased nega-
tive to prevent the passage of electrons from the exhaust to the

source.

2.1.2.2 Control

Two control loops used with this engine are shown in Fig. 37. The
first is a feed control loop. The exhaust beam current is measured
at the power supplies and compared with a reference. The error be-
tween the reference and the beam is amplified and used to drive the
cesium vaporizer. This results in precise beam current control.

The second control loop senses a small increase in beam current re-
sulting from a small increase in discharge power and adjusts the
discharge power up or down to operate at the point where maximum
engine efficiency is achieved. This control (Section 2.1.4.3) is

unique to the cesium electron bombardment ion engine.

2.1.2.3 Feed System

The cesium feed system, shown schematically in Fig. 38, represents

a simple yet effective solution to the problems of phase separation
and flow control in zero gravity. By properly designing a network
of tapered cells into the propellant reservoir, the liquid cesium

is pumped by surface tension forces to the feed line. At the feed
line, a wick draws the cesium from the reservoir. At the free end
of the wick a heater is used to evaporate the cesium in a controlled
flow to the engine. Increasing or decrecasing the heat to this

vaporizer effects rapid and accurate flow control.

2.1.2.4 Neutralizer

The csium discharge neutralizer consists of a miniature cesium feed

system, a cathode similar to the engine autocathode, and a sustaining
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anode electrode. A dc bias is applied to the sustainer and the
cathode is heated electrically. The vaporizer of the miniature feed
system is then heated until a discharge is initiated between the
cathode and sustainer electrode. Vaporizer power is regulated to
maintain a pre-determined current to the sustainer electrode as
indicated in Fig. 37, With this discharge established, a con-
ductive plasma bridges the space between the neutralizer and the
exhaust ion beam. As a result, electrons are conducted into the
beam at very low voltages while the neutralizer may be located far

enough out of the beam to prevent degradation due to ion bombardment.

2.1.2.5 Lifetime

Two cesium electron bombardment ion engine systems have beer .ife-
tested. Both systems consumed a total power of 1 kilowatt and
generated approximately 30 millinewtons of thrust. The specific
impulse for both tests was 5,000 seconds. In these tests, the 9 kg
and 18 kilogram zero-g feed systems used ran to cesium exhaustion.
The engines performed as designed and th: neutralizers operated
throughout both tests. The tests ran for 3700 hours and 8100 hours
respectively, and the tests indicate that lifetimes of 2 to 5 years

are to be expected.

2.1.3 PERFORMANCE

This section describes the performance achieved to date with the

major ion engine subgsystems.

2.1.3.1 Eunzine

Cesium electron bombardment ion engines have been built and operated
at thrust levels from a few micronewtons to 45 millinewtuns. Figure
39 shows congines of a permanent magnet variety which sp.n1 the

. -6
thrust range from 12 x 10 newto: to 45 millinewtons.
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Mass

Mass performance of cesium engines has been well established and

is shown 2s o functiop ¢f thrust in Fig. 40, Weight is « function

of thrust becausc thrust determines the beam current and the effective
electrode area which is required. The thruster mass is one of the
least significant masses of a cesium ion engine system especially

when permanent magnet engines are used.

Volume

Thrust level also determines the overall engine volume. This volume
shown in Fig. 41 includes the necessary space which must be left
around the engine to provide high voltage isolation. It includes
the volume occupied by the discharge chamber, cathode, electrodes

and the electrode support insulators.

Mass Utilization

A great deal of performance data has been obtained for cesium
thrusters. This performance has been verified in life tests where
no significant reduction in efficiency has been found. The first
characteristic considered here is the mass utilization efficiency.
This is shown in Fig. 42 as a function of thrust. The mass
efficiency is reduced at low thrust due to the smaller discharge
chambers required and resultant increase in the ratio of surface
area to volume within the thruster. Knowledge of the mass utilization
efficiency allows computation of the required propellant mass from
the total mission impulse requirement and thruster specific inpulse.
Only very small margins are required since the mass utilization
efficiencies have been verified over long periods in a number of

life tests. Comparisons of the total calculated cesium expelled to
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the measured mass change uf the reservoir, have been in agreement

witl. the estimated mass efficiency to within 1l percent.

Specific Impulse

For 'ow thrust ion engines, the small total fuel mass required
reduces the importance of specific impulse. Such systems are
normally considered for power-limited satellite applications, so
specific impulse is determined by the point at which the minimum
thruster power is realized. For high thrust missions where signi-
ficant spacecraft design parameters are affected by the efficiency
versus specific impulse characteristic of the engine, specific

impulse cannot be ignored.

The specific impulse is determined by the mass utilization efficiency
and accelerated ion energies. The ion energies are determined by

the net accelerating potential which can be accurately approximated
by the positive high voltage potential applied to the ion source.

No doubly charged ions are observed with cesium electron bombardment
ion engines, so the average exhaust velocity can be computed as the

product of the mass efficiency and the ideal exhaust velocity.

The change of power efficiency with specific impulse is not very
great, so specific impulse can be generalized. Figure 43 shows
the resulting specific impulse as a function of thrust level. The
ideal specific impulse is that corresponding to the ion velocities

uncorrected for the mass utilization efficiency.

Power Efficiency

For thrust levels well in excess of 4.5 millinewtons, thruster efficiency
is not strongly dependent upon size and the performance of cesium

bombardment engines can be characterized by a power-to-thrust ratio
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versus specific impulse curve as shown in Fig. 44, Another curve

used to define this nerformance is the overall engine efficiency versus
specific impulse as shown in Fig. 45. Detailed engine power require- g
ments will be presented and discussed in Subsection 2.1.4,

2.1.3.2 Feed System

Zero~-g cesium feed systems have been buit and operated with capaci-
ties ranging from 0.05 kg to 18 kg. Propellant tankage masses have
ranged from 100 percent of the fuel mass for the smsllest .ieed systems
to 10 percent for lightweight 2.3 kg feed systems, and 15 percent for
large systems which were not designed to be especially mass efficient.
Flight qualificd cesium feed systems can be built with a mass in the
neighborhood of 10 percent of their cesium mass capacity. Two typical
feed systems are shown in Fig. 46. These feed systems have capacities
of G.25 kg and 18 kg. The larger system has a laboratory valve atop

its vaporizer and the small feed system has a neutralizer attached.

Power requirements for these zero-g feed systems range from 3 watts

to 10 watts as shown in Fig. 47. The power required depends upon the
response speed necessary. Heat shielding can be used to minimize the
power requirement. Most systems built to date have had response times
on the order of 30 to 60 seconds. The mass performance expected from
cesium zero-g feed systems is shown in Fig. 48. The data are presented
as a function of fuel mass since this determines the overall size of

the feed system. Feed system volume is shown in Fig. 49.

2.1.3.3 Neutralizer

The principal mass of the cesium discharge neutralizer is the feed
system and cesium mass. The cesium mass is determined by the mission %

duration and the emission current or thrust level. These neutralizers
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require a minimum cesium flowrate at low thrust levels and approxi-
mately 1 percent of the engine flowrate at high thrust levels. In
the range of interest between 4 x 10.5 and 5 % 10'7 newtons thrust,
the neutralizer mass is relatively independent of the product of
thrust and time except near 5 x 10-2 newtons thrust, where the mass
becomes proportional to this product. Volume is determined by the
neutralizer mass since the mass is primarily cesium, Neutralizer

mass and volume are shown in Figs. 50 and 51, respectively.

Neutralizer power consumption is nearly independent of the thrust
level. Neutralizer anode, cathode, and vaporizer powers are plotted

as a function of thrust level in Figs. 52 and 53.

2.1.3.4 Propellant Requirements

The total propellant mass required is determined by the product of
thrust and time divided by specific impulse. Figure 54 shows curves
of propellant weight versus thrust for different mission times.

These curves were drawn using ti:e specific impulse corrected for

mass efficiency from Fig. 43. The dotted line in Fig. 54 corresponds
to a curve for constant specific impulse. As can be seen, the effect
on total mass of assuming a constant specific impulse is very small,
If this assumption is made, a single curve for propellant mass as a
function of the product of thrust and mission time can be drawn as
shown in Fig. 55.

2,1.3.5 System Volume

To the sum of engine, feed system, and neutralizer volumes one must
add additional space since the components do not necessarily mesh

in a clean physical package. This packaging volume is shown in
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Fig. 56 as a function of the component volumes, This assumes the
system is packaged effectively in a right circular cylinder of ap-
proximately two=-to-one length-to-diameter ratio. Since the component
volumes are determined by both thrust and mission time, the overall
system volume is presented in Fig. 57 as a function of thrust for
various mission durations.

2,1.3.6 System Mass

System mass performance is somewhat more difficult to predict. In
this analysis, we have assumed three components for the packaging
mass over and above the mass of the engine, propellant, feed system,
and neutralizer. This mass consists of a fixed mass of 0.3 pounds,
plus 10 percent of the component mass, plus a mass proportional to
the overall package area of 0.01 pounds per square inch, These
weights, added to the subsystem mass, yield a set of curves of system
mass versus thrust for different mission times. This set of curves
is shown in Fig. 58,

2.1.3,7 Power

Adding the engine powers from Subsection 2.1l.4 to the neutralizer
and feed system powers, the overall system power as a function of
thrust is shown in Fig. 59.

2.1.4 POWER CONDITIONING REQUIREMENTS

A maximum of nine engine, feed systems, and neutralizer loads must
be provided with appropriate powers. These loads can accept dc and/
or ac depending upon the nature of the load function. The function
of each load will be described first, followed by definition of the

specific load requirements for various system operating levels.
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2.1.4 1 Pogitive High Voltage

The major portion of the power for thrusters above 4 millinewtons
thrust is supplied in the form of positive high voltage power. This
supply maintains the source at a positive potential with respect to
ground and provides the source of energy for ion beam acceleration.
The load for this supply is the ion beam current plus any stray drain
currents between ground and the source or the accelerating electrode
and the source. With adequate care taken to prevent stray currents
from ground to the source, the ion beam current is computed as the
difference between the currents to the source supplied by this power
supply and the current to the accelerating electrode as shown in
Fig. 37.

The power from this supply is the only power which is converted to
useful ion beam energy. For high thrust engines, and specifically
high efficiency engines, this supply handles the major portion of
the electrical power. The positive high voltage supply must satisfy
three requirements. First, the supply must be protected against
overload caused by breakdowns, This requires a momentary power
turnoff to clear faults, Second, when the power supply is turned
on, the engine plasma appears as a very low impedance between the
high voltage power supply output and ground or the accelerst=i
electrode. As a result, high transient currents must be delivered
during the turnon period without triggering the overload cycle.
Finally, the positive high voltage must never fell below about 75
percent of the nominal working voltage. This restriction on ripple
level is required because bombardment engines always operate space-
charge limited. Momentary loss of high voltages will allow the
plasma within the engine to extrude into the gap between electrodes.

This results in high currents which can trigger the overload circuit.
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The current drain on the positive high voltage power supply is
primarily determined by the thrust level. Thrust is proportional to
the product of ion beam current and the sqaure root of the positive
high voltage. The positive high voltage is determined as a funct ion
of thrust by the specific impulse data of Fig. 43. The ion beam
current is therefore a function of thrust alone. A drain current
between the accelerator and positive supply must be added to the
beam current. The resultant positive high voltage supply current

is shown as a function of thrust in Fig. 60,

The positive high voltage used in this determination is shown as a
function of thrust in Fig. 61,

2.1.4.2 Negative High Voltage

The second power supply and the only other high voltage power supply
is the negative acrelerator bias supply. This supply provides the
bias required to establish a negative barrier to reflect electrons
fruir the exhaust beam. This barrier prevents electron backstreaming
from the exhaust beam to the source which would result in a power
loss. Again,‘Pverload protection, turn-on surge current capability,

and limitec¢ ripple are rejuirements for this supply.

The barrier voltage required to prevent electron backstreaming
depends upon the positive high voltage and is shown as a function
of thrust in Fig. 62. The current drain on this supply ranges
from 10 percent of the positive high voltage current at low thrust
levels to the order of 1 percent ot high thrust levels. This
current is shown in Fig. 63.
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2.1.4.3 Discharge Power

This supply provides the voltage and current necessary to sustain
the discharge in the engine. This supply is biased at high voltage
(V+) and its output current 1is normally limited to protect the
supply. The discharge power supply output is controlled by a feed-
back control loop as shown in Fig. 37, This control circuitry
modulates the discharge power and senses the magnitude of the re-
sultant modulation on the ion beam current. High beam modulations
indicate that the addition of a small amount of discharge power
will result in a high beam current increase. In this case, the
control increases the average discharge power. The control

effectively maximizes the overall source efficiency.

If a dc discharge power supply is used the current ripple must be
limited to approximately 10 percent of the average current level.

When alternating current power is supplied to the engine (when

multiple anodes are used in a self-rectifying discharge configuration)

inductive filtering must be used in the center tap return line to the

cathode to achieve 10 percent discharge current filtering.

The discharge voltage is nearly the same for all cesium electron
bombardment ion engines. A slight increase in voltage is observed
at the low thrust level. Discharge voltage is shown as a function
of thrust in Fig. 64. The discharge current is a function of

the ion beam current which in turn is a function of thrust level,
so the discharge current is also shown as a function of thrust in
Fig. 65.
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2.1.4,4 Cathode Power

Cathode power is required for large engines only during startup.

For smaller engines, it may be required continuously. The cathode
power serves to bring the cathode to temperatures adequate for
electron emission and, if necessary, to maintain the cathode at

such temperatures. Since the power delivered is converted entirely
into thermal energy, any waveform may be accepted. The power supply
must be isolated at positive high voltage and must be capable of
being turned off for auto-cathode operation. Both preheat and

steady-state cathode power levels are shown in Fig. 66,

2.1.4.5 Magnet Power

A magnet power supply is required when spacecraft constraints pre-
clude the use of permanent magnet materials. This is a low voltage
dc power supply, again isolated at the positive high voltage poten-
tial. Regulation and filtering to within 5 percent is the generally
established requirement for this supply. This power is shown in
Fig. 67.

2.1.4.6 Feed System Power

The feed system requires only pne power supply. This is the vapor-
iger power shown earlier. As in the case of the cathode power
supply, all the electrical energy is converted to thermal energy

so almost any waveform is acceptable. The vaporizer power must be
controllable in order to effect feedback control of the cesium
flowrate. This supply is also isolated at the positive high voltage
potential.
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2.1.4.7 Neutralizer Power

Three neutralizer power supplies are required. The first of these
is the neutralizer anode power. As described earlier, this dc bias
supply is used to establish a discharge from the neutralizer. A no-
load voltage on the order of 100 volts is required in low thrust
applications where low flowrates make the discharge difficult to
initiate. This positive supply is referenced to the neutralizer
common potential at ground. Ripple must be limited to + 50 percent.

The second neutralizer power is the power required to bring the
neutralizer cathode to operating temperature. As a heater supply,
any waveform may be used. The power need not be controlled unless
this function is combined with the neutralizer vaporizer supply.

This supply is also referenced to neutralizer common.

The last neutralizer power supply is that which powers the neutra-
lizer vaporizer. This vaporizer supply must have a controllable
power output referenced to neutralizer common. The output power is
controlled as a function of the neutralizer anode potential or
current in order to effect operation at the minimum reliable cesium

flowrate. This supply can have any comvenient output waveform.

201-408 Pre-heater

One additional supply used in some applications is a pre-heater
supply. This supply powers a heater located in such a position as
to bring the ion engine and its electrodes to a temperature above
the cesium dewpoint at operating flowrates. This supply delivers
power during initial startup only. It can be referenced to ground,

and can use any convenient waveform.
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2.1.4.9 Impedances

The voltage and current for each of the power supplies have been
shown as a function of thrust level. In the case of the cathode
power, vaporizer power, neutralizer cathode power and neutralizer
vaporizer power, only the total power iz shown. These loads can

be varied conveniently between impedances of 1 to 10 ohms. The body
heater would be designed to utilize the maximum availahble pre-heat
power and could be designed to operate with any impedance from 1l ohm

to a few tens of ohms.

2.1.5 SYSTEM CONSIDERATIONS

2.1.5.1 Regponge

Typical turn-on times required for cesium bombardment engine
systems are on the order of 15 to 30 minutes. This response can be
enhanced through specific designs or through utilization of a
standby mode of operation where the thruster is kept at temperatures

adequate to allow immediate turn-on.

Turnoff response is instantaneocus. No problems have been encoun-
tered in turning off cesium bombardment engines by simply removing
all power. Subsequent re-starts are unaffected by this mode of

shutdown.

2.1.5.2 Thrugt Vector Alignment

Thrust vector alignment accuracy is within 2° of the thruster axis
for conventional ion engines. The use of well-controlled fabri-
cation, assembly and alignment processes can yield thrust vector

accuracies on the order of 1/2 to 1°. Thrust vector alignment
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depends principally upon the alignment accuracy achieved between the

two electrodes and 1/2° thrust vector alignment requires that this

electrode alignment be maintained to within 0.00l1 inches after launch.

Thrust deflection has been demonstrated on cesium bombardment micro-

thrusters. Deflection angles of + 5° can be obtained. The techniques

established for thrust vectoring can be applied to any cesium bom-
bardment ion engine and used in conjunction with the spacecraft

attitude control system to cancel thrust vector alignment errors.
2.1.5.3 (Clearance

Ion beam exhaust profiles from cesium electron bombardment ion
engines have been measured by probing the exhaust and examination of
the erosion caused by ion beam impingement on vacuum tank walls
throughout long tests. Approximately 90 percent of the ion beam
falls within a cone of 10° half-angle, while 99 percent of the beam
falls within a 20° half-angle cone. Negligible ion flux is detected
beyond a half-angle of 30°.

when this type of engine is integrated with a spacecraft, care must
be taken to prevent projection of any spacecraft components within
a 30° half-angle cone about the thruster axis. This wili prevent
erosion through sputtering, and deposition of cesium on gpacecraft
surfaces. In order to sustain a monolayer cesium surface coverage
on a spacecraft component, that component must be located well

within a half-angle cone of 20° about the thruster axis.
2.1.5.4 Electrical
Commands must be provided to the power conditioning system to effect

desired operating modes of the engine. The three basic modes are

thruster system off, standby, and on. Thus, operation of the ion
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engine system can be effected through the use of only three commands.
Additional commands are required if throttling and thrust vectoring

are used.

Telemetry is desirable on any spacecraft system to provide diagnostic
information for analysis of failures in flight. Specific performance
measurements can also be made to allow ground command modification of
the thruster system operating levels. Telemetry can range anywhere
from simply the ion beam current up to a complete compliment of a
dozen or more diagnostic channels as have been used on ion engine
flight tests.

2.1.5.5 Thermal

The thermal interface for the cesium electron bombardment ion engine
system presents somewhat unique problems to the spacecraft designer.
First of all, the ion engine may not necessarily be operated in a
continuous mode. This requires that the thermal control measures used
be sufficient to maintain reasonable temperatures under both full
power dissipation and zero power dissipation conditions. Fortun-
ately, the engine feed system and neutralizer operate at relatively
high temperatures and are not severely affected by cold storage
temperatures. Thermal stabilization can be achieved by closely
coupling solar energy to the system, forcing the total power variation
between full load and no load to be negligible, or by coupling the

ion engine system to the spacecraft with a specific thermal impedance.
In either case, the effect 1s to reduce the ratio of maximum to

minimum power radiation from the ion engine system.

The power conditioning may be packaged either with the engine, which
minimizes the spacecraft high voltage wiring, or in a remote location.
Remote operation of the power conditioning unit removes all electronic

components from the environment which is established for the ion
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engine. This allows wider temperature variations on the ion engine
hardware. A thermal interface must be carefully designed for each

application.
2.1.6 DEVELOPMENT STATUS

Cesium electron bombardment ion engines have been developed to a

high level of efficiency. This high efficiency has been demonstrated
as both repeatable and predictable. Nearly identical high performance
has been achieved on life tests of 4,000 and 8,000 hours of 3 x 1072

newton erngine systems, including feed system engine and neutralizer,

Research is presently under way to identify ways to increase effi-
ciency. One of the principal techniques which is promising from
the standpoint of efficiency improvement is scaling from the low
millipound level to the 0.1l newton level. The reduction in wall
area to volume ratio for the discharge chamber and reduction of
cathode losses (present even in the autocathode configuration) is

expected to reduce overall system losses by as much as 50 percent.

Other opportunities present themselves for improving engine effi-
ciency. Cathode design is being studied to reduce the cathode
power. While the cathode in many cesium engines operates in an
autocathode mode, 50 percent or more of the discharge power can be
dissipated in maintaining emission temperatures. In addition to
reducing autocathode losses, new magnetic field configurations used
in mercury electron bombardment ion engines may be used to further

increase engine efficiency.

While there is every reason to believe that significant efficiency
improvements will be made, such projections have not been used in
this study. The effect of such improvements will be realized in a

reduction of the power for any given thrust. It does not appear
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unreasonable to assume that the discharge and cathode powers shown
in this analysis may be reduced by 50 percent within the next few

years.

2.1.7 CONCLUSIONS

The cesium electron-bombardment ion engine system is one of the

most efficient, high specific impulse electric propulsion systems
available. A high degree of coafidence has been established. This
confidence could only be enhanced through additional ground testing
and flight testing. Improvements in efficirncy will come with time.
Future areas of emphasis include research to more fully understand
the detail ’ ionization mechanisms, development of thruster systems
for specific applications, and ground and space life testing. Even
with the existing level of performance, established in 1964, this
thruster systum is one of the most efficient, high-specific-impulse

propulsior systems.
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2.2 MERCURY ELECTRON BOMBARDMENT ENGINE

2.2.1 SUMMARY

The objective of this survey is to present the current status of the

mercury electron-bombardment ion thruster systems as a component of

potential electric propulsion systems for mission application. Descrip-

tions have been given regarding the results of investigations to date
as well as the major development problem areas of the thruster system

and subsystems.

Future desired development areas have been outlined to indicate where

potential thruster system performance gains may be achieved.

In addition to the tables of data and performance figures which have
been given to fully describe the present state of the art for mercury
thruster systems, a 2.5~kilowatt system has been designed and presented
as a mercury thruster system example which includes developments to
date and the expected near-term improvements which can be predicted
with a high degree of confidence.

An exhaustive bibliography is included which may be referred to for

detailed analyses in particular areas.

2.2.2 INTRODUCTION

The objective of this particular discussion on thruster systems is to

give the present status (as of 1967) of the mercury electron-bombardment

ion thruster system as a component of an electric propulsion system,
to describe the major investigations and development problems to date
of the thruster system and its subsystems, and to discuss future devel-

opment and projected system performance.
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The term "thruster systcm' as used throughout is defined to include

(a) the thruster, (b) the feed system, and (c¢) the neutralizer system.
The feed system can be broken down into its subsystems which are the
propellant storage reservoir, transfer line, vaporizer, and isolator.
The neutralizer system can &lso be broken down into its subsystems; the
propellant storage reservoir, transfer line, vaporizer, neutralizer

cathode, and keeper electrode.

Although the performance and electrical requirements of the thruster
system are extensively discussed in the following subsections, the
detailed presentation and discussion of the power-conditioning require-
ments are discussed elsewhere. Only generalized schematics and block
diagrams have been presented here to indicate the function and magnitude
of the specific power requirements of the thruster system.

The first subsection of this discussion is devoted to the operating
principles of the mercury electron-bombardment ion thruster system.

The next subsection presents the current status and a detailed discussion
of the level of development of the mercury thruster system. Numerous
tables and figures have been included to fully illustrate its performance
and capability.

A representgtive 20-centimeter diameter mercury thruster system has
been defined which operates with 2.5 kilowatts of input power and pro-
duces 0.74 newton of thrust at 5000 seconds specific impulse. This
particular thruster system incorporates developments in thruster tech-
nology to date as well as future potential developments. This thruster
system may be used to illustrate the projected performance for future
mission considerations. Further, the system selected has been designed
to take advantage of new, and yet realistic, improvements in many of
the thruster subsystems.
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Future development areas are outlined and discussed briefly to indicate
those areas where improvements could result in the greatest gains to
thruster system performance, reliabili<ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>