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ABSTRACT 

A conceptual design has been made for the High Energy Astronomy 

Observatory (HEAO) Mission C spacecraft and its major systems, includ

ing structural, attitude sensing, attitude control, thermal control, elec

trical power, communications, and data handling. The spacecraft and 

system requirements are based upon a candidate list of experiments con

sisting primarily of two grazing incidence X-ray telescopes and their 

associated detectors. Both the mirrors and detectors are mounted to an 

optical bench which is contained within the spacecraft and which must be 

controlled thermally within narrow limits. 

The mission duration is one to two years in a 300-nautical mile, 

circular, 35-degree inclination, Earth orbit. Attitude control is pro

vided by control moment gyros (CMGs). Momentum saturation of the 

CMGs is prevented by the use of magnetic torquers which react with the 

geomagnetic field to produce desaturating torques on the spacecraft. 

Thermal control of the optical bench is achieved by insulating the bench 

from the spacecraft and choosing a thermal filter of proper design which 

both prevents unwanted solar heat from entering the telescope and also 

controls the heat emitted from the telescope to space. 

Spacecraft ground contact will be limited to data dumps, clock 

updates, and relatively infrequent ground control commands. Both 

STADAN and MSFN ground stations will be used. 

Approved: Approved: 

Harry .Crews, tr.es E. WhitE'r. 
Maner Deputy Director 

Advanced Systems Science and Engineering Division 
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1. INTRODUCTION 

The HEAO-C mission is the third of a four mission sequence of 

high energy astronomy observatory launches. Each spacecraft will 

carry equipment to take electromagnetic radiation measurements that 

cannot be obtained from the Earth's surface. The missions are un

manned, and have Earth orbit lifetimes from one to two years. The 

launch schedule is: 

* HEAO-A - 1974 
* HEAO-B - 1975
 
" HEAO-C - 1976
 
* HEAO-D - 1977. 

Mission A will be primarily a survey mission, Mission B will be divided 

between survey and pointing, Mission C will be pointing exclusively, 

and Mission D will be a random pointing mission. 

A feasibility study of a spacecraft for the HEAO-C mission has 

been performed by Teledyne Brown Engineering. The resulting concep

tual designs of the spacecraft systems are presented in this report. 

In addition, selected analyses were performed for the HEAO-B and 

HEAO-C missions. These results will be found under the appropriate 

system headings. 

MISSION DESCRIPTION 

The objective of the HEAO-C mission is operation of pointed 

to two years. ItX-ray experiments in Earth orbit.for a period of one 

is anticipated that the HEAO-A and -B missions will have resulted in 

the discovery of a large number of celestial X-ray sources and the 

Duringdetermination of their locations to within 1 minute of arc. 

the HEAO-G mission, preselected sources will be viewed by more 

sophisticated instruments for varying periods of.time of the order of 

one-orbit duration. 
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The HEAO-C orbit has not been chosen; however a 300-nautical

mile altitude circular orbit inclined at an angle of 35 degrees to the 

equator was considered typical and was used in the analyses discussed 

in this report. The orbit period is. 96 minutes. The duration of the 

time that the spacecraft is in the Earth's shadow varies from 21 to 36 

minutes, depending upon the angle between the orbit plane and the solar 

vector. 

SPACECRAFT COORDINATE AXES SYSTEM 

The HEAO-C spacecraft coordinate axis. system is shown in 

Figure 1-1. The spacecraft is a 370-inch-long octagonal prism. 

Solar panels are mounted on three of the eight spacecraft sides. Two 

gr'azing incidence X-ray telescope mirrors are located at the viewing 

end of the spacecraft and the focused X-ray detectors are located near 

the opposite end. 

'The origin of the spacecraft coordinate system is the space

craft center of gravity. The.z axis is perpendicular to the middle 

solar panel. The x axis is normal to the z axis and parallel to the 

spacecraft longitudinal axis; the positive direction is the launch 

direction of the launch vehicle, or up as the payload is in position 

on the launch pad. The y axis completes the three-axes right-hand 

coordinate system. In the nominal spacecraft attitude, the z axis is 

pointed to within 15 degrees of the solar vector. 

STUDY GUIDELINES 

Study guidelines, requirements, and goals were provided by 

personnel of the Mission and Payload Planning Office and the 

Preliminary Design Office of Program Development, Marshall Space 

Flight Center, Huntsville, Alabama. 
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* 	 The HEAO-C mission shall be unmanned.. 

* 	 Target launch date - 1976 

* 	 Orbit - Circular, 300-nautical-mile altitude, 35-degree 
inclination to the equator 

* 	 Launch vehicle - Titan III D kick stage 

* 	 Launch site - Eastern Test Range 

" 	 Maximum payload dynamic envelope - 107. 7 inches in 
diarnete r 

* 	 Maximum spacecraft-diameter - 105 inches 

* 	 Spacecraft design goals 

A Low cost 
A High reliability 
A Maximum use of proven components 

* 	 The spacecraft systems and subsystems shall have a 
minimum lifetime of one year with two years desired. 

* 	 The HEAO-C mission will make maximum use of the 
Space Tracking and Data Acquisition Network (STADAN). 
Consideration shall also be given to the use of the 
Manned Space Flight Network (MSFN). 

* 	 Pointing at sources will be accomplished by roll maneuvers 
around the nominally Sun-oriented z axis. 

* 	 For normal operation, the z axis will be oriented to :E15 
degrees of the solar vector. The spacecraft shall be 
capable of continuous operation in this orientation. 

* 	 The spacecraft shall have the capability of operating for 
one orbit each 24 hours at a z-axis orientation to the solar 
vector of as much as 2-30 degrees. 

* 	 The maximum experiment data rate will be compressed 
to 25 kbits/sec. 

* 	 The experiments associated with the X-ray telescopes will 
require 200-five-bit command words per orbit. 

1-4 



* Spacecraft operational requirements 

A 	 The oriented line of sight of the spacecraft to the 
selected target shall be within 1 arc minute of the 
desired direction. 

A 	 The oriented line of sight of the spacecraft shall be 
confined within an error circle of less than 1 arc 
second in diameter during 1 second of time. 

A 	 Spacecraft angular error about the optical (X-ray 
telescopes) axis shall be controlled to ± 5 arc 
minutes. 

A 	 The spececraft should have. the capability to point at 
selected targets for at least two-thirds of an orbit. 

A 	 The spacecraft will have the capability to perform a 
100 degree rotation maneuver about the Sun line 
(spacecraft z axis) in one-third of an orbit (3Z minutes). 

A 	 The spacecraft will have the capability to rotate 360 
degrees about the optical line of sight (X-ray telescope 
axis) during the minimum dark portion of an orbit 
(21 minutes). 

* 	 Other spacecraft requirements 

A 	 The spacecraft shall provide clock signals which must 
be accurate to at least 0. 1 millisecond per day for 
pulsar observations. Absolute timing accuracy must be 
within 0. 1 millisecond. 

A 	 The spacecraft and spacecraft experiment interfaces 
will be designed so that single-point failures will have 
a minimum effect on mission success. 

A 	 Meteoroid protection will be provided for all spacecraft 
components. 

Searches were made to determine the availability of-suitable 

proven components for use in the spacecraft system conceptual 
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designs. In some cases, suitable components were identified and 

designated as part of a baseline system. In cases for which suitable 

proven components were not available, the required characteristics 

were identified and components weights and power requirements were 

estimated. The identification of specific components was not meant 

to constitute a recommendation, but simply an indication that qualified 

components are available. 
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2. EXPERIMENTS 

The HEAO-C experimental package consists of a group of 

highly specialized experiment components which operate both indepen

dently and with one another to perform detailed investigations of dis

crete X-ray sources. All of the experiments considered in this study, 

with the exception of the scintillation counter, were'based on a proposal 

for HEAO submitted by American Science and Engineering, Inc. (AS&E), 

Massachusetts Institute of Technology (MIT), Columbia University, and 

Goddard Space Flight Center.(Ref. 2-1). The Principal Investigator is 

Dr. R. Giacconni of AS&E. 

Two large X-ray mirrors provide X-ray images of sources that 

are then analyzed by the optical bench experiments which may be inter

changed in the focal plane of the mirrors. An optical bench rigidly 

connects the mirrors with the focal plane experiments. In addition to 

the experiments that are associated with the X-ray mirrors, there are 

three additional "front-end" experiments which view along the telescope 

axis. A flare detector is used to observe transient events that occur 

within a large segment of the sky. The experiment components, along 

with their weights, power requirements and envelope dimensions, are 

listed in Table 2-1. Their locations on the HEAO-C spacecraft are 

shown in Figure 2-1. The interrelation of the experiment components 

and their various modes of operation are shown in Figure 2-2. From 

this figure, it can be seen that there are a large number of experimental 

combinations and possible modes of operation. This versatility gives the 

HEAO-C spacecraft the capability to perform a wide range of observations 

on any of the anticipated X-ray sources. 
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TABLE 2-1. HEAO-C EXPERIMENT WEIGHTS AND POWER REQUIREMENTS
 

Experiment Components 


OPTICAL BENCH 


HIGH RESOLUTION TELESCOPE
 

HR Mirror Assembly 

HR Image Detector 


Electronics Module 

HR Polarization Crystal 

HR Crystal Spectrometer 

HR Experiment Transport
 

Mechanisms 

Transmission Grating 

Filter Wheel 


LARGE AREA TELESCOPE
 

LA Mirror Assembly 

LA Image Detector 


Electronics Module 

Multiple Polarimeter 


Electronics Module 

Solid State Detector 


Electronics Module 

LA Experiment Transport
 

Mechanisms 

Mosaic Crystal 


Electronics Module 


Field 

of 


View 


60' 

17' 


17' 


17' 


60' 

26' 


5'-


5' 


5' 


Abbreviation 


OB 


HR 

Il 

IIE 

PC 

CS 


Tl 

TG 

FW 


LA 

12 

12E 

MP 

MPE 

SS 

SSE 


T2 

MC 

MCE 


Weight 

(lb) 


1,515
 

2,025
 
20 

24 

5
 

397 


70 

60 

40 


2,400
 
100 

50 

20 

60 

90 

25 


115 

300 

10 


Power (W)
 
Inside Outside
 
Bench Bench
 

13.5 
19.0 

21.0* 

** 
** 
** 

1.0 
13.5 
1.0 
8.6 
2.0 

6.2* 

** 
** 
0.5 



TABLE 2-1. - Continued
 

ExDeriment Components 

Field 
of 

View Abbreviation 

FLARE DETECTORS 

Coarse Detector (4) 
Fine Detector (1) 
Electronics Modules (5) 

900 x 300 
80 

FDl 
FD2 
FOE 

SCINTILLATION COUNTER 20 SC 

MONITOR PROPORTIONAL COUNTER 10 MPC 

Electronics Module PCE 

FLAT CRYSTAL SPECTROMETER 10 FC 

Electronics Modules (2) FCE 

ASPECT DETECTOR 7.50 AD 

Electronics Modules ADE 

COMPUTER C 

CABLING 

On Bench 
On Spacecraft 

- 30 
- 130 

TOTAL 

*Not to be included inmaximum power configuration
 
**Uses 6 watts during operation; duty cycle is negligible
 

***Uses 1 watt during operation; duty cycle isnegligible
 

Weight 

(Ib) 


60 

27
 

150 


316 


98 


44 


110
 

52 


100 


21 


72 


160
 

8,536 


Inside 

Bench 


1.0
 

8.0
 

28.5 


Power (W)
 
Outside
 
Bench
 

4.0
 

32.0
 

11.0
 

8.0
 

15.0
 

6.0
 

145.0
 

262.6
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OPTICAL BENCH EXPERIMENTS:
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ALIGNMENT AND POINTING REQUIREMENTS 

All experiments are required to be aligned to a common axis 

with an accuracy of approximately one-tenth of their field of view. The 

alignment must be maintained throughout the orbital lifetime despite 

deformations of the spacecraft structure. The optical bench structure 

is designed to maintain the required alignment and all experiments 

except the scintillation counter and the mosaic crystal will be rigidly 

coupled to it. 

The pointing requirement for the optical bench axis is that it be 

oriented within a half-cone angle of one (1) arc minute of the required 

source direction. The drift rate within this angle is required to be less 

than one (1) arc second per second of time about any axis. The angular 

error about the optical bench axis is required to be less than 5 arc 

minutes in either direction. There is no requirement for the space

craft to perform slow scan maneuvers while operating the experiments. 

OBSERVATIONAL REQUIREMENTS 

The general observational plan for HEAO-C will be to perform 

a predetermined sequence of experiments on known X-ray sources with 

the requirement that the spacecraft z axis (normal to the middle solar 

panel) be maintained within 15 degrees of the solar vector and the x-axis 

(optical bench axis) of the spacecraft will be within one (1) arc minute 

of the desired X-ray source vector. Aspect information for experimental 

data reduction will be provided by the aspect system which is a part of 

the experimental package. Aspect data will be analyzed on the ground to 

determine the telescope pointing direction to within one arc second. 

Two important deviations from the general observational plan are 

required by the mosaic crystal spectrometer experiment and the imaging 

polarimetry experiment. For observations by the mosaic crystal, the 
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X-ray source will be in the general observing band (-115 degrees from the 

normal to the solar vector) but will be from 50 to 140 degrees from the 

spacecraft x axis, depending on the angle setting of the mosaic crystal. 

Imaging polarimetry experiments will be performed by rotating the 

spacecraft about the x axis for observations during a 20- to 36-minute 

period while the spacecraft is in darkness. 

Transient events observed by the flare detectors m.ay necessitate 

further excursions of the spacecraft x axis of up to 15 degrees on either 

side of the general observing band. In these cases, the decreased solar 

power available to the spacecraft may alter the normal experiment 

sequencing in order to conserve power. Figure 2-3 shows the geometry 

of 	the HEAO-C observations. 

OBSERVATION PROGRAM 

Because of the extremely large number of possible experimental 

modes (over 1000) and the unknown number and nature of the X-ray 

sources to be observed, a detailed observational program for the 

HEAO-C spacecraft would be impossible to formulate at this time. 

In 	actual operation, the HEAO-C observational program will be deter

mined by the Principal Investigators and the Guest Observers. Most 

likely, the observational program will be modified during the orbital 

lifetime of the spacecraft according to the quality of the data received, 

the discovery of new phenomena of known X-ray sources, and the 

discovery of new X-ray sources. However, for the present feasibility 

study of the HEAO-C spacecraft, it is necessary to make estimates of 

* 	 The number of sources that will be observed by the 

HEAO-C spacecraft 

* 	 The types of experiments and duration of the experi

ments that will be performed on each source 

* 	 A representative sequence of observations performed 

by the HEAO-C spacecraft. 
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These estimates will be used for planning purposes in the areas of 

attitude control, power requirements and the mission profile in the 

current study. 

It is assumed that the observational program will be determined 

by the optical bench experiments. Other experiments, which are con

strained to view along the optical bench axis but do not use the X-ray 

mirrors, will usually operate simultaneously with the optical bench 

experiments but will not affect the observational program. Table Z-2 

lists the various optical bench experiments and the telescope mirrors 

and instruments that they employ. 

Number of Sources 

At present, there are 53 confirmed X-ray sources with widely 

differing properties and intensities. Most of these objects are near 

the Galactic plane and thus are assumed to be in our galaxy. In the 

next few years, more sensitive X-ray surveys of the celestial sphere 

will identify the locations of thousands of new X-ray sources. In 

Table 2-3 the expected intensity distribution of X-ray sources is 

estimated. X-ray magnitudes from I to IX were assigned to the hypo

thetical sources based on the photon flux from 2 keV to 10 key. The 

number of sources expected at each magnitude level or brighter was 

derived assuming that this number is inversely proportional to the 

first power cf the X-ray flux. This assumption follows from the two

dimensional nature of the source distribution within the Galaxy. Modi

fications to this distribtuion may be expected because of extragalactic 

sources, interstellar absorption and variations in intrinsic X-ray source 

luminosity; however, the modifications from the above effects on the 

actual source distribution are unknown at this time. For the present, 

the source distribution given in Table 2-3 will be used. This distribu

tion closely matches the known X-ray source distribution for X-ray 

magnitudes I to IV, as given in Column 4 of Table 2-3. 
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TABLE 2-2. OPTICAL BENCH EXPERIMENTS
 

Experiment Mirror and Instruments*
 

Image Observations
 

High Resolution Image Detector 


High Efficiency Image Detector 


High Speed Spectroscopy
 

Transmission Grating 


Solid State Detector 


Mosaic Crystal Spectroscopy 


Low Speed Spectroscopy 


Polarimetry
 

Imaging Polarimetry 


Multiple Polarimetry 


Flare Observations 


* See Table 2-1 for abbreviations. 

HR-Il-FW
 

LA-12
 

HR-Il-TG
 

LA-SS
 

LA-12-MC
 

HR-CS
 

HR-Il-PC
 

LA-MP
 

Combination
 
of Above
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F* 
X-Ray Photons 

Mag. (cm2-sec) 
I 10 

II 3 

III 1 

IV 0.3 
V 0.1 

Vi. 0.03 

VII 0.01 
VIII. 0.003 

IX 0.001 

Note: *2 to 10 KeY 

TABLE 2-3. 


-1 -0
No. = 10 F

(Cumulative) 
1 

3 

10 


30 

100 


300 


1,000 

3,000 


10,000 


X-RAY SOURCE INTENSITY DISTRIBUTION
 

HEAO-C Experiments
 

Known 
at 

Estimated 
Known By U o L 

Present 1975 
(n)C L.V M 

1 1 
cm)C
LC 

- RCt
L - j 

2 2 V CD 
10 10 

C-) -JLU 
CA< -j 

I-- enMi 

34 34 C C/ 
53 100 40 

300 
LU CL 

200 

1,000 400
 
3,000 800
 

4,000 4,000 4,0004,000
 

Number of Sources to be Observed
 



Also shown in Table 2-3 are the types of experiments that may be 

performed by the HEAO-C spacecraft on the various magnitude sources. 

For example, all 4, 000 sources that are assumed to have been identified 

by the time of HEAO-C mission will undergo image observations and 

high speed spectroscopy; however, only 40 sources will be so intense 

as to permit observations by the imaging polarimetry experiment. 

Using the number of sources to be observed by'each type of 

experiment as given in Table 2-3, a preliminary time budget for one 

year of operation of the HEAO-C spacecraft may be made. The observa

tion time per source per experiment is assumed to range from 30 to 100 

minutes, as given in Column 2 of Table 2-4. It is assumed that a total 

of 8, 800 spacecraft maneuvers will be made during the first year, with 

an average maneuvering angle of 5 degrees and an average maneuvering 

time of 5 minutes, including the final nulling of the attitude control 

system. In addition to performing observations and maneuvering, the 

spacecraft will be occulted by the Earth for an estimated 17 percent of 

the time. It is assumed that the observational program will be based in 

part upon the spacecraft orbital parameters so that the occultation time 

will be minimized. 

Typical Day's Observations 

Using the time budget for observations outlined.above, it is now 

possible to derive a sequence of observations that would be typical of 

those performed during one day of operation of the HEAO-C spacecraft. 

Naturally, the actual observational sequence will vary greatly from day 

to day, depending upon the sources observed; but it is useful to define 

a nominal day for planning purposes in the areas of power consumption 

and attitude control. 

On the average, ten or eleven sources will be observed each day 

throughout the year. The sources to be observed and the experiment 
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TABLE 2-4. 


Experiment 


Image Observations 


High Speed Spectroscopy 


Mosaic Crystal Spectroscopy 


Low Speed Spectroscopy 


Multiple Polarimetry 


Imaging Polarimetry 


Flare Observations 


TOTALS 


Maneuvers 


Direct Source Observations 


Mosaic Crystal Observations 


Total Number of Maneuvers Required 


HEAO-C TIME BUDGET FOR ONE-YEAR OPERATION (PRELIMINARY)
 

Observation Time 

per Source 


(min) 


30 H.R.,35 L.R. 


30 


(6 x 15) = 90 


100 


30 


60 


1,000 


Number 


4,000 


4,800 


8,800 


Total Observation 
Number of Percent of Time (hr) 
Sources Sources H.R. Telescope L.A. Telescope 

4,000 100 

4,000 100 

800 20 

400 10 

200 5 

40 1 

12 

Summary
 

Viewing Time 


Maneuvering Time 


Transport Experiment 

Occultation 


TOTALS 


2,000 2,300 

2,000 2,300 

0 1,200 

660 0 

0 100 

40 0 

200 200 

4,900 §,100 

70% 6,100 hr 

8% 730 hr 

5% 400 hr 
17% 1,530 hr 

100% 8,760 hr/yr 



sequences will be predetermined and stored on board the spacecraft. 

For this particular day's observations, it is assumed that the space

craft is to view ten sources in an area of the celestial sphere that is 

within the general observing band and is at galactic midlatitudes. In 

this region, the number of X-ray sources per unit area of the sky is 

about one-half of the average so that the spacecraft maneuvers betveen 

sources are about twice that of the average. These sources are contained 

in an area 12 by 18 degrees, which is equivalent to 1/191 of the celestial 

sphere. The source positions within this area were located by a random, 

process and are shown in Figure 2-4. Table 2-5 lists the magnitudes 

and identifications of the 10 hypothetical sources. These characteristics

were also assigned in a random manner but are typical of those expected 

in such a sample. The experiments to be performed for each source 

depend upon the intensity and nature of the source, according to 

Table Z-3. Table 2-6 lists the sequence and duration of the various 

experiments and maneuvers that are performed during the day and 

Table 2-7 summarizes the time allocations for each of the ten sources. 

EXPERIMENT CONTROL AND DATA MANAGEMENT SYSTEM 

Reference 2-1 contains, as part of the experiment package, a 

data management and experiment control. system designed to reduce 

the overall telemetry and command requirements of the spacecraft. 

The functions of the data management system are as follows: 

* 	 To provide onboard processing of selected observational 
data to reduce the amount of telemetry output data in 
order to remain within the constraints of the maximum 
telemetry data rate 

* 	 To provide optimum telemetry output data formats 
corresponding to observational modes involving 
different combinations of activi experiments 
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TABLE 2-5. SOURCES OBSERVED
 

Source X-Ray 

No. Magnitude Identification Experiments (Opt. Bench) 

1 VIII Unidentified HR-Il-FW, TG; LA-12, SS 

2 IX Unidentified HR-II-FW, TG; LA-12, SS 

3 VIII Unidentified HR-II-FW, TG; LA-12, SS 

4 V Unidentified HR-Il-FW, TG; LA-12, SS, MC-LA-12, LA-MP-12, HR-CS 

5 VII Spiral Galaxy HR-Il-FW, TG; LA-12, SS, MC-LA-12, HR-CS 

6 VIII Unidentified HR-II-FW, TG; LA-12, SS 

7 VIII Near Pulsar HR-I1-FW, TG; LA-12, SS 

8 VIII Unidentified HR-Il-FW, TG; LA-12, SS 

9 VII Unidentified HR-I1-FW, TG; LA-12, SS 

10 VIII Unidentified HR-I1-FW, TG; LA-12, SS 



TABLE 2-6. SEQUENCE AND DURATION OF TYPICAL DAY'S OBSERVATIONS
 

Event 


Maneuver to Source No. 1 

*
(Pitch +50, Yaw ±50)
 

Experiment Sequence**
 
HR-Il-FW; LA-SS 


Transport Experiments 

HR-Il-TG; LA-12 


Maneuver to Source No. 2 

(Pitch +10, Yaw +60)
 

Experiment Sequence
 
HR-I-TG; LA-12. 


Transport Experiments 

HR-I1-FW; LA-SS 


Maneuver to Source No. 3 

(Pitch +10, Yaw -10)
 

Experiment Sequence: Similar to Source No. 1 


Maneuver to Source No. 4 

(Pitch +30, Yaw +10)
 

Experiment Sequence:
 
HR-I1-TG; LA-SS 


Transport Experiments 

HR-CS; LA-MP-12 


Transport Experiments 

HR-Il-FW; LA-SS 


Deploy Mosaic Crystal,
 
Transport Experiments 


Mosaic Crystal Observations 

MC and S/C Maneuvers (6) 


Remove MC, Transport Experiments,
 
Maneuver to Source No. 5 


°
(Pitch -l , Yaw -40)
 

Experiment Sequence: Similar to Source No. 4,
 
Substitute LA-12 for LA-MP-12 


Remove MC, Transport Experiments, Maneuver
 
to Source No. 6 

(Pitch +10, Yaw -30)
 

Experiment Sequence: Similar to Source No. 2 


Duration

(min)
 

5
 

30
 

5
 
30
 

5
 

30
 

5
 
30
 

5
 

65.
 

5
 

30
 

5
 
100
 

5
 
30
 

10
 

60
 
30
 

10
 

270
 

10
 

65
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TABLE 2-6. - Concluded
 

Duration
 
Event (min)
 

Maneuver to Source No. 7
 
(Pitch +30, Yaw -20) 5
 

Experiment Sequence
 
HR-Il-FW; LA-12 60
 

Transport Experiments 5
 
HR-Il-TG; LA-SS 30
 

Maneuver to Source No. 8 5
 
(Pitch +3', Yaw +30)
 

Experiment Sequence: Similar to Source No. 1 65
 
Maneuver to Source No. 9 5
 

°
 (Pitch +3', Yaw +3 )
 

Experiment Sequence: Similar to Source No. 1 65
 
Maneuver to Source No. 10 5
 

(Pitch 00, Yaw -40)
 

Experiment Sequence: Similar to Source No. 1 65
 

* Pitch = Rotation about Spacecraft X-axis
 
Yaw = Rotation about Spacecraft Y-axis
 

** See Table 1 for experiment abbreviations. 
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TABLE 2-7. SUMMARY OF TIME ALLOCATIONS
 

Maneuvering and Observing
 
Transporting Experiments Time
 

Source (min) (min)
 

1 10 60
 

2 10 60
 

3 10 60
 

4 55 220
 

5 60 220
 

6 15 60
 

7 10 90
 

8 10 60
 

9 10 60
 

10 10 60
 

TOTAL 200 950
 

1,150 min Total
 

Earth Occultation (17%) 230 

1,380 = 23.0 hr 
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e 	 To provide control of instrumentation requiring real
time calculation of and implementation of X-ray source 
positional data 

* 	 To provide onboard storage and execution of complex 
and/or lengthy command sequences, thus relieving 
the command system of the requirement to process 
these sequences by ground command 

* 	 To provide monitoring of selected data from the 
experiments, providing improved quick-look capability 
with respect to the operational condition of the various 
experiments. 

The data management system will supply to the spacecraft 

telemetry system a constant experiment data stream in a variable 

format of 25 kbits/sec. The command system for the spacecraft 

experiments should be capable of providing 300 command words per 

orbit (average). The spacecraft clock should be accurate to at least 

0. 1 msec/day, as required for pulsar observations. The absolute 

timing accuracy should be 0. 1 millisecond or greater. 

RADIATION TOLERANCE 

The preliminary nature of the experiments does not allow a 

detailed analysis of the susceptibility of the experiments to external 

radiation. However, several general statements may be made regard

ing radiation limits. 

The detectors with large surfaces exposed to the outside of the 

spacecraft such as the coarse flare detectors and the monitor propor

tional counter will be more susceptible to being saturated than the less 

exposed detectors such as those in the focal regions of the X-ray mirrors. 

Saturation of these detectors could permanently damage them so that pro

vision must be made to turn them off before their saturation limit is 

reached. A rough estimate of the saturation flux is 104 energetic 

photons or particles/cm -sec incident on the detectors. 
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At low orbital altitudes and inclinations, saturation fluxes would 

occur only in regions of the South Atlantic Anomaly. Figures 2-5 and 

2-6 show the flux contours at 324 n. mi. (600 kin) in particles/cm2 -sec 

for electrons with energies greater than 1 MeV and protons with energies 

greater than 5 MeV (Ref. 2-2). The regions of fluxes greater than 104 

would most likely saturate the exposed detectors; however, the effect 

on the focal plane detectors would depend upon the radiation transport, 

mainly by electron bremsstrahlung, from the surface of the spacecraft 

to the focal region. The average time that the HEAO-C spacecraft will 

spend within the 104 flux contour is estimated to be 5 to 10 percent, 

assuming a 300 n. mi. altitude, 35-degree inclination orbit. 

Another potential radiation problem is the effect of prolonged 

radiation exposure of the mosaic crystal spectrometer. High energy 

protons could damage the lattice structure of the crystals and thereby 

reduce their reflection efficiency. The major contribution of damaging 

radiation will come from high energy protons (greater than 1 MeV) in 

the region of the South Atlantic Anomaly. If further study provides 

evidence of a serious degradation of the mosaic crystal by radiation, 

provision may be made for storage in a shield when the experiment is 

not in operation. 

Because of the sensitivity of the detectors to radiation, no 

radioactive materials should be placed aboard the HEAO-C spacecraft. 

MAGNETIC FIELD TOLERANCE 

Experiments aboard HEAO-C that contain photomultiplier tubes 

or image tubes will be affected by strong magnetic fields. It is assumed 

that such components will contain magnetic shields capable of reducing 

the ambient field by at least a factor of 100. These experiments include 

the scintillation counter, the aspect detector, and the high resolution 
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image detector. Magnetic fields generated by spacecraft components 

such as the magnetic torquers are not expected to produce fields 

greater than 10 gauss at any of the above experiments. 

THERMAL CONTROL REQUIREMENTS 

The thermal requirements for components within the optical 

bench are derived from the alignment and focusing requirements of the 

two telescopes. The overall thermal requirement for the optical bench 

system is that it should be maintained at a temperature of 706 E 106F. 

The derivation of these requirements is presented in Section 7. The 

temperature limits for the exterior of all other experiment components 

are undefined at this time. It is assumed that they will all operate 

properly in the temperature range of 140 t6 86 0 F (-100 to +300C). 
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3. SPACECRAFT DESCRIPTION 

CONFIGURATION 

The configuration of the HEAO-C spacecraft is an octagonal 

prism of two sections, a 360-inch straight section and a 10-inch tapered 

section. The maximum spacecraft cross section dimension is 105 

inches. This configuration is quite similar to that of the HEAO-A 

spacecraft. The 10-inch tapered section was needed to accommodate 

some components that could not be located in the 360-inch section 

occupied by the optical bench. Some adjustment in side dimensions 

was necessary to prevent the solar panel corners from extending past 

the maximum allowable diameter of 105 inches. 

The majority of the spacecraft interior is occupied by the 

optical bench. The optical bench is a rigid 360-inch long structure. 

Two grazing incidence X-ray telescope mirrors are mounted near the 

viewing end of the spacecraft and X-ray detectors and other associated 

instruments are mounted near the opposite end of the optical bench. 

All spacecraft system components are mounted external to the optical 

bench. The locations of the major system components are shown in 

the isometric drawing of Figure 3-1. The experiment -locations were 

shown in Figure Z-I of Section 2. The optical bench is shown in Fig

ure 4-1 of Section 4. 

SPACECRAFT SYSTEMS 

The HEAO-C spacecraft has one passive system, the structure, 

and the following active systems: 

* Attitude Sensing 
* Attitude Control 

* Thermal Control 
* Electrical Power 

* Communications and Data Handling. 
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The experiments, although not a spacecraft system, must be treated 

as an active system since they have interfaces with the spacecraft 

power and communications and data handling systems. 

Functions and Interfaces' 

Attitude Sensing - The function of the attitude sensing system 

is to determine the orientation, or attitude, of the spacecraft at all 

times, to provide this information to the communication and data

handling system for recording, and to the attitude control system to 

be used in maintaining the desired spacecraft attitude. The space

craft attitude is determined by processing signals from visual and 

inertial sensors. The attitude is then compared with a reference 

position to determine the error magnitude and direction. 

The attitude sensing system interfaces with the attitude control 

system, the electrical power system, and with the communications 

and data handling system. The interface between the attitude sensing 

and attitude control systems is the spacecraft control computer, 

where the analog voltage signals from the sensors are processed to 

determine the spacecraft attitude. This attitude is then compared 

with the desired attitude and, if necessary, the appropriate commands 

are routed to the attitude control system for an attitude adjustment. 

The commodities transferred across the interface are information and 

commands and the most appropriate method of transmission is believed 

to be analog voltage. 

The interface with the power system for this and all other 

active systems is for the supply of electrical power. Power is trans

ferred in the form of Z8 Vdc. No other form of power is required by 

the attitude sensing system. 
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The interface with the communications and data handling sys

tern is for the transfer of system status information. - This data is 

transferred in the form of an analog voltage signal which is conditioned 

and converted to a digital signal. The data is recorded for trans

mission to a ground station; a portion of this data will also be trans

mitted in real time by the beacon transmitter. 

Attitude Control - The function of the attitude control system 

is to maintain the spacecraft attitude (orientation) to within the pre

scribed limits of the reference attitude. Attitude control torques will 

be provided by a system of control moment gyros (CMGs). CMG 

desaturation will be provided by magnetic torquers that react with the 

geomagnetic field to produce torques on the spacecraft. One magnetic 

torquer will be mounted parallel to each spacecraft axis. 

The attitude control system interfaces with the attitude sensing 

system, the electric power system, and the communications and data 

handling system. As with the attitude sensing system, the interfaces 

with the power and communications and data handling systems are for 

the transfer of electric power and system status information, respec

tively. Alternating current is required for the control moment gyro 

rotor motors. The 28 Vdc power received from the spacecraft power 

system is converted into the appropriate form by power conditioning 

equipment that is a part of the CIvIG subsystem. 

Thermal Control System - The function of the thermal control 

system is to maintain all experiments and spacecraft components within 

prescribed temperature limits. The most critical subsystem is the 

optical bench, which must be controlled to a temperature of 70 +100F. 

Almost all of the spacecraft system components are located on the 

side of the spacecraft opposite the solar panels. The reasons for 
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this are because there is more room there and because the back side 

of the spacecraft is much cooler than the solar panel side. 

The optical bench is covered on all sides and on one end by a 

1. 5-inch thick layer of superinsulation. The only heat path for dissi

pation of heat given off by the experiments inside the bench is through 

the thermal filter over the viewing end of the spacecraft. The function 

of the thermal filter is to prevent the transmission of too much solar 

and planetary thermal radiation into the optical bench and to permit 

the radiation of the heat given off by the optical bench experiments. 

When the heat dissipated by experiments within the optical bench is 

low, strip heaters are activated to maintain the bench temperature 

within the prescribed limits. 

The thermal control system interfaces with the electrical power 

system and with the communications and data handling system. Power 

is supplied in the form of Z8 Vdc for use by the strip heaters and by 

temperature sensors. System status information is transferred to 

the communications and data handling system in digital form by way 

of the experiment data management subsystem. 

Electrical Power - The function of the electrical power system 

is to supply all experiments and systems with regulated electrical 

power at 28 Vdc. The baseline power system consists of solar panels 

and rechargable batteries. The power system interfaces with the 

attitude sensing system, the attitude control system, the thermal con

trol system, the communications and data handling system, and with 

the experiments. All power is transferred across the system inter

face in the form of regulated 28 Vdc power. Power system status 

information is transmitted to the communications and data handling 

system in the form of analog voltage signals. 
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COMMUNICATIONS AND DATA HANDLING 

The function of the communications and data handling system 

is to record and telemeter all experiment and spacecraft data to ground 

receiving stations and to receive, acknowledge, and execute commands 

from ground stations. An S-band system will be used for data trans

mission to selected Satellite Tracking and Data Acquisition Network 

(STADAN) and Manned Space Flight Network (MSFN) stations. 

The communications and data handling system interfaces with 

the experiments, the attitude sensing system, the attitude control 

system, the electrical power system, and the thermal control system. 

Experiment data, experiment status information, and commands are 

transferred across the experiment-communications and data handling 

system interface. System status data and commands are transferred 

across the spacecraft systems interfaces. Information is transferred 

to the communications and data handling system in the form of analog 

and digital signals. The analog signals are converted to digital signals 

and combined with the digital stream which is then multiplexed and 

recorded on tape for later transmission to ground stations. A portion 

of the systems status data is also transmitted in real time by the 

beacon transmitter. 

Component Locations 

The locations of experiments on the HEAO-C spacecraft were 

shown previously in Figure 2-1. The system component locations are 

shown in Figure 3-2. The components are identified in Table 3-1. 

During the majority of the current study it was believed that 

fixed star trackers would be capable of providing the required star 

reference data and this thinking is evidenced in the layout drawing of 

Figure 3-2, which includes two of these instruments. It was later 
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TABLE 3-1. HEAO-C SYSTEMS COMPONENTS LIST
 

Unit Unit Unit Power Unit Heat Operational 
Identification 

Number 
Number 
Required 

Weight 
(ib) 

Size 
(in.) 

Required 
(W) 

Operating 
Time 

Dissipated 
(W) 

Temperature 
Allowed (0F) 

Communications and Data 
Handling System 

Ai Tape Recordbrs -4 15 5x8x7 25 Maximum (Play) 12 min/orbit 25 0 to 130 

5 Minimum (Record) Continuous 5 

A2 Switching Network 2 10 2x8xl2 0 Continuous N/A Max. 160 

A3 Beacon Transmitters 2 1 5x2x7 4 Maximum Continuous 2 Max. 160 

A4 S7Band Antennas 4 1 4 Dia. N/A N/A Unlimited 

A5 Power- Combiner 1 10 Ixlx2 N/A Continuous N/A Unlimited 

A6 Command Receiver 2 1 4x5xl 0.4 Maximum Continuous 0.4/0.2, Max. 160 
0.2 Minimum 

A7 VHF Antenna 4 1 22 Long N/A Continuous N/A Unlimited 

AB Command Decoder 1 6 8x6x3 4 Maximum Continuous 4 Max. 160 

A9 Multiplexer 1 8 6x6x10 5 Maximum Continuous 5 Max. 160 

AID Signal Conditioner 1 3 3x2x4 8 Maximum Qntinuous 8 Max. 160 

All Computer 1 72 13xllx9 145 Maximum Continuods 145 0 to 120 

A12 S-Band Decoder/Transmitter 2 36 20xlOx4 30 Continuous 30 Max. 160 

A13 S-Band Power Amplifiers 2 18 15x8c4 130 Maximum 
15 Minimum 

12 min/orbit 
Continuous 

110 for 12 min. 
15 remainder 
of orbit. 

Max. 160 

Electrical Power System 

Bi Solar Cell Modules 84 3.5 20x25xl/2 N/A Continuous N/A Max. 212 

B2 Solar Combiners 7 15 6x64 N/A1 Continuous 15 Max. 160 

W B3 Charger Battery Reg. Modules 9 110 17x23x5 N/A1 Continuous 70 20 ,Minimum 

10 B4 Load Distributors 2 30 16x14x8 N/AI Continuous 30 Max. 160 



ul 	 TABLE 3-1- Concluded 

0 dUnit 	 Unit Unit Power Unit Heat Operational 
Size Required Operating Dissipated TemperatureIdentification 	 Number Weight 


Number Required (lb) (in.) 	 (W) Time M Allowed (OF) 

Attitude Sensing System
 

Cl Star Tracker2 2 40 5 Dia. x 10 25 Continuous 25 0 to 140
 

C2 Fine Sum Sensor 1 2 lxlxl/2 1 Continuous N/A -10 to 140
 

C3 Coarse Sun Sensors 8 1 1 Dia. x 5/8 .125 Continuous N/A -10 to 140
 

C4 	 Three Reference Gyros, Gyro 1 7 O10xO5 35 Continuous 35 0 to 140
 
and Sun Sensor Electronic
 
Module
 

C5 Coarse Flare Detectors 4 15 8x8x3 	 1 Continuous I Unknown
 

1 <1% 1 Unknown
C6 Fine Flare Detector 	 1 27 8x8x48 


5 30 )2x~x8 6.4 4 Continuous 6.4 Max. 160
C7 	 Flare Detector 

Electronic Modules 1 - 4% 6.4
 

Ca 	 Aspect Detector 1 100 7 Dia x 50 8 Continuous. 8 Unknown
 

C9 	 Aspect Detector 1 21 12x5x8 6 Continuous 6 Max. 160
 
Electronic Module
 

Attitude Control System
 

DI Control Moment Gyros 6 45 25x2Ox18 15 (average) Continuous 15 -40 to 120
 

31 2 Dia. x 90 7 (average) 2/3 of orbit 7 -30 to 120
02 Magnetic Control Torquers 	 3 


1 1 1 Continuous 1 -30 to 120
D3 Single Axis Magnetometer 


1 1 I Continuous 1 +30 to 120
D4 Double Axis Magnetometer 


D5 Three Axis Magnetometer and 1 17 Sx5XlO 3 Continuous 3 -30 to 120
 
* 20 ft.Boom 

Boom
 

06 N2 Cold Gas Nozzles 12 .33 lxlxl N/A N/A N/A
 

D7 N2 Tanks 2 7.5 .9in.Dia. N/A N/A N/A
 

DO Values and Lines 29 0 Pulsed 0
 

Power dissipated Is allowed for in the power conversion performance factor.
NOTES: 1. Heat is dissipated due to inefficiency inthe units. 

2. Fixed star trackers are shown in the layout of Figure 3-2. However, the use of gimballed trackers has been assumed for the
 

HEAD-C mission and appropriate weight and power requirement allowances have been made.
 



decided that fixed star trackers might not be adequate and that gim

balled star trackers might be required. The analysis required to 

determine whether or not the fixed instrument could fulfill the mis

sion requirements is beyond the scope of the present study. Since 

the adequacy of the fixed trackers is questionable at this time, the 

use of gimballed trackers has been assumed and appropriate al

lowances in system weight and power requirements were made. How

ever, the larger volume required by the gimballed trackers was not 

available at the fixed tracker locations on the layouts. Accommodation 

of the gimballed trackers will require some modification of the lay

out shown in Figure 3-2. 

Weight and Power Summaries 

The spacecraft weight summary by systems is given in Table 

3-2. System weight breakdowns are given in the system description 

sections of the report. The payload separation mechanism includes 

the pyrotechnics, wiring, and control circuits necessary to separate 

the payload from the booster at orbit injection.. The payload truss 

connects the base of the spacecraft (viewing end) to the booster; it 

distributes the payload weight to the booster attach points. 

The spacecraft power requirement summary by systems is 

given in Table 3-3. System power requirement breakdowns are given 

in the system description sections of the report. 

MISSIONS B AND D SYSTEM INTERFACES AND FLIGHT 
DIFFERENCES 

The HEAO-B and HEAO-D spacecrafts will be very similar 

to the HEAO-A and HEAO-C spacecrafts. The HEAO-B and HEAO-D 

spacecrafts are expected to have the .following systems: 
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TABLE 3-2. HEAO-C SPACECRAFT WEIGHT SUMMARY
 

Experiments 

Experiments 

Computer 

Optical Bench Structure 

Cabling 


Attitude Sensing System 


Attitude Control System 


Power System 

Components 

Cabling 


Communications and Data Handling System 

Components 

Cabling 


Spacecraft Structure 

Structural Members 

Spacecraft-Bench Connection Equipment 

Mosaic Crystal Deployment Structure 


Thermal Control System 

Bench Heaters 

Bench Insulation 

Spacecraft Insulation and Coatings 


Booster Payload Separation Mechanism 


Payload Truss 


TOTAL PAYLOAD WEIGHT 


8,536
 
6-,789
 
. 72
 

1,515
 
160
 

110
 

440
 

1,849
 
1,449
 

400
 

327
 
247
 
80
 

2,360
 
-2,170
 

100
 
90
 

445
 
10
 

203
 
232
 

100
 

100
 

14,267
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TABLE 3-3. HEAO-C SPACECRAFT POWER SUMMARY
 

Power (W)
 

System Average Peak 

Experiments 284* 284 

Attitude Sensing System 85 87 

Attitude Control System 115 265 

Communications and Data Handling System 147 366 

Thermal Control System 10 35 

Totals 641 1,037 

*Combination of experiments in operation that requires maximum power.
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* Attitude Sensing 
* Attitude Control 
* Thermal Control 
* Electrical Power 
* Communications and Data Handling 

Attitude Sensing 

The attitude sensing system on the HEAO-B spacecraft inter

faces with the attitude control system, the electrical power system, 

and the communications and data handling system, as it does on the 

HEAO-C spacecraft. The commodities transmitted across these 

interfaces will be the same as in the HEAO-C spacecraft. The sys

tem components will probably be essentially the same as those used 

on the HEAO-A mission, since the B mission spacecraft will also be 

spun about its Z axis. 

Since the HEAO-D experiments have no attitude control require

ments, the spacecraft attitude control requirements and hence the atti

tude sensing requirements have not been defined for this mission. The 

D spacecraft may have a single axis attitude control system for solar 

panel orientation or it may have no attitude control at all. In the latter 

event, it may or may not have an attitude sensing system. If there is 

an attitude sensing system on the HEAO-D spacecraft, it will probably 

interface with the attitude control system, the electrical power system, 

and the communications and data handling system. The same commodities 

will be transferred as in the HEAO-C spacecraft. 

Attitude Control 

The HEAO-B attitude control system is expected to be very 

similar to the HEAO-A attitude control system. It will interface with 

the attitude sensing system, the electrical power system, and the 

communications and data handling system. The commodities trans

ferred across these interfaces will be the same as for the HEAO-C 
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spacecraft. If an attitude control system is required for the HEAO-D 

spacecraft, it is expected to interface with the same systems as the 

HEAO-C spacecraft with the same commodities being transferred. 

Thermal Control 

The thermal control requirements are not well defined for 

the HEAO-B and HEAO-D missions. Passive thermal control systems 

are currently anticipated for these flights, but the trade offs in the 

use of an active refrigeration system have not been completely ex

plored. If the thermal control systems are completely passive, the 

only interface may be with the communications and data handling sys

tem for the transfer of system status data. If the thermal control sys

tems include any active components, an electrical power interface will 

be required. 

Electrical Power 

The electrical power systems on both the HEAO-B and HEAO-D 

spacecrafts are expected to interface with the communications and 

data handling systems and with the experiments. The power system 

on the HEAO-B spacecraft will also interface with the attitude sensing 

and the attitude control systems. The power will be transferred in 

the form of 28 Vdc power. 

Communications and Data Handling 

The communications and data handling systems on both the 

HEAO-B and HEAO-D spacecrafts will interface with the experiments 

and with all active systems. Data on experiment results plus experi

ment status information will be transferred from the experiments in 

the form of digital signals. Commands will be transferred to all 

experiments and active systems. 
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SPACECRAFT CAPABILITIES FOR MISSIONS A, B, C AND D 

A comparison of spacecraft capabilities for the HEAO A, B, 

C, and D missions is presented in Table 3-4. Total spacecraft 

weights are expected to be slightly lower for the C and D missions. 

This is because the launches occur in years in which the i-year 

solar activity cycle causes the 2 a- atmospheric density to be greater 

at a given altitude. The result is that the C and D missions will have 

to be conducted at greater altitudes than the A and B missions and 

payloads will probably be reduced. 

Many of the HEAO-D spacecraft capabilities have not been 

established. Attitude hold capability appears to be adequate for the 

A and B missions in the scanning mode and for the C mission. 
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TABLE 3-4. COMPARISON OF SPECECRAFT CAPABILITIES
 

FOR HEAO MISSIONS A, B, C, AND D
 

HEAO Missions
 

System 


Experiments
 

Weight (Ib) 


Power Required (W) 


Attitude Control
 

Attitude Hold 


Scan Axis 


Maneuver Capability 


I1x 


Electrical Power
 

Total Requirement (W) 

Total Available Initially 


Margin (Initially) 


Evaluation 


Total Weight (lb) 


D 

11,800 (Est)
 

250 (Est)
 

Not Established
 

Not Established
 

Not Established
 

600 (Est)
 
Not Established
 

Not Established
 

Not Established
 

15,000 (Est)
 

A 

12,500 


265 


Not Established 


±0.2 Degree 


Not Established 


660 

845 


185 


Adequate for 

two years 


18,700 


B 


12,800 


275 


Not Established 


±0.2 Degree 


Not Established 


745 

845 


100 


Adequate for 

two years 


19,300 


C 


8,500 


284 


±30 Arc Seconds 


Not Applicable 


y and z axes: 

100 Deg in 30
 
Min 

axis: 360 deg
 
in 21 Min
 

705 

762 


57 


Barely adequate 

for two years.
 
Max. temp.
 
problem on middle
 
solar panel
 

14,300 




4. SPACECRAFT STRUCTURE
 

The optical bench, which supports the telescope mirrors, 

experiment detectors that utilize the X-ray optics, certain additional 

peripheral experiments, and selected attitude sensors and detectors, is 

supported within and by the spacecraft structure. The spacecraft 

structure envelops the optical bench and the majority of its volume is 

filled by the bench. The spacecraft systems components are located 

in the spaces between the optical bench and the spacecraft structure. 

The function of the optical bench is to provide a rigid, undeformed 

connection between the telescope mirrors on the viewing end of the space

craft and the detectors located Z0 and 26 feet from the mirrors. Align

ment of the various detectors with the mirrors is critical and the bench 

temperature must be controlled to ±10 'F to insure proper focus. In 

order to achieve the required thermal control, the bench must be thermally 

isolated from the spacecraft to the greatest practical extent. To achieve 

this the optical bench is covered on all sides and over one end with 1. 5 

inches of superinsulation; the viewing end is covered only by a thin sheet 

a further measure for thermal isolation, theof aluminized mylar. As 


bench is connected to the spacecraft structure only at the ends.
 

The optical bench and its connecting structure are shown in 

Figure 4-1. The original bench design was provided by American Science 

was modified by Teledyne Brown Engineeringand Engineering (AS&E); it 

order to fit in the HEAO-C spacecraft configuration.designers somewhat in 

The bench is constructed of 3-inch OD by 2. 875-inch ID tubular Invar 

chosen for its extremely low coefficient ofsteel. This material was 

- 7thermal expansion, 8 X I0 inch/inch-degree F. 
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VIBRATION MOUNTS 

Precise alignment of the X-ray detectors with the focusing 

X-ray mirrors is necessary for proper operation of the primary 

experiments on the HEAO-C spacecraft. Various, detectors and associated 

instruments will be moved into and out of the focal planes as the different 

experiments are conducted. These detectors must be protected from the 

acoustical environment produced by the launch vehicle during the launch 

operation; however, the requirement for precision alignment prevents 

the use of vibration damping mounts between the experiments and the 

optical bench. For this reason,, vibration mounts must be used on the 

connections between the optical bench and the spacecraft. 

The structural design includes the use of 20 vibration mounts 

near the base, (launch position) or viewing end, of the optical bench 

and 4 vibration mounts near the upper end of the bench. The mount 

design concept is shown in Figure 4-2 and consists 'of a BTR silicone 

rubber bushing that is compressed between two flat plates at the bench 

attach point. The type mount shown is manufactured by the Lord 

Manufacturing Company (Ref. 4-1). The size used in this application is 

six inches in diameter and has a load capacity of 3000 pounds. 

The bench support members to which the vibration mounts are 

attached are to be made of fiberglas for minimum thermal conduction 

between the bench and spacecraft. These tie bars and the vibration 

mounts are shown in Figure 4- 1. 

A limited amount of information was obtained on the properties 

of vibration mounts manufactured by the Lord Company from the results 

of thermal vacuum tests conducted by the Marshall Space Flight Center 

Materials Laboratory (Ref. 4-2). As a result of these tests the Lord 

mounts were found acceptable for use on the Apollo Telescope Mount 

(ATM) mission. It was demonstrated that the higher weight molecular 
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weight fragments did not condense and adsorb on surfaces in the ATM 

thermal environment. In one MSFC outgassing test, a sample of BTR 

silicone rubber lost 0. 7 percent of its weight, and the outgassing rate 

decreased to zero in less than 16 hours. It was also found that outgassing 

did not cause the BTR silicone to lose any of its mechanical properties. 

Additional tests will be required to insure that outgassing will not have 

harmful effects on the HEAO-C experiments. 

To insure accurate pointing of the X-ray telescopes the star 

trackers, which provide the spacecraft attitude reference, are located 

on the optical bench structure, rather than on the spacecraft structure. 

Therefore, some relative movement between the.optical bench and 

spacecraft will not affect pointing accuracy. 

THERMAL DEFLECTION 

Unequal solar heating of the HEAO-C spacecraft sides toward 

and away from the Sun will result in induced thermal stresses in the 

spacecraft which will cause a deflection, or "hot dogging", of the space

craft structure. If the optical bench remains rigidly connected at both 

ends to the spacecraft structure after orbit insertion, the bench will 

restrict the spacecraft deflection and accept a large bending moment in 

the process. This bench deflection cannot be tolerated by the X-ray 

telescope experiments. Bench deflection can be avoided by disconnecting 

the bench from the spacecraft at its upper end, i. e., the end opposite to 

the viewing end after orbit insertion. 

A preliminary heat transfer analysis was performed near the 

beginning of the study to predict spacecraft skin temperatures for use 

in the spacecraft thermal deformation calculations. The thermal model 

consisted of a thin, cylindrical, aluminum shell having an outside diam

eter of 100 inches and unit length. The shell thickness, t, was varied 

from 0. 125 to 1 inch to permit evaluation of the effect of variation in 
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equivalent wall thickness on circumferential temperature distribution. 

One-dimensional, steady-state heat conduction in the circumferential 

6 direction was assumed. The inside wall oL the shell was assumed to 

be adiabatic, i. e., radiation heat exchange between various segments 

of the inside wall was neglected. 

The environmental heat flux distribution on the outer skin was 

extracted from previous orbital heat flux calculations for the HEAO-A 

spacecraft (Ref. 4-3). Examination of the previous HEAO-A calculations 

revealed that the most severe temperature gradient around the circum

ference occurs when the spacecraft first emerges from the Earth's 

shadow with the Earth-Sun line lying on the orbit plane. Accordingly, 

the instantaneous heat flux distribution (Figure 4-3-) representing this 

position was imposed on the spacecraft skin,in the present analysis, and 

the resulting steady-state temperature distribution of the cylindrical 

shell was calculated. 

The solar absorptivity, as and infrared emissivity, E, of the 

half of the shell facing the Sun (representing the solar panels) were 

assumed to be 0. 7 and 0. 8, respectively; values of -s and E of the opposite 

side of the shell were assumed to be 0. 35 and 0. 85, respectively. The 

temperature calculations were accomplished using the Chrysler CINDA 

digital computer program. . The thermal network consisted of 16 nodes 

spaced at equiangular positions around-the circurference. 

The predicted temperature distributions- a round the shell for 

various values of equivalent wall thickness, t, are presented in Figure 4-.4. 

As illustrated in Figure 4-4, the maximum temperature difference, 

ATmax, between two stations spaced 180,degrees apart on the shell 

occurs between the subsolar point (0 = ° ) and the station 180 degrees 

away (0 = 180'). Predicted values of ATmax for equivalent wall thick

nesses of 0.125, 0.5 and 1.0 inch are 366'F, 283'F and 222°F, 

respectively. These values of ATmax are conservatively high, since 

heat transfer from the system components adjacent to the wall opposite 
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the solar panels will raise its temperature and reduce ATmax . In 

addition the solar absorptivity and emissivity values for the backside 

of the spacecraft were reduced later in the study from the values used 

in this analysis. The result of this change is a warmer backside and 

therefore a lower ATmax than is indicated in the present analysis. 

Figure 4-5 is a plot of ATmax as a function of equivalent wall 

thickness. Figures 4-4 and 4-5 demonstrate that an eight-fold increase 

in t produced a reduction in ATmax of only 39 percent, even for a 

material with good heat conduction characteristics, such as aluminum. 

Thus ATmax is relatively insensitive to variation in wall thickness. 

The equivalent wall thickness of the HEAO-C spacecraft structure is 

approximately 0. 125 inches. Therefore, the maximum expected tem

perature differential between the hot and cold sides of the spacecraft, 

based upon this conservative analysis is 366°F. 

The thermal deflection 6 of a 100-inch diameter shell spacecraft 

was calculated using the following equation, which was derived from the 

theory presented in the Handbook of Engineering Mechanics, Section 43 

(Ref. 4-4). 

31 

where 

6 - the thermal deflection at point X, inches 

X - distance from the fixed end of a cantilever beam 
with a thin wall, circular section, 360 inches 

a - the coefficient of thermal expansion of the space
craft material, 6061 T6 Aluminum, 
13. 1 X 10- 6 in/(in - 0 F) 

I - average spacecraft moment of inertia (41.5 X 103 in4 ) 

ATmax - the difference in temperature between opposite 
sides of the spacecraft, 366'F 
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t - average spacecraft wall thickness (0. 117 inches 
including longeronv) 

R - the spacecraft radius, 50 inches. 

The calculated thermal deflection for the spacecraft structure is 2. 92 

inches. 

Loads equivalent to 10,250 pound reactions on the bench will be 

induced if the optical bench remains rigidly connected at both ends to 

the spacecraft; this will cause a bench deflection of 2.23 inches. Bench 

deflection can be avoided by decoupling the bench from the spacecraft 

at the nonviewing end after orbit insertion. This will allow the space

craft to be deflected without affecting the optical bench. The bench is 

illustrated schematically in the coupled configuration in Figure 4-6; 

coupled and decoupled deflections are also given. The bench is illus

trated in the decoupled configuration in Figure 4-2. Decoupling will 

be achieved by the use of electro-mechanicaI separation mechanisms 

located on the connecting fiberglas struts. 

The optical bench design provided by AS&E was modified some

what to permit a clearance of 3. 0 inches between it and the spacecraft 

structure at the non-viewing end and proportionally lesser clearances 

at all points along the longitudinal axis. The system components were 

attached to the spacecraft structure at locations where they would not 

violate the clearance envelope. 

STRUCTURAL DESIGN 

The structural configuration of the HEAO-C spacecraft is shown 

in Figure 4-7. View B of this figure shows the spacecraft cross section 

dimensions, which are constant except for the last 10 inches of length. 

As can be seen in View B, the spacecraft cross section differs slightly 

from a regular octagon. The deviation is necessary in order to mount 

the ATM type solar panels on three spacecraft sides without violating a 

105-inch spacecraft diameter envelope. The dimensions shown in 
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View B of Figure 4-7 are member center to member center dimensions. 

The width of each of the three solar panels is approximately 40 inches, 

which is determined by the two rows of ATM type solar modules which 

make up each panel. The center to center length of the member beneath 

the middle solar panel (39 in. ) is shorter than the panel width, however 

the top dimension of this member is equal to the panel width. The 

length of the members beneath the two side panels (40 in. ) is equal to 

the panel widths; however, the panel ends are not directly over the 

mernber ends. 

The dimensions of the remaining five sides were dictated by the 

105 inch envelope. The spacecraft cross section could be made a 

regular octagon by permitting the corners of the solar panels to violate 

the 105 inch envelope by approximately 0. 5 inch at the corners. 

Spacecraft member sizes and skin thicknesses are shown in 

Figure 4-7. Aluminum alloy 6061-T6 was selected as the spac&craft 

material in preference to other aluminum alloys because of its avail

ability in sheet form, good welding properties, and high thermal con

ductivity. The mechanical properties of 6061-T6 aluminum are: 

* Modulus of elasticity E = 10 X 106 lb/in 

* Modulus of rigidity G = 3.75 X 106 lb/in 

* Density p = 0. 098 lb/in3 

" Yield strength Fty = Fcy = 35,000 lb/in2 . 

Loading for the spacecraft structure was taken from the weight 

locations shown on the layout drawings (Section 3). It is presented here 

as the combination of a distributed weight, as shown in Figure 4-8 and 

summarized in Table 4-1, and a series of point loads corresponding to 

the lump weights shown in Tables 4m2 and 4-3. 
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TABLE 4-1. DISTRIBUTED WEIGHT FOR OPTICAL BENCH AND SPACECRAFT
 

Optical Bench
 

Item 

Structure 

Longerons 
Diagonals 
Brackets and Contingency 

367 
450 
300 

Insulation 

Cabling 

Heaters 

TOTAL OPTICAL BENCH DISTRIBUTED WEIGHT 


Spacecraft
 

Structure 


Skin 711
 
Stringers 306
 
Longerons 208
 
Brackets and Contingency 400
 

Insulation and Coatings 


Solar Panels 


Cabling 


Communications and Attitude
 
Sensing Miscellaneous Hardware 


TOTAL SPACECRAFT DISTRIBUTED WEIGHT 


Spacecraft/Bench Connections 


Total Weight
 

(Ib)
 

1,117
 

203
 

30
 

10
 

1,360
 

1,625
 

232
 

294
 

610
 

43
 

2,804
 

100
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TABLE 4-2. LUMP WEIGHTS FOR OPTICAL BENCH
 

Item 


Structure 


Star Tracker (2) 


Monitor Proportional Counter 


Flat Crystal Spectrometer 


L.A. Mirror Assembly 


H.R. Mirror Assembly 


Aspect Detector 


Fine Flare Detector 


Structure 


Transmission Grating 


Structure 


Structure 


Filter Wheel Assembly 


H.R. Polarization Crystal 


Structure 


H.R. Experiment Transport Mechanism 


H.R. Image Detector 


H.R. Crystal Spectrometer 


Structure 


Solid-State Detector 


Multiple Polarimeter 


L.A. and H.R. Experiment Transport Mechanism 


L.A Image Detector 


Structure 


TOTAL OPTICAL BENCH LUMP WEIGHTS 


Station Weight 
(in.) (Ib) 

0 61
 

6 80
 

9 98
 

16 110
 
24 2400
 

24 2025
 

25 100
 
25 27
 

48 57
 

50 60
 

120 55
 

192 55
 

254 40
 

262 5
 

264 55
 

264 40
 

275 20
 

300 397
 

312 55
 

344 90
 

346 20
 

348 145
 

355 100
 

360 60
 

6,155 
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TABLE 4-3. LUMP WEIGHTS FOR SPACECRAFT
 

Item 

Mosaic Crystal 


Mosaic Crystal Deployment Structure 


Structure 


Coarse Sun Sensor (4) 


Reference Gyro (3), Gyro and Sun Sensor
 
Electronics Module 


Coarse Flare Detector (2) 


Mosaic Crystal Electronics Module 


Structure 


Gas Design Module 


Scintillation Counter 


Structure 


Solar Combiner 


Flat Crystal Spectrometer Electronic Module 


Structure 


Monitor Proportional Counter Electronic Module 


Flare Detector Electronic Module 


CBR Module 


Flat Crystal Spectrometer Electronic Module 


Aspect Detector Electronic Module 


Flare Detector Electronic Module 


Flare Detector Electronic Module 


Structure 


CBR Module 


Solar Combiner 


Three Axis Magnetometer and 20-Foot Boom 


Structure 


CBR Module 


Load Distributor 


CBR Module 


Structure 


Station 

-(in.) 

-5 


-2 


0 


*0 


3 


6 


7 


8 


11 


11 


15 


24 


24 


30 


34 


36 


37 


46 


51 


52 


54 


60 


65 


74 


76 


-90 


.93 


104 


120 


120 


Weight
 
(Ib) 

300
 

90
 

44
 

4
 

7
 

30
 

1O

83
 

25
 

316
 

44
 

15
 

26
 

15
 

44
 

30
 

110
 

26
 

21
 

30
 

30
 

26
 

110
 

15
 

17
 

15
 

110
 

30
 

110
 

26
 

4-22 



TABLE 4-3. - Continued
 

Item 

Solar Combiner 


Electromagnet and Single Axis Magnetometer 


CBR Module 


Structure 


Fine Sun Sensor 


S-Band Antenna (4) 


CMG (2) 


Structure 


Solar Combiner 


CMG (4) 


Structure 


Solar Combiner 


CBR Module 


Structure 


Computer 


H.R. Image Detector Electronic Module 


CBR Module 


Switching Network (2) 


Multiplexer 


Structure 


S-Band Decoder/Transmitter 


Command Receiver 


Solar Combiner 


L.A. Image Detector Electronic Module 


Beacon Transmitter 


Load Distributor 


CBR Module 


Command Receiver 


S-Band Power Amplifier 


Beacon Transmitter 


Signal Conditioner 


Station Weight

(in.) (ib) 

124 15
 

146 32
 

148 110
 

150 15
 

154 2
 

154 4
 

175 90
 

180 26
 

184 15
 

207 180
 

210 15
 

234 15
 

235 110
 

240- 26
 

251 72
 

259 24
 

262 110
 

269 20
 

270 8
 

270 15
 

273 36
 

282 1
 

284 15
 

285 50
 

286 1
 

289 30
 

290 110
 

290 1
 

294 18
 

297 1
 

298 3
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TABLE 4-3. - Continued
 

Item 

Structure 


Comand Decoder 
Tape Recorder 

S-Band Power Amplifier 


CBR Module 


Multiple Polarimeter Electronic Module 


Flare Detector Electronic Module 


Tape Recorder 


Structure 


Solar Combiner 


Flare Detector Electronic Module 


Tape Recorder 


S-Band Decoder/Transmitter 


Gas Despin Module 


Solid State Detector Electronic Module 


Tape Recorder 


Coarse Flare Detector (2) 


Coarse Sun Sensor (4) 


VHF Antenna (4) 


Structure 


Electromagnet 


Electromagnet and 2 Axis Magnetometer 


Structure 


TOTAL OF SPACECRAFT LUMP WEIGHTS 


Station Weight

(in.) (Ib)
 

300 26
 

307 6
 
307 15
 
314 18
 

318 110
 

319 60
 

321 30
 

321 15
 
330 15
 

334 15
 

335 30
 

335 15
 

336 36
 

340 25
 

341 25
 

349 15
 

353 30
 

360 4
 

360 4
 

360 26
 
363 31
 

366 32
 

370 128
 

3,640
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A safety factor of 1. 5 used in the design was applied to the 

following loading condition: 

* 6 g's axial acceleration 
* 1. 5 g's lateral acceleration. 

BENDING AND SHEAR STIFFNESS DISTRIBUTIONS 

The product of modulus of elasticity and moment of inertia (El) 

is a measure of the bending stiffness of a structure. The product of 

structure member cross sectional area and modulus of rigidity (AG) is 

a measure of the shear stiffness of a structure. El and AG curves for 

the resulting spacecraft configuration and the optical bench are shown 

in Figures 4-9, 4-10, 4-11, and 4-12. This data can be used in building 

a dynamic model of the system. The loads induced at the top and the 

bottom of the spacecraft due to the accelerated bench weight are distri

buted according to the relative axial and lateral stiffnesses of the 

spacecraft and the bench. The resultant vertical reaction at the top 

of the spacecraft is 9700 pounds and the lateral reaction is 4500 pounds. 

The top spacecraft/bench connecting structure transfer this vertical 

reaction to the spacecraft structure at Station 300. The connecting 

structure transfers the 4500-pound lateral reaction from the bench 

to the spacecraft at Station 360. 

BASE RING DESIGN 

During launch, the optical bench impacts large eccentric loads 

to the base of the spacecraft. Special rings are required in this area to 

transfer the optical bench base reactions to the spacecraft. This special 

structure will consist of two rings spaced 15 inches apart and connected 

by the spacecraft/optical bench mounting structure brackets. Details 

of this portion of the spacecraft structure are shown in Figure 4-13. 
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The loads on this structure resulting from the bench reactions, 

which are eccentric approximately 6 inches to the rings, are shown in 

Figure 4-14 for each corner of the structure. Shear, moment and axial 

compression diagrams for the top ring are shown in Figure 4-15 as a 

function of angular position about the base, identified as the angle . The 

total weight of this portion of the spacecraft structure including the 

spacecraft/bench support brackets and the skindoublers that are used 

between vehicle stations 0 and 15 is 171 pounds. This weight does not 

include the longerons, skin or stringers. 

SKIN PANEL DESIGN 

The controlling design parameter for the spacecraft structure is 

the critical compressive buckling stress for the skin. The solar panels 

attached to the spacecraft skin were considered brittle in this analysis, 

such that if skin wrinkling behind the solar panels were allowed the solar 

panels would be damaged. 

Figure 4-16 presents the maximum compressive stress for both 

the spacecraft skin and longerons versus vehicle station. If the skin is 

not allowed to buckle, the maximum skin stress and maximum longeron 

stress are normally the same since they are both the same distance 

from the neutral axis in this configuration. The deviations from the skin 

stress curve in the longeron stress curve result from the concentrated 

optical bench reactions. The curve for the maximum skin stress applies 

to that portion of the skin at the center of the worst case panel. Skin 

stresses would exceed these values for outer portions of the panel 

0. 0 and 15. 0 where the skin serves as the base ringbetween Stations 

except that skin doublers were added to relieve the additional stress.web, 

The conservative assumption was made that all of the top optical bench 

reaction would be lagged into the skin between Stations 240. 0 and 300. 0. 

4-31 



\402400 

3600 


1800 02400 2400 = 0
 

2400 "3600j 

3600 

* = 2700
 

PLAN VIEW
 

6000 9000 9000 6000 6000
 

2400- * --- I "3600 3600 "7- 2400 ' 2400
 

LJ E]
4, 3600 3600 -- Io2400 -- +2400
 

2400
 

SECTION
 

FIGURE 4-14. BASE RING LOADS IWPOUNDS
 

4-32
 



C 

4._______AXIAL COMPRESSION
 

HEAR 

SHE 

bxI-DEMOMENT
AXAKOPRSIN-


-2 I

020 40 60 80 00 120 140 160 180 

180 200 220 240 260 200 300 320 340 360 

(degrees)
 
BASE RING SHEAR, MOMENT, 

AND AXIAL COMPRESSION DIAGRMS
 

FIGURE 4-15. 




6000 

5000 V 

C 

o 

-

4000 

50002000 

m 

I 

LONGERONI 

!I 

000 

0\ 
SKIN \ 

0 60 

FIGURE 4-16. 

120 180 240 300 360 

.VEHICLE STATION (in.) 

MAXIMUM COMPRESSIVE STRESS IN SPACECRAFT SKIN 
AND LONGERONS 

4-34 



The data presented in Figure 4-16 was derived using an IBM 1130 

computer program written especially for this problem. This program 

solves for the top vertical bench reaction by setting the vertical deflections 

of the spacecraft and optical bench equal. This solution requires that 

the deflection of the vibration mounts be equal at the top and bottom 

supports. The number and size of the vibration mounts at each location, 

however, can be easily adjusted to ensure that these deflections are the 

same. After finding the bench reactions, the program calculates space

craft stresses and deflections. Shear and moment diagrams for the 

spacecraft are shown in Figure 4-17. 

The critical buckling stress (Fe) for these panels. is expressed by 

the equation: 

F =K, 72 E (\
c-12 (l - z) 

where 

t - panel skin thickness, in. 

b - stringer spacing, in. 

1t - Poissonts ratio (0. 3) 

Kc - buckling coefficient for the panel configuration 

E - modulus of elasticity. 

The buckling coefficients (Kc) for the various skin panels of the 

spacecraft are developed in Figures 4-18 and 4-19. Figure 4-18 presents 
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K. for panels under compression as a function of b/t. The panels of 

this configuration, however, are also under shear.. Figure 4-19 presents 

an operator for the development of a new coefficient, K.,*which takes 

shear into account through the ratio of panel bottom to top stresses, i. e. , 

a bottom/r top. The data for Figures 4-18 and 4-19 was taken from 

Reference 4-5. Table 4-4 presents the computation of the allowable 

stresses and actual factors of safety for each of the six skin panels on 

the spacecraft. The skin thickness for all panels is 0. 063 inch. 

Stringer design is based on the same type. of calculation used to 

determine the stringer spacing. Table 4-4 has demonstrated that skin 

buckling will not occur between stringers. Table 4-5 demonstrates that 

stringer area is large enough to prevent general buckling of a panel 

across one or more stringers. The effective skin thickness, calculated 

for the axial direction, is based on the stringer spacing shown in 

Table 4-4 and a 1. 5 by 0. 875 inch Army-Navy series bulb angle with 

an area of 0.211 inz . The Kc value is based on a 40 by 30 inch un

stiffened panel. Each 60 inch panel contains two such 30 inch panels, 

with the stress ratio shown in Table 4-5 being the worst of the two. 

The equation defining the minimum moment of inertia of a panel 

stringer (Inin) required to prevent panel buckling is taken from 

Reference 4-5 as follows: 

min = 2.29 33E 

where 

q - panel shear, lb/in 

a - panel length, in. 
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TABLE 4-4. COMPUTATION OF ALLOWABLE STRESSES AND ACTUAL SAFETY
 
FACTORS FOR SPACECRAFT SKIN PANELS BETWEEN STRINGERS
 

Vehicle 

Station 

(Internal) 


300 - 360 

240 - 300 

180 - 240 

120 - 180 

60 - 120 

0 - 60 

*Includes 


Number 
Of 

Stringers Stringer
Per Spacing 
Panel (in.) 

3 10.0 


5 6.7 


5 6.7 


5 6.7 


6 5.7 


7 5.0 


a Bottom 

Top 


(Figure 4-16) 


10.10 


2.68 


1.51 


1.39 


1.31 


1.30 


Kcs 

(Figures 

4-18 and 

4-19) 


3.40 


4.25 


4.95 


5.05 


4.97 


4.87 


Allowable 

Stress (lb/in 2) 

K 72 E t)2 

1211jj,7 

1220 


3410 


3970 


4050 


5510 


7010 


a 1.5 safety factor applied to the loading condition.
 

Maximum* Actual 
Stress Factor 
(lb/in 2) Of 

(Figure 4-16) Safety 

810 2.26 

1850 2.76 

2800 2.13 

3890 1.56 

4830 1.71 

5990 1.76 



Vehicle 

Station 

(Internal) 


300 - 360 


240 - 300 


180 - 240 


120 - 180 


60 - 120 


0 - 60 


*Includes 


TABLE 4-5. COMPUTATION OF ALLOWABLE STRESSES AND ACTUAL SAFETY 
FACTOR FOR BUCKLING OF SKIN PANELS ACROSS STRINGERS 

Effective Actual 
Skin Allowable Maximum* Factor 

Thickness a Bottom Stress Stress Of 
(in.) a Top Kc (lb/in 2) (lb/in2) Safety 

0.084 5.00 5.40 3810 810 7.0 

0.096 1.70 7.06 6500 1850 5.3 

0.096 1.25 7.80 7190 2800 3.8 

0.096 1.18 8.00 7370 3890 2.8 

0.100 1.16 8.05 8050 4830 2.5 

0.105 1.15 8.10 8900 5990 2.2 

a 1.5 safety factor applied to the loading condition. 



For the worst case solution of the equation, applicable to the bottom 

panel, where b is minimum and the vertical shear is maximum at 372 lb/in, 

Imin = 0. 0182 in4 . 

Since each panel has one intermediate ring, the value of a, panel
 

length, is 30 inches. The 1. 5 by 0. 875 inch Army-Navy series bulb
 

.
angle stringers have a moment of inertia of 0. 059 in 

Intermediate rings for the panels are designed as stringers to 

stiffen the panel against transverse shear. The same minimum moment 

of inertia criteria is used except that an effective thickness of 0. 113 

inches calculated for the transverse direction is substituted for the value 

0. 065 used for t previously to account for.the presence of the stringers 

running at right angles to the intermediate ring. The required Imi n for 

the intermediate rings is 0. 176 in 4 . A Z by 1 inch Army-Navy series 

bulb angle with a moment of inertia of 0. 190 is suggested for this member. 

Longeron member sizes were selected to increase the spacecraft 

moment of inertia sufficiently to prevent skin buckling. Various combina

tions of skin, stringer and longeron sizes were investigated in this design 

until the minimum weight combination was found which would satisfy the 

buckling criteria. Actual safety factor for the longeron with respect to 

stress is approximately 6. 

TOTAL STRUCTURE WEIGHT 

A weight statement for the spacecraft structure is presented in 

Table 4-6. This statement includes a 100 pound allowance for the 

spacecraft-optical bench connecting structure, which consists of the 

following items: 
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TABLE 4-6. SPACECRAFT STRUCTURAL WEIGHT STATEMENT
 

Weight

Item (Ib) 

Skin 711
 

Stringers 306
 

Longerons (8) 208
 

Main Rings (6) 156
 

Intermediate Rings (6) 90
 

Base Ring Structure 171
 

Top End Cover Structure 128
 

Mounting Brackets 200
 
Spacecraft/Bench Connection 100
 

Mosaic Crystal Deployment Structure 90
 

Contingency 200
 

TOTAL SPACECRAFT STRUCTURE WEIGHT 2,360
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* 	 Eight 3-inch diameter fiberglass tubes 

* 	 Twenty-four 6-inch diameter "Lord Type" vibration mounts 

* 	 Electromechanical decoupling mechanisms for 4 fiberglass 
tubes 

The total spacecraft structural weight is 2360 pounds. 

METEOROID PENETRATIONS 

An assessment of the vulnerability of the HEAO-C spacecraft 

to meteoroid penetration was made based upon the spacecraft orbit, 

exposed surface area, and orbit lifetime. Equations and information 

given in Reference 4-6 were used to calculate the probabilities of no 

penetrations during a one and during a two year mission with a 0. 063 

inch skin thickness, as specified in the spacecraft structural design. 

The results are presented in Table 4-7. 

TABLE 4-7. HEAO-C SPACECRAFT METEOROID VULNERABILITY
 

PROBABILITY EXPECTED
 
MISSION OF NO NUMBER OF
 
DURATION PENETRATION PENETRATIONS
 

1 year 0.074 	 2.6 

2 years 0.0055 	 5.2
 

These results indicate that it is extremely likely that the space

craft will be penetrated by a meteoroid. Protection could be provided 

by increasing the skin thickness; however, it may be possible to provide 

equal protection at lighter weight by using a double wall skin or by 

providing separate component protection. The most suitable technique 

was not determined in the present study. Individual components for the 

most part will have some form of covers which will provide a measure 
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of 	protection. The locations of individual components and their cover 

materials and thicknesses must be considered in evaluating the alternatives. 

CONCLUSIONS 

The following conclusions were drawn-on the spacecraft structural 

design. 

* Total spacecraft structural weight is estimated to be 2360 
pounds.
 

* The use of decoupling attachments, on the end of the optical 
bench opposite the viewing end will permit thermal deflection 
of the spacecraft without inducing stress into the optical bench. 

* 	 A skin thickness of 0. 063 is sufficient to prevent skin buckling 
during launch, but will not prevent meteoroid penetration. 

* 	 "Lord type" vibration mounts will protect the bench mounted 

experiments from the acoustical launch environment and their 
mechanical properties will not degrade during the mission. 
Mount outgassing will be small, but its effect on the experiments 
must be determined. 
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5. ATTITUDE SENSING SYSTEM 

The operating mode of the HEAO-C spacecraft is a pointing or 

hold mode. In this mode the two telescope lines of sight (spacecraft 

x-axis) are aligned with a stellar X-ray source and the two transverse 

spacecraft axes are oriented so that the normal to the middle solar 

panel surface (z-axis) is aligned within a few degrees of the solar 

vector as indicated in Figure 5- 1. In this orientation the spacecraft 

can be rotated about the spacecraft z-axis to align the X-ray telescopes 

with any X-ray source located -withinthe limited band on the celestial 

sphere illustrated in Figure 5- 1. 

The function of the attitude sensing system is to supply the 

attitude data needed by the attitude control system in each of its 

operating modes. Attitude sensing accuracies must be at least as 

good as the control accuracies of Table 5-1. 

TABLE 5-1. SUMMARY OF ATTITUDE CONTROL REQUIREMENTS
 
FOR THE HEAO-C SPACECRAFT
 

Position Rate 

Axis (arc min) (arc sec/sec) 

x 5 5 

y 1 1 
z 1 1 

The first problem is the source of attitude data. The Earth, 

Moon, Sun, and stars are possible long-term attitude references. The 

Moon is an inconvenient reference because of its motion and its large 

changes in luminosity, apparent shape, and size. The Earth has been 
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AREA OF CELESTIAL SPHERE
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FIGURE 5-1. 	 ORIENTATION OF HEAO-C SPACECRAFT IN THE
 
POINTING MODE
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used for many satellites stabilized with respect to the local vertical, but 

for a spacecraft such as the HEAO-G, which for most of its mission is 

stabilized with respect to inertial space, Earth sensing would require 

continuously rotating trackers. In addition, conventional Earth trackers 

are accuracy-limited by the imperfect definition of the Earth horizon. 

Unconventional Eaith trackers, identifying specific terrestrial landmarks, 

can be visualized but seem unsuitable for an unmanned mission where 

maximum use of state-of-the-art equipment is desired. Therefore, Earth 

trackers were not considered further. 

Sun sensors with. an accuracy in the range from degrees to min

utes of arc are readily available. More precise Sun sensors, accurate 

to seconds of arc, have been devised, but they require gimballing to 

maintain accuracy when the spacecraft is turned away from the Sun. 

An additional sensor of a different type is needed to provide a three

axis reference system. Because of these limitations, the Sun has been 

eliminated as a primary source of attitude data for precise pointing. It 

remains useful for both preliminary orientation and backup use in the 

event of system failures. 

The stars, then, were selected as the primary source of accu

rate attitude data. They are sufficiently distant to eliminate significant 

parallax and sufficiently numerous to permit location of a reference in 

any part of the sky, provided a sensitive instrument is used. Stellar 

attitude sensing devices fall into three categories: 

" 	 Star trackers, tracking single known stars 

" 	 Star field trackers, sensitive to motion of a
 
star field
 

o 	 Star mappers, capable of identifying and
 
tracking star patterns.
 

(if
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A star tracker must be aligned near the desired star before it 

can operate. A star field tracker must first be oriented exactly in 

the desired direction. A star mapper includes star atlas data so that 

prior information on attitude is not needed. 

A number of star trackers have been developed and flown. Star 

field trackers have been developed but not used. One manufacturer has 

developed a star mapping instrument, part of which has been tested in 

orbit. Because it is closest to the present state of the art, the star 

tracker has been chosen for the baseline HEAO-C system. However, 

systems using star field sensing and star mapping will also be 

described.
 

SUMMARY OF SYSTEM OPERATION 

The baseline attitude sensing and control system operates in 

four modes. The modes and their attitude data requirements are 

listed below. 

Despin Mode 

Upon separation from the final stage of the launch vehicle, the 

payload may have some residual motion about one or more axes. In 

the despin mode, angular rates are measured by rate sensors and 

eliminated by the attitude control system. Rates must be measured 

from the maximum anticipated initial rate (of the order of 1 to 3 

deg/sec), down to the deadband rate for each axis. Conventional 

rate gyros can conveniently meet attitude sensing requirements for 

this mode. 

Acquisition Mode 

To acquire the desired reference star, the spacecraft z-axis 

is first aligned with the solar vector. The Sun provides an easily 

identified reference to begin the process of locating the desired star. 
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The procedure used is a standard one known as roll map matching, in 

which the spacecraft is rolled about the solar vector. A star tracker 

boresighted with the X-ray telescope will generate an output charac

teristic of the stars scanned during a revolution about the solar vector 

(Figure 5-2). Star tracker and star mapper work of the past few years 

has resulted in a number of star maps compiled in computer form. 

Such a map could easily be used to generate a simulated star tracker 

output trace for rotation about the solar vector, when tracker sensi

tivity and time of year are known. This permits immediate establish

ment of a roll reference by roll map matching, i. e., by manually 

matching telemetered and simulated tracker outputs. Once roll 

reference information is command transmitted to the spacecraft, 

orientation to a desired target can be accomplished under rate gyro

scope control. 

Errors at the end of this stage are caused by sensor and tracker 

alignment errors, gyroscope drift, and offsets, drifts, and calibration 

errors in the electronics. These effects are analyzed in Section 6 of 

this report. It is shown there that using existing gyros, slewing can 

always be performed to about 0. 1 degree or better, i. e., accurately 

enough for the tracker to identify and lock onto the reference star. 

Provided a succession of correctly identified reference stars is 

unbroken, the spacecraft may be slewed from target to target as many 

times as desired, using only onboard stored data. Ground control of 

spacecraft attitude is required only in the event of a malfunction, which 

results in failure to find the next star. 

In the acquisition mode the system requires data on solar 

vector angle and rate, and on rate about the z-axis. Suitable solar 

sensors are available and the rate data can be provided by gyros. 

The spacecraft must be held on the solar vector accurately enough 

for star identification; requirements here depend on the characteris

tics of the star sensor. 
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Slewing Mode 

In the slewing mode, the spacecraft rotates about its z-axis 

to align its x-axis with the star, and subsequently rotatps to new 

positions in inertial space as X-ray observations proceed. Slewing 

must be accurate enough for correct identification of the new refer

ence star each time. The attitude sensing system must sense angular 

rate accurately enough for star acquisition. 

Pointing Mode 

In the pointing mode, the spacecraft x-axis is maintained in 

some direction in inertial space for observation of an X-ray source. 

Stars provide a reference for pointing, but the actual pointing direc

tion generally does not coincide with a visible star. Therefore, the 

system must measure the angle of stars from the x-axis. The size 

of the angles depends on tracker design, but whatever their size, they 

must be measured accurately enough to meet the requirements of 

Table 5-1, even after taking into account spacecraft motion due to 

control system dynamics. 

Occultation 

When the guide star is occulted by the Earth, the X-ray target 

is occulted also. High-resolution scientific observations are therefore 

suspended; however, attitude stability must be maintained to provide 

continued output from the solar panels and to permit reliable, prompt 

reacquisition of the guide star and X-ray source at the end of occulta

tion. One solution is to provide a second star tracker aimed perhaps 

180 degrees away from the first one; another solution is to provide a 

gas-bearing reference gyro. The choice of these alternatives may 

as to the in-space reliaeventually be made on the basis of opinions 

bility of these two components. Both trackers and gyros can theo

retically operate for a two-year mission, but meaningful statistical 
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data on in-space performance of these components is very sparse. They 

appear to compare in reliability, and, at this stage, a tentative choice 

of a gyro is made because it is more conveniently accommodated than 

an additional star tracker. 

Reference Gyros 

It can be seen that gyros play a role in all four modes. It seems 

convenient to make gyros the source of all direct attitude data and to use 

the star sensors indirectly to update them as necessary. If this is done, 

occultation and reacquisition do not interrupt system operation. 

One gyro which appears to be suitable is produced by the Kearfott 

Systems Division of Singer-General Precision, Inc. (Wayne, New Jersey). 

Table 5-2 gives the gyro characteristics, as furnished by the manufacturer. 

The manufacturer states that the drift figure of 0. 001 deg/hr is expected 

to apply to continuous operation during a period such as occultation (0.6 hr). 

The resulting error at the end of occultation, considering gyro drift alone, 

is only 0. 0006 degree, or 2.2 arc seconds. Because of the very small 

magnitude of the expected drift, a detailed error budget for the occulta

tion period has not been compiled. It is shown in Section 6 that an accu

racy of 0. 1 deg/axis is sufficient for unambiguous reidentification of the 

guide star. Therefore, the gyro drift could increase by two orders of 

magnitude before becoming significant. Because the requirement appears 

to be well within the state of the art, no attempt has been made to survey 

gyro manufacturers and to identify the best instrument. The Kearfott 

gyro is presented simply as an indication that the requirement can be 

met. Like most such instruments, it has a single degree of freedom 

and thus three gyros are required to provide a complete axis system. 

The gyro will be used in a rate mode, with integration performed 

electronically, enabling it to accommodate the large rotations involved 

in slewing. The gyro can also be used during the acquisition phase of 
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TABLE 5-2. REFERENCE GYRO CHARACTERISTICS
 

Item Data 

Manufacturer Kearfott Division of Singer-
General Precision, Inc. 
Wayne, New Jersey 

Designation Gas bearing gyro 
C70 2590 003 

Weight, lb 1.0 

Length, in. 3.2 

Diameter, in. 2.1 

Short-term random drift (l - a), deg/hr 0.001 

Long-term run-to-run drift (1 - a), deg/hr 0.01 

Heatup power 80W at 115 volts 

Heatup duration (typical), min 4 

Spinup power 15 W at 26 volts, 30 
800 Hz 

Spinup duration, sec 25 

Heater power while running 0 or 25 W (on/off) 

Spin power while running 7.5 W at 26 volts, 3 
800 Hz 

Torquer capacity, deg/sec 3.06 
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the mission, when it is necessary to monitor angular rates while these 

rates are reduced below some threshold. The gyro can accept torquer 

command rates up to 3.06 deg/sec, exceeding the anticipated initial 

rate of 3. 0 deg/sec. This is an advantage in that it is unnecessary to 

provide additional gyros for the acquisition phase. 

Roll Axis Reference 

Discussion thus far has been limited to trackers that are capable 

of establishing the direction of the x-axis. The star tracker boresighted 

with the x-axis is locked onto a star having specified y and z coordinates 

within the tracker's field of view, and changes in y and z are read out as 

attitude errors. Since the star generally is not at the center of the field 

of view, the system requires stability about the optical axis (x-axis) also. 

In fact, Table 5-1 shows that this axis is to be stabilized to 5. arc minutes, 

or 0. 083 degree. Roll about the x-axis appears as an x-axis position 

error to an x-axis star tracker that is locked on a reference star that is 

not in the center of the tracker field of view. The worst case of apparent 

error occurs when the guide star is at the edge of a six-degree field of 

view, three degrees away from the optical axis. In this case the apparent 

pointing error is 

0.083 X sin 30 = 0.004 deg = 14 arc sec 

A roll reference is required to measure roll about the x-axis. 

The Earth is unsuitable as a roll reference in view of the inertially 

fixed nature of the pointing requirement. The Sun and stars remain as 

possible roll references. Any roll sensing system must include provisions 

for operating during occultation of its reference, which can be done by 

using more than one reference, or, alternatively, by including a gyro 

as for the Y and Z axes. 
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It seems that spacecraft development and testing would be 

facilitated if the number of different components employed were kept 

to a minimum. Accordingly, it is suggested that the x-axis attitude 

sensing system consist of a second star tracker, located on the y or 

z axes, and an additional gyro. This gyro can be"identical to those 

used for the y and z axes. However, the operation of the tracker can 

be somewhat simplified. If initial x, y, and z directions are specified 

and the spacecraft performs a specified rotation about the y axis and 

then the z axis, the new directions of all three axes are determined. 

The x-axis tracker need not identify any of the new stars now found 

within its field of view; it need only lock onto ofe star and detect its 

motion in one direction. Attitude can be sensed to the same accuracy 

obtained for the y and z axes, even though no attempt need be made to 

control the spacecraft to this precision about the x-axis. If this atti

tude sensing data is used, the y and z star tracker outputs can be 

processed to remove any apparent error contributed by x-axis roll. 

Advantages of Gimballed Star Tracker 

In the past, star trackers have been designed to align a space

craft toward a specified star throughout the mission. The conventional 

star tracker is built around a photodetector equipped to scan a small 

field. Table 5-3 (Ref. 5-1) lists available types of detectors and their 

characteristics. The tracker scans its field of view to locate the star 

image, then tracks it and generates error signals proportional to the 

distance of the image from the tracker optical axis. The control 

system uses these signals to rotate the spacecraft until the star lies 

on the axis. Because the instrument operates in a nulling mode, 

there is no requirement for especially precise measurement of 

angles. A typical tracker weighing 10 pounds and fitting inside a 

5-inch-diameter by 11-inch-long cylinder can align a spacecraft 

within a few arc seconds of a star. 
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2 TABLE 5-3. STAR TRACKER PHOTODETECTORS
 
N 

Quality 


Form 


Color sensitivity 


Frequency response 

limitations (as used) 


Associated modulation 

or scan 


Advantage 


Photomultiplier 


Photoemissive 

surface in 

vacuum 


Near UV to near 

IRwith blue 

dominant 


None inmost 

applications 


Mechanical 

modulation 


Low internal 

noise 


Simple 


Image 

Dissector 


Photoemissive 

surface in 

vacuum 


Near UV to near 

ITwith blue 

dominant
 

None inmost 

applications 


Electronic modula-

tion or scan past 

aperture plate
 

Lowest internal 

noise 


Easily offset scan 

and track 


Vidicon 


Photoconductive 

surface in 

vacuum 


Approximately 

photopic
 

10 Hz 


Electronic scan 

of stored image 


Background 

tolerance 


Easily offset 

scan
 

Solid-State
 
Element
 

Photoconductive
 
or photovoltaic
 
chip
 

Red to near IR
 

Silicon: none
 
CdSe: 100 Hz
 

Mechanical
 
modulation
 

Background
 
tolerance
 

Compact
 



Such trackers typically have fields of view of a few degrees or 

less. Thus if a tracker is fixed-mounted, it has only electronic means 

of deflection (offset), and its accuracy in measuring the angle of a star 

from the optical axis is limited by nonlinearities in the electronic optics 

(generally more severe than imperfections in the lens system). These 

nonlinearities typically take the form of pincushion distortion plus a 

fixed offset or bias. If no attempt at correction is made, they limit 

accuracy to about one part in 300 or 500 of the width of the field of 

view. If careful measurement and calibration is done on the ground, 

compensation can be built into the electronics and the error reduced; 

however, aging and temperature changes will introduce a varying off

set or bias as the mission progresses. This can be corrected only by 

the use of some other star detector providing perfect directional infor

mation. The consensus of the tracker manufacturers is that accuracy 

for fixed trackers operating in the offset mode is limited to roughly 

one part in 1, 000 at best. Thus if an accuracy of 30 arc seconds is 

required, the tracker field of view cannot be wider than 30, 000 arc 

seconds or about 9 degrees, even if all possible corrections are made. 

On the other hand, if the tracker is gimbal-mounted, it may 

have quite a small field of view and yet be rotated accurately through 

much larger angles. In this case directional accuracy is maintained 

by the gimbal pickoffs which generally take the form of optical encoders. 

Existing encoders can provide 30 arc seconds accuracy through angles 

as large as desired. The tracker can be pointed directly at a star and 

so its nonlinearities do not affect accuracy. It has not been determined 

whether suitable reference stars will be available to permit the use of 

fixed star trackers on the HEAO-C mission. For this reason, the use 

of gimballed trackers will be assumed for this mission and appropriate 

allowances made in the weight and power budgets. 

5-13
 



Component Summary 

The attitude sensing system includes two star trackers, three 

reference gyros, fine and coarse Sun sensors, and associated electronics 

(see Table 5-4). Table 5-5 gives the characteristics of suitable Sun 

sensors; such sensors are readily available. Analog electronic functions 

require a specially built unit. Digital (logic) functions are assigned to 

a general-purpose digital computer which forms part of the attitude con

trol system. Representative computer characteristics are given in 

Table 5-6, which is derived from American Science and Engineering, 

Inc., data.
 

Local wiring is the wiring in the immediate vicinity of the com

ponents. Long wiring runs extending through the spacecraft structure 

are not included here. 

STAR TRACKER FIELD OF VIEW AND SENSITIVITY 

Determination of Critical Requirements 

The tracker must have a large enough field of view (or large 

enough gimbal freedom) and a high enough sensitivity to be able to see 

at least one guide star in any portion of the sky. A starting point for 

analysis of this requirement is provided by Reference 5-2, which 

describes a study using computer-readable data on all stars brighter 

than +4. 7 magnitude. These data made it possible to carry out a com

puter search process to identify the most sparsely populated regions of 

the sky. The required field of view to detect at least one, two, or 

three stars was determined. With a given limiting magnitude, the 

program would, for example, determine the largest circle that could 

be projected on the celestial sphere that would contain no stars brighter 

than this magnitude. Then any tracker with a larger field of view would 

always detect at least one star above this magnitude. A similar procedure 

was used to determine fields of view to detect at least two or at least 

three stars. 
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TABLE 5-4. ATTITUDE SENSING SYSTEM USING STAR TRACKERS
 

Weight 
Average
Power 

Power When 
Operating 

Item (Ib) (W) (W) 

Star trackers, gimballed (2) 80 50 50 

Reference gyros (3) 3 30 30 

Coarse Sun sensors and mounting (3) 8 - 1 

Fine Sun sensor 2 - 1 

Gyro and Sun sensor electronics* 4 5 5 

Mounting hardware and local wiring 14 - -

TOTAL 110 85 87 

*For analog electronics functions
 

TABLE 5-5. TYPICAL SUN SENSOR CHARACTERISTICS
 

Item Data
 

Coarse Sun sensors
 

Weight (each), with mounting, lb 1
 
(total array), lb 8
 

Field of view (each), deg ±80
 

Null accuracy, deg ±5
 

Fin Sun sensor
 

Weight, with mounting, lb 2
 

Field of view, deg ±15
 

Null accuracy 1 arc-sec
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TABLE 5-6. REPRESENTATIVE ATTITUDE CONTROL COMPUTER
 

Item Data 

Weight with 8K memory, lb 72 

Power, W 145 

Command instruction time, psec 3 

Multiply/divide cycle, vsec 60 

Word length, bits 32 

Typical models Honeywell HEC-501 
(Atlas/Agena) 

IBM TC-1 (ATM) 
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Figure 5-3 (Ref, 5-2) shows the total number of stars brighter 

than a given magnitude; Figure 5-4 shows the total angle of the required 

tracker field of view to be able to see n or more stars of given magnitude. 

It can be calculated that a tracker with the required field will observe 

an average of 10 to 12 stars for the range of magnitudes shown. This 

provides some basis for extrapolation of the graph to fainter stars. 

It must be considered that these data are based on star visual 

magnitude. The magnitude of a given star is a function of the spectral 

response of the detector; visual magnitudes are based on a response 

curve resembling that of the human eye. The tracker field and star 

population data given here would be different with a different detector. 

These data can be generated only by compiling a modified star map with 

new star magnitudes and repeating the computer search process. Such, 

a task was not attempted in the present study. 

Table 5-7 gives the exact coordinates of the points in Figures 5-3 

and 5-4; Tables 5-8 and 5-9, together with Figures 5-5 and 5-6, identify 

the actual pointing directions found to determine the required tracker 

field for each magnitude. It is noteworthy that some critical directions 

are found to be well removed from the galactic poles. 

Detector Response Sensitivity 

An indication of the importance of star color (star spectral 

curve) and detector response is found in Reference 5-1, from which 

Table 5-10 is taken. Reference 5-1 discusses the origin of these 

data: a series of direct narrow-band photometric measurements on 

985 stars, carried out by the Lunar and Planetary Laboratory of the 

University of Arizona. 
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LnTABLE 5-7. ANGULAR RADII, e,OF REQUIRED FIELDS OF VIEW (from Ref. 5-2)
 
N 

mv N e0 ,n=l etn=2 00,n=3 mv N e0 ,n=l 60 ,n=2 00,n=3 

0.1 4 89.784 >90 >90 2.5 79 34.780 39.140 43.052 
0.2 6 87.647 >90 >90 2.6 89 34.780 39.140 43.052 
0.3 7 86.177 >90 >90 2.7 99 34.217 38.627 40.292 
0.4 7 86.177 >90 >90 2.8 112 32.710 34.217 38.627 
0.5 8 86.177 >90 >90 2.9 134 32.710 34.217 38.411 
0.6 9 73.698 >90 >90 3.0 153 32.710 33.577 38.411 
0.7 9 73.698 >90 >90 3.1 175 32.710 33.577 38.411 
0.8 9 73.698 >90 >90 3.2 193 26.951 32.710 34.817 
0.9 11 69.239 77.329 >90 3.3 213 26.035. 31.555 33.666 
1.0 12 69.239 77.329 >90 3.4 236 23.457 31.292' 33.666 
1.1 13 65.114 77.329 >90 3.5 255 23.457 31.292 32.466 
1.2 17 65.114 72.543 >90 3.6 291 21.148 23.309 27.315 
1.3 20 55.358 63.228 72.543 3.7 330 21.148 22.162 26.434 
1.4 20 55.358 63.228 72.543 3.8 378 21.148 22.096 23.309 
1.5 21 55.358 63.228 72.543 3.9 427 18.280 21.006 22.972 
1.6 24 55.358 63.228 72.542 4.0 465 18.280 21.006 22.972 
1.7 29 55.358 63.228 72.543 4.1 526 17.660 19.767 21.362 
1.8 31 55.358 63.228 72.543 4.2 587 16.140 19.767 20.471 
1.9 38 50.484 62.426 72.543 4.3 675 16.140 18.653 19.493 
2.0 43 50.484 62.426 72.543 4.4 754 15.053 15.624 17.264 
2.1 49 46.805 50.484 62.426 4.5 852 15.053 15.624 17.001 
2.2 59 36.044 42.571 46.805 4.6 962 12.492 14.027 15.522 
2.3 65 36.044 42'.048 46.805 4.7 1064 10.269 13.521 14.423 
2.4 74 36.044 41.530 45.806 

e - half cone angle of circular field of view. 



TABLE 5-8. CENTERS OF CRITICAL FIELDS OF VIEW (from Ref. 5-2) 

n=l n=2 n=3 n=l n=2 n=3 
mv 

0 6 0 ao 60 6o mv 6 6. o 

0.1 12.622 4.900 - - 3.0 to 3.1 46.585 -28.719 45.190 -29.616 39.054 -16.257 

0.2 359.833 - 7.485 - - 3.2 37.703 -32.114 46.585 -28.719 22.116 -22.617 

0M3 to 0.5 .349.796 -16.581 - - 3.3 52.422 -38.954 18.160 -12,695 12.533 - 9.286 

0.6 to 0.8 358.491 13.187 - - 3.4 35.200 -18.310 18.260 -12.338 12.533 - 9.286 

0.9 to 1.0 7.650 10.497 192.702 15.787 - - 3.5 35.200 -18.310 18.260 -12.338 16.309 -11.247 

1.1 2.892 5.388 192.702 15.787 - - 3.6 79.448 67.109 105.887 66.486 154.276 -15.062 

1.2 2.892 5.388 3.752 -23.718 - - 3.7 79.448 67.109 163.753 - 6.483 151.056 -14.298 

1.3 to 1.8 10.124 19.489 5.273 3.958 3.752 -23.718 3.8 79.448 67.109 88.465 67.449 105.887 66.486 

1.9 to 2.0 1.405 17.803 2.233 2.483 3.752 -23.718 3.9 to 4.0 72.655 71.074 79.638 68.006 86.071 81.115 
2.1 30.043 -10.821 1.405 17.803 2.233 2.483 4.1 91.170 71.925 192.762 32.589 91.214 66.283 

2.2 333.385 4.792 315.377 2.846 30.043 -10.821 4.2 100.110 73.575 192.762 32.589 193.390 31.544 

2.3 333.385 4.792 340.955 12.151 30.043 -10.821 4.3 100.110 773.575 107.232 78.765 83.926 65.833 

2.4 333.385 4.792 339.426 11.502 325.943 - 1.576 4.4 111.484 74.837 104.507 74.158 102.909 76.009 

2.5 to 2.6 47.110 -26.674 38.835 -15.137 31.062 - 5.516 4.5 111.484 74.837 104.507 74.158 8.844 -25.627 

2.7 46.693 -24.500 39.514 -16.349 38.073 -18.466 4.6 106.037 70.946 79.922 74.312 14.463 -28.490 

2;8 46.585 -28.719 46.693 -24.500 39.514 -16.349 4.7 72.240 -84.360 15.140 -31.013 14.166 -29.577 

2.9 46.585 -28.719 46.693 -24.500 39.054 -16.257 

w 
N



TABLE 5-9. CLASSIFICATION OF CRITICAL POINTING DIRECTIONS (from Ref. 5-2)
 

Group I Group II Group III
 

n=l None n=l mv = 0.1 -3.5; 4.7 n=l mv = 3.6- 4.6
 

n=2 mv = 0.9 - 1.1; 3.7; n=2 mv = 1.2 - 3.5; 4.7 n=2 mv = 3.6; 3.8 - 4.0;
 
4.1 - 4.2 4.3 - 4.6 

n=3 mv = 3.6 - 3.7; 4.2 n=3 mv = 1.3 - 3.5; n=3 mv = 3.8 - 4.1; 
4.5 - 4.7 4.3 - 4.4 
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TABLE 5-10. STAR TRACKER PHOTODETECTOR RESPONSE
 

Detector Type 

Amperes/cm 2 of Telescope Aperture 
Nov
No 

05
No 

~ 
Cont SHA OI 

UK
Spe V S-1 S4 SIl S-17 -20 BalaJ, Sahwon 

IS 2491 a C 259* 03' -36 40 Al V -145 0994E-14 0.181-12 0224E-12 040CE-12 0.315-2 0281£-12 0832E-31 
7 2326 a Car 264 It 52 41 FO lb-I -075 0542E-14 0 832E 13 01022-12 0 I86E-2 0 I50-32 01271,-12 0.107E-11 

38 5459D a Cen 140 37 -60 42 02 V .028 0.349E.14 0-49E-13 0444E-13 0813E.3 07OE-13 0.5262.13 07580-12 
37 5340 a Boo 146 26 19 20 K2 Iip .005 0-395E-14 0 198E.13 026SE-13 0493E.13 0483-13 0.289.13 0.869E-12 
49 70D3 a Lyr 81 02 38 45 AU V 003 0254E-14 0459E13 0.569-13 0 I0E-12 0.6032-13 0713E.13 04832-12 
12 1708 a Au 281 24 45 58 08 111 0.08 01782-14 0254E-13 03182-13 05812.13 0514E13 0.368E.13 0606E-12 
II 1713 Orn 283 44 8 14 08 ]a 013 0.313E.14 0 514E3 0625E-13 0114E.12 0.8632-13 O,0E-13 0A$22 
20 2943 a CMi 245 34 5 38 F5 IVV 037 0199E-14 02542-13 0319E.13 05790-13 0477E.13 03882.13 04022.12 

5 472 a En 335 52 -57 24 B5 IV 047 0 231E14 0418E-13 0505EI3 0927E.13 0 691E-13 0648E-13 0,335E-12 
35 5267 I Cen 149 36 10 33 BI II 062 02662-14 0467E-13 050E-13 0 104E-12 0 745E-13 0728E-13 0.298-12 

16 2061V a On 271 37 7 24 l2 lab 0.42 0.573E.14 0924E-14 0130E.33 02421-13 0.308-13 0132E-13 0 116-11 
53 7557 a AqI 62 41 8 47 A7 IV-V 076 0132E-14 0203E-13 0254E-13 0 457E.13 0369-13 0,314-13 0,263E-12 
30 4730D a Q. 173 47 -62 56 01 IV 076 0243.14 0417E13 0500E13 09292.13 0.667E-13 0653E-33 0.276E.12 
10 1457V a Thu 291 28 16 27 K(5 III 086 0226E14 0 675E-14 0942E-14 0.114E.13 0 193E.3 09702-14 0480.12 
42 6134V a Sco 113 07 .26 22 M2 3 091 0.3332-14 060721.4 0.845E-14 0158-13 0 193E13 0.70E.14 0.675E-12 
33 5056V a Vir 339 06 -33 00 E3 V 097 0.1852-14 0.320E13 0391E1-3 0722E.13 0.513.13 0499E.13 0.2072-12 
21 2990 p Gem 244 08 28 06 KO II 114 0 08E-14 0.762E-14 0101E-13 0.185E.13 0 1I3-13 0J 12E-13 0139&.12 
56 8728 a PA 16 01 .29 47 A3 V 16 0.869-15 0150E-13 0385E-13 0.3362.13 02672.13 0.231E.13 0170212 
53 7924 a Cyl 49 55 45 10 A2 [a 1.25 0.909E-15 0 1452-13 0 177E.13 0317E.13 02542-13 0226E.13 0.163F,12 
26 3982 a LUo 208 19 12 07 97 V 1 35 0.88)E-15 0.159E-13 0195-3 0.352E.13 0 269E-13 0248E-13 0140-12 

19 2618 e CMa 253 39 -28 56 82 U 150 0121E-14 0 197E-13 0.237E-13 04402-13 0.317E.13 0.307E-13 0.3301-12 
31 4763V , Cr 172 38 -56 56 M3 II 1 63 0207E.14 03382.14 04661-14 0.8641.14 01072.13 0489-14 0.4172-12 
45 6527 X S. 97 07 .37 05 BI V 363 0955E-15 0 173E-13 0.208E-13 0386F.13 0278E-13 0.270E-13 0.1121-12 
13 1790 ,p On 279 08 6 19 B2 111 364 0974E.15 0 170E-13 0.207E-13 0382-13 0274F-13 0.66E-13 0 114E.12 

14 1791 I Ta. 278 55 28 35 B7 III 165 0 726E-15 0130E3 01592-13 0 289E-13 02182-33 0 203E-13 0308E-12 
24 3685 0 Car 221 47 -69 35 Al IV 168 0,566-15 0.100E.13 0123-13 02232.13 0.176E.13 0355E-13 0.103-12 
I5 3903V c Or. 276 20 I 13 0 I. 1 69 0959E-15 01596-13 0,1942-13 0363-13 0256S-13 02482-13 0 06E-12 
55 8425 a Gtu 28 26 47 07 B5 V 1.74 0668-35 01232-13 0.1482-13 02732-13 02052-13 0 1902-13 0308E12 
32 4905 e UMa 166 49 56 07 A0 p 177 0.592-5 0.946E.14 0116E-13 0.2072.13 0 164E-13 01472.13 098E-13 
27 4303 a UM 194 32 61 55 KO Ill 179 0601E-15 0 392E-14 05232.14 0961214 09D0E-14 0.578E-14 0 133-12 

9 1017 a Per 30 29 49 45 F5 lb 1 79 0 513-15 0600 14 0762E-14 0 3113.3 0116E213 0915-14 031 0E-12 
22 3307V , Ct 234 32 59 25 K( p 1 86 0429-45 0359E-14 0468-14 0872E.14 0 7641.14 0530-14 0947-13 
4& 6879 Sgr 84 28 -34 24 AU V 185 0 506E-15 0921E14 0112-13 0204E-13 0 3582-13 01422.13 0910E-13 
34 5191 ,rUt 1353 25 4Q 28 83 V 186 0 672E-15 0 120E-13 0 147E-13 0 269E-13 0197E-13 0187E.13 0903-3 
43 6217 a TrA 138 39 -68 58 4 III 392 0 612E-5 0277-14 0.373E-14 0 692E-14 07120-14 0402-14 0 135E-12 
52 7790 a Pe 54 12 -56 50 B3 IV 194 0651E-15 0 118E13 0143E.13 02632-13 0 193F.13 0 18423 0S60E.13 
2S 3748 a ly. 218 29 - 8 31 K4 111 197 06182-15 0258E4 03572.14 0683.-14 0 682E.14 0373E.14 0 135E-12 

6 617 a A 328 39 23 19 K2 111 20 0520-15 0 304E-14 04092-14 0751E-14 0720E-14 0446-14 0152E-12 
4 188 5 Coi 349 30 -18 09 K3 III 202 04502-15 0307E-14 0408E.14 07492.14 0693E-14 0453E14 03OE-12 

36 5288 8 Ceo 148 47 -36 13 KO II- 206 0462E15 0 317E-14 0413E-14 0 7582-14 0714E-14 0471E-14 0 103E.12 

I i5 a Mtd 358 19 28 55 1
1
9 p 206 04962-15 0 8853-14 0108-13 0 36E.13 03482-13 0 1371-3 0.7602-13 

40 5563 i UM, 137 18 74 17 X4 Il 208 0 607E-IS 0 236E-14 02272.14 0 605-14 06342 14 0.340-14 0 132E-32 
46 6556 a Oph 96 38 12 35 AS I11 207 0.375-15 0610E-14 0761-,14 03362-13 0.1092.33 094E-14 07492.13 
50 7121 a SSr 76 40 -26 20 82 V 203 0 617-IS 0113-13 0 135E 13 0250-13 0183E-13 0 175E.13 0790E-13 
28 4534 Lleo 183 07 14 45 A3 V 2 14 0369E-15 063E-14 0785E14 0140E-13 0112E-13 0974214 07212-13 
23 3634 X Vel 223 17 43 19 KS Ib 22 0 662E-15 0 102E-14 0264E,14 0491-14 0.548E-14 0.276E-14 0 140E-12 
3 168 a C.. 350 19 56 22 K0 33311 223 0403E.15 0244E-14 0329E,14 0 606E-14 0 577E.14. 0357E-14 0902E-13 

47 6705 Di. 93 02 51 29 Ill 222 0592E-15 0198E-14 0275E.14 0512-14 0550E14 02852-14 0 126E.12 
41 57"3V a CtB 126 39 26 49 AO V 224 0350E-15 0 639F-14 079qF14 01413-13 0110E-13 .003E.14 0649213 
2 99 a Ph, 353 49 -42 29 K0 III 240 0355E-15 0220-4 0288-14 0531E-14 0507E-14 0.3252.14 0 7986-13 

34 8308 Pcj 34 20 9 44 K2 Ib 239 0425E-15 0 169E 14 0 236-14 0438E-14 0458E-14 02442.4 0932-13 
44 63780 q Oph 102 51 IS 41 A25 V 2.42 0268E-15 0469E-14 0584104 0104E-13 0 831.14 07262-34 05252-3 
57 8781 a Peg 14 12 15 02 895 II 248 0271-15 0494E-14 0611 -14 0 1082-13 0.359E.15 07692-14 05022-13 

a 433 a Cet 314 50 3 58 M2 lit 253 0621E15 0344E-14 0201E.14 0375E-14 0430E-14 0206E.14 0 128E12 
29 4662 y Cry 176 27 -17 22 B8 311 258 0 293-I5 0 528E-14 0647-14 0116E-13 0893E.14 02232.14 0471E-13 

9 5531 a Lbb 137 47 -15 55 A m 275 02022.15 0332E-14 0414-14 0742E-14 0496-14 0.513214 0402E-13 
7 897D 5 En 115 44 -40 26 A3 V 29 0 1751-5 0290E-14 0357h.14 O648E14 1 0539-14 0445E-14 0350E-I 
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Table 5-10 gives detector response data for the 57 "navigational 

stars" listed in the Air Almanac. These are relatively bright stars 

with visual magnitudes ranging from -1.46 to +2. 91. The table locates 

and identifies each star, gives its visual magnitude, v, and gives the 

response of each type of detector in amperes of detector output per 

square centimeter of effective collecting area. It is interesting to note 

that for a given star (a given line in the table), the response for differ

ent detectors may differ by a factor of 100 (equivalent to five stellar 

magnitudes). Clearly the data of Figures 5-4 and 5-6 must be com

piled anew when a specific detector is selected. These figures serve 

only as a rough guide to required tracker characteristics. Figures 

5-7a and 5-7b show the response curves of the photodetectors con

sidered. 

A given photomultiplier or image dissector may be available 

with a choice of photocathodes, giving, for example, S-I, S-4, S-Il, 

or S-Z0 response. An analysis might point to a particular detector as 

the best choice for a given desired sensitivity. 

The image dissector is the detector most often used in star 

trackers. If an image dissector with a certain response curve is chosen, 

data such as presented in Table 5-10 can be used to determine its signal

to-noise ratio for observation of a particular star through a particular 

optical system. The basic equation for the signal-to-noise ratio of a 

detector is derived from Reference 5-3 as 

S/N = 4.9X 109 D(IT)a 
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where 

D - diameter of the effective circular collecting aperture of 
the detector, in. 

I - signal current for the detector, amps/cm 2 (Table 5-10) 

T. - signal integration time, sec. 

A signal-to-noise ratio of the order of 10 is desirable for reliable 

operation. If the instrument is tracking a star, some degree of scan

ning is necessary to detect the direction of star motion; the shorter the

required response time, the faster the instrument must scan and the 

smaller T becomes. In Reference 5-3, sample calculations for a 

specific image dissector indicate that T is inversely proportional to 

tracker bandwidth, being about 1/40 second.at one cycle/sec. Thus, 

one may write 

B = K-- = KZI
T 

where 

B - tracker bandwidth, cycles/sec 

T - tracker integration time, sec 

I - signal current, amps/cm 2 . 

The foregoing discussion shows how tracker response can be 

analyzed for given image dissectors and given stars. Since detectors 

and stars of interest have not yet been specified for HEAO-C, these 

calculations will not be taken further in the present study. 
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Fixed Star Trackers 

Many star tracking devices have been developed for space 

applications and several have been proven in space. In the interest 

of 	economy and reliability, it would seem logical to find some instru

ment for the HEAO-C mission that could be used essentially "off-the

shelf", or at least one that could be used with minor modification. Six 

developers and manufacturers of star trackers were identified and 

extensive discussions ensued with the aim of finding a suitable tracker. 

Eventually it became clear that this approach is probably not practical. 

Instead, it will be necessary to develop a tracker for the specific require

ments of HEAO-C, while drawing as much as possible on the techniques 

and components resulting from earlier tracker programs. The reasons 

for this are as follows: 

* Any space-proven tracker is based on the technology of 

several years ago and includes techniques that would be 
considered obsolete in an instrument being designed today: 
for example, discrete electronic components arranged in 
cordwood modules, rather than integrated circuits. There 
exists a case for using the best of existing technology, which 
now makes it possible to design a better tracker. 

" 	 By the time an instrument has been delivered, installed, and 
proven its reliability by operating in space for a year or 
more, the manufacturer's production facility and qualification 
testing machinery have been dismantled. Recommencement 
of production and testing would not necessarily be cheaper 
than development of a new instrument. 

* 	 Any existing instrument has certain peculiarities associated 
with the spacecraft for which it was designed.. Some trackers 
were designed to work in association with specialized data 
processing units, found only in their particular spacecraft; 
others contain elaborate electronics needed in their space
craft, but not in the HEAO-C spacecraft. Some trackers 
require large heater powers or especially stable wave
forms for their operation. Such peculiarities would impose 
special interface requirements on other parts of the HEAO-C 
spacecraft, and so eliminate much of the economy of using 
an existing tracker. 
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o 	 No existing tracker quite meets the sensitivity/field of view 
requirements. A more sensitive photodetector or larger 
optical system would be required. In most cases this alone 

would compel redesign of the whole instrument. 

Information on existing trackers is compiled in Table 5-1. This 

gives an indication of the state of the art, and shows that the technology 

does provide a good starting point for developing an instrument to meet 

HEAO-C requirements. Accuracies are not tabulated, since accuracy 

is a function of a number of variables as discussed in the text. All four 

trackers appear to be able to meet the accuracy requirements. 

Tracker cost was discussed with the manufacturers. This is 

a sharp function of two variables: the extent to which an existing 

tracker must be modified to meet HEAO-C needs, and the qualification 

testing and supporting documentation required by NASA. The consensus 

on likely cost per tracker, for a program involving five to ten trackers, 

was in the $100, 000 to $200, 000 region. 

ITT Boresighted Star Tracker (Ref. 5-4) - This instrument was 

flown in the first two OAO spacecraft. It is boresighted with the high

resolution spacecraft experiments. Designed for a 1-year lifetime, 

the tracker in OAO-2 is still operating after 18 months in orbit. Its 

photodetector, an electrostatically focussed image dissector with an 

S-20 spectral response curve, is matched with a 4. 85-inch focal length, 

f/l. 85 lens to cover a 3-degree square field of view. It scans with a 

limited field of view (10 arc-minutes) to reduce the effects of background 

noise. The detector can operate in the offset mode (tracking a star at 

a fixed angle to the optical axis), but offsetting.occurs in discrete steps, 

increasing from 15 arc-seconds near the axis to 1 arc-minute near the 

edge of the field. 

This tracker has successfully held the OAO-2 on a star of +6.6 

visual magnitude. Tracker noise appears in telemetry records as the 

Superimposedmain source of a Z arc-second jitter in spacecraft attitude. 
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TABLE 5-11. FIXED STAR TRACKERS 

Manufacturer ITT, San Fernando, 
California 

Hycon, Monrovia 
California 

Bendix, Teteroboro, 
New Jersey 

Ball Brothers, Boulder 
Colorado 

Designation Boresighted star HST 513 Fixed star tracker Celestial attitude error 
sensor 

Development Used inorbit Prototype only For launch late Inqualification test 
status 1971 

Vehicle OAO-1,2,3 Aerobee Fourth OAO mission Aerobee 150 

Detector Image dissector 
(S-20) 

Image dissector Image dissector Image dissector (S-20) 

Focal length 4.85 inches 3.0 inches 2.4 inches 2.0 inches 

Aperture f/1.85 f/0.87 f/0.7 f/0.75 

Field of 
view 

3 deg x 3 deg 8 degree 
diameter 

8 deg x 8 deg 8 deg x 8 deg 

Design +6 +3 +4 +4 
sensitivity 

Design 0.5 hertz 5 hertz 1 hertz 5 hertz 
bandwidth 

Weight 9 lb (sensor) + 
14 lb 

9 pounds 14 pounds 10 pounds 

Power 7 W (sensor) + 12 watts 10 watts 9 watts 
8 W (electronics) 

Dimensions 5 x 10 x 12 in.+ 
3 dia x 15 long 

4 dia x 11 long 6 x 6 x 13 in. 5 dia x 11 long 



on this is a long-term drift of 5 to 10 arc-seconds over times such as 

an orbital period. Accuracy could be ifriproved with an image dissec

tor with lower-distortion, electromagnetic rather than electrostatic 

deflection at a cost of a pound or two in weight. The manufacturers 

estimate total errors below 1 arc-minute for tracking off-axis stars. 

However, off-axis operation is limited by the finite offset step size 

(15 arc-seconds to I arc-minute); therefore, spacecraft pointing 

direction cannot be defined more finely than the step size. 

In its OAO-2 configuration the tracker weighs 23 pounds. Of 

this, 9 pounds is due to the sensor package and 14 to the electronics, 

which uses quadruplicate circuitry to meet the lifetime requirement. 

Some of the electronics is used for pro.cessing ground commands and 

other signals related to selection of other trackers (the OAO spacecraft 

carries six additional trackers). This would not be useful or necessary 

in HEAO-C. However, attempts to remove unwanted parts within 

existing equipment may be more expensive than designing completely 

new equipment. 

Hycon HST 513 (Refs. 5-3 and 5-5) - This instrument is an 

outgrowth of the manufacturer's work on star trackers for sounding 

rockets. However, it has not been advanced beyond the prototype 

stage and has not been flight-qualified. The HST 513 uses an image 

dissector with electromagnetic deflection, and, like the ITT tracker, 

it can be made to scan a limited (20 arc-minutes) region of its field of 

view. It has a 3-inch focal length, f/0. 87 lens and its total field of 

view is 8 degrees in diameter; however, it is sensitive only to +3 

magnitude and brighter stars. 

The tracker can also operate in a television mode, scanning 

the entire field and generating voltages proportional to star x and y 

coordinates. In this mode it might be used as part of a star field 

mapping system as will be discussed later in this section. 
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TABLE 5-12. AVERAGE NUMBER OF STARS SEEN 

Item Data 

Tracker ITT Hycon Bendix Ball 

Field 30 x 80 8* dia. 8 ° x 80 80 dia. 

Sensitivity +6 +3 +4 +4 

Bandwidth 0.5 Hz 5.0 Hz 1.0 Hz 5.0 Hz 

Average number 
of stars seen i 1.0 0.2 0.8 0.6 

Bandwidth required 
for HEAO-C application2 0.06 Hz 0.3 Hz 0.1 Hz 0.5 Hz 

1
 
The average number of stars seen is computed assuming a visual
 
response curve. Since tracker responses vary, it is only an approxi
mate figure.
 

2Bandwidth required would permit detection of an average of 10 to 12
 
stars and a very high probability of detection of at least one star
 
at all times.
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The HST 513 could provide the attitude data required to hold a 

spacecraft within a few arc seconds of a star. When the star is offset 

from the axis, nonlinearities increase to several tens of arc seconds 

near the edge of the field, even if the best calibration and compensa

tion methods are employed. Accuracy would probably always sufficient 

for HEAO-C control, provided compensation was effective. 

The HST-513 was not designed for a specific vehicle and may not 

be readily modified using alternative lenses and alternative electronic 

modules. 

Bendix Fixed Star Tracker (Ref. 5-6) - This instrument is 

being developed for the fourth OAO mission (projected launch date 

September 1971). It uses an image dissector (FW 143 tube) and scans 

an 8-degree square field of view with a 40-arc minute square instananeous 

field. It is designed to select and track the brighter star in the field 

and is sensitive to magntiude +3. 

Accuracy at null is better than 10 arc seconds. Specified 

accuracy for offset tracking is 5 percent (or up to 1. 5 arc minutes) for 

offsets up to 30 arc minutes in one axis, and 10 percent (or up to 24 

arc minutes) for offsets up to 4 degrees. However, the nonlinearities 

found within these tolerances are highly repeatable. With calibration 

and compensation, an accuracy of about 30 arc seconds would be 

expected. The tracker includes a protective shutter which closes when 

the tracker axis gets within 60 degrees of the Sun. 

Ball Brothers Celestial Attitude Error Sensor (Ref. 5-7) - This 

tracker has been developed for pointing the Aerobee 150 sounding rocket. 

Several trackers are now being produced and qualification-tested. It 

uses an S-20 image dissector with a 2. 0-inch focal length, f/0. 75. 

lens and is sensitive down to +4 magnitude. 
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The tracker selects the brightest star in the 8-degree square 

field. This field can be command-limited to 2 or 4 degrees square. 

An upper threshold rejection circuit is being developed for a balloon 

flight application of this tracker; this would permit selection of the 

brightest star below some given level within the -1 to +4 magnitude 

range of the instrument. 

Vibration and temperature changes limit accuracy to about 

45 arc seconds for a star on the optical axis and 2 arc minutes near 

the edge of the field. Prelaunch and postlaunch calibration could 

reduce this to below I arc minute. 

Required Improvements for HEAO-C Mission - Given a suitable 

star in the field of view, any of the four trackers described above 

could be calibrated and compensated to meet the HEAO-C accuracy 

requirements. This leaves the question of whether a suitable star 

would be seen in any pointing direction. Table 5-12 gives the average 

number of stars that would be seen by each tracker, based on the star 

population data of Figure 5-3 and assuming visual magnitude spectral 

response. With the large statistical variation in star density across 

the sky, none of these trackers would be able to see a star at all times. 

This can be corrected by reducing tracker bandwidth, integrating the 

noise over longer periods, and hence, increasing the limiting sensitiv

ity of the tracker. 

It was mentioned earlier that in the range of visual magnitudes 

from +1.0 to +4.7, a tracker sized to always see at least one star 

will detect 10 to 12 stars, on the average, over all parts of the sky. 

Thus the ITT tracker, which will now detect an average of one star 

in its field of view, must be made to detect about 12 times as many 

stars to ensure that it can always detect at least one star in any part 

of the sky. The number of stars N on the celestial sphere of a given 

magnitude M is given roughly by 
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logl0 N = 0.82 + 0.47 M 

from which it can be shown that N is increased by a factor of 12 

where tracker sensitivity goes from +6 to about +8.3, a change of 

sensitivity magnitude of 2. 3. Since one magnitude corresponds to a 

brightness change by a factor of 

(100) = 2.51 

the sensitivity will increase by 

(Z.51) , 3  = 8.3 

It was shown earlier that for a given optical system and a given 

required signal-to-noise ratio, tracker bandwidth can be written 

B = NZ I 

so that the bandwith is reduced in the same proportion as the signal 

current produced by starlight. Thus in this case for an increase in 

sensivitivity of 8. 3 times the bandwidth is reduced from 0.5 to 0. 006 

hertz. 

Similar calculations for the other three trackers result in the 

numbers given at the bottom of Table 5-12. Bandwidths as low as 0.06 

hertz are quite acceptable to the rest of the system, since the star 

tracker is used only for periodic updating of a gyro attitude reference. 

Thus the figures indicate that in theory, any of the trackers could be 

made to meet the HEAO-C requirements. 
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It is possible that at the very low signal levels being sought, 

the B/T relation will break down due to other noise sources. Such 

sources include imperfectly shielded sunlight, electrical circuit 

interference, light scattering from particles around the spacecraft, 

and the dark current of the photodetector. These effects are compli

cated to treat analytically. However, personnel at ITT were of the 

opinion that the desired improvement of about two visual magnitudes 

might be attainable. ITT representatives also supplied a figure for 

photodetector dark current, expressed in equivalent radiant energy 

falling on the S-20 photocathode as 2 X 10-16 watts. According to 

Reference 5-3, the S-20 photocathode is characterised by a radiant 

sensitivity of 0. 043 arnp/W, resulting in a cathode dark current of 

0. 086 X 10-16 amps. This may be compared directly with Table 5-10, 

which gives signal current for stars down to magnitude +2. 91. The 

bottom line of the table shows that an S-20 cathode receiving light 

from Theta Eridani generates a signal current of 0. 519 X 10-14 

amp/cm of collecting area. The ITT tracker has a 2.65-inch (6. 73-cm) 

diameter aperture; assuming a light transmission of 0. 7, the signal 

current is 

10 - 14 ) -r(6.73)2.X 0. 7X 0. 6(9X = 13.0X 10 14 amps 
4 

The tracker sensitivity was to be improved to +8. 3. If the 

tracker views a star with the same spectral curve as Theta Eridani, 

but fainter by 

8.3 - 2. 9 = 5.4 magnitudes, 
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the signal output is 

-13.0 X 10
8.9X 10-16 ampere=(2. 51)54 

which is still two orders of magnitude greater than the dark current of 

0. 086 X 10- 16 ampere, This indicates that dark current will probably 

not be a limiting factor. 

If the tracker was made to detect an average of 12 stars, a 

variable threshold would be adjusted to eliminate all but the brightest 

stars in any particular star field. Aging and changes in orbit can 

affect sensitivity by 0. 5 magnitude or more, so the threshold would 

require occasional calibration with known stars. 

It seems possible that any of the four trackers discussed could 

be made to meet HEAO-C requirements. It is not possible at-this stage 

to determine what practical difficulties would be encountered in reducing 

bandwidth (increasing T), and in matching with other HEAO-G equip

ment an instrument originally designed for a different vehicle. 

Gimballed Star Trackers 

The problem of sensitivity and field of view of a star tracker 

can be eliminated by mounting the tracker on gimbals with large angular 

freedom. The optical part of the tracker can have a small field of view 

and gimbal rotation can bring the star to the optical axis, irrespective 

of spacecraft attitude. Therefore, accuracy is not limited by tracker 

nonlinearities. Since the tracker can be rotated through large angles, 

moderate sensitivity is sufficient and software is required to handle 

a relatively small number of stars. Several gimballed trackers are 

described below, characteristics are tabulated in Table 5-13. 
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TABLE 5-13. GIMBALLED STAR TRACKERS
 

Manufacturer 


Designation 


Development 

status 


Vehicle 


Detector 


Focal 

length
 

Aperture 


Field of 

view 


Gimbal 

freedom 


Design 


sensitivity
 

Weight 


Power 


Dimensions 


Kollsman, Syosset,

New York 


KS-137 


Used in orbit 


OAO-l, OAO-2 


Photomultiplier 

(S-4) 


4.9 inches 


f/l.4 


1 deg x l deg 


±43 degrees 


+3 


24 4 19 + 8 lb 


13 watts 


18 x 17 x 16 in 

+ 16 x 11 x 4 in 

+ 12 x 8 x 3 in
 

Kollsman, Syosset,

New York 


KS-199 


Prototype only 


USAF (cancelled) 


Solid state 

(silicon) 


3.12 inches 


f/1.25 


1-degree 

diameter 


±55 degrees 


+1.8 


23+ 12 lb 


3 watts 


1O x 15 xlO in 

+ 7 x 9 x 8 in 


ITT, Monrovia,

California 


SPARS 


Under 

development
 

Classified 


Image dissector 

(S-20)
 

110 inches 


f/31 


10 arc 

minutes
 

+45/&135 

degrees
 

+4 


30 + lO lb 


50 watts 


15 x 15 x 15 in 

700 in 


Bendix, Teterboro,

New Jersey
 

ATM star tracker
 

In qualification testing
 

ATM
 

Image dissector (S-20)
 

6.8 inches
 

f/4.5
 

1 deg x l deg
 

±87/±40 degrees
 

+2.4
 

32 + 28 lb
 

9 + 15 watts
 

13 x 17 x 14
 
+ 6 x 13 x 18
 



Kollsman KS-137 (Ref. 5-8) - This tracker was developed 

for the Orbiting Astronomical Observatory (OAO) and has flown on the 

OAO-1 and OAO-2. Each OAO spacecraft carries six KS-137 trackers 

which together provide coverage of the entire sky. This ensures that 

despite Earth occultation and Sun position, the OAO trackers can 

always observe at least three stars to establish a three-axis reference 

for spacecraft alignment. More precise alignment is controlled by the 

ITT fixed boresighted tracker described earlier. 

The KS-137 is based on an optical system and photomultiplier 

having an S-4 (Table 5-10) response. This combination has a I- by 

1-degree field of view and can accurately track stars down to about +3 

magnitude. - The scanning action necessary for tracking is provided by 

a pair of vibrating reeds arranged at right angles. Gimbal freedom 

amounts to :43 degrees. The gimbal angle pickoffs are so-called 

phasolvers, which use changes in capacitance to measure rotation. 

The phasolvers are more complex than the conventional optical encoders, 

and require several pounds of auxiliary electronics to provide highly 

stable ac waveforms. However, they are believed by the manufacturer 

to be more reliable than the conventional optical encoder. Pickoff 

accuracy is about 10 arc seconds per axis, or 30 seconds total.arc 

The OAO spacecraft include a substantial amount of processing 

electronics designed to interface with the six KS-137 trackers and the 

ITT fixed tracker. This electronics carries out the coordinate trans

formations made necessary by the tracker mounting arrangements. 

Trackers mounted on the spacecraft surface are not necessarily aligned 

with spacecraft axes. The processing electronics also gives less weight 

to data from trackers which are momentarily pointed at large gimbal 

angles. 
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If used on HEAO-C spacecraft, either the Kollsman or the 

ITT tracker would have to be modified to match different processing 

electronics.
 

The merit of this tracker is its record of use in space. The 

OAO-2 has been in orbit nearly two years and telemetry indicates that 

after that time, at least four and possibly five of the six trackers are 

still operating. 

Kollsman KS-199 (Ref. 5-8) - This tracker was developed 

for an Air Force application which failed to materialize. It has a Z. 5

inch aperture Mangin optical system and a silicon (solid state) detector; 

the telescope has a 1-degree diameter field of view and is sensitive 

to about +1. 8 magnitude (silicon). There are 82 stars in the celestial 

sphere which it can track. The solid-state detector is more reliable 

and much more compact than a photomultiplier; it is also capable of 

momentary exposure to direct sunlight without damage. 

The optical system scans by means of a flexible fiber optics 

rod or 'wand' which is made to nutate by opposed pairs of electromagnets. 

The telescope is mounted on gimbals with :L55 degrees of freedom, so 

that on the average it can view 20 percent of the sky containing 17 

detectable stars. 

Tracker accuracy is always better than 15 arc seconds per 

axis of 21 arc seconds total. This represents considerably higher 

accuracy than the 30-arc-second one-sigma performance of the KS-137. 

On the other hand, the first flight model of the KS-199 is not quite 

complete and of course no data exists on its performance under actual 

space conditions. 
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ITT SPARS [Space Precision Attitude Reference System 

(Ref. 5-4) 1 - This tracker is being developed by ITT for a military 

application. If the project continues as expected, the tracker will be 

space-qualified in time for HEAO-C use. Its optical system is based 

on the 3.5-inch aperture, 110-inch focal length, Questar telescope, 

which is to be modified by temperature- and vibration-isolation and by 

the introduction of quartz and Invar for certain components. The 

telescope field of view is 10 arc minutes and the instrument is to be 

sensitive to +4-magnitude stars. 

Under laboratory conditions the tracker is accurate to a few 

arc seconds. Its limitation is gimbal reliability. The system is 

designed for a 3-sigma lifetime of a few weeks. However, later 

development work by ITT will be directed toward extending the life

time to years. 

At present the gimbal and telescope assembly weigh about 50 

pounds and the electronics about 20 pounds. Both figures will be 

reduced in the course of development and Table 5-13 gives estimates 

of final figures. 

Bendix ATM Star Tracker (Ref. 5-6) - As a backup supplier 

for the OAO program, Bendix produced a tracker similar to the Kolls

man KS-137 already described. Bendix is now using more advanced 

techniques to produce a star tracker for alignment of the ATM. With 

a 6.8-inch focal length optical system stopped down to f/6. 8, the 

tracker can detect only stars brighter than +1. 5 magnitude. However, 

the aperture is limited by lens hood design which in turn is limited 

by a requirement for pointing to within 5 degrees of the Earth. If 

this requirement is relaxed somewhat, the aperture can be increased 

to f/4. 5 and the sensitivity increased by nearly a magnitude. 
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The tracker first searches a +2-degree field and attempts to 

lock onto any star detected; if no star is seen, it searches a field of 

:k5 degrees about one gimbal axis and :+15 degrees about the other. 

Upon star acquisition, it switches automatically to its high-accuracy 

track mode. The gimbal pickoffs are optical encoders with 30 arc 

seconds resolution and the tracker is capable of meeting HEAO-C 

accuracy requirements. 

HEAO-C STAR TRACKER 

None of the fixed or gimballed trackers described are ideal 

for the HEAO-C requirements. However, they indicate that a good 

basis exists for developing a tracker to meet these requirements. A 

fixed tracker could be developed, using a large optical system together 

with long integration time (low bandwidth) to obtain sufficient sensitivity. 

Such a tracker would be a relatively compact device with no moving 

parts. However, it would be limited by the linearity and repeatability 

of image dissector deflection electronics. The accuracy requirement 

limits the field of view to less than 10 degrees, which in turn requires 

a sensitivity to at least +6- or +7-magnitude stars. This requires that 

ground software include a catalog of many thousands of stars and be 

accurate enough to avoid any errors in star identification. Because 

of the small tracker field of view, the reference stars must always 

lie close to the spacecraft axes and this simplifies the onboard conversion 

of tracker outputs to attitude errors. 

Gimballed trackers require somewhat more complicated soft

ware on the spacecraft, but a much shorter star catalog on the ground 

and much less risk of errors in identification. The main objection 

that may be raised against gimbal trackers is the presence of moving 
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parts. However, the OAO experience does show that gimbals can be 

made to operate in space for long periods. 

Since a decision on fixed versus gimballed star trackers for 

the HEAO-C, mission cannot be made at this time, an allowance will 

be made for sufficient weight and volume for accomodation of gimballed 

trackers on the spacecraft. Table 5-14 projects the characteristics of 

a HEAO-C tracker based on the present state of the art. Two trackers 

will be used to provide periodic updating of a three-axis reference 

system. Total weight and power would included both the gimbal/telescope 

unit and the electronics package of a typical present-day tracker. The 

limiting magnitude and the gimbal freedom indicated are together suffi

cient to ensure that a least two stars are visible at all times. This 

makes it very likely that the system will be capable of providing the 

necessary updating, despite such limitations as Sun angle and Earth 

occultation. 

TABLE 5-14. PROJECTED HEAO-C STAR TRACKER CHARACTERISTICS 

Item Data 

Weight, lb 40 

Power, W 25 

Volume, overall, ft3 2 

Volume to accommodate, 
inside spacecraft, ft3 1 

Limiting star magnitude +2.3 

Number of stars visible 100 

Gimbal freedom, deg ±50 

Mission time, yr 1 to 2 
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An actual specification for a HEAO-C tracker must include the 

minimum permissible angle between the optical axis and the Sun (or 

the Earth). System design will include preparation of a practical 

updating scheme, taking into account experiment scheduling, gyro 

drift, computer processing of redundant attitude data, and orientation 

of the orbit to the solar vector. If additional trackers are required 

to allow for failures, the processing problem is compounded. These 

detailed investigations are considered outside the scope of the present 

study. 

STAR MAPPER ATTITUDE SENSING SYSTEM 

Control Data Corporation (CDC) has developed a family of 

star mappers capable of determining pointing direction without a 

priori information (Ref. 5-9). Their basic instrument uses a photo

multiplier and a slowly rotating reticle with an elaborate pattern of 

slits. The photomultiplier generates pulses as star images intersect 

the slits. The system analyzes the pulses to determine the distances 

between pairs of stars; distances are matched to identify three stars. 

This is sufficient for 3-axis information. All processing is done by 

the CDC 469 computer, an LSI machine currently in the development 

stage and scheduled for delivery in 1971. The computer is to be con

structed within a 4-inch cube, and to be capable of storing data on 

Z00 stars. It can accept new star tables, which might be read in from 

the ground as different portions of the -sky were examined. On the 

other hand, it might be possible to design a mapper with a field of 

view, sensitivity, and star catalog that will permit operating in any 

portion of the sky without table updating. Normal time for identification 

of an unknown star field is several seconds; attitude data can be updated 

at millisecond intervals thereafter. In a system designed for 
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the HEAO-C spacecraft, not only field of view and star catalog, but 

reticle slit pattern and rotation rate would have to be optimized to 

provide the desired accuracy and dynamic response. 

Table 5-15 gives performance data for a classified system 

currently under development by CDC (Ref. 5-10). The field of view 

and sensitivity are sufficient for operation in any portion of the sky, 

and the accuracy is more than sufficient for the HEAO-C application. 

This system is scheduled for delivery in early 1971. The sensing 

head of an earlier mapper was test-orbited in the satellite ATS-3. 

In this experiment, telemetered data from the head was analyzed on 

the ground to determine satellite attitude to about Z0 arc-seconds. 

It appears that the star mapper technology, as represented by CDC 

work, will be equal to HEAO-C requirements. Investigation has not 

identified state-of-the-art mappers by any other manufacturers. 

A complete attitude sensing system includes the sensing head, 

the CDC 469 computer, and the three reference gyros described 

earlier. Solar sensors are not required. The gyros can supply rate 

data for initial detumble (despin), and once angular rates are low 

enough for star mapper operation, the spacecraft can be slewed in 

any desired direction for pointing at a desired target. Because star 

data is stored on board, ground control need not identify star patterns 

to provide an initial reference. Table 5-16 provides weight and power 

information for a complete system. Regarding reliability, CDC 

personnel believe the limiting factor to be the photomultiplier tube 

rather than the reticle drive motor. The best measure would be 

the inclusion of a second star mapper to provide a backup in the 

event of failure. 

The sensing head requires protection from bright sources. 

In the case of the Earth and the Moon, electrical disabling is sufficient. 
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TABLE 5-15. CDC STAR MAPPER CHARACTERISTICS
 

Item 


Optical aperture, in.diam. 


Dimmest star sensed 


Field of view, deg 


Dimensions (sensing head), in. 


(computer) 


Time to identify stars 


Time to update, msec 


Accuracy (pitch), arc-sec rms 

(yaw), arc-sec rms 

(roll)(about optical axis),

arc-min rms 


Data
 

4
 

+5 magnitude
 

10 to 15
 

12 diam. by 18 !ong
 

4 in.cube
 

Less than 1 minute
 

7
 

5
 
5
 

I 

TABLE 5-16. STAR MAPPER SYSTEM WEIGHT AND POWER BREAKDOWN
 

Weight 
Average 
Power 

Power When 
Operating 

Item (Ib) (W) (W) 

Star mapping head 17 7 7 

CDC 469 computer 3 10 10 

Three reference gyros 3 30 30 

Gyro electronics 3 3 3 

Mounting hardware and 
local wiring 8 - -

TOTAL 34 50 
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A shutter is recommended for Sun protection. Since it is boresighted 

with the X-ray telescope, the mapper will normally look at about 90 

degrees to the Sun, but solar exposure could occur during the early 

phases of reference acquisition and slewing. If despin ended with 

the mapper looking too near the Sun, the gyros could be used to make 

a controlled turn through 40 or 50 degrees until the illumination level 

is low enough for the Sun shutter to open. 

TELEVISION ASPECT SYSTEM 

An allied system is the star field system, also represented 

by the product of one manufacturer. In this case, it is a star field 

sensor designed by Kollsman for Apollo guidance system alignment. 

The system was designed to detect +6 magnitude and brighter stars 

within a 10- by 10-degree field of view and to detect motion of some 

star that was automatically and arbitrarily selected. Development 

was discohtinued when the requirement failed to materialize. The 

principle, however, remains valid. The system could be used to 

maintain lock in an established direction and to control reorientations 

without the aid of gyroscopes. 

In considering systems of this kind, it should be remembered 

that the HEAO-C spacecraft may contain a television aspect device 

to telemeter star field information to-the ground (Ref. 5-11). This 

type of data can be reduced to a manageable volume only by processing 

to eliminate blank areas, so that telemetered data is limited to the 

brightness and the coordinates of the stars seen. Data processed in 

this way is a potential source of precise attitude information. The 

principle is similar to that of the Kollsman star field motion sensor, 

with the advantage that a large part of the required equipment is already 
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on board the spacecraft. Because of this, and because it was never 

completed, the Kollsman instrument will not be discussed further; but 

the derivation of attitude data from the television aspect system will 

be briefly explored. 

The television aspect system is required to determine stellar 

positions to 10 arc-seconds. A 1, 024 by 1, 024 element raster and a 

square ±1l. 37-degree field of view are envisaged, each picture element 

being 10 by 10 arc-seconds (Figure 5-8). The optical system, using a 6

inch aperture, is capable of much higher resolution than that stated 

above. However, a star image is so small that it normally appears in 

one picture element only. 

In both field of view and accuracy, the television aspect system 

meets attitude sensing requirements. However, the manner in which 

attitude data can be extracted from the encoded star field on a real

time basis must be determined. 

The extensive recent work on pattern recognition is pertinent 

here; numerous analog instruments have been devised for statistically 

analyzing the motion of complex images. In the present case, how

ever, the type of image being handled is simple enough to permit 

straightforward digital processing. 

The sensitivity and field of view of the television aspect system 

result in an average of five detectable stars in the field of view. The 

television system is expected to have an integration time of 1 second. 

Its output to the telemetering system consists of 15 data words that 

give the rectangular coordinates and brightness of the five brightest 

stars seen (Figure 5-8). A hypothetical processor will extract attitude 

data by comparing successive 15-word star field samples. The 

processing problem can be viewed as a search or scan process which 

manipulates one sample with respect to the other until coincidence is 
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obtained for at least some fixed number of star images (such as three). 

The required manipulation, expressed in terms of translation and 

rotation of the star pattern, can be converted directly to pitch and yaw 

motions of the optical axis, and roll about this axis, respectively. 

The difficulty of search is greatly dependent on the magnitude 

of possible sample -to -sample motion. Stabilization requirements 

include angular rates of 1 arc-second; but the usefulness of the system 

increases with its ability to handle higher angular rates, The search 

problem is greatly simplified if maximum sample-to-sample motion 

is small compared with the average distance between stars. For 

example, assuming that the search method starts by seeking the new 

position of the star nearest the center of the field of view, translation 

of this star is a close approximation to translation of the, image for 

small angular motions. Rotation effects are small. If sample-to

sample motion is limited to ±n picture elements in each of the X and 

Y directions, the number of elements to be searched for the new 

position of the star is 

(2n + 1)2 

arranged in a square centered on the previous star position. With 

random star distribution, the probability that this square does not 

contain one of the other stars is 

1 n + 1)2]4 

If the probability of no confusion between stars is to be 0. 995, 

n is limited to 17, i.e., 1, 225 squares are to be searched. Since 

the picture elements on a side are 10 arc-seconds, sample-to-sample 

motion in the I-second integration time is limited to 

±170 arc-seconds/sec = 0.047 deg/sec. 
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This is large enough to cover residual mtion within the rate gyroscope 

deadband following despin. 

The practicality of completing the search process within the 

1-second interval between star field samples must then be verified. 

The above discussion deals only with star field translations, which 

represent pitch and yaw motion. A 0. 047-degree pitch or yaw displaces 

any star image by 17 picture elements. A roll (rotation about the optical 

axis) of the same magnitude has no effect on a star very near the axis, 

but displaces a star image at the edge of the field by 

1,02 ( 0.]04 = 0.42 element. 

At most, this would be sufficient to move a star image into 

the adjacent picture element. 

A simple search algorithm could establish translational motion 

by identifying a star near the optical axis and searching the surrounding 

35 by 35 element square for its new position (Figure 5-9). This can be 

done by a comparison of first X- and then Y-coordinates for the five 

stars in the new sample to find one lying within the square. As shown 

earlier, the probability is 0. 995 that any star found within the square 

is the one originally at its center. Star brightness comparisons can 

provide an additional guarantee against incorrect identification. The 

apparent displacement may be up to 17 elements. Of this, all but 

0.42 element (or less) must be the result of true translation rather 

than rotation. Therefore, the position of any of the four remaining 

stars can be predicted to within one element of displacement, or within 

a 3 by 3 element square (Figure 5-10). The search algorithm can be 

completed by a search limited to this square. A similar 3 by 3 search 

on one other star, together with star brightness checks, confirms the 
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FIGURE 5-9. ESTIMATE OF STAR-FIELD TRANSLATION
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FIGURE 	5-10. ESTIMATE OF ROTATION
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data 	obtained. Star image displacements (in units of picture elements) 

are 	then converted into attitude error angles, taking into account star 

position within the field. Table 5-17 lists the operations required to 

derive attitude angles from the television system output. The stars 

that 	are nearest and farthest from the optical axis are best found by 

minimizing and maximizing the function 

lxi + iyI 

rather than 

X2 + yZ 

since addition is much more rapidly carried out than multiplication. 

This 	reduces the first nine steps of Table 5-17 to less than 70 additions 

and 	subtractions. It may be possible to complete even the last step 

with 	additions and subtractions only, making total computing time very 

short for the basic procedure outlined. 

TABLE 5-17. STAR FIELD ANALYSIS ALGORITHM
 

1. 	IDENTIFY STAR NEAREST OPTICAL AXIS IN Nth STAR FIELD SAMPLE
 

2. 	DEFINE 35 BY 35 ELEMENT SEARCH AREA CENTERED ON THIS POINT
 

3. 	FIND STAR IN THIS AREA IN (N + 1)th SAMPLE
 

4. 	CHECK MAGNITUDE TO CONFIRM STAR IDENTIFICATION
 

5. 	IDENTIFY STAR FARTHEST FROM OPTICAL AXIS INNth SAMPLE
 

6. 	DEFINE 3 BY 3 ELEMENT SEARCH AREA CENTERED ON THIS POINT
 

7. 	FIND STAR IN THIS AREA IN (N + 1)th SAMPLE
 

8. 	CHECK MAGNITUDE TO CONFIRM STAR IDENTIFICATION
 

9. 	USE MEASURED DISPLACEMENT OF THE TWO STARS TO CALCULATE
 
STAR FIELD ROTATION AND TRANSLATION
 

10. 	 OUTPUT ROTATION AND TRANSLATION SCALED TO EQUAL ATTITUDE
 
ANGLE CHANGES.
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This analysis of the star search problem is, of course, an 

elementary one, ignoring as it does such complications as noise, star 

entry and departure from the field of view, and the effects of double 

stars. An example of improvement would be a step which recorded 

rates of motion averaged over several previous samples and which 

ignored individual samples indicative of abnormal rates or accelerations. 

The algorithm is readily elaborated to include such cases. The space

craft attitude control computer is currently expected to have a basic 

operation time of about 3 microseconds and a multiply/divide time of 

60 microseconds. Such a machine would require less than 1 milli

second to apply a basic search algorithm of the kind proposed. In 

fact, the 1-second period between star field samples would allow 

application of a far more sophisticated procedure, if desired. 

To be really useful, the system should also be able to handle 

slewing to new targets and new star fields. Slewing is controlled 

by gyros, which can point the spacecraft in the new direction to within 

about 0. 1 degree; the television aspect system must correct this small 

remaining error and lock onto the new star field. 

This can be done using the procedure outlined above, but there 

are two differences. One is that no previous star field sample is avail

able. Instead, the system must use a star field description telemetered 

from the ground. This would consist of the usual 15 words of data 

describing the output of the television system for the case when the 

spacecraft is perfectly pointed. The other difference is that the 0. 1

degree error corresponds to 37 picture elements; the area which must 

be searched contains 

(Z X 37 + 1)z = 5,625 elements. 
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The search begins with the star which is nearest the center of the field 

in the 'previous' (telemetered) star field sample. The probability that 

no other star now lies within this area is given by the equation quoted 

earlier as 0. 979. This means that in about one case out of fifty, or 

once a week on the average, the system would run the risk of identifying 

the wrong star. The error would become -evident when the magnitudes 

of the five stars were compared with their telemetered values. One 

possibility at this stage would be an appeal for assistance from the 

ground. Human examination of the field telemetered by the television 

system would very quickly correct the error in star identification. It 

would, of course, be more convenient if the system could deal with the 

problem automatically. Various procedures for this can be devised; 

they could include carrying out a search process for all five stars. 

It would not be difficult to devise several possible processes for reli

able identification, none of which would require more than a second of 

computing time. When the process was complete, star magnitudes 

would be checked for agreement with telemetered values. Agreement 

on all five maghitudes would provide good insurance against acceptance 

of an incorrect star identification. 

Like the star tracker, the television aspect system requires an 

additional reference during occultation. As before, a pair of gyros is 

suggested for use during initial spacecraft despin and solar acquisition. 

If a degree of redundancy is to be provided, the use of a second television 

system may be considered. Since pointing does not require 10 arc

second accuracy and, since an even lowei accuracy may be acceptable 

in the unlikely event of television system failure, the secondary 

television system may have a much smaller optical system. If basic 

resolution cell size is increased from 10 to 100 arc-seconds, with the 

aim of achieving a pointing precision not much worse than the desired 

1 arc-minute, the focal length of the optical system can be reduced by 

a factor of 10 with a great reduction in weight. A weight of 50 pounds 

5-58 



is estimated for a secondary system of this kind. Table'\5-18 lists the 

characteristics of the complete television aspect sensing system, 

which includes the usual solar sensors for initial solar acquisition, 

but excludes a redundant television aspect system. 

TABLE 5-18. ATTITUDE SENSING WITH TELEVISION ASPECT SYSTEM
 

Average Power When 

Item 
Weight
(lb) 

Power 
(W) 

Operating 
(W) 

Three reference gyros .3 30 30 

Coarse Sun sensors and 
mounting 8 - 1 

Fine Sun sensor 2 - 1 

Electronics (gyros and
 
Sun sensors) 4 5 5
 

Mounting hardware and
 
--local wiring 5 


TOTAL 22 35
 

The merits of this attitude sensing system are its low weight and 

power consumption. The use of a given basic unit for two purposes, i. e., 

aspect sensing and attitude control, may be considered advantageous 

from the viewpoint of total development cost, or disadvantageous from 

the viewpoint of development risk. Only one basic instrument is required, 

but development difficulties affect two systems. An important factor is 

the extent to which the television system can be based on perfected or 

proven equipment. 

The above discussion indicates that the television aspect system 

is a suitable source of fine attitude data as far as field of view, accuracy, 
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and data processing time are concerned. The real limitation of this 

attitude sensing scheme is its dependence upon a component (the 

television camera) which only one of the candidate experiment 

packages can provide. If another experiment package is selected, 

the weight of the television camera must be assigned to the weight 

budget of the attitude sensing system. 

COMPARISON OF ALTERNATIVE SYSTEMS 

This section summarizes the characteristics of the three 

attitude sensing systems described in previous sections. 

Star Tracker System 

This system is based on a tracker of single reference star 

which produces two-axis information; the initial pointing direction must 

be determined with help from the ground, but after that point gyro con

trol is sufficiently accurate to slew to new positions and to pick up the 

appropriate reference star each time. The system has the appeal of 

appearing closest to the present state of the art. 

Star Mapper System 

This system uses special-purpose sensors to generate star 

field data and a special-purpose computer to generate three-axis 

information. In effect, it is the television aspect system described 

herein except that it uses special-purpose components. To a limited 

degree, its components have been proven. The star mapper system 

can operate entirely without ground control, since it contains sufficient 

stored data to identify any star field. 
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Television Aspect System 

With a television camera included in the spacecraft experiment 

package, this system, as in the case of the star tracker system, requires 

initialization from the ground but can then operate automatically. The 

star field is analyzed to generate three-axis informationj using a pro

gram in the spacecraft attitude control computer. This system makes 

efficient use of components assumed to be already available on board 

and, as such, it may be considered to represent low development risk. 

Table 5-19 shows that weight and power differences between sys

tems are only a small fraction of spacecraft weight. Therefore, the 

choice should be based on the probability that a given system can be 

successfully developed and reliably operated in space. The star tracker 

system will be tentatively selected for the baseline system, because of 

its closeness to the present state of the art. Technical developments 

in the other types of trackers (star mapper and star field sensor) should 

be monitored closely, however. As progress is made in these areas, 

one of the other attitude sensing systems may appear more attractive. 

TABLE 5-19. COMPARISON OF ATTITUDE SENSING SYSTEMS
 

Weight Power 

(ib) (W) 

Star tracker system 110 85 

Star mapper system 34 50 

Television aspect system 22 35 
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Comparison With HEAO-A Equipment 

The HEAO-A spacecraft is externally similar to the HEAO-C, 

but the requirements of its experiments are entirely different. The 

HEAO-A attitude sensing and control system does have a pointing 

mode, but its principal mode of operation, the scan mode, involves 

continuous rotation about its z-axis, which is either aligned with or 

at some fixed angle to the solar vector. The rotation rate is in the 

region of 0. 5 deg/sec. 

The basic attitude sensing system proposed for the HEAO-A 

spacecraft (Ref. 5-12) includes the reference gyros, coarse and fine 

Sun sensors, and the star tracker found in HEAO-C. It also carries 

two other instruments, a specialized.digital Sun sensor capable 

of measuring the angle of the z-axis from the Sun, and a star field 

mapper of the Control Data Corporation type. In both scan and pointing 

modes, the star tracker and the Sun sensors together provide three

axis attitude data accurate to about 1 degree; this is sufficient for 

attitude control requirements. The star mapper has no rotating 

reticle, and therefore operates only during spacecraft rotation. In 

the scan mode, the mapper provides pulses which can be analyzed 

on the ground for after-the-fact determination of attitude to 0. 1 degree 

or better. 

Table 5-20 shows that this represents a more elaborate com

plement of instruments than HEAO-C. In making any comparison of 

the selected attitude sensing systems, it should be borne in mind that 

a large amount of work, including collection of a great deal of informa

tion on star sensors and fairly detailed simulations, followed the 

HEAO-A and preceded the HEAO-C studies. Therefore, it may be 

mightappropriate to inquire how the system suggested for HEAO-C 

be modified for HEAO-C use. 
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TABLE 5-20. COMPARISON OF HEAO-A AND HEAO-C
 
ATTITUDE SENSING EQUIPMENT 

HEAO-A 
HEAO-C 

(Baseline) 

HEAO-C Alternate, 
Adaptable to HEAO-A 

Needs 

Reference gyros Reference gyros Reference gyros
 

Coarse Sun sensors Coarse Sun sensors Coarse Sun sensors
 

Fine Sun sensor Fine Sun sensors Fine Sun sensors
 

Star tracker Star trackers (2) Star mapper
 

Digital (large-angle) Computer (CDC 469)
 
Sun sensor
 

Star mapper
 

One piece of information obtained during HEAO-C work was 

knowledge of the existence of a Control Data Corporation program 

involving a star mapper and CDC 469 onboard computer, being 

developed for a system in which a spacecraft rotation rate of less 

than 1 revolution per hour provides all necessary scanning for on

board, real-time attitude determination. This system is expected to 

be flight-qualified in time for the HEAO-C mission. The star mapper 

is one of the three types of star sensors described as feasible for the 

HEAO-C mission. Without a motor-driven reticle, the star mapper/ 

CDC 469 combination is ideally suited to determination and control 

of the spacecraft axis of rotation.in the HEAO-A mission. In this 

primary mode of operation, the spacecraft does not depend upon any 

moving parts for attitude sensing. In the pointing mode, the space

craft does require operation of the reticle motor, however. 

In conclusion, the HEAO-C baseline system (using two single

star trackers) is not well suited for HEAO-A use; but a HEAO-C 

5-63 

http:rotation.in


system using the star mapper would be well adapted to 1HEAO-A 

requirements. The pointing direction of the mapper would be nominally 

180 degrees away from the Sun, and the three reference gyros would 

provide attitude data during occultation. The coarse and fine Sun 

sensors would be best retained for initial orientation and later backup 

use. 

Thus Table 5-20 includes a second HEAO-C system applicable 

to HEAO-A requirements. 

Since HEAO-B has identical attitude sensing requirements to 

HEAO-A, the above discussion applies to HEAO-B also. 

Comparison with HEAO-D Requirements 

The scientific payload of the HEAO-D spacecraft generates 

disturbing torques which make precise three-axis control impracticable. 

At present there are two possibilities for HEAO-D attitude sensing 

requirements: either there is provision for later on-the-ground attitude 

determination only, or there is this plus sufficient attitude control to 

keep the solar panels oriented more or less toward the Sun. 

In the first case, the star mapper alone is sufficient as a primary 

source of attitude data, since angular motion of the. uncontrolled spaie

craft provides the necessary scanning action. No reticle drive motor 

is required. One mapper plus three reference gyros provide attitude 

data at all times. If attitude control is required to meet solar power 

constraints, coarse and fine Sun sensors would provide angle data while 

the reference gyros would generate the rate signals'needed for stabi

lizing the control loop. Table 5-21 compares the systems involved. 
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TABLE 5-21. COMPARISON OF HEAO-C AND HEAO-D
 
ATTITUDE SENSING EQUIPMENT
 

HEAO-C Alternate 


Reference gyros 


Coarse Sun sensors 


Fine Sun sensors 


Star mapper 


Computer (CDC 469)
 

HEAO-D 

(No Attitude 

Control) 


Reference gyros 


Star mapper 


HEAO-D
 
(Partial Attitude
 

Control)
 

Reference gyros
 

Coarse Sun sensors
 

Fine Sun sensors
 

Star mapper
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6. ATTITUDE CONTROL SYSTEM
 

This system has the function of maintaining the desired space

craft attitude or orientation in the presence of disturbing torques. It 

must rotate the spacecraft to the desired attitude and apply the appro

priate torques to maintain direction. It has to operate in four modes: 

* 	 Despin mode - The system eliminates residual angular 
motion following separation of the spacecraft from its launch 
vehicle. This is done using reference gyros to detect angu
lar rates and gas jets to eliminate the rates. The space
craft ends this mode with no net angular momentum. In all 
other modes control torques are provided by internal momen
tum exchange devices (control moment gyros) rather than by 
the gas jets. 

* 	 Acquisition mode - The spacecraft is first rotated so that its 
solar panels face the Sun and begin generating electricity. 
It then rotates about the sun line at a predetermined rate. 
The Sun direction is detected by coarse and fine solar sensors 
distributed over the body of the spacecraft. A star tracker 
looking about 90 degrees away from the Sun generates an 
output indicating star transits; star identification makes 
possible the establishment of a three-axis system. 

* 	 Slew mode - The spacecraft is slewed or rotated to point in 
a desired direction with respect to the stars. 

* 	 Pointing mode - The spacecraft holds this direction until 
commanded or programmed to slew to a new target. 

The attitude control requirements for the HEAO-C spacecraft 

consist of attitude pointing accuracy, an attitude rate of change limita

tion while pointing at a target, and a large angle change, or slewing, 

capability. These requirements are 
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* 	 The attitude control system shall have'the capability of 
orienting the telescope lines of sight (spacecraft x-axis) to 
within -E1 arc minute of the desired direction and maintain
ing this orientation during the viewing period. This is the 
pointing mode of spacecraft operation. 

* 	 In the pointing mode, the telescope lines of sight shall be con
fined within an error circle of less than I arc second in 
diameter during 1 second of time. 

* 	 In the pointing mode the spacecraft angular error about the 
telescope lines of sight shall be controlled to +5 arc minutes. 

* 	 The attitude control system shall have the capability of 
rolling the spacecraft about its z axis through 100 degrees 
during a period of one-third of an orbit (32 minutes). 

* 	 The attitude control system shall have the capability of 
turning the spacecraft through 360 degrees about the optical 
line of sight (spacecraft x axis) during the dark portion of 
any orbit. The dark period of the orbit varies from 21 
minutes to 36 minutes for a 300-nautical-mile circular 
orbit inclined 35 degrees to the equator. 

Figure 6-1 shows the orientation of the spacecraft principal 

body axes and the location of the center of mass. -The principal mass 

moments of inertia of the spacecraft are 

* 	 About the x axis 

I = 4, 600 slug-ftx 


* 	 About the y axis 

Ty = 46, 800 slug-ft 

* 	 About the z axis 

1z = 47,300 slug-ft2 . 
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FIGURE 6-1. 	 HEAO-C SPACECRAFT PRINCIPAL AXES SYSTEM AND'LOCATION OF
 
CENTER OF MASS
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DISTURBANCE TORQUES
 

Both external and internal disturbing torques will be acting 

on the orbiting HEAO-C spacecraft. A knowledge of the magnitudes 

and variations of these torques is required for the proper sizing of the 

attitude control system. The following disturbing torques have been 

identified for a spacecraft in a 3 00-nautical-mile Earth orbit. 

* External 

A Gravity gradient 
A Aerodynamic 
• Magnetic
 
A Solar radiation
 

* Internal 

A Movement of experiment detectors. 

The largest disturbing torque acting on the spacecraft is the 

gravity gradient torque. This torque results from the fact that the 

mass moments of inertia of the spacecraft are not equal for all three 

principal axes. Gravity gradient tends to align the axis of minimum 

moment of inertia with the local vertical. The magnitudes of the maxi

mum gravity torques are expected to be (Appendix A) 

* Txg max = ±0. 001 ft-lbf 
* Tyg max = ±0. 077 ft-lbf 
* Tzg max ±0. 076 ft-lbf. 

Aerodynamic disturbing torque results from the fact that the 

center of pressure of the spacecraft surface and the spacecraft center 

of mass are not always aligned along the velocity vector. The maximum 

expected aerodynamic torque is expected to be (Appendix A) 

- 4
Ta = 4.82 X 10 ft-lbf 

or, about two orders of magnitude smaller than the maximum gravity 

gradient torque. 
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A magnetic disturbing torque will also be acting on the HEAO-C 

spacecraft. This torque results from the interaction of the natural 

magnetic moment of the spacecraft with the geomagnetic field. The 

magnetic torque acting on a magnetically clean spacecraft will be very 

small in comparison with the gravity gradient torque. However, the 

use of magnetic torquers, which is anticipated for the HEAO-C space

craft. will induce fields on the spacecraft and magnetize ferrous objects 

including the optical bench if Invar is used for the bench material. This 

effect may be significant and the resulting disturbance torque cannot be 

estimated without a detailed analysis which is beyond the scope of the 

present study. 

A solar radiation disturbance torque results from the fact that 

the centroid of the spacecraft area projected normal to the solar vector 

does not always lie on the solar vector from the spacecraft center of 
mass. The maximum expected solar radiation torque is (Appendix A) 

= 1. 9X 10 - 4 ft-lbfT s 

which is the same order of magnitude as the maximum expected aero

dynamic torque and three orders of magnitude smaller than the maxi

mum expected gravity gradient torque. 

Internal disturbance torques will be created when the experiment 

detectors are rotated or moved at the telescope focal planes. The 

magnitude of a typical disturbing torque is expected to be (Appendix A) 

TI = ±-0. 004 ft-lbf 

or about 5 percent of the maximum expected gravity gradient torque. 
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The analysis of disturbing torques indicates that, with the 

exception of the magnetic torque which has not been analyzed, gravity 

gradient is the only significant disturbing torque expected on the HEAO-C 

spacecraft. The magnitudes of maximum expected torques and momen

tums accumulated per orbit from these torques are listed in Table 6-1. 

These torques are discussed in more detail in Appendix A. 

TABLE 6-1. MAXIMUM EXPECTED DISTURBANCE TORQUES AND MOMENTUMS
 
ACCUMULATED PER ORBIT
 

Momentum 

Torque (ft-lbf) (ft-lbf-sec) 

Source x Axis y Axis z Axis x Axis y Axis z Axis 

Gravity gradient
 
(secular + cyclic) 0.001 0.077 0.076 3 220 220
 

-Aerodynamic 0.000 0.000 0.000 - -

Solar radiation 0.000 0.000 0.000 -

Internal component
 
--motion 0.000 0.000 0.000 -

TOTALS 0.001 0.077 0.076 3 220 220 

SURVEY OF ATTITUDE CONTROL SYSTEMS 

Attitude control systems can be broadly classified into two 

types. These are 

* Passive attitude control systems 
* Active attitude control systems. 

In the passive attitude control system use is made of environmental 

forces to control the spacecraft attitude. Examples of these forces 

are gravitational force, aerodynamic pressure, and solar radiation 

pressure. In each of these cases the spacecraft is designed to be 
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inherently stable. Passive systems have limitations that allow only 

one axis to be aligned to a reference coordinate system and that allow 

the system no slewing capability. The attitude control requirements 

for the HEAO-C mission preclude the use of a passive attitude control 

system. 

An active attitude control system requires a continual, source 

of energy within the spacecraft as well as continual knowledge of the 

actual and desired orientations. Active attitude control systems typi' 

cally used are reaction jets, flywheels, or control moment gyros. An 

active control system will be required if any of the following require

ments are to be met: 

" Stability about all axes in all regions of space 
* Capability of changing attitude on command 
* High accuracy of orientation. 

The basic difference between active and passive systems is 

that any passive system has some known stable orientation whereas 

an active system must be provided knowledge of the actual and desired 

orientations. This information may be supplied by attitude sensing 

devices such as Sun sensors, star sensors, etc. Reaction jets sys

tems have been used for attitude control on a number of spacecraft. 

The propellant used can range from compressed gas to liquid rocket 

fuel to ion or plasma sources, depending upon the mission. For short 

flight-time missions the propellant weight is tolerable, but for very long 

duration missions the propellant weight usually is excessive if fine 

pointing and continuous control is desired. 

A reaction-wheel system or a control moment gyro (CMG) 

system should be a satisfactory method of providing attitude control on 

long duration missions. Such a system operates by means of angular 

momentum transfer from flywheels or CMOs to the spacecraft or vice 

versa. The advantages of using a reaction wheel or CMG system are: 
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* 	 Efficient control of cyclic disturbances 

* 	 Ease in management and operation of desaturating devices 
for continuous disturbances. 

Any steady torque over a long period of time or any large 

impulse will saturate this system, however, and some sort of desat

urating procedure is necessary. This procedure must use reaction 

jets or some other form of actuator that either expells mass or reacts 

with something outside the spacecraft. Magnetic torquers may be 

used for momentum desaturation. A magnetic torquer is a device 

located on the spacecraft that produces a magnetic moment. This 

moment reacts with the Earth's magnetic field to produce a torque on 

the spacecraft. In order to produce a torque in the desired direction, 

a 	knowledge of the direction of the geomagnetic field vector is required. 

This information is provided by a three-axis magnetometer. 

The advantages of magnetic torquers over reaction jets are: 

* 	 Magnetic torquers have higher reliability because they have 
no moving components. 

* 	 The weight of the magnetic torquers is less than the weight 
of a reaction jet system for a long duration mission. 

* 	 There is no risk of contamination of optical surfaces onboard 
the spacecraft by jet exhaust. 

The disadvantages of magnetic torquers over reaction jets are: 

* 	 The Earth's magnetic field is not uniform around the Earth 
and is strongly influenced by solar flares and radiations. 

This introduces some uncertainty in the ability to produce 
the desired control torques at all times. 

* 	 The strength of the Earth's magnetic field decreases as the 

orbit altitude increases and hence the magnitude of control 

torque is lower at higher altitudes. 
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* The magnetic field produced by the torquers will magnetize 
ferrous objects on the spacecraft. Sensitive equipment 
will have to be located at some distance from the torquers. 
The reaction force produced by the magnetized objects will 
tend to oppose the torque produced by the torquers. 

The problem of contamination of optical surfaces by reaction 

jets exhaust may be eliminated by using cold nitrogen gas for the 

propellant; however, a large amount of propellant would be required 

for the 2-year HEAO-C mission. Thus in spite of certain drawbacks 

of magnetic torquers they appear to be better suited than reaction jets 

for the HEAO-C mission. 

From the preceeding survey of different control systems it 

appears that a combination of momentum storing devices (reaction 

wheels or CMGs) and magnetic torquers are the best choice for the 

HEAO-C mission. 

MOMENTUM STORAGE DEVICES 

Two types of momentum storage devices were considered for 

the HEAO-C spacecraft; namely reaction wheels and CMGs. A reac

tion wheel device includes a rotor having a high mass moment of inertia 

that can be accelerated (or decelerated) by an electric motor. The 

torque accelerating the rotor causes a change in the magnitude of the 

rotor angular momentum and an equal but opposite change in the 

angular momentum of the spacecraft inwhich the rotor is mounted. 

A CMG, on the other hand, is a gimballed wheel rotating at a constant 

speed. This wheel provides an angular momentum of constant magni

tude which can be oriented at various angles relative to the spacecraft 

in which it is mounted. A torque is imparted to the spacecraft by 

changing the direction of the gyro momentum vector. The relative 

advantages and disadvantages of the two devices are given below: 
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* 	 Reaction Wheel Advantages 

LA Relatively simple - 1 degree of freedom about a single 
axis 

A 	Minimum number of bearings results in low bearing
 
friction and high reliability
 

Al Requires a simple control law 

A 	Highly accurate control can be achieved 

A 	Continuous power requirement is moderate. 

* 	 Reaction Wheel Disadvantages 

A 	Two levels of control are required -- one for accurate 
pointing and the other for slewing 

A 	Peak power requirements are high. 

* 	 CMG Advantages 

A 	 Large maximum torques and a large range of torques 

can be provided
 

A 	Better bandwidth characteristics; i. e., more rapid
 
response to small errors than a reaction wheel
 

A 	A more nearly linear approach to saturation than a
 
reaction wheel, which becomes highly nonlinear as it
 
approaches. saturation.
 

A 	Higher drive motor efficiency. Since the CMG rotor speed 
is constant, its drive motor can be smaller and operate 
more efficiently, thereby minimizing weight and power 
requirements. 

* 	CMG Disadvantages 

A 	System operation is complex due to gyroscopic cross, 
coupling effects and the required mechanical gimballing 
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A More bearings are required than for a reaction wheel; 
therefore, bearing friction is greater and reliability is 
lower. 

A 	The control laws which translate torque commands for 
each spacecraft axis into gimbal torque commands are 
complex. 

System Capacity Requirements 

The momentum storage system must have the capacity to pro

vide control torques during the, operation of the experiments inthe 

spacecraft pointing mode and also to perofrm spacecraft slewing man

euvers. Table 6-1 lists the controltorques required for the pointing 

mode and also the momentum capacity on each-spacecraft axis if 

momentum were allowed to accumulate for an entire orbit. Simula

tion of spacecraft dynamics with periodic momentum dumping using 

magnetic torquers established that the total increase in momentum 

could be limited to slightly over 20 ft-lbf-sec; this-accumulation could 

occur in any spacecraft axis. Therefore, a momentum storage capacity 

of 30 ft-lbf-sec per axis will be adequate for operation in the pointing 

mode. Slewing requirements increase the required capacity. 

The spacecraft must be capable of slewing about the z-axis 

through an angle of 100 degrees in 32 minutes. This manuever is 

performed by accelerating the spacecraft to some constant angular 

rate, permitting it to coast for a period, and then decelerating it to 

zero angular rate. The mathematical relationship for the angular 

momentum and torque required is given by: 

!I
 

H Tt (Tt)? - 40 I T 	 (6-1)
2 [ 
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where 

H - angular momentum accumulated at the end of the 
accelerating torque application, ft-lbf-sec 

T - torque applied to accelerate the spacecraft, ft-lbf 
(Note: The torque is not necessarily applied during the 
entire maneuver period.) 

t -	 total maneuver time, sec 

o - total angle of rotation of the spacecraft about the z-axis, 
radians 

I -	 Moment of inertia of the spacecraft about the z-axis, 
slug-ftZ. 

Equation 6-I applies to the case in which the magnitudes and dura

tions of the accelerating and decelerating torques are equal. The 

relationship between the magnitude of applied torque and the momem

turn required for the HEAO-C spacecraft is shown in Figure 6-2. The 

values of the constants used in this plot were 

* 	 t = 1, 800 seconds (2 minutes was allowed for damping of 
transients) 

* 6 = 1. 75 radians (100 degrees) 

* 1= 	 47,300 slug-ftz. 

It can be seen in Figure 6-2 that the angular momentum require

ment decreases as the torque level increases. However, the decrease 

in angular momentum becomes very small as the torque level is increased 

above 1. 0 ft-lbf. If a torque of 0.4 ft-lbf is applied for this maneuver, 

a momentum storage requirement of approximately 50 ft-lbf-sec will be 

required. This choice of requirements is well suited to the use of 

either reaction wheels or CMGs and is therefore selected for the z-axis 

slewing requirement. 
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The imaging polarization experiment requires that the space

craft be rotated through 360 degrees about the x axis. Because of 

electric power and possibly thermal control requirements, it is neces

sary that this maneuver be performed during the dark portion of the 

orbit. The maneuver might be performed as two 180-degree maneuvers 

or four 90-degree maneuvers. Iftwo 180-degree maneuvers are per

formed, the maneuver time must not exceed 12 minutes to allow an 

experiment time of at least 9 minutes for the minimum duration night

time period of 21 minutes. If four 90-degree maneuvers are to per

formed, each must be completed in 3 minutes to allow three 3-minute 

observing periods during the minimum nighttime period. 

The 90-degree maneuvers can be completed in 2. 5 minutes, 

leaving 0. 5 minute for transient damping, using a minimum torque of 

1.3 ft-lbf. However, a relatively high momentum capacity of 98 

ft-lbf-sec is required. A better choice is the use of a 2. 0-ft-lbf torque, 

in which case a momentum capacity of only 60 ft-lbf-sec is required. 

The 180-degree maneuver can be made in 5 minutes, leaving 1 minute 

for transient damping, using a torque of 2. 0 ft-lbf. The momentum 

requirement for this maneuver is 52 ft-lbf-sec. Therefore, a torque 

requirement of 2. 0 ft-lbf and.a momentum requirement of 60 ft-lbf-sec 

is established for the x-axis roll maneuver. 

The torque and momentum requirements for overcoming dis

turbing torques in the pointing mode and for slewing the spacecraft are 

listed in Table 6-2. The y-axis torque and momentum requirements 

are less than those for the x- and z-axes because no slewing require

ment has been specified for this axis. However, maneuver capability 

about this axis will be necessary in order to acquire sources. Maxi

mum use of y-axis slew capability may be made when the spacecraft 

is reoriented to permit flare observations. Design momentum require

ments for the x- and z-axes were increased from 90 and 80 to 
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TABLE 6-2. TORQUE AND MOMENTUM CAPABILITY REQUIREMENT FOR MOMENTUM STORAGE DEVICES
 

Torque (ft-lbf) Momentum (ft-lbf-sec)
 

x Axis y Axis z Axis x Axis y Axis z Axis
 

Disturbing Torques 0.001 0.077 0.076 30 30 30
 

Slewing 2.0 0.0 0.4 60 0 50
 

Total Requirements 2.001 0.077 0.476 90 30 80
 

Values used for
 
Sizing Control System 2.0 0.5 0.5 100 100 100
 

On 



100 ft-lbf-sec to give a design margin over expected requirements and 

the y-axis momentum requirement was chosen as the same for uniformity. 

Since the x-axis torque requirement was significantly above the z-axis 

requirement, separate design requirements of Z. 0 and 0. 5 ft-lbf were 

chosen. The y-axis torque requirement was chosen as 0.5 ft-lbf for 

uniformity with the z-axis requirement. 

Reaction Wheel Sizing 

The weight of a reaction wheel system for three axis control 

consists of the weights of three momentum packages (rotor, motor, 

and housing), wiring, control electronics, and miscellaneous hardware. 

The power required by the system is the motor power plus the power 

dissipated by the electronics. 

The weight of a rotor and housing is dependent upon the amount 

of momentum capability required of the system, while the motor weight 

is a function of the stall torque. The sizing equation giving rotor weight 

as a function of momentum, wheel radius, and rotor speed is 

Wr = 4, 820 H + 0.2 R' 4 lbm (6-2)
R t r 

where 

Wr - rotor weight, ibm 

H - angular momentum of the reaction wheel, ft-lbf-sec 

R - rotor radius, in. 

- rotor speed, radians/sec.or 


The housing weight is given by 

Wh = 0. 027 Ra.?s Ibm (6-3) 
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The maximum power required from the motor occurs at maxi

mum stored momentum or wheel speed, wmax. This relationship is 

T max w0max (6-4) 

where 

P - electric power input (peak), watts 

T max - maximum control torque-needed, ft-lbf-sec 

i - conversion efficiency from electrical input power to 
motor shaft power. A value of 0. 75 has been assumed. 

Substituting the rotor speed wmax from Equation 6-4 into Equation 6-2 

and combining with Equation 6-3, the total rotor plus the housing 

WT, becomes 

W T = Wr*Wh 

4 3-754, 820 H Tmax + 0.2 R 1 . + 0. 027 Rz (6-5) 
2'RP 

TFor a given H, max, P, and q, this equation has a minimum 

WT for a particular reaction wheel radius I% and represents the optimum 

reaction wheel size. An additional Z0 percent weight is added to the 

weight obtained from Equation 6-5 to account for the spin motor and 

electronics to give the total single axis unit weight. The x-axis torque 

and momentum requirements are 

T x = Z. 0 ft-lbf 

= 100 ft-lbf-secHX 
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Figure 6-3 is a plot of the x-axis system weight as a function of rotor 

radius for several peak power levels. The maximum allowable peak 

power was chosen as 100 watts because a lower value would signifi

cantly increase system weight and a higher value would reduce system 

weight at a rapidly diminishing rate. The x-axis system weight is 

135 lbm for a peak power of 100 watts. ' 

The y- and z-axes torque and momentum requirements are 

Ty = T z - 0. 5 ft-lbf 

Hy = Hz = 100 ft-lbf-sec 

Figure 6-4 is a plot of the system weight for either the y- or z-axis 

as a function of rotor radius for peak powers of 50 and 100 watts. For 

a-peak power of 100 watts, system weight is 60 ibm for each axis. 

Total system weight and peak power for all three axes is 

255 Ibm and 300 watts. The average power requirement is estimated 

on the basis of computer simulation of spacecraft dynamics with con

trol moment gyros to be one-fifth of the maximum, or 60 watts. 

Control Moment Gyro Sizing 

The weight of a control moment gyro consists of the weights of 

rotor, gimbals, gimbal torquer, rotor spin motor, associated electronics, 

and miscellaneous hardware. The power required by the CMG and its 

associated electronics is for the 

* 	 Spin motor and drive electronics 

* 	 Gimbal actuator and drive 

* 	 Gimbal position and rotor speed-sensing elements and inter
face circuits. 
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The power required is generally a constant level, determined mainly by 

the spin motor and electronics, plus peak levels of short duration that 

are required by the gimbal actuators when they are producing control 

torques. A survey of hardware produced by several manufacturers 

indicates that the peak power requirement is typically 4 to 8 times the 

average power requirement. 

A 	large number of CMG configurations may be formulated from 

the two basic building blocks, the single gimbal and the double gimbal 

CMG, through the use of different combinations and orientations of the 

gyros. Each of the configurations has its own characteristics, momen

turn envelope and control laws for implementations. In this study four 

types of basic configurations were considered and compared for weight, 

power requirement, redundancy, and momentum utilization. These 

configurations are: 

" 	 Three single degree of freedom gyros (single gimballed) 

" 	 Three pairs of single degree of freedom gyros (also called 
twin gyros or scissored pairs) 

* 	 Three two degree of freedom gyros (double gimballed) 

" 	 Four single gimbal gyros (also called 4-FACS). 

The system utilizing three scissored pairs of single degree of freedom 

gyros was chosen as the baseline configuration. Characteristics of 

other CMG configurations that were considered are given in the appendix. 

Although the three scissored pair configuration is heavier and requires 

- more power than any of the other CMG systems considered, its other 

advantages are believed to more than offset these disadvantages: 

* 	 Negligible cross coupling between axes when operating in the 
pointing mode. This permits the application of the desired 
torques in all axes without the production of unwanted torques. 
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* 	 The control law is very simple. 

* 	 The system is redundant and control could be maintained in 
the event of failure of one gyro on each axis. 

A control moment gyro system of three scissored pairs of gyros 

was simulated in the computer simulation of the spacecraft dynamic 

response to disturbing torques and control torques. 

Figure 6-5 shows the arrangement for three scissored pairs of 

gyros. This arrangement consists of six tonstant speed, single degree 

of freedom gyros which are used in pairs to provide three momentum 

vectors aligned with the three vehicle axes. The rotors of two gyros of 

a pair spin in opposite directions; they are driven to equal and opposite 

gimbal angles to produce a torque aligned along one vehicle axis. 

In this arrangement cross-coupling is avoided during the pointing 

mode, when the spacecraft body rates are small, at the expense of 

requiring six gyros. When the spacecraft is slewed, however, the space

craft body rates are large, and there is cross-coupling between axes: 

Another advantage of this arrangement over other CMG configurations 

is that it allows large gimbal angles so that a major portion of the 

momentum stored in the gyros is available for transfer to the vehicle. 

Gimbal angles greater than 60 degrees are possible but are undesirable 

since the gimbal rate required is a cosine function of the gimballed 

angle. Thus at a gimbal angle of 60 degrees the required gimbal rate 

for a constant output torque is twice the rate required when the gimbal 

angle is zero. This will result in a higher torquer power requirement 

and the application of a greater load on gimbal bearings. Other advan

tages of this arrangement, as stated previously, is its very simple 

control law and redundancy. 

6-22 



z 

h
 

h 

hxa
 

FIGURE 6-5. THREE PAIRS OF SINGLE DEGREE OF FREEDOM GYROS (SCISSORED PAIRS)
 

6-23
 



If all of the six gyros are assumed to have the same rotor 

angular momentum, then the momentum in each axis (Figure 6-5) can 

be expressed as 

Hx = 2h sina z 

Hy = 2h sin ax (6-6) 

H z = 2 h sin y 

The reaction torque exerted on the spacecraft by the gyro system can 

be obtained by differentiating the Equation 6-6 

Tx = d = -Zh z cos azat 

- dli 
T - d = - 2 h ax cos ax (6-7)y at 

- dlizd = -2h a. cos ay 

It is apparent from the above equations that the output torques are 

uncoupled. 

For gyro gimbal angles limited to 60 degrees Equation 6-6 

becomes 

Hx = Hy = Hz_:T/3h 

For a momentum storage requirement in each axis of 100 ft-lbf-sec. 

h a -= 58 ft-lbf-sec or 60 ft-lbf-sec 
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The weight and power required for a 60-ft-lbf-sec CMG is 

(Refs. 6-1 and 6-2) 

* Weight = 35 Ibm 
* Power = 10 watts average. 

For a system of six gyros, the total system weight is 210 ibm. The 

average power requirement is 60 watts. The peak power requirement 

is estimated to be 220 watts, based on four units operating at peak 

power (50 watts each) and two units operating at average power. 

Comparison of Wheels and CMG Configurations 

A comparison of a reaction wheel momentum dumping system 

and the control moment gyro configurations that were considered is 

given in Table 6-3. The weight and power requirements for the reaction 

wheel system are greater than for any of the four CMG configurations 

considered, although only slightly greater than for the three scissored 

pair configuration. The reaction wheel system is attractive because of 

its simplicity and ease of operation; i. e., simple control law. The 

advantage of the three scissored pair CMG configuration over the 

reaction wheel system is its inherent redundancy plus the other advan

tages previously given. There is no redundancy in the reaction wheel 

system. 

A comparison of the different CMGs configurations shows that 

the three two degree of freedom gyros (double gimballed) have the 

least weight and power requirements. The problem with double gimballed 

gyros is that they require a very complex control law. Without a special 

control law this configuration can have an inner gimbal lock at low 

momentum and also can result in hang up. Hang up is the condition in 

which the momentum vectors of all three gyros are aligned in the direc

tion of a desired control torque. In this condition, the gyros cannot 

produce the desired torque. Because of these serious problems, the 

double gimballed configuration is not considered very attractive. 
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a' TABLE 6-3. COMPARISON OF REACTION WHEELS AND CMG CONFIGURATIONS FOR THREE AXIS CONTROL 

Configuration 


Three Reaction Wheels 


Three Single Degree of
 
Freedom Gyros (Single
 
Gimballed) 


Three paris of Single
 
Degree of Freedom
 
Gyros (Scissored Pair) 


Three Two Degree of
 
Freedom Gyros (Double
 
Gimballed) 


Four Single Degree
 
of Freedom Gyros
 
(4FACS) 
-

Angular Momentum 
Per Rotor 

(ft-lbf-sec) 
Weight
(Ibm) 

100 255 

70 (3units) 120 

60 (6units) 210 

40 (3units) 120 

100 (4units) 180 

Power (W) 

Average Peak 

60 300 

Momentum Utilization 
Percent of Total 

Momentum 

33 each axis 

36 150 67 each axis 

60 220 33 each axis 

30 140 100 all axes 

52 208 25 in one axis50 in two axes 



The weight and power requirements for the three single degree 

of freedom gyros are about the same as those for the double gimballed 

gyros. The disadvantages of three single degree of freedom gyros are 

the presence of cross coupling between axes' and they lack redundancy. 

The four single degree of freedom gyros (4 FACS) configuration 

requires slightly less weight and power than the three scissored pair 

configuration. The disadvantage of four single degree of freedom gyros 

in the presence of cross coupling for gimbal angles other than 45 degrees. 

After considering the advantages and disadvantages of each system 

and configuration, the three scissored pair CMG configuration was 

selected as a baseline momentum storage system. This comparison 

was not meant to be an analysis to determine the optimum configura

tion. It was intended only to identify a feasible system having no serious 

disadvantages. Further analysis and the inclusion of factors such as 

providing the required reliability not treated in depth in this study may 

make dictate the use of a different system. 

Availability of Suitable Hardware 

No space flight proven momentum storing devices in the capacity 

range of interest are presently available. The closest approximation 

appears to be the Model 100 control moment gyro developed-and tested 

by Sperry's Phoenix Division. This gyro, which has an angular momen

tum capacity of 100 ft-lbf-sec, meets the momentum requirement for 

use in the four single degree of freedom gyro configuration, but is slightly 

oversized for the three scissored pair configuration. However, the weight, 

volume, and power requirements of these somewhat oversized units have 

been included in the HEAO-C spacecraft layout and weight and power 

summations. The salient features of Sperry Model 100 CMG are 
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" Angular momentum - 100 ft-lbf-sec 

* 	 Rotor speed - 7, 850 rpm 

* 	 Maximum reaction torque - 50 ft-lbf 

* 	 Peak gimbal torque (direct drive) - 0. 85 ft-lbf 

* 	 Maximum gimbal rate - 0. 35 radian/sec 

* 	 Rotor diameter - 16 inches 

* 	 Envelope dimensions 25 by 20 by 18 inches 

* 	 Run up time - 2 hours 

* 	 Spin motor (induction type) power 

A Peak during run up - 60 watts
 
A Steady operation - 13 watts
 

* 	 Gimbal torquer power (permanent magnet, dc pancake, 
brush type) 

A Stall - 60 watts
 
A Peak - 60 watts
 

A Supply voltage - 28 Vdc
 

* 	 Wear out life - greater than Z years 

* 	 Reliability - 0. 98 for 11, 000 hours (excluding electronics) 

* 	 Weight 

A Total - 42.2 lbm
 
A Gyro - 35 Ibm
 
A Electronics - 7.2 lbm.
 

It is proposed that the CMGs be spun up before launch, rather 

than in orbit. This saves electrical power and permits the CMGs to be 

used immediately for slewing the spacecraft toward the Sun. The CMG 

spinup power will never represent a load on the spacecraft power sys

tem, and the long spinup time will not affect spacecraft operations in 
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the critical period between arrival in orbit and alignment of the solar 

panels toward the Sun. Sperry representatives stated that the CMGs 

are quite capable of sustaining launch accelerations in the spinning 

condition. 

DESATURATION OF MOMENTUM STORAGE DEVICES 

Momentum storage devices require periodic dumping of momen

tum to prevent saturation. A torque source is required for momentum 

dumping; this torque may be provided by any convenient means such as 

reaction jets or reaction with the geomagnetic field. The required torque 

for the HEAO-C spacecraft will be provided by electromagnets, or 

magnetic torquers. Three torquers are used, one aligned with each 

spacecraft body axis. When the torquers are energized, they produce a 

mangetic moment that interacts with the geomagnetic field to produce 

a torque on the spacecraft. 

The problems encountered in using the geomagnetic field are: 

* 	 The magnetic field is not uniform and varies in magnitude 
and direction as the spacecraft orbits the Earth. 

* 	 The torque generated is always normal to the geomagnetic 
field vector. Because of this inherent limitation on the 
direction of the generated torque, the component of the 
moment vector normal to the magnetic field vector can 
be desaturated, whereas the component along the magnetic 
field cannot be desaturated. 

Magnetic Torquer Sizing 

The long term effect of the secular component of gravity gradient 

torque acting on-the spacecraft is the accumulation of angular momen

turn in the momentum storage device. The effect of other types of 

external and internal disturbance torques is cyclic, which result in 

no long-term momentum accumulation. Therefore magnetic torquers 
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are sized to produce a torque equal to the average gravity gradient torque 

and thereby to eliminate the angular momentum resulting from this 

disturbance. 

The variation of secular gravity gradient torque is a sine squared 

waveform and therefore the average torque is half of the maximum 

torque. The maximum gravity torque is about 0. 08 ft-lbf and there

fore average gravity torque is 0. 04 ft-lbf. 

The magnetic moment generation capability of an electromagnet 

is 

M = T/B 0 V3-6) 

where 

M - magnetit moment, ft-lf/gauss 

T - torque generated, ft-lbf 

B G - geomagnetic field strength, gauss 

The strength of Earth's magnetic field at an altitude of 300 

nautical miles varies from a minimum of approximately 0.243'gauss at 

the geomagnetic equator to a maximum of approximately 0. 485 gauss 

at the geomagnetic poles. The dipole model gives these same values 

for the poles and geomagnetic equator. Departures of the actual field 

from a dipole field are both regional and local. To take into account 

the effect due to these anamolies and other effects resulting from solar 

activity, a value of 0.20 gauss is used for the geomagnetic field for 

sizing the electromagnet. -The required maximum torquer magnetic 

moment from Equation 6-8 is 

2 )0.04 0.20 ft-lbf/gauss (2, 700 amp-m
M 0.20 
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This magnetic moment is produced if the maximum current is supplied 

to the torquer. If a smaller current is supplied, the magnetic moment 

and resulting torque is lower. 

The volume of the core for an electromagnet is, given by 

V - 4X1 X M (6-9)BC 

where 

V - volume of core, m3 

M - magnetic moment generated by the electromagnet,
Z 

amp-m 

BC - flux in the core, gauss. 

For a given maximum value of magnetic moment to be generated, the 

core volume is minimum when Bc is maximum; i. e., the saturation 

value of BC for the core material. Thus a core material which has a 

very high saturation flux should be used to minimize the required core 

volume and hence core weight. The core material should retain mini

mum residual magnetism when the magnetizing force is removed; i. e., 

low coercine force, so that moments can be easily controlled. 

The criteria for the selection of core material are 

a Low density of the material 
* High saturation flux 
* Low coercive force. 

Table 6-4 gives the physical and magnetic characteristics of three 

magnetic materials that are suitable on the above basis. 
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TABLE 6-4. PROPERTIES OF FERRO-MAGNETIC MATERIALS,
 

Coercive Saturation
 
Alloy Density Force Value of BC
 

Name (/) (gram/cm3) (oersted) (gauss)
 

Permendur 	 50 Co 8.3 2.00 24,500
 
50 Fe
 

AEM 4750 	 48 Ni 8.2 0.07 16,000
 
52 Fe
 

M-50 Silicon-iron 	 0.40 SI 7.85 1.00 20,500
 
99.60 Fe
 

The power mass product for the windings of the electromagnet 

solenoid is given by 

P Wsole = 4r H2 j-	 p V (6-10) 

where 

P - power, W 

Wsole - mass of solenoid, kg 

H - magnetizing force, amp/rn 

A - length of the electromagnet, m 

- resistivity of the winding wire, ohm-m 

kg/rn 3 
p - density of 	winding wire, 

3
 
V 
 - volume of the core, m 

Aluminum wire is selected for the solenoid windings as the product of 

a- p is minimum for aluminum wire. 
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In the electromagnet design the length-to-diameter ratio of the 

core is a dominating factor. The higher the ratio, the smaller is the 

end effect. For a very high ratio, the end effect approaches zero and 

the effective permeability of the core approaches the true permeability. 

In practice the length of the core is determined by the dimensions of 

the spacecraft for internally mounted electromagnets. For the HEAO-C 

spacecraft, an electromagnet 90 inches long can be accommodated inside 

the spacecraft along the minimum dimension -axes. 

Knowing the volume of the core needed from Equation 6-9, the 

diameter of the circular core section can be determined as 

4 
d - - (6-11) 

(4V/r1)2 

where 

d - diameter of core, m
 

volume of core,- m 3

V -

I - length of core, m. 

The total weight of the electromagnet (excluding insulation, mounting, 

etc. ) is given by -

W T = Wcore + Wsole (6-12) 

where 

WT total weight of the eimctromagii6t, kg 

Wcore weight of core, kg 

Wsole weight of solenoid, kg. 
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Equation 6-12 can be written as 

WT 	 = VPcore + Wsole (6-13) 

where 

V - volume of core, m 3 

- density of core, kg/rn3 
Pcore 

Substituting the values of V and Wsole from Equation 6-9 and Equation 

6-10 into Equation 6-13 gives 

W 	 -
4 wX 10- 3 M 4r I T p V Hz 

= BC Pcore + (6-14) 

Putting the value of V from Equation 6-9 into Equation 6-14 gives 

3 	 4TX 10 - M 16w X 10 3 1 0- p M H' 
WT BC Pcore + BC P 

- M K, MH 2 	 (6-15)
BPICB BC 

where 

K, 	 - a constant equal to 4w X 10- 3 Pcore 

- 3K2 	 - a constant equal to 167 2 X 10 e aT p 

For a given core material the flux density in the core B C is
 

dependent upon the magnetizing force H. This telationship can be
 

expressed as 

-H = f(Bc) 	 (6-16) 
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Equation 6-15 can nowbe expressed as-

M +=K, K2 MfBCZ(Bc)]p 2 (6-17)WT - L --

For an electromagnet the maximum value of M is a design 

requirement and is fixed. Similarly, the maximum power P available 

for the production of M is also limited. Thus in Equation 6-17 the only 

variable is BC. The weight of the electromagnet for the production 

of M for the power available can be minimized from Equation 6-17. 

The minimum weights of electromagnets using cores of mater

ials listed in Table 6-4 have been calculated using- Equation 6-17 and 

the hysteresis curves for these core materials. In these calculations 

the value of the maximum moment used was 2, 700 amp-m and maxi

mum power available was limited to 10 watts. For these values the 

minimum weights of the electromagnets and the corresponding values 

of H and B C are given in Table 6-5. The values of H and BC listed in 

Table 6-5 were used in Equations 6-9 through 6-11 for calculations of 

weight and core diameters of torquers using the three different core 

materials. These values are given in Table 6-6. 

In Table 6-6 it is shown that the minimum weight electromagnet 

has a permendur core. The disadvantage of using-permendur as a 

core material is that it has a larger coersive force and a.larger hyster

esis loss than the other two-materials. Hysteresis introduces some 

indetermination in the dipole moment, since the resultant dipole is not 

exactly related to the instantaneous applied field. However, this 

problem can be eliminated by placing a magnetic sensor near the middle 

point of the electromagnet and comparing its reading with that of a boom 

mounted three-axis magnetometer. The internal magnetometer senses 
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TABLE 6-5. MINIMUM WEIGHT OF ELECTROMAGNET FOR
 
THREE CORE MATERIALS
 

Material 


Permendur 


AEM 4750 


M-50 Silicon-iron 


Weight of the
 
Electromagnet 


(Ibm) 


31 


51 


40 


Magnetizing Force H Flux Density 
(oerstead) BC (gauss) 

17 20,000 

30 14,000 

21 16,000 

TABLE 6-6. COMPARISON OF CORE MATERIALS 

M-50 Silicon 

Permendur AEM 4750 Iron 

Weight of one electromagnet, Ibm 31 51 40 

Weight of core 29 44 37 
Weight of solenoid for 10-watt 

power 2 7 3 

Weight of three equal size 
Electromagnets, lbm 93 153 120 

Maximum Power (for three
electromagnets), watts 30 30 30 

Length of Electromagnet, in. 90 90 90 

Diameter of core, in. 1.21 1.46 1.36 
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the magnetic field due to the electromagnet. The torquers are nulled 

by utilizing torquer current to adjust the-internal field to conform 

within close tolerances to the field sensed by the external magnetometer. 

The torquer current is then switched off until desaturation is again 

required. 

Availability of Suitable Hardware 

Electromagnets will be designed to fit in the available space and 

produce the magnetic moments required for the HEAO-C mission. No 

attempt will be made to use available hardware for this application. 

Magnetometers will be required onboard the spacecraft for 

sensing the magnitude and direction of the geomagnetic field. A 

three-axis magnetometer,will be mounted on a 20-foot boom away 

from the spacecraft to sense the essentially "undisturbed" geomagnetic 

field in the three spacecraft body axes. 

The geomagnetic field inside the spacecraft is distorted due to 

the presence of the magnetic moments of the electromagnets and 

induced magnetic moments in the optical bench and in other ferrous 

objects. Information on this distorted field is the basis of proper 

operation of the magnetic torquers, because the magnetic moments of 

the electromagnets react against this distorted field. 

Two electromagnets are located at the upper end of the space

craft (Stations 363 and 366) and the third is located in the middle of the 

spacecraft (Station 146). Therefore, two types of magnetometers are 

needed to provide the required information of the magnetic field near 

the coils. 

* 	 A two-axis magnetometer lodated £t the middle of the two 
electromagnets 

* 	 A single-axis magnetometer located at the middle of the 
single electromagnet. 
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When the electromagnets are off, some residual magnetism is 

left in the electromagnets and spacecraft components. For nulling this 

residual magnetism, the information obtained from the two magneto

meters located near the electromagnets is used along with the infor

mation of the magnetometer located on the boom. Corrective actions 

for demagnetization are taken until the geomagnetic field sensed in all 

axes by the three magnetometers are within acceptable limits. 

The magnetometers manufactured by Dalmo-Victor and used 

on the OAO spacecraft can be used on the HEAO-C spacecraft. This 

magnetometer measures the geomagnetic field along each of the vehicle 

axes and converts this to a dc voltage. This magnetometer weighs 

6. 5 ibm and requires a power of 1. 76 watts. The performance charac

teristics of this Fluxgate magnetometer are 

* Range - ±L6, 000 gamma (+-0.6 gauss)
 
" Sensitivity - 4. 167X 10-10 Vdc/gauss
 
* Dimensions - 100 gamma (I X 10 - 3 gauss)
 
" Frequency response - 280 cycles.
 

Computer Simulation 

In order to determine the. feasibility of using magnetic torquers 

to provide momentum dumping torques, a computer program was written 

to simulate the desaturation of the momentum storage devices. The 

geomagnetic field was modeled as a dipole moment through the center 

of the Earth inclined at 11 degrees to the axis of rotation. The pro

gram calculates the geomagnetic field components in the spacecraft 

principal body axes as the spacecraft orbits the Earth. Since gravity 

gradient torque is the predominant disturbance acting on the spacecraft, 

this was the only disturbance that was included in the computer 

simulation. 

The equations derived in Reference 6-2 for gravity torques are 

used for computing the magnitude and direction of these torques for 

each orbital position of the spacecraft. The angular momentum inparted 
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to the spacecraft by gravity torques is than computed and stored in the 

momentum storing device. The only characteristic of the storage device 

that is modeled is its ability to hold momentum, so it could be either a 

reaction wheel or CMG system. When the magnitude of stored angular 

momentum exceeds a predetermined value, the magnetic torquers are 

energized for momentum desaturation. For the present simulation this 

limit was arbitrarily selected as 30 ft-lbf-sec. Magnetic torques for 

desaturation are applied continuously until the stored momentum drops 

below an arbitrarily selected limit of 10 ft-lbf-sec. At this time the 

magnetic torquers are switched off until stored angular momentum again 

exceeds 30 ft-lbf-sec. 

Each of the three equal size electromagnets used in the program 

is capable of producing a maximum-magnetic moment of 0.2 ft-lbf/gauss 

(2, 700 amp-m) The control law used for the generation of magnetic 

moments for the efficient desaturation of stored momentum is given in 

the appendix. 

Three cases of different spacecraft orientations were simulated. 

Each orientation will result in maximum gravity gradient momentum 

accumulation in one of the principal spacecraft axes. The complete simu

lation results are discussed in the appendix. The momentum storage 

history for all three cases is similar to the plot shown in Figure 6-6. 

Maximum momentum accumulation is less than 50 ft-lbf-sec for this 

case, but slightly exceeds 50 ft-lbf-sec in another case. This is an 

increase of about 20 ft-lbf-sec after the desaturation procedure was 

initiated at a level of 30 ft-lbf-sec. From these results, it was con

cluded that total momentum accumulation can be limited to less than 

30 ft-lbf-sec by initiating the desaturation prpeedure at a level of less 

than 30 ft-lbf-sec. In this manner an additional accumulation of about 

20 ft-lbf-sec would be permitted after beginning the desaturation pro

cedure, as in the simulations, but the maximum total momentum 
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accumulation would be limited to Z0 to 25 ft-lbf-sec. Since the accu

mulated momentum can occur on any spacecraft axis, depending upon 

orientation and orbit parameters, it is necessary to provide the maxi

mum required capacity for each spacecraft axis. 

Major conclusions from the simulation may be summarized as 

* 	 The total stored momentum can be maintained at a level of 
less than 30 ft-lbf-sec. 

* 	 The maximum level of stored momentum can occur along 
any of the spacecraft principal axes. 

* 	 The maximum magnetic moment capacility of each torquer, 
0. 2 ft-lbf/gauss (2, 700 amp-m ) is adequate for momentum 
dumping. 

SUMMARY OF SYSTEM OPERATION, 

In the HEAO-C attitude control system, control moment gyros 

provide control torques for fine pointing control and for large and small 

angle slewing. Magnetic torquers provide momentum dumping of the 

CMGs by creating torques on the spacecraft which cause the CMGs to 

react in a manner to decrease their stored-momentum. A block diagram 

of the attitude control system is shown in Figure 6-7. 

In the pointing mode the system operates essentially as two 

nearly independent control loops. Loop I consists of magnetic torquing 

coils and associated electronics, including connections to the central 

spacecraft computer. These coils can be energized to generate a mag

netic moment in a desired direction which reacts against the geomag

netic field to apply a torque to the spacecraft. The operation of this loop 

has already been discussed and analyzed. 

Loop 1 contains no means of sensing attitude error; this is a 

function of control loop Z. Loop 2 includes reference gyros which pro

vide a source of attitude data and additional equipment for correcting 
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for gyro drift by reference to known stars. Star trackers provide 

reference sources for updating the gyros. Here only the gyros will 

be considered a part of the loop, and it will be assumed that gyro 

accuracy is maintained by whatever external corrections may be 

required. 

Loop 2 also includes an additional torquing device: the CMG. 

A pair of CMGs are provided for each spacecraft axis. Each CMG con

sists of a constant-speed rotor mounted in a gimbal; gimbal rotation 

results in a precession torque. Rotation is effective only up to 90 

degrees, so that the CMG is limited in the torque time product, or 

angular momentum, that it can impart to the spacecraft. The CMG can 

be regarded as a device capable of generating torque by storing momen

tuft, up to some maximum or saturation level. 

Control loop 2 is subject to external torques from two sources: 

from the magnetic coils of loop I and from suchnatural causes as 

gravity gradients. -If total external torque acting on the loop is always 

of the same sign, the CMGs will eventually saturate. However, if the 

secular component of torque is zero, that is, if the torque continually 

changes sign so that its time integral tends to zero, saturation will 

never occur. This indicates the function of loop 1: isolation of loop 2 

from secular torques. Loop I includes provisions for monitoring the 

saturation status of the CMGs, and a continuous attempt is made to 

generate magnetic coil torques tending to desaturate the CMGs. Control 

laws and performance simulations for both loops of the system are pre

sented earlier in this report. The CMOs. must have sufficient momentum 

capacity to avoid saturation during periods when the geomagnetic field 

is unfavorably oriented. 

To a large extent the behavior of the two control loops can be 

analyzed separately. Thus when loop 2 is analyzed, it is assumed that 

loop I is successfully operating to isolate the spacecraft from secular 

6-43 



torques and thereby keeping the CMGs below their saturation limits. 

Loop I can then be regarded as merely another source of disturbing 

torque, and the system can be designed to accept this without exces

sive attitude disturbance just as it accepts gravity gradient and other 

torque disturbances of natural origin. CMG desaturation is, then, a 

continuous process rather than one involving periodic perturbations. 

CMG CONTROL LOOP COMPONENTS 

Reference Gyros 

The reference gyros are used during all four modes of attitude 

control. In each mode it is possible to operate with separated, single

axis gyros. In each axis, there is a gyro and associated electronics; 

for ease of temperature control and convenience, the three gyros and 

their associated electronics are mounted in a single package. Figure 6-8 

shows the essentials of one axis of the gyro package. The other axes 

are identical. The gyro itself is a nulling, rate-sensing device. Angu

lar motion produces precession torques within the gyro; motion is 

detected by the pickoff and nulled by applying current to the torquer. 

The current required to null gyro motion is proportional to precession 

torque and hence to angular rate. The torquer signals may be either 

analog or digital in form. 

Integration of the rate output provides angle information. The 

gyro is, however, subject to drift, which-appears as-a spurious gyro 

output; this is allowed for by drift calibration of the gyro and generation 

of a compensating voltage at the integrator input. Calibration may be 

based on a combination of preflight, laboratory measurements, and 

in-orbit checks using stellar references. The compensating voltage 

may be constant or a function of time or other parameters. The per

formance obtained f rom the gyro package depends in large part on the 

skill with which drift is analyzed and corrected. 
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In the slewing mode, a signal representing slew rate is 

received by the rate demand converter. Here the signal is converted 

to whatever form (analog or digital, parallel or serial) and scaling 

are compatible with the integrator. The gyro circuitry also includes 

provisions for setting a zero condition in the integrator when the 

desired angle is reached and zero rate is to be maintained. The 

design and operation of the circuitry for these functions is a com

plex area of study which will not be developed here. Many standard 

methods exist for drift compensation and rate integration. 

The response of the complete control loop is very slow (of the 

order of cycles per minute) due to the great inertia of the spacecraft. 

On this time scale the reference gyro appears as a virtually instan

taneous source of attitude data. However, the gyro pickoff and elec

tronics introduce noise. The reference gyro loop of Figure 6-7 can, 

therefore, be represented as a black box in which noise is added to 

angle information. 

Another question is the choice of actual hardware. The speci

fications for the spacecraft gyros are quite stringent; they must operate 

continuously for a 2-year (20, 000 hour) mission, and they must be use

ful in all four operating modes. The latter requirement implies a large 

dynamic range. In the despin mode, reference gyros must measure 

spacecraft angular rates as high as 3. 0 deg/sec. Because the system 

is nonlinear, the gyros do not need to accurately measure rates as
 

high as 3. 0 deg/sec, but they must be capable of accepting such rates 

without damage. Accurate rate measurement is required in the 0. 001 

to 0. 100 deg/sec region for precise slew mode operation. The gyros 

must also have random drifts below 0. 1 deg/hr for pointing mode 

operation. 
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The operating life requirement implies the use of gas rather 

than ball bearings for the gyro rotors. There are several commercially 

available gas bearing gyros said to be qualified for 50, 000 hours of 

operation and capable of meeting the specified drift and dynamic range 

requirements. Table 6-7 gives manufacturer data for one such instru

ment. The criterion for selection of a specific gyro may be the 

adequacy of evidence that the gyro will in fact operate for the required 

length of time. Data on long-duration operation of gyros in space is 

sparse. Gas bearing gyros were used in the inertial reference unit 

of 	the OAO-Z; however, one gyro failed after 200 days. This is of 

course an extremely long lifetime from the standpoint of most gyro 

applications. 

Redundant gyros can be included on the spacecraft at a small 

cost in weight. A basic package containing three gyros and the neces

sary electronics for torqueing, initializing, drift compensation, inte

gration, and analog/digital conversion should weigh not more than about 

10 pounds. 

Signal Processor 

Figure 6-7 shows the signal processor No. 2 receives 

angle error information from the reference gyro electronics, and 

generates torque demands for the control moment gyros. Simulation 

results indicate that the signal processor can contain separate and 

independent channels for the three axes. The processor contains 

circuits for the following functions: 

* 	 Suppression of electrical noise originating in the 
reference gyro pickoff and electronics 

* 	 Introduction into the control equation of the damping 
and other compensating terms needed for stable 
behaviour 

* 	 Application of well-defined limits to the torque demand 
to avoid control moment gyro saturation 

* 	 Matching the form (analog or digital) and scaling of the 
reference gyro output to the control moment gyro input. 
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TABLE 6-7. REFERENCE GYRO CHARACTERISTICS
 

Item 


Manufacturer 


Designation 


Weight, lb 


Length, in. 


Diameter, in. 


Short-term random drift (1-a),
 
deg/hr 


Long-term (run-to-run) drift
 
(l-a), deg/hr 


Heatup power, W 


Heatup duration (typical), min 


Spinup power, W 


Spinup duration, sec 


Heater power shile running, W 


Spin power while running, W 


Torquer capaci-ty, deg/sec 


Data
 

Kearfott Division of Singer-General
 
Precision, Inc., Wayne, New Jersey
 

Gas bearing gyro, C70 2590 003
 

1.0
 

3.2
 

2.1
 

0.001
 

0.01
 

80 at 115 V
 

4
 

15 at 26 V 3 ph. 800 Hz
 

25
 

0 or 25 (on/off)
 

7.5 at 26 V 3 ph. 800 Hz
 

3.06
 

6-48 



Information on the noise content of the input to the signal pro

cessor is not available at this stage. It will be assumed to take the 

form of white noise of unlimited bandwidth, and for simulation purposes 

a simple low-pass filter (single time constant) will be used. In later 

work, selection of the reference gyro and associated electronics will 

define the noise much more precisely. More detailed analysis of 

control moment gyro behaviour will define the limits of acceptable 

noise, and it will become possible to design an optimum noise filter. 

It will be shown later that satisfactory system response can be 

obtained if the processor introduces a damping term of the form 1 + ts 

(torque proportional to error rate).' An integral term may be added 

to eliminate steady-state error in the presense of disturbing torques, 

although this is not essential for the pointing accuracies now required. 

Thus the signal processor includes a low-pass filter, a rate-generating 

circuit, and an integrator. Its transfer function is 

G (1 + t1 5 + _ 

Theoretically, perfect rate information can be obtained by 

differentiation of the error angle signal; however, differentiation tends 

to be avoided in actual hardware because of noise enhancement, dynamic 

range requirements, and other problems. Figure 6-9 shows a 'rate' 

circuit from standard analog computer practice; Figure 6-10 shows 

the complete signal processor for one axis, as represented in the 

HEAO-C simulation. The low-pass noise filter is followed by circuits 

to generate rate and integral terms. The last circuit applies a limit 

to the output signal, which represents torque demand. It should be 

noted that the amplifiers shown merely amplify and do not invert the 

signal. The spacecraft could perform these functions using operational 
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amplifiers of the kind employed in analog computers; alternatively, 

digital techniques could be used, as was in fact done in the simulation. 

The signal processor, then, contains three circuits equivalent 

to that of Figure 6-10. Both input and output are low-level signals; 

consequently the circuitry is physically compact and does not dissipate 

more than a few watts of heat. It may be convenient to incorporate 

the signal processor into the reference gyro package, or perhaps to 

mount it at the control moment gyros. 

Control Moment Gyros 

The instantaneous torque demands of the attitude control sys

tem control system are met by the control moment gyros (CMGs). 

The CMG consists basically of a rotor spinning at constant speed, 

mounted in gimbals which allow controlled rotation of the spin axis 

in a plane normal to the spin axis. The result is a precessional 

torque about the output axis given by 

TCMG = cosa 

where a is the angular rate of the gimbal and H is the angular momen

turn of the CMG rotor. Thus a torque demand represents a demand for
 

a certain gimbal angular rate. Torque is very nearly proportional
 

to a when a is small. The CMG becomes gradually less effective as
 

a approaches 90 degrees, where torque about the output axis is zero.
 

For reasons given earlier the scissored pair CIVG configuration 

has been assumed in HEAO-C simulation. However, most of the simu

lation work would be directly applicable if certain other CMG arrange

ments were chosen. In most cases the major difference is in the con

trol law relating demand torque to gimbal rate; some CMG arrays require 

fairly complex control laws to produce the desired torques. 
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The Sperry CMG used as a basis for this work has a gearless 

direct drive torquer; this is capable of lower torque than gears, but 

is more reliable for a long mission. Figure 6-11 shows the dynamics 

of the rotor, gimbal and torquer and Table 6-8 lists the constants of 

Figure 6-11 as supplied by Sperry. This information provides a basis 

for detailed simulation. Most of the quantities indicated in Figure 6-11 

are determined by the mechanical and electrical design of the package. 

However, the gain K., which determines overall bandwidth, is nor

mally set as desired for the intended application. It is necessary to 

determine suitable values of this gain for the HEAO application, so 

that the CMG package can be included in a simulation of the attitude 

control system.' Selection of gain is mainly a matter of balancing 

response requirements or bandwidth (calling for high gain) against the 

restrictions of noise and saturation limits. 

Before undertaking the analysis required to determine the 

gain Ko , it is desirable to replace the dynamics of Figure 6-11 by a 

simplified representation. This can be done if the response to only 

certain types of inputs is considered. This analysis will apply to 

test inputs of the following general type: 

* Sine wave torque demand 
* Frequency of a few Hz 
* Peak amplitude of a few ft-lbf. 

For example, suppose that the signal processor produces a torque 

demand 

T = T o sin wit 

where
 

T o - 10 ft-lbf 

- 20 rad/sec. 
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TABLE 6-8. CMG DYNAMICS
 

Name 


Gimbal Rate Command 


Gimbal Rate 


Torquer Motor Current 


Torque Motor Torque 


Gimbal Rate Limit 


Gain 


Supply Voltage Limit 


Torque Motor Conductance (/RM) 


Torque Motor Time Constant (LM/RM) 


Current Feedback Gain 


Torque Motor Torque Constant 


Coulomb Torque 


Equivalent Gimbal Inertia = Ig+ H2/K 


Real (no speed) Gimbal Inertia 


Gyro Angular Momentum 


Gyro Output Axis Torsional Spring Constant 


Gyro Gimbal Angle 


Gimbal Angle Tachometer Time Constant 


Vehicle Rate 


Value 


0.1 


* 

27 (NOM) 


0.066 


0.005 


0.04 


1.2 


0.05 

0.4 


0.2 


100 


50,000 


0.002 


Units
 

rad/sec
 

rad/sec
 

amps
 

ft-lbf
 

rad/sec
 

V/rad
 

V
 

mhos
 

sec
 

rad/amp-sec
 

ft-lbf-sec
 

ft-lbf
 
slug-ft2
 

slug-ft2
 

ft-lbf-sec
 

ft-lbf-rad
 

radian
 

sec
 

rad/sec
 

U' This parameter is adjusted to achieve the desired loop dynamic response. 



The demand frequency /Z r will be shown to be well within 

the CMG bandwidth. Therefore, the demanded torque is correctly 

generated by rotation of the CMG gimbals in accordance with 

TOa 	 - sin cot 
2K 

where H is equal to 100 lb-ft-sec for each CMG rotor, giving 

al = 0.05 sin cot rad/sec. 

The maximum gimbal angular excursion is 

f dt 
CO 

5- cos cot 0. 0025 radian (max) 

= 0. 143 degree 

Gimbal angular acceleration is 

d co To 

dt - inH- cos cot 

requiring that each gimbal torquer produce a torque 

TG = oGTos t 

or, since the effective moment of inertia of each gimbal is given in 

Table 6-8 as 0.4 slug-ft 2 , 

TG = 0.4 cos cot ft-lbf. 

The peak torque of 0.4 ft-lbf is eight times the coulomb torque T c 

(Table 6-8). The system will, therefore, spend nearly all its time in 
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the linear region. In addition, it will be shown later that this test 

input will not drive the CMG torquer supply voltage to the limit (Vs) 

of 27 volts. Therefore, the response of the system to this input can 

be approximated quite well by a model which excludes the nonlinearities 

V. and T c . 

The motion of a rigid spacecraft acted upon by this torque is 

described by 

E= T__- sin w.t rad/sec2 

* To 
= - cos cot rad/sec 

To
 
e = sin wt rad.-s 

In the spacecraft moment of inertia is I s = 47, 000 slug-ftZ, the maxi

mum spacecraft angular rate is 

TO 1 rad Z arc sec 
emax I Is w - 94,000 sec sec 

and the maximum spacecraft angular excursion is 

gmaxl = = 0.11 arc sec. 

spacecraftEven for rotation about the minimum moment of inertia axis, 

angular rates are several orders of magnitude below CIViG gimbal rates. 

ThisTherefore, the spacecraft remains almost fixed in inertial space. 

indicates that the vehicle rate Q in Figure 6-11 may be omitted. 
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These steps have simplified the dynamics somewhat. It is also 

possible to eliminate some of the time constants shown in Figure 6-11. 

The values of the torque motor time constant TM, and the gimbal angle 

tachometer time constant TR are 0. 005 and 0. 002 seconds respectively 

(Table 6-3); therefore, they will not have significant effects on perfor

mance at frequencies well below 30 and 80 hertz respectively. These 

are an order of magnitude higher than the frequencies of interest. 

Therefore, for the cases of interest, these time constants can be 

regarded as zero. 

Figure 6-11 may now be redrawn as Figure 6 -12a which is 

entirely linear, and can be simplified further into Figure 6-12b. This 

is a simple second-order system with a natural frequency 

o (GMKT rad/sec
 

and a damping ratio 

KF IG wo 
- ZKT 

The gain Ko is adjusted for the desired system bandwidth: 

K = ( G W 

or, using the data in Table 6-3, 

K o = 5.1 O V/rad 

also 

= 0.00 6 7 w0 .o 
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For coo = 31.4 rad/sec (5 hertz), this gives Ko = 5040 and , = 0.21. 

This damping factor is low and it might be desirable to increase it by 

changing KF. Figure 6-13 shows the behaviour of the transfer function. 

A high K o gives large CIVIG bandwidth, but also increases the 

likelihood that the amplifier output will reach the voltage saturation 

limit (Figure 6-11). The relationship between the demanded gimbal rate 

aD and the amplifier output voltage x is found from Figure 6-12(a) to 

to be 

x s~ (G
aD GM KT aD D " 

For input signals well within the system bandwidth (cw << co), 

the system closely follows input demand, i. e. , 

I.7 = 1 approximately; 

hence 

x = 5.1 o rad/sec 

approximately for this frequency regime. Figure 6-14 shows the 

behaviour of ix/&!Di over the whole frequency range (note that 5.1 = 

14. 2 dB). If I&/&DI includes adequate damping it will never greatly 

exceed 1 in the operating region of the system. Thus IX/&DI will 

never be much greater than about 6 c. 

It is now possible to determine the condition for voltage 

saturation. A torque demand 

T = T o sin cot 
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results in a peak gimbal rate demand 

To
 
='D 

and a voltage 

or approximately 

x : 6 voltsZH
 

and if it is required that 

x < Vs 

the maximum acceptable torque is 

HVs 
To -=
 

which, substituting values from Table 6-8, gives the condition for 

saturation 

cTo 900 (lb-ft) X (rad/sec) 

In the spacecraft pointing mode the highest frequencies of 

interest are a few radians per second; the torques required for HEAO-C 

operation in this mode are never more than a few ft-lbf. The coTo 

product therefore will never be greater than.about 100, so saturation 

will not occur. This justifies the assumption made earlier that the 

nonlinearity Vs would not affect CMG performance in the pointing mode. 

Pointing mode behaviour can, therefore, be based on the purely linear 

representation of Figure 6-12. 
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CMG voltage and torque limits could be reached during slew 

mode operation, if, for example, the attitude control system demanded 

a step change in spacecraft angular rate e. A step change in 6 cor

responds to a demand for infinite CIVIG torque and hence infinite &. 

The maximum voltage Vs would result in an initial gimbal acceleration 

d& Vs GM KT .= G = 5. 1 rad/secz 
dt I 

5
 

The GMG becomes less and less effective as a approaches 90 degrees. 

To maintain proper control it is desirable to limit a to perhaps 70 

degrees. If the gimbal maintained the acceleration calculated above, 

a would reach 70 degrees in less than 0.7 second. In addition, power 

requirements for the two CMGs in the scissored pair would surge to 

2 zV _ 96 watts 
GM
 

imposing an unacceptable burden on the spacecraft power supply. To 

avoid both saturation and power'surge problems, the torque demand 

applied to each CMG pair is limited to a few ft-lbf by the nonlinear 

circuit in the signal processor (Figure 6-10). This will prevent satura

tion even for the slewing mode. The nonlinearity Vs need not appear 

in the simulation of the attitude control system. 

The above analysis has shown that the only important non

linearity at the top end of the torque curve is that provided within the 

signal processor. However, the coulomb torque Tc ,was mentioned 

earlier as providing a small nonlinearity at the bottom end. This 

tends to set a lower limit on the torque which can be applied to the 

gimbal. This limit cannot be directly represented unless the dynamics 
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of the complete CMG are simulated. Discussion with Sperry represent 

atives revealed that the effect of Tc is augmented by certain other 

nonlinearities not shown in Figure 6-11; these include the effect of bit 

quantization in digital portions of the electronics. Experiments by 

Sperry indicated that all such nonlinearities could be fairly well repre

sented by a dead zone on CMG gimbal rate in the region of h0. 005 deg/ 

sec. With a rotor momentum of 100 lb-ft-sec per CMG, this corres

ponds to an output torque dead zone TD of about ±0. 02 ft-lbf. A dead 

zone on torque is easily simulated without any representation of CMG 

dynamics. This is done by interposing between the signal processor 

and the CMG a unit with the function 

TCMG = 0 if IT'CMGI < T D 

and 
TCMQ = T'CMG if ITcMGI > TD 

where T'CMG is the signal processor output and TCMG is the signal 

actually applied to the CMG. 

The CMG introduces one other nonlinearity: a limit on a or 

on stored momentum. Figure 6-15 shows the CMG in a form suitable 

for simulation with the simplified dynamics of Figure 6-12 and a dead 
zone and an ce limit added. The cos a factor is omitted in the pointing 

mode because in this mode the system never approaches saturation and 

a is normally limited to a fraction of a degree. In the loop diagram of 

Figure 6-7, Figure 6-15 represents the elements of the CMG block. 

SPACECRAFT DYNAMICS SIMULATION 

Basic Equations 

The preceding sections have described the hardware blocks of 

CMG control loop. In each case it has been possible to treat the system 
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as a combination of three single-axis systems. When spacecraft 

dynamics are considered, it becomes necessary to consider coupling 

between the axes unless angular rates are very small. The basis of 

the spacecraft dynamics are the Euler equations for a rigid body acted 

upon by torques: 

Ixex = Tx + (Iy - iz) 6 y Oz 

Iy y = Ty + (Iz - IX) 6x ez 

'z z = Tz +. Ix - IyT 0 x y 

where 

I - mass moment of inertia about the spacecraft body axes 

6 - angular rate about the spacecraft body axes 

0 - angular acceleration about the spacecraft body axes 

T - torque in the spacecraft body axes. 

Several sources of torque exist. Disturbing torques originate within 

and outside the spacecraft; control torques are intentionally generated 

by the CMOs; and unwanted cross-coupling torques occur due to gyro

scopic effects. The latter torques appear as soon as a GMG pair acquire 

some net stored momentum. For example, consider the x-axis CMG 

pair which, when no x-axis torque is demanded, will in general repre

sent a stored momentum vector lying along the x axis. If now the 

spacecraft rotates about the y or z axis, rotation of the x-axis momen

tum vector results in torques about the z or y axis respectively. 

The use of CIVGs in scissored pairs ensures that the net 

momentum vector of each pair lies entirely along the axis with which 

that pair is associated. Scissored pairs also cancel out the reaction 
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torques generated when the torquers rotate the CMG gimbals, since 

the two torquers rotate in opposite directions. Lack of perfect 

matching between the components of a scissored pair would in fact 

result in small cross-coupling effects. These have not been analyzed 

here because such mismatching would be expected to be extremely 

small, and because in the most critical mode of operation (the pointing 

mode) angular rates are very low and any cross-coupling effects 

correspondingly small. 

The Euler equations can now be written: 

6
Ix 6x = TxCMG + TxEXT + Hy z - Hz 6y + (Iy - iz) 6y 6 z (6-18) 

CMYEXT yz 6
X 6z 

ly ey TYCMG yEXT +H e- H + x 6,z (6-19) 

6 6 6 6 6I. z = TZCMG + TzEXT + H x y - Hy x +, (Ix Iy) x y (6-20) 

Here terms of the form H6 represent the cross-coupling effects of stored 

momentum discussed above. Torques external to the CMG loop (TXEXT 

etc.) include the effects of the magnetic coil momentum dumping system. 

The attitude control system is closed-loop because TCMG is 

a function of 0. The reference gyros detect 0, the signal processor uses 

the 0 signal to generate a T CMG demand, and the CMG electronics drive 

the gimbals to whatever rates are required to meet this demand. The 

signal processor converts 6 to TCMG by implementing for each axis 

the equation 

T CMGT -a fe dt- -be- c6 

I 
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The minus signs result in negative feedback; the 6 term provides 

damping. The positive constants a, b, c have been chosen to give 

the same response in each axis, that is, 

a=ay=az arc-sec/sec acceleration or sec -3 
ay arc-sec.sec integral of error 

S= b y = bZ arc-sec/secz. acceleration or sec 2 

arc-sec error 

arc-sec/sec2 acceleration cy =arc-sec/sec error rate 

The system behaves similarly to a second-order system having 

a natural frequency 

w = 4a rad/sec (or f = Zwr a) 

and a damping ratio 

-C 

In most of the HEAO-C simulation runs, these were set at w = 0.2 rad/sec 

and Y = 0.7. These values were found to give satisfactory system 

response. The integral or a term gradually eliminates steady state 

error in the continued presence of an external disturbing torque. It was 

found that a setting of a = 0. 001 was small enough to avoid destabilizing 

the system, but large enough to eliminate steady-state errors within a 

couple of cycles. 
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Simulation Results 

The spacecraft and CMG control loop was simulated using the 

Continuous System Modeling Program (CSMP) written by IBM for use 

on their 1130 digital computer. The input to this program is a descrip

tion of a network of elements of the type found in an analog computer. 

The program automatically develops differential equations to describe 

the behaviour of the networks, and then numerically integrates the 

equations and plots the results. CSMP has provisions for rapid and 

easy change of system parameters, so that it is possible to carry out 

a short simulation run, observe system response, and immediately 

rerun with changed data. CSMP was found to be a useful and effective 

tool for the HEAO-C simulation. 

The purpose of the simulation was to determine the spacecraft 

response to typical disturbing torques. Gravity gradient torque changes 

would act so slowly that the spacecraft response could not be easily 

plotted as a function of time. For this reason disturbing step torques 

of the magnitude of the average torque imparted to the spacecraft by 

the electromagnet torques coils were used in the stability simulation. 

CMG Representation - To determine the simplest permissible 

representation of the CMOs, a single-axis simulation was programmed 

with the CMG bandwidth at 5 hertz and this was compared with system 

response for infinite CMG bandwidth. It was found that the plotted 

results were indistinguishable. On this basis, the CMG representation 

was reduced to that shown in Figure 6-16, where only certain non

linearities are taken into account as discussed earlier. The quantities 

indicated by numbers and the symbols used in Figure 6-16 are identified 

in Table 6-9. 

Cross-Coupling Effects - Equations 6-18 through 6-20 provide 

a basis for simulation. It is interesting to compare the magnitudes of 

the terms of these equations. Because angular rates are small, it 
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TABLE 6-9. KEY TO FIGURE 6-16
 

= time constant of noise filter
 

-1.0
 

1.0
 

-0.95
 

ax
 

Cx
 

bx
 

21w = total rotor inertia of CMG
 

-Hmax = maximum permissible stored momentum
 

Depends upon misalignment of y-axis CMG
 

Depends upon misalignment of z-axis CMG
 

(Ily - Iz)/I x
 

I/Ix
 

I/Ix
 

Initial x-axis rate
 

Initial x-axis angle
 

Depends upon desired noise amplitude
 

Summer (adds variables)
 

Integrator (n gives initial condition)
 

Multiply by constant
 

Multiply two variables
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may be anticipated that the last term in each of the three equations 

will be relatively small. To determine the relative importance of 

these terms, two cases were run, one based on the full equations amd 

and the other omitting terms of the form H6 and 6x 6Y Since the 

simplified equations contain no cross-coupling terms, they permit 

reduction of the simulation to single-axis cases. 

Both cases consisted of an x-axis torque step of 0. 03 ft-lbf, 

with no other disturbance. To produce cross-coupling effects, sub

stantial initial stored momenta were included. Table 6-10 compares 

the single-axis with the more precise three-axis simulation. The 

results never differ by more than 0. 05 percent. This excellent agree

ment becomes less surprising if one compares typical numerical values 

for the quantities 

TCMG + TEXT 

and 

Hy 6z - Hz 6y + (ly - Iz) y 6z 

which do, in fact, differ by three or four orders of magnitude for this 

case. This indicates that for the pointing mode, where required tor

ques are in the 0. 01 to 0. 1 ft-lbf region and the resulting angular rates 

are of the order of 0. 1 arc sec/sec, the single-axis simulation gives 

an excellent approximation. This results in a three-fold saving in 

computer time. On the other hand, slewing mode behaviour involves 

rotation through large angles at substantial rates and must, therefore, 

be studied using the full three-axis simulation. 

Iteration Step Size - The next simulation runs were carried 

out with the object of identifying a suitable iteration step size. A small 

step results in high accuracy at the expense of long computing time; 
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TABLE 6-10. 


Time 

(sec) 


0.000 


5.000 


10.000 


15.000 


20.000 


25.000 


30.000 


35.000 


40.000 


45.000 


50.000 


55.000 


60.000 


65.000 


70.000 


NOTE: 


SIGNIFICANCE OF CROSS-COUPLING TERMS
 

x-Axis Angle (arc sec)
 

Three-Axis One-Axis
 
Simulation Simulation
 

0.0000 0.0000
 

0.3750 0.3750
 

1.4999 1.5000
 

3.3744 3.3750
 

5.9982 6.0000
 

8.5772 8.5798
 

8.6621 8.6637
 

7.2962 7.2974
 

6.4192 6.4214
 

5.9622 5.9633
 

5.2436 5.2433
 

4.3912 4.3913
 

3.7605 3.7608
 

3.2881 3.2878
 

2.8179 2.8174
 

Initial Stored Momenta Hx = 60 lb-ft-sec
 
Hy = -40
 
Hz = 20
 

Iteration Step Size, 0.5 sec
 

The 3-axis simulation includes the effects of
 
cross coupling, whereas the 1-axis simulation
 
does not.
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generally a suitable step is somewhat smaller than the smallest time 

constant in the system. In these runs the smallest time constant was 

the tracker noise filter (1 second). A series of runs with step sizes of 

0. 1, 0. 2, 0.5 and 1 second indicated that a 0. 2-second step would give 

step-originated errors below 0. 1 percent. This was one-fifth of the 

smallest time constant. This ratio was preserved in all later runs. 

The example used in the step size comparison was response of 

the system to step torques about all three axes. Figure 6-17 shows 

response for the y axis; this plot was produced by automatic plotting 

of all four runs, superimposed, the effect of step size changes being 

indistinguishable on this scale. Response about the other axes is quite 

similar and is shown in Table 6-11 for the At = 0. 1 second case. 

The torques used were of the same order of magnitude as typical 

magnetic coil torques; it is seen that the spacecraft undergoes very 

small excursions. The maximum motion of the pointing axis, deter

mined as 

(y2 + , 

is less than 9 arc seconds. The results indicate that the system is 

stable with the settings used, and that it can satisfactorily control the 

spacecraft in the pointing mode against gravity gradient torques. 

Noise Filter Time Constant - Noise in the attitude signal 

was discussed earlier. A low-pass noise filter with a 1-second time 

constant has been used in most simulation runs. Figure 6-18 shows the 

effect of time constants of 0. 5, 1, and 2 seconds by comparing responses 

to a 0.03 ft-lbf torque step. For each time constant, cases with two 

damping ratios are shown to illustrate the ability of increased damping 

to suppress oscillations. If the time constant is as long as 2 seconds, 
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TABLE 6-11. CMG CONTROL SYSTEM RESPONSE TO
 
STEP TORQUES IN ALL AXES
 

Time ex 

(sec) (arc sec) 

0.000 0.0000 

5.000 0.3859 

10.000 1.6067 

15.000 3.7166 

20.000 6.6098 

25.000 8.8909 

30.000 8.5183 

35.000 7.1583 

40.000 6.4366 

45.000 5.9574 

50.000 5.1374 

55.000 4.2845 

60.000 3.7087 

NOTE: 	No Initial Rates
 

No Tracker Noise
 

Step Torque Sizes:
 

Txext = 0.03 lb-ft 

Tyext = 0.05 lb-ft 

Tzext = 0.01 lb-ft 

BY 


(arc sec) 


0.0000 


0.6236 


1.8934 


2.1426 


1.6201' 


1.3216 


1.2475 


1.1801 


1.0708 


0.9105 


0.7489 


0.6516 


0.5878 


6z
 

(arc sec)
 

0.0000
 

0.1244
 

0.4668
 

0.8735
 

0.9998
 

0.9597
 

0.9526
 

0.7988
 

0.5719
 

0.4956
 

0.4971
 

0.4179
 

0.3094
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a damping ratio even higher than I may be desirable. In the design 

of an actual system, the noise filter would probably be more compli

cated than a single time constant and the required compensation would 

probably also be more complicated than a simple increase in the 

damping ratio. Figure 6 -18merely illustrates general trends. It 

is expected that a noise filter time constant of 0. 5 second would in 

fact give ample filtering. 

CMG Misalignment - Another effect investigated in the simu

lation was sensitivity to misalignment of the CMGs. Misalignment 

was represented in the simulation by supplying to each axis some 

fraction of the control torques being demand from the CMGs in the 

other two axes. In the physical system this could be due to CMG 

mounting errors, asymmetries within CMG pairs, or other causes. 

Table 6-12 compares two runs for the full three-axes simula

tion, with disturbing step torque of 0.03 ft-lbf. In the first case, 

stored momentum on all three-axes results in cross-coupling, which 

causes very small y- and z-axis disturbances that can be neglected. 

The y-axis angle stays within the system dead zone, so the y-axis CMG 

does not change its stored momentum. In the second case, a misalignment 

of 3 degrees results in y- and z-axis excursions which are much larger 

but still less than 1 arc second. The x-axis response is almost unchanged. 

Three degrees is a very large misalignment for a properly con

structed system. It can be concluded that alignment of CMG torques 

is not at all critical. 

Large Angle Rotation - Discussion so .far has been limited to 

small angular excursions. It is of interest to determine whether the 

simulation will continue to perform properly when angular motion is 
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I 
a, TABLE 6-12. CONTROL SYSTEM RESPONSE TO AN x-AXIS DISTURBANCE TORQUE OF
 

0.03 ft-lbf WITH A 3-DEGREE MISALIGNMENT OF THE CMG
 
C 

(1)With Perfect CMG Alignment 

Time 
Angle

(arc sec) 
Stored Momentum 

lb-ft-sec 
(sec) x axis y axis z axis x axis y axis 

0.000 0.0000 0.0000 0.0000 60.0000 -40.0000 

5.000 0.3750 -0.0003 -0.0005 60.0000 -40.0000 

10.000 1.4999 -0.0021 -0.0042 60.0000 -40.0000 

15.000 3.3744 -0.0073 -0.0142 60.0000 -40.0000 
20.000 5.9982 -0.0173 -0.0336 60.0000 -40.0000 
25.000 8.5772 -0.0335 -0.0648 59.9900 -40.0000 

30.000 8.6621 -0.0530 -0.1018 59.9751 -40.0000 

35.000 7.2962 -0.0708 -0.1352 59.9710 -40.0000 
40.000 6.4192 -0.0863 -0.1633 59.9708 -40.0000 

45.000 5.9622 -0.1007 -0.1889 59.9674 -40.0000 
50.000 5.2436 -0.1141 -0.2120 59.9626 -40.0000 

55.000 4.3912 -0.1258 -0.2315 59.9596 -40.0000 
60.000 3.7605 -0.1360 -0.2478 59.9574 -40.0000 



TABLE 6-12. Concluded 

(2)With 3 Degrees CMG Misalignment 

Angle Stored Momentum 
Time (arc sec) lb-ft-sec 
(sec) x axis y axis z axis x axis y axis 

0.000 0.0000 0.0000 0.0000 60.0000 -40.0000 

5.000 0.3750 -0.0003 -0.0005 60.0000 -40.0000 

10.000 1.4999 -0.0021 -0.0042 60.0000 -40.0000 

15.000 3.3744 -0.0073 -0.0142 60.0000 -40.0000 

20.000 5.9982 -0.0173 -0.0336 60.0000 -40.0000 

25.000 8.5851 0.0063 -0.0251 59.9900 -40.0000 

30.000 8.6983 0.1903 0.1397 59.9749 -40.0000 

35.000 7.3371 0.4909 0.4196 59.9704 -40.0000 

40.000 6.4533 0.7730 0.7067 59.9702 -40.0000 

45.000 5.9827 0.8303 0.8362 59.9667 -40.0184 

50.000 5.2403 0.7389 0.7807 59.9618 -40.0225 

55.000 4.3757 0.6572 0.6853 59.9589 -40.0226 

60.000 3.7478 0.5899 0.6075 59.9567 -40.0238 

NOTE: No Noise 

0.03 ft/lb Torque About x-Axis 

Initial Stored Momentum Hx = 60 lb-ft-sec 
C, 
01, 

HY = -40 
Hz = 20 

Iteration Step Size = 0.5 sec. 



large, and if so, whether the CMG/star tracker system being simulated 

remains effective at large angles. 

Table 6-13 shows the behaviour of the control system during 

rotation through a large angle. The spacecraft has an initial x-axis 

rate of 1 deg/sec (3, 600 arc sec/sec) and an initial x-axis stored 

momentum of -100 ft-lbf-sec, equal to the saturation level. This 

saturation effectively disables the x-axis control loop, so that rotation 

continues at nearly constant rate. The only y- and z-axis disturbances 

are cross-coupling effects due to stored momentum. 

The initial z-axis stored momentum of 100 ft-lbf-sec, together 

with the x-axis rate, results in a y-axis torque amounting to 

1 
100 X - 1.75 ft-lbf. 

180/ir
 

at the beginning of the simulation. This torque results in a maximum 

y-axis disturbance of only 41 arc seconds or 0. 11 degree. This dis

turbance torque is more than an order of magnitude greater than 

typical gravity gradient torques; since the system is operating in its 

linear region, gravity torques alone would be expected to contribute 

much less than 0. 1 degree to the y-axis disturbance. 

This conclusion is of particular interest in connection with the 

use of the CMG system in the HEAO-A spacecraft. It will be remem

bered that the HEAO-A rotates continuously at a rate of 0.6 deg/sec 

or less, compared with the 1 deg/sec of the present case. In addition, 

in the HEAO-A mission, the required control accuracy of the space

craft axis is only 1 degree. The simulation results suggest that a 

CMG system may be well able to meet these requirements. 
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TABLE 6-13. LARGE ROTATION, SHOWING MOMENTUM INTERCHANGE
 

Time 

(sec) 


0.000 


2.000 


4.000 


6.000 


8.000 


10.000 


12.000 


14.000 


16.000 


18.000 


20.000 


22.000 


24.000 


26.000 


28.000 


30.000 


32.000 


34.000 

0- 36.000 


38.000 


40.000 


Angle 

(arc sec) 


x axis 


0.0000 


7186.1250 


14366.5058 


21543.7383 


28716.8906 


35885.8907 


43040.8047 


50211.7188 


57368.7813 


64522.1563 


71672.0002 


78818.5626 


85962.0783 


93102.7658 


100240.8439 


107376.5158 


114510.0158 


121641.5627 


128771-4845 

135899.8754 


143027.0629 


y axis 


0.0000 


- 15.8736 


- 57.7794 


-111.6824 


-163.6335 


-211.2602 


-254.4501 


-293.0366 


-326.7855 


-355.3936 


-378.4999 


-395.7009 


-406.4520 


-410.6303 


-407.4241 


-396.4398 


-377.1391 


-348.9462 


-311.2449 

-263:3804 


-204.6614 


x axis 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


Stored Momentum
 
(lb-ft-sec)
 

y axis 


0.0000 


0.1191 


1.3299 


4.4584 


8.4537 


12.4489 


16.4441 


20.4392 


24.4344 


28.4296 


32.4247 


36.4199 


40.4150 


44.4101 


48.4053 


52.4044 


56.3955 


60.3907 


64.3858 


68.3809 


72.3759 


z axis
 

100.0000
 

99.9995
 

99.9568
 

99.8062
 

99.4708
 

98.8815
 

98.0230
 

96.9322
 

95.6729
 

94.3061
 

92.8701
 

91.3734
 

89.8005
 

88.1247
 

86.3215
 

84,.3778
 

82.2936
 

80.0795
 

77.7505
 

75.3202
 

72.7970
 



TABLE 6-13. Continued
 

Angle Stored Momentum
 
Time (arc sec) (lb-ft-sec)
 
(sec) x axis 


42.000 150153.3128 


44.000 157279.0004 


46.000 164404.7503 


48.000 171531.0041 


50.000 178657.9378 


52.000 185784.6878 


54.000 192910.5316 


56.000 200034.6879 


58.000 207156.5941 


60.000 214275.9691 


62.000 221392.7816 


64.000 228507.2504 


66.000 235619.5941 


68.000 242730.0941 


70.000 249838.8441 


72.000 256946.0003 


74.000 264051.4382 


76.000 271155.0632 


78.000 278256.8757 


80.000 285356.9758 


82.000 292455.0633 


y axis 

-134.3638 


- 52.9729 


28.1815 


94.0530 


136.0013 


153.5452 


152.8425 


143.2595 


133.6761 


129.6142 


132.4064 


140.8490 


148.9840 


155.9173 


159.0101 


158.1906 


154.7245 


150.4125 


146.8097 


144.7504 


144.2543 


x axis 


-100.000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


y axis z axis 

76.3710 70.1835
 

79.7903 67.4777
 

81.2719 64.6860
 

81.2293 61.8478
 

80.5668 59.0224
 

80.1963 56.2491
 

80.6749 53.5188
 

82.1757 50.7735
 

84.4375 47.9317
 

86.9907 44.9259
 

89.3759 41.7320
 

91.2998 38.3780
 

92.6905 34.9301
 

93.6577 31.4647
 

94.3992 28.0387
 

95.1027 24.6731
 

95.8790 21.3515
 

96.7421 18.0344
 

97.6306 14.6795
 

98.4501 11.2591
 

99.1171 7.7698
 



Time 

(sec) 


84.000 


86.000 


88.000 


90.000 


0i 

TABLE 6-13. 


Angle 

(arc sec) 


x axis y axis 

299551.5633 144.8046 

306646.4383 145.6175 

313739.8132 146.0790 

320831.7508 145.9829 

Concluded
 

x axis 


-100.0000 


-100.0000 


-100.0000 


-100.0000 


Stored Momentum 
(lb-ft-sec) 

y axis z axis 

99.5814 4.2304 

99.8417 0.6720 

99.9244 -2.8743 

99.8971 -6.3869 



Table 6-13 shows that initial stored momentum consists of 

-100 ft-lbf-sec along the x and 100 ft-lbf-sec along the z axis. As the 

spacecraft rotates about the x axis, the stored momentum vector 

remains fixed in inertial space since the system is a conservative one. 

In spacecraft axes, the z-axis momentum vector gradually rotates in 

the y-z plane until after 90 degrees of rotation it is aligned close to 

the y axis. This is consistent with theory and confirms the proper 

operation of the three-axis simulation, which shows y-axis and z-axis 

stored momenta to vary as the sine and the cosine of time, respectively. 

This also shows that in a HEAO-A application, the stored momentum 

vectors and hence the CMG gimbal angles must oscillate continuously. 

For convenience the case used maximum stored momenta of 

100 ft-lbf-sec. A CMG becomes ineffective at large gimbal angles 

and a limit of 60 to 70 degrees is common. If stored momentum for a 

scissored pair is 

Hs = ZH sin ae = 100 ft-lbf-sec, 

and if a is limited to 65 degrees, H or rotor momentum must be 

H 10s - 55 ft-lbf-sec.
2 sin 65 deg 

and the gimbals oscillate continuously between ±65 degrees from their 

zero position. According to one CMG manufacturer (Sperry-Phoenix), 

such oscillation will not reduce reliability. 

Star Tracker Capture from Slew - During the mission the 

spacecraft must perform numerous slewing maneuvers to switch from 

one target (pointing direction) to another. It is shown later that a slew 

rate in the region of 0. 03 deg/sec is convenient. An interesting question 

is whether the star tracker/CMG control loop is capable of initiating 
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control and stabilization from this slewing rate. 'Figure 6-19 shows 

motion about the y axis with an initial rate of 0. 028 deg/sec (100 arc 

sec/sec) at 0. 28 degrees from the zero position. The required 

pointing accuracy of 1 arc minute is reached in less than 90 seconds; 

the maximum overshoot is only about 0. 3 degree. 

This performance is satisfactory provided the overshoot is 

not enough for the tracker to inadvertently view another star. The 

problem of spacings between stars is analyzed in Section 5 of this 

report, where it is suggested that the tracker be capable of searching 

areas as small as +-0. 15 degree; this is small enough for single-star 

identification in the most congested regions of the sky. In the great 

majority of pointing directions, a much larger search area would be 

small enough to contain only one detectable star, and in these cases 

the performance indicated in Figure 6-19 would be acceptable. In 

congested areas, it would be necessary to improve the performance 

with reduced overshoot, perhaps by increasing damping. 

To avoid the necessity of control system damping changes, it 

may be better to provide separate means for reducing rate at the end 

of slew so that the star tracker/CMG loop has a smaller rate to con

tend with. Removal of about four-fifths of slew rate would be sufficient. 

It is interesting to observe the behaviour of the x and z axes 

during y-axis capture from the slew rate. In the run of Figure 6-19 

and Table 6-14 there was no initial velocity about the x or z axis and 

no disturbing torque about any axis. In the absence of cross-coupling 

these axes would have remained undisturbed. However, Equations 

6-18 through 6-20 indicate two cross-coupling terms for each axis. 

To observe cross-coupling, substantial initial stored momenta (60 

lb-ft-sec each) were set about the x and z axes. These gave rise to 
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TABLE 6-14. REFERENCE STAR CAPTURE FROM SLEW RATE
 

Angle Stored Momentum 
Time 
(sec) x axis 

(arc sec) 
v axis z axis 

(lb-ft-sec) 
x axis y axis 

0.000 0.0000 1000.0001 0.0000 60.0000 0.0000 

5.000 -12.8308 391.3230 - 3.3973 60.0118 - 9.9880 

10.000 -45.8094 - 287.3236 - 1.8368 60.2186 - 3.6354 

15.000 -57.2744 - 752.4847 10.1057 60.5928 6.3526 

20.000 -34.3825 - 997.2865 12.8724 60.8020 16.3405 

25.000 -10.2633 -1024.2426 9.2231 60.8189 26.3285 

30.000 8.1105 - 833.9401 7.7004 60.8188 36.3163 

35.000 29.3365 - 426.6107 7.3234 60.7584 46.3042 

45.000 59.5154 533.8717 -11.7266 60.3434 36.1465 

50.000 47.6624 713.3327 -17.6720 60.1411 26.1585 

55.000 24.9856 674.7681 -13.1849 60.0056 16.1705 

60.000 1.4605 425.9021 -10.0794 60.1016 8.3770 

65.000 -27.8062 170.9113 - 1.8307 60.2273 15.6629 

70.000 -36.0922 116.9246 9.3994 60.4414 23.8013 

75.000 -15.2638 143.1025 5.3593 60.5050 22.8477 

80.000 8.0581 110.5543 - 4.6773 60.4485 20.2178 

85.000 10.4769 62.0763 - 2.6692 60.3665 21.3709 

90.000 0.9435 52.6225 4.0356 60.3638 22.9595 
7T 95.000 - 7.9303 54.9087 2.9435 60.3809 22.7199 

100.000 - 8.6800 46.4554 - 1.9309 60.4195 22.1788 



appreciable H6 terms and hence to the angular motion shown in 

Table 6-14. X-axis motion is greatest because of the small moment 

of inertia about this axis; but maximum motion is only about 1 arc 

minute and both axes stablize quite well in a short time. Table 6-14 

also traces the buildup of stored momentum in the x and y axes. The 

x axis starts with 60 ft-lbf-sec and this barely changes while the axis 

suppresses cross-coupling disturbances. In the y axis, stored momen

tum reaches a maximum of 46 ft-lbf-sec or 46 percent of saturation. 

The initial spacecraft angular momentum about the y axis is 

1 y~= 46,800 X< 100 = Z2.6 ft-lbf-sec 
y y 4,0 3,600 x 57.3 

and the y axis stored momentum approaches this value as the space

craft stabilizes. 

Conclusions - The most important result of the simulation 

work done so far is the identification of practical system parameters 

resulting in satisfactory performance. System operation in the pointing 

mode results in angular excursions of the order of 10 arc seconds or 

less. This indicates that total spacecraft pointing error will consist 

almost entirely of error in attitude measurement, due to reference 

gyro drift and star tracker nonlinearities. 

ACQUISITION MODE 

In the acquisition mode, the spacecraft aligns its z axis with 

the solar vector and then. rotates about this axis until star tracker 

data provides a three-axis reference. The spacecraft is then able to 

slew to any desired direction. The acquisition process is subject 

to several constraints which will now be discussed. 
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The most important constraint is the duration of the sunlit 

portion of the orbit, which may be as short a& 60 minutes. Passage 

into the Earth's shadow would interrupt the acquisition process; within 

an hour, then, the spacecraft must align itself with the Sun, develop the 

desired z-axis rotation, and collect enough star tracker data to establish 

a reference. In a following discussion on the slewing mode, it is shown 

that rotation of the spacecraft through 180 degrees about the high 

moment of inertia axes (y and z) may require 30 minutes if the control 

moment gyros are used. This would account for half the sunlit period. 

Therefore, the gas jet (despin) system is used rather than the CMGs. 

This can align the spacecraft toward the Sun and develop a suitable 

z-axis rate in a total time of not more than 5 minutes, leaving at least 

55 minutes for collection of the x-axis star tracker data. 

With the spacecraft in continuous rotation, the x-axis tracker 

points toward Earth nearly half the time on the average. To ensure 

that useful data is collected, the spacecraft should execute at least one 

complete revolution during the 55-minute period; then at least Z5 

minutes of useful data will be obtained. This establishes a lower limit 

on the scan rate about the z axis, amounting to 

3605-60 0.11 deg/sec.
55 x 60 

Suppose now that the tracker is of the fixed (non-gimballed) 

type similar to the existing trackers of Table 5- 11. For the HEAO-C 

mission, it has a field of view limited to 5 degrees in diameter, 

because with a larger field, nonrepeatable nonlinearities would make 

it impossible to achieve the required 1 arc minute control accuracy.
 

Without additional filtering, the tracker has a typical bandwidth of
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5 hertz and is capable of acquiring a star within its field in not more 

than 1 second. To permit the tracker to make useful measurements, 

a star should remain within the field for 1 second to ensure acquisition, 

plus several tracker time constants to permit accurate measurement 

of star position and brightness. A total time of 1. 5 seconds appears 

ample. Thus if a star crosses the center of the field, angular rate 

can be no higher than 

5 
1. 3. 3 deg/sec 

If the star passes 2 degrees from the center of the field, this 

rate is reduced to 

2 X 2 sin Cs 
15 

1.5 
1.6 deg/sec
 

Thus the z-axis scan rate must lie between this and the lower limit of 

0.11 deg/sec. The 2-degree off-axis restriction limits the diameter 

of the effective field to 4 degrees. 

The dynamic range of the z-axis reference gyro must be con

sidered also. When the spacecraft operates in the slewing mode, angular 

rates are in the 0.01 to 0. 10 deg/sec range. It is convenient if the 

acquisition mode rate is about the same. Therefore the rate will be 

tentatively set close to the lower limit, at 0. 15 deg/sec. 

It is estimated that the tracker views the sky for at least 25 

minutes, in which time it scans a strip of length

25 X 60 X 0.15 = 225 degrees 
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This is greater than a horizon-to-horizon scan of 180 degrees. Due 

to orbital motion, such a large scan may or may not be possible, 

depending upon initial conditions. This total scan might be the sum 

of two scans, interrupted by an Earth occultation. To be conservative 

in the absence of detailed calculations, it will be assumed that a 

single uninterrupted scan lasts for at least 150 degrees. The area 

scanned is 

4.0 X 150 = 600.0 square degrees
 

or about 1/70 of the celestial sphere. On average, this area contains 

seven stars brighter than +4 magnitude, 20 brighter than +5, and 60 

brighter than +6. The numbers vary considerably depending on the 

portion of sky viewed. 

The reference about the z axis is to be established using star 

tracker data together with a computer-generated map of the region 

being scanned. The time and date are the only information needed to 

produce the map. During the 1. 5 second or more which a star spends 

in its field of view, the tracker can measure its brightness to :L0.5 

magnitude or better and measure its angle about the z axis to one 

part in several hundred of the field of view. Since a ground-based 

computer can predict star angle to the z axis, these two pieces of 

information may be sufficient for confident identification of the first 

star seen. When a second star is detected, the spacing between stars 

provides another piece of information. It appears that if the tracker 

is sensitive enough to detect a minimum of three stars, very reliable 

identification is possible. As soon as identification is made, informa

tion on position about the z axis at a given time is transmitted to the 

spacecraft. 

In Section 5 it was shown that the star tracker will be sensitive 

to at least +6 magnitude starts. Thus 60 or more stars may be 
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detected. It will be convenient if the star tracker includes a magnitude 

gate which can be set to reject stars fainter than, for example, +4 so 

that star identification is not confused by an excess of data. 

It appears that a fixed star tracker suitable for the spacecraft 

pointing mode will also meet acquisition mode requirements. It is 

also possible to use a gimballed star tracker for acquisition of a 

desired reference star. 

In the acquisition mode the gimballed instrument has the great 

advantage that it is not restricted to scanning the strip 90 degrees 

away from the sun. Instead, it can be set at some angle where the 

star pattern viewed is most easily identified. In fact, the lower 

sensitivity and small field of view of the gimballed tracker make such 

setting necessary to ensure that sufficient stars are detected. The 

smaller field of view (typically one rather than five degrees in dia

meter) reduces the upper limit on scan rate, but a rate of 0. 15 deg/ 

sec is still suitable. The basic acquisition procedure is the same as 

that outlined for the fixed tracker. 

SLEWING MODE 

In the pointing mode the spacecraft is stabilized about all three 

axes. In the slewing mode the spacecraft rotates about one or two 

axes to align the viewing experiments with a new target. For conven

ient operation, the spacecraft should be able to observe several targets 

in succession without real-time ground control, slewing from each 

target to the next on the basis of internally stored data. The purpose 

of the present analysis is to determine whether this slewing can be 

made sufficiently accurate for reliable identification and acquisition 

of a new reference star without ground control. Expected slewing 

errors will be determined for a typical case and compared with the 

requirements for reliable star identification. 
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The Slew Maneuver 

Slewing of the spacecraft from one target to another is 

performed using the control moment gyros. Slewing may be about 

either y or z, or both spacecraft axes. When the spacecraft slews 

to a new position, identification of a new set of reference stars 

confirms correct positioning. Star identification depends upon 

specifying a small "target box" within the field of view, inside which 

the star is to appear for each of the two star trackers. Each tracker 

must be made to search this box only, and the box must be small 

enough to contain only the guide star. If the slewing error can be 

limited to less than half the width of the box (Figure 6-20), the 

requirements for onboard target shifting can be met. 

The basic slewing case considered will involve travel to a target 

in one of the most densely populated portions of the sky. Such regions 

are quickly located by reference to a star atlas such as Reference 6-3; 

the locality of Aldebaran is a good example. From a study of several 

such regions, it is concluded that a box size of 0.3 by 0.3 degree is 

sufficiently small for even such worst cases. In other parts of the 

sky, the box could be several degrees in extent and the slewing accur

acy requirement would be proportionately less stringent. The magni

tude of the reorientation was arbitrarily taken as 10 degrees about 

each of the spacecraft y and z axes. This magnitude is considered to 

be significantly larger than a typical reorientation maneuver. 

Slewing torques will be generated by the scissored CMG pairs 

provided for each spacecraft axis; there will be one maneuver of 10 

degrees about the y axis, followed by one of the same magnitude about 

the z axis. In general, a deliberate slew about the x axis or pointing 

direction is not required as a part of the slew. Each maneuver will 

consist of acceleration of the spacecraft to a constant angular velocity 
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by application of a predetermined torque, followed by coast to some 

angle specified for each slew, followed by deceleration at the same 

torque to zero angular velocity. If the torque and acceleration/ 

deceleration are fixed, specification of the angle at end of coast is 

sufficient to specify the total angular travel. The angle at end of coast 

and 	the attainment of zero angular velocity will be measured by 

integration of the reference gyro outputs, 

Figure 6-21 shows in simplified form how slewing is mechanized 

for the y axis. Normally, the mode selector is switched to HOLD and 

the 	reference gyro maintains spacecraft attitude. When slewing is 

scheduled, the following sequence of events occurs: 

1. 	 The desired angle to end of coast is read into the logic 
unit. 

2. 	 The mode selector is switched to SLEW. 

3. 	 The gyro electronics' demand maximum CMG torque until 
the desired angular rate is attained. 

4. 	 The logic unit generates an angle demand and the space
craft coasts until gyro output indicates that this is satisfied. 

5. 	 The logic generates a zero rate demand and the CMGs 
respond with maximum torque until this is satisfied. 

6. 	 While the y axis holds at zero rate, the logic unit transmits 
a signal to the z axis where a similar procedure is followed. 
However, the z axis logic unit completes the operation by 
returning both y- and z-axis mode selectors to the HOLD 
positions and initiating the star tracker acquisition mode. 

7. 	 The star tracker attempts to acquire the new guide star 
and verify its brightness and location within the tracker 
field of view. If it is successful, the mode selector trans
fers the attitude hold role to the reference gyro, a clock is 
started, and observations proceed for a predetermined 

time 	until the next slew. 
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If star identification is unsuccessful, the system may hold the first 

star found and transmit a LOST signal to the ground so that spacecraft 

attitude can be determined by examining the star field seen via the 

television aspect system. An alternative would be solar acquisition. 

The above procedure represents only one way of mechanizing 

the slewing process. A survey of techniques used on actual spacecraft 

might show some other procedure to be more accurate or otherwise 

superior. No attempt has been made to compare different procedures 

or to identify the best one;: the above serves merely as one example. 

The CMOs have limited momentum capacity and are, therefore, 

limited in the angular rate they can give the spacecraft. A high angular 

rate and fast slew would ease the reference gyro drift requirement, but 

would leave less control moment gyro capacity remaining to deal with 

cyclic torque components imperfectly attenuated by the magnetic coil 

system. At this point it is assumed that both the y and z axis CMG 

pairs have available a reserve capacity of 25 lb-ft-sec per pair for 

slewing. Simulation of the magnetic torque CMG momentum dumping 

procedure indicates that this momentum reserve can be easily main

tained for each spacedraft axis. 

The moments of inertia of the spacecraft are somewhat less 

than 50 000 slug ft2 about both the y and z axes. This means that the
 

CMOs can generate a spacecraft angular rate of 0.0005 radian/sec.
 

The next question is the time required by the CMOs to develop this rate;
 

this is a function of their torque capacity. They may use either geared
 

or direct drive torquers; geared torquers are capable of much higher
 

torque, but they also exhibit backlash, friction, and other disadvantages
 

from which the -direct drive is free. The direct drive can generate about
 

1 lb-ft of torque; this is believed to be adequate for HEAO-C require

ments, so that direct drive will be assumed. To leave a comfortable
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performance margin, the slewing analysis 	will be based on a figure of 

0. 5 lb-ft torque total for a CMG scissored 	pair which is only 0.25 lb-ft 

per 	CMG or one-quarter the capacity of the torquer. The corresponding 

-angular acceleration of the spacecraft is 10 5 rad/sec 2 . 

At a torque level of 0. 5 lb-ft, the y axis CMG pair can develop 

the full spacecraft angular rate in 50 seconds. During this time, the 

spacecraft rotates through 0. 72 degree. At this point the CMG pair 

reaches its momentum limit and rotation of its gimbal ceases; that is, 

no further torque is applied. In a 299-second coasting period, the 

spacecraft rotates through a further 8.56 degrees. At this point the 

logic unit, which monitors gyro output, generates a zero-angular

velocity command and the CMGs apply a torque of -0. 5 lb-ft for 50 

seconds. During deceleration, the spacecraft travels through a further 

0. 72 degree bringing total travel about the u axis to 10.0 degrees. 

Figure 6-22 shows the operation graphically. It is followed by a 

similar operation about the z axis, resulting in a total displacement 

from the original position of about 14 degrees. For both axes, the 

torque level of 0. 5 lb-ft and the slew rate of 0. 0005 rad/sec (0. 029 

deg/sec) are constants written into the onboard attitude control 

program. The angle at end of coast (9.28 degrees in the case of the 

y axis) determines the magnitude of slew and is calculated to allow 

for probable deceleration time. The calculation is done on the ground 

and the resulting requirement stored in the onboard attitude control 

program. 

Slewing Errors 

Several sources of error in the slewing mnaneuver can be 

identified; the following major sources will be considered in an 

analysis of these errors: 
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* 	 Initial position about the x axis 
* 	 Initial position about the y axis 
" 	 Reference gyro drift during the maneuver
 

C
GMG torque 
o 	 CMG transient. 

No attempt will be made to analyze minor factors such as bit quantiza

tion, electronic integrator drift, gyro resolution, or angular velocity 

at the start of the slewing maneuver. 

Initial Position About the X-Axis - Slewing is initiated by the 

reference gyro, which demands the rates and angles required for slew

ing. At the moment of control transfer, the spacecraft will in general 

have some positional error about each axis. The x axis control loop 

is required to maintain position about the x axis to within :L5 minutes 

of arc; this requirement is taken as a 3-sigma value of initial posi

tion error. This error contributes to total slewing error in two ways. 

First, if the old reference star is not at the center of the x axis 

tracker field of view, an x rotation appears to the tracker as a motion 

about the y and z axes. This cross-coupling would significantly affect 

system accuracy in the pointing mode. It is therefore taken into account 

by the spacecraft computer which combines data from all three axes, 

provided by the x axis tracker and a second tracker located on the 

z axis, to determine the actual angle about each individual axis. 

These angles are stored in the computer-and, therefore, have no effect 

on slewing accuracy. 

A second effect of error about the x axis does not seriously 

alter pointing mode performance and therefore is not considered in that 

mode. It does have an impact on slewing accuracy, however. An x 

rotation of 5 minutes of arc (0. 083 degree), which is allowable in the 

pointing mode, results in a tilt of the y axis of the same amount. 
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Therefore slewing occurs, not about the nominal, but abtut the new 

y axis position. For a 10-degree slew, the resulting error is 

sin- ' [ (sin 10 deg) (sin 0. 083 deg) ] = 0. 0167 degree 

Initial Position About the Y-Axis - The y axis control loop is 

required to maintain an accuracy of hl minutes of arc or 0.0167 degree. 

This is taken as a 3-sigma value and adds directly to other y axis slew

ing errors. 

Reference Gyro Drift - During slew about the y axis, the y 

axis reference gyro ensures that the desired rates and angles are 

attained and the x and y axes gyros operate to maintain zero angular 

rate about their respective axes. Gyro drift, expressed in units of 

angular rate, normally consists of a predictable and regular rate 

which can be allowed for plus a smaller, random component with some 

maximum 3-sigma value, D deg/sec. In a total slewing time t, the 

rotation about each axis is Dt. The rotation about the y axis adds 

directly to other sources of error; rotation about the x axis changes 

the y axis pointing direction by an angle Dt in the yz plane; and rotation 

about the z axis changes y axis direction by Dt in the yx plane. 

Each of these changes in y axis direction occurs linearly during 

the time t, so that the average effect is a change Dt/2. With a slew 

through 10 degrees the effect on final end of slew position is 

sin' [ (sin Dt/Z) (sin 10 deg) ] 

or approximately 

80 X 10.0 X Dt/2 radians 

since the angles involved are small. 
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The reference gyros not only control slewing, but in the pointing 

mode, they also enable the y-z and the x axis star trackers to reacquire 

their guide stars after Earth occulatation. With niaximum occulation 

time of 0.6 hour, and a target box 0. 30 degree by 0. 30 degree square, 

error in two axes must not exceed 

0.15 deg 0.25 deg/hr. 

0. 6 hr 

or, for one axis, 

0.PzFZ52 . 0. 18 deg/hr. 

Since this value cannot be exceeded, it can be regarded as a 3-sigma 
value. This is the gyro drift performance that is available to control 
slewing. 

During a slew through 10 degrees, the y-axis gyro measures 
angular travel at the end of 349 seconds (Figure 6-22). Its drift error 
at this time is 

degree.3600) (. 18) = 0.0 175 

The x- and z-axis gyros operate (in the hold mode) throughout the slew, 
so that their drift is given by 

Dt = (0. 1 8)13_.9.9.) = 0.00999 degree (each) 
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and their contributions to error about the y-axis, are each 

('80) (10. ) (0. 00999) = 0.0017 degree. 

CMG Torque - Since the reference gyro measures angle at end 

of coast, it does not matter how long the spacecraft-takes to reach 

coasting speed. However, the end-of-coast angle specified must be 

calculated based on some assumed rate of CMG deceleration. If the 

CMG is regarded as a constant-gain device with a simple first-order 

time constant, uncertainties in deceleration time and deceleration 

travel are two-fold: uncertainties in actual torque level and uncertain

ties in the time constant. 

Torque commands applied to the CMG are met by its internal 

feedback loops; a change in CMG gain would be due to the aging of cer

tain internal electronic components. One percent is a safe figure for 

such variations. For deceleration through a given angular velocity, 

the distance travelled will also vary by I percent or in this case 

0. 0072 degree. 

0MG Transient - The magnitude of the effective 0MG time 

constant is a function of mechanical and electrical scale factors but 

it also covers static friction and dead zone effects; these nonlinearities 

make analysis of the actual transient a complex matter. It is suggested 

that in the course of 0MG development it will be. possible to predict the 

transient shape to an accuracy of at worst Z0 percent (3-sigma). This 

is believed to be a conservative figure. The. 0MG bandwith is at least 

3 hertz, corresponding to an equivalent time constant no greater than 

t= = 0. 054 second 
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to which may be added the gyro constant which is typically 0. 006 second, 

making a total of 0. 060 second. The uncertainty corresponds to 0. 012 

second (20 percent) in both torque-on and torque-off times, or a total of 

0. 024 second for the complete deceleration process. This results in a 

residual velocity upon arrival at the target position of 

.5= XAT = 0.024 X10 = 2.4X10- 7 rad/sec
r 

- 1.4 X 10 deg/sec 

and this velocity must be nulled by the star tracker-CMG loop to main

tain lock on the star. It also results in an uncertainty in distance 

travelled during deceleration which amounts to 

0. 	024 sec 0.72 deg = 0.00035 degree. 
50 sec 

The slewing errors expected for the y axis are summarized in 

Table 6-15. Identical figures apply to the z axis. The total slewing 

error is much smaller than the 0. 15-degree half-width of the target 

box. The 3-sigma gyro drift of 0.18 deg/hr corresponds to a 1-sigma 

figure of 0. 06 deg/hr. Gyros with much better performance are 

commercially available. Table 6-7 describes one suitable instrument, 

which, because of gas spin bearings, is quite capable of running for 

the required 2-year mission time. This makes it possible for the, 

spacecraft to carry out both functions, post-occultation reacquisition 

of the guide star, and slewing to new stellar targets using internal 

stored information, without real-time ground control. Nonreal-time 

verification of spacecraft attitude is available from telemetered star 

field data for each new position. 
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TABLE 6-15. Y-AXIS SLEWING ERROR BUDGET
 

Error Source Error (deg) 

Initial position, x 0.0167 

.Initial position, y 0.0167 

Gyro drift, y 0.0175 

Gyro drift, x 0.0017 

Gyro drift, z 0.0017 

CMG torque 0.0072 

CMG transient 0.0004 

Expected 3-sigma value 
of total error* 0.0304 

*Assuming:
 

1. Errors have a mean of 0 and a normal distribution.
 
2. Errors are statistically independent.
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Additional Considerations 

The 	above analysis of slewing performance has not taken into 

account several factors, all of which show the analysis to be a conser

vative one. 

* 	 Much of the uncertainty in gyro drift, CMG torque, and 
CMG transients is assumed to be due to component aging. 
These gradual changes could be identified and followed 
by telemetry and nonreal-time analysis, and could be 
taken'into account in determining the magnitude of the 
commanded angle-to-end-of-coast. 

* 	 The position at start of slew has been assumed unknown, 
within a :hl minute of arc range. In fact the instantaneous 
position could be measured and taken into account by the 
system to improve slewing accuracy. 

* 	 The size of the target box has been assumed of fixed size, 
this size having been fixed by examination of the most 
densely populated portions of the sky. System reliability 
would be further increased at the expense of data volume 
by making box size a variable specified separately for 
each slew. In the great majority of cases a much larger 
box would suffice to ensure correct star identification. 

* 	 The accuracy analysis has been carried out for a 10-degree 
slew only. Larger slews sould be subject to larger errors, 
but these would remain within box limits. The experimental 
program might be planned so that densely populated areas 
would be approached by a short and highly accurate slew 
from a nearby X-ray target, rather than by a less accurate 
long slew. 

Table 6-16 lists the data to be stored for each slew to a new 

target. No number is assigned to individual slews, which are simply 

executed in the order in which they are stored in the onboard computer 

program. The duration for which a given attitude is held between slews 

may'be specified at any value from 1000 seconds to 16, 000 seconds in 

1000-second steps; the angle of slew may be up to 80 degrees in 0. 01

degree increments, so that a single slew may bring the spacecraft to 
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TABLE 6-16. SLEWING DATA REQUIREMENTS
 

Duration of
 
observation, sec 1000 to 16,000 1000 16 


y slew, deg 0.61 to 80.0 0.01 8000 


z slew, deg 0.01 to 80.0 0.01 8000 


Box center (x), deg 0.0 to 3.0 0.05 60 


Box center (y), deg 0.0 to 3.0 0.05 60 


Box side length, deg 0.2 to 2.0 0.1 19 


Maximum magnitude -1.0 to +6.5 0.5 16 


Magnitude range 0.5 to 2.0 0.5 4 


NOTE: Number of bits required to specify each slew = 


4
 

13'+ sign bit
 

Ia+ sign bit
 

6 + sign bit
 

6 + sign bit
 

5
 

4
 

2
 

57 bits.
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anywhere over one-half of the celestial shpere. The target box may 

be centered anywhere within the field of view of the tracker and the 

size of the box itself may be varied over a wide range. Maximum 

magnitude specifies the upper limit of star brightness; this, plus 

magnitude range, specify the brightness range within which the new 

guide star should lie. A total of 57 bits are required for each slew; 

for a typical observational program involving 5, 000 targets, this 

would be equivalent to 15, 000 19-bit words. 

GAS THRUSTOR SYSTEM 

System Design 

The basic spacecraft attitude control system, using magnetic 

coils and control moment gyros (CMG), is designed to operate at low 

torque levels and to minimize stored angular momentum. When the 

HEAO-C spacecraft separates from its launch vehicle at the beginning 

of the mission, it has some residual angular momentum which is best 

eliminated by a relatively high-torque system so that the spacecraft 

solar panels can be quickly oriented toward the Sun. Until solar 

orientation is achieved, the spacecraft must rely on internal (battery) 

power. 

The detailed logic of despin and solar acquisition has not been 

analyzed, because these details have very little effect on overall HEAO 

weight and performance. Well-established logic schemes have been 

demonstrated in existing spacecraft and this area presents no new 

problems. 

HEAO work has been based on a maximum initial angular rate 

of 3 deg/sec or 0. 052 radian/sec. The maximum moment on inertia 

of the spacecraft is somewhat less than 50, 000 slug ft 2 (y axis). If 

the angular momentum vector is oriented entirely along this axis, it 
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will have a magnitude of 2, 600 lb-ft-sec. Jet Propulsion Laboratory 

experience with the Ranger and Mariner series of spacecraft has shown 

that a specific impulse of 60 seconds can be expected of a system which 

expands nitrogen through a nozzle of large area ratio. If the moment 

arm of the control jets is known, the amount of gas required can be 

estimated. The y axis jets are located at opposite ends of the space

craft, about 15 feet from the center of gravity on either side. This 

gives a first approximation of gas consumption as 

2600600- Z. 89 lb6o X 15 

However, typical despin logic does not necessarily give minimum gas 

consumption. The present system may require as much as 50 percent 

more than the theoretical amount of 4. 3 pounds; this is because avail

able thrust may not always be directed in the most efficient way relative 

to the instantaneous angular momentum vector. 

The spacecraft must then rotate toward the Sun. It will be 

shown below that 1. 9 pounds of gas are sufficient for a 180-degree turn 

about the y or z axis in less than Z00 seconds. If a substantial further 

margin is allowed, a total nitrogen weight of 10. 0 pounds should be 

sufficient for both reqhirements. The assumed angular rate of 3 deg/ 

sec is high for so large a vehicle, and so it is probable that in fact a 

substantial amount of nitrogen would remain unused. It could presum

ably be used in a backup mode for slewing or solar reacquisition at a 

later time in the mission. 

Because of the large size of the spacecraft and the low jet 

thrusts desired, the system is divided into two self-contained modules 

located at opposite ends of the spacecraft. Each module includes a 
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nitrogen tank, six control valves for the x, y, and z axes, and six jets, 

together with the usual valves, filters, and transducers as will be 

described shortly. 

Each module, then, contains 5. 0 lb of nitrogen. This can be 

stored at 200 atmospheres in a 10. 5-inch diameter tank. A titanium 

tank of about this size was used in a similar role on Mariner 4 and 

would be appropriate here. Table 6-17 gives a weight breakdown of 

the complete system; Figure 6-23 shows the components of one module, 

and Figure 6-24 shows how the jets are connected to the attitude con

trol system to generate the desired couples. Nitrogen tank weight is 

based on the use of a standard titanium alloy such as Ti-6A1-4V, with 

a 0. 12-inch wall to give a substantial safety factor and with a 20 per

cent allowance for weld beads, connection boss, etc. Two squib 

valves, one normally open (NO) and the other normally closed (NC), 

control gas flow to the pressure regulator; the latter reduces gas 

pressure to some value convenient for the jets and their control 

valves. The best pressure level would be chosen following an investi

gation of such factors as required gas line size and the transient 

response of both the regulator itself and the slugs of gas residing in 

the lines. Actual attitude control systems of this kind have generally 

used pressures of the order of 100 lb/in2 . A filter is provided to 

protect the regulator and control valves from minute fragments which 

the squib valves might possibly inject into the gas stream. Tank 

pressure, regulator output pressure, and tank temperature are tele

metered. Provision is also made for telemetering squib valve 

signals to verify reception of the open and close commands. If 

desired, the signals at the jet control valves could be telemetered 

also. 
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TABLE 6-17. GAS SYSTEM WEIGHT BREAKDOWN (TWO UNITS)
 

Item 

Tank (one 10.5-in, diameter Titanium) 


Nitrogen 


Two Squib Valves 


Fill Valve and Filter 

Tank Temperature Transducer 


Two Pressure Transducers 


Filter 


Regulator 


Lines 


Six Electric Valves 


Six Jets 


Wiring Harness 


Mounting Hardware 


Total for One Unit 


Second Identical Unit 


TOTAL FOR SYSTEM 


Weight
 
(ib)
 
7.5
 

5.0
 

0.6
 

0.3
 
0.2
 

0.5
 

0.3
 

1.0
 

2.9
 

3.0
 

2.0
 

2.5
 

3.2
 

29.0
 

29.0
 

58.0
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The total of 58 pounds for the two modules represents a very 

small fraction of total spacecraft weight. The use of hydrazine rather 

than nitrogen would have resulted in a specific impulse higher by about 

a factor of four, with a proportionate reduction in propellant weight; 

however, the overall system weight saving would have been small. 

Because of the small weight penalty, nitrogen is chosen for greater 

convenience in handling and loading the system. 

Required Thrust Level - The required system thrust level is 

of interest. A single set of reference gyros will be used for measure

ment of angular rate during despin and also for an attitude reference, 

in the pointing mode. The first application requires acceptance of 

relatively high angular rates; the second requires attainment of low 

gyro drift rate. The Kearfott gyro described in Table 6-7 is suitable 

for both roles. It can accept an angular rate as. high as 3.06 deg/sec 

for 30 seconds. This limitation is imposed by heat dissipation in the 

gyro torquer. The heat generated would be approximately the same 

if the gyro experienced a rate falling uniformly from 3. 06 deg/sec to 

zero in a period of 60 seconds. To provide a margin of safety, the 

gas system will be tentatively sized to reduce this rate to zero in only 

30 seconds. The required angular acceleration is 

S= 052 = 0.0017 radian/sec Z30
 

and if this occurs entirely about the y axis (highest moment of inertia), 

the required thrust for each jet on this axis is 

50, 000 x 0. 0017 
2 X15 
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since this axis has two jets each with a moment arm of 15 feet. The 

system is most conveniently mechanized if the same thrust is used on 

the x axis. For this axis the moment arm is only 4. 3 feet and the 

moment of inertia 4600 slug-ft Z . The use of two jets results in an 

angular acceleration of 

2 x 2.88x4.3S x 4600 .= 0.0052 radian/sec2 

If the system threshold is set at zero angular rate, the actual 

angular rate attained will depend largely on the system time constant. 

This is for all practical purposes equal to the time constant of the jet 

valves. From data on other similar valves, this is estimated at not 

more than 0. 03 second. Multiplied by system angular acceleration, 

this indicates a residual rate of 0. 0029 deg/sec or 10. 5 seconds of 

arc/sec for the case of the y axis and 0. 0089 deg/sec or 32.4 seconds 

of arc/sec for the x axis. These levels are low enough for a conven

ient transition to reference gyro attitude control. This suggests that 

the thrust and acceleration suggested are a reasonable compromise. 

A lower acceleration would of course give lower residual angular 

velocity, but would also require longer for despin and would impose 

a greater heat load on the gyro torquer. 

System specific impulse is based on the assumption of constant 

nitrogen temperature (68°F). During continuous discharge of gas, the 

nitrogen tends to cool as its potential energy (pressure) is converted 

to kinetic energy in the jet nozzles. Eventually an analysis should be 

carried out to determine the line and valve size and nozzle design 

required to prevent a serious drop in temperature and hence in specific 

ixtpulse. If this occurred, it might be necessary to use relatively 
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large nozzles with electrical heating. Any electrical power require

ment arising here would be small because of the short time required 

for despin. 

A quick calculation indicates a jet orifice diameter of about 

0. 14 inch for 2. 8 pounds thrust. With an expansion ratio of 50 to 1 for 

a highly efficient nozzle, the maximum cone diameter would be only 

0. 99 inch and the entire nozzle could be machined from a block of metal 

occupying less than 2 in3 . 

The location of all jets at the ends of the spacecraft presents a 

possible cross-coupling problem. The x-axis jets would ideally be 

located at the longitudinal station containing the spacecraft center of 

gravity; at present, any misalignment of the x-axis jets will result 

in a spurious torque about the y or z axis. It should not be difficult to 

maintain jet alignment of 0. 5 degree or approximately 0. 01 radian; 

this would result in a couple about the y axis of 

2 x Z. 8 x 0.01 x 15 = 0.841b-ft 

which is less than the available y-axis control torque by a factor of 

more than 100. This suggests that the cross-coupling effect will not 

be a major problem. 

Rotation Toward Sun - When despin is complete, the space

craft is rotated toward the Sun. Suppose that this requires a full 180 

degrees of rotation about the y axis. Then if the appropriate jets are 

first operated for 10 seconds, the spacecraft will develop an angular 

velocity 

6y = 6t = 0.017 rad/sec 

= 0.97 deg/sec 
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and will cover, during acceleration, a distance of 

= 1 tz = 0.085 radian 

= 4.9 degrees. 

If it then coasts for 176 seconds the spacecraft will rotate 

through 170. 2 degrees, at which point 10 seconds of deceleration will 

bring total travel to 180 degrees in a time of 196 seconds. This time is 

satisfactorily short, and gas consumption for two 2. 8-pound jets each 

thrusting for 20 seconds total is only 

2 x Z.8 x 20 
1. 87 pounds.60 

Single-Unit Version - The complete jet system is designed 

in two independent units. If it is thought that any reliability advantage 

is not worthwhile, the system could be designed instead as a single 

module mounted at one end of the spacecraft, with six jets and six 

valves providing three-axis control. In the thrust regions of interest, 

hardware weight is only very slightly sensitive to rate of gas flow, so 

most components would weigh about the same as for a single unit. 

Only the tank, nitrogen, and tank mounting hardware would be heavier 

and as Table 6-18 shows, there would be a reduction of net weight from 

58 to 43 pounds. 

Such a system would not generate balanced couples; each 

operation of a jet would result in translation as well as rotation of 

the spacecraft. The net translation occuring during gas system 

operation would depend on the detailed history of despin and rotation 

toward the Sun. But whatever that history, the effect can never reach 
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TABLE 6-18. GAS SYSTEM WEIGHT BREAKDOWN (SINGLE UNIT)
 

Item 


Tank (One 13-inch diameter Titamium) 


Nitrogen 


Two Squib Valves 


Fill Valve and Filter 


Tank Temperature Transducer 


Two Pressure Transducers 


Filter 


Regulator 


Lines 


Six Electric Valves 


Six Jets 


Wiring Harness 


Mounting Hardware 


SYSTEM TOTAL 


Weight
 
(Ib)
 

15.0
 

10.0 
0.6
 

0.3
 

0.2
 

0.5
 

0.3
 

1.0
 

2.9
 

3.0
 

2.0
 

2.5
 

5.0
 

43.3
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the result of discharging the full 10-pound nitrogen supply through a 

nozzle aligned through the spacecraft center of gravity. Even in this 

hypothetical case the spacecraft, weighing approximately 15, 000 

pounds, would undergo a net velocity change of only 

10 x 6010060 X 32.2 =15, 000 0.78 ft/sec 

which would result in changing future orbital position by less than 1 

mile. Orbit position is not at all critical to HEAO-C operations. Even 

a shift of several miles would be unimportant. Therefore, the single

unit system is quite acceptable from this standpoint. 

Use in Slewing Mode 

Earlier it was shown that the CMGs are limited in torque to 

about 2 lb-ft/axis. At some points in the experimental program it is 

desirable to make several observations of an x-ray source with the 

spacecraft in positions 90 degrees apart about the x axis or optical 

axis. These measurements are to be carried out entirely during a 

Sun occultation period, so that the spacecraft can be reoriented toward 

the Sun as soon as it emerges from the Earth's shadow. With the 

torques available from the CMGs it is not easy to slew sufficiently 

rapidly to leave much observing time. Therefore, it is of interest to 

determine to what extent the gas jet system could be used in a fast 

slewing role. 

It would be desirable to carry out three observations, 90 degrees 

apart, and to travel a further 90 degrees to the original orientation 

within 21 minutes. The x-axis jets can accelerate the spacecraft at 

0.0052 radian/sec z . In 4 seconds, they can bring angular velocity from 
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0 to 1. 20 deg/sec; during this time the spacecraft would rotate through 

Z.40 degrees. Seventy-one seconds of coasting would allow for rotation 

through a further 85. 2 degrees, and deceleration to zero rate would 

bring total rotation to 90 degrees and total time to 79 seconds. If an 

additional 30 seconds is allowed for the CMG control system to damp 

slewing rates below 1 second of arc/sec, the total maneuver time 

for four 90-degree maneuvers in 7. 3 minutes. This leaves a time of 

4.6 minutes for each of the three observations, which is almost twice 

as long as the times permitted with CMG maneuvering. 

Gas consumption is found by dividing total impulse by specific 

impulse, the total thrusting time being 8 seconds. 

Total Impulse = 2 X 2.8 X 8 lb-sec = 45 lb-sec 

Specific Impulse = 60 seconds 

Gas Used = 0.75 pounds. 

Initial operations are unlikely to leave enough gas for more 

than one or two 90-degree fast slews; a single complete rotation requires 

four such maneuvers. If fast slew capability was strongly desired, 

hydrazine could be used in place of nitrogen. If the total veight for 

the two units was increased from 58 to 150 pounds, the system could 

contain at least 80 pounds of hydrazine. Hydrazine has about four 

times the specific impulse of nitrogen, so this would be enough for 

80 x8075 4-
- 427 90-degree fast slews0.75
 

or for 106 complete rotations with observations at 90-degree intervals. 

It would be necessary to investigate the possible effect of jet plume on 

the optical equipment to ensure that the exhaust would disperse satis

factorily without interfering with observations. In this respect, 
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hydrazine is one of the least offensive rocket propellants due to the 

low temperature and molecular weight of its exhaust.-

If the gas system is used for despin and initial orientation, it 

needs to operate only for a short time at the beginning of the mission. 

If it is designed to be useful later in the mission, its reliability and 

lifetime become a matter for concern and it may be necessary to use a 

more complicated configuration than Figure 6-23 indicates. Suitable 

arrangements of redundant valves and other long-life features have 

been successfully developed for planetary spacecraft where operating 

lifetimes of years are required. 

HEAO-B AND -D MISSIONS 

Attitude Control Requirements 

The attitude control requirements for the B mission are the 

same as for the A mission: 

* 	 Attitude hold of the spacecraft scan axis (z) to within one 
-degree of the desired direction in the scan mode 

* 	 A scan rate of the spacecraft about the z axis of 0. 1 
rpm. 

There is no requirement for attitude control of the HEAO-D spacecraft 

for operation of the experiment payload. 

Orbits and Mass Characteristics 

The B mission launch date is 1975 and the orbit will be a 200

nautical-mile circular orbit inclined at an angle of 28. 5 degrees to the 

equator. The D mission launch date is 1977 and the orbit will be a 

300-nautical-mile circular orbit inclined at an angle of 35 degrees to 

the equator.
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The mass moments" of inertia about the -principal spacecraft 

axes are approximately: 

" 	 HEAO-B: Ix = 3, 900 slug-ft2 

Iy 	 = 46, 000 slug-ft2 

I z 	 = 46, 300 slug-ft 2 

* 	 HEAO-D: Ix = 3,600 slug-ftz 

Iy 	 = 36, 100 slug-ft2 

I z 	 = 36, 300 slug-ft2 . 

The significant disturbing torques expected to be acting on the 

HEAO A, B, C, and D spacecraft are listed in Table 6-19. The esti

mated magnitudes of these torques are also given in this table. 

Suitability of Mission A System for B and D Missions 

HEAO-B Mission - The attitude control system for mission 

A 	consists of: 

* 	 A RCS unit: This is primarily used for acquisition and 
reorientations of the scan axis. 

* 	 A flywheel rotating at a constant speed: The axis of the 
flywheel is along the scan axis and the angular momentum 
is 2, 000 ft-lbf-sec. The flywheel provides some stability 
to the scan axis. 

* 	 Magnetic torquers: Magnetic torquers are used for the 
attitude and rate control of the scan axis in the scanning 
mode and for attitude control of the optical axis in the 
pointing mode. The magnetic torquers'are sized to 
provide control torques equal to gravity torques. 

Table 6-19 shows that the disturbance torques expected for 

mission B are much larger than mission A. This is due primarily to 
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TABLE 6-19. DISTURBANCE TORQUES ACTING ON THE HEAO SPACECRAFT
 
FOR MISSIONS A, B, C, AND D
 

HEAO-A HEAO-B HEAO-C HEAO-D 

Launch Date 1974 1975 1976 1977 

Altitude (n.mi) 200 200 300 300 

Maximum Torques (ft-lbf) 

Gravity Gradient 0.070 0.080 0.080 0.060 

Aerodynamic' 0.007 0.008 0.0004 0.0016 

Magnetic 2 0 0.132 0 16.3 

'Aerodynamic torques for missions A and B were taken as 10% of the maxi
mum gravity gradient torque. Aerodynamic torques for missions C and
 
D were calculated based on average 2a atmospheric density for the launch
 
year date. The center of pressureand center of mass for the D space
craft were assumed to be the same as those for the C spacecraft.
 

2Magnetic disturbance torque for the B mission is caused by magnetiza
tion of the magnetic shields and the resulting interaction with the
 
Earth's field. Magnetic disturbance on the D mission is caused by the
 
reaction of the magnetic moment of the magnetic spectrometer experiment
 
coil with the Earth's field.
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the magnetic disturbance torque on B. If it is assumed that the space

craft of mission B has a flywheel similar to that of the mission-A 

spacecraft, and assuming further that a disturbance torque of 0.20 

ft-lbf (magnetic plus gravity torque) is acting normal to the scan axis, 

then the scan axis of the spacecraft will deviate 1 degree in less than 

4 minutes. Without the flywheel the scan axis of the spacecraft under 

the same conditions will deviate 1 degree in about 40 seconds. From 

this it can be seen that though the flywheel is able to provide some 

stability to the scan axis, it is not enough to meet the B mission 

requirements or to justify the weight (240 Ibm) and power (55-watt 

average) requirements. Therefore the HEAO-A attitude control sys

tem is not expected to fulfill the HEAO-B mission requirements. 

The use of two very strong Alvarez electromagnets, for experi

ments use only, poses a very serious problem in the use of magnetic 

torquers for attitude control. The presence of the magnetic field due 

to the Alvarez electromagnets and the induced magnetic moment in the 

spacecraft components will degrade the performance of the magnetic 

torquers. Furthermore the size of the magnetic torquers for mission 

B will be larger than that of mission A because of large disturbance 

torques. This large size of the magnetic torquers will have strong 

magnetic field and this in turn may require additional shielding of the 

spacecraft components near the vicinity of the magnetic torquers. 

From the above analysis it appears that an extensive study is 

required to determine the feasibility of magnetic torquers for mission B. 

Attitude control by use of reaction control system (jet thrusters) 

can of course be achieved at the cost of excessive weight penalty in 

terms of propellant weight required for two years mission. 
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A combination of magnetic torquers and reaction control system 

may look attractive and should be investigated. 

HEAO-D Mission - Since the HEAO-D mission payload will 

include the single coil magnetic spectrometer experiment (Ref. 6-4), 

the axis of this coil will tend to align itself with the geomagnetic 

field vector B. It is assumed that the coil axis will coincide with the 

spacecraft longitudinal, or x axis.- The only presently identified 

requirement for spacecraft attitude control on the D mission is possibly 

to maintain the sides of the spacecraft on which the solar panels are 

mounted toward the Sun. This amounts to single axis (x axis) attitude 

control. 

A large flywheel on the y axis of the HEAO-D spacecraft might 

be useful in limiting roll about the x axis. However, an additional 

attitude control subsystem such as reaction jets would also be required 

for initial alignment and for periodic adjustments. A simpler system 

would utilize only reaction jets to provide control about the x axis. 

Since the disturbing torques about this axis are small, the propellant 

requirements would not be excessive. 

Control torques about the x axis could not be provided by 

magnetic torquers as long as the x axis were aligned with the geo

magnetic field vector B. As mentioned above the magnetic spectrometer 

experiment will exert a large torque, perhaps as much as 16 ft-lbf, to 

align the x axis with B. However the result may be oscillation of the 

x axis about B (Ref. 6-4). In this case magnetic torquers on the y 

and z axes could periodically exert control torques about the x axis. 

Fine control about the x axis would not be required, also disturbing 

torques about the x axis are expected to be minimal. This system is 

believed to be more appropriate for the HEAO-D mission than the 

use of a HEAO-A type flywheel. 
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7. THERMAL CONTROL ANALYSIS 

The objectives of the thermal control analysis described herein 

were to 

* Evaluate the capability of the thermal control concept 
proposed in Reference 7-1 to maintain the temperature 
levels and thermally-induced deformations of the pro
posed HEAO-C experiment packages within acceptable 
limits 

* 	 Establish an overall thermal control concept, incor
porating the experiment thermal control system proposed 
in Reference 7-1, for maintaining all spacecraft systems 
and subsystems within acceptable operating temperature 
limits. 

Based on the results of a preliminary analysis, it was con

cluded in Reference 7-1 that excessive misalignment of the mirror and 

detector assembly axes, caused by thermally-induced bending of the 

spacecraft during orbit, would preclude mounting the mirror assemblies 

and experiment packages directly to the spacecraft structure. Hence, 

the experiment thermal control concept illustrated schematically in 

Figure 7-1 was proposed. In this concept, the mirror assemblies 

and experiment packages are mounted to a common truss structure, 

referred to as the "optical bench", which is constructed of Invar to 

reduce dimensional changes caused by temperature excursions. The 

optical bench is connected to the spacecraft only at its ends. After 

orbit insertion, the bench is decoupled -fromthe spacecraft structure at 

the nonviewing end. This prevents the thermal bending of the space

craft from deflecting the optical bench. The limited number of contact 

points also facilitates control of the bench temperature within narrow 

limits. 
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The optical bench, except for the viewing end, is completely 

enclosed by highly-efficient multilayer insulation. A thin "thermal 

control filter" is located in front of the viewing end to increase the 

thermal resistance between the mirrors and the space environment. 

Virtually all heat generated by the experiment packages inside the 

optical bench is transferred to the thermal control filter, from which 

it is ultimately radiated to space. Thus, the optical properties of the 

thermal control filter are of paramount importance in determining 

the operating temperatures of the mirrors and experiment packages 

inside the optical bench. The thermal control filter is designed to 

reject the maximum possible heat dissipation from inside the bench 

under most severe environmental heating conditions, while maintaining 

the bench temperature at an acceptable level. Small electrical heaters 

inside the optical bench will be activated to supply heat inside the 

bench when experiment heat dissipation rates are less than maximum. 

Most subsystems are located between the optical bench and the 

outer spacecraft structure. Heat generated by these subsystems is 

radiated to space by the spacecraft skin. The mosaic crystal was 

assumed to be in the extended position, with the angle between the 

centerline of the spacecraft and the plane of the mosaic crystal equal 

to 50 degrees. 

THERMAL DESIGN REQUIREMENTS 

Optical Bench 

The primary thermal design requirements of the HEAO-C 

experimental package, as specified in Reference 7-1, are: 

* 	 Control of the focal plane of the high resolution mirror 
to within ±0. 004-inch axial displacement and -0. 01-inch 
lateral displacement 

* 	 Maintenance of parallelism of the optical axes of the two 
telescopes to within ±l-arc minute. 

7-3 



The approach that was followed in establishing the design goal 

for acceptable operating temperature limits of the optical bench was 

to determine the temperature limits corresponding to each of the design 

requirements described above, and then to adopt the most stringent of 

these limits as the design goal. First, the requirement which limits 

the maximum axial displacement, A Lf, of the focal plane to ±0. 004 inch 

dictates that the mean bench temperature, Tm, must remain within 

the limits of 70°F ± 16'F. These limits were estimated from the 

relation 

Lf = 	 Lf a b (Tm - To) (7-1) 

where 

Lf 	 the focal length of the high resolution mirror, 

312 inches 

b 	 the thermal expansion coefficient of Invar, 
8 X 10- 7 in/in0 F 

- the 	mean temperature of the optical benchT o 


during calibration (assumed to be 70°F).
 

The design requirement which limits the lateral displacement, 

6, of the focal plane to ±0. 01 inch dictates a maximum difference between 

the mean hot side and cold side temperatures of the optical bench of 

19. 3°F. This requirement may be explained with the aid of Figure 7-2, 

which illustrates the thermal bending of the optical bench. The displace

ment of the bench axis 6 is relatedto the lateral temperature difference 

AT by the relation 

ab AT(7-2)
2D
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where 

Lb - optical bench length, 360 inches 

D - optical bench mean diameter. 

Substituting the appropriate values of 8, Lb, ab and D into Equation 7-2 

and solving for AT yields the maximum allowable lateral temperature 

difference of 19. 3°F or -9. 6°F. 

Lb 

r 

FIGURE 7-2. 	 ILLUSTRATION OF THERMALLY INDUCED BENDING
 
OF THE OPTICAL BENCH
 

Thus, the thermally induced lateral movement of the focal plane 

relative to the detector assembly will be controlled to within ±0. 01 inch 

provided-the temperatures of all points on the optical bench are main

tained within the limits of ±9. 6F around some reference temperature 

level. Now, assuming that the coefficient of thermal expansion, ab, 

is invariant with temperature, the thermally induced bending of the 

optical bench is dependent on the temperature difference across the 
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bench, AT, rather than on the selected reference temperature level. 

However, when the other thermal design requirements are taken into 

consideration, i. e., allowable axial displacement of focal plane and 

acceptable telescope temperatures, it becomes essential to choose a 

reference temperature level that is equivalent to the temperature of the 

optical bench during preflight calibration, T o . Assuming T o is 70°F, 

the acceptable temperature limits of all points on the optical bench for 

satisfactory control of thermally induced lateral displacement of the 

focal plane become 70 0 F :b 9.6 0 F. 

From a thermal design standpoint, maintaining parallelism of 

the optical axes of the two telescopes within *:1arc minute depends 

primarily on control of the mirror temperatures to within acceptable 

limits. The Gervit mirrors are held by annular rings of Invar, whose 

coefficient of thermal expansion is approximately eight times larger 

than that of Cervit. Therefore, a decrease or increase in temperaute 

from the design point will result in a tightening or loosening, respectively, 

of the Invar rings on the mirrors, resulting in an angular deflection of 

this mirror contour. An accurate determination of the acceptable 

mirror temperature limits would require a rather detailed structural 

analysis to account for the interactions between the Invar support rings 

and the Cervit mirrors subject to a specified temperature distribution. 

Such an analysis is beyond the present scope of work. Therefore, the 

mirror operating temperature limits recommended in Reference 7-1 

(70'F : 10°F) were adopted as requirements for the present study. 

From a collective consideration of all of the cases considered 

above, it is apparent that a sufficient, but not necessary, condition for 

satisfaction of all of the thermal design constraints of the optical bench 

is maintenance of the temperatures of all points within the optical bench, 

including telescopes, experiment packages, and truss members, within 
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the limits of 70 0 F :h 9.6°F. Therefore, a thermal design goal was 

established to control the entire optical bench assembly to within the 

temperature limits of 70'F ± 9. 6°F. 

Spacecraft Structure 

The primary thermal design requirements of the spacecraft 

structure call for minimization of solar panel operating temperatures 

and of temperature gradients within the spacecraft's aluminum frame

work. The former requirement exists because of the inherent decrease 

in power conversion efficienty of solar cells with increasing operating 

temperature. Although the power supply was designed based on a con

servatively high estimate of average operating temperature, methods 

of reducing the solar panel temperature will result in an increased margin 

of power availability. 

It is important to minimize temperature gradients within the 

spacecraft structure to reduce thermally induced bending to the maxi

mum extent possible. The spacecraft is designed to provide adequate 

clearance between the outer structure and the optical bench even with 

thermally induced deflections corresponding to a conservatively high 

lateral temperature difference of 3660F. (This maximum lateral 

temperature difference was predicted from a simplified thermal analysis 

during the early stages of conceptual design. ) However, minimization 

of thermally induced bending is desirable to reduce reliability penalties 

that must accompany the cyclic deformation of the spacecraft over a long 

duration (2-year mission) as it continuously travels into and out of the 

Earths shadow. 

Experiments and Subsystems 

The required heat dissipation rates and allowable temperature 

limits of the HEAO-C experiments and subsystems are presented in 
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Table 7-1. Unless noted otherwise, the listed heat dissipation rates 

are average values that must be rejected continuously. The allowable 

temperature limits of 14 to 86°F for the experiment sensor packages 

were prescribed in Reference 7-1. Thermal design of the solid state 

detector package, a critical problem area, was not treated in the 

present scope of work. 

The thermal design approach for the optical bench consisted of 

specification of optical properties of the thermal control filter which 

would result in rejection of the maximum expected heat dissipation from 

inside the optical bench under the most severe environmental heating 

conditions, while maintaining the bench at an acceptable temperature 

level. For conditions of less than maximum heat dissipation by the 

experiments, small electrical heaters inside the optical bench would be 

activated to maintain the required temperature levels therein. Exami

nation of Table 7-1 reveals that the maximum possible heat dissipation 

requirement inside the optical bench will be 35 watts, and will occur 

when all experiments except the high resolution image detector are 

activated simultaneously. (The high resolution image detector and the 

high resolution crystal spectrometer cannot be operated simultaneously.) 

Concerning heat dissipation outside the optical bench, the thermal 

model considered all of those components listed in Table 7-1 that are to 

be located outside the bench to be operating continuously, including the 

electronics module for the high resolution image detector (19 watts). 

The latter electronics module was assumed to be operational in the ther

mal model although its associated experiment package inside the optical 

bench is assumed to be deactivated, as discussed previously. This 

assumption permitted simulation of the maximum heat dissipation 

requirements both inside and outside the thermally isolated optical 
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TABLE 7-1. HEAT DISSIPATION REQUIREMENTS FOR HEAO-C
 
EXPERIMENTS AND SUBSYSTEMS
 

Components 


Experiments
 

High Resolution Image Detector 

Electronics Module 


High Resolution Crystal Spectrometer 


Large Area Image Detector 

Electronics Module 


Multiple Polorimeter 

Electronics Module 


Solid State Detector 

Electronics Module 


Mosaic Crystal 

Electronics Module 


Flare Detectors
 
Coarse Detectors 

Fine Detectors 

Electronics Modules 


Inside optical bench
 

Heat Dissipation 
Number of per Unit 

Units (W) 

1 13.5** 
1 19.0 

1 21.0* 

1 1.0* 
1 13.5 

1 1.0* 
1 8.6 

1 2.0* 
1 6.2 

1 0.0 
1 0.5 

4 1.0 
1 0.0 
5 6.4 

Allowable Temperature
 
Limits
 
(OF)
 

14 to 86
 
160 max
 

14 to 86
 

14 to 86
 
160 max
 

14 to 86
 
160 max
 

14 to 86 tt
 

160 max
 

Unknown
 
160 max
 

Unknown
 
Unknown
 
160 max
 

Inside optical bench, but not operated simultaneously with high resolution crystal spectrometer 
- Increases to 130 watts per unit for approximately 12 minutes per orbit 

ttExterior surface
 



0 

Components 


Experiments
 

Scintillation Counter 


Monitor Proportional Counter 

Electronics Module 


Flat Crystal Spectrometer 

Electronics Modules 


Subsystems
 

Aspect Detector 


Electronics Module 


Data Management Computer 


Charger-Battery-Regulator Modules 


Load Distributor 


Tape Recorders 


S-Band Decoder/Transmitter 


Diagnostic Logic 


Command Decoder 


Signal Conditioner 


TABLE 7-1 -

Number of 


Units 


1 


1 

1 


1 

2 


1 


1 


1 


9 (7 active) 


2 


4 (1active) 


2 


1 


1 


1 


Continued
 

Heat Dissipation 
per Unit 


(W) 


11.0 


1.0 

8.0 


2.0* 

7.5 


8.0* 


6.0 


145.0 


70.0 


30.0 


15.0 


30.0 


3.0 


4.0 


8.0 


Allowable Temperature
Limits
 

(OF)
 

14 to 86
 

14 to 86
 
160 max
 

14 to 86
 
160 max
 

14 to 86
 

160 max
 

0 to 120
 

-20 min; 0 to 32 preferred
 

-40 to 120
 

0 to 130
 

160 max
 

160 max
 

160 max
 

160 max
 



-- 

Subsystems Component 


Command Receiver 


S-Band Power Amplifier 


Multiplexer 


Solar Combiners 


Star Tracker 


Diplexer 


Electromagnetic Control Torquers 


Reference Gyros 


Magnetometer 


Power Combiner 


Switching Network 


TABLE 7-1 


Number of 

Units 


2 


2 


1 


7 


3 


1 


3 


3 


1 


1 


2 


- Concluded 

Heat Dissipation 

per Unit 

(W) 


0.4 


15. 0t 


5.0 


15.0 


10.0 


10.0 


7.0 


10.0 


6.0 


Allowable Temperature
 
Limits
 
(OF)
 

160 max
 

160 max
 

160 max
 

-85 to 374
 

0 to 140
 

160 max
 

-30 to 120
 

0 to 140
 

-30 to 120
 

160 max
 

160 max
 



bench with the same thermal model. Since the optical bench is almost 

perfectly isolated from its surroundings by multilayer insulation, this 

assumption yields valid temperature predictions for maximum heat 

dissipation rates both inside and outside the bench, although these two 

conditions will not exist simultaneously during an actual flight. 

ANALYTICAL APPROACH 

Determination of Environmental Heating Rates 

Environmental heating rates of the external surface of the 

HEAO-C spacecraft were predicted using the Lockheed 140 Node Heat 

Rate Program (Ref. 7-2). Heating rates were determined for the four 

spacecraft/orbit orientations illustrated in Figure 7-3. The prescribed 

orbital altitude was 300 nautical miles, and the prescribed angle of 

inclination of the orbit plane to the equator was 35 degrees. Cases I 

and II (Figure 7-3) considered the spacecraft to be oriented broadside-to

the Sun with the angle (l equal to 58. 5 and 0 degrees, representing 

the maximum and minimum durations of direct solar illumination, 

respectively. Case III considered the spacecraft longitudinal axis to 

be tilted 15 degrees toward the Sun, continuously, with the angle 0 

equal to 58. 5 degrees. This case represents the requirement for 

continuous 15 degree off-axis viewing, and yields the most severe 

continuous heat rejection requirement for the optical bench thermal 

control filter. Case IV considered the spacecraft longitudinal axis to 

be tilted 30 degrees toward the Sun, with the angle 9 equal to 58. 5 

degrees. It is noted that the orientation represented by Case IV will 

occur only during approximately one orbit per day. Because of the 

large thermal inertia of the spacecraft, only those structural elements 

I 
The angle 1 is the angle between the Earth-Sun line and the orbit
 

plane, measured in a plane perpendicular to the orbit plane.
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CASE I --

EARTH
MAXIMUM TIME INSUNLIGHT, 


MAXIMUM ORBITAL AVERAGE HEAT LOAD
 
4--SUN 

CASE II -- EARTH 

MINIMUM TIME INSUNLIGHT, / 

MAXIMUM INSTANTANEOUS HEAT LCAD 

l!.4-SUN 

8=00 

CASE III
150 EARTH
VIEWING END INCLINED 15 DEGREES TOWARD 


THE SUN CONTINUOUSLY;
 

'SUN
 
WORST CASE CONTINUOUS HEAT REJECTION k
 

REQUIREMENT FOR OPTICAL BENCH
 

CASE IV -- ~3O-

EARTH
VIEWING END INCLINED 30 DEGREES TOWARD 


THE SUN TEMPORARILY (-I ORBIT/DAY);
 

4- SUN
WORST CASE TEMPORARY HEAT REJECTION 


REQUIREMENT FOR OPTICAL BENCH 0=58.50
 

FIGURE 7-3. SPACECRAFT ORBIT/ORIENTATIONS CONSIDERED IN THERMAL ANALYSIS
 



near the exterior surfaces will exhibit a substantial deviation in temper

ature response characteristics due to the temporary 30-degree off-axis 

orientation. Values of solar absorptivity, as, And infrared emissivity, 

E, assumed in this analysis for the external surfaces are listed in 

Table 7-2. The optical properties of the solar panels were taken from 

Reference 7-3. The solar absorptivity of 0.71 takes into account the 

fact that a fraction of the incident solar energy is converted into 

electrical energy when the solar cells are active, and is not available 

to increase the internal energy (temperature) of the material. The 

values of as (0. 22) and E (0. 24) of the spacecraft side panels and top 

end correspond to Fuller Aluminum Silicon Paint (171-A-152) as 

described in Reference 7-4. This less emissive thermal control 

coating was selected after a preliminary analysis considering Z-93 

(a s = 0. 35, E = 0.85) as the coating for these spacecraft skin sur

faces resulted in predicted minimum temperatures of some of the com

ponents that were below the allowable limits presented in Table 7-1. 

Components having predicted temperatures below the limit were control 

moment gyros, redundant CBR modules, magnetic coils, star trackers, 

and reference gyros. Of course, if other considerations indicate a 

strong desirability for utilizing a highly emissive surface coating, 

e. g. , Z-93, other thermal design alternatives for elevating selected 

subsystem operating temperatures (added insulation, louvers, equip

ment relocation, etc. ) should be investigated. 

TABLE 7-2. ASSUMED OPTICAL PROPERTIES OF EXTERNAL SURFACES
 

Surfaces as
 

Solar Panels 0.71 0.82
 
Spacecraft Side Panels and Top End (Station 370) 0.22 0.24
 
Thermal Control Filter 0.4 0.06
 
Monitor Proportional Counter race 0.4 0.06
 
All Other External Surfaces 0.5 0.5
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The assumed optical properties of the thermal control filter 

(as = 0.4, E = 0.06) are representative of aluminized Mylar, the 

filter material recommended in Reference 7-1. 

The optical properties of the exposed face of the monitor 

proportional counter are also representative of a thin layer of alumi

nized Mylar. Aluminized Mylar was selected to cover the face of the 

monitor proportional counter because it satisfies the requirement for 

raising the thermal resistance between the experiment and the space 

environment and is also transparent to X-rays in the applicable energy 

range of 0.2 to 4.0 KeV. 

Optical properties of the few remaining external surfaces, i.e., 

the viewing faces of the scintillation counter, aspect detector, mosaic 

crystal spectrometer, star tracker and magnetometer were undefined 

at the time of this study. In the absence of any better definition of the 

optical properties of these surfaces, a rather arbitrary assumption 

was made that they were covered by a ficticious coating having medial 

values of a. (0.5) and E (0. 5). 

The environmental heat source constants used in the analysis 

were: 

- 429 hr/ft* Solar Constant 

* 	 Earth Albedo - 0.3
 

Btu
 
- 68 

e Earth Emission 

These values represent nominal environmental heating conditions. It 

is important to note that deviations of the environmental constants due 

to seasonal variations, variations in cloud cover and measurement 
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uncertainties would result in significant changes in predicted orbital 

heating rates and temperature responses. These deviations should 

be accounted for through performance of a sensitivity analysis during 

a later phase of the spacecraft design. 

Prior to prediction of the environmental heating rates, the 

spacecraft external configuration was transformed into a thermal 

model that was compatible with the orbital heat rate simulation pro

gram, as illustrated in Figure 7-4. The exposed surfaces of the space

craft were represented by a total of 57 surface nodes. The thermal 

control filter, located at the viewing end of the optical bench, and the 

mosaic crystal spectrometer, which protrudes ahead of and shades 

the viewing end, were represented by two surface nodes each. The 

remaining exposed instrument faces were represented by one surface 

node each. The nodal representations of all other exposed surfaces 

were as shown in Figure 7-4. 

Evaluation of Spacecraft Temperature Response 

The temperature response of the entire spacecraft to the pre

dicted environmental heating rates was evaluated through utilization 

of the Chrysler 1 CINDA" digital computer program (Ref. 7-5). In 

this solution technique, the physical system is first transformed into 

an equivalent thermal resistance-capacitance network which is input 

to the CINDA program. The program then employs finite difference 

techniques to solve for the transient temperature response of the nodal 

network, subject to input boundary heating conditions. 

For the CINDA model described herein, the HEAO-C space

craft was divided into a total of 363 nodes. Of these, 57 nodes were 

coincident with the 57 surface nodes considered in the orbital heat 

rate simulation described previously. In addition, 180 nodes repre

sented the optical bench structure and multilayer insulation, as 
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FIGURE 7-4. 
NODAL REPRESENTATION 

USED IN THERMAL MODEL TO DETERMINE
 

SPACECRAFT ORBITAL HEATING RATES
 



illustrated in Figure 7-5. The insulation thickness was 1. 5 inches, 

as prescribed by thermal design personnel from American Science 

and Engineering, the agency responsible for the study (Ref. 7-1). 

Calculation of the equivalent thermal resistance between optical bench 

nodes in the longitudinal direction required special consideration because 

of the complexity of the truss geometry. The equivalent resistance 

network in the longitudinal direction between two typical optical bench 

nodes for the selected nodal geometry (Figure 7-5) is illustrated in 

Figure 7-6. The equivalent thermal resistance between typical nodes 

i and j, as derived from electrical network theory, is given by 

Rz RC RsRRA 
RB \RZ + RA +R + RC 

<ij = , (7-3) 
+ R C Rr,(73

R R, R A
RZ + RA R C +R 5 

where 

R1 R3 + R1 R 4 + R3 R4 
RA, B, C = 3, (7-4) 

All individual resistances in Equation 7-4 are computed from the 

standard relation 

Ax 
(7-5)R - kA 

where 

Ax - conductive path length 

k - thermal conductivity 

A , - cross-sectional area normal to heat flow. 
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TYPICAL NODAL SECTION 

0.37511 NODE INSULATION 

0.75" 0 

0.375" 
STRUCTURAL MEMBER 

FIGURE 7-5. ILLUSTRATION OF NODAL REPRESENTATION OF THE OPTICAL BENCH AND
 
,, MULTILAYER INSULATION
 



R33 

R5
 

R2
 

FIGURE 7-6. EQUIVALENT RESISTANCE NETWORK
 
BETWEEN TWO NODES
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Thermal resistances between optical bench nodes in the circumferential 

direction were determined simply from Equation 7-5, since preliminary 

calculations showed that parallel conduction paths could be considered 

negligible in the circumferential direction. 

The experiment locations within'the optical bench were shown 

previously in Figure 2- 1. Each independent experiment module and 

each associated electronic package was represented by a single node, 

with the exception of the mirrors of the large area and the high resolu

tion telescopes. Each of the telescope mirrors was simulated by a 

thick-walled cylinder with a cylindrical opening in the center which had 

a cross-sectional area equivalent to that of the aperture of the actual 

mirror. These hollow cylinders were divided into equal nodes along 

the telescope axis to more accurately determine the temperature 

gradient in this direction. 

The proposed spacecraft structure is of the skin and stringer 

type as illustrated previously in Figure 4-7. With this configuration 

all of the structural supports contact the external skin. In the thermal 

model the composite skin and stringer wall structure was simulated by 

a thermally equivalent nodal network. The Individual thermal capaci

tances of the structural support members and of the skin panels were 

lumped together in the calculation of the thermal capacitances of the 

equivalent skin panel nodes. In the calculation of the equivalent 

thermal conductances between skin panel nodes, the actual material 

cross-sectional areas normal to the appropriate heat flow paths were 

utilized. 

Additional as sumptions and guidelines employed in the tempera

ture response predictions of the spacecraft were as follows; 
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* 	 Thermal properties used for the spacecraft skin and 
structure were those of 6061 T6 aluminum (Ref. 7-6) 

lbm
 
p = 169-b
a 	 Density, 

Btu 
" 	 Specific heat, Cp 0.23 lbm-OF 

Btu
 
A Thermal conductivity, K = 96. 8 ht

hr-ft-°F 

* 	 Thermal properties used for the optical bench structure 
were those of Invar (Ref. 7-7) 

lbrn
 
A Density, p = 504 ft3
 

= 0.IZ3 Btu" 	 Specific heat, Cp 
lbm-0 F 

= A 	 Thermal conductivity, K 6.05 Btu
° Fhr-ft

* 	 Thermal properties assumed for the composite 
solar panel structure were derived from the solar panel 
configuration of the Orbital Workshop (Ref. 7-8) as 
depicted in Figure 7-7. 

* 	 A 0. 5-inch thickness of multilayer insulation was assumed 
to be located directly behind the solar panels to provide 
added thermal isolation of the optical bench on the warm 
side of the spacecraft and to shield the subsystems located 
there from the warm solar panels. 

* 	 Infrared emissivity values assumed for the internal 
surfaces of the spacecraft are as follows 

E 

A Inside surface of spacecraft panels 0.85 
A Outside surface of optical bench insulation 0.03 

A Inside surface of optical bench insulation 0.9 
A Outside surface of solid-state detector 0.03 
A All other components 0.9 
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Cp K 

Thickness Density B Btu 
Item Type (in.) (Ibm/ft3) klbm-'F (H-r-ft-F 

Coverslide DOW 0211 0.006 138.0 0.17 0.77 

Adhesive SYL-182 0.003 65.5 0.25 0.145 

Solar Cell Soldered 0.0125 153.5 0.17 0.77 

Adhesive SYL-140 0.004 65.5 0.25 0.145 

Dielectric Micaply 0.004 67.4 0.24 0.18 

Adhesive RTV-118 0.004 66.1 0.25 0.145 

Aluminum 5052-H38 0.008 167.2 0.22 70.0 

Adhesive Narmco- 0.018 63.6 0.23 0.145 
328 

Honeycomb 5052-H38 0.359 3.1 0.22 0.9 

Adhesive Narmco- 0.018 63.6 0.23 0.145 
1 328 

Aluminum 5052-H38 0.008 167.2 0.22 70.0 

FIGURE 7-7. STRUCTURAL MODEL ASSUMED IN DERIVATION OF THERMAL
 
PROPERTIES OF HEAO-C SOLAR PANELS
 



* The assumed contact conductance value for heat transfer 
between Invar members and the insulation surrounding 
the optical bench was 30 Btu/hr-ftz-°F (Ref. 7-9). 

* 	 Thermal properties assumed for the multilayer 
insulation are as follows 

2. 	5 x I0 - 5 Btu
A 	 Thermal conductivity, K (normal) = 

hr-ft-°F 

3.0 x 1 0 - Z Btu
" 	 Thermal conductivity, K (parallel) = 

hr-ft- ° F 

" 	 Density, p = Z. 5 b 

Btu
 
A Specific heat, Cp 0.3ibmF
 

* 	 Gray-body interchange factors required in the calculation of 
radiation conductances between nodes inside the spacecraft 
were evaluated by the digital computer program described 
in Reference 7-10. 

* 	 Each of the subsystem components outside the optical bench 
was considered to be attached to the spacecraft skin via 
four cylindrical mounts. The diameters of these mounts 
were assumed to be 1 inch for the larger components, and 
0.5 inch for the smaller components. The contact con
ductance between the mounts and the skin was assumed to 
be 3, 000 Btu/hr-ft2-°F. Small components with small 
internal heat generation rates were assumed to be isolated 
from the skin by insulative mounts to prevent them from 
becoming too cold. 

The thermal model described above was input into the Chrysler 

CINDA program. The temperature responses of the 363 nodes were 

then calculated by the program for a simulated period of 50 hours 

(approximately 31 orbits) after orbit insertion, considering the 

entire spacecraft to be at an initial temperature of 700F. 
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The estimated weights of the various items included in the 

thermal control system are presented in Table 7-3. 

TABLE 7-3. THERMAL CONTROL SYSTEM WEIGHT
 

Item Weight (Ib)
 

Multilaydr Insulation Surrounding Optical Bench (1.5 in.) 203
 

Multilayer Insulation Behind Solar Panels 72
 

External Thermal Control Coating 80
 

Internal Thermal Control Coating 80
 

Heaters Inside Optical Bench 10
 

TOTAL 445
 

DISCUSSION OF RESULTS 

Spacecraft Oriented Broadside-to-Sun 

Cases I and II of Figure 7-3 illustrate the broadside-to-Sun 

spacecraft orientation with the angle p equal to its maximum and 

minimum values of 58. 5 degrees and 0 degree, respectively. The 

predicted -orbital histories of the incident environmental heat flux on 

the thermal control filter and of the resulting filter temperature are 

presented in Figures 7-8 and 7-9 for Cases I and II, respectively. 

Since the filter is oriented parallel to the solar vector, it receives no 

solar flux for orientation Cases I and IL. 

It is noted from Figures 7-8 and 7-9 that the thermal control 

filter undergoes rather large temperature excursions during orbit, 

between the extremes of approximately 55fF and 99°F. Temperatures 
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FIGURE 7-8. DIRECT INCIDENT HEAT FLUX ON THERMAL CONTROL FILTER DURING ORBIT AND RESULTING FILTER
 
TEMPERATURE RESPONSE FOR CASE I ORIENTATION
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FIGURE 7-9. 	 DIRECT INCIDENT HEAT FLUX ON THERMAL CONTROL FILTER DURING ORBIT AND RESULTING
 
TEMPERATURE RESPONSE FOR CASE II ORIENTATION
 



of the half of the filter covering the high resolution (H. R. ) telescope 

are generally greater than those of the half covering the large area 

(L.A.) telescope because of greater shading of the latter half by the 

extended mosaic crystal. Although the operating temperature levels 

of the experiment packages inside the optical bench are dependent on 

the operating temperature range of the filter, the large temperature 

excursions experienced by the filter during orbit will not be experienced 

by the components inside the bench. This is because of the thermal 

resistance between the filter and components and the large thermal 

inertia of the components. This fact is illustrated by the results 

presented in Figures 7-10 and 7-11. 

Figure 7-10 illustrates the predicted operating temperature 

envelope of the optical bench truss structure after 50 hours in orbit 

for Cases I and II. Careful examination of the predicted temperature 

responses of the massive optical bench structure and of the experimental 

packages inside the bench indicated that they were very near cyclic 

equilibrium after the simulated 50 hours in orbit. As shown in Figure 

7-10, the optical bench structure remains within the allowable tempera

ture limits of 70'F =: 10'F after being spaceborne for 50 hours, and 

exhibits very small transient variations in temperature during orbit. 

The temperature shown in Figure 7-10 for each longitudinal station 

along the optical bench represents the average value of the members 

at that cross section. However, the results of the thermal analysis 

indicate that at any instant the temperatures of the various truss mem

bers will be uniform to within 1 °F at the viewing end of the optical 

bench, and within approximately 0. 2°F at any other cross section along 

the length of the bench. Therefore, thermal bending of the optical 

bench due to lateral temperature differentials will be extremely small. 

The predicted operating temperature envelopes of the telesope 

mirrors after 50 hours in orbit for Cases I and II are presented in 
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Figure 7-11. As shown in this figure, the predicted axial temperature 

differential between the viewing ends and the aft end of the mirrors is 

approximately 5°F. The operating temperatures of both telescope 

mirrors are predicted to remain well within their allowable limits 

of 70'F : 10* F. It is noted that the telescope mirror temperature 

distributions are very stable during orbit, as illustrated by the narrow 

width of the temperature envelopes, with a maximum transient variation 

at the viewing end of approximately 10F. 

The predicted operating temperature extremes of the experi

ments and system components for Cases I and II are compared with 

their allowable temperature limits in Table 7-4. Examination of 

Table 7-4 reveals that the predicted operating temperatures of all 

experiments and system components remain within their allowable 

limits. The experiment and component locations are depicted in 

Figures 2-1 and 3-2. The acceptable operating temperature predictions 

presented in Table 7-4 were obtained only after a few design inter

actions on the thermal control coating properties and insulation 

thicknesses. 

The predicted orbital temperature histories of the spacecraft 

solar panels and the backside panel are presented in Figures 7-12 

and 7-13 for Cases I and II of Figure 7-3, respectively. The pre

dicted maximum surface temperature of the center solar panel is 

approximately ZZ0F for Case I (1 = 58. 5 degrees) and approximately 

210°F for Case II (P = 0 degree). Comparison of these predicted 

maximum solar panel temperatures with those of other spacecraft, 

e.g., Skylab-A (21ZF maximum) and HEAO-A (190'F maximum), 

reveals that the HEAO-C configuration analyzed herein would be sub

ject to a relatively large power conversion penalty due to the high 

solar panel temperatures. Moreover, the predicted temperature of 

220'F exceeds the recommended maximum value of 212'F which is 
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TABLE 7-4. PREDICTED EXPERIMENT AND SUBSYSTEM OPERATING
 
TEMPERATURE EXTREMES
 

Experiments 


Scintillation Counter 

Monitor Proportional Counter 

Monitor Proportional Counter
 

Electronics 

Mosaic Crystal 

H.R. Crystal Spectrometer 
H.R. Image Detector 

H.R. Image Detector Electronics 

Solid State Detector 

Solid State Detector Electronics 

L.A. Image Detector 


Electronics 

Multiple Polorimeter 

Multiple Polarimeter Electronics 

Flat Crystal Spectrometer 

Flat Crystal Spectrometer
 

Electronics 

Fine Flare Detector 

Fine Flare Detector Electronics 

Coarse Flare Detectors (2; fwd. end). 

Coarse Flare Detectors (2; aft. end) 

Coarse Flare Detector
 

Electronics (2; fwd. end) 

Coarse Flare Detector
 

Electronics (2; aft. end) 


System Components
 

Charger Battery Regulator Modules (9) 

Load Distributor (2) 

Control Moemnt Gyros (6) 

Tape Recorders (4) 

Switching Network (2) 

Power Combiner 

S-band Decoder/Transmitter 1 

S-band Decoder/Transmitter 2 

Command Decoder 

Signal Conditioner 

Connand Receiver 1 

Command Receiver 2 

S-band Power Amplifier 1 

S-band Power Amplifier 2 

Computer 

Gas Bottle and Valves (2) 

Multiplexer 

Solar Combiners (7) 

Aspect Detector 

Aspect Detector Electronics 

Electromagnetic Control Torques (3) 


TEMPERATURE, 0F
 

B = 0 deg 0 = 58.5 deg Allowable
 

69 70 14 to 86
32 to 33 31 to 32 14 to 86
 

91 to 92 96 160 Max. 
-56 to -60 -71 to -75 Unknown 

79 79 14 to 86 
79 79 14 to 86 
93 94 160 Max. 

86 to 87 86 to 87 14 to 86t 

50 49 160 Max. 
80 80 14 to 86 

61 to 62 60 160 Max. 
79 79 14 to 86 

50 to 53 44 to 45 160 Max. 
70 70 - 14 to 86 

22 to 24 5 to 6 160 Max.
 
72 to 73 73 to 74 Unknown 

85 89 160 Max. 
- 2 to - 3 -19 to -20 Unknown 
12 to 14 -18 to -27 Unknown 

32 , 41 18 , 28 160 Max. 

54 , 62 42 , 51 160 Max. 

29 to 65* 12 to 47* -20 Min. 
33 , 42 18 , 27* 160 Max. 
16 to 89* 0 to 93* -40 to 120 
20 to 29* 5 to 14* 0 to 130 
21 to 25 7 to 9 160 Max. 
21 to 23 5 to 6 Unlimited 
11 to 15 - 4 to - 1 160 Max; 
39 to 42 25 to 27 160 Max. 

50 38 160 Max. 
87 to 88 77 to 78 160 Max. 
32 to 33 19 to 20 160 Max. 
24 to 26 11 to 12 160 Max. 
41 to 55 28 to '44 160 Max. 
67 to 81 56 to 70 160 Max. 
83 to 84 69 to 70 0 to 120 
34 , ' 4 19 , -13 Unknown 
30 to 32 18 to 19 160 Max. 
84 to 174* 90 to 177* -85 to 374 

73 73 to 74 14 to 86
 
85 89 160 Max.
 

-8,8, 20 -20, -23, 3 -30 to 120
 

*Signifies that variations are primarily due to location, rather than to
 

transient effects
 
tRefers to exterior surface
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based on previous experience with Apollo Telescope Mount (ATM) 

solar cell modules (Ref. 7-11). These relatively high predicted solar 

panel temperatures result primarily from the thicknesses of multilayer 

insulation located directly behind the solar panels (0. 5 inch) and sur

rounding the optical bench (1. 5 inches), which block radiative heat 

transfer from the solar panels to the backside of the spacecraft. 

It is also important to note that the predicted solar panel 

temperature histories presented in Figures 7-12 and 7-13 represent 

nominal environmental heating conditions. Off-nominal variations 

in 	 pertinent parameters, e. g. , solar, albedo, and planetary environ

mental constants, solar absorptivity, ernissivity, and power conversion 

efficiency values, could result in even higher solar panel surface 

temperatures. Therefore, it will be important in subsequent studies 

.to 	investigate possible "worst case" boundary heating conditions to 

insure prediction of the maximum expected solar panel surface 

temperature. Moreover, alternate designs and thermal control 

methods for reducing the solar panel surface temperature should be 

investigated. The following design alternatives for reducing solar 

panel temperatures are recommended for investigation: 

o Selection of a spacecraft orientation having no solar 
panel positioned exactly perpendicular to the solar 

vector. This would provide reduced solar panel 
temperatures, hopefully without incurring an excessive 
penalty in available power. This method would take 

advantage of the tradeoff between reduced power output 
with reduced projected area and increased power output 
with reduced solar panel temperature. 

* 	 Elimination of the separate 0.5-inch thickness of multi

layer insulation which was assumed to be directly in contact 

with the backsides of the solar panels. This would permit 

slightly increased heat transfer from the backsides of the 

solar panels and would lower the solar panel temperatures 

to some extent. If this modification is adopted, additional 

insulation might have to be added to the 1. 5-inch insulation 

thickness surrounding the optical bench to protect the bench 
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structure and experiments therein. In addition, individual 
shielding of the subsystems adjacent to the warm solar 
panels may be required. 

* 	 Incorporation of circumferential heat pipes into the space
craft skin to efficiently conduct heat from the solar panels 
to the backside of the spacecraft and thereby reduce the 
solar panel temperatures. It is noted, however, that 
reduction of the solar panel temperatures using this method 
will only be accomplished at the expense of raising the heat 
rejection temperature of the components located at the 
backside of the spacecraft. 

* 	 Folding out of the two side solar panels to provide increased 
heat rejection by radiation from their backsides and improved 
heat conduction from the center solar panel. The anticipated 
effect would be an approximate equilization of the temperature 
response of all three panels, and reduction of the temperature 
level of the center panel. 

* 	 Folding out of the center solar panel or employing a corregated 
surface design for the center panel to reduce the angle of 
solar incidence and the surface temperature level. 

* 	 Employing a thermal capacitor, incorporating a suitable 
phase change material, directly behind the solar panels to 
absorb heat during the sunlit fraction of the orbit and to reject 
it during the shaded fraction. This addition would reduce 
both the level of solar panel temperature and the fluctuation 
of temperature during orbit. 

The predicted orbital history of the surface temperature 

differential, between the center solar panel and the backside of the 

spacecraft structure ATrnax is presented in Figure 7-14 for Cases I 

and II. The temperature difference between these two locations is the 

maximum for any two points separated by 180 degrees on the circum

fence of the spacecraft. The parameter ATmk is important in deter

mining the lateral deflection, or "hot dogging", of the spacecraft 

structure due to thermal stresses. From Figure 7-14 it can be seen 

that the maximum predicted value of ATmax during orbit is approximately 
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220°F. Since the spacecraft structure was initially designed to permit 

a lateral deflection limits resulting from a ATmax of 366°F (Section 4), 

it is obvious that the actual lateral deflection of the spacecraft structure 

will be well within the established limits. 

Spacecraft Axis Inclined 15 Degrees Toward the Sun 

Another design requirement for the HEAO-C spacecraft is to 

have the capability'to view sources located as much as 15 degrees off 

the normal to the solar vector. These sources are to be viewed for an 

indefinite period of time. This pointing mode is illustrated as Case III 

in Figure 7-3; it provides the worst case continuous heat rejection 

requirement for the thermal control filter, since the filter is oriented 

15 degrees toward the Sun. 

The predicted orbital histories of the incident environmental
 

heat flux on the thermal control filter and of the resulting temperature
 

response of the filter after cyclic equilibrium are presented in Figure
 

7-15 for the Case III spacecraft orientation. As shown in Figure 7-15,
 

the predicted filter temperature cycles between the values of 128°F
 

.and 212°F for this case. 

Figures 7-16 and 7-17 present the predicted longitudinal tem

perature distributions of the optical bench structure and of the telescope 

mirrors, respectively, after a simulated orbit time of 69 hours. In 

performing the thermal modeling of the Case III orientation, it was 

assumed that the entire spacecraft was at a uniform initial temperature 

of 70°F prior to being subjected to the predicted environmental heat 

fluxes. The maximum predicted bench and mirror temperatures are 

153 0 F and 174 0 F, respectively; both of which greatly exceed the upper 

limit of 80°F. 

Examination of the predicted spacecraft temperature response
 

revealed that the temperatures of the optical bench and telescope
 

mirrors were still climbing after the simulated 69 hours in the Case
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III pointing mode. The slow temperature responses of these items 

result primarily from their large thermal capacitances. The tempera

tures of the viewing ends of the optical bench structure and of the tele

scope mirror tend to follow the orbital average temperature of the 

thermal control filter, which is approximately 1840F for Case Ill. 

These bench and mirror temperatures would continue to rise to slightly 

above the average filter temperature because of the experiment heat 

load which must be rejected from the bench. 

Predicted temperatures of other experiment packages inside 

the optical bench after the simulated 69 hours of orbit time ranged up 

to 1500F, and were still rising. The predicted temperature of com

ponents located outside the optical bench were essentially unchanged 

from those predicted for the Case I orientation. The predicted maxi

mum temperature of the center solar panel was approximately 215°F 

for the Case III pointing mode, as shown in Figure 7-18. This 

temperature is 5 degrees cooler than was predicted for the broadside

to-Sun (Case I) orientation. 

From the results of the spacecraft thernial analysis for the 

it is apparent that the maximum temperatureCase III pointing mode, 

limits of all components inside the 6ptical bench would be exceeded if 

an aluminized Mylar thermal control filter were utilized with no Sun 

shade. Therefore, successful thermal control of the experiments 

during the Case III orientation will be achieved only if the optical 

of the thermal control filter are modified to reducecharacteristics 

the absorbed solar energy or if a Sun shade is deployed. 

Spacecraft Axis Inclined 30 Degrees Toward the Sun 

One of the HEAO-C spacecraft design requirements is to pro

of X-ray emissions at pointingvide a capability to view sudden flares 

angles between the spacecraft axis and the solar vector as small as 

60 degrees (30 degrees off the normal broadside-to-Sun orientation). 
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Therefore, occasions may arise when the viewing end of the space

craft is temporarily inclined toward the Sun as much as 30 degrees. 

This orientation is illustrated by Case IV of Figure 7-3. The maxi

mum duration of the Case IV orientation is estimated to be one orbit 

per day. 

The predicted histories of the incident environmental heat 

flux on the thermal control filter and of the resulting filter tempera

ture for Case IV is presented in-Figure 7-19. In producing the results 

presented in Figure 7-19, it was assumed that after being in orbit for 

50 hours broadside to the Sun, the spacecraft axis is shifted 30 degrees 

toward the Sun at the time in orbit when the spacecraft emerges from 

the Earth's shadow, and that this attitude is maintained for a period 

of one orbit. As shown in Figure 7-19, the predicted thermal control 

filter temperature rises rapidly to a maximum value of 215°F as a 

result of the filter being exposed to direct sunlight for approximately 

77 percent of the orbit. However, additional calculations revealed 

that the temperature history of the filter will return to its normal cyclic 

pattern, illustrated previously in Figure 7-8, within the next orbit 

following the shift back to the normal broadside-to-Sun (Case I space

craft orientation. 

The effects of the temporary shift of the spacecraft axis to 

the Case IV orientation on the temperature distributions of the optical 

bench and of the telescope mirrors are illustrated by the results pre

sented in Figures 7-20 and 7-21. Figure 7-Z0 presents the predicted 

longitudinal temperature distribution of the optical bench structure 

at its maximum level during 50 hours of orbit prior to the 30-degree 

off-axis shift, at its maximum level during the orbit in which the 

spacecraft axis is inclined 30 degrees, and during the period of heat 

soak following the return to the normal (Case I) orientation. Twenty 

hours (12 orbits) of heat soak after return to the broadside-to-Sun 
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(Case I) orientation were simulated by the thermal model. As shown 

in Figure 7-20, the predicted optical bench temperature near the 

viewing end rises above its allowable upper limit of 80°F to a maxi

mum value of approximately 91'F during the 30-degree off-axis 

orientation. The predicted temperature response of the aft end of 

the optical bench continues to rise during the period of heat soak to 

a level of approximately 82. 5°F after 20 hours (12 orbits) of heat 

soak. The extended period of temperature rise of the aft end results 

from the fact that heat generation from the detectors continues while 

the temperature differential between the aft end and the viewing end 

(which is the driving force for heat transfer) decreases due to the 

temporary 30-degree off-axis shift. Extrapolation of the predicted 

temperature-time curve representing the thermal response of the aft 

end of the optical bench indicated that the temperature at this location 

would reach a maximum value of approximately 83. 5°F after a period 

of approximately 40 hours of heat soak. 

Figure 7-21 illustrates the predicted effect of the temporary 

shift of the spacecraft axis to the Case IV orientation on the telescope 

mirror temperature history. The predicted transient temperature 

histories of the viewing and aft ends of both the L.A. and H. I. tele

scopes are presented for the orbit during which the spacecraft axis is 

canted 30 degrees and for the period of heat soak following the return 

to the broadside-to-Sun (Case I) orientation. The initial temperatures 

of 70'F and 73°F at the viewing and aft ends of the telescopes represent 

the predicted temperatures of those respective locations at the time in 

orbit when the spacecraft emerges from the Earth's shadow after being 

spaceborne for a period of 50 hours in the Case I orientation. It is 

noted from Figure 7-21tthat the telescope temperatures will rise very 

rapidly after the viewing end of the spacecraft is inclined 30 degrees 
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toward the Sun, although the predicted telescope temperatures remain 

-within the prescribed limits of 70°F L 10'F. The aft ends of both 

telescopes are predicted to reach a maximum temperature level of 

approximately 77°F at the end of the Case IV orbit, while the viewing 

end of the L.A. telescope simultaneously reaches a predicted peak 

temperature of 76°F. The large area telescope temperature was 

predicted to be slightly lower than that of the H. R. telescope because 

of the shading provided by the extended mosaic crystal. 

Figure 7-21 also illustrates that the telescopes will require a 

long period of heat soak to return to their normal temperature levels 

following the sudden shift to the Case IV orientation. This predicted 

slow temperature response results from the large thermal inertia of 

the telescopes and from the relatively small temperature differential 

between the telescopes and the thermal control filter during the heat 

soak period. 

Predicted temperature histories of the solar panels during the 

Case IV orientation are not illustrated herein since the environmental. 

heat flux incident upon the solar panels in the 30-degree off-axis 

orientation, and the resulting temperature response, will be less 

severe than for Cases I, II, and III described previously. 

CONTROL OF HEAO-B AND HEAO-D. SPACECRAFTTHERMAL 

The objectives of this segment of the investigation are to 

examine the thermal control requirements of the HEAO-B and HEAO

areas and to suggestD spacecraft, to identify potential problem 

approaches for accomplishing the thermal control objectives. The 

conclusions presented herein are based on spacecraft and experiment 

to Teledynedescriptions that were transmitted from NASA/MSFC 

Brown Engineering. 
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HEAO-B Mission 

The arrangement of candidate experiments considered for the 

HEAO-B spacecraft is depicted in Figure 7-ZZ. The spacecraft will 

be oriented predominantly broadside to the Sun throughout its orbital 

lifetime of two years. The spacecraft will be placed in a 200-nautical 

mile altitude circular orbit at an inclination of 28. 5 degrees to the 

equator. Following the preferred mission sequence, the spacecraft 

will first perform a galactic scan for a period of one month which will 

be followed by a celestial scan for the next six months. A pointing 

mode will then be maintained for the remainder of the two-year mission. 

During the galactic and celestial scan modes, the spacecraft will spin 

at a rate of approximately 0. 1 rpm about its scan axis, which will be 

aligned within I degree of the solar vector during the celestial scan 

mode and within a few degrees of the galactic plane axis during the 

galactic scan mode. In the pointing mode the spacecraft will be despun, 

and the instruments will be pointed at a selected positions on the celestial 

plane, with target selection at a given time limited by the solar offset 

angle. 

The overall objective of the thermal control system is to main

tain the absolute temperatures and the thermally-induced deformations 

of the system components to within acceptable limits. A general guide

line, which was adhered to in the preliminary design of the HEAO-A 

and HEAO-C spacecraft, is that all internal spacecraft components 

shall be maintained within the operating temperature limits of 14°F to 

86°F, unless otherwise specified. Examination of the thermal control 

requirements of the HEAO-B candidate experiments indicates that the 

magnetic spectrometer experiment and the focusing X-ray experiment 

will pose the most critical thermal control requirements. All other 
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experiments should operate satisfactorily if their average operating 

temperatures are maintained within the guideline limits of 14°F to 86°F, 

which will present no apparent difficulty. 

Magnetic Spectrometer Experiment - The magnetic spectro

meter experiment, described in Reference 7-12, contains a super

conducting magnet having two coils that are submerged in liquid helium 

to maintain a coil temperature of approximately 40 K. Because of the 

long (I to 2 years) mission duration of HEAO-B, the prevention of com

plete boiloff of the liquid helium is an extremely difficult, but necessary, 

thermal control requirement. Reference 7-12 proposes a simple open

cycle thermal control scheme wherein a highly-effective dewar is 

filled with a sufficient amount of liquid helium (889 pounds for a one

year mission) to permit experiment operation for the desired lifetime 

based on a predicted total heat leak rate (206 mW for a one-year 

mission). 

The dewar thermal protection system is designed to isolate 

the helium from the environment with a minimum heat leak into the 

helium storage vessel. The total heat leak rate of Z06 mW is com

posed of heat leaks of 16.8 mW through the superinsulation, 189 mW 

through the tank supports and 0. 2 mW through plumbing components. 

Protection from thermal radiation between the outside and inside tank 

walls is provided by a combination of passive and active shielding. 

Passive shielding consists of multiple layers of doubly aluminized 

Mylar with a layer density of approximately 67 layers per inch inside 

the evacuated annulus. Passive shielding alone would require an 

excessively large insulation thickness to reduce the heat leak through 

the insulation to the design level of 16.8 mW. For this reason, it is 

proposed in Reference 7-12 to add intermediate, actively cooled 

which are cooled by theradiation shields inside the annular space, 
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effluent heluim vapor. Thus, the refrigerating capacity of the vaporized 

helium is used to reduce the temperature levels of the intermediate 

shields. 

It is obvious that successful operation of the experiment using 

this thermal control concept will require careful analysis, development 

and testing of the proposed vapor cooling concept and of low heat leak 

structural supports for the helium vessel. It is important to note that 

the required initial weight of stored helium increases from 889 pounds 

to 2, 027 pounds as the desired experiment lifetime is increased from 

one to two years, as reported in Reference 7-12. Correspondingly, 

the outside tank dimensions must be increased from 71-inch diameter 

and 69. 6-inch length to 91. 5-inch diameter and 90-inch length as the 

experiment lifetime is increased from one to two years. These increases 

in weight and size of the magnetic spectrometer experiment will impact 

the arrangement of the other experiments if a two-year experiment 

lifetime is desired. 

An alternate approach for thermal control of the magnetic 

spectrometer experiment which would possibly result in a weight savings 

and increased experiment lifetime would utilize a closed cycle refrigera

tion system. According to Reference 7-13, miniature refrigerators 

which utilize reciprocating machinery to execute the Brayton or Claude 

cycle are under development for application to operating conditions 

similar to those required by the magnetic spectrometer experiment. 

To achieve the required reliability, a novel approach is used in com

pressor design wherein the pistons are rotated as well as reciprocated. 

This permits the use of ports to control gas flows and clearance seals 

to limit leakage. Electromagnetic actuators drive the pistons. The 

relatively few moving parts are completely supported on self-acting 

gas bearings, thus eliminating rubbing. or sliding surfaces as in con

ventional reciprocating refrigerators. 
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Figure 7-23 shows the estimated weight of a closed-cycle 

refrigerator system as a function of temperature and cooling load' 

(Ref. 7-13). Assuming a maximum total cooling load of 1 watt and 

an evaporator temperature of 4 0 K, Figure 7-23 indicates a total 

regrigeration system weight of approximately 300 ibm, including the 

weight of the power supply, power conditioning equipment, refrigerator 

and space radiator. Preliminary calculations indicate that the total 

heat leak into the helium tank can be maintained below a maximum of 

1 watt with a thickness of superinsulation of approximately 5 to 6 

inches, without using the effluent vapor cooling scheme proposed in 

Reference 7-12. This insulation requirement calculation is based upon 

the heat leak component through the tank supports to be 0. 189 watt, 

as estimated in Reference 7-12. 

Therefore, the utilization of a closed cycle refrigeration sys

tem could result in a maximum weight savings of approximately 589 lbm 

compared with the proposed stored helium concept, based on an 

experiment lifetime of one year. Realization of this maximum weight 

savings would require elimination of the entire 889 Ibm of stored 

helium as specified in Reference 7-12. Since it would probably be 

desirable to keep the coil submerged in a small amount of liquid 

helium, even with the closed cycle refrigeration system, the maxi

mum weight savings could not be fully realized. However, the weight 

savings to be gained from using a closed cycle refrigeration system 

becomes more significant when an experiment lifetime of two years 

is considered. This is because the refrigeration system weight is 

virtually independent of experiment lifetime (urless reliability con

siderations dictate a redundant system), whereas the required weight 

of stored helium for the concept proposed in Reference 7-12 more than 

doubles as the experiment lifetime is increased from one to two years. 
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In a comparison of the relative merits of a closed cycle refrigera

tion system versus the proposed stored helium concept, one must first 

establish whether a proven mechanical refrigeration system will be 

available by the desired launch date. Reference 7-12 is not conclusive 

in this regard. In addition, the potential weight savings of the closed 

cycle refrigeration system must be traded against the apparent improve

ment in simplicity of the stored helium concept. However, the pro

posed utilization of effluent helium vapors for active cooling of the 

radiation shields tends to degrade the simplicity and reliability of the 

stored helium concept due to the additional control requirements and 

the increased possibility of vapor leakage into the evacuated annular 

space occupied by the multilayer insulation. Infiltration of the multi

layer insulation by helium vapors would result in reduced experiment 

lifetime due to degraded insulation performance and increased boiloff. 

Since isentropic efficiencies of the mechanical refrigeration system 

components are expected to be in the range of 80 percent (Ref. 7-13) 

the power requirement is not expected to be large enough to impose 

a critical requirement on the power supply. 

Focusing X-Ray Experiment - There are two areas of concern 

relative to the thermal effects on the operation of the focusing X-ray 

experiment: 

* 	 Effects of thermally induced deformations of spacecraft 
structure on the experiment focal plane tolerances 

* 	 Thermally induced structural distortion of the grazing 
incidence X-ray mirrors inside the viewing package. 

The former effect arises primarily because of the experiment's long 

length (--,26 feet). The experiment will likely be calibrated in the 

laboratory where the mounting structure will have a particular tem

perature distribution. After the experiment becomes operational in 
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space, uneven environmental heating of the structure will result in 

a temperature distribution which may be considerably different from 

that at which the experiment has been calibrated. The relative deflec-' 

tions of the structural members resulting from the new temperature 

distribution could cause an excessive change in the location of the 

focal plane. 

Since the magnitudes of the thermally induced deflections will 

be proportional to the coefficient of thermal expansion of the experi

ment mounting structure, consideration of a structural material which 

is relatively insensitive to temperature gradients, e.g. , reinforced 

plastic or Invar, will be advantageous. An approach for controlling 

the focal plane position would consist of utilizing a low-expansion 

material in the construction of a mounting structure, similar to the 

HEAO-C optical bench, which is thermally and mechanically independent 

from the primary spacecraft structure. The criticality of minimizing 

thermal gradients in the experiment mounting structure would then be 

reduced drastically. An alternative approach would be an active 

focusing system to reposition the detectors to the focal plane in the 

event of excessive thermally induced deformations. An active system 

is undesirable, however because of its inherent reliability penalties. 

Moreover, it would not solve the problem of defocusing due to X-ray 

mirror distortions. 

Excessive variations in the temperature levels of the mirrors 

or of their supporting structure would result in distortions of the mirror 

contours which would cause defocusing. Moreover, nonuniform cir

curnferential or axial temperature distribuiions are both conditions 

which could lead to excessive distortions of the mirror contours and 

defocusing. Therefore, considerable care must be taken in the thermal 

design of the mirror package to insure that both the levels and gradients 

of mirror temperature remain within acceptable limits during orbit. 
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The mirrors are particularly susceptible to large excursions 

in temperature due to their nearness to the constantly changing environ

ment. Utilization of a thin thermal control filter between the mirrors 

and the environment, similar to the HEAO-C concept, would reduce the 

transient temperature excursions of the mirrors. Small resistance 

heaters may be required to maintain the mirror temperatures during 

periods of exposure to deep space. Undesirable circumferential or 

axial temperature gradients in the mirrors or in their supporting 

structure could be eliminated through the integration of heat pipes 

into their structure. The heat pipes would conduct excess heat almost 

isothermally from potential hot spots to cooler locations on the mirror 

structure, thus maintaining auniform mirror temperature distribution. 

HEAO-D Mission 

The proposed experiment arrangement for the HEAO-D space

craft is illustrated in Figure 7-24. Of the experiments shown, only 

the magnetic spectrometer experiment poses unusually difficult thermal 

control requirements. The configuration of this experiment to be con

sidered for the HEAO-D mission differs from that considered for the 

HEAO-B mission since only one coil (rather than two) is to be con

sidered for HEAO-D. 

In addition to the thermal control considerations discussed pre

viously for this experiment, the single coil arrangement impacts the 

spacecraft thermal control system drastically, since a constant space

craft orientation is no longer possible. This is explained by the fact 

that the electromagnetic field generated by the, coil is not cancelled by 

that from a second coil. Hence, the magnetic field of this experiment 

interacts with the Earth's magnetic field, causing continuous reorienta

tion of the spacecraft. This phenomenon will require either solar panels 
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mounted over the entire spacecraft skin or moveable solar panels. 

Because of the inherently large absorptivity of solar panels, the former 

arrangement would result in an excessively warm (=150°F) spacecraft. 

Moveable solar panels would be difficult to control considering the 

rapidity of the spacecraft reorientation, and would consume a relatively 

large amount of power for repositioning devices alone. In addition, 

the design of a feasible thermal control system to maintain the space

craft experiments and subsystems within required temperature limits 

under the conditions of constantly changing spacecraft orientation 

could prove to be a difficult task. 

CONCLUSIONS 

Based on the results of the HEAO-G thermal analysis described 

herein, the following conclusions about this mission may be drawn: 

e 	 The thermal control concept proposed in Reference 7-1 
will maintain the experiments inside the optical bench 
within their allowable temperature and thermal deflection 
limits using an aluminized Mylar thermal control filter 
during the broadside-to-Sun (Cases I and II of Figure 7-3) 
orientations. 

* 	 A modified thermal control filter and/or a deployable 
Sun shade will be required to maintain the optical bench 
temperature below the allowable limit for orientation 
Cases III and IV (Figure 7-3) with the viewing end inclined 
15 degrees toward the Sun continually or 30 degrees toward 
the Sun for one orbit per day. 

* 	 Design modifications will be required to prevent the sur
face temperature of the center solar panel from exceeding 
the recommended upper limit of 212°F during the Case I, 

broadside-to-Sun, orientation (220' 0Ff predicted). Modifi

cations which are recommended for investigation include: 

A 	 Folding out of the side solar panels to permit more 

efficient heat rejection from their backsides and thus 
to provide an improved path of heat conduction from 

the center solar panel. 
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A 	 Incorporation of circumferential heat pipes into the 
spacecraft skin to efficiently conduct excess heat 
from the solar panels to the cooler backside of the 
spacecraft. 

A 	 Incorporation of a phase change material into the 
honeycomb substrate of the solar panels to act as 
a thermal capacitor. Excess heat would be absorbed 
by the phase change process during the sunlit portion 
of the orbit and would be rejected to space while the 
spacecraft is in the Earth's shadow. 

A 	 Specification of a spacecraft orientation in which the 
center solar panel is not oriented exactly perpendi
cular to the solar vector. An evaluation of the trade
off between the reduction in solar panel temperature 
and the reduction in the available power due to decreased 
projected area will determine whether this concept is 
beneficial. 

* 	 The remaining subsystems can be maintained within their 
allowable operating temperature limits using conventional 
thermal control techniques. 

* 	 The predicted transverse temperature difference across the 
spacecraft (220°F predicted) is well within the design limit 
of 366 0 F, and hence the thermally-induced bending of the 
spacecraft structure will be within design limits. 

The following potential problem areas and subjects for further 

investigations have been identified for the HEAO-B and HEAO-D missions. 

* 	 HEAO-B Mission 

A Limiting the liquid helium boiloff of the magnetic 
spectrometer experiment to the design values is based 
upon the use of vapor cooled intermediate radiation 
shields and low heat leak structural supports. These 
components will require careful analysis, development 
and testing to insure proper operation. 

A 	 The use of a closed cycle refrigeration system for 
cooling of the magnetic spectrometer experiment should 
be investigated. 
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A 	 Thermal control of the focusing X-ray experiment 

within narrow limits is expected to pose some problems. 

* 	 HEAO-D Mission 

A 	 Prevention of liquid helium beiloff from the magnetic 
spectrometer experiment will be difficult, as in the 
HEAO-B mission. 

A 	 The single coil configuration of the magnetic spectro
meter experiment proposed for this mission will greatly 
affect spacecraft attitude. This is expected to pose 
added thermal control problems. 
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8. ELECTRICAL POWER SYSTEM
 

DESIGN REQUIREMENTS 

The design requirements for the HEAO-C electrical power 

system have been derived from the operational requirements of the 

experiments and spacecraft and, in many cases, are supplemented 

by design goals in excess of the requirements. The general design 

requirements are: 

* 	 Delivery of adequate electrical power to the using loads 

* 	 Delivery of regulated 28 volt dc power to the using loads 

* 	 Operation in a circular Earth orbit of 300 nautical miles 
altitude inclined at 35 degrees to the equator 

* 	 Continuous operation through solar illumination angles 
of 0 to ± 15 degrees and operation for one orbit per day 
with the solar illumination angle as large as ± 30 degrees 

* Lifetime of one year 

The general design goals are: 

* 	 Lifetime of two years 

* 	 Modular design 

* Use of low cost, highly reliable, proven components. 

The specific design requirements and goals are defined in the follow

ing 	paragraphs. 

Electrical Power Load Requirement 

The loads to be supplied with electrical power are delineated 

in the following list. 
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* Experiments 
* Attitude sensing system 
* Attitude control system 
* Communications and data handling system 
* Thermal control system. 

The electrical power requirements of the individual elements of the 

experiments are listed in Table 8-1. Included in this listing is the 

identification of the combination of experiment elements which, when 

operated simultaneously, present the maximum experiment power 

requirements. Because the frequency and duration of use of the com

binations of elements is not predictable, no power profile or composite 

average power load requirement has been established. 

The electrical power requirements of the individual elements of 

the attitude sensing system are listed in Table 8-2. The total peak and 

average powers are listed in this table. All components of this system 

operate continuously except for the Sun sensors, which are used only 

for initial Sun acquisition. If attitude reference is lost at some point 

in the mission, the Sun sensors would probably be required again. 

The electrical power requirements of the individual elements 

of the attitude control system are listed in Table 8-3. The total peak 

and average powers required are listed in this table. As indicated, 

the peak power load is primarily associated with operation of the control 

moment gyros. The CMGs for which these loads were sized are the 

Sperry Model 100 units, which produce 100 ft-lbf-sec of angular momen

tum. Although units of smaller capacity would be adequate for the 

subject mission, as discussed in Section 6, the Sperry units are sized 

because they represent the closest size in proven hardware. The con

ceptual HEAO-C spacecraft design includes six CMGs; average power 

is 15 watts per unit and peak power is 60 watts per unit. The peak CMG 
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TABLE 8-1. EXPERIMENTS POWER REQUIREMENTS
 

Power Required (W)
 

Combination for
 
Load Element Element Max. Exp. Power
 

High Resolution Telescope
 

H.R. Image Detector 13.5 13.5
 

H.R. Image Detector Electronics Module 19.0 19.0
 

H.R. Crystal Spectrometer 21.0 --

H.R. Experiment Transport Mechanism 6.0 --

Transmission Grating 6,0 --

Filter Wheel 6.0 --

Large Area Telescope
 

L.A. Image Detector 1.0 1.0
 

L.A. Image Detector Electronics Module 13.5 13.5
 

Multiple Polarimeter 1.0 1.0
 

Multiple Polarimeter Electronics Module 8.6 8.6
 

Solid State Detector 2.0 2.0
 

Solid State Detector Electronics Module 6.2 --


L.A. Experiment Transport Mechanism 6.0 --


Mosaic Crystal 6.0 --


Mosaic Crystal Electronics Module 0.5 --


Mosaic Crystal Deployment Structure 6.0 --


Flare Detectors
 

Course Detectors (4) 4.0 4.0
 

Course Detectors Electronics Modules (4) 25.6 25.6 

Fine Detector 1.0 --

Fine Detector Electronics Module 6.4 -

11.0
Scintillation Counter 11.0 


Monitor Proportional Counter 1.0 1.0
 

Monitor Proportional Counter Electronics
 
8.0
Module 8.0 
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TABLE 8-1 - Concluded
 

Power Required (W)
 

Combination for
 
Load Element Element Max. Exp. Power
 

Flat Crystal Spectrometer 2.0 
 2.0
 

Flat Crystal Spectrometer Electronics
 
Modules 15.0 15.0
 

Computer 145.0 145.0
 

Aspect Detector 8.0 8.0
 

Aspect Detector Electronics Module 6.0 6.0
 

TOTAL 284.2
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TABLE 8-2. ATTITUDE SENSING SYSTEM POWER'REQUIREMENTS
 

Power Required (W)
 

Load Element Average Peak 

Star Trackers (2) 50 50 

Reference Gyros (3) 30 30 

Coarse Sun Sensor (8) - 1 

Fine Sun Sensor - 1 

Gyro and Sun Sensor Electronics 5 5 

TOTALS 85 87 

TABLE 8-3. ATTITUDE CONTROL SYSTEM POWER REQUIREMENTS
 

Power Required (W)
 

Load Element Average Peak
 

Control Moment Gyros (6) 90 225*
 

Electromagnetic Control Torquers (3) 20 30
 

Magnetometers (3) 5 5
 

Gas Despin System - 5
 

TOTALS 115 265
 

*Power requirements are for six 100 ft-lbf-sec angular momentum gyros.
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power requirement shown in Table 8-3 is an estimate assuming that 

three units are drawing average power and that three units are drawing 

peak power. CMGs would be spun up prior to launch using ground sup

port power. 

The electrical power requirements of the individual elements of 

the communications and data handling system are listed in Table 8-4. 

The total peak and average powers required are listed in this table. 

The peak power load is primarily associated with the operation of the 

S-band traveling wave tube power amplifiers during data transmission. 

The electrical power requirements of the individual elements of 

the thermal control system are listed in Table 8-5. The total peak 

and average powers required are listed in this table. Bench heaters 

are required to maintain the optical bench within the design temper

ature range when the power being used by the bench experiments 

drops below 35 watts. 

The total electrical power required to be supplied to all 

spacecraft load elements is listed in Table 8-6. The total peak and 

average powers required are listed in this table. The total peak 

power listed in the table will occur only if the peak control moment 

gyro requirement and data transmission are performed simultane

ously. If the total peak power does occur its duration will not 

exceed approximately 6 minutes per orbit. 

The design requirements for electrical power to be delivered 

to the loads including a 10% contingency are listed below. 

* Peak power = 1141 watts 
* Average power = 705 watts 
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TABLE 8-4. COMMUNICATIONS AND DATA HANDLING SYSTEM
 
POWER REQUIREMENTS
 

Power Required (W)
 

Load Element Average Peak
 

Command Receivers (2) <1 <1
 

Command Decoder <1 <1
 

Signal Conditioner 8 8
 

Multiplexer 5 5
 

Tape Recorders (4) 8* 25
 

S-Band Decoder/Transmitters (2) 60 60
 

S-Band Power Amplifiers (2) 58 260
 

Beacon Transmitters 8 8
 

TOTALS 147 366
 

TABLE 8-5. THERMAL CONTROL SYSTEM POWER REQUIREMENTS
 

Power Required (W)
 

Load Element Average Peak
 

Optical Bench Heaters 10 35
 

35
TOTALS 10 
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TABLE 8-6. TOTAL HEAO-C POWER REQUIREMENTS
 

Power Required (W)
 

Load Element Average Peak
 

Experiments 284 284
 

Attitude Sensing System 85 87
 

Attitude Control System 115 265
 

Communications and Data Handling System 147 366
 

Thermal Control System 10 35
 

Subtotal 641 1037
 

Contingency (10 percent) 64 104
 

1141
TOTALS 705 
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Other Design Requirements 

Other design, requirements are as follows: 

* 	 Output Voltage - The voltage supplied to the wiring loads 
will be direct current 28 "1:4 volts. 

* 	 Orbital Periods - The period of the 300 n. mi. altitude 

circular orbit is 95.7 minutes. The daytime-nighttime 
extremes are: 

A 74. 7 minutes day
 
A 21. 0 minutes night
 

and
 

A 60. 1 minutes day
 
A 35. 6 minutes night
 

Solar Illumination Angle - The requirement is that the 
spacecraft be capable of continuous operation at an 
attitude where the solar vector makes an angle with the 
middle solar panel from 90 degrees to 75 degrees, and 
that the spacecraft be capable of operating for one orbit 
per day at an attitude where the solar vector angle to the 
middle solar panel is as low as 60 degrees. It is desir
able that the spacecraft be capable of operation with the 
solar vector as low as possible. 

* 	 Lifetime - The minimum lifetime is one year and a two
 
year lifetime is desirable.
 

* 	 Modular Design - Maximum use of modular, interchang-, 
able hardware with maximum commonality is a design 
goal. 

* 	 Component Selection - Maximum use of low cost, highly 

reliable, proven components is a design goal with perfer

ence being given to those components previously qualified 

through testing and/or actual flight use. 
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DESIGN APPROACH
 

Two basic design approaches were formulated and investi

gated. These two approaches differed primarily in the type of 

power source employed; one used solar cell modules and the other 

used radioisotope thermoelectric generators. Both approaches 

were pursued through the development of conceptual design block 

diagrams. 

Solar Cell Module Approach 

The conceptual solar cell module system, shown in 

Figure 8-1 consists of the following major elements. 

* 	 Solar Cell Modules - used to transform solar energy 
into prime electrical power 

* 	 Solar Combiners - used to combine the solar cell 
modules electrical power output for routing to the 
charger-battery-regulator modules 

* 	 Charger-Battery-Regulator Modules - used to provide 
orbital daytime/nightime electrical power conversion 
and storage, and load voltage regulation 

* 	 Load Power Distributors - used to route electrical 
power to the spacecraft loads and to provide load sharing 
and isolation. 

During the daylight portion of the orbit, the solar cell mod

ules mounted on the spacecraft's external structure are illuminated 

and develop electrical energy. The electrical energy developed by 

the modules is combined by the solar combiners, which also provide 

isolation between modules whose electrical outputs are at different 

voltage levels. The combined electrical energy is supplied to the 

charger-battery-regulator modules, where it is regulated and 

routed first to the load distributors and then to the using loads. 
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Input electrical energy in excess of that required to satisfy the using 

loads is routed through battery chargers to batteries at a rate suitable 

for charging. If the input electrical energy is less than that required 

to satisfy the using loads, it is augmented by energy from the batteries. 

During the nighttime portion of the orbit, the electrical energy required 

by 	the using loads is supplied solely by the batteries. 

Critical aspects of the solar cell module design approach 

include the following: 

* 	 Sizing, configuration, and placement for the solar cell 
modules with respect to solar illumination angles 

* 	 Variation of solar cell module electrical energy and 
voltage output with temperature 

* 	 Solar combiner isolation of solar cell modules 

* 	 Battery sizing with respect to depth of discharge and 
resultant battery operating life 

* 	 Load sharing and equalization of load distributors 

a 	 Overall system reliability. 

Radioisotope Thermoelectric Generator Approach 

The conceptual radioisotope thermoelectric generator system, 

shown in Figure 8-2, consists of the following major elements. 

e 	 Radioisotope Thermoelectric Generators - used to pro
vide prime electrical power 

* 	 Regulators - used to regulate prime electrical power 
voltage and to isolate radioisotope thermoelectric 
generators from using loads 

* 	 Load Power Distributors - used to route electrical power 
to the using loads and to provide load sharing and isolation. 
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The radioisotope thermoelectric generators, mounted external 

to the spacecraft, develop the electrical energy which is routed, 

through regulators, to the load distributors and using loads. Critical 

aspects of the radioisotope thermoelectric generator design approach 

include the following: 

* 	 Sizing, configuration, and placement of the radioisotope 
thermoelectric generators with respect to heat dissipation, 
radiation shielding, and spacecraft drag 

* 	 Isolation of radioisotope thermoelectric generators from 
using loads by regulators 

* 	 Load sharing and equalization of load distributors. 

SPECIFIC SOLAR CELL MODULE SYSTEM DESIGN 

The specific solar cell module system design proposed is 

shown in block diagram form in Figure 8-3. The system consists 

of the following major elements. 

* 	 84 Solar Cell Modules - organized in 7 symmetrical 
sections of 12 modules each 

* 	 7 Solar Combiners - one used for each solar cell module 
section 

* 	 9 Charger-Battery-Regulator Modules - 7 used (one each) 
for the solar combiners plus 2 in passively redundant 
configurations 

* 	 2 Load Distributors - I used with 4 charger-battery
regulator modules and 1 used with 3 charger-battery
regulator modules. 

The following paragraphs describe the analyses involved in the system 

and component selection and sizing. 
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System Performance Factor 

The system performance factor is the ratio of solar cell 

module output power to delivered load power. This factor includes 

the losses contributed from straight-through delivery of load power and 

from battery charging. As shown in Figure 8-4, power delivered 

directly from the solar cell modules to the using loads is reduced 

by the transmission losses LT between the solar cell modules and 

the charger-battery-regulator modules, the regulator losses LR, 

and the distribution losses between the charger-battery-regulator 

modules and the using loads LD. Power delivered from the batteries 

is reduced by the regulator losses LR and the distribution losses 

LD between the charger-battery-regulator modules and the using 

loads. Power used to charge the batteries is reduced by the trans

mission losses LT between the solar cell modules and the charger

battery-regulator modules, the battery charger losses LBC and the 

charging losses LB. 

The power delivered from the batteries and consequently the 

solar cell module power required to replace it are, functions of the 

ratio of orbital daytime duration to orbital nighttime duration. The 

period of the HEAO-C orbit is 95.7 minutes. The daytime duration 

of the orbit ranges from 74. 7 to 60. 1 minutes; there is a correspond

ing range of orbital nighttime duration oft21. 0 to 35.6 minutes. 

The specific power losses for the components described in 

detail in later paragraphs are as follows: 

* Transmission losses - 7% 
* Regulator losses - II1% 
* Distribution losses - 10% 
* Battery charger losses - 8% 
* Battery charging losses - 24% 
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Using these values the power losses are described below: 

* 	 Straight-through losses = 77+ l1+ (0.93)+ 10% (0.83) =Z5.5% 

Straight-Through efficiency = 74. 5% 

* 	 Battery power losses = 11% + 10% (. 89) = 19.9% 

Battery power efficiency = 80. 1% 

* 	 Battery charging losses = 7% + 8% (0. 93) + 24% (. 86) = 35.1% 

Battery charging efficiency = 64. 9%. 

The average power required from the solar cell modules PSMl 

to satisfy the average load power PL during the daytime portion of the 

orbit is defined by: 

PSM1 = PL/0 745 = 1. 34 PL. 

The average power required from the batteries PB to satisfy the 

average load during the nighttime portion of the orbit is defined by: 

PB 	= PL/0"801 = 1.25 PL " 

The electrical energy withdrawn from the batteries EB to satisfy the 

average load during the nighttime portion-of the orbit is defined by: 

Orbital Dark Minutes 
EB 	= PB 60 

Orbital Dark Minutes 
= I. 	25 PL 60 

The average power required to replace the electrical energy withdrawn 

from the batteries PB during the daytime portion of the orbit is defined 

by: 

(EB) (60)
PR = Orbital Day Minutes 
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The average power required from the solar cell modules to charge the 

batteries PSM2 is defined by: 

PSM2 = PR/0-649 = 1.54 PR' 

The total average power required from the solar cell modules PSMT 

is defined by: 

PSMT = ISMI + PSMZ 

= 1.34 PL + 1.54 PR 

(EB) (60)= 1.34 PL + 1.54 
Orbital Day Minutes 

34. P + 54 1 Orbital Dark Minutes]
=1 Orbital Day Minutes 

Orbital Dark Minutes 
= 1. 34 PL + 1. 93 PL Orbital Day Minutes 

The system performance factor PF S is defined by: 

Orbital Dark Minutes 
PF S = 1.34 PL + 1.93 Orbital Day Minutes 

PL 

The system performance factor as a function of the nighttime/daytime 

ratio of the 300 nautical mile, 350 inclination orbit in shown in 

Figure 8-5. As shown, the system performance factor varies between 

1.88 and 2.48 (relating to system efficiencies of 53.2% and 40.3%) 

for the range of orbital nighttime/daytime ratios from 0.281 (21. 0 

minute nighttime/74. 7 minute daytime) to 0. 592 (35. 6 minute nighttime/ 

60.1 minute daytime). 

Solar Cell Module Sizing 

The average power required from the solar cell modules to 

supply the using loads is defined by: 
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PSMT = (PL) (PFs) 

Based upon the average load power requirement of 705 watts, the 

required average solar cell module power varies between 1325 watts 

(21.0 minute nighttime/74. 7 minute daytime) and 1748 watts (35.6 

minute nighttime/60. I minute daytime) as shown in Figure 8-5. 

The solar cell modules were considered in two mounting con

figurations. One mounting configuration placed the solar cell modules 

flush along three sides of the octagonal spacecraft, as shown in Figure 8-6. 

The other mounting configuration folded-out panels of the solar cell 

modules are shown in Figure 8-7. In each configuration, 84 solar cell 

modules were employed with 28 mounted on each panel. 

In the basic observation mode, the solar cell modules are 

oriented so that the angle between the solar vector and the perpen

dicular to the middle solar panel is not greater than 15 degrees. This 

orientation may exist continually. In the flare observation mode, the 

spacecraft turns farther off the solar vector, but the solar vector angle 

is limited to 30 degrees from the perpendicular to the middle of the 

solar panel. This orientation exists for a maximum duration of one 

orbit per day. Orientations with solar vector angles of greater than 

30 degrees are special case considerations which may be restricted 

to orbital nighttime operation toe liminate the impact on electrical 

power. 

With the flush mounted solar cell module configuration, the 

solar cell module power availability profile varies as a function of 

orbital nighttime/daytime durations and solar vector angles, as shown 

in Figure 8-8. The power availability profiles for the folded-out 

solar cell module configuration is shown in Figure 8-9. The curves 
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FIGURE 8-6. FLUSH MOUNTED SOLAR CELL MODULE CONFIGURATION
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FIGURE 8-7. FOLDED-OUT SOLAR CELL MODULE CONFIGURATION
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in Figure 8-8 are for single panels, but the curves in Figure 8-9 are 

for all three panels. 

The average solar power available is determined by calculating 

the areas under the curves of Figures 8-8 and 8-9 and dividing this 

area by the duration of the orbit daytime period. The results are 

given for the flush mounted configuration in Figure 8-10 and for the 

folded-out configuration in Figure 8-11. The effect of the degradation 

of the solar modules with time in orbit is shown in Figures 8-10 and 

8-11 by a reduction in power output of 5 percent per year. The aver

age power is greater when the nighttime orbit period is longer because 

in the shorter daytime period, the solar modules do not get so hot and 

therefore produce more power per unit of time. 

By comparison of the power required and the power available, 

the power margin is determined. Figure 8-12 shows the power margin 

in terms of solar cell module power as a function of the orbital night

time duration, solar vector angles, and time in orbit for the flush 

mounted configuration. Figure 8-13 shows the power margin in terms 

of solar cell module power as a function of orbital nighttime duration 

solar vector angles, and time in orbit for the folded-out configuration. 

As shown in Figure 8-12, the solar cell module power available 

with the flush mounted configuration after two years does not satisfy 

that required for orientation of 150 and 30' off the solar vector. 

Figure 8-12 further indicates, however, that the deficiencies occur 

only during the longer nighttime orbits. The deficiency at 15' occurs 

only for orbits with nighttimes in excess of 34. 3 minutes which are

estimated to occur approximately 10 percent of the time. The deficiency 

at 300 occurs only for orbits with nighttimes in excess of 30 minutes. 

which are estimated to occur approximately 35 percent of the time. 
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Further, these deficiencies occur after two years of operation, the 

end of the design goal operational lifetime. 

Charger- Battery-Regulator Module Sizing 

The number of charger-battery-regulator modules required is 

determined as a function of the allowable battery depth of discharge 

which, in turn, is a function of li'fetime. Figure 8-14 shows the typical 

relationship between battery depth of discharge and cyclic life. Based 

upon the one 1 year design requirement cyclic life of approximately 

5, 500 cycles and the two year design goal cyclic life of approximately 

11, 000 cycles, a maximum permissible depth of discharge of 15 per

cent has been chosen. 

The number of charger-battery-regulator modules required is 

defined by the following relationship. 

Average Load X Orbital Nighttime Period in HoursNumber 
Regulator Efficiency X Distribution Efficiency X 28 V 

1
Depth of Discharge 

1
Ampere-Hours per Charger-Battery-Regulator Module 

With the average required load power of 705 watts, the longest orbital 

nighttime of 35.6 minutes, regulator efficiency of 89 percent, distribu

tion efficiency of 90 percent, depth of discharge of 15 percent and 

20 ampere-hours battery capacity, the number of charger-battery

regulator modules required is seven. 

With seven charger-battery-regulator modules, the depth of 

discharge of the batteries as a function of the orbital nighttime duration 

is shown in Figure 8-15. With an average depth of discharge of approx

imately 10 percent as shown in Figure 8-15, the battery cyclic life is 
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projected to be approximately 11, 000 cycles or two years. 

The depths of discharge of Figure 8-15 have been derived 

assuming that adequate solar cell module power will be generated to 

satisfy both the load power and battery charging requirements. As 

shown in Figure 8-12, if the flush mounted configuration is used, less 

than the required power is generated late in the second mission year 

when the solar vector angle is 15 to 30 degrees. The maximum depth 

of discharge that will be be required under these conditions is approx

imately 18 percent. 

Reliability Considerations 

The system configuration of Figure 8-3 employs the symmet

rical sectioning of the solar cell modules shown in Figure 8-16. Each 

section supplies electrical power to a redundantly circuited solar 

combiner. By virtue of using symmetrical solar cell module sections, 

the solar combiners can be of identical design. In addition, the 

sectioning minimizes the currents handled by the solar combiners 

and, as a result, reduces the blocking diode losses, Also, the section

ing provides convenient access to the solar cell modules for pre-launch 

checkout and fault isolation. 

Each solar combiner is discretely connected to a separate 

charger-battery-regulator module; therefore, there is no single 

catastrophic system failure point from the solar modules through the 

charger-battery-regulator modules. Two load distributors are used 

to accommodate parallel power distribution for redundancy and power 

loss minimization. 

Two auxiliary charger-battery-regulator modules are included 

in a passively redundant state. They may be employed to replace 

failed modules or to augment the normally active modules during 
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periods of predictably heavy load power requirements. If employed 

on such an occasion (as might be required for a unique experiment 

operation requiring gross misorientation with the solar vector), they 

could be connected to help supply the load by discharge of their 

batteries and then be disconnected and recharged at times when an 

excess of solar cell module power was available. 

Thermal Considerations 

All components of the electrical power system, except the 

solar cell modules and solar combiners are mounted on the side of 

the spacecraft opposite the sun. The solar cell modules will exper

ience temperatures near or slightly in excess of their desirable 

design limit of 2l2°F. This condition will require special design con

siderations with respect to the solar cell interconnections. The 

relatively high temperatures which will be experienced by the solar 

combiners will not be in excess of their allowable operating temper

atures and will, in fact, tend to improve the performance and reduce 

the losses of the diodes used. All of the components on the "cold" 

side of the spacecraft will be maintained within their operating tem

peratures. The batteries of the charger-battery-regulator modules 

will be heated by self-contained thermal strips to a temperature of 

00 to 15'F to enhance their lifetimes. 

Component Descriptions 

The components proposed for use in the electrical power 

system and upon which the analyses were based are Apollo Telescope 

Mount (ATM) type hardware. A description of these components is 

given in Reference 8-1. A power system weight breakdown is given 

in Table 8-7. 
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TABLE 8-7. POWER SYSTEM WEIGHT
 

Component 	 Weight (Ib)
 

Solar Combiners (7) 	 105
 

Charger-Battery-Regulator Modules (9) 990
 

Load Distributors (2) 60
 

Solar Cell Modules (84) 294
 

Cabling 	 400
 

TOTAL 	 1849
 

SPECIFIC RADIOISOTOPE THERMOELECTRIC GENERATOR SYSTEM 
DESIGN 

The radioisotope thermoelectric generator system approach 

was not carried to the specific design stage for the below listed 

reasons. 

* 	 Radioisotope thermoelectric generators are constant power 
devices and their sizing must be based on the peak load 
power requirements resulting in radical oversizing for the 
major portion of the operational time. 

* 	 Radioisotope thermoelectric generators are inherently 
inefficient (approximately 6% efficient), resulting in large 
heat dissipation which would severely impact thermal 
control of the spacecraft. 

* 	 For purposes of thermal control and temperature differential, 
it is normally necessary to mount radioisotope thermoelectric 
generators external to the spacecraft. This would produce 
increased spacecraft drag and reduce the orbital lifetime of 
the spacecraft. 
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* 	 Extensive shielding must be employed to control radiation 
from radioisotope thermoelectric generators to levels which 
will not cause interference with the experiments. 

* 	 Disposal of the radioisotope thermoelectric generators 
create significant spacecraft design and launch, orbit, 
reentry and recovery problems. 

CONCLUSIONS 

A solar cell module system is proposed to supply the required 

electrical power. Either the flush mounted or the folded-out solar cell 

module configuration will generate adequate electrical power. With the 

flush mounted configuration, battery depths of discharge will exceed 

15 percent under worst case conditions of orbital nighttime length, 

solar vector off-orientation, and time in orbit. The maximum worst 

case battery depth of discharge is predicted to be approximately 18 

percent. With either configuration, special consideration must be 

given to proper solar cell modules and thermal control design to 

assure proper operation at the highest temperatures achieved. 

It is concluded that. the penalty of additional drag and increased 

complexity associated with the use of folded-out solar cell modules 

outweigh the advantages of providing increased power to maintain the 

battery depth of discharge below 15 percent. It is further concluded 

that the penalty of periodic battery depth of discharge in excess of 15 

percent is not sufficient to disqualify the use of the flush mounted 

solar cell modules configuration. 
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9. COMMUNICATIONS AND DATA HANDLING SYSTEM 

The HEAO-C communications and data handling system con

sists of two basic parts; i. e. , the part that applies to the experiments 

and the part that is a spacecraft system and interfaces with the experi

ment package. This study was concerned primarily with the latter 

part. 

DESIGN REQUIREMENTS 

The communications and data handling system is required to 

perform the following functions: 

* 	 Timing generation -- basic clock generation for the 
spacecraft and experiments with 0. 1-millisecond 
resolution and 0. 1-millisecond-accuracy capability 

* 	 Data handling -- spacecraft data acquisition, conversion, 
and formatting, experiment data interface, and space
craft and experiment data multiplexing 

* 	 Data storage -- spacecraft and experinment data storage 
for transmission to ground stations 

" 	 Data transmission -- spacecraft and experiment data 
transmission to ground stations 

* 	 Command handling -- reception, decoding, and routing 
of spacecraft and experiment commands 

* 	 Beacon transmission -- VHF beacon generation and 
transmis sion 

* Status transmission -- real-time spacecraft and experi
ment status transmission. 
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The baseline study criteria were as follows: 

* 	 A generated data bit stream rate of 27.5 kbits/sec 

* 	 Circular orbit, 35-degree inclination, 300-nautical
mile altitude 

* 	 One-year lifetime required, two-year lifetime goal 

* 	 Minimum weight and power 

* 	 Maximum use of low cost, highly reliable, proven 
components. 

DESIGN APPROACH 

The communications and data handling system was grouped 

into the following subsystems; timing, data handling, command handling, 

and beacon and status transmission. The design approaches for each 

are discussed in the following paragraphs. 

Timing Subsystem 

The timing subsystem's requirement of 0. 1-millisecond-time 

resolution dictates the use of a 10 kilohertz clock. The requirement 

for time accuracy of 0. 1 millisecond dictates periodic update of the 

clock from a ground station having compatible update capability. Manned 

Space Flight Network (MSFN) ground stations were chosen to be used for 

this function, since Satellite Tracking and Data Acquisition Network 

(STADAN) stations do not have the required clock accuracy. The MSFC 

ground stations selected are listed below 

* Hawaii 
* Guam
 
" Ascension
 
* Grand Canary. 

In the design approach, a central spacecraft oscillator provides 

the source from which all spacecraft and experiment timing is derived. 
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The frequency of the oscillator must be chosen to be compatible with 

the various clock rates required. The stability of the oscillator was 

assumed to be no worse than 3 parts in 109 per day. 

Data Handling Subsystem 

The data bit stream rate provided for storage and transmission 

is 27. 5 kbits/sec; this consists of 25 kbit/sec of experiment data and 

2.5 kbits/sec of spacecraft systems status data. Spacecraft data, 

therefore, will be acquired, converted, and multiplexed into its pre

assigned format position in the basic 25 kbit/sec stream from the 

experiment package. 

Storage of the data must be adequate to accommodate the amount 

of data generated between data transmissions. It must also have the 

means of inputting data at one rate (generation) and outputting data at 

a higher rate (for transmission). 

Transmission of the data is proposed to be performed primarily 

to STADAN ground stations and secondarily to the previously listed 

MSFN ground stations. The STADAN ground station selected for use 

are: 

* Tananarive 
* Quito 
* Santiago 
* Johannesburg 

* Rosman
 
e Orroral.
 

Using the STADAN ground stations, data will be transmitted simultaneously 

over two S-band links at 200 kbits/sec/link. Using the MSFN ground 

stations, data will be transmitted over a single S-band link at 500 kbits/ 

sec. 
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Command Handling Subsystem 

Commands to the spacecraft and experiments will be supplied 

through the STADAN ground stations' 148 megahertz up-link. This 

link has a 400 bit/sec data rate. Upon receipt of the commands, they 

will be decoded and routed to their required spacecraft and experiment 

address. If not intended for immediate use, they will be stored. 

Beacon and Status Transmission Subsystem 

Beacon and status transmission will be performed with the 

STADAN ground stations over the 36-megahertz link. Command 

acknowledgements and real-time status will be transmitted at a low 

data rate. As a beacon function, this link will be used with the Mini

track network to establish the spacecraft's orbital parameters. 

DESIGN ANALYSIS 

The following analyses were performed using the selected 

STADAN and MSFN ground station contact masks to define the per

formance characteristics for the communications and data handling 

system components. 

Ground Station Contact 

Contact time with the six STADAN ground stations previously 

listed, as a function of orbit number, is shownlin Figure 9-1 by the solid 

line enclosing the shaded area. The dashed line indicates the contact 

time with the six STADAN ground stations plus the four MSFN stations 

previously listed. As shown in Figure 9-1, orbit numbers 4, 19, and 

34 have no contact time with MSFN ground stations, and orbit number 

24 has no contact time with the STADAN ground stations. The data for 

these plots were calculated using a Teledyne Brown Engineering 
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computer program with simplified station mask characteristics provided 

by Goddard Space Flight Center. 

Os cillator Update 

The requirement for 0. 1-millisecond time accuracy and the use 

of a clock with a stability of 3 parts in 109 per day dictates contact with 

an MSFN ground station three times daily or once every five orbits. 

As indicated in Figure 9-1, contact with an MSFN ground station occurs 

nearly every orbit, which satisfies the clock update requirement. 

Data Accumulation 

At a data stream rate of 27. 5 kbits/sec, data will accumulate 

at a rate of approximately 158 Mbits/orbit. With 200 kbits/sec/link, 

dual link data transmission to the six previously listed STADAN ground 

stations only, the data accumulation (storage) profile through 40 orbits 

is as shown in Figure 9-2 (top). Figure 9-2 also shows the data accu

mulation profile for the STADAN stations plus MSFC Hawaii, the 

STADAN stations plus MSFN Guam, the STADAN stations plus MSFN 

Ascension, and the STADAN stations plus MSFC Grand Canary. In 

Figure 9-2, the ground stations are identified as follows: 

* Tananarive - 1 
* Quito - 2 
* Santiago - 3 
* Johannesburg 4 
* Rosman - 5 
* Orroral - 6 
* Hawaii - 8 
* Guam - 9 
* Ascension - 10 
* Grand Canary - 11. 

The maximum data accumulation encountered (data storage required) 

is approximately 300 megabits. The two recorders proposed for use 
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have a combined storage capability of 864 megabits (432 megabits 

per recorder). The maximum data storage requirement can there

fore be accomodated even with less ground station contact time than 

the baseline six STADAN stations provide with no MSFN contact. The 

capacities of two additional recorders, which act as redundant units 

are not included in the 864 megabit capacity quoted above. 

Command' Capability 

Approximately 4, 000 commands per orbit can be supplied to 

the spacecraft. This number is based upon a IZ-bit command word 

repeated three times, a 6 minute average contact time with STADAN 

ground stations per orbit as indicated in Figure 9-1, and a 400 bit 

up-link data rate. Though the command capability requirement in 

terms of both numbers and usage is not presently defined, it appears 

that adequate command communication capability is available 

SPECIFIC SYSTEM DESIGN 

The block diagram of the communications and data handling 

system is shown in Figure 9-3. The interface with the experiment 

package is indicated by the dashed line. 

Timing Subsystem 

The timing subsystem consists of the spacecraft oscillator and 

S-band receiver. The oscillator consists of the base frequency oscil

lator and frequency dividers required to derive the clock signals which 

routed to the using elements of the spacecraft and experiments.are 

The S-band receiver is used for the reception and demodulation of 

clock update signals, which are then routed to the oscillator. 
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Data Handling Subsystem 

The data handling subsystem consists of all the elements involved 

in the acquisition, conversion, formatting, multiplexing, storage, and 

transmission of data. Data from spacecraft sources is signal con

ditioned, converted to digital form, and multiplexed with the experi

ment data. The resultant data stream is applied, through a switch 

matrix, to digital tape recorders. Four dual-track magnetic tape 

recorders are used for data storage. One recorder will accept the 

two channels of digital information continuously until the end of the 

tape reel is reached. At this time, the recorder control will auto

matically shut off the first machine and start the record mode of a 

second unit. When ground station contact is made, the full recorders 

will be switched sequentially to the payback mode. This mode continues 

until the tape dump is complete, even if more than one ground contact 

is required. 

The output from the recorders- is applied, through the switch 

matrix, to the S-band decoder/transmitters. Their outputs are ampli-. 

fied by traveling-wave-tube amplifiers and routed to the antenna sys

tem for transmission to the ground stations. The S-band decoder/ 

transmitter, when operating with a STADAN station, receives its VCO 

locking signal from the spacecraft oscillator. When operating with an 

MSFN station, it receives its VCO lodking signal from an S-band uplink. 

Command Handling Subsystem 

The command handling subsystem consists of the VHF antenna 

system, the VHF receivers, and the command decoder. The decoder 

provides for the decoding and routing of the commands and, if required, 

provides storage for spacecraft commands. Experiment commands 

are routed directly to the experiment data handling facilities, which 

provide for their storage and control. 
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Beacon and Status Transmission Subsystem 

The beacon and status transmission subsystem consists of 

the VHF transmitter and antenna system. It transmits beacon signals 

and real-time spacecraft and experiment status data that is routed 

to it from the data handling subsystem. 

COMPONENT DESCRIPTIONS 

The components recommended are not intended to represent 

optimum selection, but define the hardware used in the design approaches 

and analyses. A system weight breakdown is given in Table 9-1. 

Magnetic Tape Recorders 

Since the tape recorder has moving parts, it is the least reliable 

element in the entire data system. Several methods by which the 

recording system reliability may be improved are redundancy, machine 

selection, and operational techniques. 

The baseline on-board data storage system consists of four 

dual-track magnetic tape recorders. The 27.5 kilobits of data generated 

within the spacecraft each second are divided equally between two recorder 

tracks, requiring a capability of 13.75 kbits/sec for each track. At a 

recording bit density of 10, 000 bits/inch, a recording tape speed of 

1.375 inch/sec is required. Playback speed is determined by the 

200 kbits/sec limit of each STADAN downlink. This leads to a playback 

speed of 200, 000/10, 000 = 20 inch/sec. The playback-to-record ratio 

then is 14. 55. Playback will be done with the tape moving in the 

opposite direction to the record mode. No rewinding operations are 

thus required, minimizing tape system wear and power requirements. 
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TABLE 9-1. COMMUNICATIONS AND DATA HANDLING SYSTEM WEIGHT
 

Item 


S-Band Antenna (4) 


Stitching Network (2) 


Multiplexer 


S-Band Decoder/Transmitter (2) 


Command Receiver (2) 


Beacon Transmitter (2) 


S-Band Power Amplifier (2) 


Tape Recorder (4) 


VHF Antenna (4) 


Signal Conditioner 


Command Decoder 


Power Combiner 


Miscellaneous Hardware 


Cabling 


TOTAL 


Weight (Ib) 

4
 

20
 

8
 

72
 

2
 

2
 

36
 

60
 

4
 

3
 

6
 

10 

20
 

80
 

327
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The recorder selected should be a proven model with a very 

high mean-time-between-failure (IvITBF) figure. The unit recommended 

at this time is the Leach 2000 series recorder. This recorder offers 

several desirable features for the HEAO system: it was- designed 

specifically for satellite use, advertised MTBF is greater than 14, 000 

hours, and in addition, the high density digital recording (HDDR) option 

is available, which allows for digital recording at packing densities of 

10, 000 bits/inch/track. The reel capacity is 21, 600 inches, providing 

a data storage capacity of 216 Mbits/track, or 432 rnegabits for the 

two-track unit. Total recorder (4 units) capacity is 1, 7Z8 megabits. 

Use of two data tracks per recorder offers several advantages. 

These include lower system power demand, increased data storage 

capability, less tape wear, and increased redundancy. These advantages 

are gained at negligible increases in weight and unit power demand. 

The four-recorder system would require only one two-channel tape 

machine to be on line recording at any given time. The other three 

would be in a standby mode, except during ground station contract when 

one machine at a time would be in a playback mode. 

If one of the four tape machines fails, no mission degradation 

occurs. The main result would be that system storage capacity would 

drop from 1, 732 to 1, 296 megabits. Should two of the four tape units 

fail, again no direct mission impact will result. In this case, data 

storage capacity drops to 864 megabits. 

If three out of four tape units fail, the ability to record while 

dumping data will be lost. This will cause an average loss of less than 

10 percent of the total data. In addition, data storage capacity will drop 

to 432 megabits. Should all tape recorders fail, the system could still 

transmit real-time data rather inefficiently during approximately 6 

percent of the total orbital time. 
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Signal Conditioner 

The equipment converts analog operational data into a form 

suitable for input to the digital multiplexer unit. The signal conditioner 

will attenuate the analog signals to basic system voltage levels, multi

plex them, and convert them into digital form. 

Two units will be required: a commutator and an analog-to

digital converter. The equipment cannot be completely defined before 

"housekeeping" signals to be monitored are determined; however, the 

Teledyne Telemetry Model 378 commutator and the AD-610 analog-to

digital converter are typical of the hardware available for this application. 

Antennas 

Two separate antenna arrays are required for the communica

tion and data handling system: an S-band array used with the telemetry 

transmitter and a VHF array shared by the Minitract transmitter and 

the command receiver. 

The S-band antenna array will consist of four radiating elements, 

mounted symmetrically around the circumference of the vehicle at 90

degree intervals. Detailed design of the antenna system will be possible 

only after the vehicle configuration is finally defined, with optimum 

methods of feed, polarization, and phasing determined empirically. 

Although final selection of a radiating element is not possible at this 

time, it is believed that the antenna would be physically similar to the 

Electronic Resources Model 03-44-00010. 

The VHF antenna array will consist of four VHF quarter-wave 

stub elements spaced at 90-degree intervals about the spacecraft cross 

section. This array will be used for both transmitting and receiving. 

A notch filter will be used to provide isolation between the 148 mega

hertz receivers and the 136 megahertz transmitters. The VHF antenna 
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elements will project approximately Z2 inches from the spacecraft 

skin. The antenna would have a spring in its base which would erect 

the antenna after shroud separation. 

Transmitters 

Two S-band transmission links and one VHF transmission link 

are required in the spacecraft. The recommended S-band units are 

EMR Model 3620-05. These transmitters are rated at 20 watts. 

The VHF beacon transmitter recommended for ,HEAO is Space

craft Model T400. This unit has been flown on Pegasus 1, 2, and 3, 

Saturn I, OGO 1 and 2, and several other scientific satellites. It is 

designed to operate in the 136 megahertz band at up to 2 watts output. 

It has phase modulation capability, with a modulation sensitivity of 

2 radians/V. 

Command Receiver 

The VHF receivers operate continuously in the 148 megahertz 

region. The AVCO model AED-301A receiver is recommended for 

this appliaction. This model has flown on the OSO-H, ISIS, and SERT-

II spacecraft. 

Command Decoder 

The command decoder accepts the command words from the 

command receiver, decodes the words into individual commands, and 

relays either the commands or control signals to the appropriate 

destination. The unit takes action on a command only if the status 

data from the hardware being addressed is correct. The decoder 

acknowledges receipt of commands by returning the signal through the 

beacon transmitter. 
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Although the specific configuration of the command decoder 

cannot be determined until final determination of the command require

ments, a typical AVCO command decoder designed to interlace with 

the AED-301A receiver can be used for preliminary design purposes 

CONCLUSIONS 

The communications and data handling system proposed will 

satisfy the requirements for timing generation, data handling, command 

handling, and beacon and status transmission. By using the previously 

listed STADAN and MSFN ground stations, adequate contact can be made 

to accomodate command transmission, data transmission, and clock 

update. It is proposed that the STADAN stations be employed for data 

transmission and the MSFN stations for clock update. 

Upon firm establishment of operational proceduces and sequences, 

and definition of definite data rates and formatting, it is recommended 

that maximum design priority be given to integration of the experiments 

and spacecrafts commands and data handling systems. 
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10. CONCLUSIONS
 

STUDY CONCLUSIONS 

It is concluded from this study that the HEAO-C mission can be 

performed within the established guidelines. The conceptual space

craft design presented in this report meets all requirements with two 

exceptions: 

" 	 When the middle solar panel is perpendicular to the solar 
vector, its maximum temperature exceeds the allowable limit. 

* 	 When the viewing end of the spacecraft is inclined toward the 
sun by as much as 15 degrees, the maximum allowable tem
peratures of the optical bench an&the telescope mirrors are 
exceeded.
 

It is believed that these problems can be solved with additional study. 

The structural design will support the optical bench and other 

loads during launch without deflecting to violate the 107.27 inch allow

able dynamic envelope. The "Lord type" vibration mounts will provide 

vibration damping during launch between the optical bench and the space

craft structure. They will not restrict or interfere with spacecraft 

operation in orbit; however, the effects of outgassing on the experiments 

has not been investigated. Decoupling the optical bench from the space

craft structure at the non-viewing end after orbit insertion will permit 

thermal deflection of the spacecraft without deflection of the optical 

bench.
 

The spacecraft attitude reference will be provided by three ref

erence gyros which will be updated using a system of two star trackers. 

Fixed star trackers may not provide the combination of field of view and 

sensitivity to permit viewing in any direction. This question was not 

analyzed in depth in this report. However, gimballed'star trackers 

will permit the required pointing capability, and for this reason their 

use was allowed for in establishing the spacecraft weight and power 

requirements. 
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Spacecraft attitude control and slewing will be accomplished 

using a system of three scissored pairs of control moment gyros. 

Momentum desaturation of the gyros will be accomplished with mag

netic torquers that produce momentum desaturating torques on the 

spacecraft by reacting with the geomagnetic field. If the optical bench 

is constructed of Invar, its magnetic properties must be taken into 

account in the operation of the magnetic torquers. Suitable coil switch

ing procedures have not yet been investigated. 

Simulation of the control moment gyro system indicates that a 

pointing accuracy of 1-30 arc seconds about each spacecraft axis can be 

achieved. The majority of this error is expected to be caused by sen

sor errors, rather than spacecraft motion due to control moment gyro 

activity. 

Thermal analysis of the HEAO-C spacecraft indicates that all 

system components and experiments can be maintained within prescribed 

limits for the two cases investigated in which the spacecraft was broad

side to the sun. However, in two other cases in which the viewing end 

of the spacecraft was inclined toward the sun, the telescope mirrors 

and the optical bench members received excessive solar radiation and 

became too hot. It is believed that this problem can be solved by 

changing the thermal properties of the thermal control filter, which 

covers the viewing end of the optical bench, and/or by adding a sun 

shade to this end of the spacecraft. Thermal analysis also indicates 

that in the baseline configuration, the middle solar panel will exceed 

its maximum allowable operating temperature. A likely solution to 

this problem is the folding out of the two side solar panels. An added 

bonus in this case would be the availability of additional solar power. 

The electrical power system will provide an adequate power 

supply for the HEAO-G spacecraft-during the first year. At the end of 
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the second year adequate power is still available when the spacecraft 

z axis is aligned with the solar vector and when the z axis is up to 15 

degie 5ff the solar vector, except for those orbit orientations having 

maximum nighttime durations. At the beginning of the mission, ade

quate pbW'6 is available for indefinite spacecraft operation with the 

z axis up to 30 'dig'rets off the solar vector. By the end of the second 

yearj how'ever, spacecraft operation at 30 degrees off the solar vector 

will result in a deeper battery discharge depth for unfavorable orbit 

orientations, which are expected to occur about one-third of the time. 

The maximum-depth of.discharge is not expected to exceed 18 percent, 

however, and this condition is believed to be acceptable, since this 

discharge does. iiot occur on each orbit and the greater depth of dis

charge occurs only at the end of the second year. The capacity of the 

present design of the electrical power system for the HEAO-C space

craft is cohsiddred to b'e barely adequate, since a growth in power 

required would place severe limitations on the maximum deviation from 

the solar vector. 

The present design of the communications and data handling 

system will provide adequate storage capacity for experiment and sys

tem status data. The STADAN stations will provide adequate contact 

time for transmission of all generated data as well as the required 

spacecraft system and experiment commands. The STADAN stations 

cannot provide the required spacecraft clock update signals however, 

and selected MSFN stations will be used for this function. MSFN sta

tions will also be' dipabI6 of receiving data transmissions from the 

spacecraft." 

The overall study conclusion is that the primary problem area 

is thermal control of the telescope mirrors and optical bench during 

unfavorable sun orientation angles. It is believed, however, that a 
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solution to this problem will be found with additional study. It will 

also be necessary to lower the maximum temperature of the middle 

solar panel and it is highly desirable to provide an additional margin 

of electrical power. Both of these problems can be solved with addi

tional study. 

SYSTEM CAPABILITY MARGINS 

As a result of the analyses performed in the conceptual system 

designs, some conclusions may be drawn concerning the margins of 

system capabilities in excess of the requirements. The 3-axis pointing 

error of ±30 arc minutes that is estimated to be achievable on the basis 

of computer simulations gives a margin of 30 arc seconds about two 

axes and a margin of 4. 5 arc minutes about the viewing axis. Maneuver 

capability meets the requirements and could be increased if desired by 

the use of larger control moment gyro units. 

The maximum temperatures calculated for the optical bench 

and telescope mirrors after 50 hours in orbit for Cases I and I were 

78 0 F and 740F, respectively. This gives margins of 2 0 F and 6°F for 

these units, since the maximum allowable temperature is 80 F. This 

margin is believed to be too small at this early stage of spacecraft 

design. The excessively high temperatures for the Cases III and IV 

will require system modifications which are expected to also provide 

greater margins for the Cases I and II. 

The electrical power margins were presented in Figure 8-12. 

Margins are adequate for initial conditions, but are not considered 

adequate throughout the mission lifetime. A growth in the power 

requirement would require a redesign of the solar module array. 
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SYSTEM FLIGHT COMMONALITY 

As a result of analyses conducted during the present study and 

knowledge gained about the HEAO-A, -B, and -D missions, certain 

tentative conclusions may be drawn about the use of the same type of 

equipient on different missions. The same type of solar cell modules 

and charger battery regialator modules are belived to be suitable for 

all four Missions. Some spacecrafts may require fold-out panels or 

panels located on'many spacecraft sides, but the same type of hardware 

can probably be used. The same basic communications and data hand

ling system is bglieved to be suitable for all four missions. The data 

handling 'functions will vary somewhat on different missions but the 

basic da'ti storage and transmission functions are expected to be the 

same. The same type of transmitters, receivers, tape recorders, 

and switcl-iing matrices should be adequate for all missions. 

Simulation results indicated that the HEAO-C attitude control 

system could also be used on the HEAO-A and HEAO-B missions. 

Although a less sophisticated system would probably suffice for the 

A mission, a system having improved pointing accuracy will proably 

be needed for the B mission. Therefore the HEAO-G system could 

also be used on both the A and B missions or only on the B mission, 

depending upon a more detailed determination of requirements and the 

A mission system capabilities. The attitude control requirements of 

the HEAO-D mission have not been established; however, it is not 

expected that the systems used on the other missions will be suitable. 

The HEAO-A attitude sensing system is expected to be appli

cable to the HEAO-B mission also and possibly to the HEAO-D mission, 

but not to the -ItA0-C mission. The HEAO-C mission attitude sensing 

system would be suitable to the pointing phases of the A and B missions, 

but not to the survey phases. 
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Since the thermal control requirements differ greatly on each 

mission, it is not expected that the system -for one mission would be 

entirely suitable for any other mission. 
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APPENDIX A. COMPUTER SIMULATION RESULTS OF
 
MOMENTUM DUMPING
 

MOMENTUM. DUMPING CONTROL LAW 

The spacecraft control moment gyros, or any other momentum 

storage devices used, will be desaturated using the control torque pro

duced by the magnetic torquers. When the stored momentum in the 

CMGs exceeds a predetermined value (30 ft-lbf-sec in the simulations), 

the magietic torquers are energized and control torques are produced 

for desaturation. When the stored momentum falls below a preset 

limit (10 ft-lbf-sec in the simulations), the magnetic torquers are 

deenergized. The magnetic torquers produce torques directly on 

the spacecraft. The direction of these torques is chosen to make the 

CMGs react to them in a manner that will reduce the stored momentum. 

The schematic below shows the direction of the stored momentum 

vector H inclined at an angle a with the Earth's magnetic field vector B 

at any instant of time. EN is the component of H normal to B and Hp 

is the component along B. 

HN 
B 
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The torque "TM, produced by the interaction of the magnetic 

moment M of the electromagnets with the Earth's magnetic field B 

is given as: 

TM = M X B. (A-i) 

Equation A-i shows that the torque produced will be normal to both B
 

and M and that the maximum torque for given magnitudes of Mvand
 

B is obtained when M is normal to B. Mathematically this condition
 

is expressed as:
 

M 0. (A-2) 

Multiplying both sides of Equation A-i by B gives 

B X TM = B X (M X B) (A-3) 

Expansion of Equation A-3 gives 

B Tm -= B 2 M-B ( .).' B (A-4) 

Using the relationship of Equation A-Z, Equation A-4 can be expressed as 

-XTM = BeM 

or
 

BXTM
B2M (A-,5) 

Because the control torque produced by the magnetic torquers
 

is always normal to B, the component of stored momentum HN normal
 

to B can always be decreased by the proper production of magnetic
 

torque. However, the component PIp cannot be decreased by the
 

magnetic torquers. Since the direction of the magnetic field vector
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changes as the orbital position of the spacecraft changes, the momentum 

component that cannot be reduced at one time can be reduced at a later 

time. The proper direction of the control torque TN is opposite to 

HN ' This torque will provide momentum in the opposite sense to that 

of the stored momentum component HN, and thereby desaturating the 

system momentum. 

Mathematically the desired direction for TM can be expressed 

as a triple vector cross product of H and B as: 

=TM K [(H X B) X B] (A-6) 

where K is some positive gain constant. Substituting the value of 

TM from Equation A-6 into Equation A.-5 gives 

B x MK (9Bz(A-7)x- X 

Equation A-7 can be expanded to 

KM 

- B ]}. (A-8)Bg B X [B (H -B) 

Equation A-8 can be simplified to 

Mv= -K (B X H). (A-9) 

Expansion of Equation A-9 into component form gives 

Mx = -K [ByHz - Bz Hy]
 

My = -K [Bz Hx - BxHz] (A-10)
 

Mz = -K [Bx Hy - ByHx]
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where 

Mx , My, M7 - magnetic moments produced by the 
magnetic torquers in the corresponding 
spacecraft axes 

Bx, By, Bz - components of the Earth's magnetic field 
in x, y, and z axes of the spacecraft 

Hx Hy, Hz - components of stored momentum in x, y,, 

and z axes of the spacecraft. 

All the quantities on the right-hand side of Equation A-10 are 

sensed on board the spacecraft and this information is available all 

the time. Whenever momentum dumping is required the magnetic 

torquers are energized. Each magnetic torquer placed on the space

craft body axis generates a corresponding magnetic moment as expressed 

by Equation A-10. 

In the momentum dumping simulation program, the required 

magnetic moments as calculated in Equation A-10 are provided. In 

actual practice these magnetic moment values could be provided by 

adjusting the cur.rent in the torquer coils. This procedure has not 

been addressed in this study. Investigation of implementation techni

ques may indicate that some time sharing program using a constant 

current would be desirable. 

The characteristic feature of this momentum desaturation 

scheme is that the torque generated is a function of the angle a as 

shown below. The magnitude of the required control torque can be 

obtained from Equation A-6 after some simplification 

TM = KHB2 sina( (A-II) 
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Equation A-il shows that when a is zero, no torque is produced 

and no momentum dumping is possible in this case. This is as expected 

because if in this case the magnetic torquers are energized, the torque 

produced is normal to both B and H and, therefore, instead of momen

tum dumping the magnetic torquers will add momentum. Whenever the 

value of a is large, a large TM will be generated which will dump a 

large fraction of the momentum. 

In 	essence, the function, sin a, in Equation A-I acts as a con

troller which assures that the system will dump the momentum and not 

add the momentum; i. e., the system will produce control torques and 

not disturban6e torques. 

SIMULATION RESULTS 

A computer program written at Teledyne Brown Engineering 

was used for simulating the performance of magnetic torquers for 

momentum dumping of the spacecraft momentum storage devices. The 

basic functions of the simulation are given below: 

" 	 The program computes the gravity gradient torque in 
spacecraft body axes as the spacecraft orbits the Earth. 
The program has the capability to compute gravity 
torques for all orientations of the spacecraft in space and 
takes into account the effect due to orbital precession. 

* 	 The angular momentum imparted to the spacecraft by 
gravity gradient torques is computed and accurnmulated. 
It is assumed that this momentum is counteracted by 
some type of momentum storage device; therefore, there 
is no deviation of the spacecraft orientation in inertial 
space. 

* 	 When the level of momentum stored in the momentum 
storage device exceeds a predetermined value, the magnetic 
torquers are switched on for momentum dumping. In the 
present simulation results this limit was arbitrarily set 
at 30 ft-lbf-sec. 
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* 	 The size (maximum magnetic moment capability) of each 
of the three electromagnets used in the program was 0. Z 
ft-lbf/gauss (2,700 amp-m 2 ). 

* 	 Magnetic control torques are produced according to the 
control laws derived in the preceeding section. The value 
of the gain constant K (Equation A-10) used is 0.03/BZ 
where B is magnitude of the Earth's field. 

* 	 The components of the Earth!s magnetic field are computed 
in spacecraft body axes as the spacecraft orbits. The 
Earth's field is simulated by a dipole moment inclined 11 
degrees with the Earth's axis. 

* 	 Control torques for momentum dumping are applied con
tinuously untill the total system momentum drops below a 
certain preset lower value, at which time the magnetic 
torquers are switched off. This preset value was 10 ft
lbf-sec for the current simulation. 

The duration of each simulation was 24 hours. During this 

time the magnetic field of the Earth makes one revolution and the 

spacecraft will have encountered all possible values of the geomagnetic 

field vector for the orbit orientation. Three cases were simulated, 

each representing a different initial orientation of the spacecraft. 

Each case was selected to produce a maximum gravity torque-on the 

spacecraft and so that one of the three axes would accumulate momen

tum continuously due to secular gravity torque. All cases are for a 

300-nautical-mile-circular orbit inclined at an angle of 35 degrees 

to 	the Earth's equator. 

* 	 Case I 

A 	The node line of the equatorial plane and the orbit 
plane is normal to the Sun line from the center of 
the Earth. In other words the Sun is at solstice 
(Figure A-i). 

A 	 The y axis of the spacecraft is oriented parallel to 
the node line. The orientation of x and z axes is 
such that they make an angle of 45 degrees with the 
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local vertical when the radius vector is normal to 
to the node line. This spacecraft and orbit orientation 
causes all of the secular component of the gravity 
gradient torque to act in the y axis. Precession of the 
orbit plane from this orientation causes a portion of the 
secular torque component to act in the other two axes. 

A The node line of the geomagnetic equatorial plane and 
the geographic equatorial plane is normal to the Sun 
line; i.e. , this is coincident with the orbit plane node 
line at starting time (time = 0). The Earth's magnetic 
dipole is tilted 11 degrees from the geographic north 
towards the Sun at the starting time. 

* Case II " 

A The orbital parameters are the same as in Case I except 
that the Sun is on the node line; i. e., the Sun is at 
Equinox (Figure A-Z). 

A The spacecraft z-axis points at the Sun. The orientation 
of the x and y axes is such that they make an, angle of 
45 degrees with the local vertical when this radius 
vector is normal to the node line. This spacecraft 
orientation causes all of the secular component of the 
gravity gradient torque to act in the z axis. Precession 
of the orbit plane from this initial orientation causes a 
portion of the secular torque component to act in the 
other two axes. 

A The node line of the geomagnetic equatorial plane and 
the geographic equatorial plane is normal to the orbit 
plane node line at starting time. The Earth's magnetic 
dipole is tilted 11 degrees towards the Sun at starting. 
time. 

* Case III 

A The parameters for this case are the same as for 
Case I except that the spacecraft x and y axes have 
been interchanged; i. e., the x axis is parallel to the 
node line and the y-axis is inclined at 45 degrees to 
the radius vector (Figure A-3). This spacecraft and 
orbit orientation causes all of the secular component 
of the gradient torque to act in the x axis. Precession 
of the orbit plane from this initial orientation causes 
a portion of the secular torque component to act in the 

other two axes. 
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Figure A-4 through A-27 show the computer simulation results 

for Case 1. Figures A-4 through A-6 are the profiles of the gravity 

gradient torques acting on the spacecraft body axes. The gravity torque 

is primarily cyclic in the x and z axes and is primarily secular in the 

y axis. Figures A-7 through A-9 show the momentum imparted to the 

spacecraft by the gravity torques. The total momentum due to gravity 

torque,- as shown in Figure 10, builds up continuously and goes up to 

3, 300 ft-lbf-sec during 24 hours. 

Figures At-ll through A-13 show the profiles of the magnitude of 

the Earth's magnetic field in the spacecraft axes. The Earth's magnetic 

field magnitude profile is shown in Figure A-14. The Earth's magnetic 

field varies from a minimum of 0. 24 gauss to a maximum of 0. 39 gauss 

for the present orbit. 

Figures A-l 5 through A-27 show the performance of the magnetic 

torquers in dumping the stored momentum. Figures A-15 through A-17 

show the profile of the components of the stored momentum in space

craft axes. The stored momentum components at any time are less 

than 40 ft-lbf-sec in the x axis; less than 30 ft-lbf-sec in the y axis 

and less than 50 ft-lhf-sec in the z axis. Figure A-18 shows the profile 

of the total momentum stored in the momentum storage device. The 

total momentum stored at any time is less than 50 ft-lbf-sec. This 

indicates that the electromagnets are effective in momentum dumping. 

Figure A-19 shows the component of the stored momentum nor

mal to the geomagnetic B field. As expected the electromagnets are 

effective in keeping this component very small. However, the electro

magnets cannot dump the component of the momentum parallel to B 

field, as shown in Figure A-Z0. Since both the B-field vector and the 

stored momentum vector changes their orientations as the spacecraft 

orbits the Earth, this component can be reduced. Notice the similarity 

A-11 



between Figures A-18 and A-20; the stored momentum consists 

essentially of that component parallel to the B-field vector. Figure 

A-Z1 is the profile of the angle between the total momentum vector and 

the B-field vector. From Figure A-21 it is seen that most of the time 

the angle is near 180 degrees. This means that most of the time the 

component normal to the B field is very small in comparison to the 

component parallel to the B field. 

Figures A-22 through A-24 show the-profile of the magnetic 

torques produced in spacecraft axes for momentum dumping. A com

parison of these profiles with those in Figure A-4 through A-6 shows 

that these are in the opposite sense to that of the gravity torques. This 

is as expected. 

Figures A-Z5 through A-27 show the profile of the magnetic 

moment generated by the three electromagnets. These profiles can 

be related to the power required for these electromagnets. 

Figures A-28 through A-51 are computer data plots for the 

Case II simulation. In this case the secular gravity torque is primarily 

in the z axis instead of the y axis, as in Case I. Figure A-30 shows 

the profile of this secular gravity torque. The total momentum 

imparted to the spacecraft by gravity torque is shown in Figure A-34 

to be 3, 300 ft-lbf-sec in Z4 hours. In Case II the magnetic field has 

been shifted by 90 degrees from its position in Case I. This fact is 

illustrated in the plots of the magnetic field for Case II, Figures 

A-35 through A-38, in which corresponding characteristics are 

displaced by 6 hours from those in plots for Case I. 

Figures A-39 through A-5-1 show the performance of the 

electromagnets. In this case, the components of the stored momentum 

"A-12
 



are kept less than,40 ft-lbf-sec in the x axis; less than 50 ft-lbf-sec 

in the y axis; and less than 40 ft-lbf-sec in the z axis, as shown in 

Figures A-39 through A-41. The total momentum stored in the momen

turn storage device is kept less than 50 ft-lbf-sec as 'shown in Figure 

A-42. This indicates that the electromagnets are effective in keeping 

the stored momentum level less than 50 ft-lbf-sec in this case too. 

Figures A-52 through A-75 are the computer data plots for 

the Case III simulation. In this case, the secular gravity torque is 

primarily in the x axis. Figure A-58 shows that a total momentum of 

125 ft-lbf-sec is imparted to the spacecraft by gravity torques. Figures 

A-63 through A-75 show the performance characteristics of the electro

magnets for this case. Figures A-63 through A-65 show that the com

ponents of the stored momentum are kept less than 20 ft-lbf-sec in the 

x axis, less than 40 ft-lbf-sec in the y axis, and less than 52 ft-lbf-sec 

in the z axis. Figure A-66 shows that the total stored momentum in the 

momentum storage device is kept less than 52 ft-lbf-sec. This again 

indicates the effectiveness of the electromagnets in keeping the stored 

momentum at a low level. 

From the data presented, it is evident that the electromagnets 

are able to keep the stored momentum level below 5Z ft-lbf-sec for 

Cases I, II, and III. It is believed that the maximum stored momen

tum for any spacecraft and orbit orientation can be maintained-below 

30 ft-lbf-sec by changing the levels at which the torquers are switched 

on and off. Therefore, this value was used in sizing the control system. 

This simulation also indicates that the 30 ft-lbf-sec momen

tum vector is equally likely-to occur.in any direction in space. Another 

conclusion is that the -magnetic moments of each torquer, 0. Z ft-lbf/ 

gauss (2, 700 amp-m z ), are adequate for momentum dumping for the 

HEAO-C spacecraft. 
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DISTURBANCE TORQUES 

Both external and internal disturbdnce torques act on the 

orbiting spacecraft. A knowledge of these disturbance torques is 

required for the proper sizing of the attitude control system. The 

disturbance torques at a 300-nautical-mile Earth orbit are: 

-e External 

A Gravity
 
A Aerodynamic
 
A Magnetic
 
A Solar radiation
 

v Internal 

A Internal machinary 
& Fuel or gas venting. 

Each of these disturbance torques are analyzed below. 

Gravity Torque 

The maximum values of the gravity gradient torque in the 

spacecraft body axes. are obtained when one of the body axis is inclined 

at an angle of 45 degrees with the local vertical. The equations for 

these maximum torque conditions are: 

(TxG)max -3 y Iz) (A-3GM
2 R2(y-(-2 
3 GM 

(Ty G ) R 3max - 2 (x Iz) (A-13) 

(TzG)max = 3 GM (Iy Ix ) (A-14) 

A-86 



where 

(TxG)max (TyG)max - maximum gravity gradient torques 

-(T zo)m6x in x, y, and z axes respectively 

GM - gravitational parameter = 1. 40766 
X 1616 ft-3/sec 

R - distance of the center of mass of the 
satellite from the center of the Earth, 
ft 

Ix , ly, Iz 	 - Spacecraft principal moments of 

inertia, ft-lbf-sec z 

Substituting the numerical values in the above three equations gives 

(TxG)max = '- 0. 001 ft-lbf 

(TyG)max = ± 0. 077 ft-lbf 

(TzG)max = ± 0. 076 ft-lbf. 

The variation of gravity gradient torque components is sinu

soidal. In general the torques in any two axes are cyclic at twice the 

orbital frequency and accumulate zero net angular momentum, whereas 

the third axis torque is secular. This component causes angular 

momentum to be accumulated and creates a need for a momentum 

storage-type control system and for periodic desaturation of this 

system. 

Aerodynamic Torque 

An approximate aerodynamic torque acting on a spacecraft in 

a ci'cular orbit is obtained using the following simplifications: 

* 	 A constant atmospheric density which is the average 
for plus two sigma conditions predicted for 1976 is 
used (Ref. A-i) 

* 	 A constant vehicle drag coefficient is used. 
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Aerodynamic force dF acting on a differential area dA can be 

expressed as 

dF -pv {(Z - fn)HV. )z H + ft (-v ( XTH) X(v )]} dA 

(A-15) 

where 

p - atmospheric density at the orbital altitude 

v - vehicle velocity telative to the surrounding atmosphere 

fn- normal momentum interchange coefficient for free 
molecular flow
 

-v - unit velocity vector
 

n - outward unit vector normal to the surface
 

ft - tangential momentum interchange coefficient for 
free molecular flow. 

If the atmosphere is assumed to be nonrotating at a 300-nautical

mile-circular orbit altitude, then we have 

v = 24, 874 ft/sec 

and 
4 

p = 4.80 X 10 -16 slug/ft 3 . 

The values of fn and ft have been taken as 0.8 and 1. 0, respectively. 

Aerodynamic torque Ta is given by 

Ta = (fdF) I (A-16) 

where I is the moment arm; i. e., distance between center of pressure 

and center of rrass of the spacecraft. 
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Figure A-76 shows the location of the center of mass and 

center of pressure for the condition of angle of attack of 90 degrees. 

The angle of attack is defined here as the angle between the space

craft longitudinal axis, x and the velocity vector V. This condition 

gives the maximum disturbance torque since the drag area is maximum 

and also the moment arm is "maximum. 

The projected drag area A is obtained by 

A f dA = D L (A-17) 

where: 

D - diagonal of the spacecraft cross-section. This is', 
i65 iiches for HEAO-C 

- L - length of spacecraft; 370 inches for HEAO-C. 

Putting the values in Equation A-17 gives 

ft z . A = 270 

For an angle of attack of 90 degrees, Equation A-15 can be simplified 

to 

d9 = - pv 2 (2 - fn) 'H dA (A-18) 

Substituting Equation A- 18 in Equation A - 16 give s 

T a = [f'-pv2 (2- fn)HdAj I 

PV 2 (Z fn) Al _i. 

Substituting the values of different quantities in thd above 

equation gives the magnitude of the maximum torque as 
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NOTES:
 

C.P. - CENTER OF PRtSSURE 
C~.. CENTER OF MASS
 
1 THROUGH 8 THE SIDE SURFACES OF THE SPACECRAFT
-REPRESENTS 


1,2, AND 3 THE SOLAR PANEL SURFACES
-ARE 


FIGURE A-76. LOCATION OF CENTER OF PRESSURE FOR ANGLE OF ATTACK OF
 
90 DEGREES
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=Ta -4.80 X 10-16 X (?4,874)? (2- 0.8) X 270 X 	 60
 

12
 

= 0.000482 ft-lbf 

Thus the maximum aerodynamic torque is about two orders of magnitude 

smaller than the maximum gravity torque in the y or z axes. 

Magnetic Torque 

The magnetic disturbance torque 'is caused by the interaction 

of the magnetic moment of the spacecraft with the Earth's magnetic field. 

For a magnetically clean spacecraft this torque should be very small 

in comparison to the gravity torque. However, on the HEAO-C space

craft, it is proposed to use magnetic torquers for the desaturation of 

the CMGs. These magnetic torquers will induce magnetic moments in 

any ferromagnetic objects on the spacecraft and especially in the optical 

bench, which is made of Invar material. 

The optical bench structure is a truss about 30 feet long and 8 

feet in diameter. Whenever magnetic torque rs are energized for 

desaturation of the CMGs, the optical bench will be magnetized and the 

induced magnetic moment in the optical bench will then produce a dis

turbance torque. Because of the complex structure of the optical bench, 

a detailed analysis is required to determine the magnetic moment 

induced. This analysis is beyond the scope of the present study. How

ever, the induced magnetic moment may be significant and may produce 

a significant disturbance torques on the spacecraft. 

Solar Radiation Torque 

The solar radiation force dF s on a differential area dA can be 

expre'ssed as 
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dFs = -v{(l + v) Wfs . H)iH + (l - v) (Es • ) 

X [i X (s X E)]} dA (A-19) 

where 

v - solar pressure constant. In the vicinity of the Earth 
this is equal to 0.94 X 10 - 7 lbf/ft2 

v - surface reflectivity 

Rs - unit vector to the Sun 

E - outward unit vector normal to the surface. 

The surface reflectivity value is 0. 3 for solar panels and 0. 7 for other 

surfaces. 

The maximum radiation pressure acts on'a surface when the normal 

to the surface is along the solar vector. For this condition Equation A-19 

reduces to 

dF s = -v(l+v) ndA. (A-20) 

Integration of Equation Z0 gives the total force on a surface area A as 

Fs = -v(l +v) Af. (A-21) 

Equation A-21 shows that the maximum solar force acts when 

(1 + v) is maximum. This will be the case when none of the solr panels 

are exposed to the Sun, since solar panels have a lower reflectivity than 

other surfaces. To meet this requirement the offset angle from the Sun 

line has to be at least 135 degrees. This is not going to be the case in 

actual flight, as the offset angle is limited to 30 degrees. Therefore to 

simulate the actual flight conditions the reflectivity value v' is taken as 

0. 5; this is the average of 0.3 (solar panel surfaces) and 0.7 (nonsolar 

panel) surfaces. 
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Equation A-Z1 now reduces to 

Fs = -1.5 v A '. (A-22) 

The value of A, 270 ft2 , is obtained from Equation A-17. The torque 

Ts is given by
 

Ts = Fs • (A-23) 

where I is the moment arm; i.e., the. distance between center of 

pressure and center of mass of the spacecraft. The value of I is 60 

inches as, shown in Figure A-76. 

Substituting the above values into Equation.A-23 gives 

Ts = -1.5 x 0.94 x 10 - 7 x 270 x 60 

= 0.00019 ft-lbf. 

Thus it i seen that the maximum solar radiation torque is of the same 

order of magnitude as the aerodynamic torque, but smaller by about 

three orders of magnitude than the maximum gravity torque in the y 

or r axes 

Internal Disturbance' Torques 

Internal disturbance torques on an unmanned spacecraft can 

result from internal moving parts (rotating machinary) and venting of 

fuel or gases. The HEAO-C spacecraft uses about 12 electric motors 

for-the movement of experiment components. The movement of experi

ment components is deliberately made slowly and is performed during 

the time when experimental observations are not being made. The 

reason for doing-so is to eliminate the effect of the internal moving 

components on the pointing accuracy of the spacecraft. 
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The movement of experiments from one place to another is 

accomplished in about 5 minutes. During this time, torque is applied by 

the electric motors to accelerate the experiment mass and then torque 

is reversed to decelerate the experiment mass. Momentum builds up 

during the acceleration process but this same momentum is taken out 

gradually during the deceleration process, thus leaving no net angular 

momentum after the movement of the experiment has stopped. 

A sample calculation was made to find out the disturbance torque 

produced by the movement of the high resolution spectrometer detector 

assembly. The weight of this assembly is 310 ibm and the dimensions 

are about 75 by 40 by 30 inches. The assembly is required to move 

(rotate) on the longitudinal axis by 90 degrees in 5 minutes. The torque 

required for this rotation is 0. 0014 ft-lbf. The angular momentum 

imparted by this torque is about 0.25 ft-lbf-sec. If it is assumed that 

three of the 12 electric motors are operating simultaneously for 5 

minutes and are producing torque in the same direction, then the total 

disturbance torque will be 0. 0042 ft-lbf and the total angular momentum 

will be 0.75 ft-lbf-sec. This total disturbance torque is about 6 percent 

of the maximum gravity torque in the y or z axes and the angular momen

tum imparted to the spacecraft is very small because of short duration 

of application of torque. From the above analysis it appers that the 

pointing accuracy of the spacecraft, while pointing on a target can be 

maintained even if the components are moved internally. 

Conclusions 

Thus, from the analysis of external disturbance torques it is 

seen that the predominant torque is due to gravity gradient. Torques 

due to other external sources are very small in comparison to gravity 

torque. Also from the analysis of internal disturbance torques it is 

seen that the duration of application these torques is small (less than 
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5 minutes) and that there is no net angular momentum accumulated 

after the application of these torques. Table A-i summarizes the 

disturbance torque acting and the momentum accumulated in one 

orbit time. 

TABLE A-1. MAXIMUM DISTURBANCE TORQUE AND MOMENTUM
 
ACCUMULATION INONE ORBIT
 

Momentum Accumulated 

Source 
Torque 
(ft-lbf) 

inOne Orbit 
(ft-lbf-sec) 

x axis y axis z axis x axis[ y axis z axis 

Gravity gradient secular 
torque 0.001 0.077 0.076 3 220 220 

Aerodynamic torque 0.000' 0.000 0.000 -- -

Solar radiation torque 0.000 0.000 0.000 -

Magnetic torque TO BE DETERMINED 

Internal components 
motion 0.000 0.000 0.000 -

TOTAL 0.001 0.077 0.076 3 220 220 
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OTHER CMG CONFIGURATIONS CONSIDERED 

A configuration of three scissored pairs of GMGs was selected 

for the baseline HEAO-C layout, weight, and power allocations. Other 

configurations that were considered are discussed here and consist of 

* Three single-degree-of-freedom gyros
 
* Three two-degree-of-freedom gyros
 
* Four single-gimbal gyros.
 

Three Single-Degree-of-Freedom Gyros
 

Figure A-77 shows the arrangement of these gyros considered.
 

The momentum in the individual axis for three equal size gyros can be 

written as 

Hx = h [cos ay - sin az] 

Hy = h [cosa. - sinax (A-4) 

Hz = h [cos ax - sin ay] 

where 

Hx , Hy, H z - angular momentum in x, y, and z axes, 
respectively 

h - gyro angular momentum 

ax - gimbal angle for the gyro placed on the x axis 

y - gimbal angle for the gyro placed on the y axis 

az - gimbal angle for the gyro placed on the z axis, 

The reaction torque acting on the vehicle due to a changing net 

angular momentum of the GMG system is the negative time derivative 
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FIGURE A-77. THREE SINGLE-DEGREE-OF-FREEDOM (SINGLE GIMBALLED)
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of Equation A-24 with respect to inertial space. This may be expressed 

as 

T dtH' (A-25)dt
 

Equation A-25 may be expressed in matrix form as 

Tx 0 -sin ay -cos z *x 

Ty = -h -cosa x 0 -sin ayez (A-26) 

T z -sin ax -cos ay 0 az 

where a edt
 

It is evident from Equation A-26 that there is cros s-coupling 

among the axes. For small gimbal angles the cross-coupling is very 

small but for large gimbal angles the cross coupling is significant. 

This is one of the disadvantages of this system. 

From Equation A-24, it is noted that the maximum storage 

capability in each individual axis is 2h. For combined axes storage 

the capability per axis decreases. The worst condition occurs when 

two axes need equal stdrage and the third axis needs no storage; i. e. , 

Hx = 0 and Hy = H7 = H. For this condition 

H = -Z1h. 

For 100 ft-lbf-sec momentum storage capability required in 

each axis, we get 

h = - 70 ft-lbf-sec. 
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The weight of a single gimbled CMG having 70 ft-lbf-sec 

momentum is 40 Ibm. The power required is 12 watts average and 

60 watts peak (Refs. A-Z and A-3). For a system of three CMs 

the total weight is 120 ibm, and the power requirement is 36 watts 

average and 150 watts peak. 

Three Two-Degree-of-Freedom Gyros 

Figure A-78 shows the arrangement of these gyros. Each 

gyro has two gimbals, an inner gimbal and an outer gimbal. The 

advantage of using two gimbals on a gyro is that it allows the momen

turn vector to be oriented in any direction. The maximum momentum 

possible in the system is obtained when all CMG momentum vectors are 

parallel. This maximum momentum is equal to three times the momen

tum of one gyro for three equal size gyros; and this maximum momen

tum vector can be directed along any axis. Thus this arrangement of 

gyros has a spherical momentum envelope and 100 percent momentum 

utilization. The other advantage of this sytem is redundancy because 

of 	the extra degree of freedom. 

The disadvantages of this arrangement are: 

* 	 The output torque is limited to the capability of the 
gimbal torquer 

* 	 Without a special control law this arrangement can 
have inner gimbal lock at low momentum level 

* 	 For certain momenta orientations this arrangement 
can result in a hang up. In otherwords torque cannot be 

delivered in the desired direction without excessive cross 
coupling. This occurs when the momenta of the CMGs 
lie parallel or antiparallel to the direction of the com
manded momenta.. 
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FIGURE A-78. 	THREE TWO-DEGREE-OF-FREEDOM (DOUBLE GIMBALLED)
 
GYROS
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The momentum of each gyro required for three equal size 

gyros is 100/3 = 34 ft-lbf-sec or about 40 ft-lbf-sec. The weight 

and power required for one gyro are 

* Weight = 	 40-lbm 

* 	 Power 10 watts (average)
 
50 watts (peak).
 

The total system weight is ther'efore 120 ibm and the total power 

requirement is 30 watts (average) and 150 watts (peak) (Refs. A-2, 

A-3). 

Four Single-	 Gimbal- Gyros 

The arrangement of these gyros is shown in Figure A-79. The 

gimbal axes of four gyros lie in the x-z plane. The angular momentum 

vectors of CMGiNo. 1 and CMG No. 3 (as marked in Figure A-79) point 

in the y direction when gimbal angles a1 and ar3 are zero. These gimbal 

angles are measured from the y axis. The positive directions of a, 

and C3 are as indicated in Figure A-79. The angular momentum vectors 

of GMG No. 2 and 0MG No. 4 point in the -y direction when gimbal angles 

,a, and a 4 are zero. The gimbal angles az and a 4 are measured from 

the -y axis. The positive directions of aez and ai are as indicated in 

Figure A-79. 

Figure A-80 shows the. path of motion for the angular momentum 

vectors of the four CMOs. The angular momentum components in the 

x, y, and z axes can be written from inspection of Figure A-80: 

Hx -- h [-sin az + sin a 4 ] 

Hy = h [cosa - cos az + cos a 3 - cos a 4 ] 

H z = [sina, - sina 3 ] 
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FIGURE A-79. ARRANGEMENT OF FOUR SINGLE-DEGREE-OF-FREEDOM GYROS
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FIGURE A-80. 	 THE PATH OF MOTION OF THE ANGULAR MOMENTUM VECTORS
 

FOR FOUR CMGs
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The reaction torque acting on the vehicle due to exchange of momen

tum is
 

dx 

d Hy__ 

Ty = - dt = -h [-&, sin a, +az sin a2 - a3 sina 3 + a 4 sina 4 ] 

d Hz 

Tz = - dt = -h [&I cos al - a3 cos a 3 ] (A-Z7) 

Equation A-27 can be expressed in matrix form 

T x 0 -cos az -0 cosa 4 a 

T -h -sin a, sin az -sin a 3 sin a 4 a2 

T z cos al -cos a 3 0 a 3 

a 4 

(A-28) 

C or this configuration a very simple constant gain steering law 

can be used. One form of this steering law for gimbal rate commanded 

control is 

1 1 
a 0 - Txc 

•1 1 

- 0 Tyc (A-29) 

0 - Tzca 3 

10
 
a4 N42 iz0
 

where Txc, Tyc and Tzc are the torques commanded. These are some, 

function of rate and attitude error of the vehicle. From Equations A-28 
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and A-29 the reaction t:"ques applied to the vehicle can be expressed 

as 

T, [coS a2 + coD .] r [-COB a, +cos.] 0 Txc 

Ty sin a, +sin a] [sin a,+sin az sin 0,+asin Oil Y (A-30) 

S0 COB a, + COS a] [cos a1 4- co 3] T 

For a, = a2 = a 3 = a 4 = 45-degrees, the matrix of Equation A-30 

reduces to an indentity matrix and therefore there is no cross coupling 

for this condition. As disturbance torque acts, the gimbal angles will 

change and then the above matrix will be cross-coupled. For gimbal 

angles in the vicinity of 45 degrees the amount of cross coupling is 

very small. Therefore all the gimbal angles should be set initially 

at 45 degrees to reduce the matrix of Equation A-26 to an identity 

matrix; this will eliminate cross coupling for the initial (and reference) 

gimbal positions. 

The maximum storage capability, for a gimbal angle range of 

:L60 degrees, occurs along each individual axis as IHxI = IHZI = 

1.73 h and I Hyl = h. For combined axis storage, the capability per 

axis for a gimbal angle range of +E80 degrees, is 1.97 h in either the 

x or z axes and approximately h in the other two axes. Thus the 

minimum storage capability in any axis is greater than or equal to h; 

i.e., 

Hx = Hy = H z 24 h. 

Therefore the value of h required is 100 ft-lbf-sec. 
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The weight of one CMG of 100 ft-lbf-sec momentum capability 

is 45 ibm. The power required by one CMG is 13 watts (average 

and 52 watts (peak) (Refs. A-2, A-3). For a system of four CMGs 

the total weight is then 180 ibm and the power required is 52 watts 

(average) and 208 watts (peak). 
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