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ABS TRACT

This report is the first in a series which will describe the technical progress in the inves-

tigation of the feasibility of a solar array panel subsystem which will produce 10, 000 watts

of electrical output at 1 A. U. with an overall beginning-of-life power-to-weight ratio of at

least 110 watt/kg. This ultra-lightweight solar array system shall be applied to three

generic mission types: (1) interplanetary, (2) geosynchronous, and (3) manned space station.

The requirements of each of these missions, as they pertain to the solar array, are pre-

sented in this report. A review of existing lightweight solar array system concepts is pre-

sented along with conclusions regarding the applicability of this technology to the feasibility

of the ultra-lighweight solar array system. Several new system concepts are included for

further evaluation. The existing technology base, as it pertains to solar cells, solar cell

covers, interconnects and substrates, and deployable booms, is reviewed. A discussion of

the attitude control of spacecraft with large flexible solar arrays is also included.
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SECTION 1

INTRODUCTION AND SUMMARY

A program to study the feasibility of a 10, 000 watt solar array panel system with an overall

power-to-weight* ratio of better than 110 watts/kg was initiated on May 5, 1972. This panel

system would be one element of a multipanel solar array system on space vehicles for inter-

planetary, synchronous earth orbit, or manned space station missions. This ultralightweight

solar array will require improvements in both the solar cell blanket unit weight and in the

elements associated with the deployment and stowage structure. The power-to-weight ratio

is interpreted to be the delivered beginning-of-life maximum power output at 1 AU divided

by the total system weight which includes all elements of the deployment and support structure

and mechanisms, but not the gimbaling or orientation related equipment. Thus, for the

specified power output of 10, 000 watts at 1 AU, the total panel system weight must be less

than 90. 9 kg. The design constraints related to each of the three missions will be investigated.

The program has been organized into the following tasks:

Task No. Task Title

1000 Design Requirements Definition and Analysis

2000 Investigation of Existing Array Technology

3000 Feasibility of Extending Existing Array
Concepts to 110 Watts/kg

4000 Definition and Analysis of Improved
Configurations

5000 State-of-the-Art Analysis, Projection and
Advances

*Throughout this report, the term "weight" is used as a synonym for the term "mass."

_ , X]
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In Task 1000 the design requirements for each of the three missions will be investigated.

Initially a set of design requirements will be generated to provide guidance to the design

and analysis process. The mission design requirements which constrain the designs will

be identified and their influence on panel performance determined.

Tasks 2000 and 3000 are an investigation of the use of existing concepts, configuration and

technology to meet the design requirements. It is planned to modify and combine the best

features of present concepts and configurations into candidate configurations and analyze

their performance with respect to the mission requirements.

Task 4000 involves the synthesis of advanced concepts and configurations to meet the system

requirements. The distinction between advanced concepts and modification of existing con-

cepts is not distinct and no particular attempt will be made in the study to sharpen the dis-

tinction since the categorization is primarily for convenience.

Task 5000 consists of two major parts. One is concerned with the analysis and definition

of the state-of-the-art with respect to the design of the candidate configurations. It is a goal

of the study to base the design of the system upon component or device performance which

has been at least demonstrated in the laboratory. For example, it is planned to base the per-

formance analysis on solar cell performance data, albeit a limited number of samples, rather

than on a projection of the state-of-the-art for solar cell performance at some future date.

With this approach there is high confidence in achieving predicted system performance. The

second part of this task is to assess the relation of the state-of-the-art:with the performance

objectives, identify needed advances in the state-of-the-art to achieve the performance goals,

and assess the performance payoff that results from state-of-the-art advances. Approxi-

mately a 5 year program is involved in reaching the point of committing this technology to

a flight hardware program. This 5 year time period includes a one year feasibility study,

one year for concept development, and one year for engineering design and development

testing. The remainder of the time is involved with evaluation and planning periods between

these discrete program elements.

1-2



The basic requirements for the interplanetary mission are defined in JPL Specification

ES506080B which is included as Appendix A of this report. The requirements for the other

two missions were derived and are presented in Section 2. 1 of this report. In general, the

solar array system designs required for the interplanetary and geosynchronous missions will

be very similar, if not identical. However, the manned space station mission application

places requirements on the solar array system which are considerably different from the other

two missions. For example, maneuver and docking loads may require greater solar array

rigidity. For this mission, the requirement for complete or partial in-orbit retraction capa-

bility must be inferred from the overall mission requirements.

The effort during the first quarter of this contract has been concentrated in the definition of

the design requirements for the three mission types, the evaluation of existing lightweight

solar array system concepts, the detailed review of the component technology base, and the

parametric analyses of the solar cell blanket and bus strip distribution network. A discussion

of the selection of a minimum natural frequency of 0. 04 Hz for the deployed panel with respect

to the integration of a large lightweight solar array into a spacecraft is included.

1-3/4
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SECTION 2

TECHNICAL DISCUSSION

2.1 DESIGN REQUIREMENTS

2.1.1 GENERAL

The basic design requirements for the 110 Watt per kilogram Solar Array Feasibility Study

are given in JPL Specification ES506080 Revision B which is included as Appendix A of this

report. The specification pertains to the interplanetary mission application. The require-

ments for the other two mission types, viz, geosynchronous and manned space station, are

to be derived as a task under this contract. Table 1 lists the assumed orbital parameters

for each of these mission types.

Table 1. Mission Orbital Parameters

In the following paragraphs, the requirements for each mission type, as they pertain to the

solar array system, are presented. These requirements are not intended to place undue

restrictions on the solar array system design, but only to act as a guide in the formulation

of a design approach for each mission application. Where any design requirement is found

to restrict a potentially attractive design approach, this requirement will be reviewed to

determine its impact on the ability to achieve the 110 watt/kg goal. For example, in the

case of the manned space station mission, if the specified deployed loads are found to im-

pose structural weight penalties on the solar array system which make the 110 watt/kg goal

unachieveable, then these loads will be treated as a parameter in determining the affect on

total system power-to-weight ratio. The intent is to develop high performance design

2-1

Orbit Orbit
Mission Type Attitude (km) Inclination (deg)

Interplanetary ------

Geosynchronous 35,700 0

Manned Space Station 500 55



concepts which are viable candidates for future missions of the three types being investi-

gated. The design requirements will be representative rather than specific as a detailed

design optimization cycle would be a part of any flight hardware application.

2.1.2 INTERPLANETARY MISSION

The significant requirements for this mission, as reflected by JPL Specification ES506080

Revision B, have been summarized in Table 2. During the course of review of these design

requirements, sections of the JPL specification which need change or further clarification

have been identified. These are listed and discussed below.

The solar panel lifetime, as stated in Section 3. 2. 3 of the specification, is three years

with no greater than a 20 percent loss of power over this period. The effect of this require-

ment on the solar cell blanket was investigated and is reported in Section 2. 5 of this report.

The general conclusion regarding this 20 percent maximum degradation restriction is that

it imposes shielding requirements which result in a total blanket weight which is too high in

relationship to the total system power-to-weight ratio goal. For a nominal 125 ,m thick,

10 ohm-cm solar cell, a blanket weight of approximately 66. 6 kg (73 percent of the total

system weight goal) is required to provide the necessary shielding. For similar 2 ohm-cm

cells, the necessary shielding is increased so that a total blanket weight of approximately

71.7 kg (79 percent of the total system weight goal) is required to limit the solar cell radi-

ation degradation to 20 percent.

Thus, unless it is necessary to restrict the allowable maximum power degradation, it would

be advantageous from a weight standpoint to allow a greater percentage loss over the 3-year

mission duration. The parametric analysis of the solar cell blanket, contained in Section

2. 5, shows that an allowable maximum power degradation, due to particle radiation damage

to the solar cells, of about 28 percent will allow the use of either 100 or 125 ,m thick, 10

ohm-cm solar cells with a minimum front and back shield of 0. 008 gm/cm . The total

blanket weight under these conditions is 48. 2 and 50.2 kg for 100 and 125 Am solar cell

thicknesses, respectively. These blanket weights represent 53 and 55 percent of the total

system weight goal, respectively. Thus, a total degradation of 30 percent will permit an

2-2



Table 2. Summary of Design Requirements for the Interplanetary Mission
from JPL Specification ES506080B

Specification
Paragraph Number Title Definition of Requirement

Power requirement

Lifetime

Solar panel operating
temperature

Solar panel weight

Packaging volume envelope

Structural interfaces

Structural rigidity

Mass center location

Flatness

Launch environment

Sinusoidal vibration

Acoustic

* 10 kW at spacecraft interface at 1 AU and at the
predicted solar array temperature

* 3 years with no greater than a 20-percent loss of power

* Maintain cell temperature between 50 and 700C at 1 AU

* Power-to-weight ratio > 110 watt/kg at 1 AU
* Weight not to include panel gimbaling mechanisms

* Maximize adaptability to various spacecraft configurations
* Assume Titan-Centaur launch vehicle with 907 kg space-

craft which uses two 10 kW solar panels

* Ease of gimbaling is important
* Consider requirements imposed on spacecraft structure

* Deployed natural frequency - 0. 04 Hz

* Minimize displacement of vehicle mass center and center
of solar pressure caused by thermal gradients and solar
panel temperatures

* Maximum out-of-plane deflection + 10 degrees including
that caused by thermal gradients when operating from 0. 5
to 5.0 AU

20.0r

6 10.0

S
63
9.
_~ 4.0

3.33.3LI

205

0. 118 MM D.A.

130

SWEEP RATE=2 OCT/MIN

100

FREQUENCY (HZ)

· At interface between solar panel assembly and the space-
craft in each of three axes

1S~4in 1/33 Octave r ndl

(IH) (dbt r2 . 10' dyne./cm I

o0 132.5

100 136.0

UZS 338.0

0 I 140. 0
200 142.0

250 42. S

00 14 32. o
5004 I34.5

630 140.0

3000 136.0

3l50 135.0

1600 133.0

2000 132.0

2500 130.0

3150 i28. S

4000 27.0
5000 IZ.s S

6300 124.0

8000 322. 
10.000 120.0
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3.2.2

3.2.3

3.2.4

3.2.5

3.2.6

3.2.7

3.2.8

3.2.9

3.2.10

3.3.2

3.3.2.1

3.3.2.2



Table 2. Summary of Design Requirements for the Interplanetary Mission
from JPL Specification ES506080B (Cont'd)

Specification
Paragraph Number Title Definition of Requirement

Static acceleration

Launch pressure profile

Aerodynamic heating

Space flight environment

Steady state thermal/vacuum

Thermal shock

Solar flare proton radiation

Pyrotechnic shock

. I 0.2 0.3 0.4 0.3 0.6 \ ovESmoH
LIMITED

-TI -MSEC THE PEAK

-____________________L a nuuu nr~
* 9 g's at mass center in three mutually perpendicular axes

* Maximum rate of change at pressure = 116 + 8 torr/sec

* +300 C/minutes for 200 seconds

* -130 to +1400C at 10-5 torr or less

* -190 to +1400 C at 10' 5 torr or less
* Natural cooling and heating rates
* 1000 cycles

* Withstand shock environment from firing any pyrotechnic
device on the assembly

3.3.2.3 Shock

3.3.2.4

3.3.2.5

3.3.2.6

3.3.3

3.3.3. 1

3.3.3.2

3.3.3.3

3.3.3.4

Proton Energy-E Total Fluence
(MeV) O>E (p/cm2 )

1 2.0 x 1012

10 4.0x 1010

30 9.0 x 109

100 1.0 x 109

2-4
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additional 3 percent allowance for other degradation sources such as ultraviolet and particle

radiation damage to the coverglass material and thermal cycling induced damage. A lighter

weight 10, 000 watt array could be achieved by the use of higher efficiency 2 ohm-cm cells,

but the degradation would be increased to about 37 percent for the same 0.008 gm/cm2 of

front and back shielding.

Another philosophy which might be used in place of the specified beginning-of-life power

and allowable degradation constraints is a specified end-of-mission power output with no

restrictions on beginning-of-life power.

Section 3. 3. 3 specifies that the space flight environments are applicable for both the stowed

and deployed configurations. However, it may not be realistic to expect the stowed solar

array to withstand the specified thermal shock environment.

2.1.3 GEOSYNCHRONOUS MISSION

2. 1. 3. 1 Power Output Requirement

The solar panel shall have a beginning-of-life output power of 10, 000 watts, measured at

the panel interface, when corrected for normal solar incidence at the nominal intensity of

135.3 mw/cm 2 . Figure I shows the variation in earth-sun distance, apparent solar decli-

nation and eclipse duration for a geosynchronous orbit. It will be assumed that the solar

array is oriented by rotation about an axis parallel to the earth's N-S axis. Therefore, the

declination of the sun is reflected as an angle of incidence on the solar array surface. This

angle reaches a maximum of about 23.5 degrees at the solstice times of year. If the solar

array drive axis is not parallel to the earth's N-S axis by some pointing error, this angular

error must be added to the angle of incidence due to the solar declination.

2. 1. 3. 2 Mission Lifetime

The solar panel shall be designed to perform over a period of five years with no failures

which would prevent the panel from performing successfully in both mechanical and electri-

cal modes. The degradation in solar array maximum power output shall not exceed 32 per-

cent over this period.
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2. 1. 3. 3 Thermal Shock Environment

The thermal shock environment is essentially the same as specified in Appendix A for the

interplanetary mission except that the upper temperature limit of +1400 C is higher than re-

quired for this application. An upper limit of +700 C might be more reasonable as a test

extreme in this application.

2. 1.3.4 Quasi-Static Loads

Based on ATS F/G data, it is expected that the station keeping thrusters will produce

vehicle accelerations of 10 g. The attitude control thrusters could produce vehicle angu-

lar accelerations of about 0.0143 deg/sec2 .

2. 1. 3.5 Particle Radiation Environment

The particle radiation environment in geosynchronous orbit is similar to interplanetary

space except for the addition of trapped electron and proton radiation. The interplanetary

space components consist of galactic cosmic radiation, solar wind, and solar flare particle

events. Galactic cosmic radiation consists of low intensity, extremely high-energy charged

particles which are about 85 percent protons, 13 percent alphas, and the remainder heavier

nuclei. These particles have energies from 108 to 1019 electron volts (eV) per particle and
2

an intensity of 0.2 to 0.4 particles per cm per steradian per sec outside the influence of

the earth's magnetic field (Reference 1). The solar wind consists of very low energy protons

and electrons that are continually emitted by the sun. The mean velocity of the solar wind

at a distance of approximately 1.0 AU is 450 to 500 km/sec. The solar particle events are

the emission of charged particles from distributed regions on the sun during solar flares.

These events are composed of energetic protons and alpha particles that occur sporadically

and last for several days.

The solar flare proton energy spectra for the five-year duration geosynchronous mission is

assumed to be the same as that specified for the three-year duration interplanetary mission.

This energy spectra is given in JPL Specification ES506080B and is shown graphically in

Figure 2. In comparison with this solar flare proton spectra, the other constituents of the

interplanetary particle environment have only a negligible effect on solar cell bulk damage.

2-7



1013

The time-averaged trapped electron envi-

ronment from Reference 2 is shown graph-

ically in Figure 3. The trapped proton 1002

environment, shown in Figure 4, is de-

rived from Reference 3 which is extrapo- 1

lated from the AP5 model.

The radiation environment during the 010o

transfer orbit is assumed to have a negli-

gible effect on solar cell degradation.
10l

2.1.4 MANNED SPACE STATION
MISSION1 

O. 1. 10. 100.

Ep(MeV)

2. 1.4. 1 Power Output Requirement Figure 2. Solar Flare Omnidirectional
The solar panel shall have a beginning-of- Proton Integral Energy Spectra for

Interplanetary and Geosynchronouslife output power of 10, 000 watts, mea- Interplanetary and Geosynchronous
Missions

sured at the panel interface, under con-

ditions of normal incidence at the nominal intensity (135.3 mW/cm2), and at the subsolar

point with a p angle of zero degrees (where 3 is defined as the smallest angle between the

orbit plane and the sun line).

2. 1.4.2 Mission Lifetime

The solar panel shall be designed to perform over a period of 10 years with no failures

which would prevent the panel from performing successfully in both mechanical and electri-

cal modes. The degradation in maximum power over this period shall not exceed 20 per-

cent. The solar array shall be designed to permit the in-orbit replacement of the complete

panel.
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2. 1.4.3 Thermal Shock Environment

The thermal shock temperature extremes on the deployed solar array shall be considered to

be -910 C to +80 0 C at a pressure of 10- 5 torr or less. The temperature time rates of change

during thermal shock shall be at the natural cooling rate of the solar panel in a simulated

passage through the earth's shadow, and at the natural heating rate of the solar panel in a

normally incident solar flux environment. The heat rates for this mission are given in Fig-

ure 5 for the p = 0 orbit case. The total thermal shock environment shall consist of 60, 000

complete cooling and heating cycles.

2. 1.4.4 Quasi-static Loads

During the loads analyses, consideration shall be given to loads induced by the solar panel's

elastic and rigid body response to the following excitations which were obtained from Ref-

erences 4 and 5:

Due to docking: 0.035 g's for 0.3 seconds in any of three perpendicular axes.

-4
Due to manuevers: 7 x 10 g's for 3 seconds in any of three perpendicular axes.

Due to array orientation: 0.137 deg/sec
2

for 2 seconds about each solar array
orientation drive axes.

The aerodynamic drag force on a 100 m surface area which is normal to the velocity vector

is shown in Figure 6. The effects of this uniformity distributed force should be checked by

analysis.

The solar array shall not be required to sustain loading due to an artificial G mode of oper-

ation. In the stowed configuration, the static acceleration environment shall be 5 g's at the

approximate center of mass of the solar panel. This environment shall be considered equal

for each of three mutually perpendicular axes.

2. 1.4.5 Packaging Volume Envelope

The volume and shape of the shuttle cargo compartment available to the solar array panels

(2 required) is a cylinder 4.27 m in diameter by 11. 6 m long.
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2. 1.4.6 Particle Radiation Environment

The trapped proton environment is of primary importance for this mission. Figure 7 shows

the trapped proton omnidirectional integral energy spectra for an orbit which is conservatively

close to the one of interest. These spectra are based on environment models developed by

Vette and his collaborators and reported in References 6, 7 and 8. These models which

cover the proton energy (Ep) ranges of interest are:

AP5 (0.4 < E < 4 MeV)

AP6 (4<E < 30 MeV)
p

AP7 (Ep > 50 MeV)

Figure 8 shows the omnidirectional integral energy spectra for the trapped electrons in this

same orbit based on data from Reference 9 for the projected 1968 electron environment.

The solar flare proton environment in the 500 km, 55 degree inclination orbit is shown in

Figure 9 based on data from Reference 10. This environment represents an integration of

all particle events observed over the six peak years of the 19th solar cycle. It has been re-

duced from the free space spectra to account for the shielding of the geomagnetic field. For

the mission duration of 10 years, it is assumed that this spectra, based on solar cycle 19,

is applicable with no further modification and can be combined with the corresponding quan-

tities for the trapped radiation environment to arrive at the worst case particle environment.

2.1. 5 COMPARISON OF REQUIREMENTS

Table 3 summarizes the significant design requirements for the three mission applications.

These requirements on the solar array system design are similar for the interplanetary and

geosynchronous missions, but a vast difference exists with the manned space station mission.

Generally speaking, the manned space station mission imposes more severe requirements

on the solar array design. The deployed array loads induced by maneuvers and dockings

are much greater than the loads which occur due to thruster firings on the other two missions.

The other significant difference is in the thermal shock requirement. Both the interplanetary
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Table 3. Comparison of Key Design Requirements

* Analysis has shown that this value should be increased to about 30 percent to allow the use of lightly shielded
10 ohm-cm cells (see Section 2. 5)
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Definition of Requirement
Design

Requirement Manned
Interplanetary Geosynchronous Space Station

Mission Mission Mission

Power Output 10 kW at beginning-of-life and at 1 AU

Lifetime 3 years with loss 5 years with loss 10 years with loss
of power _ 20%* of power _ 32% of power _ 20%

Particle Radiation Solar flare protons Solar flare protons Solar flare protons
Environment per Figure 2 per Figure 2. per Figure 9.

Trapped electrons per Trapped electrons per
Figure 3. Figure 8.
Trapped protons per Trapped protons per
Figure 4. Figure 7.

Quasi-Static Load Not specified 10 g's 0. 035 g's for 0.3 see
(Deployed configura- 0.0143 deg/sec2 7 x 10-4 g's for 3 sec
tion) 0. 137 deg/sec2 for

2 sec

Launch Dynamic Loads As specified in JPL Specification ES506080B
(stowed configuration) Assumed to be the same for all mission applications

Static Launch Accelera- 9 g's 9 g's 5 g's
tion (stowed configuration)

Thermal Vacuum/Thermal -190 to +140 0 C -190 to +70 C -91°C to +80 0 C
Shock Environment 1000 cycles 1000 cycles 60, 000 cycles

Structural Rigidity f ,a 0. 04 Hz fn - 0. 04 Hz fn 2 0. 04 Hz or as
(deployed configuration) determined by de-

ployed loads.



and geosynchronous missions require a relatively few number of cycles over a wide temp-

erature range while the low orbiting manned space station application, with its 10-year

duration, requires approximately 60, 000 cycles over a lesser temperature range.

The detailed requirements for the solar array interface with the spacecraft are not speci-

fied. Such details are impossible to define for a general feasibility study of this type. How-

ever, it is necessary to establish a set of constraints which will determine the philosophy

to be used in the definition of the structure required to support the solar array system in the

stowed configuration. These constraints, as defined below, will be applied to all mission

applications:

1. The solar array system shall be adaptable to a gimballing system which will
provide solar orientation.

2. In the stowed configuration, the solar array system will be attached to the
spacecraft at a relatively few hardpoint locations rather than by a distributed
load attachment.

3. The primary load path for the stowed system will be at the center of the solar
array. This will also be the only attachment to the gimbailing system in the
deployed configuration.

4. The hardpoints of the mounting surface will be assumed to be in a common
plane as shown in Figure 10.

\ CENTRAL GIMBAL
HARDPOINT

SECONDARY
SUPPORT POINTS

Figure 10. Assumed Spacecraft/Solar Array Interface for All Mission Applications
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2.2 EXISTING SOLAR ARRAY SYSTEM CONCEPTS

2.2.1 GENERAL

A number of lightweight solar array system concepts have been developed to the extent that

working models have been built and subjected to environmental and functional performance

testing. One such system has been flown as an experiment. In this section, each of these

systems will be described. No attempt is made to describe all previously proposed light-

weight solar array systems since some configurations are similar to existing developed con-

cepts and do not offer any particular advantage from a power-to-weight ratio standpoint.

In general, these existing concepts can be categorized as shown in Table 4.

Table 4. Existing Lightweight Solar Array Types

Solar Array Type Existing Solar Array Concepts

1. Roll-up

a. Single boom, two blanket GE/JPL 30 watt/lb

b. Two boom, single blanket Hughes/AF

2. Flat-pack RAE

CTS

Lockheed Space Station

3. "Rigid" Folding Panel Boeing/JPL

EOS Hollowcore

2.2.2 GE/JPL 30 WATT/LB ROLL-UP SOLAR ARRAY

This roll-up solar array, shown in Figure 11, and referred to as the RA250, was designed,

fabricated and tested by the General Electric Company under contract to JPL (Contract Nos.

951970 and 952314). This array provides 23. 2 m2 of deployed solar cell module area which

is stored on cylindrical drums during launch (see Reference 11). These storage drums are
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CENTER SUPPORT

+Y¥ / /
OUTBOARD END SUPPORT

LEADING EDGE MEMBER

SUN

Figure 11. GE/JPL 30 Watt/lb Roll-up Solar Array

mounted on a center support structure. Each drum has a bearing system, a slip ring assembly

for the transfer of power and signals, and a Negator spring motor that provides a constant ten-

sion in the solar array blanket. A BI-STEM deployable boom is mounted on the center support

and is attached to a leading edge member. The solar array blankets consist of an interconnected

assembly of 55,176, 180 Im thick, 2 x 2 cm solar cells mounted on a flexible Kapton-H film

substrate. A blanket is rolled onto each drum, with the outboard edge attached to the leading

edge member. The system is deployed by extending the boom. The deployed boom and the

leading edge member comprise the primary structure. Each blanket is under tension from the

Negator springs. Outboard end supports are provided in the launch configuration and are pryo-

technically released before deployment. The total system weight, including all the structural

weight associated with stowage and deployment, is 37.4 kg. Using a specified unit electrical

output of 107.6 watt/m
2
, the system power-to-weight ratio is 66. 8 watt/kg. The total blanket

weight-to-area ratio is 0. 91 kg/m2 of module area.
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2.2.3 HUGHES/AF ROLL-UP SOLAR ARRAY

The roll-up array developed by Hughes Aircraft Company under Air Force Contract F33615-68-

C-1676, is shown in Figure 12. This system was launched as a flight experiment on October

17, 1971, and the array itself has performed satisfactorily in-orbit since that time (References

12 and 13). This system uses two solar cell blankets which are rolled-up on a single storage

drum. An embrossed 50 pm thick Kapton cushion protects the solar cells in the launch stowed

configuration. During extension, this cushion is rolled-up on an auxiliary take-up roller. The

two flexible substrates, which are a laminate of Kapton-H film and fiberglass, are mounted with

a total of 34,500 180 pm thick, 2 x 2 cm, 2 ohm-cm cells which are covered with 150 pm thick

Microsheet. The solar cell blankets are deployed from the common drum by a pair of extendible

boom actuator units. Each unit houses two 2.18 cm diameter BI-STEM booms. The total solar

array system weight is given as 32. 0 kg with 15. 8 kg of this associated with the flexible blankets.

2.2.4 RAE FLAT-PACK SOLAR ARRAY

This lightweight solar array concept, shown in Figure 13, is presently under development at

the Royal Aircraft Establishment (see References 14 and 15). This design employs flexible

SPREADER BAPR

BOOM

PANEL

CUSHION TAKE-UP
/ ROLLER

ORIENTATION MECHANISM
MOUNTING BRACKET

EXTENDIBLE
BOOM ACTUATOR

STORAGE DRUM

BOOM LENGTH
COMPENSATOR

Figure 12. Hughes/AF Roll-up Solar Array
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Patch of 2cm x 2cm x 125pm
silicon solar cells

20 in series 3 in parallel

Stowage
compartment

Outboard stowage plate

Gas inlet
valve

25p m Kapton
interleaves

Figure 13. RAE Flat-pack Solar Array

substrates which are folded, accordion fashion, for stowage during launch. The Kapton-H film

substrates are mounted with a total of 7440, 125 Am thick, 2 x 2 cm, 10 ohm-cm, bottom wrap-

around contact Ferranti cells which are covered with PPE, 100 Am thick, ceria stabilized glass.

The solar array is deployed pneumatically through a six section, aluminum telescopic mast.

Each section is mechanically latched when fully deployed. Aluminum honeycomb cross members

are attached to the tube sections to function as support for the array blanket segments. The

total system weight for this model is 5. 35 kg. The beginning-of-life power-to-weight ratio is

280/5. 35 = 52.4 watt/kg. The solar cell blankets weighed a total of 2.28 kg which yields a

unit blanket weight of 0. 634 kg/m 2 of total blanket area.

2.2.5 LOCKHEED SPACE STATION SOLAR ARRAY

A solar array system for manned space station application is being developed by Lockheed under

contract to MSC (Contract No. NAS9-11039). This system, shown in Figure 14, consists of two

array wings per station (Reference 4). A total of 470, 000 solar cells are mounted on ten strip

2-20



assemblies per wing. Each strip consists of 42 modules each with 1, 120 solar cells. These

cells are 2 x 4 cm, bottom wraparound contact configuration with a base resistivity of 2 ohm-

cm and a thickness of 300 tzm. The cells are covered with 300 Aim thick fused silica with no

blue-reflecting filter. The solar cell copper interconnectors are integral with the substrate

and are sandwiched between layers of Kapton-H film with FEP-Teflon used as an adhesive.

The solar array strips on a wing are deployed by a single articulated lattice boom which is

manufactured by Astro Research Corporation. Each of these strips is stowed by folding it on

itself, in flat-pack fashion, within a container which is mounted on the inboard support as-

sembly as shown in Figure 14.

The structural capability of this system is based on an artificial "g" requirement which im-

poses severe quasi-static loads on the deployed array structure. This requirement has a

major influence on the total system weight which is 1341 kg for one wing.

2.2.6 CTS FLAT-PACK SOLAR ARRAY

A flat-pack solar array is presently under development for the Communications Technology

Satellite (CTS). This solar array, shown in Figure 15, consists of a single blanket which is

deployed by a single 3.5 cm diameter BI-STEM boom (Reference 16). The boom is located

behind and on the shadowed side of the blanket. Each blanket is 6.2 m long by 1. 295 m wide

and is mounted with 13,125 200 gim thick, 2 ohm-cm, 2 x 2 cm cells which are covered with

100 /Im thick ceria-stabilized coverglass. A welded interconnection system is utilized and

the solar cell modules are mounted on a Kapton-H film substrate. Each blanket is subdivided

into 27 active and 3 blank panels which are folded accordion fashion in the packaged configura-

tion. The total system weight is given as 25. 29 kg for one of the solar panels. This weight

includes the slip rings and orientation drive mechanism associated with one of the panels. The

weight of the BI-STEM boom and deployer is 4.08 kg and the weight of each flexible blanket is

6. 80 kg.

2.2.7 BOEING/JPL FOLDING PANEL SOLAR ARRAY

The lightweight folding panel solar array shown in Figure 16 was developed by the Boeing

Company under contract to JPL (Contract Nos. 951653 and 951934). This solar array panel
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consists of 13 panels connected by hinges and locked in a common plane when fully deployed

(Reference 17). Each subpanel consists of a pretensioned fiberglass tape substrate which is

sandwiched between beryllium frames. The solar cell modules, which utilize 180 Am thick,

2 ohm-cm, 2 x2 cm cells with 75 jim thick Microsheet coverglass, are mounted directly to

the stretched fiberglass tape substrate. A total of 256,592 cells are mounted on each panel.

The total weight of the panel is 244 kg.

2.2.8 EOS HOLLOWCORE FOLDING PANEL SOLAR ARRAY

This lightweight "rigid" panel concept, shown in Figure 17, was developed by Electro-Optical

Systems (EOS) under NASA Contract NAS7-428 (Reference 18). This design employs an elec-

troformed biconvex aluminum hollowcore substrate which is supported in a tubular beryllium

frame. The substrate is formed into the surface of a spherical segment with a radius of

414. 66 cm. A total of 5040, 100 jm thick, 2 x 2 cm solar cells with 25 pm integral covers

are bonded to an intermediate layer of 25 jim thick Kapton-H film. The total panel weight is

given as 2.330 kg with 1.435 kg of this associated with the solar cell stack and supporting

substrate.

2.2.9 COMPARISON OF EXISTING CONCEPTS

A comparison of these existing lightweight solar array concepts is presented in Table 5. For

each system, the total solar cell area per panel is given in Column 4 of the table. This area

is computed by multiplying the total number of solar cells by 4 x 10 - 4 m2 for 2 x 2 cm cells

(or 8 x 10- 4 m
2

for 2 x 4 cm cells). A range of over two orders of magnitude in size is re-

flected by areas which range from the RAE flat-pack at 2.98 m2 to the Lockheed Space Station

at 376.3 m . The lowest deployed natural frequency of the solar array system is given in

Column 5. For a given system area, a reduction in the deployed natural frequency require-

ment will result in lower total system weight. The total system weight is given in Column 6.

Note that, for the CTS array, the weight includes the orientation drive which can not be sep-

arated out to yield the weight of the solar array. The weight of the EOS Hollowcore concept

does not include the weight required for stowage and deployment of a multiple panel system.

Column 7 of the table gives the total weight per unit area of the system. These total weight-to-

area ratios range from 1.279 kg/m2 for the large RAE flat-pack to 3.570 kg/m2 for the Lockheed
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space station solar array. Note that the CTS array and the EOS Hollowcore have been dis-

regarded because of the uncertainties associated with the weight numbers. In the remaining

weight-to-area ratio columns, the total system weight has been broken down into the contri-

bution due to the flexible blankets and the structure. Where possible, this structural weight

has been further divided into the weight associated with: (1) deployment and deployed array

support structure and mechanisms, and (2) stowage structure and mechanisms. For example,

with the GE/JPL 30 watt/lb roll-up solar array, the total system weight-to-area ratio is 1. 696

kg/m2 which is further divided into 0. 958 kg/m2 for the flexible blankets and 0. 738 kg/m2 for

all associated structure. This total structural weight can be further broken down into 0. 258

kg/m2 for deployment and deployed array support structures and mechanisms and 0. 480 kg/m2

for structure associated with stowage. The BI-STEM boom and actuator along with the leading

edge member are considered as deployment related structures while the storage drums, center

support and outboard end supports are considered part of the stowage related structure. This

division of structural weight applies fairly well for the flexible substrate solar arrays, but can-

not be applied to the "rigid" folding panel configurations since it is difficult to allocate struc-

tural weight between stowage and deployment functions.

2.3 ADVANCED SOLAR ARRAY SYSTEM CONCEPTS

2.3.1 GENERAL

Two advanced solar array system concepts have been identified as potentially attractive from

a power-to-weight ratio standpoint. In general, these concepts are based on previously re-

ported, but undeveloped, structural concepts which show promise in the quest for lighter weight

systems.

2.3.2 SCHEEL CIRCULAR SOLAR ARRAY

The first of these advanced concepts is the circular array reported by Scheel in Reference 20.

This concept, shown pictorially in Figure 18, uses a novel method of packaging a circular sheet

around the outer surface of a cylindrical body. Elastic rims, which are attached to the main

folds of the array and wrapped up with the blanket in the stowed configuration, must be provided

to support the deployed array on a non-spinning spacecraft. These supporting ribs are signifi-

cantly shorter than the supporting boom(s) of a rectangular flexible array of the same area.
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For a given area and minimum deployed natural frequency requirement, the circular array

may allow a reduced structural weight when compared to a rectangular configuration flexible

array.

2.3.3 WIRE STIFFENED BOOM SOLAR ARRAY

This solar array concept is based on a method for stiffening self-erecting booms which was

developed by D. Lee and J. Schwartz of the General Electric Company in 1967. A demonstra-

tion model of this wire stiffened boom (Space Lee Girder) is shown in Figure 19. The Space

Lee Girder consists of four longitudinal wires, two orthogonal sets of compression rods, and

interconnecting guy wires. The four longitudinal wires are parallel to the boom and equally

spaced around it. These wires are separated in pairs by two orthogonal sets of compression

rods which are axially constrained to the boom at their mid-points, but which can move longi-

tudinally along the boom. The ends of the rods are interconnected by guy wires to form a truss.

Prior to deployment, the wire lengths are preset and the compression rods are stacked alter-

nately in a crisscross pattern. As the boom is erected, the rods are lifted one by one by the

wires. When fully deployed, the wires are tensioned by the boom to provide added stiffness.

This stiffened boom concept can be adapted to a solar array as shown in Figure 20. In this pro-

posed configuration, the solar cell blankets eliminate the need for two of the longitudinal wires.

One set of compressions rods are in the plane of the blanket and physically part of it. The sec-

ond set of rods are in the plane of the blanket when stowed and rotate normal to the blanket dur-

ing deployment.

The remaining longitudinal wires and one-half of the guy wires have preset lengths; the other

guy wires are slack during stowage to allow one set of compression rods to rotate into the plane

of the blanket. Two slack wires are fastened to the supporting structure at one end, run through

a pulley at the intersection of the boom and leading edge member, and then run through pulleys

at the ends of the rotatable rods. As the boom is deployed, the length of the slack cable is

shortened, causing the compression rods to rotate into position. By selecting a proper ratio of

rod spacing (dimension a) a blanket half-width (dimension w), it is possible to have the rods
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rotate into precise position as the boom erects. For example, when a = 101.6 cm and

w = 180. 34 cm, this precise positioning is achieved. In order to allow for tolerances and to

provide tension, the boom is extended slightly further than nominally required. When stowed,

the blankets could be folded in flat-pack accordion fashion with the boom extended far enough

to engage all rods.

ROTATABLE
COMPRESSION ROD

LEADING EDGE
MEMBER

TYPICAL PULLEY

FOR SLACK WIRE

COMPRESSION ROD
IN BLANKET

Figure 20. Wire Stiffened Boom Supported Solar Array Concept
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2.4 EXISTING COMPONENT TECHNOLOGY BASE

2.4. 1 GENERAL

A review of the existing technology base in the areas of solar cells, solar cell covers, inter-

connects and substrates, and deployable booms was performed during this reporting period

in order to have an early assessment of the present state-of-the-art. This section discusses

each of these areas with particular emphasis on the applicability to this study.

2.4.2 SOLAR CELLS

This feasibility study will be based on the use of N on P silicon solar cells. This is not in-

tended to rule out the potential offered by future developments in solar cell technology. For

example, the recent announcement by IBM regarding an 18-percent efficient gallium arsenide

solar cell (Reference 21) will be considered as a potential for improving the solar array sys-

tem power-to-weight ratio beyond the minimum 110 watt/kg goal. In other words, the feasi-

bility of the 110 watt/kg goal will not be linked to projected improvements in solar cell tech-

nology.

Nominal solar cell thickness from 200 to 100 Mtm were considered as having possible appli-

cation on this program. Two nominal base resistivities, 2 and 10 ohm-cm, were also con-

sidered. In addition to thickness and base resistivity, the solar cells were considered to be

of the basic 2 x 2 cm size with a bottom wraparound contact configuration. The bottom wrap-

around contact configuration, shown in Figure 21, was selected because of the improved

reliability for lightweight solar arrays which results from reduced interconnector stresses.

This was a conclusion reported by Heliotek, in Reference 22, after performing an extensive

study of the stress in conventional Z tab configuration interconnectors. In the bottom wrap-

around contact configuration shown in Figure 21, the N contact is wrapped around the edge

for the full width of the cell.
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Figure 21. Bottom Wraparound Contact Configuration
(from Reference 23)

The width of the N contact on the front is about 100 /m so that increased active area is avail-

able. With this contact geometry, it is possible to make both cell connections with a flat

interconnector instead of the out-of-plane Z tab. This leads to the integration of the inter-

connector pattern with the substrate to provide a weight effective, low stress module configu-

ration.

A cell anti-reflective coating of TiO
x

was selected over the commonly used SiO because of

the demonstrated improvement in covered cell output. The use of a titanium oxide (TiOx)

anti-reflective coating has demonstrated gains of up to 4 percent in short-circuit current of

covered cells when compared to similarly covered cells with SiO anti-reflective coating

(Reference 24). Some of this potential output power improvement is offset by a slight in-

crease in the solar absorptance of the covered TiOx cells which results in an increased in-

space operating temperature when compared to covered SiO cells. The net result is a worth-

while improvement in covered cell output with the TiOx anti-reflective coating.
X
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The electrical performance of solar cells of this type is shown in Figure 22 expressed in

terms of unirradiated covered cell maximum power output as a function of nominal cell

thickness. This baseline performance is intended to reflect the best obtainable minimum

lot average output with an economical yield using 1972 production technology. The maxi-

mum lot average cell weight associated with the nominal thickness is shown on the abscissa

of the curve. The basis for these curves is data from References 14, 15, 23, 25 and 26 for

a 125 gm thick, 10 ohm-cm cell manufactured by Ferranti, Ltd. The design characteristics

of this cell are summarized in Table 6. Figure 23 is the I-V characteristic which represents

the minimum lot average performance of this cell at two operating temperatures, 25 and

55 C. Based on this one performance data point, the curves on Figure 22 were constructed

using normalized data from Reference 27.

Table 6. Design Characteristics of Ferranti 125 /m Thick Solar Cells
(Ferranti Cell Type MS36)

Feature

Thickness

Size

Resistivity

Contact Configuration

Contact Material

Anti-reflective Coating

Minimum Lot Average
Electrical Performance
(covered)

Maximum Lot Average Cell
Weight

Description

125 + 25/ m

20 + 0.15 x 20 + 0.15 mm

7 to 12 ohm-cm
Float zone silicon

Bottom wrap-around
24 finger grid geometry

Plated - nickel, copper, nickel,
gold

TiO
x

123 ma at 0.445 volts

(equivalent AMO, 1 A. U.
illumination at 25 + 20 C)

0. 129 gm/cell
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2.4.3 SOLAR CELL COVERS

The conventional method of protecting the active solar cell surface from the damaging effects

of particle irradiation entails the application of discrete coverglass (either fused silica or

Microsheet) by bonding with a silicone adhesive. Discrete coverglass thicknesses from 75

to 500 Am have been used. A weight of 0.23 kg/m2 of cell area is associated with the appli-

cation of 75 ,um thick Microsheet with a 25 ,m adhesive bond line. This represents approxi-

mately 24 percent of the allowable total system weight and is prohibitively high for this ap-

plication. Two promising approaches are available to provide the coverglass function at

significantly reduced weight. The first of these is the integral glass cover which entails the

direct deposition of glass onto the cell surface. The second method consists of the direct

heat-sealing of FEP-Teflon film to the cell surface.

2.4.3. 1 Integral Coverglass

The deposition of glass onto the active surface of a silicon solar cell without the use of an

intermediate layer of bonding adhesive has been investigated by a number of workers as re-

ported in References 28 through 34. The following methods for deposition of solar cell inte-

gral covers are represented by this work:

1. High Vacuum Ion Beam Sputtering (HVIBS)

2. Electron beam evaporation

3. Radio frequency sputtering

4. Fusion.

The following is a brief discussion of each of these processes with comments concerning

the applicability to the 110 watt/kg solar array feasibility study.

2.4.3. 1. 1 High Vacuum Ion Beam Sputtering (HVIBS)

This method is a proprietary process developed by Ion Physics Corporation, Burlington,

Massachusetts. The development of integral covers using this technique was performed

under contract to Goddard Space Flight Center and is reported in References 30 and 32.
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This process utilizes a focused ion beam propagating through a high vacuum region to sput-

ter from a target onto substrates located in a line-of-sight position relative to the target.

The Ion Physics HVIBS facility consists of a 20 kV, 250 ma argon ion beam impacting upon
2

a target area of roughly 260 cm . The deposition rate with this facility is 1. 2 Am/hr.

Table 7 lists the integral cover materials which were evaluated on this program. Corning

7940 fused silica, deposited by HVIBS, produces a cover with excellent physical and per-

formance characteristics. The only drawback is the high intrinsic stress condition which

is sufficient to cause cell fragility when coating thickness exceeds 50 /im. Figure 24 shows

this stress expressed in terms of cover/cell bow as a function of coating thickness. The

SiO2 /Si3 N4 oxynitride material yielded extreme stress levels which resulted in incidence of

cover delamination. The deposited integral cover was brown in color and exhibited strong

optical absorption. Corning 7740 and 7070 borosilicate glasses, best known as Pyrex, were

selected for their good expansion coefficient match to that of silicon, as shown in Table 8.

Corning 0211 Microsheet was investigated because of its known performance characteristics

as a conventional cover material. The radiation darkening characteristics of 7740 and 0211

are only marginally acceptable, but this property can be improved through the introduction

of CeO2 .

Table 7. Summary of Integral Cover Materials Deposited by HVIBS
(From Reference 32)

2-37

Integral Coating Integral Coating
Material Deposited Stress Physical Quality Optical Quality

7940 fused silica high excellent excellent

SiO2 /Si3N4 very high poor poor

7740 moderate excellent excellent

7740 + CeO2 doping low excellent good

0211 + CeO2 doping very low excellent good

7070 low initially fair/ excellent
improved to
excellent



Table 8. Comparison of Integral Cover Materials
(From Reference 32)

Relative
Thermal Expansion Annealing Radiation Constituents

Material Coefficient (C-1) Point (°C) Resistance (weight percent)

7070

7740

0211

Silicon

32 x 10
- 7

33 x 10

72 x 10

10-30 x 10

495

565

539

good

fair

fair

SiO2

B203

Li20

A1203

K20

MgO

CaO

SiO2

B203
Na20

Al203

K20

sio 2

B203

Na20

K20

ZnO

TiO2

A1203

70.0

28.0

1. 2

1. 1

0.5

0.2

0. 1

80.5

12.9

3. 8

2.2

0.4

65. 5

10.0

7. 1

7. 1

5. 1

2.7

2.3

I I I I
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Integral Coverslip Thickness (Mils)

Figure 24. Integral Coverslip Cell Bow Versus Integral Coverslip Thickness
(from Reference 32)

In order to evaluate darkening under electron irradiation, 150 lm thick, unfiltered slides of

7070, 7740, 0211, 7940, and 1723 glasses were subjected to 1-MeV electron fluences of

2. 5 x 1014 and then 5 x 1015 electrons/cm with the results shown in Figures 25 and 26. It

is evident from these results that severe darkening occurred in the 0211, 7740, and 1723

glasses while much smaller losses resulted in 7070 glass and virtually no loss was incurred

in the 7940 fused silica.

Solar cell samples which were covered with 50 plm or less of 7940 fused silica have been

subjected to 400 keV proton irradiation without evidence of degradation except when solder-

less contact bars or unprotected gaps were left exposed during irradiation. The results of

irradiation with 1-MeV protons are tabulated in Table 9. No integrally covered cell has

been observed to have sustained damage due to proton irradiation at an energy which is in-

sufficient to penetrate the coverglass.
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Figure 25. Transmission of 150 ,um Slides After
2. 5 x 1014 1 MeV Electrons/cm2

(from Reference 32)
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Figure 26. Transmission of 150 /m Slides After

5 x 1015 1-MeV Electrons/cm2

(from Reference 32)
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Table 9. 1-MeV Proton Irradiation Data
(from Reference 32)

C ell

Integral
Cover

Material

Nominal
Thickness

(mils)

Isc

mA

Initial
Performance

I0.43
mA

VVoc
V

Change After 1014
1 MeV p/cm2

Isc

mA
0.43
mA

Voc
V

FS155 7070 2 135 128 0.552 0 0 0

478-21 7070 2 139 133 0.560 0 0 0

478-24 7070 2 138 134 0.563 0 0 +0.005

478-22 7070 2 137 131 0.560 -1 +1 +0.005

D4 7070 2 137 133 0.562 +3 +2 0

G45 7070 2 140 135 0.562 0 0 0

G16 I 7070 6 139 132 0.547 +3 -2 -0.010

G27 7070 6 137 132 0.561 +3 +4 +0.005

B-12* 7940 2 140 134 0.556 -32* -134* -0.240

TA90 7940 1 114 138 0.570 -1 0 0

P29 7740 2 139 135 0.566 +3 0 -0.020

P9 7740 2 143 134 0.538 +1 0 0

CD10 CeO2 doped 0211 2 132 127 0.552 +2 +3 +0.010

CD30 CeO2 doped 0211 2 138 132 0.560 0 +1 +0.005

CD31 CeO2 doped 7740 2 140 132 0.560 +1 0 -0.010

CD33 CeO2 doped 7740 2 142 136 0.556 0 +1 +0.010

ET13 None - 137 124 0.562 -101 -124 -0.200

*Solderless contact bar mask lost during test with
resulting irradiation of bar area.
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Additional environmental testing, which included thermal cycling, U. V. radiation, and

temperature-humidity storage, has indicated good performance with HVIBS integral covers.

Based on these results, it was concluded that Corning type 7070 glass represented an opti-

mum choice for relatively thick, low stress integral covers which exhibit excellent radiation

resistance.

2.4.3. 1. 2 Electron Beam Evaporation

Work in the area of electron beam evaporation of integral coverglass on silicon solar cells

has been performed by Heliotek, Division of Textron, Inc., under contract to the Air Force

Materials Laboratory, Wright-Patterson Air Force Base and is reported in References 29

and 33. The system which evolved from this investigation consists of a TiO cell anti-re-x
flective coating and an electron beam evaporated integral coverglass. The parent glass was

Corning type 1720, but the deposited glass was found to consist principally of SiO2 (96 per-

cent) with the remainder being alkali oxides. Stress levels in the deposited films can be

kept to levels below 4 x 108 dynes/cm
2

(4 x 107 N/m 2). Under these stress conditions, a

300 lm thick, 2 x 2 cm cell with a 50 im thick integral cover will exhibit a radius of curva-

ture of approximately 157 cm. Integral cover samples were subjected to both 1-MeV elec-

tron and ultra-violet irradiation. A coverglass darkening of 2 to 3 percent was observed

following a total 1-MeV electron fluence of 1015 electrons/cm . Ultraviolet exposure of 120

equivalent sun hours produced a coverglass transmission degradation of 1. 4 percent.

2.4.3. 1. 3 Radio Frequency Sputtering

Work in the area of radio frequency (RF) sputtering of integral solar cell coverglass is

presently being performed by the Electrical Research Association (ERA), Leatherhead,

Surrey, England, under sponsorship from the European Space Research Organization

(ESTEC, Noordwijk). This deposition method consists of the sputtering of glass targets in

an argon atmosphere with RF power of several kilowatts at a frequency of approximately

13. 6 MHz and a peak-to-peak potential of two to three kilovolts. The solar cell substrate

is maintained at approximately 250°C during deposition. The experimental equipment at ERA

is capable of coating 70 2 x 2 cm cells with Corning 7070 glass at a sustained rate of 2.6 /im
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per hour, with + 10 percent thickness uniformity. Prototype production equipment, with a

capacity of 316 2 x 2 cm cells per loading, has been designed and built for operational use

in the fall of 1972 (Reference 28).

During the course of this program at the ERA, RF sputtered covers of borosilicate glasses,

notably Corning 7740 and 7070, and Schott 8330, as well as Corning 7940 fused silica have

been investigated. The borosilicate glass films were found to have significantly lower

stress than fused silica. In particular, the type 7070 glass showed very low values of

stress as revealed in Figure 27. Films of 7070 glass have been deposited with an intrinsic

stress below 3 x 107 dynes/cm2 (3 x 106 N/m2 ) which is the lower limit of the ERA measure-

ment technique. Unsupported films of 7070 glass remain essentially flat. With this glass,

it is possible to cover 125 ,/m thick cells with scarcely any bowing of the coated cell. In

addition, the 7070 glass shows superior optical and radiation resistance properties.

KEY

* SILICA DC7940
I DC7740 & Sc833C

II

STRESS IN DC7070 BELOW THIS LEVEL

10 20 30 40 50 60
FILM THICKNESS IN MICRONS

70

Figure 27. Stress in the Integral Cover as a Function of Film Thickness
for Silica and Two Borosilicate Glasses

(from Reference 28)
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Thermal cycling tests of integrally covered solar cells have shown that TiO cell anti-re-
x

flective coating gives excellent resistance to delamination.

The optical transmission of 7070 glass layers of 100 to 150 Am thickness has been measured

at 99 percent between 400 and 1200 nm, falling to 95 percent at 350 nm. These transmission

properties are of material without added ingredients such as cerium oxide. The addition of

such modifiers, for the purpose of improving radiation resistance, will alter transmission

properties.

The irradiation of 20 pm thick films of 7070 glass (without cerium oxide) with a 1-MeV

electron fluence of 1015 electrons/cm2 has produced negligible change in transmission when

compared with unirradiated control samples. This same fluence caused a 1 percent loss in

transmission between 400 and 1200 nm for 50 /m thick specimens of the same glass. The

addition of cerium oxide is known to improve the radiation resistance at the expense of some

loss in unirradiated transmission. Targets of 7070 glass with cerium oxide additive have

been made by sintering mixed powders. Work is proceeding to determine if this additive is

beneficial, and if so, to determine the optimum content.

2.4.3.1. 4 Fusion

The fusion of fine powdered glass directly onto solar cells is the subject of investigations

by the General Electric Company, Space Sciences Laboratory, under contract to the Air

Force Aero Propulsion Laboratory, Wright-Patterson Air Force Base (Reference 34). The

objective of this program is the development of an economical, stress-free integral cover

for application to large area hardened solar arrays. To date, the major effort on this pro-

gram has been devoted to the formulation of glass compositions with the required fusion

temperature of 500°C or less. In addition, the glasses must have the chemical, mechanical,

optical and radiation resistant properties required to meet the program goals. As a test of

radiation resistance, annealed glass disks of the various compositions are subjected to radi-

ation from a Sr source. Before and after transmittance measurements are compared to

determine relative radiation resistance.
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Work on this contract has not, as yet, progressed to the point of producing optimized inte-

gral covers on silicon solar cells.

2.4.3.2 FEP-Teflon Covers

The application of Fluorinated Ethylene Propylene (FEP) as a cover for silicon solar cells

and as a method for encapsulating cells into flexible modules is reported in References 35

through 38. Two types of FEP have been investigated: FEP-A which is untreated and

FEP-C which is treated to promote cementability on one or both sides. When applied to an

active surface of solar cells by a direct heat-sealing technique, this film provides protection

from penetrating radiation and increases the infrared emittance. FEP-A material, which is

pretreated with an adhesion promotor, has demonstrated higher bond strength and improved

resistance to exposure to high temperature-humidity conditions when compared to FEP-C

material. FEP covered SiO coated cells have experienced delaminations of the cover when

irradiated with 1-Mev electrons at a fluence of 10 electrons/cm . FEP covered Si3N
4

coated cells were able to withstand 1016 electrons/cm2 without delamination. Limited data

indicates little or no differences between the two types of FEP under electron irradiation.

FEP-C (125 /im thick) covered solar cells along with bare cells were subjected to 2 keV pro-

tons in a vacuum of 7.9 x 10- 9 N/m2 at an average dose rate of 1. 3 x 1012 p/cm 2-sec. Total
exposures of 1 x 10 , 1 x 10 5, 1 x 10 17, and 2 x 1017 p/cm were performed. Little effect

was noted on the open-circuit voltage for the FEP-covered cells. The degradation in cell

short-circuit current is shown in Figure 28. Note that the range of 2 keV protons in FEP

Teflon is approximately 2.6 pum.

Measurements on FEP-C covered cells indicate that a decrease of about 3 percent on short-

circuit current can be expected after exposure to 3600 equivalent sun hours under UV radi-

ation. With FEP-A material, the reduction in short-circuit current will be about one-half

this value.

The effects of long-term exposure to high humidity and temperature were evaluated by ex-

posing 20 FEP-C covered cells to 40 C and 95 percent relative humidity. After 160 hours

of exposure, some delamination on all cells was observed.
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Figure 28. Effect of 2 keV Protons on Solar Cell Short-Circuit Current
(from Reference 38)

Two kinds of multicell modules were constructed using the FEP cover technique. The first

of these consisted of a 15 cell module (5 parallel x 3 series) which was made by first covering

three 5 cell wide strings with 125 pm thick FEP-C film (see Figure 29). The substrate was

fabricated by laminating a 50 pm thick copper foil to a 25 pm Kapton-H film with 25 pm FEP

film used as the adhesive. The foil was then photoetched to form interconnects, soldering

points for the back contacts and soldering tabs for the front contacts (see Figure 30). Next,

another 25 pm layer of Kapton-H film, prepunched to expose soldering points and tabs, was

laminated on top using 25 pm FEP as the adhesive. The P contact soldering points and tabs

were then coated with Sn62 solder. This formed the flexible substrate with integral inter-

connects. The five cell strings with flux-treated back surfaces, were positioned on the sub-

strate and the P contacts induction soldered. The N contact tabs were then bent in place and

connected using solder performs and reflow solder techniques. The finished 15 cell module

is shown in Figure 31. A thermal vacuum cycling test of a module of this construction re-

sulted in the fracture of 15 of the 15 cells when the module temperature reached -140 C.

Subsequent examination revealed simple cell fracture in six cells without delamination. The
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remaining eight damaged cells have suffered a cleavage within the silicon. These failures

were attributed to the mismatch of thermal expansion coefficients between the FEP on the

front and the solder on the rear face of the cells.

Figure 30. Circuit Interconnect Pattern
(from Reference 38)

A second configuration module was fabricated using 125 ,um FEP-A as a cover and 50 ,um

FEP-C20 (treated on both sides) as an adhesive to bond the cells to a 25 Am Kapton-H film

substrate. Thermocompression bonding of 50 gm thick silver mesh was the interconnect

method used. Flexible modules prepared in this manner are unaffected by thermal shock, f

and thermal-vacuum cycling.

Optical properties of FEP covered cells were measured with the following results (Ref-

erence 35):

Solar absorptance (as) = 0.84

Total hemispherical emittance (eh) = 0. 91
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2.4.4 INTERCONNECTS AND SUBSTRATES

The use of bottom wraparound contact solar cells enables the use of a flat interconnector

system which can be made integral with the supporting substrate. Two such substrate sys-

tems have been implemented in flexible solar array developments. The details of the Lock-

heed space station solar array substrate are shown in Figure 32. The construction of this

substrate is similar to Lockheed FEP development substrate which was described in Section

2.4.3. The copper interconnection system is sandwiched between layers of Kapton-H film

with FEP used as the adhesive. The solar cells are soldered to the interconnectors through

holes in the upper layer of Kapton/FEP. These solder joints are the only means of attach-

ment of the cells to the substrate. Table 10 gives a weight breakdown for the Lockheed space

station substrate/interconnect system. This weight tabulation does not include the bus strip

distribution system or the hinge joint reinforcement and locking bars between modules. The

weight of the copper interconnectors was calculated based on a copper weight of 0. 305 kg/m2

(1 oz/ft2 ) and a coverage of 33 percent of the module area which was computed from a draw-

ing of the interconnector pattern. The resulting weight of 0. 100 kg/m2 of module area does

not agree with the value published in Reference 4. In Section 3. 2. 9 of this reference, the

weight of the copper interconnectors is given as 0. 0472 kg (0. 104 lb) for a module which

occupies 0. 966 m2 (10.4 ft2 ) for a resultant weight-to-area ratio of 0. 049 kg/m2 . A cop-

per foil of 0. 152 kg/m2 (1/2 oz/ft2 ) would be required to achieve this weight for the inter-

connector pattern specified. The solder weight of 0. 031 kg/m2 was calculated based on a

solder coverage of 9. 5 percent of the module area with an average thickness of 37 pm.

The interconnect/substrate configuration used on the RAE flat-pack solar array is shown in

Figure 33. This approach also consists of a cementless, soldered attachment of the solar

cells to the integral substrate. The interconnectors are 25 Am thick silver-plated molybde-

num rings which are soldered to the cells through punched holes in the 50 pm thick Kapton-H

film substrate. The Kapton substrate is cut-out to reduce weight and to provide the solar

cells with a direct radiating surface for more effective heat rejection. These cutout windows

are triangular shaped in the current design. The black chromium emissive finish on the

solar cell backs was found to provide insufficient protection from low energy protons. To

remedy this situation, the solar cell backs were coated with a 50 pm thick layer of Midland
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Silicones Silastoseal B adhesive. Table 11 gives the weight breakdown for the REA sub-

strate/interconnect system.

Table 10. Weight of Lockheed Space Station
Solar Array Substrate

Weight
(kg/m2 of

Item Module Area)

Kapton-H film (50 jim total thickness) 0. 071

FEP-Teflon (25 jim total thickness) 0. 054

Copper Interconnectors (1) 0. 100

Solder 0. 031

Total 0. 256

(1) 0. 305 kg/m2 (1 oz/ft2 ) copper which covers 33% of the module area

Circular window

Punched holes for
soldered connections

Solder dots

Figure 33. RAE Flat-pack Solar Array Substrate Configuration
(from Reference 15)
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Table 11. Weight of RAE Flat-pack
Solar Array Substrate

Weight
(kg/m2 of

Item Substrate Area)

Kapton-H film (perforated, 50 gm thick) (1) 0.037

Interconnectors (Ag Plated Mo) (1) 0. 022

Solder (1) 0. 046

Silastoseal B Adhesive (2) 0.022

Total 0. 127

(1) Based on data from Reference 15.
(2) For low energy proton protection, assumes an average thickness

of 50 Am covering 50% of the back of every cell, with 2060 cells
per m2 of substrate area.

2.4.5 DEPLOYABLE BOOMS

2. 4.5. 1 General

An extensive summary of the deployable boom component technology as it might apply to

large flexible solar arrays is contained in Section 4. 1. 2.2 of Reference 40. This reference

lists 20 different types of deployable boom structures which have been developed. Many of

these such as telescoping tubes and folding beams are obviously impractical for this appli-

cation because of the large undeployed volume and relatively high weight. However, several

of these boom types have shown the potentials needed for the deployable boom of a large

flexible solar array. These boom categories are discussed below.

2.4.5.2 Cylindrical Booms

This category of deployable booms includes those with cross sections which are formed by

one or more cylindrical shells. Stowage is generally by elastically flattening the element

and reeling onto a spool or within a cassette. A typical example of this boom type is the

STEM manufactured by SPAR Aerospace Products, Ltd. This boom, shown in Figure 34,
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is a circular, cylindrical tube formed from a single strip of

material. The edges of the deployed strip overlap as shown

in the figure. Booms of this type have been fabricated of

beryllium copper, stainless steel, titanium and molybdenum.

A variation of this basic type, which consists of an interlocked

joint between the two edges of the deployed strip and thereby

provides greater torsional stiffness, has been fabricated by

several organizations.

The BI-STEM, also manufactured by SPAR Aerospace Pro-

ducts, Ltd., is formed by nesting two circular, cylindrical

strips as shown in Figure 35. These strips can be retracted

and stowed on two separate reels, or on a single reel or cas-

sette as shown in Figure 36. The BI-STEM has been used on

the Hughes/AF roll-up solar array, the GE/JPL 30 watt/lb

roll-up solar array and is planned for the CTS solar array.

The quasi-biconvex boom type shown in Figure 37 has been

manufactured by Ryan Aeronautical and by ASTRO Research.

The boom is a closed section made by welding two metallic

strips together along the two longitudinal edges. Thus, this

section has good torsional properties and it develops buckling

strength similar to that exhibited by closed, circular cylindri-

cal shells. However, stowage of the boom presents problems

with buckling of the inner compressed element. Also, buck-

ling can occur in the transition region when this region is kept

small.

Rr

Figure 34. Schematic
of STEM Boom

(From Reference 41)

2R

It

Figure 35. Schematic
of BI-STEM Boom

(From Reference 41)

2.4. 5. 3 Coilable Lattice Booms

Coilable lattice booms, of the type manufactured by ASTRO Research, consist of a lattice

structure of fiberglass rods which is shear-stiffened by diagonal cables. The boom is
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Figure 36. BI-STEM Deployable Boom Figure 37. Schematic of 
and Actuator Quasi-Biconvex Boom 

retracted by forcibly twisting it about its axis, thereby causing the horizontal "batten" mem

bers to buckle. The continuous longerons are thus coiled to provide a compact retracted con

figuration. Figure 38 shows the 25.4 cm diameter by 30. 5 m long lunar antenna mast which 

is capable of withstanding an eight degree tilt from its vertical in lunar gravity when canti-

levered at its base. The primary limitation of this boom type is the fact that the longerons 

must remain elastic when bent in the retracted portion. Therefore, the maximum thickness 

allowable for the longerons depends on the mast radius and the elastic strain limit of the 

longeron material. Thus, the overall bending strength and stiffness of the mast is limited 

by the radius of the mast and by the longeron material. 

2 .4 .5 .4 Articulated Lattice Booms 

If high stiffness and strength is required of a small radius Astromast, it is necessary to 

segment and articulate the longerons instead of elastically coiling them into the retracted 

position. Because there is no distortion of the longerons and battens in the stowed configu

ration, these members may be as large in cross section as the application requires. 
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Figure 38. Astromast Coilable Lattice Boom - Lunar Antenna Mast 
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Figure 39 shows the articulated lattice boom which is used on the Lockheed space station

solar array development program.

2.4. 5. 5 Comparison of Deployable Boom Types

Among the cylindrical booms, the STEM has about a 7 percent greater moment of inertia

than the BI-STEM for an equal element weight. However, the deployment mechanism for a

BI-STEM is considerably smaller and lighter than that required for the same diameter

STEM. The result is that the overall BI-STEM system is lighter than a STEM system for

an equivalent moment of inertia. The quasi-biconvex boom is even less efficient from a

weight standpoint when compared to the basic STEM element. In addition, this boom con-

figuration suffers from high stress in the weld joints when in the retracted position. Molyb-

denum material has the best stiffness-to-weight ratio of any of the conventional materials

used.

Composite materials exhibit properties that suggest their use in this application. A boron/

aluminum or graphite/aluminum composite tube with the fibers running longitudinally will

have a very high bending strength-to-weight ratio. The aluminum in the composite will

provide the necessary temper to maintain the tube shape. Studies of composite materials

are proceeding to determine the feasibility of their use in a BI-STEM configuration. The

advantages of composite materials are also applicable to lattice booms and the fabrication

problems should be considerably smaller.

Figure 40 shows a comparison of these various boom configurations in terms of stiffness-

to-weight ratio. This plot reveals that the lattice booms are less efficient than the deploy-

able cylindrical tubes for the same materials and radius. The use of composite materials

in lattice booms makes these booms more efficient than BI-STEMS of the same radius using

conventional materials.
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Astromast Deploying 
Automatically 

Deployment Motors 

Fully Extended Mast 
(84 ft long, 20 in. diam., 214 lb) 
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Figure 39. Astromast Articulated Lattice Boom 
for Lockheed Space Station Solar Array 
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2.5 PARAMETRIC ANALYSIS OF THE SOLAR CELL BLANKET

2.5.1 GENERAL

The selection of the solar cell/coverglass combination is an important consideration in the

feasibility of the 110 watt/kg solar array system since these components, along with the

supporting substrate, represent a significant fraction of the total system weight. For ex-

ample, in the 30 watt/lb roll-up solar array design, the flexible solar cell blankets con-

stituted 56. 5 percent of the total system weight. Thus, for a 110 watt/kg solar array system,

it is extremely important to minimize the blanket weight consistent with the other system re-

quirements. The beginning-of-life (BOL) solar array panel output is specified as 10, 000 watts

at the 1 AU intensity and equilibrium temperature. In addition, the power output under these

same conditions shall not decrease by more than 20 percent over the 3-year operational life.

Thus, this specification defines the allowable degradation (primarily particle radiation damage)

instead of specifying a desired end-of-life (EOL) power capability with no constraint on initial

power (or allowable degradation).

The objective of this trade-off analysis is to assess the impact of this allowable degradation

constraint and compare this result with a design which produces a specified EOL power output

with no restriction on degradation.

In order to perform these trade-offs, it is first necessary to determine the effect of the

particle radiation environment on the solar cell electrical characteristics. The calculation

procedure employed is based on a damage equivalent 1-MeV electron fluence method which

is commonly used to relate solar cell degradation to a combined electron and proton environ-

ment. This procedure involves the determination of the damage equivalency of 1-MeV electrons

for each particle type and differential energy spectra. The shielding effect of the coverglass

and cell backing is accounted for in the determination of this damage equivalency.

2.5.2 SOLAR CELL RADIATION DEGRADATION

For each mission type, the particle radiation environment defined in Section 2. 1 was con-

verted into a Damage Equivalent-Normally Incident (DENI) 1-MeV electron fluence using the

2-60
C_



calculation procedure described in Reference 42. For the interplanetary mission, the

DENI 1-MeV electron fluence as a function of shield density-thickness product is shown in

Figure 41 for the specified three-year mission duration.

Figure 42 shows a similar curve for the geosynchronous mission. In this case, the specified

three-year mission solar flare proton energy spectra was combined with the five-year trapped

electron energy spectra to yield the DENI 1-Mev electron fluence.

The DENI 1-MeV electron fluence for the manned space station mission is shown in Figure 43.

The lower curve reflects the trapped particle effect over the 10-year period. The upper curve

includes the solar flare proton environment from Figure 2. Also shown on Figure 43 are com-

parison points from the Lockheed space station solar array study. Table 12 is a reproduction

of a summary table from Reference 4. The comparison data points, as indicated in Table 12,

are from the column labeled 10 years, Trapped + Solar Flare, Webber and are for the 300 nm

(555 kin), 55 degree inclination orbit. There is very good agreement between these Lockheed

data points and the upper curve of Figure 43.

The degradation of N/P silicon solar cell electrical characteristics as a function of normally

incident 1-MeV electron fluence is given by the curves in Appendix B.

2.5.3 RESULTS OF TRADE STUDIES

The first part of this analysis consists of the evaluation of blanket weight for a solar array

system which is sized to provide 10, 000 watts of initial output at 1 AU and 550 C. These

initial 10, 000 watt systems were investigated for various allowable maximum power degrada-

tions due to the particle radiation environment associated with each mission type. Table 13

shows the summary of this analysis for the interplanetary mission. Solar cells with two base

resistivities and with nominal thicknesses of 200, 150, 125, and 100 pm were evaluated.

Table 14 lists the assumed solar cell beginning-of-life (BOL) maximum power output at
o

1 AU, 55 C.
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Table 13. Solar Cell Blanket Weight Tradeoff for Interplanetary Mission

Solar Allowable Solar Solar Cell Total Front Blanket
Cell Maximum Cell Area DENI and Weight
Base Power Thickness Required for 1-MeV Back

Resistivity Degradation 10,000 watts Electron Shield
(% of B.O.L 550 C F]uence

(ohm-cm) original) ( m) (x1014 e/cm2) (gm/cm2 ) (kg)

2 20 200 71.3 8.4 .044 105.0
150 74.0 13.3 .032 82.7
125 76.4 18.0 .026 71.7
100 79.3 23.0 .022 63.6

25 200 71.3 14.5 .030 84.4
150 74.0 22.5 .023 69.0
125 76.4 30.5 .018 59.2
100 79.3 38.0 .016 53.8

30 200 71.3 25.0 .020 69.8
150 74.0 38.0 .016 58.4
125 76.4 50.0 .013 51.3
100 79.3 61.0 .011 45.7

35 200 71.3 42.0 .014 61.0
150 74.0 60.0 .011 50.8
125 76.4 80.0 .009 45.1
100 79.3 98.0 .007 39.2

10 20 200 78.6 13.0 .032 96.3
150 84.2 22.0 .022 76.8
125 88.3 33.5 .017 66.6
100 93.8 48.0 .013 57.9

25 200 78.6 24.5 .021 78.5
150 84.2 43.0 .014 63.0
125 88.3 64.0 .011 55.7
100 93.8 90.0 .008 48.2

30 200 78.6 45.0 .014 67.2
150 84.2 83.0 .009 54.3
125 88.3 120.0 .007 46.6
100 93.8 160.0 .004 40.5

35 200 78.6 83.0 .009 59.1
150 84.2 150. ---- _-_
125 88.3 220. ----
100 93.8 290. ---- --
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Table 14. Baseline Solar Cell Maximum Power Output

Covered Cell Maximum Power
CelNominal Cell Output ~ BOL, 1 AU, 550 CCell Cell

Thickness Weight
(Mm) (gm/cell) 2 ohm-cm 10 ohm-cm

200 0.194 0.0578 0.0525

150 0.151 0.0557 0.0490

125 0.129 0.0540 0.0467

100 0.107 0.0520 0.0440

0 10 YEARS

COMPARISON POINTS FROM
TABLE 12

- TRAPPED + SOLAR FLARE PROTONS

TRAPPED
ONLY

0.1 0.2

SHIELD DENSITY x THICKNESS (GM/CM )

0.3

Figure 43. Damage Equivalent -Normally Incident (DENI)
1-MeV Electron Fluence with Infinite Backshielding for

Manned Space Station Mission
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Thus, the total solar cell area required to produce 10, 000 watts at BOL is shown inColumn 4

of Table 13. A 3 percent solar array fabrication loss, which accounts for cell mismatch and

the series resistance of module interconnects, has been used. Bus strip distribution losses

have not been included in this calculation so the 10, 000 watt capability should be considered

as measured at the module level. The total DENI 1-MeV electron fluence required to produce

the allowable maximum power degradation was obtained from Figure B-3 and B-6 of Appendix B

for 2 ohm-cm and 10 ohm-cm base resistivities, respectively. The shield factor (gm/cm 
2

)

required to limit the DENI 1-MeV electron fluence to this value is obtained from Figure 41

and is given in Column 5 of Table 13 based on the assumption that the front and back shield

factors are equal. The solar cell blanket weight is calculated as follows:

Wb = A [2.5 (W + WI)+10. (1+F )W I

where:

W = Weight of solar cell blanket (kg)

W = Weight of solar cell (gm/cell)
c

W
I

= Weight of interconnectors and solder = 0. 033 gm/cell

A = Solar cell area required from Column 4 (m )
c

W = Front and back shield factor (gm/cm )

F = Solar cell blanket module area
P = 1. 055Solar Cell Area

This weight does not include the bus strip distribution networkonthe blanket and assumes that

the back shield covers the complete module area of the blanket. The data contained in Table 13

is plotted in Figure 44 where the solar cell blanket weight is shown as a function of percent

allowable maximum power degradation due to the particle radiation environment for the various

solar cell thickness and base resistivities. In the graphical presentation of the data, blanket

weights for front and back shield factors of less than 0. 008 gm/cm
2

have been disallowed.

This minimum shield factor, which is equivalent to a 25 /m integral coverglass or 50 /m of

Kapton-H film, is considered necessary for low energy proton protection. Table 15 shows

this minimum blanket weight for each cell type and thickness.
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Table 15. Minimum Possible Blanket Weight for
10, 000 Watts, BOL, 1 AU, 550 C

Solar *Minimum
Cell Nominal Blanket Minimum
Base Cell Cell Area Weight-to- Blanket

Resistivity Thickness Required Area Ratio Weight
(ohm-cm) (m) (m2 ) (kg/m2 ) (kg)

2 200 71.3 0.732 52.2

150 74.0 0.624 46.2

125 76.4 0. 569 43.5

100 79.3 0. 514 40. 8

10 200 78.6 0. 732 57. 5

150 84.2 0.624 52.5

125 88.3 0. 569 50.2

100 93.8 0.514 48.2

*Based on a minimum front and back shield factor of 0. 008 gm/cm2

For the geosynchronous mission, the trade study results are summarized in Table 16 and

plotted in Figure 45. The calculation procedure is identical to that described above for the

interplanetary mission with the exception that the required front and back shield factor is

obtained from Figure 42.

Table 17 summarizes the results for the manned space station mission. Note that the range

of allowable maximum power degradations has been shifted to correspond to the reduced

particle radiation environment for this mission. The required front and back shield factor

is obtained from Figure 43. The results are plotted in Figure 46.
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Table 16. Solar Cell Blanket Weight Tradeoff
for Geosynchronous Mission

Solar Allowable Solar Solar Cell Total Front Blanket
Cell Maximum Cell Area DENI and Weight
Base Power Thickness Required for 1-MeV Back

Resistivity Degradation 10,000 watts Electron Shield
(% of B.O.L. 550C Fluence

(ohm-cm) original) (JPm) (mn) (xO114 e/cm2) (gm/cm2) (kg)

2 20 200 71.3 8.4 .064 134.3
150 74.0 13.3 .046 104.0
125 76.4 18.0 .038 90.6
100 79.3 23.0 .033 81.5

25 200 71.3 14.5 .044 105.0
150 74.0 22.5 .033 84.2
125 76.4 30.5 .027 73.3
100 79.3 38.0 .023 65.3

30 200 71.3 25.0 .031 85.9
150 74.0 38.0 .023 69.0
125 76.4 50.0 .0185 60.0
100 79.3 61.0 .015 52.2

35 200 71.3 42.0 .021 71.2
150 74.0 60.0 .016 58.4
125 76.4 80.0 .011 48.2
100 79.3 98.0 .009 42.4

10 20 200 78.6 13.0 .047 120.5
150 84.2 22.0 .034 97.6
125 88.3 33.5 .025 81.1
100 93.8 48.0 .019 69.4

25 200 78.6 24.5 .031 94.7
150 84.2 43.0 .021 75.1
125 88.3 64.0 .015 63.0
100 93.8 90.0 .009 50.2

30 200 78.6 45.0 .020 76.9
150 84.2 83.0 .0105 56.9
125 88.3 120.0 .007 48.5
100 93.8 160.0 .005 42.5

35 200 78.6 83.0 .011 62.4
150 84.2 150.0 .. . .
125 88.3 220.0 ----_
100 93.8 290.0 ----
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Table 17. Solar Cell Blanket Weight Tradeoff for
Manned Space Station Mission

Solar Allowable Solar Solar Cell Total Front Blanket
Cell Maximum Cell Area DENI and Weight
Base Power Thickness Required for 1-MeV Back

Resistivity Degradation 10,000 watts Electron Shield
(% of B.O.L 550C Fluence

(ohm-cm ) original) 9am) (m2) (xlOl4 e/cm2) (gr/cm 2) (kg)

2 5 200 71.3 0.9 .168 286.6
150 74.0 1.8 .077 151.1
125 76.4 2.2 .065 133.0
100 79.3 2.8 .051 110.9

10 200 71.3 2.3 .062 131.3
150 74.0 4.0 .034 85.8
125 76.4 5.4 .024 68.6
100 79.3 6.9 .020 60.3

15 200 71.3 4.6 .030 84.4
150 74.0 7.7 .017 59.9
125 76.4 10.5 .012 49.8
100 79.3 13.1 .009 42.4

20 200 71.3 8.4 .016 64.0
150 74.0 13.5 .009 47.7
125 76.4 18.0 .006 40.3
100 79.3 23.0 _ ----

10 5 200 78.6 1.35 .103 211.0
150 84.2 2.25 .063 147.8
125 88.3 3.7 .037 102.9
100 93.8 6.0 .022 '75.2

10 200 78.6 3.3 .042 112.5
150 84.2 5.3 .026 83.7
125 88.3 8.6 .016 64.8
100 93.8 13.0 .009 50.2

15 200 78.6 6.8 .020 76.9
150 84.2 11.0 .011 57.8
125 88.3 17.5 .006 46.6
100 93.8 26.0 .003 38.6

20 200 78.6 13.0 .009 59.1
150 84.2 22.0 .005 47.4
125 88.3 33.0 ----__
100 93.8 48.0 ---- ---
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The second part of this analysis consisted of an evaluation of the blanket weight for a specified

end-of-life (EOL) power output capability with no restriction on the BOL power output (or

allowable maximum power degradation). The results of this analysis are shown in Figures

47, 48, and 49 for the interplanetary, geosynchronous and manned space station missions,

respectively. In each of these figures, the blanket weight, solar cell area, and fraction of

original maximum power remaining are plotted as a function of front and back shield factor.

The EOL power output is assumed to be 7, 500 watts for all missions.

2.5.4 DISCUSSION OF RESULTS

If the initial solar array output power of 10, 000 watts is coupled with an allowable maximum

power degradation over the mission duration, the results of the first part of this study aree

as summarized in Figures 50 and 51, for 100pm and 125/pm thick cells, respectively. These

curves were generated from the data presented in Figures 44, 45 and 46. For the inter-

planetary mission (see Figure 50), the minimum blanket weight is obtained with 10 ohm-cm

cells as the allowable maximum power degradation is increased from 20 percent to 25 percent.

At a blanket weight of 48.2 kg, the front and back shields have reached the maximum allowable

shield factor of 0. 008 gm/cm . At this point, it is not possible to reduce the blanket weight

until the 2 ohm-cm base resistivity curve is reached. As the allowable maximum power deg-

radation is increased further, the blanket weight can be decreased until the minimum weight

for these 2 ohm-cm cells is reached at 40. 8 kg. This is the absolute minimum blanket weight

possible without considering cells thinner than 100 /m.

The curve for the geosynchronous mission (see Figure 50) is basically the same as for the

interplanetary mission except that the permissible maximum power degradation for a given

blanket weight must be increased slightly because of the more severe particle radiation en-

vironment in the geosynchronous mission. For example, with the 100 pm thick, 10 ohm-cm

cell, a 26 percent allowable maximum power degradation is required for a 48.2 kg blanket

weight. This is approximately one percentage point greater than required for the interplanetary

mission. Expressed in different terms for an allowable maximum power degradation of 25 per-

cent, the geosynchronous mission blanket weight would be approximately 2 kg heavier than re-

quired for the interplanetary mission using 100 pm thick, 10 ohm-cm cells. For the manned
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space station mission, the lowest possible blanket weight of 40. 8 kg can be achieved with

100 /m thick, 2 ohm cells if the allowable maximum power degradation is specified as 16

percent or greater.

Figure 51 shows a similar set of curves for 125 pm thick cells. Cell thicknesses greater

than 125 pm are not presented here because it is unlikely that the system power-to-weight

goal can be realized with cells which are thicker than 125 pm, regardless of the allowable

maximum power degradation.

The second part of the trade study, which evaluated the blanket weight for a specified EOL

power capability, yielded the results shown in Figures 47, 48 and 49. These curves show

that the minimum blanket weight is achieved with 100 um thick, 2 ohm-cm cells. For the

interplanetary and geosynchronous missions, the difference between 2 ohm-cm and 10 ohm-cm

base resistivities is not great for lightly shielded, low weight blanket constructions.

Thus, the trade-off between base resistivities should be made based on other factors which

depend on overall power subsystem requirements including load power demand profile. For

some missions it may be desirable to limit the maximum power degradation to some upper

limit. For a dissipative type shunt voltage regulator and a constant average load power demand,

increased maximum power degradation results in the need for greater power dissipation capa-

bility at the beginning-of-life. On the other hands if the load can use the integrated energy

available over the life of the mission, then the selection of the lower base resistivity will give

the highest integrated solar array output for a specified end-of-life power capability.

For the manned space station mission, the choice is more clearly directed toward 2 ohm-cm

base resistivity.
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2.6 PARAMETIC ANALYSIS OF BUS STRIP WEIGHT

2.6.1 GENERAL

The weight of the bus strip network required to distribute the solar cell module current from

the generation site on the blanket to the inboard end of the blanket is a significant factor which

must be considered in the 110 watt/kg solar array feasibility study. The power dissipation in

the bus strip distribution system must be compensated for by increased generating capability

if a specified power output is to be delivered at the interface of the solar array with the re-

mainder of the power subsystem. The use of low resistance conductors, with the associated

weight penalty, will reduce the distribution power losses thereby reducing the extra generating

capability required to supply these losses. On the other hand, higher resistance, lower weight

conductors will increase the distribution power losses thereby increasing the extra generating

capability required to supply these losses. Thus, an optimum power loss and associated bus

strip weight should exist for a given set of design conditions.

The purpose of this analysis is to define this optimum bus strip power loss and associated bus

strip weight required for solar array configurations which meet the requirements for this

feasibility study and have the potential for meeting the 110 watt/kg power-to-weight ratio goal.

2.6.2 METHOD OF ANALYSIS

The method of analysis follows the mathematical procedures described by J. Roger in Refer-

ence 43. A similar analysis, with specific application to the 30 watt/lb roll-up array, is

discussed in Reference 44. For this analysis, it is assumed that the circuits are arranged on

the two solar cell blankets as shown in Figure 52. All circuits (n per solar cell blanket, or

2n for the total solar array panel) are identical and each supplies the full voltage, V, to the

bus. Each circuit is assumed to have separate positive and negative bus strips which run

down to the base of the blanket. All bus strip conductors are sized to have the same voltage

drop, AV. The power at the terminals of each blanket are given by:

n(V - AV) i = (V - AV) I

where I = ni is the total current from one blanket.
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Figure 52. Schematic of Solar Cell Blanket Circuit Configuration

Based on the derivation in Reference 43, the total bus strip weight for the solar array panel

(both solar cell blankets) is given by:

where:

Wb = 4pdw£2 n (n + 1) (2n + 1)
3cev 2

p = resistivity of the bus strip conductors [ohm-m]

d = density of the bus strip conductor material including allowance for
the insulation [kg/m3 ]

V = circuit operating voltage measured at the circuit terminals [ volts]

w = nominal power output from one circuit [watts ]

£ = dimension of one circuit along the length of the blanket [m ]

a! = fraction of circuit voltage (or power) loss in bus strips

AV AP
V P

[1]
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The total weight of the solar array panel is given by:

W
t

= Sf +W
b

2]

where

S = total solar array panel area [m
2

]

= 2Lw

f = system weight-to-area ratio including the weight of solar cell blankets,
deployment and stowage mechanisms and structures [kg/m 2 ].

By defining

m = 22dw2 (n + 1) (2n + 1) 3 

3V w

Equation [ 1] becomes

mS
W = 

b

The figure of merit of the solar array panel, in terms of power delivered to the interface

per unit weight is:

(1 -Ca)P e ({1 -a)s
SfmS oaf +m [4]Sf +- s

s ao

where s = system power-to-area ratio with the power measured at the
circuit level [ watt/m2 ]

The optimum value of a, defined as a, is obtained by setting the derivative of equation

[4 ], with respect to a, equal to zero. Thus, this optimum value of ce is given by:

0 [5f 

s
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At this optimum value of voltage drop, we can write:

2
f

o Smo 1-2ac
0o

ac Sf
Wo s [6]

bo 1 - 2a6
0

P(1 - 2ao)

Po Sf
s

2.6.3 RESULTS OF ANALYSIS

The general analysis approach described above was utilized to study the bus strip weight

associated with a solar array panel which produces 10, 000 watts with a power-to-weight

ratio of at least 110 watt/kg. For this preliminary analysis, the two solar cell blankets

per panel will be mounted with 100 jim thick, 10 ohm-cm bottom wrap-around contact solar

cells. The total blanket weight (not including distribution bus strips) is 48.2 kg based on the

analysis in Section 2. 5. The required area of solar cells is 93. 8 m2 . Assuming a packing

factor of 1. 055, the total blanket module area is equal to 99. 0 m . The aspect ratio of the

blanket, Rb, defined as L/w, has a significant effect on the bus strip weight and will be used

as a parameter in this analysis.

The bus strip conductors were assumed to be copper with a resistivity, p, equal to 1. 724x 108

ohm-m at 20 C. With a temperature coefficient of resistance at 20 C of 0. 00393, the re-

sistivity of the copper at 55 C is 1. 960 x 10 ohm-m. The bus strips are composed of copper

foil conductors with Kapton-H film insulating layers. The equivalent density of this composite

was derived based on the assumption that the copper strip and the Kapton insulator are the

same width and the thickness of the copper is 1. 5 times the thickness of the insulator. With

those assumptions, the equivalent density, d, is given by:

d = d + 2/3 d
k

8940 + 2/3 (1420) = 9900 kg/m3
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where

d = density of copper = 8940 kg/m3

Cu

dk = density of Kapton-H film = 1420 kg/m
3

The system weight-to-area ratio, f, is assumed to be approximately given by:

10, 000 = 0.92 kg/m2
s 110 (99. 0)

By substitution of appropriate values into equation [ 3 ], the parameter m is represented by:

2 (1. 960 x 10 ) (9900) (5, 000) L (n + 1) (2n + 1)
m = 3Vn2

If the value of m is substituted into equation [ 5 ], the optimum value of power loss, ao, is

as plotted in Figure 53 as a function of circuit voltage, V. Four different values of blanket

aspect ratio, as well as three values of n have been plotted to show the affect of these vari-

ables. Figure 54 shows the total bus strip weight (Wbo from equation [ 6 ]) at the optimum

power loss as a function of the circuit voltage, V. The number of circuits per blanket, n,

has been selected as 10 for this presentation, but the same four blanket aspect ratios are

plotted.

In Table 18, the constituents of the total blanket weight are summarized based on the previous

analysis. Column 3 is the optimum power loss from Figure 53 for a value of n = 10. Column

4 is the solar cell area required to produce 10, 000 watts output at beginning-of-life, 1 AU and

55 C. This output is measured at the interface and includes the power losses in the bus strip

distribution network. The blanket weight in Column 5 is based on the use of 100 gim thick,

10 ohm-cm bottom wraparound contact cells with a minimum front and back shielding of

0. 008 gm/cm . The bus strip weight in Column 6 is from Figure 54 with a proportionate

increase to reflect the increased solar cell blanket area necessary to make up for the power

loss in the bus strips. The total blanket weight from Column 7 is plotted in Figure 55 as a

function of blanket aspect ratio, L/w.
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2.7 ATTITUDE CONTROL INTERACTION CONSIDERATIONS

2.7.1 INTRODUCTION

Interaction between the vehicle attitude system and large lightweight solar arrays is a factor

in the evaluation and selection of these arrays for space missions. Since the intent of this

study is to generate design concepts applicable to future missions it is essential that the per-

formance characteristics of the concepts be acceptable to system designers. The approach

to be used in the study is to develop design requirements or guidelines that will provide this

performance.

There are no design criteria that both eliminate interaction considerations and allow a large

lightweight array for the missions of interest. However, the problem is considered solvable

for specific missions and designs with the solution involving the participation of several space-

craft design and analysis disciplines. For example the attitude control of a Solar Electric

Multimission Spacecraft (SEMMS) with large solar arrays has been investigated by JPL (see

Reference 45) with the conclusion that attitude control of a vehicle with a large flexible solar

array can be accomplished for interplanetary missions. Though not as well documented,

attitude control specialists have similar opinions with respect to the other two missions in-

cluded in this study.

This discussion first lists the design guidelines currently being used by this study with a dis-

cussion of the interaction problem following.

2.7.2 DESIGN GUIDELINES

The most important requirement with respect to integrating a large lightweight solar array into

a spacecraft with an active attitude control system is to have the capability of adequately

modeling the array dynamic characteristics. This allows the design of the attitude control

equipment to proceed on a rational basis, and assuming adequate modeling of the other system

elements. The capability to adequately model the array for system dynamics analysis implies

that the structural dynamics are understood well enough to analyze the effects of other forcing

functions such as propulsion devices on the array system.
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The capability to model the solar array does not provide the design constraint needed for

the study. The structural rigidity or stiffness constraint adopted for the study is that the

solar panel shall have sufficient rigidity so that its lowest natural frequency of vibration is

equal to or greater than 0. 04 Hz. As discussed in the following section this value has been

used on several lightweight array studies in the past and is an acceptable value for at least

the interplanetary and synchronous earth orbit missions.

2.7.3 DISCUSSION

The structural rigidity design requirements used in previous development programs for large

lightweight solar arrays were surveyed as one step in generating a rational design require-

ment for this study. Results are summarized in Table 19. Except for one system, structural

rigidity is specified by constraining the natural frequencies of the solar array system. This

is as expected since one of the basic attitude control interaction considerations is whether or

not there are structural resonances within the bandwidth of the attitude control system. In

most systems this is the first problem that is encountered as the structural frequency is

reduced. However, other considerations such as the vehicle accelerations can be constraining

as is evidently the case for the Flexible Rolled-Up Solar Array (FRUSA).

The relation between the fundamental frequency, an acceleration environment, and the maxi-

mum panel deflection for any configuration can be approximated by considering the panel as

a single-degree-of-freedom spring mass system. Results are given in Figure 56. At the

selected lowest natural frequency of 0. 04 Hz the static deflection with a 0. 1 g force is about

25 meters, an unrealistically large deflection for the size system being considered. Thus,

the FRUSA stiffness requirement implies a higher frequency than the value selected for this

study.

The preferred approach in control system design is to have all structural resonance outside

the bandwidth of the control system. This is the approach used in the CTS program (see

Table 19) where the "rule of thumb" of a decade of separation was used.
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Control system bandwidths for synchronous earth orbits and interplanetary missions are

typically in the range of 0. 0016 to 0. 016 Hz while manned space stations using control moment

gyros could have bandwidths of 0.16 to 1.6 Hz. This wide range of bandwidths does not con-

verge on a value for lowest natural frequency that is typical for all missions. The value of

0. 04 Hz was selected as a baseline because it is within the range of interest and because of

its use in previous studies. Thus the results of this study are directly comparable with

previous studies since the structural stiffness requirement is the same. Parametric studies

will be carried out to show the effect of this requirement on weight.

Although a minimum frequency requirement for the general mission categories can be estab-

lished, integration studies have been carried out for the 0. 04 Hz value. Reference 45 con-

cludes that natural frequencies below 0. 04 Hz can be accommodated on the SEMMS vehicle

designs and unpublished studies at General Electric indicated that 0.04 Hz solar panels could

be accommodated on the ATS F and G vehicle with acceptable attitude control performance.

The design of a spacecraft for a particular mission will involve dynamics analysis of the

system and it is unlikely that any design requirement adopted in this study will satisfy all

mission requirements. It is also likely that at some future date the control system band-

width will include some of the array natural frequencies. The technique of keeping the

frequencies outside the control bandwidth essentially decouples the system and interaction

does not occur. There are a number of control system techniques that can be used to maintain

stability and control system performance when this is the case. Though they increase the

complexity of the control system this may be preferable to the increased weight that results

from the simple approach of stiffening the structure to increase its frequency. Reference 48

lists artificially stiffening the structure through the use of special, inner control loops, utili-

zation of a low pass filter within the control amplifier, artificially lowering the bandwidth of

the control through use of a special actuator lag which inhibits sign reversal of the control

at a rate higher than that needed to follow control commands, or through the use of notch

filters. This list should be considered typical rather than all inclusive since the technology

of control systems and associated equipment such as on-board computers allows many and

varied approaches to the attitude control of a spacecraft.
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SECTION 3

CONCLUSIONS

At this point in the study, it is possible to draw some preliminary conclusions based on the

work performed to date. The review of existing lightweight solar array system concepts

(see Section 2.2) leads to a number of conclusions regarding the application of these concepts

to the formulation of a 110 watt/kg solar array concept. These conclusions are listed below

along with the associated rationale:

1. "Rigid" folding panel design concepts can be eliminated from further consideration in
the 110 watt/kg feasibility study. This conclusion is based on the weight of the
Boeing folding panel design. This array is approximately the size required for the
10, 000 watt, 110 watt/kg array and has a structural weight-to-area ratio of 1. 486
kg/m2 . Based on this structural weight, the power-to-weight ratio would be approxi-
mately 70 watts/kg if it is assumed that the blanket weight is zero. The addition of
a blanket weighing 0. 53* kg/m2 will reduce the power-to-weight ratio to about 52
watts/kg which is far from the goal of 110 watts/kg. The use of a multiple panel
EOS Hollowcore approach offers no potential for improvement of this power-to-weight
ratio.

2. A single boom deployment system is lighter than a similar system with two booms.
A comparison of the GE roll-up with the Hughes roll-up shows a significant difference
in the weight per unit area associated with the deployment related structure. Part
of this difference can be attributed to the difference in size and deployed natural
frequency. In order to provide a valid comparison between these two concepts, the
GE roll-up was scaled down in area and up in deployed frequency using the techniques
described by Coyner and Ross in Reference 49. The width of 2. 52 m was held constant,
and the cell area was reduced to 13. 8 m2 with the lowest deployed natural frequency
increased to 0.25 Hz. Under these conditions, a BI-STEM boom stiffness of 1200
N-m2 (2.9 x 103 lb-ft2 ) is required with an associated deployed structure weight of
5.4 kg including the boom, actuator and leading edge member. The resulting deploy-
ment equipment weight-to-area ratio of 0.391 kg/m2 is still considerably less than
the 0.632 kg/m2 for the Hughes roll-up.

3. A flat-pack packaging concept offers weight advantages when compared to roll-up
stowage. This conclusion is subtantiated by comparing the large RAE flat-pack design
with either the GE or Hughes roll-up.

2
*Based on the use of 100pm thick, 10 ohm-cm cells with 0. 008 gm/cm of front and back
shielding with a 200 volt array bus and a blanket aspect ratio of 10 (see Section 2.6).
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4. Improvements in the structural concept of these existing designs is required to 2
meet the 110 watt/kg goal. With a blanket power-to-area ratio of 104. 5 watt/m
of cell area, it is necessary to have a total weight-to-area ratio of 0. 95 kg/m2 in
order to achieve an overall power-to-weight ratio of 110 watt/kg. With a blanket
weight of 0. 53 kg/m2, the remaining 0.42 kg/m2 is available for deployment aid
stowage structure. With the present concepts, the best available structure weights
are 0.258 kg/m2 for deployment with the GE roll-up and 0.299 kg/m2 for the RAE
flat-pack stowage system. Thus, improvements in both the deployment and stowage
weights are necessary to achieve the 110 watt/kg goal.

The review of the existing component technology base (see Section 2.4) leads to the following

conclusions:

1. Nominal solar cell thicknesses of 125 or 100 lim appear feasible from an overall
weight and electrical performance standpoint. Cell thicknesses of greater than
125 pm result in too large a portion of the total allowable system weight being used
for the solar cell blankets. This is a manner of judgement based on the distribution
of weight in existing lightweight flexible solar array system. Cell thicknesses of less
than 100 ;pm have only been produced in very small quantities and there is a complete
lack of published performance data for thinner cells. The 125 pm thick, 10 ohm-cm,
bottom wraparound contact cell manufactured by Ferranti, Ltd., is the best currently
available in terms of power-to-weight ratio and has been used as the basis for cell
performance predictions. This cell has a power-to-weight ratio of 360 watt/kg at
550 C. By comparison, the cell used on the 30 watt/lb roll-up solar array program
had a power-to-weight ratio of 270 watt/kg at 550C.

2. Pertaining to solar cell covers, a review of existing technology leads to the conclu-
sion that integral glass covers of Corning 7070 glass (with or without ceria stabiliza-
tion) which are deposited by the Ion Physic's HVIBS process or by the ERA's RF
sputtering process offer the best approach for performing this function. The low
instrinsic stress associated with this glass make it an attractive choice for deposi-
tion in thicknesses of 25 to 50 im on 100 to 125 gm thick solar cells. More work with
cells of this thickness would be required to verify this point. Both of these deposi-
tion processes are reported to have produced integral covers with consistently excel-
lent optical and physical properties. It is expected that some amount of ceria doping
of the 7070 glass will be required, but this determination will require additional work
to optimize the level for a particular particle radiation environment. Both of these
processes are capable of depositing some glass on the cell edges to provide a desirable
protection against low energy protons.

At the present time, the FEP-Teflon cover does not appear to offer the same degree
of environmental stability as the integral glass approaches described above. Further
development may reverse this conclusion.
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3. For the solar cell blanket substrate, Kapton-H film appears to offer the best solution,
but there appears to be little reason to cut-out sections of the substrate, thereby ex-
posing the rear side of the solar cells. This approach was taken on the RAE flat-pack
solar array with the result that it was later necessary to cover the rear surfaces of
each solar cell with 50 /m thick layer of Midland Silicones Silastoseal B adhesive
to provide the necessary low energy proton protection. With a cementless attach-
ment of the solar cells to the substrate, there may be some advantage to these
cut-outs as far as reducing cell operating temperature. A detailed thermal analysis
of the solar cell blanket should be performed to determine the effect of a potential
cut-out pattern on the average solar cell temperature.

The use of a Kapton/FEP/Interconnect/FEP/Kapton sandwich construction for the
substrate is not the most weight effective approach. The direct deposition of the
interconnector metal pattern on the Kapton substrate should be investigated.

Solder constitutes a significant fraction of the total substrate weight. The elimination
of this item by a welded connection between the solar cells and interconnectors will
make an obvious improvement in the overall system power-to-weight ratio.

4. The application of composite materials, such as boron/aluminum and graphite/
aluminum, to the fabrication 6f deployable boom structures shows promise from
a theoretical standpoint. Further study should be undertaken to evaluate the practi-
cal feasibility of this application.

The parametric analysis of the solar cell blanket portion of the system (see Section 2. 5)

yielded certain conclusions which are listed below:

1. The allowable 20 percent maximum power degradation over the mission lifetime
imposes shielding requirements which result in a total blanket weight which is too
high in relationship to the total system power-to-weight goal.

2. The use of a minimum shielding of 0. 008 gm/cm2 , which is considered sufficient to
prevent low energy proton damage, results in reasonable blanket weights for 100 or
125 pm thick solar cells. Under this minimum shielding condition and with 100 Am
thick, 10 ohm-cm cells, the calculated degradation due to the particle radiation
environment is 25, 26, and 11 percent for the interplanetary, geosynchronous and
manned space station missions, respectively. For the same thickness cells of
2 ohm-cm base resistivity and with the same minimum shielding, these radiation
degradations would be increased to 34, 36, and 16 percent, respectively. The use
of a 125 Mm nominal cell thickness will increase these degradation values slightly
due to the increased radiation damage for the same equivalent 1-MeV electron
fluence.
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3. The specification of beginning-of-life power along with a maximum allowable power
degradation over the mission lifetime leads to the conclusion that 10 ohm-cm
resistivity results in the minimum weight blanket for both the interplanetary and
geosynchronous missions, while 2 ohm-cm base resistivity is the best choice for
the manned space stationmission. For example, with a 20 percent allowable particle
radiation damage, the blanket weights are as shown in Table 20. Note that, for the
manned space station mission application, the degradation will be less than 20 per-
cent since the shielding has been maintained at a minimum of 0. 008 gm/cm2 to
provide adequate low energy proton protection.

If the end-of-life power requirement were specified with no restrictions on beginning-
of-life output, the selection of 2 ohm-cm base resistivity is indicated for the inter-
planetary and geosynchronous misssions, but the difference is not great for lightly
shielded ultra-thin cells.

4. The selection of solar cell base resistivity has no real affect on the design details
of the solar array system. For preliminary sizing purposes, the performance
characteristics of 10 ohm-cm cells will be used for the interplanetary and geosyn-
chronous missions. These arrays will be sized to produce approximately 10, 000
watts of deliverable power at the interface at the beginning-of-life and will be lightly
shielded, front and back, to provide protection against low energy proton damage.
For the manned space station mission, the use of 2 ohm-cm cells on the same basic
solar array configuration will provide increased power generation capability to
counter balance the increased operating temperature.

Table 20. Solar Cell Blanket Weight Required for 20 Percent
Maximum Degradation .for Each Mission Type

Blanket Weight (kg)
Nominal Manned

Cell Base Space
Thickness Resistivity Interplanetary Geosynchronous Station

(/Lm) (ohm-cm)

100 2 63.6 81.5 40.8

10 57.9 69.4 48.2

125 2 71.7 90.6 43.5

10 66.6 81.1 50.2

3-4



The parametric analysis of the bus strip distribution network (see Section 2. 6) revealed the

importance of voltage in determining the weight associated with this portion of the system.

It is advantageous to select a circuit voltage which is as high as practical. A circuit voltage

of less than 100 volts is obviously impractical if the goal is to design a solar array to meet a

110 watt/kg power-to-weight ratio goal. In general, the solar array voltage is predetermined

by the power subsystem interface requirements and is beyond the control of the solar array

designer. Present day limits on power transistor reverse breakdown voltage would restrict

the solar array operating voltage to about 200 volts.

During the course of this study, the solar array operating voltage will be treated as a variable

with a range from 100 to 400 volts.
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SECTION 4

RECOMMENDATIONS

No specific recommendations are made at this early point in the study.
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SECTION 5

NEW TECHNOLOGY

No items of new technology have been reported during this period.
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1. SCOPE

1. 1

10 kilowatt

kilogram.

This specification covers the requirements for the design of a

solar panel having a power-to-weight ratio greater than 110 watts per

2. APPLICABLE DOCUMENT

2. 1 The following document of the issue shown forms a part of this

specification to the extent specified herein:

STANDARD

Military

MIL-HDBK 5 Metallic Materials and Elements for
Flight Vehicle Structures

3. REQUIREMEN TS

3. 1 Conflicting requirements. In case of conflict between the require-

ments of this specification and the documents referenced herein, the requirements

of this specification shall govern.

3. 1. 1 Deviations from standard practices. Any deviations from

generally accepted standard practices will be approved by the Jet Propulsion

Laboratory (JPL), after it has been demonstrated by analysis or test that the

deviations will not degrade the overall probability of attaining the objectives of

this effort. The burden of proof in such circumstances shall rest upon the con-

tractor and not upon JPL.

3. 2 Performance requirements. The solar panel shall be designed so

that the following performance requirements can be met.

3. 2. 1 General. In the stowed configuration, the solar panel shall

be supported in a manner that will prevent damage to the solar panel under shock
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and vibration loads. Upon command and in proper sequence, the release and

deployment mechanism shall extend and lock the solar panel into the deployed

position at a rate to be defined by the contractor.

3. 2.2 Power requirement. Following launch, the deployed solar

panel shall be capable of supplying 10 kilowatts of electrical power at the space-
2

craft interface at a solar intensity of 140 mw/cm and at the predicted solar

array temperature at this intensity.

3. 2. 3 Lifetime. The solar panel shall be designed to perform over

a period of 3 years with no greater than a 20 percent loss of power and with no

failures which would prevent the panel from performing successfully in both

mechanical and electrical modes.

3.2.4 Solar panel operating temperature. The thermal character-

istics of the deployed panel shall be adjusted so that the celled area maintains an

operating temperature between 50 and 70°C at a solar intensity of 140 mw/cm 2 .

3. 2. 5 Solar panel weight. The weight of the solar panel, including

the release and deployment mechanisms but not including the solar panel gimbal-

ing mechanisms, shall be so that the solar panel specific power exceeds 110 watts

per kilogram at a solar intensity of 140 mw/cm2 .

3. 2. 6 Packaging volume envelope. The volume and shape of the

stowed solar panel, including the release and deployment mechanisms, shall be

determined by the contractor in order to maximize the solar panels adaptability

to various spacecraft configurations. In these design considerations, a

2000-pound spacecraft containing two 10-kilowatt solar panels and a Titan-

Centaur launch vehicle shall be assumed. The following requirements shall also

be included:

a. Launch vehicle shroud volume restrictions.

b. Spacecraft structural interface requirements.

c. Solar panel deployment complexity (reliability).

d. Solar panel gimbaling (Sun tracking) requirements.
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3. 2.7 Structural interfaces. The solar panel to spacecraft

attachment points shall be considered to provide the most efficient interface

capable of performing the mission. Consideration shall be given to the ease with

which the deployed solar panel can be gimbaled (tilted or rotated) with respect to

the spacecraft as required by the Sun tracking requirements. Consideration

shall also be given to the requirements imposed on the spacecraft structure by

the solar panel. A solar panel, requiring an extremely rigid support or negligible

relative motion between widely spaced support points, would be undesirable

because meeting these requirements would result in increased spacecraft weight.

3. 2. 8 Structural rigidity. In the deployed configuration, the solar

panel shall have sufficient rigidity so that its lowest natural frequency of vibra-

tion is equal to or greater than 0. 04 Hz.

3. 2. 9 Mass center location. The solar panel shall be designed to

minimize displacement of the vehicle mass center and center of solar pressure

caused by thermal gradients and solar panel temperatures.

3. 2. 10 Flatness. In the deployed configuration, the solar panel

celled area shall lie in a predetermined plane with a maximum angular deviation

of -10 degrees between any portion of the celled area and the plane. This toler-

ance shall include deflections from the thermal gradients arising from the oper-

ation at any heliocentric distance from 0. 5 to 5. 0 AU, but shall not include

deflections due to dyanmic load inputs.

3. 2. 11 Inspection. Release, deployment, and locking mechanisms,

not necessarily the assembled solar panel, shall be designed so that, with suit-

able equipment, their operating functions can be inspected in a one-g Earth field

environment.

3. 2. 12 Reliability. The solar panel design shall incorporate design

practices that maximize the probability that the solar panel.will operate success-

fully in both mechanical and electrical modes.
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3.3 Environmental requirements. The following environmental

requirements shall be considered in the design of the solar panel.

3.3. 1 Ground handling. The solar panel's structural, mechanical,

and electrical performance shall not be degraded because of ground handling

during manufacturing, testing, and transportation operations.

3.3. 2 Launch environment. The following environmental constraints,

representing the launch environment of the solar panel in the stowed configuration,

shall be considered in the solar panel design.

3. 3. 2. 1 Sinusoidal vibration. The sinusoidal vibration input levels at

frequencies between 5 and 2000 Hz shall be as specified on Figure 1. These

levels are specified at the interface between the solar panel assembly and the

spacecraft in each of three axes. For configurations with widely spaced support

points, these input levels shall be simultaneously applied at each support point,

but the worst case phase relationship shall be assumed for motion perpendicular

to the line joining the supports.

! 1 11 -l I :1

T_111h 17Fr '41llil11 l1111I H .li I
lllllllll I;lK:; II':

4 6

- m: : I 1;:1 i' i ii

I I I I I I . I! I t lI, ='I I Ii I I 1 [ I + IllIIH',,I :,1 I.'

10 20

iS T IT-I I i ' ii i ii 

1 1 I I:T I, I I 

,,rl,-: i........ Il ,]

400 600 1000 200040 60 100oo 200

FREQUENCY IN HZ

Figure 1. Sinusoidal Vibration Test Requirements

A-6

20.0

Y 10.0

0
z 6.0

Z 4.0

2.0w 2.0
uJ

U

1.0

U iI.i;1~1;
', ;;" jiiiIiiililil:l7!,! ,:..i."V'ANI +-II,' 1; :11" _...,

; -- :-.E -i-["t'i = x____4__.._L. T --- '-i --:i _ Hi it [ :I : , ii

_~~I F-k--+ E--=--i-+: I@ ' --- lm He ' ' -_ --- _

:=-5__J__Z-:-_- _[ m .- ."1- _
_~~~~~~, I E _ . ; I I 'l[ H

_l' 'ln *'- qm Z~_.=
1 hi~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~~

~~~~~~~~~~ . I _L l, I1I . i .
JLIIItl::'I. lI1S-t-1~ I l;ml

^~~~~~~ ~~~~~~~ 11 Cl:lI [:l : 't'1

ir I -I 1' i I r [ i i !~~~~~~~~~~~~~~~~~~~~

I 1 11_11-

I . ..1...:1
I I I'l::,t I l'1

-r-r - -=



JPL S:,ec ES506080 B

3. 3. 2. 2 Acoustic. The launch acoustics environment shall be

60 seconds of random incidence, reverberant sound field, having the third-

octave band sound pressure levels defined in Table I. The overall sound pressure

level for the spectrum given in Table I shall be approximately 150 db reference

to 0. 0002 dyne/cm 2 ; however, the spectral levels within each one-third octave

band defines the basic requirements.

Table I. Acoustic Test Levels

1/3 Octave
Band Center
Frequency

(Hz)

80

100

125

160

200

250

315

400

500

630

800

1000

1250

1600

2000

2500

3150

4000

5000

6300

8000

10, 000

Sound Pressure Level
in 1/3 Octave Bands

(db ref 2 x 10-4 dynes/cm2
)

132. 5

136. 0

138.0

140.0

142. 0

142.5

143.0

142. 5

141.5

140.0

138.0

136.0

135. 0

133.0

132.0

130. 0

128.5

127.0

125. 5

124. 0

122. 5

120. 0
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3. 3. 2. 3 Shock. The mechanical shock environment shall be the shock

pulse shown on Figure 2 and shall be applicable to each of the three mutually

perpendicular axes defined in 3. 3. 2. 1.

3. 3. 2.4 Static acceleration. The static acceleration environments

shall be 9 g's at the approximate center of mass of the solar panel in the stowed

configuration. This environment shall be considered equal for each of three

mutually perpendicular axes.

3. 3. 2. 5 Launch pressure profile. The solar panel temperature shall

be initially at 27 ±6°C and at atmospheric pressure. The pressure shall be con-

tinuously reduced, and the rate of change of pressure shall obtain a maximum of

116 ±8 torr/second, beginning from a rate of less than 16 torr/second and return-

ing to a rate of less than 16 torr/second in a period of less than 10 seconds, and

a minimum pressure level of 20 percent of the atmospheric pressure in less than

65 seconds.

3. 3. 2. 6 Aerodynamic heating. The aerodynamic heating rate of the

solar panel's external surface during boost in the stowed configuration shall be

considered as +30°C/minute for a period of 200 seconds. Initial temperature

shall be taken to be 27 ±6 °C.

3. 3.3 Space flight environment. The following space flight environ-

mental constraints shall be considered in the solar panel design. These envi-

ronments are applicable for both the stowed and the deployed configurations.

3. 3. 3. 1 Steady state thermal/vacuum environment. The steady state

thermal vacuum environment shall cover the range from -130 to +140°C and a

pressure of 10 5 torr or less.

3. 3. 3. 2 Thermal shock environment. The thermal shock temperature

extremes shall be considered to be -190 and +140°C and a pressure of 10 5 torr

or less. The temperature time rates of change during thermal shock shall be at

the natural cooling rate of the solar panel in a simulated passage through plane-

tary shadow, and the natural heating rate of the solar panel in a normal solar
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flux of intensity corresponding to a steady state temperature of 140 °C on the

solar panel. The total thermal shock environment shall consist of 1000 complete

cooling and heating cycles.

3. 3. 3.3 Solar flare proton radiation environment.

for the 3 year mission shall be defined in Table II.

The proton fluency

Table II. Mission Proton Fluency

3.3.3.4 Pyrotechnic shock environment. The solar panel assembly

shall be capable of withstanding shock environments induced by the firing of any

pyrotechnics of the assembly that may be required for the operation of the

a s embly.

3.4 Materials, parts, and processes. Materials, parts and processes

used in the design of the solar panel shall conform to the requirements specified

herein. Any materials, parts, and processes that are not so covered shall be

subject to the approval of the JPL cognizant engineer. In every case, the con-

tractor's selection shall assure the highest uniform quality of the solar panel.
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3.4. 1 Material selection criteria. The influence of the following

environments and those specified in 3. 3 on the design properties of the. structural,

electrical, thermal control, and lubricant materials in the solar panel shall be

considered:

a. Storage at 95 percent relative humidity at 55 °C for

50 hours.

b. 150 thermal cycles between -120 and +60°C at 10 7 torr

with a rate of change that permits temperature stabiliza-

tion dwell at the extreme temperatures.

c. 10,000 thermal cycles between -195 and +140 C at

10
'

7 torr with a 90 minute cycle, and a temperature

stabilization (< 2°C/hr) dwell at the extreme temperature.

d. 1000 thermal shocks of less than 30°C/minute.

3.4. 1. 1 Flight environment materials. The materials shall be capable

of enduring all space environments without releasing any significant condensing

gases which would decrease the solar cell efficiency, or could potentially lead to

electrical shorts or degradation to the spacecraft systems operation.

3.4.2 Radiation resistance. The dosage and energy levels of the

particulate radiation encountered during a mission shall not produce a significant

effect on the metallic structural elements. Polymeric materials shall be either

shielded or selected to resist a radiation dosage of 107 rads without decreasing

the critical design properties below the design allowables.

3.4.3 Fxposed structural adhesives. When used to bond transparent

or partially transparent structural components, the influence of particulate radia-

tion of 107 rads, and ultraviolet radiation equal to 3650 days of solar radiation at

the rate of 2. 002 calories/cm2/minute, on the adhesive shall be considered.

3.4.4 Solar cell adhesives. A requirement for two separate adhe-

sives can exist in the solar cell area. One requirement shall be for an adhesive

used to attach the solar cells to the structure; and the second shall be to bond the

solar cell cover glasses to the cells. The adhesive for bonding the cover glasses
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to the solar cells shall be transparent to electromagnetic radiation in the

wavelengths from 0. 4 to 1. 0 micron, and shall be resistant to ultraviolet and

particulate radiation. The adhesives shall have the following properties:

a. High thermal conductivity.

b. Low outgassing in the vacuum environment.

c. A modulus of elasticity compatible with the thermal

motion of the cells and structure.

d. Repairability during the fabrication phase.

3.4. 5 Thermal control coatings. Degradation of the coatings by the

ultraviolet and particulate radiation of the flight environment shall be considered.

3. 4. 6 Bearings and lubricants. In the event bearings and lubricants

are required in the solar panel design, the bearing materials shall resist the

thermal excursions and particulate radiation of the flight environment. Lubri-

cants shall not degrade: i. e., lose lubricity under flight conditions up to

3650 days, or release any condensing gases, which may potentially cause degra-

dation to the spacecraft system. Possible occurrence of cold welding at hard

vacuum shall be evaluated.

3.4. 7 Part producibility. Configuration and size of parts shall be

compatible with normal tooling practices. Very thin foil gage parts shall be

capable of being fabricated with reasonable assurance that damage will not occur;

and that the part can be handled without damage when reasonable precautions are

taken.

3.4.8 Solar cell adhesive thickness tolerance. Solar panel and solar

cell installation normally shall require the extensive use of bonding materials.

The thickness and area of application of these materials, if used, shall be accur-

ately controlled. The designs and processes shall include control requirements

and tolerances that can be maintained in the fabrication shops.
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3. 4. 9 Solar cell tolerances. The control of solar cell processing

through the fabrication shops shall be dependent upon the comparison of initial

L. ;ing and grading to subsequent cell testing during the fabrication sequence.

The tolerances set by.the design shall be adequate to allow a high yield of good

assemblies.

3.4. 10 Solar cell connections. The heat required in joining solar

cells by soldering can cause degradation in cell performance. The solar cell

electrical connecting technique shall be comparable with solar cell interconnec-

tion methods and shall exhibit accurate temperature control for minimum power

loss.

3.4. 11 Solar cell installation. The installation of solar cell assem-

blies on to substrate panels, and the assembly of structural components parts

shall be accomplished with protective coverings on the operator's hands; or the

handling shall be done with suitable mechanical devices. The configuration of

these assemblies shall be designed so that the required work can be accomplished

while complying with all handling restrictions.

3.4. 12 Configuration of the solar panel. The configuration of the

solar panel shall be designed so that positioning and holding of components and

subassemblies can be accomplished to provide support during solar panel

assembly.

3.4.13 Repair and replacement. Fabrication personnel shall be able

to repair or replace any components of the solar panel at any time during the

fabrication or ground handling sequence. The extent of repairability shall be

determined by the ease of access to the damaged part without damage to adjacent

parts when the repair is made.

3. 5 Mechanical design criteria. The following criteria shall govern

the mechanical design of the solar panel.

3. 5. 1 Strength and deflection requirements. All structures, with

minimum material and geometric properties, shall have adequate strength and
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rigidity to accomplish all requirements. In the fulfillment of the strength and

deflection requirements; the worst possible combination of simultaneously applied

loads and environmental conditions shall be used to determine limit loads and

design loads. Particular attention shall be given to the following.

3. 5.1. 1 Dynamic loads. During the loads analysis, consideration

shall be given to loads induced by the solar panel's elastic and rigid-body

response to dynamic excitation.

3. 5. 1. 2 Quasi-static loads. All quasi-static loads shall be considered,

including launch vehicle thrust and flight maneuver loads.

3. 5. 1. 3 Fatigue considerations. Fatigue shall be considered in the

design of structural elements by the avoidance of deleterious residual stresses

and stress concentrations in conformity with good design practice. Special

attention shall be given to elements subjected to repeated load cycles at high

stress levels. Material selection shall consider fatigue characteristics in rela-

tion to the design requirements of the structural element.

3.5. 1.4 Thermal considerations. Consideration shall be given to

deterioration of material properties and to stresses and deformation caused by

temperature effects, both prolonged and transient.

3. 5.2 Limit load. The limit load shall be considered the maximum

load a structural element is expected to experience during its required functional

lifetime, including fabrication, handling, and ground testing. No structural

element with minimum material and geometric properties shall yield at limit

loads or impair the required functions of the solar panel.

3. 5.3 Design load. The design load shall be considered the limit

load multiplied by the safety factor. No structural element with minimum mate-

rial and geometric properties shall exceed the ultimate stress, failure by

instability, or rupture at design load.
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3.5.4 Material properties. The allowable material properties shall

be selected to satisfy the environmental conditions that affect material properties.

Metallic materials shall be in accordance with MIL-HDBK 5.

3. 5.5 Safety factors. The following safety factors shall be used:

a. Structures: 1.25.

b. Structural joints, fittings, and brittle material: 1.44.

3.5.6 Structural qualification test levels. The environmental levels

defined in 3.3 shall be considered as the qualification test levels.

3.5.7 Structural design. Simplicity of the analyses and tests shall

be considered in the structural design. All structural components shall be

amenable to either analytical or experimental demonstration of adequacy.

3.5.8 Structural nonlinearities. Nonlinear structural characteristics

shall be kept to a minimum; however, two types of nonlinearities that are of prime

importance are as follows and should be given consideration:

a. Nonlinearities in energy dissipation mechanisms.

b. Mechanical backlash.

3. 5.8. 1 Energy dissipating mechanisms. Where possible, all energy

dissipating mechanisms used shall have linear force-velocity relationships over

a wide range of frequencies, loads, and temperatures.

3.5.8.2 Mechanical backlash. Particular effort shall be made to

avoid any mechanical backlash in all structural connections.

3.5.9 Separation joint preload. Attachment of any component to

another shall provide for sufficient axial preload so that no physical separation

will occur during any ultimate load conditions.
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3. 5. 10 Design flexibility. The solar panel shall be designed so that
additional data and advances of technology may be incorporated at later dates.

3. 5. 11 Thermal gradients. The solar panel shall be designed to

minimize thermal gradients in the plane of the solar panel.

3. 5. 12 Mechanical integrity. The solar panel shall be designed to

prevent the release of loose parts or gases that could damage or impair the

function of the solar panel or other spacecraft subsystems.

3. 5. 13 Margins of safety. Margins of safety are defined with respect

to the limit load or the design load as:

MS=* ( ** )-
limit load (design load)

*Load corresponding to yield stress of a structure
with minimum geometric and material properties
with consideration of environmental effects on
material properties.

**Load corresponding to ultimate stress, instability,
or rupture of a structure with minimum geometric
and material properties with consideration of envi-
ronmental effects on material properties.

3.6 Electrical design criteria. The following criteria shall govern the

electrical design of the solar panel.

3. 6.1 Solar cell efficiency. The contractor shall establish the

power output based on the photovoltaic characteristics of the proposed solar cell

and the predicted operating temperature of the solar panel. This design effort

shall include the power losses incurred during fabrication, assembly, cabling,

and solar panel/spacecraft interfacing considerations.

3. 6. 2 Electrical insulation. The electrical insulation between the

solar cells and the solar panel structure shall provide a maximum dielectric

breakdown strength in air, at standard temperatures and pressure conditions,
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greater than three times the open circuit voltage of the solar panel. Leakage

resistance under the test conditions shall be greater than 109 ohms per square

centimeter of cell area.

3. 6. 3 Repairability. The solar cell modules shall be constructed,

and materials shall be selected so that any defective cell ean be repl..ced in a

fabrication repair area without damage to adjacent cells, electrical insulation,

or mounting substrate.

3. 6.4 Compatibility of materials. The solar cell stack shall be

designed to use only materials that are compatible thermally, mechanically, and

electrically with each other, with the space environment, and interface require-

ments of the solar cells substrate.

3. 6 5 Interconnections. The solar cells shall be interconnected

both in parallel and in series by a metallic conductor. This conductor shall be

designed to minimize both thermal and flexural stresses on the solar cell inter-

connection. The resistance of the interconnection, plus solder, shall not exceed

2 percent of the total series resistance of the solar cells. The joint shall have

a strength equal to, or greater than the strength of the bond between the semi-

conductor material and the ohmic contacts. The joining materials shall exhibit

stable physical and electrical characteristics in both space and terrestrial

environments.

3. 6.6 Magnetic field. Solar cell wiring, interconnecting and struc-

tural techniques shall be designed to minimize the magnetic field produced by

the flow of current in the solar panel.

3. 6.7 Electrical conductors. The size and configuration of elec-

trical conductors shall be determined by the following considerations:

a. Minimum possible weight.

b. Minimum resistivity.

c. Minimum magnetic field.

d. Mechanical strength to endure design loads.
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e. Exterior finish to be resistant to natural and induced

environments.

f. Process adaptability.

g.' Redundancy.

h. Thermal coefficient of expansion.

i. Thermal shock (minimum of 30°C/minute) on the cells.

j. Repairability.

k. Conductor flexibility.

3. 6.8 Conductor insulation. Conductor insulating materials shall

be selected on the basis of the following considerations:

a. Mechanical strength.

b. Flexibility.

c. Dielectric characteristics.

d. Ease of forming or fabricating.

e. Flight environment considerations.

f. Minimum weight.

3. 6.9 Electrical terminals. Terminals shall be used to facilitate

maintenance, repair, and replacement of electrical components. The following

requirements for terminals shall be met:

a. Voltage drop across any terminal shall not exceed

25 millivolts at rated load.

b. The terminals shall withstand 50 cycles of manual mating

and unmating without replacement of parts.

c. The terminals shall be accessible for ease of wiring

installation and for factory or field checkout.

d. Ther terminals shall be rigidly attached to primary or

secondary structure.

e. The terminals shall have minimum possible weight.

f. Exterior finish of the terminals shall be resistant to both

natural and induced environments.
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3. 6. 10 Installation. The installation of wires, terminals, electrical

:onnectors, and busses shall conform to the following requirements:

a. Busses and other wiring shall be installed in order to

minimize magnetic fields.

b. Installation shall withstand the rigors of normal handling

and transportation as well as launch and operational

maneuvers.

c. Installation shall be designed to facilitate service and

repair activities.

3.6. 11 Electrical checkout. Test terminals shall be provided on the

solar panel to permit ground testing and checkout prior to launch, in a one-g

Earth field, with suitable ground support equipment (GSE).

3. 7 Workmanship. Workmanship of the solar panel model shall be of

such quality that the model shall be free from any defects that would affect its

performance or appearance.

4. QUALITY ASSURANCE PROVISIONS

4. 1 Contractor inspection. The contractor shall perform all necessary

Quality Assurance control and inspection to assure that compliance with the

requirements of this specification have been fulfilled.

4. 2 Rejection and resubmittal. Units that do not meet all the test

requirements of this specification shall be rejected. Before resubmittal, com-

plete particulars concerning the previous rejection and the action taken to correct

the defects shall be furnished.
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5. PREPARATION FOR DELIVERY

5.1 Packaging, packing and shipping. The point of inspection,

acceptance, and the delivery of all deliverable supplies specified herein shall be

made at Jet Propulsion Laboratory, 4800 Oak Grove Drive, Pasadena, California.

All deliverable supplies shall be packaged, packed, boxed, or crated in a manner

that will assure safe delivery and shall be shipped prepaid to JPL.

6. NOTES

None.
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SOLAR CELL RADIATION DAMAGE
VS

1-MeV ELECTRON FLUENCE

The following figures show the degradation in solar cell short-circuit current, open-circuit

voltage, and maximum power as a function of 1-MeV electron fluence. Two nominal solar

cell base resistivities are shown: Figures B-1, B-2 and B-3 for 2 ohm-cm, and Figures B-4,

B-5 and B-6 for 10 ohm-cm.

Cell thicknesses from 300 to 86 pm are shown for the 2 ohm-cm resistivity, while thicknesses

from 305 to 94 ,um are shown for the 10 ohm-cm resistivity. All these curves are based on

data obtained from Reference 50.
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Figure B-1. Short-Circuit Current Degradation for 2 ohm-cm
N/P Silicon Solar Cells (from Reference 50)
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Figure B-2. Open-Circuit Voltage Degradation for 2 ohm-cm
N/P Silicon Solar Cells (from Reference 50)
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Figure B-3. Maximum Power Degradation for 2 ohm-cm
N/P Silicon Solar Cells (from Reference 50)
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Figure B-4. Short-Circuit Current Degradation for 10 ohm-cm
N/P Silicon Solar Cells (from Reference 50)
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Figure B-5. Open-Circuit Voltage Degradation for 10 ohm-cm
N/P Silicon Solar Cells (from Reference 50)
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Figure B-6. Maximum Power Degradation for 10 ohm-cm
N/P Silicon Solar Cells (from Reference 50)
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