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HEAT-TRANSFER AND PRESSURE DISTRIBUTIONS 

ON 60° AND 70° SWEPT DELTA WINGS HAVING 

TURBULENT BOUNDARYLAYERS 

By William M. Murray, Jr., and Robert L. Stallings, Jr. 
Langley Research Center 

SUMMARY 

Heat-transfer and pressure distributions were obtained on 60° and 70° swept delta 
wings with sharp and blunt wing leading edges in the Langley Unitary Plan wind tunnel. 
All models were tested with an artificially tripped boundary layer at Mach numbers of 
2.98, 3.71, and 4.44 at nominal Reynolds numbers per  meter of 9.85 X lo6 and 19.7 X l o6  
and through an angle-of-attack range from -loo to  loo. 

For  angles of attack from Oo to loo (instrumentation windward) both the magnitude 
and distribution of heat-transfer measurements throughout the range of test  conditions 
were generally in good agreement with turbulent flat-plate theory. Heat-transfer and 
pressure measurements and oil-flow photographs revealed the presence of a vortex for- 
mation over the leeward surface for Mach numbers of 2.98 and 3.71, nominal Reynolds 
numbers per  meter of 9.85 X l o6  and 19.7 X lo6,  and angles of attack of -5O and -loo. 
Throughout the range of test  conditions there was no noticeable effect on either the heat- 
transfer o r  pressure measurements when the leading-edge radius of both wings was 
increased from a sharp leading edge to a cylindrical leading edge of 0.635-centimeter 
radius. 

INTRODUCTION 

A winged vehicle in high-altitude, high-speed flight will  most likely have a fully 
developed turbulent boundary layer over a large portion of its wing surface. The extent of 
this turbulent flow will  be influenced by many factors including Mach number, Reynolds 
number, angle of attack, and the geometric design of the vehicle. This geometric design 
includes such things as (1) sweep angle of the wing leading edge, (2) degree of leading- 
edge bluntness, (3) amount of dihedral, and (4) airfoil shape. 

The delta planform appears to be a logical choice for such a vehicle, hence informa- 
tion concerning the heating and pressure distributions for a turbulent boundary layer on 
such a wing might be highly useful. Available information about the aerodynamic heating 
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on the surface of delta wings is very limited. Previous investigations (refs. 1 to 16) have 
resulted in large amounts of data in the laminar and transitional regimes and little or no 
data under conditions of turbulent boundary-layer flow. No known previous attempt has 
been made to study, in detail, the fully turbulent heating and pressure distributions on 
delta wings with sharp and blunt leading edges. 

The purpose of this test was to obtain and analyze turbulent heat-transfer and pres-  
sure  data on two delta-planform wings having no dihedral, sweep angles of 60' and 70°, 
and leading-edge radii of =O, 0.317 , and 0.635 centimeter. These wings were tested with 
an artificially tripped boundary layer through an angle-of-attack range from -loo to loo 
at Mach numbers of 2.98, 3.71, and 4.44. The nominal Reynolds number per  meter was 
9.85 X 106 and 19.7 X lo6, yielding a maximum Reynolds number based on center-line 
chord of about 17 x 106. 

SYMBOLS 

A 

C 

h 

i 

M 

P 

r 

R 

S 

t 

T 

V 

W 

aspect ratio 

specific heat of model skin, joules per (kilogram)(degree Kelvin) 

heat - tr an sf e r coefficient, joules per (mete r2) (second) (degree Kelvin) 

characteristic dimension of blunt leading edges, centimeters (see fig. 3) 

Mach number 

pressure, newtons per meter2 

wing leading-edge radius, centimeters 

Reynolds number per unit length, 

distance behind wing leading edge, parallel to wing center line, meters  or 

l /meter 

centimeters as noted 

time, seconds 

temperature , degrees Kelvin 

velocity, meters  per second 

weight of model skin per unit area, kilograms per meter2 
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Y spanwise coordinate, meters  or centimeters as noted 

Z coordinate perpendicular to wing surface, meters or centimeters as noted 

CY angle of attack, degrees 

A wing leading-edge sweep angle, degrees 

Subscripts: 

e equilibrium conditions 

2 local conditions 

t stagnation conditions 

W wall conditions 

00 f ree  -stream conditions 

0,1,2,3, . . .,n time sequence 

MODELS AND INSTRUMENTATION 

The models used in this investigation were 60° and 70° delta wings with zero dihe- 
dral  and leading-edge radii of =O, 0.317, and 0.635 cm. 

Models 1 and 2, shown in figures l(a), l(b), l(c), and l(d) were used to  obtain both 
heat-transfer and pressure data. These models were constructed by bonding 0.0762-cm- 
thick inconel plates to fiber-glass shells having several  internal ribs. The shell r ibs  not 
only provided strength and rigidity for the shells but also limited plate deflections due to 
aerodynamic loads and provided additional surface a rea  to which the plates were bonded. 
The use of fiber glass as a shell and rib material maintained a low rate  of conduction 
from the plate to the supporting structure. 

The plates of models 1 and 2 were instrumented over half their surface with static- 
pressure orifices and over the other half with iron-constantan thermocouples spotwelded 
to the undersurface. The location of the instrumentation is shown in figures l(a) and l(c), 
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and a complete list of ordinates is presented in table I. The longitudinal thermocouple 
rows are located midway between shell r ibs  to minimize the possibility of conduction 
e r rors .  

Model 3 was formed from 1.3-cm-thick mild steel plate as shown in figure, 2. This 
model was used to  obtain oil-flow photographs and a more detailed pressure distribution. 
Figure 2(a) shows the location of the static-pressure orifices on model 3. 

The leading-edge bluntness was varied by attaching s t r ips  of fiber glass to the 
undersurface of the wings as shown in figure 3. None of these s t r ips  contained any 
instrumentation. 

For  the schlierens and the pressure and heat-transfer tests, the models were 
installed in the test section as shown in figure 4,  with the instrumented surface downward. 

To insure that the boundary layer was fully turbulent over a large portion of the 
wings, an artificial t r ip  was used on all configurations. This t r ip  consisted of large sand 
particles (zO.10-cm diameter) which were spaced 0.635 cm apart on lines parallel to and 
0.635 cm behind the leading edges. These t r ips  may be seen in the photographs of fig- 
ures  l(b), l(d), 2(b), and 4. 

The following table presents the geometric characteristics of the eight configura- 
tions used in this investigation: 

1 
2 

Model 

1 
1 
1 
2 
2 
2 
3 
3 

___ - . - 

.___ _ _ _  

A, deg ____ ... 

60 
60 
60 
70 
70 
70 
70 
70 

~ . 

r, cm 

=O 
.317 
.635 

.317 

.635 

= O  

= O  
.635 _ _  -. 

Total-pressure distributions in the flow field of configuration 7 were obtained by 
using the probe head and traversing mechanism shown in figure 5. The probe head 
(fig. 5(a)) contains two pitot-type probes 1 cm apart and 0.0508 cm thick. The traversing 
mechanism (fig. 5(b)) consists of a gear-driven threaded rod capable of positioning the 
probe head with an accuracy of better than 0.00254 cm. Whereas the traversing mecha- 
nism positioned the probes perpendicular to the wing surface, spanwise and chordwise 
positioning was accomplished by using an offset sting and rotating a plug in the test- 
section door and by using a movable model support strut ,  respectively. Note that it was 
necessary to  roll  the model 90° to  obtain these surveys. 
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The pressure orifices of all models and the pitot probes were connected with 
0.177 8- cm -out side -diameter inconel tubing to electrical pressure transducers out side the 
tunnel. The output of each transducer was  recorded on a digital self-balancing potenti- 
ometer. The output of each thermocouple was recorded on a multichannel sequential 
analog-digital converter discussed in reference 17. The tunnel free-stream static and 
stagnation pressures  were measured on precision mercury manometers. Stagnation 
temperature within the tes t  section was measured by probes mounted on a rod attached to 
the sting and located just aft of, but outside the boundary layer on, the model. 

2.98 9.85 X lo6 and 19.7 X l o6  397 
3.71 9.85 X lo6 and 19.7 X lo6 39 7 
4.44 9.85 X lo6 and 19.7 X lo6  3 80 

APPARATUS AND TEST CONDITIONS 

0 *5 *lo 
0 *5 *10 
0 *5 

This investigation was conducted in the high Mach number test  section of the Langley 
Unitary Plan wind tunnel described in reference 18. This variable-pressure, continuous- 
flow tunnel has an asymmetric sliding-block nozzle that permits a continuous variation in 
the test-section Mach number from 2.30 to 4.63. The deviation in Mach number in the 
entire 1.22- by 1.22-meter test  section €or M = 2.98 is *0.015 and for  M = 3.71 and 4.44 
is *0.050. The effects of nonuniform Mach number were minimized by using a knuckle and 
sting that pivoted the model about a point near the center line of the tunnel as the angle of 
attack was changed. In general, the value of Tw/Te was between 0.85 and 0.90 at the 
time the heat-transfer data were evaluated. Heat-transfer and pressure measurements 
were obtained for the following test conditions: 

METHOD OF HEAT-TRANSFER DATA REDUCTION 

The heat-transfer coefficients were obtained from transient skin-temperature meas- 
urements resulting from a stepwise increase in stagnation temperature. This technique is 
described in detail in reference 17. 

The following relation, which assumes constant temperature through the skin, negli- 
gible lateral  heat flow, negligible heat flow to  the model interior, and no heat losses due to 
radiation, was used: 

dTW 

Te Tw 

w c  - 
dt h =  

5 



This equation can be integrated and written in the following form for complete 
machine calculation: 

The integrals are evaluated over increments of 0.5 second, according to the trapezoidal 
rule, which yields 

+ T 1 + T 2 . .  . + T n - $  

and the ratio Te/Tt is experimentally determined. 

The magnitude of the lateral heat flow was evaluated at several  locations and was 
found to  be negligible. The heat flow by radiation was also evaluated and found to  be 
negligible. 

ACCURACY 

The accuracy of the temperature measurements, including recorder resolution, 
thermocouple-wire calibration, and cold-junction temperature, is 51 .Oo K; however, this 
e r r o r  occurs in temperature level rather than in random temperature fluctuations. A 
temperature e r r o r  of * l . O o  K could result in ratios of wall equilibrium temperature to 
stagnation temperature Te/Tt greater than 1 in stagnation regions of the model. Also, 
as mentioned in reference 19, in regions of low heat transfer (h < 20 J/m2-sec-OK) 
the ratio Te/Tt may be questionable becLuse the wall temperature may not have 
reached equilibrium from the preceding test point. 

An estimation of the accuracy of heat-transfer measurements in the Langley Unitary 
Plan wind tunnel has been determined by the repeatability of data in the tests discussed 
in reference 19. The accuracy is dependent on the magnitude of the heat-transfer coeffi- 
cient. 
20 J/m2-sec-OK < h < 306 J/m2-sec-OK, within 15 percent; and for h < 20 J/m2-sec-OK, 
within 20 percent. Although h < 20 J/m2-sec-OK is within the accuracy of data reduction, 
no significance is attached to  the magnitude of h, other than to indicate the regions of low 
he at transfer . 

For h > 306 J/m 2 -sec-OK, the accuracy is within 10 percent; for 
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. -.. 
The accuracy of the precision manometers is within 23.94 N/m2. Therefore, the 

accuracy of the pressures  is limited to that of the 34 474 N/m2 electrical transducer, 
which is 0.5 percent of the full-scale deflection. 

RESULTS AND DISCUSSION 

Schlierens 

Schlieren photographs of configurations 7 and 8 (70' sweep) at Mach numbers of 
2.98, 3.71, and 4.44, a free-stream Reynolds number per  meter of 9.85 X lo6, and angles 
of attack from -10' to  10' are presented in figures 6 and 7, respectively. 

The visible shocks on the instrumented surface (lower surface) were caused by the 
large sand particles (-0.10-cm diameter) used to t r ip  the boundary layer. It is believed 
that these shocks had no appreciable effect on either the heat-transfer or pressure data 
since the boundary layer undergoes transition to turbulent flow a short distance aft of the 
particles. 

Flow Visualization 

Oil-flow photographs of configuration 7 a re  presented in figure 8 for Mach numbers 
of 2.98 and 3.71 at angles of attack of 0' and *5O. At CY= 0' (fig. 8(a)) for both Mach 
numbers the oil s t reaks on the model are essentially parallel to the wing center line and 
thus indicate-very little if  any spanwise flow. Similar results a r e  shown on the windward 
surface at CY = 5' in figure 8(b). The oil-flow patterns occurring on the wing surface 
at a = -5' (surface leeward) a r e  radically different from the aforementioned patterns. 
Such a difference in the flow pattern is expected; however, as a result of the formation of 
coiled vortex sheets over the leeward surface. These vortex formations have previously 
been observed by experimenters (refs. 20 and 21) on delta wings at angles of attack where 
the product of p and A is small. At M = 2.98 and a =  -5' the direction of the oil 
streaks shown on the oil-flow photograph (fig. 8(c)) are in good agreement with the flow 
model presented in reference 21. For these test  conditions the leading edges are near 
sonic, that is, the component of Mach number normal to the leading edge is approximately 
unity; this condition resulted in the coiled vortex sheet forming along the leading edge and 
reattaching on the leeward surface. Since the vortex formation is symmetrical about the 
wing center line, the spanwise velocity components on each side of the center line a re  
equal in magnitude and opposite in direction. The resulting flow direction inboard of the 
attachment line is therefore parallel to the center line as indicated in the sketch. The 
flow outboard of the attachment line has a spanwise velocity component toward the wing 
leading edge. A second flow-separation region occurs as this spanwise flow approaches 
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the leading edge. The vortex attachment line and the secondary separation line as 
defined in the sketch a r e  clearly visible in the oil-flow photographs. 

At M = 3.71 and a =  -5' the wing leading edges are supersonic and a different 
flow pattern exists over the leeward surface as shown in figure 8(d). The flow regions 
defined in the sketch a r e  again clearly visible in the oil-flow photographs. The flow 
remains attached in the leading-edge region after passing through a supersonic expansion 
at the leading edge. The flow is then separated, however, after passing through the 
oblique shock wave originating from the wing apex. The resulting vortex attachment flow 
pattern confined inboard of the oblique shock formation is similar to that obtained on the 
leeward surface when the leading edge w a s  subsonic. 

Velocity Profiles 

In order to insure that effective tripping of the boundary layer occurred, velocity 
profiles were determined from total-pressure surveys at several  locations on configu- 
ration 7 and a re  presented in figure 9. The total temperature was assumed to remain 
constant through the boundary layer. Also shown in the figure is a curve having a slope 
corresponding to  a 1/6-power velocity profile (which is indicative of turbulent flow) for 
comparison with the experimental data. For a! = 0' (fig. 9(a)) the slopes of the velocity 
profiles a r e  in  good agreement with the slope of the 1/6-power profile for  all survey sta- 
tions and indicate that, at least as f a r  upstream as the surveys were made, a fully devel- 
oped turbulent boundary layer existed over the wing. 

Velocity profiles for some of these same stations are presented in figure 9(b) for 
a! = 5' (survey surface windward). The velocity profiles a re  again in fair agreement 
with the 1/6-power profile and there is no discernible change in the boundary-layer 
thickness compared to the profiles obtained at a! = 0'. 

For an angle of attack of -5' (survey surface leeward) the velocity profiles which 
a r e  shown in figure 9(c) deviate from the power profiles. This deviation w a s  expected, 
however, because of the vortex formation over the leeward surface as shown in the oil- 
flow photographs. A detailed discussion of these leeward data is considered unwarranted 
for two reasons: (1) the distributions a re  not of sufficient detail to provide conclusive 
information pertaining to vortex.flow and (2) the large components of sganwise flow at 
some survey locations indicated in the oil-flow photographs could result in inaccurate 
total-pressure measurements since the pressure probe was always alined with the model 
center line. 

Surface Pressure  Distributions 

Presented in figure lO(a) a re  the pressures  obtained on configuration 1 for  
M = 2.98, R = 9.85 x lo6, and angles of attack of 0' and &loo. At a!= Oo, the pressure 
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magnitudes are approximately constant and equal to the free-stream static pressure over 
the entire instrumented surface. Increasing the angle of attack to 10' (instrumentation 
windward) resulted in an increase in the magnitude of the pressures,  the magnitude ,of 
the increase decreasing with increasing s. The resulting favorable pressure gradient 
consists of large pressure variations with s in  the leading-edge region of the model and 
relatively small pressure variation toward the base of the model. The pressure magni- 
tudes vary from a maximum value approximately 50 percent greater than the value from 
two-dimensional theory in  the leading-edge region to a minimum value that falls between 
the two-dimensional and conical theoretical values (based on a cone semiapex angle equal 
to  a) in the base region. 

Decreasing the angle of attack to  -10' resulted in a decrease in the pressures  over 
the entire wing surface. The maximum decrease occurred in the vicinity of the wing 
leading edge, with the magnitude of the decrease decreasing with increasing s. The 
magnitude of the pressures  on the aft portion of the wing are in fair agreement with the 
Prandtl-Meyer expansion theory. A slight favorable spanwise pressure gradient exists 
on the wing leeward surface and is believed to be associated with a vortex formation sim- 
ilar to that shown in the oil-flow photographs of the 70' swept wing. However, much 
larger  variations in the pressures  were obtained on the leeward surface of the 70' swept 
wing as will be discussed subsequently. 

The shape of the pressure distributions throughout the test range of Mach and 
Reynolds numbers for the 60' swept wing having a sharp leading edge are very similar to  
those obtained at M = 2.98 and R = 9.85 X 106 as can be seen by comparing figure lO(a) 
with figures lO(b) to  10(f). In general, throughout this test range of variables, the pres-  
su res  on the aft portion of the windward wing surface approach a value that falls between 
the two-dimensional and conical theoretical values whereas the pressures  on the leeward 
surface approach values approximately equal to those occurring across  a Prandtl-Meyer 
expansion. 

P res su re  distributions obtained on a 70' swept wing (configuration 4) are presented 
in figure l l ( a )  for  M = 2.98 and R = 9.85 x lo6. The resul ts  shown for CY= 0' and 
a! = 5' are very similar t o  the pressures  obtained for the 60' swept wing presented in 
figure 10. The pressures  obtained on the leeward surface are also quantitatively similar 
to the data obtained on the 60' swept wing; however, the spanwise pressure gradients for  
the 70' wing are considerably larger.  The flow field associated with the pressure distri- 
butions for  the leeward side of the 70' wing can be visualized by examining the oil-flow 
photographs presented in figure 8. The relatively high pressures  occurring on the model 
center line are located within the parallel-flow region inboard of the vortex attachment 
line. The lower pressures  obtained at y = 0.152 and 0.229 m are located outboard of 
the vortex attachment line. The pressures  obtained at y = 0.076 m (square symbols) 

9 



increase from the low values on the forward portion of the chord where spanwise flow 
effects are present to the higher values on the aft portion of the wing where the flow is 
chordwise. Such an increase in pressure at this span was expected because of the inter-  
cept of the vortex attachment line with this span station as indicated in the oil-flow photo- 
graph. The magnitudes of the pressures  within the parallel-flow region are  seen to be in 
good agreement with the value represented by the Prandtl-Meyer expansion. 

R = 19.7 x lo6 a re  presented in figure l l(b).  At a! = 0' the leading-edge pressures  
near the wing tip are less than those obtained near the wing center line. This pressure 
drop is believed to be due to the model being at a slight angle of attack resulting from a 
combination of flow angularity and model deflection. In general, the pressure distribu- 
tions obtained at all three angles of attack a re  approximately the same as those obtained 
at the lower Reynolds number. For a!= -5' the increase in  pressure along the chord 
at y = 0.076 m is more pronounced than that obtained at the lower Reynolds number and 
occurs at a greater value of s, indicating that the vortex is larger  and covers most of 
the wing surf ace. 

Pressure distributions obtained on the 70' swept wing at M = 2.98 and 

Pressure  distributions obtained on the 70' wing at a Mach number of 3.71 a r e  pre- 
sented in figure l l ( c )  for  a range of angle of attack from -10' to 10'. With the exception 
of a! = -loo, the trends of the variation of the pressure distributions with angle of attack 
are consistent with those noted at M = 2.98. At a!= -loo, the vortex attachment line on 
the leeward surface is apparently confined to within the spanwise station y = 0.076 m 
as no increase in pressure is noted at this span, an indication that the vortex covers 
almost the entire wing surface. There was no significant effect on the pressure distri-  
bution as a result of increasing the Reynolds number from 9.85 X lo6  to 19.7 X lo6  as can 
be seen by comparing figures l l ( c )  and l l(d).  

Pressure  distributions obtained on the 70' swept wing at M = 4.44 for the angle- 
of-attack range, as shown in figures l l ( e )  and l l ( f ) ,  a r e  approximately the same as those 
previously discussed for the lower Mach numbers. 

A summary of the Mach number effect on the pressure distributions of the 60' 
and 70' swept wing is presented in figures 12 and 13, respectively, for  a! = 0'. For 
both wings the variation of pz/pm with Mach number through the test range of Mach 
number is within the data accuracy. 

The pressure distributions for the 60' and 70' swept wings a r e  presented in fig- 
ures  14 and 15, respectively, for leading edges varying from a sharp leading edge to a 
0.635-cm-radius cylindrical leading edge. There was no effect of leading-edge bluntness 
on the pressure distributions through the range of variables of the investigation. 
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All the pressure data presented in figures 10 to 15 were obtained simultaneously 
with the heat-transfer data and, therefore, at a time when large thermal gradients 
existed throughout the model. In order  to  determine whether these thermal gradients, 
combined with the aerodynamic loading on the model, resulted in deformations large 
enough to affect the pressure measurements, model 3 was instrumented with pressure 
orifices and tested at approximately the same test  conditions with the model at thermal 
equilibrium. The results from this model were, within data accuracy, the same as those 
obtained for configurations 4 and 6. Since 
the data from both models were in excellent agreement, the deformations caused by 
thermal gradients in  the model had no effect on the pressure distributions. 

Consequently, these data a re  not presented. 

He at Transfer 

Heat-transfer coefficient distributions obtained with configurations 1 and 4 through 
the range of variables of the investigation are presented in figures 16 and 17. Also pre- 
sented in these figures, for comparison with the experimental data at y = 0.076 my are 
theoretical estimates obtained by using the theory of reference 22, based on local condi- 
tions at this station. These local conditions consisted of (1) measured static pressures,  
(2) measured local wall  temperatures, (3) a local total pressure corresponding to f ree-  
stream total pressure for CY 2 0' and corresponding to that on a two-dimensional wedge 
having an included angle equal to the angle of attack for CY > Oo, and (4) a local Reynolds 
number Rl based on s the longitudinal surface length behind the wing leading edge. 

The heat-transfer coefficient distributions obtained on configuration 1 for M = 2.98 
and R = 9.85 x lo6 a re  presented in figure 16(a) for angles of attack of 0' and &loo. 
For CY = 0' the data indicate that the boundary layer is fully turbulent at all instrumented 
stations for s Z 0.08 m and both the magnitude and distribution of the measured heating 
ra tes  downstream of this station a r e  in fair agreement with theory. As shown in the fig- 
ure, good correlation of the experimental data at all instrumented stations is obtained by 
plotting the heat-transfer coefficients as a function of the longitudinal surface length from 
the wing leading edge. This correlation was expected, however, because of the negligible 
spanwise flow for these conditions as indicated previously both by oil-flow photographs 
and pressure distributions. The magnitudes of the measured heating rates are approxi- 
mately 10 percent l e s s  than the theoretical results, a difference which is within the accu- 
racy of the experimental data. 

Increasing the angle of attack to 10' resulted in a general increase in the magnitude 
of the heating rates  with no apparent change in the locations at which the flow becomes 
fully turbulent. The magnitudes of these measured heating rates a re  again approximately 
10 percent below the theoretical values and remain approximately constant for constant s 
at all instrumented stations. 
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Decreasing the angle of attack to  -10' resulted in a decrease in the magnitude of 
the heating rates with the smallest decrease occurring along the wing center line. For a 
constant value of s the-magnitudes of the heating rates for  all stations outboard of the 
center line are approximately constant and are about 40 percent less than the center-line 
values. This spanwise heating gradient is believed to  result f rom a vortex formation 
over the leeward surface similar to that indicated by the oil-flow photographs for  the 
70' swept wing. The magnitudes of the heating rates for  y 2 0.076 m are in fair agree- 
ment with the theoretical results; however, if the flow field over the leeward surface is 
as hypothesized, this agreement is fortuitous unless the wing leading edges are super- 
sonic. 
Mach number may be seen by comparing figures 16(a) and 16(b) or 16(c) and 16(d) or 
16(e) and 16(f). This effect consists primarily of an increase in the magnitude of the 
heating rates with little change in the heating distributions or agreement with theory. 
By comparing figures 16(a), 16(c), and 16(e) or 16(b), 16(d), and 16(f), the effect of Mach 
number on the heating distributions at a given Reynolds number can be determined. The 
effect on the magnitude of h of increasing Mach number shows a trend opposite to that 
for  the increase in  Reynolds number; that is, the heating rate decreases.  

6 Heating distributions obtained for configuration 4 at M = 2.98 and R = 9.85 X 10 
for  angles of attack of 0' and k.5' are presented in figure 17(a). For CY = 0' the bound- 
a ry  layer becomes fully turbulent at s = 0.13 m, and for  greater  values of s the exper- 
imental heating rates are in good agreement with theory. Increasing angle of attack to  5' 
resulted in the anticipated increase in the magnitude of the heating rates with no apparent 
change in the location of the point at which the boundary layer becomes fully turbulent. 
For a!= 0' and 5' the magnitudes of the heating rates along any line parallel to the wing 
leading edge are constant, which is similar to  the distributions shown for the 60' swept 
wing. The heating distributions obtained for  a! = -5' (leeward surface) contain large 
heating gradients in both the chordwise and spanwise directions. These gradients are to 
be expected as a result  of the vortex impingement on the leeward surface as shown by the 
oil-flow photographs and pressure distributions. In general, the longitudinal heating dis- 
tributions are roughly the same as the pressure distributions presented in figure ll(a); 
however, the spanwise gradients are considerably different. The maximum heating rates 
on the leeward surface occurred at y = 0.076 m in the region of the vortex attachment 
line. The maximum heating rates in this region were even greater  than the values 
obtained at CY= 0'. 

The effect of increasing Reynolds number on the heating distributions for a given 

The effect of increasing Reynolds number on the heating distributions obtained on 
configuration 4 at M = 2.98 can be seen by comparing figures 17(a) and 17(b). For 
angles of attack of 0' and 5' the Reynolds number effect consists of the expected increase 
in heating. For a! = -5' the greatest increase in heating with increasing Reynolds 
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number was obtained in the region near and inboard of the vortex stagnation line. 
heating rates obtained in the vicinity of the vortex stagnation line were again greater than 
those obtained at the same station for a = 0'. 

The 

6 Heating distributions obtained on configuration 4 at M = 3.71 
are presented in figure 17(c). 
distribution of heating rates are in good agreement with theory. The large longitudinal 
and spanwise heating gradients that occurred on the leeward surface at M = 2.98 do not 
occur on the leeward surface at M = 3.71. This difference is apparently due to  the wing 
leading edges being supersonic, as indicated by the oil-flow photographs. Similar resul ts  
are shown through the remaining range of Mach numbers and Reynolds numbers in fig- 
ures  17(d) to 17(f). 

and R = 9.85 X 10 
At zero and positive angles of attack the magnitude and 

The effect of Mach number on the heating distributions for configurations 1 and 4 at 
zero angle of attack is summarized in figures 18 and 19, respectively. The values pre- 
sented in these figures were obtained at y = 0.076 m; however, they are representative 
of the distributions obtained over the complete surface. In general, throughout the test 
Mach number range, both the magnitude and distribution of the heating rates are in good 
agreement with theory. 

Presented in figure 20 are heating distributions obtained on the 60' swept wing for 
a range of leading-edge bluntness varying from the sharp leading edge to  a 0.635-cm- 
radius cylindrical leading edge. 
the range of variables of the investigation is negligible downstream of the region where 
the boundary layer is fully turbulent. Similar results are shown for  the 70' swept wing 
in figure 21. 

The effect of varying the leading-edge bluntness through 

CONCLUSIONS 

Heat-transfer and pressure measurements were obtained in an artificially tripped 
boundary layer on 60° and 70' swept delta wings at Mach numbers of 2.98, 3.71, and 4.44 
and nominal Reynolds numbers per meter of 9.85 X lo6 and 19.7 X lo6. Results obtained 
lead to the following conclusions: 

(1) Oil-flow photographs of a 70' swept delta wing with sharp leading edges at nega- 
tive angles of attack indicated the presence of a vortex sheet formation over the leeward 
surface. Heat-transfer and pressure measurements obtained under these conditions 
revealed large gradients in both heating and pressure. 

(2) For angles of attack from 0' to  loo (instrumentation windward) both the magni- 
tude and distribution of heat-transfer measurements throughout the range of test condi- 
tions were generally in good agreement with turbulent flat-plate theory based on local 
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conditions. The measured heating rates  through this range of angle of attack remained 
approximately constant along any line parallel to the wing leading edge. 

(3) There was no noticeable effect throughout the range of test  conditions on either 
the heat-transfer or pressure measurements as a r e su l t  of increasing the wing leading- 
edge bluntness from a sharp leading edge to a cylindrical leading edge of 0.635-centimeter 
radius. 

I. 
Langley -search Center, 

National Aeronautics and Space Administration, 
Langley Station, Hampton, Va., May 19, 1966, 

126 - 13-02 - 10-23. 
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TABLE I.- INSTRUMENTATION LOCATION 

V 

Orifice 

I 

1 
2 
3 
4 
5 
6 
7 
8 
9 

10 
11 
12 
13 
14 
15 
16 
17 
18 
19 
2 0  
21 
22 
23 
24 
25 
26 
27 
28 
29 
30 
31 
32 
33 
34 
35 
36 
37 
38 
39 
40 
41 
42 
43 
44 
45 
46 
47 
48 
49 
50 
51 
52 

Location on - 
Model 1 (A = 60') 

8, m 

0.1334 
.2347 
.3363 
.4379 
.0274 
.0528 
.0782 
.lo36 
.1290 
.1544 
.1798 
.2052 
.2306 
.2560 
.2814 
.3068 
.3322 
.35?6 
.3830 
.0226 
.0480 
,0734 
.OS88 
.1242 
.1496 
.1150 
,2004 
.2258 
.2512 
.0224 
.0478 
.0?32 
.0986 
.1240 

Model 2 (A = 70') 

s, m 
~ 

0.1379 
.2395 
.3411 
.4427 
.5443 
.6459 
.I475 
.OM4 
.0818 
.lo72 
.1326 
.1580 
.1834 
.2088 
.2342 
,2596 
.2850 
.3104 
.3358 
.3612 
.3866 
.4120 
.4314 
,4628 
.4882 
.5136 
.5390 
.5644 
.5898 
.6152 
.0493 
.0147 
.loo1 
.1255 
.1509 
.1763 
.2017 
2271 
2 5 2 5  
.2?79 
.3033 
.3287 
.3541 
.3795 
.4049 
.0432 
.0686 
.0940 
.1194 
.1448 
.1?02 
.1956 

0.a 

.1 

Thermocouple 

Location on - 

Model 1 (A = 60') 

0.0572 
.0826 
.1080 
,1588 
.1765 

Y, m 

1 

1 

0.0127 
0 

.0127 

1 
.0127 

0 
.0127 

,0762 

.1524 1 

.2286 . Model 2 (A = 70') 

0.1631 
.1885 
.2139 
.2847 
.2553 
.2901 
.2553 
.3155 
.3663 
.3917 
.4171 
.4679 
.4933 

O.( 

. I  

.I 

.I 

. I  
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0 Pressure  o r i f i c e s  
a Thermocouples 

+s (typical) 

a a a a a a a a a q i  

r0.0762-cm i n c o n e l  sheet  

\ \ \ \ \ \ \ \ \ \ \ \ \ \ \ \ \ ,  

35 cm 

S e c t i o n  A-A 
I 

(a )  Construction details of model 1. 

Figure 1.- Models 1 and 2. Al l  dimensions in meters unless otherwise noted. 
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Fiber-glass shell L-65-821 Instrumented p l a t e  L-65-824 

(b) Photographs of model 1. 

Figure 1.- Continued. 

19 



c 0 . 8 3 8  . 

0 . P r e s s u r e  o r  i f  i c e s  
4 Thermocouples  

I 0.0762-em inconel sheet 

3 5  cm 

S e c t i o n  A - A  

(c) Construction details of model 2. 

Figure 1.- Continued. 



F i  ber-glass shell L-65-819 instrumented plate 

Complete model 

L-65-823 

(d) Photographs of model 2. 

Figure 1.- Concluded. 
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03 
03 

I 
0.610 

S e c t i o n  A - A  

la) Construction details. 

Figure 2.- Model 3. All dimensions in meters unless otherwise noted. 



Instrumented surface L-65-4726 
I 

Instrumentation and sting attachment surface 

(b) Photographs. 

Figure 2.- Concluded. 

L-65-4732 
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\ 

Configuration 

2 
3 
5 
6, 8 

Typical section normal to wing leading edge 

A , degrees r, cm I ,  cm 

60 0.317 8.90 
.635 9'.50 60 

70 .317 8.90 
.635 9.50 70 

Figure 3.- Blunt leading edges. 



Fron t  view L-65- 1418 

Side view 

Figure 4.- Photographs of typical model installation. 

L-65-1416 
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F r o n t  v iew L-65-4729 

S i d e  v iew 

(a) Probe head. 

Figure 5.- Total-pressure survey apparatus. 

L-65-4730 
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L-65-4731 Inside o f  test-section door 

I 

Outside o f  test-sect i on door L-65-4728 

(bl Probe traversing mechanism. 

Figure 5.- Concluded. 
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a = 00 

(a )  M = 2.98. L-66-4433 

Figure 6.- Schlieren photographs of configuration 7. R = 9.85 X IO6; A = 70'; r 0 cm. 



a = oo 

(b) M = 3.71. 

Figure 6.- Continued. 

L-&-4434 
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i 
a = 5O 

(c) M = 4.44. L-66-4435 

Figure 6.- Concluded. 
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(b) a = 0'. 

L-66-4436 
(c) a = 50. 

Figure 7.- Schlieren photographs of configuration 8. M = 3.71; R = 9.85 X lob; A = 70'; r = 0.635 cm. 
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M = 2.98 

M = 3.71 

(a) a = oO. L-66-4437 

0 cm. Figure 8.- Oil-flow photographs of configuration 7. R = 9.85 X lo6; A = 70'; r 
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M 2.98 

M = 3.71 

(b) a = 5O (windward). 

Figure 8.- Continued. 

L-66-4438 
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L-66-4439 

C o i l e d  v o r t e x  
sheet  

/ 
J At 

,--- S e con d a r y 

tat hment 

(c) M = 2.98; a = -5' (leeward). 

Figure 8.- Continued. 
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L-66-4440 

Flow a t t a c h e d  t o  s u r f a c e  
near  l e a d i n g  edge Ob1 i que 

shock 
wave 

a t  base o f  
shock wave 

C o i l e d  
v o r t e x  
sheet  

(d )  M = 3.71; a = -5' (leeward). 

Figure 8.- Concluded. 
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3.5 
1 I ,  I I I I I  I I I I I I I I I  I 1  

I O  XI02 
9c 

s, cm 

3.5 
I I I I I I I I  I I 1 I I I I I I  I 1  

IO XI02 y ,  cm s ,cm 
a t  

3.5 
1 I I I I I I  I I I I I I I I l  I 1  

.03 .04 .05 .06 D7.08.09.10 .2 .3 .4 .5 .6 .7 .8 .9 1.0 2 2.5 
z ,  cm 

(a) a = 0'. 

Figure 9.- Boundary-layer velocity profiles for configuration 7. M = 2.98; R = 9.85 X lo6; A = 70'; r zz 0 cm. 
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s, cm 

0 68.50 9 

8 A 38.02 
0 n 

I =-Power p r o f i l e  
y = 0.0 cm 

3.5 

y, cm s, cm 

0 0.0 68.50 

b 15.24 26.63 
d 7.62 47.57 

0 I 
5 

4 
3.5 

0 %-Power prof i le  

I I I l I I I  I I 

z. cm 
.03 .04 .05 .06 MI .08 D9 .IO .2 .3 .4 .5 .6 .7 -8 .9 1.0 2 2.5 

(b) a = 5'. 

Figure 9.- Continued. 
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2 
l O r x  10 s. cm 

" 
.% 6 

0 68.50 
0 53.26 
A 38.02 n 

> 
4 y =O.O cm 

0 68.50 
0 53.26 

0 22.78 
A 38.02 n 

6 Power profile - 
3.5 

I I I I  I I L - I .  . I . . .  ~ -I .. I .A I I I I .I I . I  

y, cm I, cm 2 l O r x  IO 

I I I  I I I L L I I '  
3.5 

I I I LL - - - L . I  

z, cm 
.03 1)4 D5 .06 XnD8D9.10 .2 .3 -4 .5 .6 .7 .8 .9 1.0 

1 1  
2 25 

(c) a = -5O. 

Figure 9.- Concluded. 
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(a) M = 2.98; R = 9.85 X lo6. 
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Figure 10.- Effect of angle of attack on the surface-pressure distributions of configuration 1. A = 60'; r =: 0 cm. 
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(b) M = 2.98; R = 19.7 X lo6. 

Figure 10.- Continued. 
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p1 
PCO 

0 .04 .08 .12 .16 .20 .24 .28 .32 .36 .40 .44 

s. m 

(d M = 3.71; R = 9.85 X lo6. 

Figure 10.- Continued. 
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(d) M = 3.71; R = 19.7 X IO6. 

Figure 10.- Continued. 
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J = 100 
0 .04 -08 . 1 2  
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.16 .20 

.076 

.152 

.229 

a& 

Two-dimensional 

- 2 4  .28 .32 .36 .40 .44 

(e) M = 4.44; R = 9.85 X lo6. 

Figure 10.- Continued. 
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(f) M = 4.44; R = 19.7 X lo6. 

Figure 10.- Concluded. 
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Figure 11.- Effect of angle of attack on the surface-pressure distributions of configuration 4. A = 70'; r 0 cm. 
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(b) M = 2.98; R = 19.7 X lo6. 

Figure 11.- Continued. 
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(c) M = 3.71; R = 9.85 X lo6 

Figure 11.- Continued. 
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.1 .2 .3 .4 .5 .6 .7 

s. m 

(d) M = 3.71; R = 19.7 X IO6. 

Figure 11.- Continued. 



(e) M = 4.44; R = 9.85 X lo6. 

Figure 11.- Continued. 
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(f) M = 4.44; R = 19.7 )('IOb. 

Figure 11.- Concluded. 
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0 

Figure 12.- Effect of Mach number on the surface-pressure-distributions of configuration 1. a = 0'; y = 0.076 m; A = 60'; r =: 0 cm. 
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Figure 13.- Effect of Mach number on the surface-pressure distributions of configuration 4. a = 00; y = 0.076 In; A = 70'; r 0 cm. 
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(a) R = 9.85 X 106. 

Figure 14.- Effect of leading-edge bluntness on the surface-pressure distributions of model 1. a = 00; A = e. 
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(b) R = 19.7 X lo6. 

Figure 14.- Concluded. 
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(a) R = 9.85 x 106. 

Figure 15.- Effect of leading-edge bluntness on the surface-pressure distributions of model 2. a = 8; A = 70'. 
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(b) R = 19.7 X IO6. 

Figure 15.- Concluded. 
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(a) M = 2.98; R = 9.85 X lo6. 

Figure 16.- Effect of angle of attack on the heat-transfer coefficient distributions of configuration 1. A = 600; r = 0 cm. 
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Figure 16.- Continued. 
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Figure 16.- Continued. 
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Figure 21.- Effect of leading-edge bluntness on the heat-transfer coefficient distributions of model 2. a = 0'; A = 70'. 
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