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CHAPTER 1 

INTRODUCTION 

This report presents the project organization and execution, the 

airplane design description, the airplane performance predictions, and 

the results of the flight evaluation of an advanced technology light 

twin-engine airplane (ATLIT). The results cover the period from the ATLIT 

first flight in October 1974, to June 1976. Some pre-ATLIT historical 

notes are also included. 

The flight-test results include stall characteristics, spoiler 

roll performance, cruise and single/multi-engine climb performance, and 

pilot comments on stability and handling qualities. Planned tests which 

are not in the scope of this report include takeoff and landing performance 

evaluation, stability derivative determination, supercritical propeller 

evaluation, and full-scale (30- by 60-foot) wind-tunnel tests. 

The ATLIT is the second airplane designed and constructed as part 

of a general aviation research program at the University of Kansas (KU) 

Flight Research Laboratory (FRL), sponsored by grants (NGR 17-002-072) 

from the National Aeronautics and Space Administration (NASA), Langley 

Research Center (LaRC). The airplane which preceded ATLIT in development 

is the Redhawk, a modified Cessna Cardinal (references 1, 2, and 3). The 

object of the research under these grants has been to apply existing 

jet-transport wing technology and advanced airfoil technology to general 

aviation airplanes for the purpose of improving safety, efficiency, and 

utility. 



The ATLIT is a Piper PA-34-200 Seneca I with the following 

.modifications: 

1. 

2. 

3. 

4. 

5. 

6. 

Wing planform modified for cruise efficiency with 

taper, reduced area, and increased aspect ratio. 

Full-span Fowler trailing edge flaps. 

Spoilers for roll control. 

GA(W)-1, general aviation (Whitcomb) 17-percent thick 

airfoil. 

Ground-adjustable wing incidence. 

Advanced-technology propellers incorporating a 

supercritical airfoil. 

The airplane appears in figure 1.1. 

The ATLIT project is a multi-purpose program. Performance improvements 

throughout the flight envelope are sought, with emphasis on the enhancement 

of the safety of light, twin-engine airplanes by increasing the single-engine 

climb performance through aerodynamic changes. Preliminary design estimates 
. 

(reference 4 and unpublished data') indicate that the airplane modifications 

mentioned above would result in improvements to both the single-engine rate 

of climb and the cruise performance. The ATLIT wing was designed to take 

advantage of the low profile drag characteristics (at climb conditions) 

of the GA(W)-.1 airfoil (reference 5), and of the lower induced and profi1.e 

drag characteristics (at both climb and cruise conditions) of the modified 

wing planform. The cruise-optimized planform logically led to the use of 

full-span Fowler flaps for acceptable landing speeds with roll control 

1. Conceptual Design of an Advanced Technology Light Twin Aircraft, 
Phase I Report: Prepared by Robertson Aircraft Corporation, and 
the University of Kansas Center for Research, Inc., for NASA 
Langley Research Center under NASA Grant NGR 17-002-072, 1972. 
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Figure l.l.- The advanced technology light twin-engine airplane (ATLIT) 



provided by spoilers. Along with predicted performance improvements, the 

wing modifications would result in improved ride quality (due to higher 

wing loading) and would permit lighter structuralwing weight (due to 

thicker wing sections and reduced wing area). 

Stimulated by the ATLIT project, and in fulfilling its role to 

provide technology to aircraft manufacturers, NASA has undertaken the 

development of a new family of low-speed airfoils for use on general 

aviation aircraft. This new airfoil family is a product of the 

development of computational methods for designing optimized airfoil 

shapes (reference 6). Application of the GA(W)-1 section to the ATLIT 

wing represents the first effort to verify the characteristics of a 

computer-designed airfoil in flight. This flight verification closes 

the loop in the computer/wind-tunnel/flight hardware design process. In 

addition to documenting the new airfoil characteristics, ATLIT provides 

data on the use of full-span Fowler flaps combined with roll-control 

spoilers on the GA(W)-1 wing. Although the performance characteristics 

of these roll-control and high-lift devices have been documented in the 

literature, there currently exist little practical experience and data 

(spoiler hinge-moments and flap effectiveness with the new GA(W)-1 

airfoils, for instance,) concerning their application to modern general 

aviation aircraft. The complete documentation of the ATLIT airplane 

characteristics will make- such information available to the U.S. industry. 

The interest shown by the general aviation industry in the 

aerodynamic devices used on the two KU-modified airplanes can be 

illustrated by table 1.1. The ten airplanes listed in the table have 

flown with or are being designed utilizing some combination of the.devices 

discussed. 
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TABLE l.l.- INDUSTRY UTILIZATION OF ADVANCED GENERAL AVIATION TECHNOLOGY 

GA(W) ROLLCONTROL FOWLER 
AIRPLANE AIRFOIL SPOILERS ,FLAPS 

BEECHCRAFT PD-285 X 

ROBERTSON/SENECA X X. 

BEDE 5 (JET) X 

BEDE5 (PROP) X 

AMERICAN JET "HUSTLER" X .X X 

ROBERTSON/CESSNA400-SERIES X 

ROBERTSON/BONANZA X X 

PIPERTRAINER X 

RUTANIVARI-EZE X 

CESSNA441 X 



The ATLIT flight-test program is being conducted at NASA Langley 

Research Center, in Hampton, Virginia. Many individuals support the 

project directly or indirectly. Those directly contributing to the 

preparation of this project report are acknowledged 'below: 

Mr. Harold L. Crane, NASA LaRC (Project Technical Monitor): 

Flight data analysis on spoiler roll characteristics (Chapter 5.3). 

Mr. Joseph H. Judd, NASA LaRC: Flight data analysis bn 

cruise and single/multi-engine climb performance (Chapter 5.4). 

Mr. Robert A. Champine and Mr. Philip W. Brown, NASA LaRC 

(research pilots): Pilot comments on ATLIT stability and 

handling qualities .(Chapter 5.5). 

Mr. Robert T. Taylor, NASA LaRC: Performance predictions 

(Chapter 5.4). 

Mr. Laurence K. Loftin, Jr., NASA LaRC: Performance 

predictions (Chapter 5.4). 

Dr. Frederick 0. Smetana, North Carolina State University: 

Lift, drag, performance, and stability predictions (Chapter 5.4), 

and drag/power parameter extraction method (Appendix A). 

Mr. Bradley J. Vincent, Embry-Riddle Aeronautical University 

Roll damping derivative predictions (Appendix C). 

Flight testing of ATLIT will continue from the date of this report 

until early fall 1976, when the airplane will enter the full-scale 

(30- by 60-foot) wind tunnel at LaRC. Flight-test results for this period 

will be presented in NASA and technical society publications. 

Commercial products and/or names of manufacturers are used in this 

report documenting the flight evaluation results of ATLIT. These commer- 

cial products and/or names of manufacturers do not constitute official 

endorsement, expressed or implied, of such products or manufacturers by 

the National Aeronautics and Space Administration. 
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CHAPTER 2 

PROJECT CHRONOLOGY AND MANAGEMENT 

This chapter contains a chronological history of the project., an 

outline of the organizations and individuals involved in the project, the 

project budget, and the project schedule. 

2.1 Project History 

The ATLIT airplane represents the culmination of a long-term general 

aviation research program embarked on by KU-FRL in 1967. The broad goals 

of this program were to improve safety, performance, and handling qualities, 

as well as to advance the technology of the general aviation industry 

products. It has been argued that the basic control systems and aero- 

dynamic designs of general aviation airplanes have changed very little in 

as long as thirty years. Furthermore, the advanced-technology which resulted 

in marked performance improvements in commercial (jet transport) and 

military aircraft had not been applied to any significant extent in general 

aviation. In addressing the goals of the research program, efforts were 

to be made to apply both existing and advanced technology to light airplane 

designs. 

Under NASA grants to FRL, the general aviation work has evolved in 

two major phases, beginning with the modified Cessna Cardinal "Redhawk" 

project (Phase I) and continuing to the present ATLIT project (Phase II). 

Phase I, the development and testing of the Redhawk, began with the' 

awarding of NASA Grant NGR 17-002-072 in 1969. The planfdrm modifi'dations 

to the Cessna C-177 Cardinal are illustrated in Figure 2.1. The changes 



--  
-  - -7  

i------- l--,-- 

L L Y l 9 L .  ;  

-  - m e  - m - m  

-- -2 - _ _ _ _ _  
- - - -mm. -_  

- -  

. I  

_ _ _ _ _ _ _ _ -  ---‘--- 
.  _  -  

- - - -__ 

-----  I  
- - -_  

- - -_  I  I’ --  
_‘_ - -  -  

--  - .*  - -_  I  

I  

-0.- - -  
___- - -  

--  ---  --  ---  

Figure  2.1.- Three-v iew of R e d h a w k  c o m p a r e d  to or ig ina l  Cessna  M o d e l  1 7 7  Card ina l  

8  



made to the airplane are quantified in table 2.1. The major goal in applying 

jet-transport wing technology to the Redhawk was to design a wing optimized 

for cruise efficiency with taper, increased aspect ratio, reduced .area, 

and reduced thickness. The reduced wing area led to the use of high-lift 

devices to maintain'takeoff and landing performance comparable to the 

unmodified airplane. The development of the Fowler and Kruger flaps for 

the Redhawk made use of two-dimensional KU wind-tunnel-test data 

(reference 7). The use of spoilers rather than ailerons for roll control 

was investigated to permit the use of full-span flaps and to provide 

flightpath control by direct-lift control. The Redhawk spoiler design also 

made use of KU wind-tunnel test data (references 8 and 9). 

First flight of the Redhawk took place in 1972. The results of the 

Redhawk performance evaluation (reference 3) show increased cruise speed 

(decreased CDS), increased maximum lift coefficient, and smoother ride 
0 

in turbulence as a by-product of reduced wing area (increased wing 

loading). The Redhawk spoilers provide adequate roll control with neither 

deadband nor nonlinearity in roll response. The lack of any significant 

net yawing moments during rolls with these spoilers makes it possible to 

make coordinated turns with no rudder deflections. The Redhawk lateral 

control forces, due to friction, are high in the all-mechanical system. 

This results,'in part, from the use of cams, allowing individual movement 

of the spoilers for roll control as well as allowing symmetric spoiler 

displacements for direct-lift control. However, there is positive wheel 

centering in all flight conditions. 

Analysis of the Redhawk climb performance (reference 3) shows reduced 

maximum rate of climb in comparison with the unmodified Cardinal, as 

predicted by preliminary design analysis (reference 10). This 
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TABLE 2.1 

COMPARISON OF REDHAWK AND CESSNA CARDINAL DESIGN SPECIFICATIONS 

(FROM REFERENCE 3) 

Gross Weight, N, (lb) 
Wing Area, m2, (aq ft) 
Wing Loading, N/,2, (lb/sq ft) 

Span, m, (ft) 
Aspect hatio 
Taper Ratio 
Twist, deg 
Dihedral, deg 
Airfoil Section 

Inboard 
Outboard 

Trailing-edge Flap 

Type 
Span, percent 
Area (both), m2, (sq ft) 

Leading-edge Flap 
Span, percent 
Deflection 

Aileron 

Type 
Chord, percent 
Span, percent 

Spoiler 

Type 
Span 

Inboard 
Outboard 

Maximum Deflection 

Cardinal 

11,120, (2500) 
16.23, (175) 

648, (14.3) 
10.82, (35.5) 

7.4 
0.7 
3.0 
1.5 

NACA 648215 NACA 2412 
NACA 64A212 NACA 2409 

Single Slot 
53 

2.74, (29.5) 

Friee Round Nose 
41 24 
33 36 

Redhawk 

11,120, (2500) 
10.21, (110) 
1089, (22.7) 

9.58, (31.4) 
9.0 
0.5 
3.0 
3.0 

Fowler 
47 

2.93, (31.5) 
Kruger 

83 
13s" 

Modified Mitsubishi 

28.5 
32 
53O 
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results directly from the effect of the reduced Redhawk span (increasing 

span loading) in increasing induced drag. Calculations of reference 3 

show climb performance improvements which would have accrued due to 

construction of the Redhawk wing with the original Cardinal wing span. 

The Redhawk is presently active at the University of Kansas in a 

flight-test program to evaluate the direct-lift control spoi'lers as 

flightpath control devices on ILS approaches. 

Phase II of the general aviation research program, the development 

and testing of ATLIT, began in 1972. Much of the work done on the Redhawk 

had direct or indirect applications on ATLIT. The same type of parametric 

analysis that was performed during the design of the Redhawk indicated 

that an ATLIT wing with increased aspect ratio, reduced area, and using the 

GA(W)-1 airfoil would improve single- and multi-engine climb performance 

and cruise performance. As on the smaller Redhawk wing, the ATLIT wing 

required some form of a high-lift device. With the confidence in roll- 

control spoilers gained on Redhawk, the application of these devices on 

ATLIT freed the full span of the wing trailing edge for use of the Fowler 

flap. 

The maiden flight of ATLIT took place on October 12, 1974, at the 

Piper Aircraft Corporation Facility in Lakeland; Florida. Mr. W. P. Kelly 

of Piper was the test pilot. Following a period of debugging, final 

construction, and about 10 hours of acceptance testing, the airplane was 

delivered by Piper to NASA-Langley Research Center on November 26, 1974. 

At LRC, the airplane was grounded until April 1975, for inspection by 

LRC Quality Assurance Office and for installation of the flight-test 

instrumentation system and recording package. Instrumented test flights 

began May 28, 1975. 
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Figure 2.2 presents some of the milestones during the Redhawk and 

ATLIT research projects. 

2.2 Project Support Organization 

The groups and organizations involved in the various aspects of the 

ATLIT research program are indicated in Figure 2.3. A description of the 

extent of each organization's contribution and related literature published 

is presented here. 

The Safety and Operating Problems Branch (SOPB) in the Flight Research 

Division (FRD) at NASA-LRC has had responsibility in funding the general 

aviation work done under NASA Grant NGR 17-00-072. Mr. Harold L. Crane 

(LRC) has been the project technical monitor of this grant at-&&her grants 

related to the ATLIT project at Wichita State University, North Carolina 

State University, and Princeton University. Hew&s also the LRC project 

engineer for the ATLIT flight-test program. 

The University of Kansas has been responsibile for overall ATLIT program 

management. 

Much of the associated project work was performed under subcontract 

from KU. Dr. David L. Kohlman (KU ) is the principal investigator for the 

project. Mr. Bruce J. Holmes (KU-Doctor of Engineering Degree Candidate) was 

the KU project engineer for the ATLIT flight-test program at LRC. The design 

of an advanced technology light twin-engine type of airplane was first suggested 

in reference 4. Development.of a cruise-optimized planform was performed with 

the aid of KU computer programs. References 1, 11, 12, 13 and unpublished data2 

resulted largely from work done by KU personnel on the ATLIT project. 

Under subcontract from 'KU, Wichita State University (GJSU) did the 

wind tunnel development on the Fowler flap and roll-control spoiler systems 

2. Ibid. 
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for the ATLIT wing. Dr. William H. Wentz, Jr. (WSU) had responsibility 

for this development work. In addition to the 2-D wind tunnel work on 

the airfoil-flap-spoiler configuration, WSU ran reflection plane wind- 

tunnel tests directly underan NASA-LRC grant. The purpose of these tests 

was to document the ATLIT airfoil-flap-spoiler configuration in three 

dimensions. This testing included documentation of wing forces, spoiler 

hinge moments, and tufted stall patterns. References 14, 15, 16 and 17 are 

products of this work. 

Robertson Aircraft Corporation, Renton, Washington, under Piper Aircraft 

Corporation and KU subcontracts did a majority of the ATLIT detail design. 

They also designed a set of propellers incorporating a supercritical airfoil 

for testing on ATLIT. The ATLIT design-drawings and design loads analysis 

were prepared by Robertson. The early preliminary design work on ATLIT was 

done by Mr. James D. Raisbeck of Robertson. After Mr. Rajsbeck's 

departure from the company, Mr. John T. Calhoun had primary responsibility 

for completing the ATLIT detail design. Unpublished reports 334 contain data 

from the Robertson Corporation work on ATLIT. In addition, the engineering 

design drawings for ATLIT listed in Table 3.2, Chapter 3, were prepared. 

Construction of the Robertson-designed supercritical propellers was 

done 

from 

by Pacific Propeller Corporation, Kent, Washington, 

Robertson. 

Construction of the ATLIT wing was done under a KU 

under subcontract 

subcontract to 

Piper Aircraft Corporation, Lakeland, Florida. Mr. H. Raymond Bazo (Piper) 

was the project engineer in charge of this construction. Approximately 

3. Ibid. 
4. Budish, Nathan N.: ATLIT Design Loads, Robertson Aircraft Corp. 

report TR-ATL IT-l. Prepared for the University of Kansas Center 
for Research, Inc., under NASA Grant NGR-17-002-072, June 1973. 
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20 hours of acceptance testing was done by Piper prior to delivery of the 

airplane to LRC. Piper also did approximately 5 hours of flight evaluation 

of the supercritical propellers installed on a standard PA-34 Seneca. 

Piper provides maintenance support when required for ATLIT during flight 

testing. The title to the airplane remains in Piper's name with a lease 

arrangement to KU-FRL for the purpose of flight testing at LRC. Piper work 

related to ATLIT was documented in unpublished reports. 596 

The NASA - Wallops Flight Center, Wallops Island, Virginia., provides 

an isolated environment for flight testing. Wallops has extensive capabilities 

in flight tracking, data reduction, and ground support. These facilities 

are used for such ATLIT tests as airspeed calibrations, takeoff and landing 

performance, single-engine climb performance, and noise measurement. 

Under a grant from LRC, North, Carolina State University did analytical 

work in the areas of predicting ATLIT performance and stability-and control 

characteristics. Dr. Frederick 0. Smetana (NCSU) is the principle invest- 

igator for the grant. The purpose of the computer predictions of airplane,.. 

characteristics, in addition to evaluating the ATLIT design, was to provide 

data for correlation with flight-measured characteristics and thus attempt 

to build confidence in the computer-predictive techniques. In additon to 

this work, a computer method is under development for extracting drag and 

power data from continuous, dynamic flight-maneuver data. The technique 

is presented in detail as Appendix A. Reference 18 is a product of NCSU 

work related to ATLIT. 

5. Kimberlin, Ralph D.: Flight Test Evaluation of the NASA/University of 
Kansas Advanced Technology Light Twin, Parts I and II. Piper Aircraft 
Corporation In-House Reports, 1975. 

6. Kimberlin, Ralph D.: Comparative Evaluation of the NASA/University of 
Kansas Supercritical Propellers with Standard Propellers on the PA-34-200 
Seneca I. Piper Aircraft Corporation In-House Report, 1974. 
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Under a grant from LRC, the Princeton University Flight Research Laboratory 

conducted an in-flight simulation to explore the effects on handling qualities 

of wind-tunnel predicted spoiler-type roll-control nonlinearities. This 

work consisted of programing a variable stability airplane for several 

different cases of nonlinearity and deadband combinations. Flight evaluations 

by LRC research pilots developed confidence that certain degrees of nonlinearity 

would be tolerable. The flight experience prepared the pilots for the possible 

cases of nonlinearity for the ATLIT first flight. Mr. David R. Ellis was 

the principal investigator, and reference 19 is a product of this grant work. 

A few months after ATLIT was conceived, the characteristics of one of 

the first computer designed'airfoils, the GA(W)-1, were being documented in 

the Low-Turbulence Pressure Tunnel at LRC. Mr. Robert J. McGhee (LRC), 

working with Dr. Richard T. Whitcomb (LRC), completed development of the 

Dr. Whitcomb's supercritica 

applications and was 

is a product of this 

airfoil by early 1973. The airfoil, a spinoff of 

airfoil work, showed promi.se for general aviation 

incorporated into the ATLIT design. Reference 5 

wind-tunnel work. 

Mr. John W. Paulson, Jr. (LRC) conducted 3-D wind-tunnel investigations 

in the LRC V/STOL Wind Tunnel on a wing with a GA(W)-1 section. The tests 

included evaluation of Fowler flaps with roll-control spoilers, and plain 

1 

and slotted flaps with roll-control ailerons. These tests generated wing-force 

data with the three types of flap systems and data on roll-control character- 

istics with either ailerons or spoilers. References 20 and 21 are products 

of these wind-tunnel tests. 

In the fall of 1976, ATLIT will be tested in the LRC Full-Scale 

(30- by 60-Foot) Wind Tunnel. 
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The Analysis and Computation Division (ACD) at LRC has supported the 

project in data-reduction tasks. A sample of the work this division 

performs is illustrated in figure 2.4. The process illustrated in the 

figure traces the reduction of flight-test data from analog flight data 

on magnetic tape to the final engineering units time histories. The ATLIT 

project will continue to receive support from other organizations at LRC. 

Planned testing will involve personnel outside the Flight Research Division 

for propeller noise tests and stability derivative extraction tests. 

2.3 Project Budget 

The total funding for the ATLIT project is outlined below. Funding 

was obtained from the National Aeronautics and Space Administration, 

Langley Research Center, Hampton, Virginia, and the University of Kansas 

on a cost sharing basis. All income and outflow of project funds were 

handled through the business office of the Center for Research, Inc. 

(CRINC), by.the principal investigator for the project. Table 2.2 outlines 

the project budget in terms of grant (cost-shared) funding and costs 

incurred by LRC in directly supporting the ATLIT flight-test program. The 

amounts of cost shared funding provided by KU are excluded from the table. 

These amounts generally consisted of small matching funds from the 

University for the principal investigator's salary during the academic year. 

The Langley direct funding does not include overhead charges for the 

operation of the airplane at Langley. 

Each item in the breakdown of funding in table 2.2 is underlined 

and explained below. 

The funding for ATLIT development includes conceptual design of the 

wing, stability and control analysis, handling qualities analysis, airfoil 

18 
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TABLE 2.2 

TOTAL ATLIT PROJECT BUDGET 

Grant Funding (during four year period 3/72 to 6/76) 

ATLIT Development $ 245,519.oo 

Wing Construction 359,ooo.oo 

Supercritical Propeller Design and Construction 22;ooo.oo 

Flight Test Program Support (two years) 62,498.OO 

Hull and Liability Insurance 9,500.oo 

(1) Total Grant Funding $ 698,517.OO 

Langley Direct Funding (during two year period, 6/74 to 6/76) 

Salaries and Wages 

Engineering, Pilots, and Maintenance $ 123,OOO.OO 

Instrumentation Support 130,000.00 

Wallops Flight Center Support 1,500.00 

Langley Chase Aircraft Support 2,500.OO 

Standard Seneca Rental 350.00 

Airplane Direct Operating Costs (for 85 flight hours) 1,100.00 

Computer Time 6,OOO.OO 

Travel 4,500.oo 

Miscellaneous Equipment, Parts, and Supplies 4,500.oo 

Grants (other than K U) 80,OOO.OO 

(2) Total Langley Direct Funding $ 353,450',00 

Total Program Costs (1) + (2) $1,051,967.00 
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development studies (at WSU) and selection, two- and three-dimensional 

wind-tunnel development work of the Fowler flap and spoiler roll-control 

systems, and detailed engineering design. 

The funds for wing construction were paid under a subcontract from 

KU to Piper Aircraft Corporation. 

Under a subcontract from KU, funds for the supercritical propeller 

design and construction were paid to Pacific Propeller, Inc., under contract 

from Robertson. 

The flight-test program support funding was awarded primarily to pay 

for the services of one KU graduate student at LRC to serve as KU project 

engineer during the flight testing of ATLIT. 

Under the $1 per year airplane lease arrangement between CRINC and 

Piper Aircraft Corporation, hull and liability insurance was required for 

ATLIT. Funds were provided through the grant for coverage against any 

possible claim not covered under the Federal Tort Claims Act. Any claims 

involving negligence on the part of the Federal Government (NASA) would 

be covered by this act. 

Under funding for salaries and wages, the amount for engineering, 

pilots, and maintenance covers one full-time engineer (2 years), two 

one-quarter-time research pilots (1 year), one full-time mechanic (2 years), 

and a one-third-time maintenance supervisor (2 years). The instrumentation -- 

support is contracted and includes salaries, wages, and company overhead for 

one engineer and one technician. 

Funds for the Wallops Flight Center support paid for about 95 man-hours 

of services during two tower-flyby airspeed-calibration flights and two 
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single-engine climb test flights. The services included radar tracking 

with recorded time histories and meteorological data recording. 

The Langley chase aircraft support consisted of approximately 25 hours 

of flight time in various aircraft. These flights were made to observe 

and/or photograph ATLIT during trailing anemometer airspeed calibration 

tests and tuft studies. Chase aircraft used included fixed-wing single- and 

multi-engine airplanes and helicopters. The cost for operating these chase 

aircraft was estimated to average $lOC per flight hour, including ground 

and flight crew costs. 

Approximately 5 hours of flying was done in an unmodified PA-34 with 

the funds indicated under standard Seneca rental. These flights were made 

to document performance characteristics of the standard Seneca and to do 

tuft studies. 

Airplane direct operating costs are based on fuel, oil, filters, tires, 

and miscellaneous expendable parts used during approximately 85 hours of 

research flying (from April 1975, to May 1976). This direct operating cost 

averaged about $12/flight hour. No account has been made in this analysis 

for avionics repair costs. 

The funds for digital computer time represent computer costs for work 

by both ATLIT project personnel and Analysis and Computation Division 

support personnel. 

Travel funds include all ATLIT-related travel by LRC employees with the 

exception of trips to technical society meetings. 

The amount for miscellaneous equipment, parts, and supplies, includes 

purchases of a digital fuel monitor for accurate weight control during 
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flight testing and a prograrrmable pocket calculator for flight test data 

reduction. Also included is the cost of magnetic tape for the flight 

data recorder. 

The funds for grants (other than KU) include work by North Carolina 

State University on predictions of ATLIT lift, drag, moments, performance, 

and stability and control characteristics (Chapter 5) as well as work on 

a method for extracting drag and power data from dynamic maneuvering 

flight data (Appendix A). Also included is an in-flight simulator 

experiment to evaluate the influence of spoiler-type roll-control 

nonlinearities on lateral handling qualities. This work was performed 

by Princeton University. 

Table 2.3 presents the project costs which may be charged to the 

operation of the airplane during the flight test program involving about 

85 research flight hours. The result of this analysis suggests that the 

cost to Langley Research Center in operating a flight test program with 

the scope and duration of the ATLIT project is about $4,000 per flight 

hour or about $170,000 per flight-program,year. No account is made in this 

analysis for LRC overhead costs. The salaries and wages figured into this 

average cost account for approximately six months of start-up time for 

the flight-test phase of the project, one year of active flying, and about 

six months of data analysis and report preparation. The flight hours and 

man-years used are representative of those required to document airplane 

characteristics including airspeed and angle-of-attack calibrations, 

extensive tuft studies, lateral handling qualities, stall characteristics, 

and cruise and climb performance. 
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TABLE 2.3 

TOTAL FLIGHT PROGRAM OPERATING COSTS FOR 85 HOURS OF RESEARCH FLYING 

Grant Funding 

Flight Test Program Support (two years) 

Hull and Liability Insurance 

Langley Direct Funding 

Salaries and Wages 

$ 62,498;OO 

9,500.oo 

$253,000.00 

Wallops Flight Center Support 

Langley Chase Aircraft Support 

Standard Seneca Rental 

Airplane Direct Operating Costs (85 flight hours) 

Computer Time 

1,500.00 

2,500.OO 

350.00 

1,100.00 

6,OOO.OO 

Miscellaneous Equipment, Parts, and Supplies 3,200.OO 

Total Flight Program Operating Costs $339,648 .OO 

Approximate cost per flight hour (for 85 research flight 
hours) $4,00O/HR. 

Approximate cost per flight-program-year $170,00O/YR. 
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2.4- Project Schedule 

Since ATLIT first flew on October 12, 1975, about 130 hours of flight 

time in approximately 60 flights have been logged. Of the total flight 

time, about 85 hours have involved research work, with the remaining hours 

consisting of ferry time. Figure 2.5 presents the .overall ATLIT project 

timetable. 

Following the first flight, the LRC Quality Assurance (QA) Office sent 

a representative to the Piper plant in Lakeland, Florida, for an inspection 

of the airplane prior to its delivery to NASA. These QA inspections were 

addressed solely to matters of mechanical safety of flight. Matters 

concerning operational safety of flight (handling qualities and the like) 

were taken up in NASA-LRC safety committee meetings. The outcomes of the 

QA inspections and safety committee meetings included severa‘l recommendations 

which were to be implemented prior to beginning ATLIT flight operations 

from Langley Field. 

Most of the recommendations of the two investigating groups were 

implemented before final adjustments to the airplane at the Piper plant. 

The decision was made at Langley to have the airplane delivered (on 

November 26, 1975) with a small amount of work remaining to be finished on 

the airplane. This would allow completion of final preflight test-airplane 

modifications at Langley with the QA inspection personnel readily available. 

In addition, installation of the instrumentation system and data recording 

package could begin immediately uponarrival of the airplane. 

The original planning for the flight-test program called for research 

flights to begin in early 1975, andcontinue to late 1975, with documentation 

of the flight-test results planned for the first 6 months of 1976. 
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Figure 2.5.- ATLIT,flight-test program timetable. 



After arrival of the airplane at LRC, the work required to meet QA office 

standards combined with instrumentation difficulties to delay the first 

instrumented test flight until May 19, 1975. Further setbacks to the 

planned flight program were encountered upon the discovery of (and research 

to cure) a region of wing/body interference-induced flow separation at 

climb speeds. An estimated four months was spent investigating this flow 

problem. An estimated three months was invested in attempts to refine 

the accuracies of the flight data instrumentation system. One month of 

time was lost due to defective recording tape for the fiight data 

recording system. These developments necessitated a twelve month 

extension (May 15, 1976 to May 15, 1977) of the grant for the purpose 

of fully documenting the airplane cruise and climb performance, and to 

document the characteristics of the supercritical propellers. The lease 

arrangement for the airplane has also been extended. The extension will. 

also allow for the planned Full-Scale (30- by 60-Foot) Wind-Tunnel tests. 
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CHAPTER 3 

AIRPLANE MODIFICATIONS 

This chapter presents a detailed description and the design approach 

for the ATLIT wing and supercritical propellers. In presenting the 

airplane details, comparisons are made with the unmodified Piper PA-34-200 

Seneca I wing and standard propellers. 

3.1 General Seneca/ATLIT Description and Comparison 

The PA-34 Seneca I is representative of general aviation light 

twin-engine airplanes which are used extensively by third-level air carrier, 

air taxi, corporate, and private operators. It is a low-wing airplane 

with retractable landing gear and a maximum range of 745 n.m. at a 

75-percent power cruise speed of 162 knots. With a gross weight of 

1.87 kN (4200 lb), the airplane seats up to seven occupants. The power 

plants are normally aspirated, reciprocating engines with constant-speed 

propellers. 

The selection of the Seneca I for the project modifications followed 

a major goal in the ATLIT design, that of improving single-engine climb 

performance. General aviation airplanes in the light (less than 26.69 kN 

(6000 lb)), propeller-driven, twin-engine (normally aspirated), four- to 

eight-passenger class are virtually all very limited in single-engine 

climb performance at gross weight. For ten airplanes of this class on 

the market in 1975-1976, single-engine rates-of-climb at sea-level average 

.96 m/min (320 fpm) and single-engine service ceilings average 2000 m (6600 ft). 
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The Seneca I, with a single-engine rate-of-climb (at sea level and 

gross weight) of 57 m/min (190 fpm) and a single-engine service ceiling 

of 110 m (3650 ft), is a typical example. Reference 22 includes comments 

that, short of significant reduction in payload or range, no technology 

has been developed to improve climb performance. Increases in horsepower 

are economically unacceptable. Even turbo/supercharging, while, on the 

average, doubling the single-engine service ceilings, does not improve the 

sea-level rates-of-climb. 

Theconceptual studies which led to the ATLIT design revealed the 

potential of these approaches to improving engine-out climb: 

1. Planform changes for,lower induced drag with high-lift-large 

span flaps and roll-control spoilers. 

2. GA(W)-1 airfoil for higher L/D, especially at climb, and for 

higher CL . 
max 

3. Supercritical propellers designed for increased propulsive 

efficiency. 

Figure 3.l. compares the planform, flap, and lateral control 

modifications of ATLIT with the unmodified Seneca. Pertinent dimensions 

for both airplanes are presented in table 3.1. 

3.2 ATLIT Design Description 

To supplement the following detailed description of ATLIT, a three-view 

is presented as figure 3.2 and a list of all engineering design drawin.gs 

for ATLIT is given in table 3.2. 
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Figure 3.1.- Planview comparison of the ATL.IT and the unmodified Piper PA-34-200 Seneca I. 



TABLE 3.1 - COMPARISON OF ATLIT AND PIPER PA-34-200 SENECA I DESIGN SPECIFICATIONS 

ITEM 

GROSS WEi.GHT, N (lb) 

WlNGAREA,M2 kq ft) 

TAPER RATIO 

ASPECT RATIO 

SPAN, M (ft) 

SPAN LOADING, N/M (Iblft) 

WING LOADING, N/M (Iblsq ft) 

FLAPTYPE 
SPAN, PERCENTOF b 
CHORD,PERCENTOFc 

SPOILERTYPE 
SPAN,PERCENTOFbl2 
CHORD,M (inches) 

AIRFOIL 

ATLIT 

18700 (4200) 

14.4 (155.0) 

0.5 

10.32 

12.19 (40.0) 

1536 (105) 

1298 (27.1) 

FOWLER 
88 
30 

TRIANGULAR 
CROSS-SECTION 

49.6 
0.089 (305) 

GA(W)-1 (17%tk) 

PA-34 

18700 (4200) 

19.4 (208.7) 

1.0 

7.25 

11.85 (38.88) 

1581 (108.2) 

964 (20.12) 

PLAIN 
50 
20 

6,,, 



4.13 m 

?I? I 

NORMAL GROUND LINE' 

Figure 3.2.- ATLIT three-view. 
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TABLE 3.2- ATLIT ENGINEERING DESIGN ‘DRAWINGS 

W 
W 

DRAWING NO - 

90-000140 
90-000145 
90-010010 
90-010011 
90-020000 
90-100000 
90-110000 
90-110001 
90-110002 
90-110100 
90-110101 
90-110102 
90-110106 
90-110107 
90-110108 
90-110200 
90-110210 
90-110211 
90-110212 
90-110250 
90-110255 
90-110300 
90-110301 
90-110302 
90-110400 
go- 110401 
90-110402 
90-110403 
90-110404 
90-110500 
90-110550 
90-110555 
90-110600 
90-110700 
90-110701 
90-110702 
90-110703 
90-110704 
90-110710 
90-110711 
90-110712 
90-110713 
90-110714 
90-110715 
90-110716 
90-110717 
90-110718 

Lines - Nacelle 
Lines - uing Tip 
Master Diagram - Wing 
ATLIT Ying General Olmensianal Info. 
ATLIT Three Yiw Drawing 
Uing Installation 
Wing Assy Complete 
Wing Asry Outboard 
Uing Assy Inboard 
Spar Assy - Ying Main 
Cap - Uing Main Spar Lower 
Cap - Ying Main Spar Upper 
Doubler Instl. Brake Clearance 
Side Brace Supt lnstl. - Landing Gear 
Fitting - Side Grace - Landing Gear 
Spar Assy - Ying Rear (64%) Outbd 
Cap 64% Spar - Outbd 
Tee 64% Spar - Outbd 
Angle 64% Spar Splice 
Spar Assy - Wing (64%) lnbd 
Cap - 64% Spar - lnbd 
Sub Spar Assy - 24% - Wing 
Cap - 24% Spar - Details 
Angle - 24% Spar Splice 
Spar Assy - Center Section, Wing 
Cap - Lower. Center Section, Ying 
Cap -' Upper. Center Section. Wing 
Tie - Lower, Center Section, Wing 
Tie - Upper. Center Section, Hing 
Stringer - Wing 
Strinaer Assv - 24% 
Angle-- Stringer Splice 
Door - Wing Access 
T. E. Instl. 
Flap Track lnstl. - Sta. 28.00 
Flap Track Instl. - Sta. 100.00 
Flap Track Instl. - Sta. 171.00 
Flap Track lnstl. - Sta. 231.00 
Track - Wing Flap 
Rib lnstl - Sta. 45.50 Ying T. E. 
Rib lnstl - Sta. 64 Wing T. E. 
Rib Instl - Sta. 79.50 Wing T. E. 
Rib Instl - Sta. 114.00 Yin0 T. E: 
Rib Instl - Sta. 126.00 Uing T. E. 
Rib Instl - Sta. 142.50 Uing T. E. 
Rib lnstl - Sta. 151.50 Yin9 T. E. 
Rib lnstl - Sta. 186.00 Ying T. E. 

DRAYING NO. 

90-110719 
90-110270 
90-110721 
90-110722 
90-110723 
90-110724 
90-110728 
90-110729 
90-110730 
90-110731 
90-110732 
go-110733 
go-110734 
go-110735 
go-110736 
90-110737 
90-110738 
go-110743 
go-110744 
go-110745 
90-110748 
90-110749 
90-110750 
90-110751 
90-110752 
go-110753 
go-110754 
go-110756 
90-111001 
90-111002 
90-111003 
90-111004 
90-111005 
90-111006 
90-111007 
90-111008 
90-111009 
90-111010 
90-111011 
90-111012 
90-111013 
90-111014 
90-111015 
90-111020 
90-111021 
90-111022 
90-111023 
90-111024 

Rib Instl - Sta. 201.00 Uing T. E. 
Rib lnstl - Sta. 215.00 Ying T. E. 
Beam Hing T. E. 
Angles - Uing T. E. 
Angle - T. E. 
Plate - Ying T. E. 
Zee Section - T. E. Rib 142.50 
Doubler - T. E. Rib 142.50 
Clip - T. E. Rib 
Angle - U. 5. 114.00 
Zee Section - T. E. Rib Y. S. 114.00 
Channel - Y. S. 114.50 
Angle - Y. 5. 126.00 
lee Section - T. E. Rib 126.00 
Channel - T. E. Rib 126.00 
Zee Section - T. E. Rib 186.00 
Channel - T. E. Rib 186.00 
Angle - T. E. Rib 151.50 
Zee Section - T. E. Rib 151.50 
Channel - T. E. Rib 151.50 
Angle - T. E. Rib 215.00 
Channel - T. E. Rib 215.00 
Zee Sectlon - T. E. Rib 215.00 
Angle - T. E. Rib 201.00 
lee Section - T. E. Rib 201.00 
Channel - T. E. Rib 201.W 
Angle - Uing R. E. 
Angle - Track W. S. 28.00 
Rib Instl - Uing Cant. - Sta. 28 
Rib lnstl - Uing - St?.. 41 
Rib lnstl - Ying - Sta. 54 
Rib Instl - Uing - Sta. 64 
Rib lnstl - Uing - Sta. 86.00 
Rib Instl - Ying - Sta. 100 
Rib lnstl - Wing - Sta. 111.00 
Rib Assy - Wing - Sta. 126 
Rib Assy - Wing - Sta. 141 
Rib Assy - Uing - Sta. 156 
Rib Assy - Uing - Sta. 171 
Rib Assy -Wing - Sta. 186 
Rib Assy - Ying - Str. 201 
Rib Assy - Uing - Ya. 216 
Rib Assy - Uing - Sta. 231 
Rib - Wing Cant - Sta. 28 
Fitting - Wing Mount. Fwd 
Fitting - Wing Mount. Aft 
Tee - Rib, Cant. - Sta. 28 
Angle - Rib. Cant. - Sta. 28 



TABLE 3.2- Continued 

DRAWING NO. 

90-111025 
90-111026 
90-111027 
90-111028 
90-120000 
90-120100 
90-120101 
90-120102 
90-120103 
90-120104 
90-120105 
90-120106 
90-120107 
90-120108 
90-120109 
90-120111 
90-120114 
90-120115 
90-120116 
90-120117 
90-120200 
90-120201 
90-120202 
90-120203 
90- 120204 
90-120205 
90-120206 
90-120207 
90-12020.9 
90-120209 
90-120210 
90- 120300 
90-120301 
90-120302 
go- 120303 
90-120304 
90-120305 
90-120306 
90-120307 
go- 120308 
90-120309 
90-120310 
90-120311 
go-120315 
90-120400 
90-120532 
90-120600 
90-120700 

Frame Assy - Leading Edge, Inbd Wing 
Frame lnstl. Canted, Inbd Wing 
Frame - Leading Edge, Inbd Wing 
Angle - Leading Edge, Inbd Wing 
Flap lnsti. 
Flap Assy - lnbd 
Carriage Assy. W. 5. 28.00 
Rib Assy Flap W. 5. 42.40 
Rib Assy - Flap W. 5. 56.80 
Rib Assy - Flap W. 5. 71.20 
Rib Assy - Flap W. 5. 85.60 
Rib Assy - Flap W. 5. 28.00 
Carriage - Flap W. S. 28.00 
Gusset lnbd Flap 
Gusset lnbd Flap 
Spar Assy - Flap lnbd 
Clip - lnbd Flap 
Clip lnbd Flap 
Clip - lnbd Flap 
Clip lnbd Flap 
Flap - Assembly Center 
Carriage - Flap U. 5. 100.0(1 
Rib ASSY - Flak W. S. 100.00 

.oo 

Carriage Assy h. 5. 171.00 
Spar Assy Outbd Flap 
Gusset - Flap Drive 227 
Angle - Clip Flap Spar 
Pushrod Assy - Wing Flap 
Bracket Flap Lever 
Support Bracket - Flap B/C 
Lever Assy - Flap 

DRAWING NO. 

90-120800 
90-120801 
90-120802 
90-120803 
90-120804 
90-120805 
90-120806 
90-120900 
90-130000 
90-130100 
90-130200 
90-130300 
90-130401 
90-130402 
90-130403 
go-130404 
go-130405 
90-130406 
go-130407 
90-130408 
go- 130409 
90-130410 
90-130411 
90-130501 
go- 130503 
go-130504 
go-130505 
90-130506 
go-130507 
90-130508 
90-140000 
90-140001 
90-140002 
90-140003 
go- 140004 
90-140005 
90-140006 
90-140007 
90-140008 
90-140009 
90-140011 
90-140012 
90-140013 
90-140014 
90-140015 
90-140016 
90-140017 

Link Arsy - Flap Drive 
Universal - Flap Drive 
Bracket 
Bracket - lnbd Flao 
Bracket - Inbd Flap 
Bracket - Weld Assy 
Bracket - Weld Assy. 227.0 
Angles - Flap Bracket Attachment 
Spoiler Instl. 
Spoiler Assy 
Spoiler Assy Center 
Spoiler Assy - Outbd 
Pushrod - Spoiler 
Link Assy - Spoiler 
Lever Assy - Spoiler 
Sector Assy - Spoiler Drive 
Bracket Assy - Spoiler 
Hinge Assy - Spoiler 
Hinge Half Assy - Spoiler 
Hinge Half - Spoiler 
Fitting - Link Attachment 
Bracket Oetails - Spoiler 
Rod End - Spoiler Drive 
Bracket Assy - Spoiler Pulley 
Spring - Spoiler 
Bracket Assy - Spoiler 
Bracket - Details - Spoiler 
Bracket Assy - Spoiler 
Bracket Details - Spoiler 
Cable Assy - Spoiler 
Nacelle lnstl. 
Rib lnstl. - Na&lle - Wing Sta. 64.00 
Rib Instl. - Nacelle - Wing Sta. 136.00 
Frame Instl. - Nacelle - Wing Sta. 82.26 
Frame Instl. - Nacelle - Wing Sta. 94.26 
Frame - Nacelle - Wing Sta. 82.26 
Frame lnstl. - Nacelle 64% 
Bracket - Nacelle 
Angle - Nacelle - Rib 
Angle Nacelle - Rib 
Frame - Nacelle - Sta. 94.26 
Frame - Nacelle - Sta. 94.26 
Frame - Nacelle - Sta. 94.26 
Fitting - Upper, Nacelle 
Fitting - Lower, Nacelle 
Tee - Nacelle Rib 
Angle - Nacelle Rib 



TABLE 3.2- Concluded 

w 
WI 

DRAWING NO. 

90400100 
90-400101 
90-400102 
90-400103 
90-400104 
90-400105 
90-400106 
90-400107 
90-400108 
90-400109 
90-400110 
90-400111 
90-400112 
90-400113 
90-400114 
90-400115 
90-400116 
90-400117 
90-400118 
90-400119 
90-400120 
90-400121 
90-400122 
90-400123 
90-400124 
90-400125 
90-400126 
90-400127 
90-400128 
90-400129 
90-400130 
90-400131 
90-500000 
90-600000 
90-700100 
90-800100 
90-800101 
90-800110 
90-800111 
90-800211 
90-800212 
90-800213 
90-800214 
90-800215 
90-800216 
90-800217 
90-800218 

Fuselage Structure Assy 
Frame Instl. - F. 5. 73.04 
Frame Instl. _ Sta. 106.628 
Fitting - Fwd Fuselage Wing Attach 
Fitting - Wing Mount, Aft, Fuselage 
Gusset - Lower Fuselage - Sta. 73.04 
Gusset - Lower Fuselage - Sta. 73.04 
Side Frame Sta. 73.04 
Channel - F. 5. 73.04 
Channel - Sta. 74.105 
Frame - F. 5. 77.04 
Channel --Lower Fuselage. Sta. 73.04 
Clip - Lower Fuselage. Sta. 73.04 
Bracket - Lower Fuselage. Sta. 73.04 
Web - Upper Cockpit - Left Side 
Web - Upper Cockpit - Right Side 
Oblr - Cockpit - Fwd - Lwr 
Channel - Cockpit Fwd - LHI 
Support Fittings BHO 106.628 
Oblr - Cockpit - Lwr - Aft 
Angle - Lover Fuselage - Sta. 128.737 
Clip - Lower Fuselage - Sta. 128.737 
Support Fittings BHO 106.628 
Channel - Spar Box Left Forward 
Channel - Lwr Fuselage - Sta. 104 
Bracket - Lwr Fuselage - Sta. 106.628 
Bracket - Lwr Fuselage - Sta. 106.628 
Channel - Lwr Fuselage - Sta. 106.628 
Strap - Lwr Fuselage - Sta. 106.628 
Web - Sta. 72.105 
Channel - Lwr Fuselage - Sta. 97 
Plate - Lwr Fuselage - Sta. 97 
Wing Elec. Harness Instl. 
Hydraulic Systems lnstl. 
Sender Instl. - Fuel 
Landing Gear Instl. - Main 
Gear Assy - Main 
Fitting Assy Gear Attach, Aft 
Fitting Assy Gear Attach, Fwd 
Over Center Assy 
Link Assy - Over Center 
Lever Assy - over center 
Side Brace Assy 
Bolt Over Center Adjust 
Bracket Assy - Over Center Spring 
Spring - Over Center - Gear 
Bracket Assy Cylinder Support 

DRAWING NO. 

90-800300 
90-800310 
90-800311 
90-800312 
90400353 
go-800354 
90-800382 
90-800400 
90-800500 
90-800501 
90-800502 
90-800600 
90-900000 
90-920000 
90-920500 
90-930000 

Trunnion Assy 
Cylinder - Main Landing Gear 
Beam - Trunnian 
Brace Trunnion 
Orifice Weld Assy 
Orifice Tube Assy 
Plate Assy - Orifice 
Bearing - Landing Gear 
Stop lnrtl. - Landing Gear 
Stop Assy - Landing Gear 
Up Limit Switch Instl. - Main Landing Gear 
Door lnstl. - Main Landing Gear 
Fe1 System lnstl. 
Controls Instl. - Engine 
Lines and Tachometer Instl - Engine Instruments 
Pitot Boom lnstl. 



3.2.1 ATLIT Planform Changes 

The ATLIT planform has an aspect ratio of 10.32, taper ratio of 0.5, 

and a wing span of 12.1 m (40 ft). These planform changes should produce 

performance and ride-quality improvements for the following reasons: 

1. The induced-drag term of the airplane wing may be written as 

5 = (iI2 y& 
C 

. (3.1) 

It follows that (for a fixed weight and velocity) the induced drag is 

(3.2) 

or the equivalent expression 

Di--1- . (3.3) 
S-A-e 

On ATLIT, the increase in aspect ratio offsets the decrease in wing 

area so that the product, SdA, is increased about 5 percent. As relation 

(3.3) indicates, an increase in S-A will reduce the induced drag by about 

5 percent for ATLIT. In simpler terms, the same induced-drag change may 

be explained by noting the effect in relation (3.2) of the slight increase 

in the ATLIT span over the Seneca span. In this case, increasing aspect 

ratio (alone) does not reduce induced drag; but, increasing span does. 

The effect of the &percent reduction in Di for ATLIT, on total 

airplane drag is small. Induced drag on ATLIT is 10 percent of total drag 

at cruise and 50 percent of total drag at climb. These contributions of 

the ATLIT planform changes to reducing total airplane drag become less 

than 1 percent at cruise and less than 3 percent at climb. 

2. With the 25-percent smaller wing area, the profile drag of the 

airplane will be reduced. As shown below, this reduction occurs in spite 

of the higher Cd of the 17-percent thick airfoil on ATLIT because 
0, min 
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the product, Cd . S, decreases compared to the standard wing. The 
0 

magnitude of this change is estimated,using section data, as follows: 

'd 0, min Wing 

(fixed transition, 
profile 

. s drag 
Airplane Airfoil RN = 6 x 106) S 'd 0, min & 

ATLIT 17%t/c, GA(W)-1 0.0106 14.4 m2 0.15 -25% 

PA-34 652 415 0.0101 19.4 m2 0.20 

Assuming that wing-profile drag is about 35 percent of total airplane drag 

at cruise and about 20 percent of total airplane drag at climb, the 

28-percent change in wing-profile drag reduces airplane drag by the 

following amounts: 

change in wing-profile drag change in 
wing-profile drag X total airplane drag = total airplane 
for smaller wing drag 

at cruise 28% X 35% = 9.8% 

at climb 28%. X 20% = 5.6% 

3. The tapered ATLIT wing contributes to increasing the wing-span 

efficiency factor (e) by 3.4 percent (reference 23). However, it is 

difficult to translate this into an effect on total airplane drag without 

knowledge of the interference effects of the modified wing on the standard 

fuselage. Interference-induced separation drag, varying with CL2, will 

appear as reduced span efficiency. It is also difficult to account for 

the effect on span efficiency of reducing the wing area with no change in 

fuselage or engine nacelles. With the fuselage and nacelle wetted areas 
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'becoming proportionately larger in relation to wing area, the effect of 

these bodies on span loading may also become proportionately larger. 

The result could be reduced span efficiency. 

Assuming no detrimental interference effects, the contribution of 

taper to increased span factor could reduce both climb and cruise drag 

by about 4 percent.* 

4. The 25-percent reduction in wing area on ATLIT will reduce the 

airplane cruise gust response by about 20 percent.** The improvement in 

ride quality (sorely needed in general aviation airplanes) would add to the 

attraction of designing light airplanes with higher wing loadings. 

The wings for both the basic Seneca and ATLIT have 3 degrees of twist 

for desirable stall characteristics. 

* 
At cruise, Di = CL2 9, s 

= 10 percent of total airplane drag. Assume e 
TeA 

increases from 0.75 to 0.783, then for V = 170 knots and S = 14.4 m2, 
cruise Oi decreases from 250 N (56 lb) to 239 N (54 lb). For climb, 

V = 90 knots, Di decreases from 779 N (175 lb) to 745 N (167 lb). 

** n a =c; q s 
a c 

at cruise 
for ATLIT: n, A 

, 
= (0.100 deg-') X (4.26 kPa) X(14.4 m2) 

for PA-34: ncc s = (0.080 deg-') X (4.26 kPa) X (19.4 m2) 
, 

n 
a,S - "a,A 

",,S 
x 100 = 20% 
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Summarizing, the net effect of the ATLIT wing-planform changes are 

given below: 

1. Increased.span for lower induced drag. 

2. Tapered wing for increased span efficiency. 

3. Reduced wing area for lower wing profile drag. 

3.2.2 Roll Control Spoilers 

The decision to provide roll control on ATLIT by means of spoilers 

freed the entire trailing edge of. the wing for a high-lift device. The 

requirement for a large-span, high-lift flap follows the decision to 

design the planform with high wing loading. 

The spoilers on ATLIT can be described as vented, gapped, upper-surface, 

roll-control spoilers. Figure 3.3 illustrates the geometry of this spoiler 

in cross section. In the literature (references 24 and 25), this type 

of spoiler has been referred to as a "slot-lip aileron." In order to make 

the difference between spoilers and ailerons distinct, any reference in this 

report to roll-control spoilers will imply an aerodynamic device which 

creates airplane rolling motion by the mechanism of separated flow on only 

one wing at a time. An aileron roll-control system, on the other hand, 

creates airplane rolling motion by changing lift on both wings simultaneously 

(by deflecting the wake due to a change in camber). 

The design details of the spoilers on ATLIT are presented here. 

Spoiler Vent-Path 

In the past, typical defects of roll-control spoilers have included 

nonlinear rolling moment variations with control-wheel deflections, 

control reversal for small deflections, and reduced effectiveness at 
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high angle of attack. Wind-tunnel spoiler-development tests (references 15, 

16, and 17) confirmed these defects for an unvented spoiler in the flap- 

deflected configurations. In general, roll-control spoilers will not 

exhibit these characteristics in a flaps-nested configuration. 

The three undesirable traits of spoilers noted above are created by 

flow conditions at the spoiler. With a Fowler flap deflected, flow 

through the flap slot is accelerated, generating additional accelerated 

flow by a "jet effect" in the region by the spoilers. Under these 

cond.itions, a small spoiler deflection will create flow separation; but, 

because of the higher local dynamic pressure, this separated flow behind 

the spoiler is prone to reattach itself to the wing upper surface before 

reaching the trailing edge. The net effect of this small spoiler deflection, 

then, is an increase in effective camber. The increased camber creates 

lift and results in a control reversal. With flaps up, however, flow 

conditions at the spoiler location have relatively lower dynamic pressure. 

Under these conditions, flow separation caused by small spoiler deflecttons 

tend to remain separated into the wake, thus creating a proper rolling 

moment. 

The preceding wind-tunnel development work was done, in part, to 

optimize the vent-path or spoiler-cavity geometry (see figure 3.3) to 

provide some relief from the objectionable spoiler traits. The vent path 

on ATLIT eliminates control reversal and reduces the nonlinearity in roll 

response. The shape of the spoiler cavity also influences the hysteresis 

characteristics in rolling moments due to spoiler deflections (reference 16). 
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Spoiler Leading Edge Gap 

An important development in the application of roll-control spoilers 

to airplanes was the addition of a leading edge gap to the device (see 

figure 3.3). This feature improved the linearity of hinge moments, 

improved roll-control effectiveness of small spoiler deflections, and 

reduced the lag in roll acceleration (reference 13). The first spoiler 

design of note to fly incorporating leading edge gap was the Mitusbishi MU-2 

of the early 1960's. 

Spoiler Cross-Sectional Shape 

Wind-tunnel studies (reference 17) indicate that spoiler hinge moments 

are apparently influenced by the combination of the underside contour of 

the spoiler and the leading edge gap. The cross-sectional shape of the 

spoiler apparently has only a slight effect on rolling moment charactistics. 

The triangular cross section for the ATLIT spoilers was chosen for 

its light weight and simple construction. Hinge-moment characteristics 

for this spoiler were documented in 3-D wind-tunnel tests (reference 17). 

Design for Lateral-Control Feel* 

During the mechanical design of the ATLIT lateral-control system, 

there were virtually no data availabl e on spoi ler-hinge moments. The 

mechanical system.was desighed using available split-flap data to estimate 

hinge-moment characteristics of the s poilers. Figure 3.4 presents a 

comparison of the estimated and wind-tunnel measured spoiler-hinge moments. 

*Mr. John T. Calhoun of Robertson Aircraft Corporation should be credited 
with the design of the ATLIT spoiler roll-control system. 
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Wheel forces in a lateral-control system are tailored to provide 

wheel centering without excessive force for maximum wheel travel. Meeting 

this requirement with spoilers presents a problem, because the hinge 

moments are in the wrong direction during the first 20' to 30"of 

deflection. 

Vented spoilers in the neutral position are subject to positive or 

opening hinge moments. As the spoiler is deflected up to some intermediate 

position, the hinge moment will go to zero, change sign, and the spoiler 

wi1.1 experience a closing moment. The ATLIT spoiler-control linkages are 

designed to provide a wheel centering force during the initial spoiler 

deflections where the aerodynamic forces tend to open the spoiler and 

decenter the wheel. 

The source of the wheel centering force on ATLIT and on several other 

mechanical spoiler designs is the aerodynamically inactive spoiler. On 

ATLIT, the left and right spoilers are connected by a high-differential 

solid linkage (no cams). Figure 3.5 illustrates the gearing of the 

spoiler motion with varying wheel .position. The figure shows that when 

one spoiler goes up, the other moves down, then back up slightly as the 

wheel reaches full travel. The system is designed to allow the hinge 

moments of the downgoing spoiler to oppose the wheel decentering hinge 

moments of the upgoing one (see figure 3.6). 

A comparison of estimated and measured hinge moments in figure 3.4 

indicated that ATLIT would have undesirable lateral-feel characteristics. 

In the flap-nested case, the wind-tunnel measured opening hinge moment 
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Figure 3.6.- The effect of opening (positive) spoiler hinge moments on wheel forces. 
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of a downgoing spoiler is about one-half of the design estimate. The 

flaps-up wheel centering force was reduced accordingly. This means that 

the opening hinge moment of the upgoing spoiler dominates, resulting in 

net wheel decentering forces. The same holds true for the flaps-down 

case, except that the difference and forces involved are larger. 

The amount of friction in the ATIT lateral-control system is large. 

This friction, by itself objectionable, partially masks the aerodynamic 

wheel decentering forces for small or large control inputs. 

A conclusion which may be drawn from this analysis is that accurate 

hinge-moment data are prerequisite to the design of mechanically-actuated 

roll-control spoilers with tolerable lateral control wheel-force 

characteristics. This requirement necessitates strong justification for 

putting a spoiler system on an airplane (e.g., a need for full-span flaps 

or direct-lift control). When a strong case can not be made for spoilers, 

the relative simplicity and lower cost of an aileron roll-control system 

will sway the decision to ailerons. 

Spoiler Leakpath Seals 

As discussed earlier, there is no requirement for lower- to 

upper-wing surface venting with flaps up. Quite to the contrary, any 

leakage of pressure through the wing is to be avoided. The ATLIT design 

did not consider the effect of allowing leakage through the spoilers. 

Wind-tunnel studies late in the design stages (reference 17) indicated 

that there would be lift and drag penalties due to leakage. Therefore, 
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as an operational solution to the leakage effects, a rubber weatherstripping 

seal was added (see figure 3.7). As shown in the wind tunnel, a beneficial 

effect of sealing the leakpath is that the flaps-up spoiler hinge moments 

are eliminated (spoilers neutral). 

Spoiler Rigging 

With the spoiler leakpath unsealed, the spoilers floated up about 2 or 

3 degrees. This floating was eliminated by rigging the spoilers 

symmetrically down below the wing surface. Thus, with flight airloads, 

the spoilers would float up no higher than flush with the wing surface. A 

system with no leakage is doubly advantageous since there will be no 

spoiler float either with flaps up. 

3.2.3 Full-Span Fowler Flaps 

Increased flexibility in wing-area design is achieved by the 

application of high-lift devices. On the ATLIT design, this flexibility 

is provided by 30% c -full-span Fowler flaps. 

Two dimensional wind-tunnel development of this Fowler flap 

(reference 14) defined the slot gap and overlap for maximum lift in the 

6f = 4o" position (see table 3.3). This 2-D optimized gap and overlap 

is incorporated in the ATLIT design. Three-dimensional tunnel tests 

(reference 17), at a reduced Reynold's number using the optimum 2-D gap 

and overlap, failed to generate the expected maximum lift. A modified 

gap and overlap were defined which achieved the expected maximum lift 

on the 3-D model, but it is suspected that this anomaly is a Reynold's 

number effect rather than a 2-D to 3-D effect. 
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TABLE 3.3 - FOWLER FLAP SLOT DIMENSIONS FOR WIND TUNNEL AND FLIGHT TESTING 

TESTS GAP OVERLAP REYNOLDS 
NUMBER 

i-D, REF. 4, OPTIMUM FOR bf = 40' 2.7%c -0.7%c 2.2x lo6 

I-D, REF.17, OPTIMUM FOR c) = 40' 2.2%c 0.8%c 1.0 x lo6 

ATLIT TESTS, bf = 37.8’ 2.8”0.5% 0.7~0.4%c 2.2x lo6 
max 



The actual gap and overlap for the ATLIT has some span-wise 

variations due to construction tolerances. These are indicated below: 

Gap Overlap 

Average +2.8% c +0.7% c 

Maximum +3.3% c +1.5% c 

Minimum +2.3% c +0.4% c 

The maximum flap deflection on ATLIT of 6f 
3 

max = 37.8' resulted 

from an NASA Langley Research Center, Quality Assurance Office, inspection 

requirement for certain clearances of the flap rollers in their tracks. 

The flap positions are illustrated in figure 3.8. 

3.2 .4 GA(W)-1 Airfoil 

fol 

The development of the GA(W)-1, general aviation (Whitcomb), a 

lowed an iterative procedure of defining an airfoil shape, then 

irfoil 

evaluating its characteristics by the method of reference 6. The procedure 

required about 17 iterations to transform a Whitcomb 17-percent thick 

supercritical airfoil into one especially suited for a low-speed 

subsonic airplane (i.e., 200 knots top speed and RN = 6 X 10'). The 

computer optimization of the airfoil emphasized low drag for lift 

coefficients ranging from cruise to climb and high maximum lift with 

docile stall characteristics. It was convenient, while not necessarily 

desirable, to retain the 17-percent thickness of the supercritical section. 

The final airfoil shape was evaluated in the wind tunnel (reference 5). 
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Figure 3.8.- ATLIT airfoil and flap geometry. 



The GA(W)-1 17-percent thick airfoil is likely to be redesignated as 

the NASA-417 airfoil of the LS-1 (low-speed) family. This family, so far, 

includes airfoils which have design-lift coefficeints ranging from 0.2 to 

0.6 and thicknesses from 13 percent to 21 percent. The family is being 

expanded and several GA(W)-1 airfoils are being modified to have different 

camber and thickness distributions. 

For the ATLIT project, the 17-percent (GA(W)-1 section replaced the 

thinner airfoil of the standard wing, the 652-415 "laminar" section. 

Although this older 6-series airfoil was designed to have a laminar boundary 

layer over a large portion of the chord, the maintenance of conditions for 

laminar flow on a production light airplane is impractical. Thus, a 

comparison of section characteristics for the 6- and the GA-series airfoils 

with fixed transition is reasonable. 

The essential differences in the two airfoils are apparent in 

figures 3.9 and 3.10. In particular, for the GA(W)-1 section, (i)max is 

about 50-percent higher, Cl is almost 30-percent higher, and, 
max 

unfortunately, Cd is about 6-percent higher and C is about 60-percent 
0 mO 

higher than for the older 6-series airfoil. 

The improvement in 1 
d 

with the GA(W)-1 section should contribute to 

improvements in range and in. climb performance. 

The increase in section maximum lift permits greater flexibility in 

the design of a wing planform. Smaller wing areas may be designed while 

keeping the product, CL . S, constant. 
max 

A discussion of the effect of the higher Cd appears in section 3.2.1. 
0 
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Increasing C 
mO 

was apparently regarded as unimportant, during the 

GA(W)-1 development. It remains to be seen whether this assumption is 

valid. Increased GA(W)-1 Cm will cause increased trim drag. According 
0 

to reference 23, longitudinal trim drag ranges from 1 percent to 10 percent 

of total airplane drag. For the cruise condition, trim drag will be in 

the lower part of this range, and during a climb, in the upper part. 

Therefore, the increased pitching moment of the GA(W)-1 section is likely 

to produce an appreciable increase in total airplane drag over the whole 

operating range of the airplane. 

During the conceptual design of ATLIT, it was estimated that the 

weight of the wing could be reduced-about 10 percent. This reduced weight 

would result from the lower wing root bending moments for the tapered 

ATLIT wing and from the lower weight of materials for the smaller wing. 

In practice, this weight savings could be used to provide either increased 

single-engine rate of climb or increased useful load. On ATLIT, however, 

this potential was not realized. The design of the prototype-wing 

structure was done with little regard for weight. The resulting ATLIT 

wing i.s about 1.34 kN (300 lb) heavier than the standard wing. The 

conservative-design wing root bending moment for ATLIT is about 55-percent 

higher than for the standard Seneca.7 This moment is also about 

60-percent higher than it need be for the design of such a wing 

to conventional limits. 

Early in the flight program, wing templates were made at eight 

span-wise locations on ATLIT to determine how well the actual wing sections 

7. Unpublished data in "Conceptual design of an Advanced Technology 
Light Twin." 
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compare to the true GA(W)-1 shape. Figure 3.11 presents this comparison. 

In general, the ATLIT wing sections are representative of the GA(W)-1 

shape; however, the figure shows some discrepancies near the wing trailing 

edge. On the average, the ATLIT wing trailing edge is twice as thick as 

it was designed to be. The design trailing edge thickness varies from 

a maximum of 2.3% c to a minimum of 0.9% c with an average of 1.4% c. 

The ATLIT trailing edge thickness variations result from the difficulty 

in matching the position of the Fowler flap trailing edge with the wing 

trailing edge in the flap-nested configuration. The effect of these 

thickness variations will be most pronounced on section drag. Lift and 

pitching moment will be affected very little. 

3.3 Supercritical Propellers 

An analysis8 made on a modern light twin-engine airplane 

suggested that the efficiency of the installed propeller may be as much as 

5 percent to 15 percent (at cruise and climb, respectively) less than the 

efficiencies which larger, transport-category airplanes had been able to 

approach. A significant recommendation of this reference was that a 

propeller should be designed so that the twist and planform are optimized 

for operation in the flow field of the nacelle behind it. Such a 

propeller would improve climb and cruise performance. 

The propeller design was accompanied by a suggested design for modified 

engine nacelles which would achieve improvements in propulsive efficiency. 

Data of reference 22 indicate significant improvement in propulsive 

efficiency due to changes in the nacelle blockage effects behind a propeller. 

However, the design of modified engine nacelles for ATLIT was never completed. 

8. Correspondence from Mr. Howard Piper (Piper Aircraft Corporation) to 
Mr. John P. Reeder (NASA Langley Research Center). Subject: Advanced 
Technology Wings, Control Systems, and Propellers for General Aviation 
Twin Engine Aircraft, April 12. 1972. 
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Another recommendation' was to consider both the older 

"traditional" sections (e.g., Clark Y, NACA 2412, or NACA 23012) 

and the newer supercritical sections for application to a new propeller 

design. The supercritical section was chosen to replace the airfoil of 

the standard propeller (approximated by the NACA 66-206). This choice 

was made in an effort to utilize the lift and drag characteristics of the 

supercritical sections to the best advantage in a propeller design. The 

design of the propellers was performed to provide an optimum combination 

of cruise and climb performance. lo Figure 3.12 illustrates the blade 

planform and airfoil used on the propeller. 

Additional anticipated advantages of the supercritical props include 

the more blunt blade leading edge and reduced blade weight. The blunt 

leading edge (in contrast to the sharp leading edge of the original blade 

section) will be less susceptible to damage from rocks and debris. The 

weight of the supercritical propellers is 27.8 N (12.5 lb) less per prop 

than the weight of the original propellers. A supercritical propeller 

weighs 291 N (65.5 lb) compared to 317 N (71.25 lb).for a standard 

Hartzell prop. 

9. Ibid. 
10. The propeller design was documented in the unpublished report 

"Conceptual Design of an Advanced Technology Light Twin". 
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CHAPTER 4 

FLIGHT-TEST PROGRAM 

This chapter presents the objectives and. planning of the flight- 

test program and a description of the instrumentation system and 

flight envelope for the airplane. 

4.1 Program Objectives and Planninq 

The flight evaluation of ATLIT has the objectives of determining: 

1. Stall speeds and characteristics 

2. Spoiler roll-control characteristics 

3. Cruise and single/multi-engine climb performance 

4. Longitudinal and lateral dynamic response characteristics 

5. Takeoff and landing distances 

6. Moise and performance characteristics of advanced technology 

propellers incorporating a supercritical airfoil. 

Items 1, 2, and 3 above are presented in this report. Items 

4, 5, and 6 are in progress at Langley and will be reported in 

proposed NASA technical publications. 

The flight-test program to complete items 1 through 6 above was 

estimated to require loo-flight hours in 50-calendar weeks. The 

purpose of the estimate was to provide data for support organizations 

at Langley to plan for such things as pilot man-hour and fuel require- 

ments. In retrospect, these estimates would have been quite accurate 

but for the impact of the tuft studies and instrumentation delays 
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discussed in chapter 2.4. Revised estimates for the complete program 

increased the times to 150-flight hours in 70-calendar weeks. 

An approximate breakdown is given below of the actual flight 

times required for completed tasks and estimated flight times required 

for planned tasks. The times listed under productive flight hours 

generated useful engineering data. The unproductive flight hours 

resulted in unusable data due to faulty equipment or procedures. 

About 30 percent of the total flight hours were unproductive. 

Task 
1. Airspeed and angle of attack 

calibrations 

2. Documentation of stall speeds 
and characteristics 

3. Spoiler roll-control evaluation 

4. Cruise and single-/multi-engine 
climb performance measurements 

5. Tuft studies for wing/body sep- 
aration cleanup 

6. Evaluation of longitudinal and 
lateral dynamic response 
characteristics 

7. Takeoff and landing distance 
measurements 

8. Measurement of noise and 
performance characteristics of 
the supercritical propellers 

TOTALS 

Total Productive Unproductive 
flight flight flight 
hours hours hours 

15 7 8 

6 3 3 

16 10 6. 

26 25 1 

21 16 5 

(lo*) - 

(15") - 

(35") - - 

(144") 61 23 

* estimated 
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4.2 Flight Test Instrumentation 

The basic data recording system i,s described here. Special 

instrumentation and equipment required for airspeed calibrations are 

discussed in Appendix B. 

4.2.1 ATLIT Instrument Recording Package 

ATLIT was equipped to record on magnetic tape the 36 

flight parameters shown in table 4.1. The tape recorder had 

14 continuous, FM (frequency modulated) data tracks. One FM 

track was commutated to record as many as 28 channels of PAM 

(pulse amplitude modulated) data at a rate of ten samples per 

second. The approximate accuracies listed on the table are 

estimates of possible errors incurred between the in-flight 

measurement of a variable and the documentation of the variable 

on the ground in engineering units. Several possible sources of 

error are listed below. In general, the largest errors are 

caused by noise in the data system. The combined errors amount 

to about + 2% of full scale for each recorded parameter. This 

estimated maximum error represents three standard deviations. 

The sources of the errors are as follows: 

1. noise anywhere in the system (commutator, tape recorder, 

power sources). 

2. sensor hysteresis, deadband, drift, and calibration 

accuracy (nonlinearity). 

3. intermodulation errors during mixing of frequency signals 

for tape recording. 
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TABLE 4.1 - ATLIT INSTRUMENTATION 

Parameter Range 

Time 

PARAMETERS AND ACCURACIES 

Total air temperature 
Glideslope deviation 
Localizer 

-18 to UB7’0 to 100) 

t2.5 

it-essure altitude 0 to 1524 (0 to 5000) 
Static pressure 0 to 103.421 (0 to 15) 
Fine static pressure 95,975 to 103.077 (13.92 to 14.96) 
Airspeed L 0 to 200 
Fine airspeed 0 to 90 
Vertical speed 2762 (Q500) 

r' Lonaltudinal acceleration to. 50 
Norkl acceleration 
Lateral acceleration 
Roll rate 
Pitch rate 
Yaw rate 
Roll attitude 
Pitch attitude 
Yaw attitude 
Angle of attack 

0 to 4 
kO.50 
2100 
?30 
?30 
t 180 
t35 
*30 
t20 

Angle of sideslIp 220 

Longitudinal wheel force 
Lateral wheel force 
Rudder pedal force 
Stabilator deflectlon 
Stabilator trim tab 

deflection 
Left spoiler deflection 
Right spoiler dcflectlon 
Rudder'deflection 
Rudder trim tab deflection 

lap deflection 

ki 

zz 
Right engine manifold 

iI-7 

b% 
Left engine RPM 

c .r 
Right engine RPM 

.r L Left engine throttle 
"CU 
c> 

w 

2133 (‘30) 
t445 (?lOO) 
t-667 (t150) 

-16 to +5 

‘9 
-10 to 57 
-10 to 57 

?35 
90 

0 to 40 

0 to 101.592 (0 to 30) 

0 to 101,542 (0 to 30) 
0 to 3000 
0 to 3000 

0 to 100 

Approximate 
Accuracy Units 

to.6 (21.0) 
zo.05. 
to.05 

Set 
Oc (OF) 
De9 
De9 

230 (*loo) 
!142 (r0.30) 
t142 (r0.30) 
23.00 
t1.e 
'30 (t100) 

M (Ft) 
Pa (PSIA) 
Pa (PSIA) 
Knots 
Knots 
M/min (FPM) 

zo.01 
+0.08 
to.01 
t2.0 
kO.6 
20.6 
t3.6 
20.70 
to.60 
*0.40 
r0.40 

G 
G 
G 
Deg/Sec 
Deg/Sec 
DeglSec 
De9 
Dw 
De9 
De9 
De9 

t5 (t1.2) 
218 (z4.0) 
?27 (~6.0) 
20.4 

I: 1::j 
N  (Lb) 
De9 

to.4 De9 
21.2 
t1.2 

De9 

t1.4 
De9 
De9 

20.8 De9 
to.8 Deg 

t2031 (?0.6) 

?2031 (10.6) 
260 
?60 

Pa (lo. Hg) 

Pa (In. Hg) 
RPM 
RPM 

Percent 

65 

I 



4. excitation voltage error. 

5. analog to digital translation (ADTRAN) ground station 

nonlinearities. 

4.2.2 Nose Boom Installation 

A four parameter transducer instrument head is mounted 

on the ATLIT nose boom. The head senses: 

1. dynamic pressure (qc') for both cockpit panel and 

recorded airspeed data 

2. static pressure (p') for both cockpit panel and recorded 

altitude and vertical speed data. 

3. angle of attack (a') for recorded data. 

4. angle of sideslip (6') for both a cockpit indicator 

and recorded data. 

The noseboom, which is shown in figure 4.1, places the 

static pressure ports 1.7m (5.6 ft.) (approximately one maximum 

fuselage diameter) in frontof the airplane nose. Data of references 

31 and 32 indicate that locating the static port at least one 

body diameter in front of the fuselage nose minimizes the position 

error. 

The instrument head used is typical of heads presently 

in use on NASA and other flight test aircraft. A detailed 

description of this head is contained in reference 33, and a 

summary of the pressure measuring characteristics of the head 

appears as table 4.2. The characteristics in the table apply 

at M = 0.6 (the minimum speed for which characteristics were 
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Figure 4.1 ATLIT noseboom detail 



Table 4.2 Effects of Flow Angularity on the Pitot-Static Measurements (from ref. 28, M = 0.6) 
+ \ 

STATIC TOTAL 
PRESSURE PRESSURE 

MEASUREMENT MEASUREMENT 
ERROR ERROR 

Variation with angle of attack (B = 0) + 1.0% - 0.2% 

for - 150 < Q, < + 350 for - 50 < a < t 200 

Variation with angle of sideslip (a = 0) !I 2.5% - 0.2% 

for -100 < B < + loo for - loo < fi < loo 

a=O,B=O + 0.5% 0% 



documented in the reference); however, for decreasing subsonic 

Mach numbers, the magnitudes of errors given in the table 

decrease. The static pressure errors shown are accounted for 

during the position-error calibration procedure of Appendix B. 

The effect of lag in the pitot-static system was measured, 

ensuring that the time-dependent behavior of the system would 

not have a significant effect on data recorded during nonsteady 

airplane maneuvers. The time histories for the pitot and static 

system responses appear as figures 4.2 and 4.3, respectively. 

The effect of lag in the pitot system was shown to be small in 

comparison to that for the static system. Therefore, only the 

effect of the static system lag is summarized as follows: 

Acoustic lag (time for a-pressure 

signal to travel through the 

static system) 0.033 sec. 

Pneumatic lag 0.056 sec. 

Static pressure transducer response 

,time constant G.094 sec. 

Total ATLIT static pressure system lag 0.183 sec. 

The small amount of lag in this system will result in 

less than 1.0% static pressure error (Ap/q’,) for nonsteady 

maneuvers in ATLIT which meet the following conditions: 

1. rate of change of airspeed less than about one knot 

per second at constant altitude or, 
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Figure 4.2.- Time-dependent characteristics of the 
ATLIT pitot pressure measuring systems. 



static pressure 

A TLIT static pressure system lag 

0.183 
nput Pressure Transducer Time t 

0.094 
4 

ime constant 0.15 

*essure release 

J 
:or lstant 

Output pressure transducer time constant 
Input pressure transducer time constant 

Pneumatic lag 

(Tubing length = 6 m) 

0.150 
-0.094 

0.056 set 

\ 

63.2 percent of steady-state pressure 

Input Pressure Signal 

I I I I I I I 1 I 
0.0 0.1 0.2 0.3 0.4 0.5 

Time t, set 

Figure 4.3 Time dependent characteristics of the ATLIT static 
pressure measuring system. 



2. rate of change of altitude less than 122 meters/min 

(400 FPM) at constant airspeed. 

4.3 ATLIT Flight Envelope 

The flight envelope for ATLIT is essentially the same as for the 

standard Seneca. The ATLIT was designed to at least meet FAR Part 23 

"normal" category limits. In order to adapt the new wing to the 

standard Seneca fuselage, it was most convenient for the main-wing 

bending member to cross through the fuselage at the same location as 

in the original airplane. For the symmetrically tapered ATLIT wing 

configuration, a line from root to tip through the carry-through spar 

contains the 50% chord points for all wing sections. As a result, 

as seen in figure 4.4, the quarter chord of the mean aerodynamic chord 

for ATLIT is slightly aft of that for the original airplane. 

The CG envelope for both airplanes is shown in figure 4.5. 

Empty weight for ATLIT is 13.26 kN (2,980 lbs, without instrumentation). 

This weight reflects an increase in ATLIT wing weight of about 1.33 kN 

(300 lbs). This increase is explained by the use of easily-designed, 

heavy, machined components and conservative assumptions in the wing 

design and construction. The ATLIT CG range in terms of fuselage 

stations was designed to be the same as for the original airplane. 

The limits relative to the mat for each airplane appear below (from 

reference 4): 
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Figure 4.4 Comparison of PA-34 and ATLIT planforms 
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Figure 4.5 Airplane CG Envelope for ATLIT and PA-34 mac's. 
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Forward CG limit 4200 lbs 

Aft CG limits (all weights) 

Fuselage % of % of 
Station PA-34 mat ATLIT mat 

87.9 15.11 11.41 

94.6 27.75 25.22 

The standard Seneca I is placarded for a maximum landing weight 

of 17.79 kN (4,000 lbs). Therefore, all weight added above 17.79 kN 

up to the gross weight of 18.68 kN (4,200 lbs) must be fuel. However, 

no such limitation applies to ATLIT. The fuel-capacity of the modified 

wing is at least 568 1 (150 gal) compared to 379 1 (100 gal) for the 

original wing. Unfortunately, because of the large empty weight, 

the ATLIT full -fuel capacity can only be used with one person onboard. 

The permissible speed range for ATLIT was expanded slightly over 

that for the standard Seneca. For ATLIT, VNE = 211 knots versus 

189 knots for the PA-34 and V,, = 51 knots versus 58 knots for the 

PA-34. The maximum flaps operating speed for the two airplanes remained 

the same at 109 knots. The use of full flap deflection (37.8O) on ATLIT 

for landing has been avoided because of the likelihood of the nose wheel 

touching down first. 
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CHAPTER 5 

FLIGHT-TEST RESULTS 

Flight-test results are presented in this chapter for ATLIT in 

essentially the configuration in which the airplane was delivered to 

Langley Research Center. The airplane characteristics reported on here 

include the following: 

1. Static pressure and angle-of-attack position-error 

calibrations. 

2. Stall characteristics. 

3. Roll characteristics. 

4. Cruise and Climb performance 

5. Pilot comments on stability and handling qualities. 

After the flight-test program began at Langley Research Center, 

several modifications were made to the airplane. These modifications are 

described as follows: 

1. Several devices (strakes, fillets, and vortex generators) 

were tried on the airplane to reattach a region of separated 

flow which was caused by interference effects at the 

wing/body juncture (see figure 5.1). 

2. Seals were added to the wing to reduce leakage of pressure 

through the gaps around the spoilers. (A description of the 

seals contained in chapter 3.2.2). 

76 



WING/BODY FILLET-, 
FUSELAGE AND WING 
VORTEX GENERATORS 

DROOPED STRAKE 

Figure 5.1.- Devices for wing/body flow attachment. 



3. The spoilers were rigged symmetrically down below the 

wing surface to reduce the drag penalty due to spoiler 

"float." (The rigging of the spoilers is described 

in chapter 3.2.2.) 

4. To reduce drag, the ATLIT wheel wells were fitted with 

balsawood blocks which formed wells similar in shape to 

those on the standard PA-34. 

Flight data are not presented in this report for an airplane 

configuration with all of the above modifications. The effect of these 

modifications on most of the present test results is expected to be small. 

The possible exception is climb performance. These results will be 

reported in planned, future publications. 

Where appropriate, predictions of ATLIT characteristics are included 

in this chapter. Performance predictions were computed by three different 

methods; one rapid sizing procedure 11 and two lifting line theory methods 

(references 29 and 30). The purpose in presenting the results of these 

different predictive techniques is to compare them to one another and to 

flight-test results. 

5.1 Position Error Calibrations for Static Pressure and Angle of Attack 

The position error calibrations presented here summarize the results 

of tests which are discussed in Appendix B. These calibration corrections 

have been made to all pressure and angle-of-attack data appearing in this 

report. 

The effects of both flap deflections and power changes on static 

pressure and angle-of-attack position errors are appreciable. The 

displacements of the calibration curves with changing flap position or 

11. Unpublished report: Loftin, L. K. (NASA Langley Research Center): 
Conceptual Design of Subsonic Aircraft, Chapter 6 - Estimation of 
the Size and Performance of Subsonic Aircraft, Feb. 1976. 
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power may be exp 

According to the 

or 

lained by the effects of these changes on circulation. 

Kutta-Joukowski theorem of lift, 

!i = pvr 
b (5.1) 

r - 1 
v ; (5.2) 

that is, wing circulation is proportional only to velocity. For a fixed 

airspeed, then, the position errors of a wing alone (as influenced by 

circulation) are constant. However, positionerrorsfor a three-dimensional 

airplane are also a function of flap deflection and power setting, as 

explained below. 

Variationof Fowler-flap deflection will affect position error in 

two ways: 

1. AS the Fowler flaps are deflected, the location of the lifting line 

(center of circulation) will move rearward. This effect changes 

the upwash conditions at the flow-sensor locations either 

ahead of the wing or ahead of the fuselage nose. The result 

is a shift in the calibration curve. 

2. Span-wise lift distribution is affected by changes in the 

fuselage and nacelle attitudes due to flap deflections at a 

given airspeed. These changes in lift distribution will also 

affect local circulation at the flow-sensor locations, causing 

a shift in the position-error curves. 
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The effects of power changes on position errors are explained by 

the influence of body attitudes and of propeller slipstream on span- 

wise lift distribution. As in (2) above, the result is a change in 

'local circulation which affects the position-error calibration. 

5.1.1 Static Pressure Calibrations 

The corrections made to static-pressure measurements are given in 

figure 5.2 for all flap settings and for power-on and power-off at two 

flap positions. Little effect of landing gear position was detected 

during the calibrations; therefore, all calibration data are presented 

with gear up. Calibrated airspeed can be computed from the data on the 

figure using the equation 

v, = V,’ Ad@- . 
q’, 

(5.3) 

Corrections to altitude (static pressure) data can be computed 

using the equation 

P = P' -(k).q’ 

9’C 
C (5.4) 

where V', and q', are flight-measured values and ap 

q’C 

is from 

figure 5.2. 

5.1.2 Angle-of-Attack Calibrations 

The corrections made to indicated angles-of-attack are given by 

the linear functions presented in table 5';l and in figure B.10 

of Appendix B. 
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Figure 5.2.- Static pressure position-error calibrations. 
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Flap 
Position 

6f= o” 

6f = loo 

bf = 3o” 

TABLE 5.1- ANGLE-OF-ATTACK CALIBRATION EQUATIONS 

Angle-of-Attack Correction 
from Indicated to True 

a = 0.88 a’ •t 0.15 

ci. = 0.80 CY’ - 0;02 

a = 0.82 ct’ - 0.44 

Approximate Limits of 
Power Off 

a = 11° 

a = loo 

c1= 8’ 

0. = 15O 

a = 12O 

CL = 11° 



5.2 Stall Speeds and Characteristics 

5.2.1 Predictions 

The preliminary design estimates12 for maximum lift were based 

on section data for the GA(W)-1 airfoil and lift effectiveness 

data for a 30%~ Fowler flap. Flaps up CL was predicted to be 1.8, 
max 

and flaps 20' CL (trimmed to forward cg for gross weight) was predicted 
max 

to be 2.6. A comparison of these predictions with flight-test measured 

values, presented below, shows fair agreement. 

After the optimum flap configuration for ATLIT was developed in 

two dimensional tests (reference 14), the final wing-spoiler-flap 

configuration was evaluated in three-dimensional tunnel tests (reference 17). 

A summary of flap effectiveness from 2-D and 3-D testing appears as 

figure 5.3. The figure shows a loss in flap effectiveness in going from 

2-D to 3-D configurations. For instance, at 6f = 40' (no spoiler leakage), 

AcL is reduced by about 0.69 (or 30 percent) from the value for 
max 

AC1 . This loss can be explained by a combination of the following items: 
max 

1. The 3-D flap span is less than the airplane wing span. For 

ATLIT, b flap'bwing = 0.88 compared to 1.0 for the 2-D tunnel tests 

Thus, at ~5~ = 40’., AC1 is reduced by 
max 

ACl - 0.88 x AC1 = 2.3 - 0.88 x 2.3 = 0.28, 
max max 

or about # = 40% of the total loss in maximum lift. . 

12. Unpubl ished data: "Conceptual Design of an Advanced 
Technology Light Twin Airplane." 
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Figure 5.3.- Comparisons of Fowler flap effectiveness from wind tunnel and flight tests. 



2. The 3-D wings on the tunnel model and on the airplane had 

3 degrees of twist and finite aspect ratio compared to no 

twist and infinite A for the 2-D tests. Using the method 

of reference 31 and the theoretical wing span loading for 

ATLIT (not accounting for the nacelles and fuselage) from 

13 unpublished data , maximum lift was compared for the two- and 

three-dimensional cases. By such an analysis, it can be shown 

that Cl,,, is reduced by about 0.1 compared to the C, 
-'max 

of the section near the mat of the wing. This reduction 

accounts for about 0.1/0.69 = 15% of the 3-D loss in 

maximum lift. 

3. Adding the fuselage and nacelles to the wing has an effect 

on maximum lift which is difficult to determine. On the one 

hand, addition of the bodies can be considered as providing 

additional (though small) lifting forces, thus increasing 

maximum lift. On the other hand, the interference effects of 

the bodies on the wing may reduce maximum lift. A method is 

given in reference 29 for estimating this lift loss. Treating 

each engine nacelle and the fuselage independently, the method 

yields (CL max)WB'(CL ) = 0.95. This ratio predicts a max w 

flaps up lift loss of 0.95 x 1.7 = 0.09 or gg = 13% of f 

of the overall 3-D loss in maximum lift. 

13. Budish. 
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4, The 3-D flaps were constructed in span-wise segments compared 

to the one-piece construction for the 2-D tests. At each flap 

bracket location on the airplane, there is about 3 cm of open 

space (span wise) between the flap sections. No estimate is 

given here for the loss in lift due to these gaps. 

Although the data in figure 5.3 are presented for several different 

Reynold's numbers, direct comparison of flap effectiveness curves is 

still valid. This R true since the effect of Reynold's number and (in 

the case of flight data) cg location on flap effectiveness is negligible. 

5.2.2 Test Methods and Data Reduction 

The procedures for conducting stall tests outlined in reference 32 

were used as a guide for the ATLIT stall testing. Briefly, the power-off 

stalls were entered with throttles idled and with a rate of airspeed 

reduction not greater than 1 knot per second. 

In most cases, it was possible to define the stall point from flight 

records by a simultaneous occurrence of a "g"- and a pitch-break. 

Figure 5.4 illustrates such a case. Most stalls occurred at nz < 1.0. In 

order to make a valid comparison between flight- and wind-tunnel lift data, 

airplane CL 
max 

was computed based on the measured value of nz at the 

stall break, or 

n - w 
Z CL =- 

max,A ocSs 
(5.5) 
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Figure 5.4.- ATLIT stall time history (flaps up, approach power). 



The values of CL for several stalls in each configuration 
max, A 

were averaged. These averaged data appear in table 5.2. The maximum 

airplane lift data in the table.werealso corrected to the aft C6 (25% mat) 

for both airplanes. This correction was made to minimize the trim-lift 

penalty in the data so that. a mord direct cpmpirison can. be made.with wind- 

tunnel results. The correction was made using the following equation from 

reference 33: 

(CL 1 (5.6) max, A 1 

where the quantities subscripted with a 1 represent flight-test values 

and those subscripted with a 2 represent the condition to which the data 

are being standardized. 

5.2.3 Results and Discussion 

As shown in table 5.2 , the highest lift coefficient attained by 

ATLIT was CL = 3.03 with 6f = 37'. The corresponding stall speed 
max, A 

is V, 6 51 knots, which is 7 knots less than V, for the standard 
0 0 

Seneca I. With flaps up and spoiler leakage unsealed, CL = 1.73. 
max, A 

The corresponding stall speed is V 
s1 

= 68 knots, which is only 4 knots 

faster than the flaps-up stall speed of the standard Seneca I (which has 

35 percent more wing area than the ATCIT). The flaps-up maximum lift 

coefficient and the ACL due to flap deflection on ATLIT appear to 
max 
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TABLE 5.i.- COMPARISON OF ATLIT AND SENECA STALL SPEEDS AND MAXIMUM TRIMMED LIFT COEFFICIENTS. 

CONFIGURATION SENECA I ATLIT 

" CLmax A " I cLmax A I 

Ikts. (mph) 1 kts. (mph) 

FLAPS 0' 
SPOILER LEAKAGE SEALED 
SPOILER LEAKAGE UNSEALED 

FLAPS 10' 
FLAPS 20' 
FLAPS 30' 
FLAPS 35' 
FLAPS 37' 
FLAPS 40' 

ALL DATA PRESENTED FOR c.g. = 25 
GROSS WEIGHT = 18 700 N (4200Ib) 

64 (74) 1.45 

58 (67) 1.76 

% M.A.C AND 

72 (83) 1.54 
68 (78) 1.73 
59 (68) 2.28 
56 (65) 2.54 
53 (61) 2.81 
52 (601 2.87 
51 (59) 3.03 



be the largest ever generated by an airfoil and a single-element flap of 

similar geometric configuration. This improved lifting capability of the 

ATLIT wing bears out the most useful quality of the new GA(W) airfoils, 

that of increased flexibility in designing smaller wings. 

As illustrated in figure 5.3, wind tunnel testing (reference 17) 

predicted that sealing the spoiler leakage path would increase CL , 
max 

flaps up or down. However, as shown in table 5.2, the reverse occurred 

in flight. That is, when the spoiler leakage path was sealed with plastic 

tape, CL (flaps up) decreased by about -0.2. These results are 
max 

based on data averaged for less than a dozen stalls in each configuration, 

leakpath sealed and unsealed. It has been hypothesized that flow through 

the spoiler leak gaps provides a beneficial boundary-layer control effect 

to postpone flow separation in flight. Another possible explanation is 

from the effect of small spoiler deflections onwing lift. As discussed 

in the spoiler description of chapter 3.2.2, separated flow behind a 

small spoiler deflection can reattach before reaching the wing trailing 

edge. The net effect is increased camber and increased lift. The stall 

tests discussed here were done with the spoilers floating symmetrically 

up above the wing surface by about 2 to 3 cm. This small float angle 

could be responsible for the increase in CL with the spoiler 
max, A 

leakpath unsealed. This phenomenon will be investigated in planned 

full-scale wind tunnel testing with ATLIT. 
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A direct comparison between 3-D wind-tunnel data (reference 17) and 

flight data on flap effectiveness is made in figure 5.3. The figure 

shows that the ATLIT flap effectiveness (with a 0.23% c spoiler leak gap) 

agrees closely with that measured on the reflection plane wind-tunnel 

model (which had a 0.36% c spoiler leak gap).. The figure also shows 

consistently increasing lift increments with increasing flap deflections. 

Qualitative comments on stall characteristics appear in chapter 5.5. 
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5.3 Spoiler Rolling Characteristics* 

5.3.1 Spoiler System Development 

The following discussion will cover many of the points discussed 

in chapter 3.2.2, but with the emphasis on the historical development of 

the ATLIT roll-control spoiler system. 

When construction ofthe ATLIT wing was started, only the span, chord, 

and location of the spoilers at the 70-percent chord line had been decided. 

The wing was therefore under construction with a hole provided behind 

the 70-percent chord line for the spoilers. The Mitsubishi and Redhawk 

spoiler configurations were being considered for use on ATLIT. However, 

at that point, W. H. Wentz, Jr. And H. L. Crane, among others, became 

concerned about the need to minimize the nonlinear spoiler characteristics 

which would be induced by the large full-span Fowler flaps. Therefore, a 

two-dimensional investigation of several proposed spoiler configurations 

was made in the Wichita State University wind tunnel. Unfortunately, no 

hinge-moment data were obtained. Design details for the ATLIT spoiler 

system, such as spoiler cross section, spoiler vent path, and spoiler 

leading edge gap, were then based largely on the WSU tunnel data. One 

feature, the leading edge gap, was adapted from the Mitsubishi, MU-2 

spoiler design and, therefore, may be covered by the MU-2 patent. The 

aforementioned two-dimensional WSU data were reported in reference 15. 

It should be noted that Wenzinger and Rogallo, in NACA TR 706 

(reference 37) examined spoiler configurations similar to the one 

adopted for ATLIT (except for the absence of leading edge gap). 

*The contributions of Mr. Harold L. Crane (NASA-LaRC) in preparing 
materials for this chapter are gratefully acknowledged. 
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Conclusion 1. from TR 706 was as follows: 

"Spoilers alone were found to be generally unsuitable for 

lateral control on wings with full-span split or slotted 

flaps because of excessive lag and because of ineffective- 

ness at small spoiler projections. The characteristics 

were improved as the location of the device was moved 

toward the trailing edge of the wing. Spoilers alone may 

give acceptable control for some types of airplane if 

they are located sufficiently near the wing trailing edge." 

A second NASA contractor report (reference 17) by Wentz, et. al., 

which presents spoiler characteristics including hinge moments on a 

one-fourth scale model of the ATLIT wing panel is now being printed. This 

spoilers would have 

itive much of the deflection 

. Th larger deflections 

paper 
a pos 

range 

flaps 

confirmed that, as Calhoun* had estimated, the 

(i.e., self deflecting) hinge moment over 

is undesirable characteristic persists to 

than flaps up. 

Therefore, the LaRC monitors also arranged that before ATLIT flew, 

Paulson (reference 16) would measure the lateral control characteristics 

of the ATLIT spoiler configuration on an available rectangular wing with 

an aspect ratio of g and a GA(W)-1 airfoil section. The nonlinearities 

of flap-down spoiler effectiveness with increasing spoiler deflection 

measured by Paulson were found to be similar to the Wentz two-dimensional 

results. 

*John T. Calhoun of Robertson Aircraft Corporation, the designer of the 
ATLIT spoiler roll-control system. 

93 



As a further precautionary step, the newer Princeton variable-stability 

Navion, which was developed using NASA LaRC funds, was configured to 

evaluate pilot tolerance to various degrees of nonlinear roll control. The 

results of this in-flight simulation were reported by Ellis, et. al., in 

reference 19. 

In summary, then, the Calhoun design estimates as well as.the several 

wind-tunnel investigations showed that the spoilers would provide powerful 

lateral control with undesirable variations in the rolling effectiveness 

derivative Xl/X, between small, medium, and large spoiler deflections. 

However, the t&a-dimensional tests at WSU made it possible to select spoiler 

vent-path geometry to both eliminate reversals of spoiler effectiveness 

at small deflections, and also to always provide at least some spoiling 

of lift, which resulted in some pro-rol'l rolling moment at small deflections. 

Also, the flight simulation at Princeton University showed that the very 

experienced NASA research pilots could cope with extreme nonlinearities 

of lateral control effectiveness during approach and landing in strong, 

gusty crosswinds. Apparqntly they were able to concentrate entirely, or 

solely, on airplane response and almost instinctively move the wheel as 

required to get the desired lateral response. 

In the rest of this chapter, plotted examples of the estimated and 

measured spoiler stability and control characteristics from the 

aforementioned sources will be shown and discussed in more detail. 

5.3.2 Methods and Data Reduction 

All spoiler roll-control data presented here were generated (rudder 

locked) by abrupt spoiler inputs with an adjustable wheel travel limiting 
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chain attached to the pilot's control wheel. These abrupt spoiler inputs 

(in practice) were ramp inputs of about O.E-second duration. The 

combinations of configurations and airspeeds tested are given in table 5.3. 

Two types of rolling maneuvers were used for the roll tests. At 

first, rolls were initiated from a bank angle of 30 degress and were 

allowed to continue to a bank of 30 degrees in the opposite direction. 

This conventional bank-to-bank type of maneuver proved to be undesirable 

for gathering spoiler roll data. In the second type of rolling maneuver, 

the roll was initiated from level flight and was allowed to continue to 

about 45 degrees of bank. This second type of maneuver was favored over 

the first for several reasons. With a sample rate of 10 per second on 

all recorded flight parameters (see chapter 4.2), the pertinent data for 

analyzing roll performance are gathered during the first second or so 

of the maneuvers; thus, no real need exists for the long duration of 

roll rate provided in the bank-to-bank type of maneuver. More important 

is the fact that spoiler produced rolling moments are sensitive to 

angle of attack; therefore, angles of attack must be consistent and 

accurately defined during the maneuver. Beginning the roll from a 

wings-level attitude simplifies data reduction since it is then not 

necessary to account for a varying load-factor-induced angle-of-attack 

(varying as bank angle varies) encountered during the bank-to-bank type 

of maneuver. In addition to .these reasons for favoring the maneuver 

with a wings-level initial condition, the rolling maneuver from wings 

level is easier to perform from a piloting standpoint. Establishing a 

wings-level initial condition for the rolling maneuver requires less 



TABLE 5.3- CONFIGURATIONS AND AIRSPEEDs FOR SPOILER ROLL TESTS. 

Flap setting, deg. Calibrated Airspeeds, Vc, knots 

0 79, 100, 123, 148 

10 64, 79, 95 

20 64, 78, 95 

30 59, 69, 76, 95 

37 55, 64, 78, 95 

Note: The data are largely for rolls to the right with spoiler 

deflections up to about 55', i.e., 6 
Smax 

2 50' or 

Ah/c 1 .05 (with c referenced from the wirig chord' tit-the 

midspan q& the spoilers). 
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effort and is less time consuming than establishing a banked-initial 

condition. 

In order to present data in the form of rolling moment coefficients, 

the roll damping coefficient, Cl , was first required for ATLIT in all 
P 

configurations of interest. The Cl estimation procedure and results 
P 

are presented in appendix C. Then, Cl can be determined simply by 

c1 = -clP 
* ($1 - (5.7) 

The helix angles ($) for equation (5.7) are based on flight-derived 

values for roll rate (p) and true airspeed (V). 

5.3.3 Flight-Test Results 

Because the wing designers allowed inadequate room for the spoiler 

and flap systems, the ATLIT spoiler actuating system had to be crowded 

into a space which was inadequate both chordwise and vertically. Largely 

as a result of this crowding, there is an excessive breakout force of 

about 44 N (10 lbf) in the lateral-control system. Therefore, the reader 

should keep in mind that the ATLIT spoiler roll-control system, although 

it is very powerful, represents an example of a far-from-optimum spoiler 

system. 

As with any cable-driven system, the amount of stretch in the system 

(i.e., the reduction in maximum deflection of the control surface) is 

roughly proportional to the dynamic pressure or to a squared function of the 

airspeed. Figure 5.5 shows that the maximum stretch was about 30 percent 

which, because the authority of the spoilers wasso great, was considered 

to be readily acceptable. 
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Figure 5.5- Variation of ATLIT spoiler system stretch with airspeed 
(flaps up, spoiler leakpath sealed) 



As of this date, the airplane has been flown with the spoilers 

rigged several different ways. The characteristics are very strongly 

influenced by the spoiler rigging. To be on the safe side, the early 

flights at Piper were made with the spoilers rigged up 8 degrees to be 

certain that there was no dead band in effectiveness. The pilot comments 

about the lateral control with the spoilers rigged 8 degrees were very 

favorable. Piper flew about 20 hours including the ferry flight to 

Langley Research Center with the spoilers still rigged up 8 degrees; they 

had to make a crosswind takeoff and landing enroute and did so with no 

problems. While the airplane was being instrumented at Langley (LaRC), 

the spoilers were rerigged to be flush with the wheel centered. All the 

flying done by LaRC pilots was with the spoilers either rigged flush or, 

to provide a possible drag improvement, with the spoilers rigged 

symmetrically down 2 degrees. All of the roll-control data presented in 

this report were obtained with the spoilers rigged flush with the top of 

the wing with no air loads. However,, some of the unfavorable pilot 

comments given in chapter 5.5 were obtained with the spoilers rigged 

down slightly for possible drag improvement. This rigging was discussed 

in chapter 3.2.2. 

Figure 5.6 shows two example time histories of the roll response to 

spoilers of the ATLIT airplane. These rolls were made at 78 knots with 

the flaps down 30 degrees. The spoiler deflections for the two rolls 

were about 15 degrees for the small input maneuver and almost 50 degrees 

for the large deflection roll. It can be seen that it took the pilot 

about three-tenths of a second to deflect the spoilers. There was a 
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Figure 5.6- Roll response time histories 
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Figure 5.6- Concluded. 
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breakout force of about 40 Newtons in each case. For the smaller input 

maneuver, the roll-control force went to zero in the steady part of the 

roll. In each case, the bank angle varied smoothly from a left bank to a 

right bank. These rolls were started from 25-degrees left bank'and, in the 

case with the small spoiler deflection, continued to about a ,30-degree bank 

to the right. The maneuver with the large spoiler input was continued to 

a right-bank angle of about 70 degrees. In each case, it took about 

1 second for the roll rate to reach its maximum value. At the top of 

the figures, the yaw rate shows no sign of adverse yaw for either roll. 

As explained elsewhere in the paper, the raw data shown here cannot be 

used to determine the phasing of the various parameters. Reduction of the 

data introduces an erroneous phase difference of as much as two-tenths 

of a second between different parameters. The only undesirable 

characteristics shown by these time histories appear on the force trace 

for the smaller deflection roll. A large breakout force of approximately 

40 Newtons showjs clearly and the time history also shows that the force 

goes to zero during the steady part.of the maneuver. Except for this 

undesirable characteristic, everything else shown on these two plots 

indicates characteristics of a satisfactory lateral-control system for 

rolling maneuvers. 

Figure 5.7, a five-part figure on 5 pages, shows the measured 

maximum rolling velocities as a function of spoiler deflection for flap 

deflections from 0 to 37 degrees and several airspeeds as were listed 

in table 5.3. Most of these data are from rolls to the right. However, 
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Figure 5.7- Rolling velocities as a function of spoiler deflection 
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data from a few left rolls are shown and can be identified by the flagged 

symbols. Figure 5.8 shows the same roll data converted to the maximum 

pb roll helix angles, 2v,, attainable with the varying spoiler deflections. 

The original Gilruth standard of reference 38 was that for acceptable 

roll-control power pb/EV should be at least 0.07. This standard still 

remains a good one for most general aviation airplanes. It is apparent 

from figure 5.8 that the roll authority of the ATLIT spoilers 

($) = 0.10 to 0.15) far exceeded the Gilruth standard for large flap 

deflections. A spoiler will obviously become less effective as the portion 

of the wing behind the spoiler becomes less heavily loaded. Therefore, 

it was to be expected that pb/2Vmax would be lower for a flap deflection 

of 10 degrees than for larger flap deflections. However, the Gilruth 

standard was still exceeded with t$ 2 O-075 for Cjf = 10'. With 

flaps up, the ATLIT pb/2Vmax response was about 0.08 at cruising speeds, 

but was slightly below the standard with a pb/2Vmax of 0.055 at a speed 

of 80 knots for 6, = 50'. However, it should be noted that an actual 

spoiler deflection of 60 degrees could probably be used to increase the 

attainable pb/2Vmax at 80 knots to at least 0.065. 

Figure 5.9 presents the roll-control authority of the ATLIT spoiler 

as a function of airspeed for 40 degrees of spoiler deflection. The 

figure shows that even though 40 degrees is less than 80 percent of the 
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net spoiler deflection available on this airplane,after allowing for 

cable stretch, the rolling performance is generally well above the 

desired pb/2V = 0.07 level. It can be readily determined from this 

figure that the roll-control authority is strong, or at least adequate, 

with the exception of the clean configuration near the stalling speed. 

In order to be able to determine values of C,", the rolling moment 

coefficient, C, , the roll damping coefficient (flaps up) was calculated 
P 

using the methods discussed in appendix C. Values of C, for flap-down 
P 

configurations were estimated based on the projected planform area for 

each flap position. The aspect ratio and taper ratio were adjusted 

accordingly for the calculation. The calculated variations of C, 
P 

with CL for the flaps-up case and for 6f = 10' and 30' are presented 

in figure C.3 of appendix C. The ranges of the estimated values of C, 
P 

over the appropriate ranges of CL were approximately 0.5; + 0.05, with 

fl,aps up and approximately 0.6; + 0.04, -0.06 with 6f = 30'. 

Figure 5.10 shows the variation of C,' for ATLIT with spoiler 

deflection for three flap deflections and several speeds. It should be 

noted that the spoiler deflection is given both in degrees of arc and in 

terms of exposed height of the spoiler above the wing (using the wing chord 

at the spoiler mid-span as a reference length). Of these measures, spoiler 

projection in percent chord is a much more significant indicator of 

spoiler effectiveness. These data were determined using faired values 
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of pb/EV. As would be expected, the C,' curves are quite similar to 

the roll-rate plots of figure 5.7 or the pb/2V plots of figure 5.8. The 

designer, who plans to use spoilers , should be on the lookout for unusual 

trends near the stall such as occurred with Bf = 30' at an airspeed of 

53 knots. In that case, the value of X,'/Xs was smaller than usual 

at small deflections, but it became larger than usual at medium-sized 

deflections. It should be noted that nonlinearities of the magnitude 

shown here could cause the pilot to overcontrol. On ATLIT, this tendency 

is compounded by the existence of a large wheel-breakout force. These 

ATLIT deficiencies are discussed further by the research pilots in 

chapter 5.5. Discrepancies between wind-tunnel and flight values of 

c'1 in figure 5.10 are most likely due to inaccurate estimations of c, . 
P 

Figure 5.11 summarizes, in terms of numerical pilot ratings, the 

conclusions from the Princeton in-flight simulation of nonlinear roll- 

control effectiveness of reference 19. However, it should be noted that 

the variable stability Navion used for these tests had a very smooth 

lateral-force characteristic with negligible friction or breakout force. 

On the favorable side, it should be noted that for ATLIT the 

characteristic variation of C,' with 6, was never as nonlinear as the 

one-fourth scale wind-tunnel tests indicated. (Examples of the wind-tunnel 

data of reference 17 are shown on figure 5.10.) 
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5.4 Cruise and Climb Performance 

5.4.1.1 Method A: Performance Predictions* 

The method used to makethesepredicitons of airplane performance is 

a rapid sizing procedure. 14 A brief description of some assumptions 

and Procedures used in the method is presented here. 

The procedure makes use of correlations of characteristics for 140 

different present and past aircraft. These aircraft were classed into 

different groups according to aerodynamic sophistication. ATLIT was 

classed with a group of aircraft having internally braced wings and 

retractable landing gear. A comparison of ATLIT to other airplanes in 

this class showed that the ATLIT characteristics (zero lift drag, aspect 

ratio, and wing loading, in particular) fell near the extremes of the 

ranges of these characteristics for this airplane class. The effects of 

this result are not accounted for in the performance predictions which 

are given in table 5.4. 

Maximum level-flight speed can be estimated by rewriting the equation 

for power required for level flight 

55OPn = CD 2 e sv3 

as 

(5.8) 

(5.9) 

*The contributions of Mr. Laurence K. Loftin, NASA-LaRC, in the 
preparation of materials for this chapter are gratefully acknowledged. 

14. Loftin. 
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TABLE 5.4- COMPARISON OF PIPER SENECA I PERFORMANCE WITH PREDICTIONS FOR ATLIT.* 

Perfonance Characteristic 

(Sea-level values unless 
indicated otherwise.) 

Max. level-flight speed, 
knots, (mph) 

Max. rate of climb, 
mlmin (ftlmin) 

Single-engine rate of 
climb, m/min (ftfmin) 

Best rate of climb speed, 
knots, (mph) 

Best single-engine rate of 
climb speed, knots (mph) 

Best range speed, 
knots. mph 

Service ceiling, 
m (ft) MSL 

Single-engine service 
ceiling, m (ft) MSL 

(1) 
Piper 
Seneca 
Handbook 
Values 

170 (195) 

415 (1360) 

58 (190) 

91 (105) 

91 (105) 

95 (109) 

5486 (18,000) 

1113 (3650) 

1 

(2) 
Method A 
(Loftin) 
Using Piper- 
Seneca 
Geometry 

182 (210) 

475 (1560) 

140 (460) 

71 (82) 

71 (82) 

94 (108) 

6103 (20,025) 

2551 (8370) 

- 

(3) 
Method A 
(Loftin) 
Using ATLIT 
Geometry 

200 (230) 

487 (1598) 

152 (500) 

70 (80) 

70 (80) 

92 (105) 

6422 (21,070) 

2883 (9460) 

(4) 
Method B 
(Ref. 30) 
tising 
Light-Twin 
;;;;;Tunnel 

(Eqn. 5.17) 

178 (205) 

496 (1626) 

Ill** (364) 

100 (115) 

92” (106) 

99 (114) 

5999 (19,681) 

1714 (5623) 

(5) 
Method B 
(Ref. 30) 
Using NCSU 
ATLIT Drag 
Polar 
(Eqn. 5.16) 

177 (204) 

518 (1701) 

143** (469) 

96 (111) 

a5** (98) 

91 (105) 

6866 (22,525) 

2682 (8800) 

*All ATLIT performance predictions were computed assuming that power available = 400 BHP. 

(6) 
Method C 
(Ref. 29) 
Using 
Seneca 
Geometry 
(Fig. 5.16) 

164 (189) 

470 (1570) 

143 (470)’ 

94 (108) 

94 (108) 

95 (109) 

(7) 
lethod C 
(Ref. 29) 
Jsing 
4TLIT Wing 
ieometry 
(Fig. 5.16) 

173 (199) 

517 (1695) 

163 (530) 

94 (108) 

94 (108) 

92 (106) 

- - 

- - 

**These single-engine characteristics were combined using a C = 1.05 C 
0 

to account for engine-out trim drag and using half of the total assumed 

power available. 0 



An examination of propeller-driven aircraft shows that for 

the higher speeds in an airplane performance envelope, the induced 

drag averages about 10 percent of the total airplane drag. In 

addition, zero-lift drag coefficients for airplanes of a given class 

of aerodynamic sophistication were assumed to be of the same order. 

It was also assumed that propulsion efficiency for a given class of 

airplanes was approximately the same. With these assumptions, maximum 

speed of the airplane is then related to the ratio of wing loading to 

power loading 

(5.10) 

To estimate climb performance, the basic performance equation 

can be written 

ti = 33,000 (?-g - A@- 
) * 

19, (cL3/2/, ) 6 
(5.11) 

Equation (5.11) simply states that rate of climb (h) is proportional to 

the difference between power available and power required. Approximately, 

then, maximum rate of climb occurs at the point on the power curve where. 

(cL3’2/cDl is maximum, that is, at the point for minimum power required 

for a propeller-driven aircraft. In practice, best rate of climb does not 

occur at the point for ; however, for rapid performance 
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estimations or for comparative purposes, the assumption is a fair one. 

Actual maximum rate of climb must be computed taking account of the 

changes in propulsive efficiency with forward velocity. The maximum 

rate of climb will then be found where maximum excess power occurs. 

For a parabolic drag polar, the maximum value of CL 3'2/CD and 

corresponding lift coefficient can be given as 

= 1.345 (Ae) 
0.75 

(cL3'2/c,) 

max tcDo) os25 

and 

1 

cLC 
= j3 CD IT Ae . 

0 

(5.12) 

(5.13) 

The airspeed for best rate of climb can be estimated using the lift 

coefficient from equation (5.13). 

For estimating range, the values for the maximum lift-to-drag ratio 

and the corresponding lift coefficient can be given as 

TAe 
(L/D)max = l/2 J ED- 

0 

and 

cLM = JnAe CD 
0 

(5.14) 

(5.15) 

The airspeed for best L/D can be estimated using the lift coefficient from 

equation (5.15). 

Single- and multi-engine service ceilings were estimated' by solving 

for the density ratio (o) in equation (5.11). With h defined 

(h = 15.2 m/min (50 fpm) for single engine and ti = 30.5 m/min (100 fpm) 
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for multi-enginel,the altitude for service ceilings was then computed 

from the resulting value of cr. 

Since one of the primary values in this method is.for making 

performance comparisons, estimates were computed using both the standard 

Seneca geometry and the ATLIT geometry. These comparisons appear in 

columns (2) and (3) of table 5.4. 

the 

Tab1 

foll 

It is instructional to evaluate the ATL'IT wing modifications using 

above equations while varying e and CO . 
0 

e 5.5 presents the results of these computations for five cases as 

ows : 

1. Using flight-measured values of e and CD for the standard 
0 

Seneca: e = 0.78, 
cDO 

= 0.026. 

2. Using the values of e and CD predicted for the ATLIT 
0 

design: e = 0.8, 
cDO 

= 0.035. 

3. Using values for e and CD which have been determined 
0 

based on preliminary flight-test results: e = 0.67, CD = 0.044. 
0 

These values represent the airplane in a configuration with 

massive wing- body interference-induced separation (which 

reduces e), and with added drag due to excessive wing trailing 

edge thickness, instrumentation noseboom, protruding flap and 

spoiler brackets, square wheel well openings, and ten 
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126 

inspection covers located along the span protruding into 

the airstream (all of which increase CD ). 
0 

4. Using values of e and CD which assume lift-dependent 
0 

drag is cleaned up (i.e., that e is increased) and zero-lift 

drag is unchanged from the value based on flight-test res,ults: 

e = 0.80, CD = 0.044. This case demonstrates the effect e 
0 

has on (CL3'2/CD) 
max 

and (L/D),,,. 

5. Using values of e and CD which assume zero-lift dnag is 
0 

reduced and e is unchanged from the value based on flight-test 

results: e = 0.67, 
cDO 

= 0:035. This case demonstrates the 

effect CD has on 
0 

(CL3'2/CD) 
max 

and (L/D),ax. 
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TABLE 5.5- COMPARISONS OF PREDICTED PERFORMANCE PARAMETERS 
FOR THE STANDARD SENECA AND ATLIT (W = 1.87 kN, o = 1) 

Case 

1. Piper Seneca 
A = 7.25 

S = 19.4 m2 
e = 0.78 

cDo 
= 0.026 

2. ATLIT-best case 
A = 10.32 

S = 14.4 m2 
e = 0.80 

cDo = 0.035 

3. ATLIT-worse case 
A = 10.32 

S = 14.4 m2 
e = 0.67 

cDO 
= 0.044 

I 

t 

- 

Maximum Climb P 

(cL3'2/cD Imax 

IY eqn. (5.12) 

12.3 

15.2 

12..5 

mformance 
Minimum 
Thrust Power Required* 

i.e. @(CL3'2/c ) 
D max 

70 kw (81 hp) 

57 kw (76 hp) 

69 kw (92 hp) 

Best Cruising Perforn 

(L/D),,, 

by eqn. (5.14) 

(CL for (L/D)max**> 

13.1 
(0.68) 

13.6 
(0.95) 

11.1 
(0.98) 

nce 

b &$Required*** 
(@ (L/D),,,) 

69 kw (92 hi4 

65 kw (87 hp) 

78 kw (105 hp) 



TABLE 5.5- Concluded. 

Case 

4. ATLIT- 
degraded CD 

0 

A = 10.32 

S = 14.4 m2 
e = 0.80 
cDO = 0.044 

5. ATLIT- 
degraded e 
A = 10.32 

S = 14.4 m2 
e = 0.67 

cDO 
= 0.035 

(c 3’2/c ) 
byleqn. [i)5?$ 

Maximum Climb Performance 

14.3 

13.3 

t 

linimun 
Thrust, Power Required* 

i.e @(CL. 3'2/c,) 
max 

60 kw (81 hp) 

65 kw (87 hp) 

- 
*From eqn. (5.11): w = N/S 

for any (CL3'2/CD) . 
19 (CL3'%,) Ja 

, 
**@(L/D)max,CL 

M 
= &r Ae CD 

0 

Best Cruising Perfo 

(L/D),,, 
by eqn. (514) 
(CL for (L/D),,,**, 

12.1 
(1.07) 

12.5 
(0.87) 

lance 
Thrust 
Power Required*** 

(@ (L/D)max 

68 kw (92 hp) 

74 kw (99 hp) 

***At (L/D)max, (CL3’2/cD) = cLM 
'Do ' -& ' M CL2 - 

Then, power required at (L/D),,, is computed by the 

equation above*. 



An analysis of the results in table 5.5 demonstrates two major points 

concerning the relative effects of e and CD 
0 

on (CL3'2/CD) 
max 

(the most important parameter for climb performance) and (L/D)max 

(the most important parameter for cruise efficiency). 

1. Improving e has stronger effect on (CL3'2/CD) than it 
max 

does on (L/D),,,. A comparison of case (2) with (5) and case (2) 

with (4) shows that improving e from 0.67 to a near-optimum 

value of 0.80 reduces (CL3"/CD) more than does reducing 
max 

cDO 
from 0.044 to 0.035. 

2. Improving CD 
0 

has a stronger effect on (L/D),,, than on 

(CL3"/CD). A comparison of case (2) with (4) and case (2) 

with (5) shows that reducing CD from 0.044 to 0.35 increases 
0 

(L/D),,, more than does increasing e from 0.67 to 0.80. 

An important observation can be made using the data in table 5.5 

concerning the effect of wing loading on climb performance. Comparing the 

Piper Seneca (case 1) predictions with the ATLIT best-case (case (2)) 

predictions, it can be seen that the value of (CL3'2/CD) is increased 
max 

by about 27 percent for ATLIT. However, as illustrated by comparing the 

values for climb power required, the large increase in (CL 312 
"D)max 

for ATLIT does not translate into a 
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proportionately lqrge decrease in power required to climb. Thus, the 

predicted improvement in climb performance (given in table 5.4) is small 

(about 12m/min (40 ft/min)). It can be shown that had the aspect ratio 

been allowed to increase while wing loading remained constant, the 

improvement in climb performance over case (1) would have been much larger. 

Cases (3); (4), and (5) demonstrate the potential penalties paid in 

increased power required to climb due to lack of attention to construction 

details, allowing e and CD to be degraded; that is, not one of these 
0 

cases for ATLIT predicts improved climb performance. 

A final observation which can be made using the data on table 5.5 

concerns the effect of CD on the predicted best cruise performance. A 
0 

comparison of the Piper Seneca (case (1)) predictions with the.>ATLIT-best 

case (case (2)) predictions shows that (L/D),,, is increased and power 

required at (L/D)max is decreased for ATLIT. Cases (3), (4), and (5) 

demonstrate the penalties paid in increased best-cruise power required 

due to degraded e and CD ; that is, none of these cases predict 
0 

cruise performance improvements for ATLIT. 

5.4.1.2 Method B: Lift, Drag, and Performance Predictions* 

These predictions , of lift, drag, and pitching moment to be 

encountered during cruise flight, were developed using the computer program 

*The materials for this section were prepared by Dr. Frederick 0. Smetana 
of North Carolina State University. 
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described in reference 34 and the vehicle's geometry as obtained from 

Piper shop drawings. Performance predictions were also made using, in 

these instances, the programs described in reference 30. 

LIFT AND DRAG PREDICTIONS 

Wing 

The ATLIT airplane employs a straight, tapered wing with a GA(W)-1 

airfoil section 17-percent thick. The computational technique distributes 

65 regions of constant vorticity on the surface of the airfoil, calculates 

from this an inviscid flow field and pressure distribution, then determines 

the boundary layer growth corresponding to this pressure distribution, and 

recomputes the inviscid flow field of a pseudo airfoil whose ordinates are 

now the physical airfoil ordinates plus the local values of 6," with a 

modification so as to locate the trailing edge stagnation point downstream 

in the wake. This process goes through four iterations so that the 

computed pressure distribution obtained after the last potential (inviscid) 

solution is essentially the same as that used to generate the boundary 

layer solution which formed the basis for that potential solution. The 

program gives section lift, drag, and moment. The drag includes both 

skin friction drag and form drag. However, because of the flow model used, 

extensive regions of flow separation cannot be treated. For this reason, 

the data are unreliable above CL = 0.8. 

The outputs (lift, drag, and moment vs. a for a given Reynolds 

number) from the airfoil program are fed into a curve fitting routine 

which provides polynomial representations of the results for use by the 

wing program. This program uses lifting line theory to modify the local 
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angle of attack which the airfoil data "sees" according to spanwise cha.nges 

in twist, camber,.thickness, and chord lqngth. Spanwise variations in 

Reynolds number are handled by providing as input tip and root data at 

the correct Reynolds‘number with the program interpolating to obtain the 

data for other spanwise stations. Inviscid wing-fuselage interference is 

treated by transforming the fuselage mathematically into a vertical slit 

and distributing its effects along the span. The output of the program is 

the three-dimensional lift, drag, and pitching moment of the wing. Note 

that the drag includes both profile'and induced drags. 

The same procedure is employed to find the contributions of the tail 

surfaces to the overall aircraft lift, drag, and moment. The vertical 

tail was considered to be half of a synxnetric surface unaffected by the 

presence of the horizontal tail. The horizontal tail was assumed to be 

unaffected by the presence of the vertical tail, propeller slipstream, 

or the downwash of the wing. 

Fuselage and Nacelles 

The program to compute the forces and moments on isolated, quasi- 

streamlined bodies having a plane of symmetry represents the half surface 

by 560 flat panels of more or less equal area. On each panel is 

distributed a uniform source whose strength is such that the flow due to 

all sources is everywhere parallel to the surface. Then, a streamline 

which goes through the centroid of a particular panel is traced upstream 

to its inception point. Along this streamline is calculated the boundary- 

layer displacement thickness and skin friction by a momentum integral 

method. This is done for all 560 panels. At the downstream end of the 

body, the wake is arbitrarily assumed to begin at the upstream end of the 
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last two sets of panels. The angle of the wake leaving the body is 

determined by the history of the boundary layer displacement up to that 

point. This wake is then paneled to a stagnation point downstream in 

the physical wake and the inviscid pressure distribution on the body plus 

wake body recomputed. The calculated skin friction is integrated over 

the body to find the skin friction drag and the recomputed pressure 

distribution is integrated in the normal and axial directions to find the 

lift and form drag. The same data are also used in computing the 

pitching moment. 

Because the boundary layer routine used is two-dimensional, it is 

not valid when the flow is expanding or contracting rapidly, i.e., near 

the nose ortail of a body, or when there is a significant cross flow, 

i.e., at angle of attack. For this reason, the aircraft drag computation 

is reasonable only in the cruise configuration. In the context of an 

overall drag computation, this is not unduly limiting because the wing- 

drag calculation fails for high angles of attack as well. Several attempts 

were made to extend the angle-of-attack range of the computation, at least 

for axisymmetric bodies, by using an axisymmetric finite difference boundary 

layer routine in the plane of symmetry in order to locate the lee-side 

separation point and then applying the Allen-Perkins (reference 35) 

technique to determine the normal force. However, the computed separation 

point was not regularly located sufficiently close to physical separation 

point (as found experimentally) to make this approach viable. 

Of course, modeling fuselages and nacelles for the purposes of drag 

computation as isolated bodies ignores interference effects. While it is 
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conceivable that the inviscid aspects of interference could be treated 

adequately (and, in fact, have been in many cases), it will require a 

general three-dimensional boundary layer solution to treat the viscous 

aspects adequately. Since such solution techniques will be some time in 

coming, it continues to be necessary to treat these effects empirically. 

Because other approximations in the model can be expected to yield 

uncertainties of the same order of magnitude, no attempt was made to 

account for these effects. 

Protuberances 

No accounting for the drag due to protuberances was made in the drag 

buildup. In general, it is difficult to predict the geometry and location 

of miscellaneous protuberances during preliminary design. The drag due 

to these protuberances can be significant. 

Trim Drag 

The trim drag estimates shown in table 5.6 account only for the drag 

of the horizontal tail which is flying at the lift coefficient required 

to trim the wing-body pitching moment. As pointed out by Mr. R. T. Taylor 

(NASA-LaRC), no account has been made of the additional trim drag due to 

the fact that, with the additional trim lift of the, horizontal tail, the 

wing must fly at a new (increased) angle of attack. Thus, total airplane 

longitudinal trim drag includes increased wing drag as well as the 

horizontal tail drag. 
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TABLE 5.6 

ATLIT DRAG BUILDUP 

C.G. '3 26.5% MAC 

'wing 
(ded 

TRIM 

CLwing CLt SqSw 'Dt 't/'w 
cDW CDTOTAL cL 

-4 

-2 

0 

2 

4 

6 
ED 8 w 

10 

12 

14 

-.134569 -.003474 .001879 .007316 .038473 -.138043 

.063437 .001638 .001852 .006045 .037175 .065075 

.259752 .006707 .0019772 .008349 .039604 .266459 

.454464 .011736 .00200 .014132 .04541 .4662 

.648280 .016741 .00210 .023051 .054429 .66502 

.841217 .021724 .002184 .034891 .066353 .86294 

1.032682 .02666 .002265 .049506 .081049 1.05934 

1.221700 .031549 .002346 .066789 .098413 1.24324 

1.405880 .036306 .002424 .086509 .118211 1.442 

1.582697 .040872 .002618 .108327 .140223 1.6235 

'DTOTAL = 'Dw ' 'Dt 't/SW ' 'Dt 
V 

'V/S, ' 'Dfus + 2 'DNACELLE 

= 'D, + 'Dt 't/S, + .0018487 + .01299 + 2(.00722) 

= CD 
W  

+ CDt St,sw + .0292787 

cL = CL, + CLt St/SW 



Calculated and Estimated Lift-Drag-Polar 

As shown in table 5.6, summing the results of the previous calculations 

yields a drag polar represented by the equation 

CD. = 0.0358 + 0.04056 CLleg4 (5.16) 

This polar, as indicated previously, does not include the effects of 

flow separations at the higher lift coefficients. In an effort to 

develop a more accurate polar upon which to base performance estimates, 

full-scale wind-tunnel test data on a similar aircraft (reference 36.) 

were examined and fitted by the equation 

CD = 0.035 + 0.051 CL2 + 0.00138 CL13*42 (5.17) 

Plots of these equations are shown in figure 5.12. Note that the two 

curves differ little for CL < 0.8. Above CL =. 0.8 it is to be expecte,d 

that equation (5.17) will more nearly represent the behavior of the ATLIT 

than equation (5.16). Despite the fact that equation (5.16) describes the 

drag of an unpowered airplane and that drag under some conditions of 

powered flight may exceed the drag in unpowered flight, equations (5.16) 

and (5.17) were treated as the probable boundaries for the actual ATLIT 

drag polar. Because of the relatively smaller ATLIT wing area (compared 

with the aircraft tested in reference 36) it is not expected that the ATLIT 

drag will rise as rapidly with increasing CL as it does for the aircraft 

of reference 36. Thus, even if the ATLIT drag in powered flight is 

somewhat greater than in unpowered flight, the drag should be below the 

boundary given by equation (5.17). 
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Figure 5.12- Predicted ATLIT drag polar (method B) and wind-tunnel measured light-twin drag polar, 
(Reference 36). 



PERFORMANCE PREDICTIONS 

The drag polars given by equations (5.16) and (5.17) were submitted 

to the point-performance program described in reference 30 along with the 

thrust horsepower data given in figure 5.13. The latter were derived from 

engine test-cell data and propeller-performance charts. They do not include 

any installation-dependent effects. The data given in columns (4) and (5) 

in'table 5.4 represent the output of this program. It will be noted that, 

compared with the original Seneca, only small improvements in rate-of-climb 

and cruise speed are expected. This can be explained by the fact that 

although the airfoil itself offers about a lo-percent improvement in 

L/D at CL = 0.8 (the nominal CL for the climb) the wing is responsible 

for only about 40 percent of the total drag. Overall aircraft drag is, 

as a result, only about 4 percent lower. 
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Airspeed V, knots 

Figure 5.13- Assumed thrust power available for performance prediction by method B. 



5.4.1.3 Method C: Lift, Drag, and Performance P.redictj.o.ns* 

The airplane lift, drag, and performance predictions presented 

here are based on the method of reference 29. The drag characteristics 

of the fuselage, nacelles, and empennage were borrowed from the 

predictions of Method B. The prediction of airplane lift and drag 

essentially consists of the following procedure. With a known 

geometric angle of attack, lift data at the cx, RN, and M are obtained 

from tables of 2-D, section characteristics. The initial spanwise 

load distribution is then calculated, followed by a determination of 

the (spanwise) induced angles of attack. With these induced angles of 

attack, a new spanwise load distribution is computed, With a 

satisfactory span loading determined, the 3-D aerodynamic coefficients 

are computed (CL, CDi,.CDo). 

The section characteristics for the NACA 652:415 and the 

GA(W)-1 airfoils were used to predict wing lift and drag (with nonlinear 

effects) for the standard Seneca and ATLIT. The airplane lift and 

drag predictions are given in figures 5.14 and 5.15. 

The predictions of airplane performance were made assuming 

available shaft power = 298 kw (400 BHP). Propulsive efficiency was 

estimated in Method B. The calculated curves for thrust power required 

and available appear in figure 5.16. 

*The contributions of Mr. Robert T. Taylor (NASA-LRC) in preparing 
materials for this chapter are gratefully acknowledged. 
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Figure 5.14- Comparison of measured and predicted lift characteristics for ATLIT and the Seneca. 
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Figure 5.16- Comparison of predicted power required for ATLIT and the standard Seneca. 



With the assumptions above, the Seneca and ATLIT performance 

predictions were computed and are shown in columns (6) and (7) of 

Table 5.4, Without detailed knowledge of the propulsive efficiencies 

involved, the primary value of computations such as these is for 

making comparisons. A comparison of column (6) with column (7) shows 

predicted increases of 9 knots in top speed and 18 m/min (60 fpm) 

in best single-engine rate of climb. The expected ATLIT performance 

would then be determined by adding these increments to the basic 

Seneca performance figures. 
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5.4.2 Methods, Data Reduction, and Flight-Test Results* 

Relationship Speed-Power 

The variation of shaft horsepower with airspeed was obtained by 

nominally flying the aircraft at constant altitude and airspeed, 

and recording aircraft data with the onboard measurement system. 

Data were averaged over a portion of the record and represent from 200 

to 400 data points. Measured engine RPM and manifold pressure and 

free-air temperature were used with the power-altitude charts of 

reference 39. These charts are for horsepower with the engine 

leaned for maximum power. Since the flight tests were made at a 

rich engine mixture setting, a reduction to rich engine power was 

made using data from reference 40. The resulting value is the brake 

horsepower of the engine. However, since the horsepower delivered to 

the propeller is required to establish the ATLIT performance, the 

power required to drive the engine accessories (alternator, vacuum 

pump, tachometer, propeller governor and fuel pump) as given in 

reference 39 was subtracted from the engine brake horsepower. 

Figure 5.17 presents the variation of horsepower and velocity 

corrected to standard weight and sea level conditions for the ATLIT 

in various test configurations. The basic data points are early 

measurements with the flaps sealed to prevent airflow through the 

spoilers at a flap setting of 0'. Subsequently, a region of flow 

separation on the fuselage and the adjoining wing trailing edge was 

found to exist. Data obtained during the final phase of flight 

tests which resolved the flow separation problem are also plotted on 

figure 5.13. The aircraft had two fuselage and four wing vortex 

*The contributions of Mr. Joseph H. Judd (NASA-LaRC) in preparing materials 
for this chapter are gratefully acknowledged. 
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0 6f =  00, gear up  
0 6f = 0'. gear up, right strake, vortex generators, tufts 

0 6* = 100, gear up 
d 6; = lo', gear up, right strake, vortex generators, tufts 

A 6f = Xl', gear down 

Cr 6f = 30’. gear down, right strake, vortex generators, tufts 
a 6f = 30'. gear up, right strake, vortex generators, tufts 
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Figure 5.17- Variation of shaft power with airspeed (6f = O", loo, 30'). 
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generators, a leading edge extension (strake) at the right wing/ 

fuselage intersection (see figure 5.1) and tufts on the fuselage, wing, 

and nacelles. At higher airspeeds (flaps 0' and gear up), an 

increase in power required due to these devices is evident. A 

large portion of this drag increase is caused by the tufts. The 

data on figure 5.11 shows scatter which is attributable to horsepower 

variations. The procedure for obtaining horsepower from charts 

using manifold pressure and RPM is estimated to give values within 

+ 2 horsepower which falls,within the scatter band. Since most of 

the flights were made between 1000 and 1600 hours, the more likely 

cause of the variations is a larger scale atmospheric motion, 

i.e., data runs were made in slightly rising or sinking air. 

Although altitudes were sought for data runs that did not have 

turbulence (as determined by pilot observation of airplane response 

to external disturbances), large scale atmospheric disturbances 

(long waves) would not be easily detected. 

Aerodynamic Coefficients 

The lift coefficients obtained during these runs were computed 

using average values of measured atmospheric conditions and flight-path 

angles and a faired value for aircraft weight. The angle of attack 

and static pressure were corrected for position errors as described 

in chapter 5.1. The variation of power-on lift coefficient with angle 

of attack is shown in figure 5.18. The increase in lift coefficient 

caused by improving wing-fuselage juncture flow is apparent on these 

figures. Although stall is not shown on these figures, the stall lift 

coefficient is very little higher than the highest CL shown. 
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0 6f = O", gear up 
a 6f = o", gear up, right strake, vortex generators, tufts 
iI/ Cif = loo, gear up 
d 6f = loo, . gear up, right strake, vortex generators, tufts 

h Af = 30°, gear down 

& Af = 30°, gear down, right strake, vortex generators, tufts 
A 6f = 30°, gear up, right strake, vortex generators, tufts 
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Figure 5.18- ATLIT lift characteristics 

(power for level flight; 6f = O", loo, 30'). 
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The power-on drag of the ATLIT in steady level flight is 

primarily determined by the force developed by the propeller in the 

direction of flight. This force is proportional to the propeller 

shaft horsepower, propeller efficiency, the propeller installation 

efficiency, and a function of the rotation of the propeller force 

vector. An estimate of the propeller efficiency was obtained 

from the Hartzell Corporation , and a computation using the Borst 

method (ref. 41) was found to agree with this estimate. The flow 

field of the nacelle affects the efficiency of the propeller. If 

the propeller is operating in a reduced velocity field -- say in 

front of a bluff body -- the apparent propeller efficiency is greater 

than that of the isolated propeller; conversely, if the spinner- 

nacelle geometrically acts to put the propeller in an increased 

velocity region, the apparent efficiency is less than that of the 

propeller. Since the horizontally-opposed engine nacelle combines 

both factors, an installation efficiency of 96 percent was estimated 

using data presented in. reference 42. Experimental data on propulsive 

efficiency of a. wing-nacelle-propeller installation as a function of 

angle of attack and propeller location is presented in references 

43 and 44. An empirical relationship (1 - sin2 ate) was found to 

provide a good correlation for the variation of propulsive efficiency 

with angle of attack. Physically, this involves rotating the thrust 

vector so that the propeller slipstream leaves parallel to the mean 

chord line at the trailing edge and subtracting the drag component 

of the thrust vector from the propeller thrust. The expression for 

the drag coefficient then becomes 
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(SP)rlp~i I'-- si.n2 (a + ate) X Const 
CD = [ 1 qsv (5.18) 

where SP is shaft power. It is estimated that uncertainties in 

these estimates influence the drag coefficients to + 5 percent over 

the range of test conditions. 

The variation of lift coefficient with drag coefficient is 

shown in figure 5.19. The scatter in the data is primarily due to 

the scatter in measured brake engine power. Note that the calculated 

drag coefficient includes the trim drag and some portion of the 

drag due to power effects. 

The variation of CL2 with CD is shown on figure 5.20. 

The curves are apparently nonlinear. The nonlinearity is attributed 

to the effect of power. The variation of CL with CD due to 

aerodynamic effects is an exponential function of CL whereas the 

variation of the lift due to power will be a trigonometric function. 

The zero-lift drag coefficient of 0.045 for flaps at 0' was obtained 

by extrapolating the data of figure 5.20 to CL = 0. This compares to 

the estimated.value of 0.0358 from table 5.6 at a center of gravity 

location at 26.5 percent mean aerodynamic chord, whereas the measured 

values are for an aircraft center of gravity between 15 and 13 percent 

mean aerodynamic chord. Further, the effect of protuberances was 

neglected in the estimate. A rough check was made to find the order of 

magnitude of the protuberance increment using data from reference 45. 

The estimated equivalent flat plate area of the ATLIT was 0.516 m2 

(5.549 square feet), and the equivalent flat plate area of 22 obvious 
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0 bf = O", gear up 

OS, = o"p gear up, right strake, vortex generators, tufts 

cl 6f = loo, gear up 
flsf = loo, gear up, right strake, vortex generators, tufts 

A 6f = 30°, gear down 

ksf = 3o",. 9 ear down, right strake, vortex generators, tufts 

‘4 " = 3o", gear I up, right strake, vortex, generators, tufts 
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Figure 5.19- Power-on, trimmed drag polars for ATLIT (6f = O", loo, 30'). 
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0 6f = O", gear up 

()' 6f = O", gear up, right strake, vortex generators, tufts 

q 6f = loo, gear up 
d&f = loo, gear up, right strake, vortex generators, tufts 

A 6f = 30°, gear down 
,&,Q = 30°, gear down, right strake, vortex generators, tufts 
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Figure 5.20- Linearized, power-on drag polar for ATLIT, (6f = O", loo, 30'). 
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formance measurements based on these val ues will be However, per 

optimistic. 

The var 

The measured 

iation of CL 3'2/Co with CL is shown in figure 5.21. 

value of 11.75 for the flaps-up conditi on compares with 

estimated values of 12.3 for the Piper Seneca and 12.5 for the worst 

case ATLIT from table 5.5. Removal of the tufts from the ATLIT is 

expected to raise this value. 

Rate of Climb -- 

Measured climb data are presented in figure 5.22 for single- and 

multi-engine flight. The multi-engine data are average values at 

610 m altitude (2000 ft.) and at an average aircraft weight of 

1860 kg (4100 lb.). The aircraft had a single strake on the right 

wing, vortex generators on the wing and fuselage, and tufts on the 

fuselage, wings and nacelles. Cowl flaps were closed for the multi- 

engine climb. The figure shows that changes in rate of climb are 

quite small for variations of airspeed from that for best rate of 

climb (approximately 91 knots). Pilot A noted in chapter 5.5.1 

that this climb stability is a desirable airplane characteristic. 

The best rate of climb for the Seneca I is 390 m/min (1280 ft/min) 

at the test conditions noted above, and is about the same as that 

measured for the ATLIT. 

items was 0.055 m2 (0.592 square feet) for a total of 0.570 m2 

(6.14 square feet). This compares with the value from measured data 

of 0.648 m2 (6.975 square feet). Since power effects were also 

neglected in the estimate and would bring estimated and measured 

data closer together, it may be concluded that the method for 

estimating baseline configuration drag by Method B is acceptable. 
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0 6f = O", gear up 

c 6f = O", gear up, right strake, vortex generators, tufts 

Cl 6f = loo, gear up 
dsf = loo, gear up, right strake, vortex generators, tufts 

A tif = 30°, gear down 

&Sf = 30°, gear down, right strake, vortex generators, tufts 
a 6f = 30°, gear up, right strake, vortex generators, tufts 

Figure 5.21- Variation of (cL3’2/cD with lift coefficient for ATLIT 
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Single-engine rate of climb at 610 m altitude (2000 ft) was 

obtained at an average weight of 1814 kg (4000 lb) with the airplane 

configuration as described above. The operating engine cowl flaps 

were open, while the inoperative engine cowl flaps were closed. The 

ATLIT has no roll trim capability, and straight flight can only be 

obtained by using spoilers on the side with the operating engine. 

To find the penalty involved, the spoilers were set approximately 

neutral, and the airplane was allowed to climb in slowly circling 

flight. A significant increase in rate of climb occurred at 100 kts 

airspeed. It is postulated that most of this increase can be retained 

by use of trim ailerons outboard of the flaps. 
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5.5 Pilot Descriptions of Stability and Handling Qualities* 

Two separate pilot evaluations of ATLIT are presented in this 

chapter. Both pilots discuss longitudinal and lateral stability and 

control characteristics throughout the airplane flight envelope: 

Care should be exercised by the reader in interpreting.the ATLIT 

pilot ratings for roll-control tasks. The rigging of the spoilers on 

ATLIT (either down or flush, as described in chapter 3.2.2) strongly 

influences the lateral control feel characteristics of this airplane. The 

purpose in rigging the spoilers symmetrically down into the wing was to 

investigate performance penalties due to spoiler float above the wing. 

Without exception, the pilots reported that the re-rigging greatly degraded 

the lateral handling qualities. The performance changes due to re-rigging 

were negligible. The pilot comments which follow apply to the airplane 

with the spoilers rigging symmetrically down into the wing. Therefore, 

the pilot ratings, in some cases, are excessively harsh compared to what 

they would have been had the airplane been rated with the spoilers rigged 

statically flush (allowing some float at a negligible performance penalty). 

5.5.1 Pilot A Comments on ATLIT Flying Qualities _ - ~~ .._=- - 

Cruise Stability 

Cooper-Harper Ratings 
(see table 5.7) 

Spiral -4 

Longitudinal - 3 

During cruise, it is impossible to fly the ATLIT without constantly 

controlling the aircraft. Small upsets from rough air cause the pilot 

*The contributions of NASA-LaRC research pilots Mr. Robert A. Champine 
and Mr. Philip W. Brown in preparing the materials in this chapter are 
gratefully acknowledged. 

157 



to make corrections in roll and pitch. The spiral stability is weak and 

the spoiler friction is very high, about 44 N (10 pounds) wheel force. 

Since there is no lateral trim control surface, the rudder trim tab must 

be used. Thus, rolling moment due to sideslip is used to trim laterally. 

This lateral trimming procedure may be described as follows. The pilot 

must first look at the wheel or spoilers to be sure they are down flush. 

Then the rudder is moved to maintain the wings level and the rudder trim 

tab is used to reduce the rudder forces to zero. The rudder trim tab has 

a great deal of friction, and along with considerable rudder friction, the 

trimming task is difficult at best. 

TABLE 5.7- HANDLING QUALITIES RATING SCALE 

ADKOIJACY KM SSLECTED TASK OR AlRcnAR DEUANDI OK THE PILOT PILOT 

REWIRSD oPeMnon* cwnmxmsncs I” SELKCTED TASK OR “CWIRED OfmAno)(* “A- 



The longitudinal stability in cruise is satisfactory except 

for a slight friction problem. Altitude control is pretty good in 

general. The control force is light, the damping is good, and trimming 

is fairly easy. Also, the phugoid oscillation seems to be of small 

amplitude and of a fairly long period. 

Slow Flight and Stall Characteristics .--- 

Cooper-Harper Ratings 

Flaps up -3 

Flaps down - 6 

Power effects - 2 

Flaps Up: Slow Flight and Stall 

In general, the ATLIT flys quite well at low speeds, flaps up. 

The roll control is poor for small (up to 25%) roll control inputs 

but is satisfactory at higher deflections. There is plenty of pitch 

control for stalling the wing and also for stall recovery. The rolloff 

at stall is not too bad, being about 20.degrees of maximum bank. The 

stall buffet warning is about 5 or 6 mph, which is good.* During 

the stall, thenose falls through at a modest rate and recovery is 

quick after lowering the angle of attack and increasing power. Recovery 

can be effected without losing more than 15 m (50 feet) of altitude. 

The power-off stalling speed is fairly high, about 70 knots (80 mph); 

however, if proper operating procedures are adhered to, this presents 

*This stall buffet warning disappeared with the addition of the devices 
for attacking wing-body interference-induced flow separation (i.e., 
strakes and vortex generators). 
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no problem. By this it is meant that anytime one wishes to fly at 

speeds below about 96 knots (110 mph), the flaps should be extended 

between 5 and 10 degrees to increase the stall margin. 

Flaps Down: Slow Flight and Stall 

In general, the flaps-down slow-flight characteristics are 

pretty good. The roll response is good at all speeds, but the roll 

system friction and force gradient near center are very bad (this is 

the main reason for poor Cooper-Harper rating). At minimum speeds, 

particularly with flaps set at 30 or 374 degrees, the longitudinal 

stability and damping are very weak. The pitch control is still very 

responsive. This can lead to some overcontrolling in rough air during 

landing. During stall recovery, this overcontrolling can also be a problem. 

In general, stall characteristics with flaps down are good with 

little or no rolloff. The spoilers are very effective throughout the 

stall, and recovery can be made with little loss in altitude. Deep 

stalls, using full back-pitch control, have not been investigated, and 

no comment can be made at this time. Stall warning is in the form of 

airframe shaking; in fact, one can look at the horizontal tail surface 

and see it shaking up and down about + 1.3 cm (t l/2 inch) at the tips. 

There has been a wing-fuselage separation that buffets the tail and 

provides about 5 knot warning before the stall. All stall warning seems 

to be eliminated since the wing-fuselage separation was cleaned up with 

strakes and vortex generators. 
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Multi- and Single-Engine Trim with Power Changes 

Cooper-Racper Rating 

Multi-engine.2 
Single-engine 6 

Power effects in the ATLIT are very good. The addition of power 

causes a normal nose-up trim change. The trim system is fully capable 

of zeroing the forces due to the power-induced trim changes. The control 

force can be controlled with one hand during a go-round. Since the 

propellers counter-rotate there is no torque effect. 

The single-engine performance is very. marginal, and this is 

the reason for the 6 Cooper rating. At low speeds (below about 

96 knots),there is not enough rudder trim authority to trim out rudder 

forces. At speeds down to 78 knots (90 mph), two feet on one rudder 

pedal are required. The force is very high. The spoilers are effective 

in controlling the single-engine forces.but if they are raised more 

than about 1 cm (3/8 inch), then the additional drag degrades the 

marginal single-engine climb performance. 

Rolling Performance with Spoilers 

Maximum Rolling Performance 

Cooper-Harper Rating 

Flapsup -3 

Flaps down - 2 

Lateral Control Feel 

Cooper-Harper Rating 

Flaps up - 4 

Flaps down - 6_ 
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The maximum (full wheel deflection) rolling performance with 

the spoiler control is excellent at all speeds and flap deflections. The 

rolling velocity is very low when small wheel deflections (up to 25% 

of total) are used. When 50% of total wheel deflection is used.the 

rolling velocity is more than adequate for most flight conditions. This 

nonlinearity is mildly unpleasant and is something with which the 

pilot has to cope. When using small spoiler deflections, there is a 

small adverse yaw before actual turning flight is started. However, 

when,using more than about 25% deflection proverse yaw results and 

turning flight starts immediately. These characteristics are very good. 

These comments apply to all flap conditions. 

The lateral control feel forces 

friction and a negative centering force 

deflection. These negative forces, off 

the flaps are down. These unacceptable 

the friction level. When the flaps are 

forces are nearly zero but the friction 

are poor because of very high 

gradient up to about 25% 

from center, are greater when 

forces need correction, as does 

retracted, the wheel centering 

is still high. 

Crosswind Landinqs (Sideslip Characteristics) 

Cooper-Hanper Ratings 

Sideslip - 2 

Crosswind 
landings - 6 

The sideslip characteristics are good, as the airplane will fly 

at fairly large sideslip angles. Rudder and spoiler effectiveness are 

good, and no unusual pitching moments have been notjced. 
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Crosswind landings are another matter because precise control is 

required. Usually, crosswind conditions involve gusty and changing 

directions of the wind. Under these conditions, control of the sideslip 

angle is difficult and unpleasant. This is due to the nonlinear roll 

response with small spoiler deflections. Also, the poor force gradient 

(negative centering) and high friction add to the problem. There is a 

tendency for overcontrolling due to the low rolling effectiveness at small 

wheel deflections followed by good roll response at approximately 25-percent 

deflection of the wheel. Therefore, during gusty wind conditions, the pilot 

must rapidly move the wheel right and left through +25 degrees of travel to 

counter the shifting winds. At best, it can be said that adequate control 

is available, but a very high skill level is required to make a good 

crosswind landing during gusty wind conditions. 

Instrument Approaches 

No ILS-type instrument approaches have been made by this pilot and 

comment is only conjecture. Control of the aircraft on the ILS approach 

would be unsatisfactory because of roll-control friction, poor centering 

forces in roll, lack of trim in roll, and nonlinear roll response. These 

items have been discussed above. 

The reader should note that the poor Cooper ratings for lateral feel 

characteristics apply to the ATLIT with the spoilers rigged synraetrically 

down below the wing surface, as-described in chapter 3.2.2. This rigging 

not only worsened the roll response for small wheel deflections (i.e., it 

takes more wheel deflection to raise the spoiler to a positive deflection), 
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but the wheel forces also became more wheel decentering. The pilot 

agrees that with the spoilers rigged in the flush position, the poor 

Cooper-Harper ratings would improve by about two grades. 
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5.5.2 Pilot B Comments on ATLIT Flying Qualities 

The purpose of this report is to give a qualitative assessment of 

the ATLIT’s handling qualities and to assign Cooper-Harper pilot ratings 

for a variety of tasks. 

The quantitative measures used were taken from panel instruments or 

instrumentation package "quick-look" records. Though only approximate 

values, their inclusion is justified to better define the characteristics 

discussed. 

Unless otherwise noted,-this report refers to the ATLIT’s current 

configuration of vortex generators, leading edge strakes, taped 

protuberances, and clay and balsa-filled recesses. The average weight 

and C.G. are 18.2 N (4100 lb) and 15.5% mat, respectively. 

The following configurations and flight conditions were examined: 

Configuration: 
or maneuver 

Cruise 

Approach 

Stall 

Precision 
heading, 
vertical 

y;jEi-: ' 

Landing 
-- ---. 

5 I 
-I- -r 

1 
1 
I 

-anding gear Flap 
position position 

UP 

UP 

UP 

UP 

UP 

UP 

UP 

UP 

Down 

O0 

3o” 

O0 

loo 

2o” 

3o” 

37O 

V trim 
IAS, kts 

139 

65 

80 

58 

54 

54 

54 

O0 104 

I 

3o” 65 

Power 

cl=0 

cx = 0; idle 

a = 0; idle 

CI = 0; idle 

a = 0; idle 

CY = 0; idle 
cc = 0; idle 

152 m/min (500 fpm) 

climbs and descents 

Idle 
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CONTROL SYSTEM CHARACTERISTICS 

The longitudinal control system utilizes some mass imbalance 

but no downspring. An anti-servo stabilator tab is used for force 

tailoring and trimming. The spoiler system utilizes springs to'provide 

a centering tendency. There is no lateral trim system. Rudder force 

tailoring and trimming are provided by an anti-servo tab. 

Friction + breakout forces 

Longitudinal 
wheel 
force 

Lateral 
wheel FW 
force Y 

Control Centering 

Cruise 

21 N (4.75 lb) 

53 N (12 lb) I 
Approach 

24 N (5.5 lb) 

36.N ( 8 lb) 

1. Cruise. - The control wheel will quickly return to 30 to 40 percent 

of the longitudinal-control input necessary for a 1.5 g pulse. Then, in 

5 to 8 seconds, the wheel will creep slowly back toward trim another 

10 percent of the input amplitude. 

Lateral centering is also poor. For wheel deflections of less than 

25 to 30 degrees, there is no centering tendency; large deflections will 

return to this 25- to 30-degree position when the wheel is freed. 
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2. Approach.- -AFWx'A'STAO appears to be lower here than in 

the cruise case. Centering is correspondingly worse. 

Lateral control centering tendencies are nonexistent. In fact, 

there is a range of motion on either side of the control wheel centered 

position, out to ?20° of wheel rotation, where AFw /A6s < 0. The 
Y 

control wheel will not actually decenter when freed, however, because 

of the high level of friction present in the control system. 

Control Raps 

Longitudinal control wheel raps resulted in one small amp1 

overshoot of the final control position. There was no separate 

distinguishable aircraft response to this small overshoot. 

Control Surface Trimming 

itude 

1Y 

The longitudinal electric trim is a little slower than desirable. 

Manual rudder trim is quite satisfactory. The lack of a lateral-trim 

system is considered unsatisfactory because of the necessity to deflect 

the spoilers, sideslip the aircraft, or use differential power to effect 

lateral trim. 

LONGITUDINAL CHARACTERISTICS 

Static 

Both the wheel position and wheel force versus speed relationships 

indicate that positive stick-fixed and stick-free longitudinal static 

stability exist. The force-speed gradient is shallower in the approach 
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than in the cruise configuration. The high-control system friction 

results in a wide trim-speed band. Typical figures are given below: 

'Trim 
speed band, 

I AS 

Cruise Approach 

139 - 135 kts 70 - 54 kts 

Power effects were noted at 104 KIAS, gear and flaps retracted; 

to maintain airspeed from a level-flight power setting to a full-throttle 

climb required Fw = 27 - 31 N (6 - 7 lb). 
X 

Dynamic 

<phugoid 

Cruise 

0.1 

Approach 

0.35 

Short period behavior in cruise was sufficiently high frequency 

and well damped enough to allow accurate tracking in pitch. The approach- 

configuration short period was not quite so good; attempts to reset 0 

in a step-like fashion resulted in a one-half cycle overshoot of the 

desired value. 

Maneuvering 

Control wheel position and force versus aZ indicated apparently 

positive stick fixed and stick free maneuvering stabilities. The 

influence of mass balance in the control system on wheel forces is 

unknown. 
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Sinusoidal stabilator inputs across a wide frequency range showed 

no tendency to develop pilot-induced oscillations. 

Static 

LATERAL-DIRECTIONAL CHARACTERISTICS 

Dihedral effect is moderately positive in both the cruise and 

approach configurations. Steady heading sideslips showed the stability 

derivatives involved to have conventional signs. In the approach 

configuration, a maximum steady heading sideslip maneuver resulted in 

the following values: 

B = 16.3' 

c$ =I 4O 

6 wheel = 3o” 

Dynamic 

Spiral.- Spoilers and rudder were held fixed while checking this 

mode and the stabilator was used as necessary to maintain airspeed. 

Lateral movement of a weight within the cabin upset and then reset the 

ATLIT’s rolling moment equilibrium. 

The spiral mode is neutral in cruise. In the approach configuration, 

time to double amplitude is about 8 seconds. 

Dutch Roll. 

Cruise Approach 
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STALL BEHAVIOR 

Investigation of stall behavior was limited to cases where aZ = 1 

and \j 5 1 kt/sec. During the stall, a definite g break and nose 

down pitching tendency occurred. Wing dropping tendencies were mild and 

no tendency to roll in a particular direction existed. With the exception 

of the stall with stabilator stall, stalling behavior is docile. 

Warning 

The original configuration (which lacked the leading edge strakes 

and vortex generators) produced a very vigorous pre-stall buffeting 

of the stabilator. In the present configuration, however, warning of 

impending stalls is practically nonexistent. Buffet onset never comes 

more than 1 to 2 knots before the stall and when present,it is barely 

perceptible. Typically, a very light buffet occurs simultaneously with 

the g break itself. In one case, where 6f = 10' and power was set 

for level flight, some slight lightening of control wheel pull force 

occurred just prior to the stall. 

Control Feel and Effectiveness 

The rudder remains very effective throughout the stall. Later control 

is best achieved through a combination of rudder and spoiler deflection, 

although in the flaps-up case, the spoilers are nearly ineffective.* The 

*It should be noted that the addition of wing-root strakes and vortex 
generators reduced indicated flaps-up stall speeds by about 9 knots from 
the stalls described by pilot A. The spoiler effectiveness during 
these slower stalls is reduced accordingly. 
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stabilator effectively controls a except when the stabilator stalls 

during the recovery from a wing stall. This unusual condition is 

described in more detail shortly. 

Control-position force gradients seem to remain approximately the 

same during stall except for the 6f = 10' case mentioned under the 

"Warning" discussion above. 

Recovery Technique 

For the original configuration , recovery from all stalls could be 

effected by allowing the stabilator to move slightly off the negative 

stop. Holding the control wheel full aft would result in a moderate 

porpoising motion. 

Recovery technique during the one buffet-onset investigation flight 

in the present airplane configuratjon consisted of an expeditious 

increment of forward wheel movement, followed by an aft repositioning to 

a point corresponding to a higher than,stall trim speed. This technique 

quickly unstalled the wing and was satisfactory except in the case of 

stall with stabilator stall. 

Power Effects and Stall Speeds 

Two conditions, idle power and power for level flight, were explored. 

Stall warning was lacking in both conditions. Lateral control was 

roughly the same for both conditions. The stalling speeds were 

significantly affected by power. 
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Approximate 
stall 
speeds 

V-'. knots 

Bf 

O0 loo zoo 3o” 37O 

Idle power 70 60 57 54 53 

Power for 
Y=O 64 56 53 49 47 

Stall with Stabilator Stall 

This phenomenon has been observed only with a cYf = 37O and power 

for level flight. Figure 5.23 compares stalls with and without stabilator 

stalls. Stabilator positioning after the g break is very similar for 

both stalls. The period necessary to reduce a to the pre-g break 

value was also the same; 

Following the normal stall, flap retraction was begun after it was 

apparent that recovery from the maneuver was in progress. Although this 

was only 2 seconds after the g-break, Q had peaked negatively and then 

reduced in magnitude by 35 percent. 

Similarity between the normal and stabilator stall cases ceases 

2 seconds after the g break. A sudden force reversal occurs and 

v’C , a’, a z and 8 continue their divergence. At this point, a 

decision was made to reduce the negative pitching moment by raising the 

flaps. ,A maximum 8 of -56' was attained before the pitch divergence 

was stopped. 

Stabilator stall and the resulting pitch divergence was encountered 

on one other occasion, this case occurring with the original aircraft 

configuration (no strakes or vortex generators). Power was set for 

level flight and Bf = 37'. The trim speed, however, was 65 KIAS, a 
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Figure 5.23- ATLIT stall time histories. 
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value well above the stall speed. As the nose-down portion of a 

stabilator doublet was initiated, a divergent pitching motion developed; 

in that instance, recovery was effected by raising the flaps. 

Unfortunately, no records were taken of that maneuver. 

TASKS FOR PILOT RATINGS 

Takeoff and Transition to Climb 

With a takeoff flap setting of 10 degrees, takeoff trim and a 

somewhat reduced power setting (to prevent too fast an acceleration through 

the speed of interest), the nosewheel could be lifted clear of the 

runway at an IAS = 38 kts. The attitude was then reset, full throttle 

was applied and liftoff was made at 74 kts. Care had to be used to avoid 

an overrotation. Directional control was easily maintained. With the 

gear and flaps retracted, climb power , a moderately heavy push force on 

the wheel was necessary to maintain 87 knots. The electric stabilator 

with the large pitching moment changes 

igned 

trim was somewhat slow for coping 

due to flap retraction and extens 

to this flight phase. 

ion. A pilot rating of 2.5 was ass 

Cruise 

Two IFR tasks were evaluated with and without turbulence. The 

first consisted of precisely holding a heading in level flight. The 

next was the vertical S pattern depicted in the following figure. 
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Ah 

‘4~~ JI, - 180’ 
I 4 i = 3’/sec 

Top view 

ti = k500 

Side view 

fpm 

Vertical S Pattern (V = const.) 

Without turbulence, precision heading holding was very easy. In 

rough air, however, excitation of the dutch-roll mode made the task 

difficult. Because of the high control system breakout and friction 

forces, it was difficult to reset the controls to trim after correcting 

for turbulence-induced upsets. Thus, the ATLIT would soon roll off in 

a direction corresponding to the control surfaces' out-of-trim positions. 

The net result was a mildly oscillatory rolling and yawing which was not 

eliminated even with considerable pilot effort. With turbulence, the 

cruise precision heading hold task was given a pilot rating of 4.5. 

The vertical S pattern in turbulence incorporated all of the same 

difficulties encountered with the heading hold task. Additional difficulty 
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was introduced by the longitudinal control repositioning necessary as a 

consequence of power changes. The high control system breakout and 

friction forces were largely responsible for the assignment of a 5.5 pilot 

rating for task with turbulence. Without turbulence, there was a slight 

improvement to a rating of 5.0. 

Cruise Turns, Coordinated and Two Control 

Coordinated turns and turn reversals were easily accomplished. Rolling 

performance is indistinguishable from an aileron equppped aircraft. There 

was no noticeable nonlinear roll response to control-wheel inputs. 

Rudder only turns and turn reversals were accomplished in a quick 

and relatively precise manner. Both spoiler-only and rudder-only turns 

and turn reversals are satisfactory alternate methods of lateral control. 

This entire flight phase is assigned a pilot rating of 2. 

Formation Flying 

High control system friction and breakout forces make the ATLIT 

very tiring to fly in formation. As a formation lead aircraft, the 

aircraft's turbulence response coupledwith the pilot's corrections for 

upsets leads to' a "wallowing" motion. This phase is given a pilot 

rating of 6. 

Approach 

Precision heading holding was again easy except in turbulence. The 

same type of general aircraft behavior was noted here as in cruise; 

however, the ratio of rolling to yawing disturbances was higher here 

than for cruise. Vertical S patterns were more difficult because the 
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lower longitudinal force gradients coupled with control system friction 

and breakout forces increased the difficulty of making corrections based 

on control feel rather than displacement. The previous pilot ratings 

for the precision heading hold and vertical S pattern tasks are 

increased numerically by A = 0.5. 

Nonlinearity of roll response to wheel deflection became noticeable 

in the approach configuration. On gusty days, tight lateral control of 

the aircraft was impossible if control wheel deflections were limited to 

< f 45O. It was not unusual to contact the lateral wheel stops (at a - 

deflection of 90') when trying to closely control bank angle. The 

lateral decentering moment "assisted" the pilot in an annoying manner. 

It should be stressed that the maximum roll rate the pilot can command 

is satisfactory. 

For the approach task in turbulence, the pilot rating was 6. 

Approach Turns, Two Control 

Spoiler only turns and turn reversals showed generally the same 

characteristics as in the cruise condition. Rudder only turns from 

$ = 0 were also similar. But large input, rudder-only turn reversals 

from some $I # 0 were quite peculiar; bank angle built up in the 

direction of the rudder input but Ij, built up in the opposite direction. 

$ did not swing back in the direction of the input until the aircraft 

rolled through the wings-level position. Roll attitude control, spoiler 

only, was rated a 3. Rudder only control was given a 6. 
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Landing 

The original ATLIT configuration was landed with the wing-low 

method in an 18 knot crosswind. The rudder was frequently on the stop 

for this landing, but, since not much control wheel deflection was 

necessary to achieve this sideslip, the additional wheel deflection 

necessary to counter turbulence upsets was available. 

A recent steady heading sideslip test indicated that a steady 

crosswind component of I8 ,kts could be handled. 

The flare maneuver could be easily overcontrolled because of the 

difficulty of feeling out the inputs thus, corrections had to be made 

by judging their adequacy initially in terms of displacement rather than 

force. Friction and breakout masking of a stabilator trim position was 

very detrimental here. 

Once on the ground, directional control via the rudder was very 

satisfactory, but the spoi'lers appeared to be very ineffective for 

directional control [with 6 = 30'). A pilot rating of 4 was assigned 

to the landing phase. 
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CHAPTER 6 

CDNCLUSIONS AND RECOMMENDATIONS 

6.1 Conclusions 

The conclusions for the ATLIT evaluation presented here are based on 

complete flight-test results of the stalling and the rolling characteristics 

and partial results for the cruise and climb performance. 

1. The stalling speeds and the maximum-lift coefficients were in 

good agreement with the design estimates and the wind-tunnel 

predictions. The stalling characteristics are described by 

the pilots as gentle with very moderate rolloff and adequate 

lateral control throughout the initial stall departure. The 

stalling speed with flaps defTected 37 degrees was 51 knots 

(59 mph) and the corresponding CL was 3.03. With 
max, A 

flaps up, the airplane stalled at 68 knots (78 mph) for a 

corresponding CL of 1.7. This flaps-up maximum 
max, A 

lift and the great effectiveness of the Fowler flap in increasing 

maximum lift are apparently unequaled for general aviation 

airplanes of a similar configuration. 

2. The spoiler roll-control power met design expectations and 

was in good agreement with wind-tunnel results. In the 

current landing configuration (rSf = 300), the maximum 

helix angles are greater than 0.11. With the flaps deflected, 

the spoiler roll control on ATLIT exhibits the desirable 

behavior of increasing helix angles with decreasing airspeeds. 
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This feature gives the pilot increasing bank-attitude 

control as the airplane slows down during the landing flare. 

No adverse yaw was. ;measured:during'rolls; 'in fact, a.small .amount 

of proverse yaw was noted with large spoiler inputs. 

Although the spoilers provided very powerful roll control, 

this control system did have undesirable control fee7 

characteristics, depending on whether the spoilers were rigged 

up, flush, or down. These feel characteristics result from the 

large amount of combined control-system breakout force and 

friction of about 40 N in combination with the reduced Cl 

% 

for small spoiler deflections. 

Much has been written (references 37 and .46) recommending 

against the use of spoilers alone for roll control. Past 

researchers have endorsed the use of a small trim or feeler 

aileron, along with roll control spoilers, to provide better 

feel characteristics, more positive control for small spoiler 

inputs, as well as to function as a lateral trimming device. 

In light of the experience with the ATLIT spoiler roll-control 

system, this recommendation is still a good one. It is a good 

recommendation not because spoiler systems cannot be designed 

to adequately serve as the sole means of airplane roll control, 

but because the use of a trim aileron greatly simplifies the 

design and implementation of roll spoilers. This situation 

may change when des ign data for spoi lers are available to the 

. 
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same extent as for ailerons, thus making the design for a 

mechanically-actuated, spoiler roll-control system as 

straightforward as it presently is for an aileron system. 

3. In the configuration tested and reported on here, neither 

cruise nor climb performance of ATLIT met the design 

expectations. Top speed for ATLIT was 168 knots (193 mph) 

and maximum rate of climb was approxi.mately equal to that 

for the standard Seneca. The most reliable predictions for 

ATLIT performance increases.over the standard Seneca indicated 

about 9 knot (10 mph) increase in top speed to Vmax = 178 knots 

(205 mph) and an increase in maximum single-engine rate of 

climb of about 12 m/min (40 ft/min) from about 58 m/min 

(190 ft/min) to 70 m/min (230 ft/min). These small predicted 

performance improvements were not realized because of the 

poor span efficiency factor (e = 0.65) and the high value for 

zero lift drag (CD = 0.045). Calculations showed that with 
0 

proper attention to construction details on the airplane, the 

predicted cruise and climb performance could be realized. 

6.2 Recommendations 

Flight testing of ATLIT in its present configuration (strakes and 

vortex generators on both wings) will continue to the completion of 

climb performance testing. After that, the following three major phases 

of testing are planned. The discussion for each phase includes 

recommendations for topics of pertinent research. 
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6.2.1 Supercritical Propeller Evaluation 

Before the supercritical propellers are installed on ATLIT, baseline 

data on noise and performance characteristics will be gathered with the 

standard propellers. Identical tests will then be done with the 

supercritical propellers on ATLIT. 

Both interior and exterior noise measurements will be made. Exterior 

noise characteristics will be documented by the guidelines of Federal 

Aviation Regulations (FAR) Part 36 (Noise Standards: Aircraft Type 

and Airworthiness Certification). 

Propeller performance characteristics will be measured by constant 

altitude, level flight accelerations , and takeoff distance measurements 

(during these tests, landing distances will also be measured). 

6.2.2 Preliminary Plans for ATLIT Full-Scale Wind-Tunnel Tess- 

ATLIT is scheduled to enter the LaRC full-scale (30- by 60-foot) 

wind tunnel iri the fall of 1976. Several possible areas of research 

during these tests are listed below. The research items listed include 

items presented by a poll of U.S. general aviation manufacturers. 

The tentative areas of investigation follow: 

1. Documentation of baseline aerodynamic and performance characteristics _-_- -- 

2. Drag cleanup. - Several items have been identified as candidates 

for modification in a drag cleanup program as follows: 

(4 reduce wing trailing edge thickness 

(b) fair flap brackets , spoiler hinges, and other miscellaneous 

proturberances 
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3. 

4. 

5. 

6. 

7. 

8. 

9. 

10. 

11. 

12. 

(c) construct flush inspection covers to replace 16 presently 

protruding inspection covers located spanwise, on wing 

lower surface 

Id) remove instrumentation noseboom 

(e) evaluate improved wheel well fairings 

(f) improve the fit and sealing of the cabin door 

(g) optimize devices for attachment of the wing-body 

interference-induced flow separation. 

Cooling drag studies. 

Studies of propeller/nacelle interference effects on propulsive 

efficiency and drag. 

Studies of trim drag in single-engine climb configurations. 

Ming-wake surveys for documentation of section profile drag and -- 

comparison with 2-D results. 

Boundary-layer profile measurements for comparison with 2-D data. 

Spoiler effectiveness and hinge-moment measurements for 

comparison with 2-D and 3-D scaled data. 

Static stability derivative measurements. 

Measurements of high angle-of-attack characteristics. 

Acoustic (propeller, engine, and airframe) studies. 

Evaluation of winglets on ATLIT. 

Obviously, not al7 of these areasfor research can be studied during the 

short time ATLIT will be in the tunnel. An order of priorities remains to 

be determined. 
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6.2.3 Final Flight Evaluation 

ATLIT will return to flight status after the full-scale wind-tunnel 

tests. Flight data will be gathered to verify the wind-tunnel optimized 

ATLIT configuration (i.e., to measure, in flight, the effects of any 

fairing or fillet devices or winglets which may be, tested in the tunnel). 

Development should continue of the method discussed in appendix A 

for extracting aerodynamic drag and power parameters from flight data. The 

major emphasis in the continuing development of this method should be on 

improved flight-data quality. Additional, independent approaches to such 

a method should be encouraged. 
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APPENDIX A 

PERFORMANCE PARAMETER EXTRACTION M E T H O D  

WITH ERROR ANALYSIS 

This appendix is included for the convenience of the reader as a 

brief description of a method for extracting airplane drag and power 

information from dynamic, maneuvering flight data. The development of 

this method and the preparation of the materials for this appendix were 

done by Dr. Frederick.0. Smetana of North Carolina State University. 

Publication of a full description and the results of flight-test 

applications of the method is planned in a future NASA contractor report. 

The Concept 

MEASURING DRAG AND THRUST IN FLIGHT 

Most techniques for the determination of aircraft drag in flight 

rely on the fact that when the aircraft is in unaccelerated flight, the 

forces along its x-axis, principally the thrust and drag, are in balance. 

Then, if one knows the propulsive thrust for a particular flight condition, 

he automatically knows the aircraft drag at that condition. Thus, to 

apply these techniques one must know that \j = 0 as well as the propulsive 

thrust as a function of flight speed, altitude, and power setting. 

This, unfortunately, is not determined easily. Although engine output 

can be measured accurately on a test stand as a function of altitude and 

power setting, and propeller characteristics can be determined in a test 

cell as a function of rpm and flight velocity, the ,flow disturbances caused 
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by putting a cowled engine behind a propeller and mounting the whole 

on an airplane are not readily determined apriori. Hence, efforts 

have been made from time to time to measure inflight thrust using such 

techniques as the torque reaction produced by the engine or the vehicle 

acceleration at constant altitude produced by va.rying power levels. 

The reader will readily appreciate the difficulties which such 

techniques entail. In the case of the ATLIT aircraft, instrumentation 

to measure reaction torques was not available and the longitudinal 

accelerometer provided in the instrument package was not considered a 

primary test instrument, at least initially. Further, the establishment 

of really unaccelerated flight at many different speeds is very consuming 

of flight-test time. It is for these reasons that an effort was made to 

develop an alternate technique to measure thrust and drag simultaneously 

in accelerated flight. 

The origin of the concept is quite simple. Recent workers attempting 

to extract the values of stability derivatives from flight data have all 

faced the problem of fitting an analytical model containing 13 or more 

undetermined coefficients to a set of four or five simultaneous time 

histories. That is, the number of unknowns greatly exceed the number 

of independent equations one can write to describe the motion. The 

problem is usually attacked (see ref. A.l, for example) by fitting the 

equations to the time histories.at a number of different times. Theoreti- 

cally, one need only fit the equation the same number of times as one 

desires to find coefficient values. In practice, it is fit many, many 
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times and the values which best satisfy the time history in some 

statistical sense are chosen. If the initial estimates of the parameter 

values are reasonably accurate, the procedures usually converge on the 

correct values. However, since the system is not determinant, convergence 

is not guaranteed. 

The problem in determining both drag and thrust simultaneously in 

flight is that there is one more unknown than there itcelequiif~ans....Mbthe- 

matically this means that for any flight condition there are an infinite 

number of sets of T and D which satisfy the equation. For any T. there 

is only one D, but one can find the corresponding D for any arbitrary 

choice of T whether it has any physical meaning or not. 

Following the fairly successful approach used in stability 

derivative extraction, it was reasoned that if one would write, the 

equation of motion substituting flight data for different times in the- 

flight, he could create a system of equations equal to the number of 

unknowns. Formally, the equation of motion of the vehicle along its 

trajectory in the X-Z terrestrial plane is 

4 T-D + sin y-= - (A-1) 
9 W 

In order to .apply the technique, we wish to express the thrust and drag 

in a polynomial expansion of some easily-measured flight variable with 

the coefficients to be undetermined constants. Now, the thrust is known 

to depend primarily upon flight speed for a given power setting so that 

we choose the representation. 
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I  I ,  I  .  m  .1. . -mI I . I - . - - -  .  .  .  .  m m -  --- ._--  .  _ -  _ _ _ . _  ----- .-  

T =  y P O  +  P IV  +  P 2 V 2  
c 3  

. (A-2 )  

In o ther  words,  w e  a s s u m e  that the p o w e r - s p e e d  re la t ionship  is a  parabo la .  

G iven the character ist ics of most  propel lers ,  P O  a n d  P I wil l  b e  

posi t ive a n d  P 2  negat ive.  W e  insert  the cos a  term because  w e  a s s u m e  

that the p rope l le r  thrust is a lways app l i ed  a l ong  the x -body  axis ra ther  

than  a l ong  the f l ightpath. Drag,  o n  the o ther  hand ,  is a lways de f ined  

with respect  to the f l ightpath. W e  can  represent  the d r a g  by  the 

equa t ion  

D  =  l/2 p S V 2  
c 

C D  
0  

+  C D  a 2  +  C  a 6  
1  D 2  3  , (A .31  

w h e r e  a  is m e a s u r e d  f rom zero  lift a n d  the sixth p o w e r  for the third 

term was  chosen  o n  the bas is  of curve  fits to s o m e  actual  data.  Note,  

however ,  that w e  m a y  al ter  the m o d e l  to represent  a  par t icular  s i tuat ion 

m o r e  accurate ly  wi thout  af fect ing the validity of the p rocedure .  

Subst i tu t ing these re la t ionships into the equa t ion  of m o t ion y ie lds 

W V  
yy +  W  s in y =  y 

c 
P O  +  P IV  +  P 2 V 2  

3  
- +  psv2  

a 2  +  C  
D 2  

a 6  . 3  (A .41  

This equa t ion  has  six u n k n o w n  but  constant  coeff icients. B y  de te rmin ing  

the fl ight va lues  of y, W , V , V , p, a n d  a  at six di f ferent times,  w e  

create  a  system of six l inear  equa t  ions  in  s ix unknowns .  This  can  then  

b e  so lved for the va lues  of P O , P I, @ ,,. cb$  : G i la yyd.. C D 2  - 
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Difficulties in Concept Execution 

Unfortunately, this system of equations is what mathematicians call 

ill-conditioned; that is, very small changes in any of the measured 

values (a, W, V, V, y, p) can cause the coefficient values (Po, Pl, etc.) 

to change radically. Further, the solution guarantees to pass through 

the six selected points only. For any other speed, acceleration, angle 

of attack, weight, flightpath angle, or altitude, the thrust or drag 

computed with these six coefficients may be quite wrong. In addition, 

the coefficient values themselves may be ridiculous (for example, a 

negative CD value) yet the total drag as determined from 
1 

'Do + 'DI a2 + C 
D2 

a6 may be very-reasonable. 

These problems are to some extent traceable to the adequacy of the 

analytical model used. A model which does not well represent what 

actually occurs will, when fit to the data using this procedure, produce 

nonsense numbers for some of the coefficients, i.e., nonsense numbers in 

the physical sense but absolutely correct numbers in the mathematical 

sense. For example, if the speed-power relation should in fact be a 

constant, then an attempt to fit it with a parabola will usually yield 

non-zero values for PI and P2. Thus, a successful solution routine 

must have a provision for examining the results (at least manually) 

for reasonableness and for changing the analytical model if the 

results are not reasonable. 
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There is also a problem concerned with the selection of the six 

data sets submitted to the solution routine. The reader will recognize 

that if one selects six points very close together in speed, the data 

must be extremely accurate because all significance can be lost in 

taking the differences between adjacent numbers as one does in solving 

a system of six equations. 

The maneuver selected to generate these data was a pullup-pushover. 

Beginning at the highest speed in a configuration of interest, a pullup 

is initiated and the airplane is decelerated to the minimum speed for 

the test. At that point, a pushover is done, allowing the airplane to 

accelerate back to maximum speed. 

Amelioration of Solution Difficulties 

One means of selecting the six points submitted to the solution 

routine so that it will yield reasonable results is to select those 

points where the velocities are given by 

'1 = 'min for the maneuver 

'2 = 'max for the maneuver 

Cl l/5 

v3 =vl v2 

5 

l/5 
v4 = v3 !!z 

11 5 

(A.51 
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v 2  il l /5  

v 5  =  v 4  v  

1  

V 6  =  v i  I2  iI 
l /5  

v 1  

This p rocedu re  spaces  the points  over  al l  the ava i lab le  da ta  g iv ing 

emphas is  to the por t ion  of the d r a g  curve  w h e n  changes  with s p e e d  a re  

most  rapid.  W h e n  app l i ed  to theoret ica l ly -generated data,  the or ig ina l  

coeff icients can  b e  recovered  to wi th in 1  percent .  

For  a  variety of reasons,  f l ight measu remen ts  wil l  neve r  b e  as  

accura te  o r  as  no ise  f ree as  theoret ica l ly -generated data.  O n e  then  asks 

the quest ion,  " H o w  can  I use  the rema inde r  of the da ta  ( the sets of a, 

p, y, V , V , W  b e y o n d  the six sets m e n t ioned above )  taken du r ing  a  

30 -second  m a n e u v e r  to improve  the accuracy of the coeff icient extract ion 

p rocedu re? "  T h e  classical  answer  is fit the  a s s u m e d  form of the curve  

(equa t ion  A .4) to the da ta  by  a  least -squares techn ique.  W h a t this d o e s  

is to de te rmine  those va lues  of the coeff icients ( P O , P I, P 2 , C D  , 
0  

cD1’ 2  

C D  ) wh ich  m a k e  the s u m  of the squares  of the d is tance f rom the 

curve  to e a c h  of the da ta  points  as  m in imum.  

Data  Fi l ter ing 

Al l  records  of the fl ight of actual  aircraft wil l  conta in  spur ious  

contr ibut ions to the da ta  s ignals  ar is ing f rom electr ical  noise,  

ins t rument  errors,  structural  v ibrat ions, a n d  a tmospher ic  turbu lence.  
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Since the model we have chosen to represent the aircraft does not include 

such effects, it is desirable to remove them, in so far as possible, 

before submitting the data to the coefficient extraction‘routine. Not 

doing so may cause the extraction routine to produce physically 

meaningless results. 

All filtering schemes proceed from the idea that continuous data 

signals are composites , each signal made up of sine waves of all 

frequencies. Each of these sine waves in the composite has a definite 

amplitude and phase relationship to the other sine waves making up the 

signal. By suppressing those frequencies which, on the basis of analysis 

or experience, cannot arise from the aircraft behavior of interest, one 

can remove most of the spurious contributions to the signal. Tradition- 

ally, filtering was done on continuous signals using frequency-sensitive 

passive networks. In the present case, however, the flight data were 

received in digital form so that the filtering was accomplished 

mathematically using a computer.* 

Since this procedure permits one to describe a signal time history 

in terms of its harmonic content, it is therefore possible to reduce the 

amplitudes of or eliminate certain constituent frequencies from the set 

before regenerating the signal; in essence, filtering out the unwanted 

*The data are, nevertheless, just digitized samples of continuous functions. 
For this reason, we have chosen to employ mathematical techniques more 
appropriate to such functions than the more commonly-used digital filtering 
techniques which seem more appropriate to the analysis of data which are 
inherently trains of impulses. 
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data has been 

along the veh 

Usually it is 

Corrections to Measured Accelerations 

The scheme to extract drag and thrust simultaneously from flight 

found to require accurate indications of the acceleration 

icle's flightpath in order to yield acceptable results. 

not possible to locate the measuring instrument (accelero- 

meter) precisely at the vehicle's center of gravity, so it is 

necessary to correct the instrument's indication for this fact and then 

to relate the acceleration along the vehicle's x-body axis to the 

longitudinal acceleration along the flightpath. 

Accelerometers are generally masses constrained to move along the 

axis of a tube and centered by springs at either end. The position of 

the mass relative to the center of a tube is proportional to the 

acceleration and is measured electrically. When the aircraft accelerates 

along the flightpath, the mass moves aft of the center of the tube. Now, 

the same effect is produced when the accelerometer is tilted nose up even 

though there is no acceleration. Thus, it is necessary to subtract a 

term nb sin 8 from the accelerometer indication to account for this 

effect. 

contributions to any desired d,egree, without any disruption of the phase 

relationships among the remaining contributions. This represents a 

level of filter performance far above that possible with passive 

elements in analog circuits. 

I f  the accelerometer is located x feet in front of the CG,.its 

mass is caused to move forward as a result of the angular rotation of 
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, . . . . .._. . 

Then solving for \i, one has 

aX 
-n): sin 8 + x q2 -zi 

Q= ind 

cos a 

+V (&+q)tana . (A.12) 

The value given by (A.12) should now be the same as that obtained by 

differentiating the variation of true airspeed with time. 

Corrections to Airspeed Indications 

Of course one does not measure true airspeed directly. An airspeed 

sensor measures only a pressure difference. This difference is affected 

by the sensitivity of the pitot and static pressure sources to angle of 

attack, the distunbance to the free-stream pressure at the static-pressure 

source resulting from the presence-of the aircraft, the .compressibility 

of the air, and the difference in pneumatic lags of the pitot and 

static-pressure lines. The pneumatic lag also introduces a time delay 

in the airspeed indication. Since the airspeed indicator is calibrated 

for standard sea-level conditions, any variation in atmospheric 

temperature will affect the true. airspeed at a. given pressure difference. 

The theory .of the pitot-static tube assumes that the air is brought 

to rest at the pitot pressure source adiabatically and that the static 

source senses the pressure in the free stream (i.e., away from the 

airplane). With these assumptions, it is easy to show that the true 

flow velocity is related to the measured pressures by 

v = 2~ R-i- 
dyml) @ + p - 1} , (A.13) 
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the aircraft by an amount x-q'. One must therefore add this term to 

the accelerometer indication. Similarly, if the accelerometer axis 

is located z feet below the x-body axis, then the accelerometer mass 

is displaced rearward by an amount proportional to z*q. 

The linear acceleration along the x-body axis in terms of the 

accelerometer indication location, and angular velocity is therefore 

a x =a 
'ind 

-n;sin 0 + x-q2 - z.;l . (A.61 

We desire the acceleration not along the x-body axis but rather 

along the flightpath. .We know that for motion in the x-z terrestrial 

plane 

and 

aX 
= i + q.w 

(A-7) 

u = V cos a 

w = -V sin a 

where V is the velocity of 

w are components of this ve 

aircraft. In terms of (~.8) 

a 
X 

= 3 cos a - 

= \i cos a - 

(A-8) 

(A.91 

the aircraft along its flightpath and u and 

locity along the principal axes of the 

and (A.9) 

V & sin a - q V sin a 

V (cl + q) sin a . 

Equating (A.6) and (A.lO) yields 

(A.lO) 

a 
'ind 

-nt sin 8 + q2 - z ;I = $ cos a - V (6 + q) sin a . 

(A. 11) 
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where P is the altitude pressure, q, is the difference between the 

pitot and static pressures, T is the local free-stream absolute 

temperature, R is the gas constant for air and y is the ratio of 

specific heats of air (1.4 for diatomic gases at normal temperatures). 

The P indication for use in this equation comes from the static-pressure 

source of the pitot-static tube and the T indication from a temperature 

measuring device. Since one cannot measure the local free-stream 

temperature readily while the vehicle is in motion, temperature sensing 

devices most often measure the.stagnation temperature, T,, which is 

related to the free-stream temperature by 

T= TS 

II 3 
9, 

v-l 
p+1 y 

(A.14) 

In terms of the stagnation temperature, the true airspeed is given by 

(A.15) 

Unfortunately, it is usually not possible to locate the static-pressure 

source on an airplane in a region where the static pressure is the same 

as the free-stream value. Hence, the static-pressure indication is in 

error by an amount AP. This "position error" so called is felt in both 

the altitude and q, indications. If we call P' the measured altitude 

pressure and q, the measured pressure difference, then because 

% 
'+P'=qc+P=Ps, (~.i6) 
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II 

and 

P P’-AP ,  
= (A-17) 

one can write 

q,+P q'+P' 1+ y- 
- = C = qC 

P P' - AP !” AP ’ 

(A.181 

in terms of the measured values and the static-source position error which 

is usually determined by flight calibration and is expressed in terms of 

AP 

I  

9, 
as a function of q,' or indicated airspeed. With this effect 

included the expression for true airspeed becomes 

V/cc{ . (A.191 

Fortunately, modern pitot-static tubes are relatively insensitive 

to changes in angle of attack so that the q,' and P' indications do 

not depend on the tube's inclination to the airstream over the useful 

range of aircraft angles of attack. The position error, however, does 

depend upon angle of attack and aircraft configurations. At steady 

speed and constant weight the position error can be related, as it 

commonly is, to qc' or indicated airspeed, but during maneuvers it may 

be necessary to employ a correlation with angle of attack instead. 

Whether this is necessary may be determined by calibration. I f  it is, 

one must then determine true airspeed and true angle of attack iteratively. 
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The compressibility correction mentioned earlier is already included 

in (A.19). Conventional low-speed aiirsp&ed indicators, it may be noted, are 

simply mechanizations of the equation 

vi3 ) 
PO 

(A.20) 

where p. is the mass density of the air at standard sea-level conditions. 

I f  the airspeed indicator calibration includes compressibility effects, 

equation (A.13) with standard sea-level pressure and temperature is 

mechanized. 

Effect of Pneumatic Lag on Dynamic Airspeed J.ndi_c_atjons 

I f  pneumatic signals transmitted through the pitot and static lines 

travel at different speeds then the qc' and P' values will be in error. 

In most aircraft with pressure sensors located in cabin area, the 

pneumatic lines are long enough that their response characteristics can 

be considered analogies to those of resistance-capacitance electrical 

circuits. The "resistance" is proportional to length/(diameter)4 while 

the "capacitance" is proportional to system volume. Since the static 

system includes more instruments than the pitot system and, frequently, 

larger volumes, the static-line diameter must be larger than the pitot 

or a restriction must be placed in the pitot line in order to keep the 

response times equal. Even if the line responses are equal, V' 

will lag the correct value by a time which is proportional to h and V. 

Corrections for these lag effects will be necessary if the time constants 

of the pneumatic lines in ATLIT exceed about 0.1 seconds. 
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The lag corrections are applied as follows: 

let 

p2 

= the instrument indication 

p1 

= correct pressure . 

Assume Poiseuille-type flow where the mass flow is proportional to the 

pressure difference to the first power: t? - AP. The rate of change of 

pressure in a volume connected by long tubing to the atmosphere is, for 

isothermal conditions, simply 

P, = + (PI.- P2) (A.21) 

where 'c is an experimentally determined time constant. In the case 

where PI is changed instantaneously and held at the new value .' one may 

write 

or 

when 

when 

dP2 

lP1 
- P2) 

dt = - 
T 

-In (PI - P2) = t/T + c 

FJ1 - P2 G ce -t/T 

t = 0, P2 = P 
2O 

t + 0))' P -+P 

2 1 

(A.22) 

(A.23) 

(A-24) 
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thus 

p2 = P20 
ewt/-' + p1 (1 _ eBt/') . (A.25) 

This says that by differentiating P2 (t) to obtain P, at any time 

we can find PI by taking P 2 and adding -rP, (t). 

I f  we now 

pS 

Pt 

-5 

T2 

call 

the static pressure 

the stagnation pressure 

the time constant in the static system, seconds 

the time constant in the stagnation system, seconds 

then the lag-free value of qc' is given by 

qc' = Pt - Ps = Pt 
m 

+ T2 P, 
m 

- Ps 
m 

= 9,’ - 
m +" "m -" ps m 

and the lag-free value of Ps is given by 

* Ps = Ps 
m + 9 Psrn 

. 
3 psm 

(~.26) 

(A.27) 

where the subscript m indicates the recorded value. Where ~~ = ~~~ 

(A.26) can be written 

qc’ = qc’ + Tq ‘. 
m C 

m ' 
(~.28) 

This value of Q, , corrected for lag, is then applied in equation (A.19). 
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Correction of Angle of Attack Indications 

In addition to factors such as transducer linearity, gain, and bias, 

the angle-of-attack indication is affected by the presence of the 

carrying aircraft and by its rotation. I t  will be recognized that for 

an angle-of-attack vane located x feet ahead of the c.g. an incremental 

angle 

Aa = tan -1 XCJ 
v ' 

(A.29) 

must be subtracted to the transducer indication to account for vehicle 

rotation. In addition, there is usually a relationship of the type 

"true = Cl "indicated + '2 ' (A.30) 

between the angle of attack measured in the neighborhood of the aircraft 

and the true (i.e. , at infinity) angle of attack. The values of CI and 

C2 depend upon the location of the vane relative to the aircraft and the 

geometry of the aircraft. They are therefore almost always found from 

flight calibration tests, since the flow field about a complex..shape.such as 

a- complete aircraft is almost impossible to determine analytically. 

Assuming that these coefficients are known , one may write the expression 

for true angle of attack as 

"true = 5 "indicated +C 
2 * (A-31) 

Note that the value of V used in (A-31) should be that obtained from 

(A. 19). One may then smooth atrue and compute the derivative, 

b(t), by the Fourier analysis procedure. 
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Determination of p(t) 

Equation (A.4) requires as an input e(t). This is readily 

determined from 

p = (P' - AP) 

RTS 

(A.32) 

If the altitude pressure transducer is calibrated in feet, then the 

appropriate pressure versus altitude function must be employed to convert 

the indications to pressure values. 

Conditioning of Other Data Inputs to the Drag 
and Power Extraction Method 

In addition to the velocity, angle of attack, and atmospheric 
, 

density, W(t) and 0 are required as inputs. Fortunately, for the 

maneuvers of interest W changes so little that it can be taken to be 

constant or, at most, varying linearly during a maneuver. Usually 0 

requires no corrections beyond the instrument calibration if the erection 

mechanism is disabled during the maneuver. Since the indication is 

sampled and since there may be electrical, airframe, and turbulence- 

induced noise, smoothing may still be necessary. This is also true for 

the pitch-rate indication, q, which is used in the CL computation 

and the a and ‘ax corrections. 

More General Power and Drag Models 

In a normally aspirated engine, the manifold pressure and, hence, 

the power output for a given throttle setting will usually vary directly 
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with the atmospheric density. Thus, if the maneuver to provide data 

for the power and drag extraction process involves a change in altitude, 

there will be a change in power at a given speed corresponding to'the 

change in p even if the pilot does not change his throttle setting or 

rpm. To account for this, we need to multiply the expression for power 

by Bairstow's equation (ref. A.2) 

'ref"o - 0.165 

PIP, - 0.165 
(A.33) 

where p. is the standard sea-level value of p and pref is the value 

of p at the beginning of the maneuver. 

The parabolic form of the speed-power relation used in equation (A.4) 

is obviously satisfactory over small differences in speed and should 

represent the thrust horsepower of fixed-pitch propellers reasonably well 

over most of the aircraft's speed envelope. The higher efficiency levels 

provided by a constant speed propeller at the lower speeds, however, 

makes it necessary to employ a higher order polynomial or other function 

having additional degrees of freedom (coefficients) to represent the thrust 

horsepower adequately over a wide speed range. Variants of one such 

function were chosen for further study: 

p2 P=P1+- 
#/2 

t P3V + P4V2 + P5V3 
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These variants include 

P = PI (A.35) 

P = PI + P3V (~.36) 

p = PI + p2 
p 

P = PI + P3V + P4V2 (A-38) 

P=PJk 
$/2 

+ P3V 

p2 P = PI + v1/2 + P3V + P4V 2 

P = PI + P3V + P4V2 + P5V3 

(A.39) 

(A.40) 

(A.41) 

One will note also that the drag expression is  really satisfactory 

only if a is  measured from zero lift. Since the angle reference for 

flight data is  quite arbitrary, it is  difficult to establish the angle 

for zero lift apriori. To accommodate an arbitrary reference, i.e., to 

replace a by a0 in equation (A.3), requires that the representation 

for CD contain all powers of a through 6. W e choose, however, to 

investigate only variants of the following form: 

CD = CD + CD a t CD a2 t c  
D3 

a3 t C 
D4 

a6 
0 1 2 

(A.42) 
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These variants are 

'D = CD o + 'D2 a 
2 

(A.43) 

'D = 'Do + 'D2 a2 + C 
D4 

a6 . (A.44) 

The three drag expressions and the eight power expressions give us 

a total of 24 analytical models with which we can attempt to fit 

experimental data. It will probably be necessary to employ all of the 

models or at least this numberof models until experience with data for 

a particular aircraft permits one to discard these models which do not 

at-NY. 

One may a lso ask why should one also employ a model wh ich is simply 

a reduced form of a more general model? The answer lies in the extreme 

sensitivity of the coefficient solutions .to small errors in the data. 

Generally, the more general models are more sensitive to these errors 

so that under these circumstances a simpler form may yield reasonable 

results, whereas the more general form may yield nonsense numbers. It 

should be recalled that since any power, if accompanied by a suitable 

drag, will solve the equation of motion, these physically absurd numbers 

are legitimate mathematical solutions. How then does one determine 

whether the solutions obtained are reasonable? 

The first means of assessing the reasonableness of the solution set 

is to use them along with the experimental data in the proper form of 

equation (A.4) to compute an error term, S. 
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N  W j  

S  =  C  
i= l  

I  

A- i  =  W i s in (8I -  a i )  P O  - cos a i  P I -  
9  

P i S V i 2  
Vi  C O S  CYi  P 2  +  - 

P i S V i 2  

2  'Do +  -2---  
a i  C  

D 1  +  

(A .45)  

For  3 0 0  da ta  points;  a  va lue  of S  <  lo- l3  genera l ly  indicates 

coeff icient va lues  wi th in 1  percent  o r  so  of the correct  values.  (For  

the exact  coeff icient values,  S  <  1 0  -21  .) Coeff ic ient va lues  in  er ror  

by  5  percent ,  for example ,  m a y  still b e  of interest but  wi th er rors  of 

this s ize it m a y  b e c o m e  difficult to identi fy the best  m o d e l  a n d  

coeff icient set mere ly  by  check ing  to see  wh ich  m o d e l  g ives the smal lest  

va lue  of S . S m i n  wil l  n o w  b e  o n  the o rde r  of 1 0  -6  for 3 0 0  points,  but  

the coeff icient set for S m i n  m a y  g ive  absu rd  powers  a n d  drags.  For  

this reason,  it is des i rab le  to a d d  a  second  constraint  wh ich  a n  

acceptab le  m o d e l  a n d  coeff icient set must  satisfy: T h e  ho rsepower  for 

any  s p e e d  must  b e  posi t ive a n d  less than  Y  ( Y  =  4 0 0  for ATLIT) ;  C D  

must  b e  posi t ive a n d  less than  Z  (Z =  0 .12  for ATLIT)  for any  a. 

O n e  f requent ly  f inds that wi th no isy da ta  very few of the 2 4  coeff icient 

sets satisfy this second  constraint .  
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Effect of Data Errors on Coefficient Extractions 

We have noted above that by operating on exact data, it is possible 

for the coefficient extraction procedure to recover the values of the 

coefficients in the power and drag polynomials to six significant figures. 

We have also noted that this procedure is quite sensitive to data 

inaccuracies. In order to place some quantitative bound on this 

sensitivity, the exact input data were artificially degraded and resub- 

mitted to the coefficient extraction procedure to determine how the 

coefficient values werealtered. Two types of degradation were employed: 

random noise and constant bias. For the random noise, a random number 

generator was employed at each 0.1 seconds of each trace and the output 

scaled so as to be 1 percent of the maximum value of the function, e.g., 

1 percent of the maximum value of V(t) during the maneuver. These 

scaled noise values were then added to the exact function values to 

obtain the degraded data. For this experiment, all data which would 

normally be measured in flight were degraded. This was too noisy. No 

coefficient set would satisfy the reasonableness criterion. 

In an experiment, the data traces were degraded individually by a 

constant bias error. Reproduced as figures A.1 through A.10 are the 

recovered speed-power and drag-alpha characteristics for various bias 

errors compared with the undegraded characteristics used to generate 

the data traces. Generally, the characteristics for the largest bias 

error which can yield reasonable results are shown along with the 

characteristics for smaller bias errors so that the reader may assess 

the linearity of the change in characteristics with the change in bias 
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error. Note that weight and altitude bias errors of the magnitude shown 

are not particularly serious. As might be expected, bias errors in 

airspeed affect the power determination primarily and .have little influence 

on drag. The same is true with regard to bias errors in \i. Bias errors 

in 8 and a, however, are extremely destructive. Even a 0.7' 

error in 0 results in about a lo-percent error in CD while a -1.9’ 

0 

error in 8 results in an error of about 37 percent in CD . The case 
0 

for a bias error of +l.g’.failed (e.g., gave a power exceeding the limit 

of 400 hp). An angle-of-attack bias error of as little as 0.1’ is 

noticeable in the final result, while an a bias error of 1.6' results 

in drag and power errors in the neighborhood of 30-40 percent. In 

addition, the shapes of the curves are altered drastically. 

These results demonstrate the extreme sensitivity of the coefficient 

extraction procedure to typical noise and instrument errors encountered 

in flight-test work. This is true even after the data have been filtered 

to remove the noise components which occur at frequencies above the usual 

aircraft responses to control deflections. Thus, to obtain accurate 

drag and power data using this procedure some means must be employed to 

reduce the noise components in the data at what might be termed signal 

frequencies. 

Reduction of Noise at Signal Frequencies 

The filtering technique discussed previously has been shown to be 

highly effective at suppressing noise components in the data at 

frequencies above the principal components of the aircraft response. At 
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frequencies below this cutoff value it is impossible to separate the 

noise from the signal without resort to additional information! The 

only additional information universally available are the relationships 

among the measured variables and the power and drag as functions of 

time, i.e., the equations of motion and their auxiliary equations: 

“sp _ 2 
9% Co (a) p(h) - g siny 

T=; y  CL (a) p(h) - ; cosy + gPsina 
-T?-- 

(A-46) 

(A.47) 

r;r = -cP (A-48) 

fi = V siny (A.49) 

ic = v cosy (A.50) 

p(h) = PO (1 - 6.86 x lo6 h)4*26 

c&a) = CL a + CL 
a (a=o) 

(A.51) 

(A.52) 

co(a) = Co + k C&CL) 2 + kl C,(a) 
k2 

(A.53) 
0 

P i Pmax (h, VI (A.54) 

This system of equations can be solved simultaneously to yield the 

variable values as functions of time provided any two of these (a, 8, V, 

h, W, P) are known apriori. CD , k, kl, k2, CL must also 
0 c1=0 

, and CL 
a 

be assumed known in order to carry out this procedure. Then, given 

values for these constants and W(t) and h (t), one can solve the system 

a self-consistent set of a(t), 0(t), V(t), and P(t). Since these time 
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histories are related in a consistent fashion through the equations of 

motion and since noise will likely affect each time history differently, 

it is then possible to identify the noise present in each time history 

at signal frequencies by comparing the solutions to the measured data. 

Once the noise is identified, one can take steps to reduce or remove it. 

Unfortunately, one does not have apriori a very accurate indication 

of C,, , k, kI, k2, CL , and CL _ so that one's knowledge of these 
0 a a-o 

coefficient values will improve in the process. Convergence to the 

correct values cannot be guaranteed. 

Lift Computation 

Once the power into the airstream has been determined, it becomes 

a relatively straightforward task to determine the lift time history. 

We note that the equation of motion of the vehicle in the direction 

normal to flightpath in the terrestrial x-z plane is 

L - W cosy + T sina = Vf !! (A.55) 
9 

from which we may easily obtain 

CL = 2w 
,sv2 L i (6 - &) - p + cos(e - a) 1 . (~.56) 

Presumbably, W, p, V,.i, 8, and a are measured directly as functions of 

time during flight while 6 is obtained by differentiating a(t). A value 

for P is also, a result of the process which extracts Co(a). This P 

may be stated as a function of V alone (as in equation (A.4)) or as 

a more general function, say in terms of V and p. In either case 
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substitution of this value in the foregoing equation then yields CL(t). 

By correlating CL(t) with a(t) it is possible to develop C,(a) 

as well as CL/CD as a function of a. 

. 
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Figure A.l- The effect of weight biasing. 
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Figure A.2- The effect of altitude biasing. 

220 



300 ^v I I I I I I I I ’ - 400 

275 - 

- 250 350 - 

225 - 
- 300 

5 - 250 : 
4  175 - 

s H 
m  Bias: Airspeed +  0.1805 mlr (0.5921 fps) : z 150 L - 
: - 200 r" 
m  
: 125 - 

z - 150 
100 - 

75 - - -100 

50 - 

- 50 
25 - 

I I I I I I I I I 0  Y . 0  

40 100 110 120 130 140 150 160 170 

(a) Extracted power coefficient 

0.20‘. 1 I I I I I I I I 

0.18 - 

0.16 - 

0.14 - u" 

z 
.' 0.12 - 

g  
Y s 0.10 - 

P 
A 0.08 - 

0.02 - 

I 
0  I I I 1  I I , I 

1.0 2.0 3.0 4.0 5.0 6.0 7.0 8.0 9.0 10.0 

Angle of at.tack .a, deg 

(b) Extracted drag coefficient 
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Figure A.6- The effect of acceleration biasing 
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Figure A.7- The effect of pitch angle biasing 
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APPENDIX B 

POSITION-ERROR CALIBRATIONS FOR 

STATIC PRESSURE AND ANGLE OF ATTACK 

The purpose of this appendix is to present instrumentation, methods, 

data reduction, results, and conclusions on position-error calibrations 

for static pressure and angle-of-attack measurements. I t  should be 

noted that the pressure calibrations are performed only for static 

pressure; that is, it is assumed that total pressure is measured accurately. 

STATIC-PRESSURE POSITION-ERROR CALIBRATION -- 

Instrumentation and Equipment 

In addition to the onboard instrumentation described in Chapter 4.2, 

the static-pressure calibrations required the following additional 

equipment. 

Trailing Anemometer Installation.- The installation of the trailing 

anemometer on ATLIT is shown in figure B.l. The self-contained system 

consists of: (1) an anemometer airspeed sensor which is trailed from 

the aircraft by a cable in the undisturbed airflow, (2) a mechanism to 

deploy and retract the cable which supports the sensor, (3) the operator's 

control box, and (4) a 27 volt d.c. power supply to drive the deployment 

mechanism. Details on the installation and operation of this device are 

found in reference B.l. Details on the design and construction of the 

device are presently unpublished. 
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Based on wind-tunnel calibrations, the anemometer airspeed sensor 

is accurate to within +0.5 kt of true,airspeed. With data system accuracies, 

this degrades to ?l.kts. The computed location (reference B.2) of the 

device below and behind the aircraft is shown in figure B.3. These 

locations are based on an extension of 30.4Bm (100 ft - 2% wingspans) of 

cable. Also, based on calculations of reference B.2, the anemometer 

locations shown in figure B.2 will result in an airplane-induced error 

in measured airspeed less than 0.23 percent. This airplane-induced error 

converts to an airspeed-position error of less than 0.3 kt (0.35 mph) 

at 130 kts (150 mph). 

Tower Flyby Equipment.- The tower flybys were performed at NASA 

Wallops Flight Center. The only airplane equipment required for the 

method was a C-band transponder beacon compatible with the AN/FPQ-6 

radar at Wallops. The ANIFPQ-6 radar facility was used to produce a 

time history of the aircraft location during the test runs. The angular 

precision of this radar is kO.05 mils (RMS) (from unpublished data). The 

tower involved in the flyby maneuvers is located 3287.6 m (10,786 ft) from 

the radar antenna (see figure 8.3). At that range, the angular precision 

gives altitude within +0.2m (kO.5 ft). The effect of this amount of 

altitude error on the airspeed calibration parameter, IlP/q'c9 is shown 

in figure B.4. An altitude error of ?0.2m (kO.5 ft) results in a maximum 

airspeed error of 50.4 kts (at 50 KCAS). This error diminishes with 

increasing airspeed. 

A 76.lm (250 ft) meteorological tower was used for the flybys. The 

tower was equipped with barometric, wind, humidity, and temperature 
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recording devices at the 45.7, 61.0, and 76.2 m levels (150, 200, and 

250 feet, respectively). Tower barometric pressure measurements were 

accurate to k16.76 Pa (kO.35 psf), and tower temperature measurements 

were accurate to kO.6' C (*lo F). The effects of the temperature errors on 

the meteorological tower are insignificant. 

Table B.l presents a summary of the accuracies involved in determining 

velocity by either the trailing anemometer or the tower flyby method. 

Sample velocity errors have been computed at the velocity limits for each 

method to illustrate the approximate magnitudes of overall accuracies. 

The errors indicated for flight-measured variablesare derived from the 

instrumentation accuracies listed in Chapter 4.3. The table shows that 

with the trailing anemometer method airspeed can be calibrated within 

+1.4 knots (one standard deviation) at the low-speed end, and within 

+0.9 knots (one standard deviation) near the upper speed limit for this 

device. Accuracies for the tower-flyby method range from k2.6 knots 

(one standard deviation) at 90 knots, to k1.3 knots (one standard deviation) 

at about 170 knots. 

This analysis of accuracies makes it evident that the trailing 

anemometer, not considering its airspeed limitations, is more accurate 

than the tower-flyby technique. Also, the tower flyby requires much 

greater accuracy for flight-measured static pressure. A 1500m (5000 ft) 

altimeter was used on ATLIT for this purpose; therefore, the accuracy in 

flight-measured p is better for the tower flyby than for the trailing 

anemometer where a 0 to 102.4 kPa (15 psia) pressure transducer was used. 
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A large error can be tolerated in flight-measured p with the trailing 

anemometer method, but not with the tower-flyby method. 

Experimental-Methods .and Flight-Test Programs ___ 

Static Pressure Calibration with the Trailing Anemometer.- Two _~-.-..- =- -- -~-~ 

calibration techniques were used with the trailing anemometer device. 

First, steady-state data were gathered in the conventional manner, during 

unaccelerated level flight. Second, quasi-steady-state data were gathered 

during slow decelerations (a, less than one knot per second) in level flight. 

The deceleration is accomplished by gradually reducing power starting with 

power required for the maximum speed in the configuration of interest and 

bleeding power off until the stall occurs. The power-off data were gathered 

by idling the throttles at the maximum speed of interest in a configuration 

and decelerating to the stall. 

With either the static or the continuous deceleration method (steady 

state or quasi-steady state, respectively), the calibration theory is the 

same. At each speed of interest during a test run, the true airspeed from 

the trailing anemometer can be'compared to the true airspeed as computed 

from the onboard measurements of dynamic pressure, static pressure, and 

temperature. The difference in velocities is the position error. This 

position error will be presented as static-pressure error. 

No demanding pilot techniques are required for either the static or 

dynamic trailing anemometer methods. During the continuous calibration 

maneuver, a simple form of quality control is accomplished by timing the 

maneuver from beginning to end to determine that the average flightpath 

deceleration is less than one knot per second. This assures the effects 

of pitot-static-system pneumatic lag and time-dependent aerodynamics can 

be ignored. It is also necessary that the throttle(s) be smoothly 
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retarded with as little "jockeying" as possible. Jerky motions during 

retarding of the throttles can result in fore and aft swinging of the 

trailing anemometer, making data reduction difficult. 

Static Pressure Calibration by Tower Flyby.- The procedure for 

static-pressure system calibration by tower flyby consists of flying the 

airplane at the same geometric altitude as a fixed-barometric pressure 

recording device. The static-pressure error is determined by comparing 

the static pressured measured onboard the airplane to the pressure 

measured with the fixed-barometric pressure recording device on the tower. 

The test-pilot technique for the tower flyby consists of passing the 

tower at constant power setting while striving to maintain constant 

altitude. During these constant-power, constant-altitude flybys, airspeed 

is allowed to vary. Of the two, airspeed and altitude, it can be shown 

that accurate determination of altitude at the tower passage is critical 

to the overall accuracy .of this method. 

Flight-Test Programs 

The methods used for the calibration of the static pressure measuring 

system on the ATLIT were determined by the equipment readily available for 

the task. The use of two overlapping methods, trailing anemometer and 

tower flyby was necessitated by the limitations of each. In general, the 

trailing anemometer covered the low-speed end of the flight envelope and 

the tower-flyby method covered the high-speed end. 

The tests were conducted in smooth air. Table B.2 presents the 

configuration/airspeed combinations for which calibration tests were 

performed. 
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Test Conditions for the Trailing Anemometer.- Calibration tests with 

the trailing anemometer are limited to a maximum speed of 165 knots 

(190 mph). This is the speed at which cable instability is predicted for 

the anemometer device used. An additional limiting consideration is the 

maximum cable trail-back angle which is considered safe for the airplane 

on which the device is installed. The trail-back angle for the 

installation on ATLIT was computed at 135 knots to be about 

5 degrees (from horizontal, at the aircraft), which allowed for 

safe clearance between the cable and the airplane empennage. 

Tests were run to determine the effects of landing gear position, 

flap deflection, and power on static-pressure position error. The testing 

was done at a pressure altitude of about 305m (1000 ft). The airplane 

weight during these tests varied from 17570 N (3950 lb) to 17348 N (3900 lb) 

at a CG of about 16-percent mat. If position-error data are plotted against 

angle of attack, neither weight nor CG location will have a significant 

effect on the static-pressure error at the noseboom. However, since 

position error as a function of airspeed (V,') is more readily interpreted, 

the present data appear plotted in this manner with V,' corrected to 

gross weight (4200 lb). 

Test Conditions for the .Tower Flybys.- " Calibration of static-pressure 

error by the tower-flyby technique is limited by safety considerations to 

speeds above a certain minimum. A safe margin above stall speed is 

required because of the close proximity of the airplane to the ground'during 

the passes by the meteorological tower. For.ATLIT, this meant tower flybys 

could be done at speeds as low as 85 knots, or a speed margin of about 
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25 percent above stall speed (flaps 0'). In addition, for speeds below 

85 knots (flaps O'), it becomes difficult to maintain the required 

levelSconstant-altitude flight past the tower. 

All tower-flyby tests were conducted with flaps up. The airplane 

weight during these tests varied from 17615 N -(3960 lb) to 17259 N 

(3880 lb) at a CG of about 14-percent mat. 

DATA REDUCTION 

Trailing Anemometer Data Reduction 

Data reduction methods are the same for both the static and the 

dynamic trailing anemometer techniques. 

The static-pressure error is defined as 

Ap = p'-p (B. 1) 

where p' is measured onboard the aircraft and p is the ambient static 

pressure. For the speed range of the present tests, incompressible flow 

can be assumed 

qc = q = l/2 p v2 

where 

P = p;;Ap . 

Also 

qc = pt-p = qlc + Ap .  

(B-2) 

(B.3) 

(B-4) 
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Equating (2) and (4), and simplifying yields an equation for 

static-pressure (position) error 

(B-5) 

This derivation appears in detail in reference B.l. Jn equation (B.5), 

V is measured with the trailing anemometer and p' and q', are 

measured with the noseboom. Temperature, T, is corrected for adiabatic 

temperature rise based on measured temperature, Tt 

T  = T t  ET-1 

l&&M2 

2 

(B.6) 

where E = 1.0 for the ATLIT temperature probe. 

In order to handle high sample rate data (10 samples per second) 

from the continuous calibration maneuvers, the data reduction method was 

programed for a high-speed digital computer. The program expedites 

averaging and smoothing the data over selected time intervals of the test 

run. The resulting data may be either manually faired or numerically 

curve fitted. Data presented jn,the figures of-:thi.s appandix have been 

manually faired. 

Tower Flyby Data Reduction 

In the tower-flyby test runs, the difference between the height of 

the airplane and the height of the barographic device in the tower 

averaged about 4m (about 13 ft). Therefore, a standard lapse-rate 
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correction is applied to the tower-reduced static pressure by a form of 

the hydrostatic equation 

-AZ 

APC = p1 (e 
RTl  

-1) .  (B.7) 

The actual lapse rate for this correction may be computed based on data 

from different sensors on the tower. 

Then 

P = pl + AP, . (B-8) 

The true static pressure, p, is thus determined at the airplane 

geometric altitude by the standard lapse rate. Pressure, pl, and 

emperature, Tl, are measured on the meteorological tower using values 

from the barograph which is closest to the airplane at tower passage. 

The difference in geometric altitude between the aircraft and the barograph 

closest to the aircraft is AZ 

AZ = za - zb .  
(B-9) 

Once the atmospheric-static pressure (p) at the airplane geometric 

height has been determined, the static-pressure error is the difference 

between p and the static pressure measured with the airplane noseboom 

(p') at the time of tower passage 

Ap=p’-p .  (B. 10) 

RESULTS AND DISCUSSION 

A comparison is presented in figure B.5 of static and continuous 

trailing anemometer data and tower-flyby data (flaps up). I t  is shown 

that data gathered by these techniques fall within the same region of 
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experimental scatter. The bars on the trailing anemometer static-run 

points indicate the extremes in calculated resu Its due to instrumentation .-- 

errors. 

At cruise speed for ATLIT (a = O), -$- = 0.015. Data.(3) predict 
C -_. 

that a boom (i = 1.0) on a conical body of revolution (nose shape) 

yields q 42 = 0.01, and on a parabolic body of revolution, yields 
a 
L 

p = 0.04 (both at M = 0.21, c1 = 0 with no 1 
C 

i fting wing body only). 

This agreement between predicted and flight-test values of iJL is 
9’C 

explained by the shape of the ATLIT fuselage nose resembling some combination 

- of the parabolic and conical nose shapes tested in reference B.3. No data 

exist which allow accurate prediction of p for a given airplane 
C 

configuration with varying CX, M, and 6f. The shape of the ATLIT 

airspeed-calibration curve agrees with trends for noseboom installation 

in reference B.3. 
-. 

Figure 8.6 presents the effects on flaps-up airspeed calibration of 

power on and off and landing gear up and down., I t  was found that the 

gear effects were minimal; therefore, all data are presented gear up. 

Figure B.7 presents the effects of increasing flap deflections on 

airspeed-calibration curves. I t  is noted that the shape of the curve is 

largely unaffected by flap position, but the location of the curve shifts 

with changing flap-deflection. The effect of power-on positioh error is 

greater with flaps deflected 30 degrees than with.flaps up. 
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I n  genera l ,  the reduct ion  in  posi t ion er ror  k ach ieved  by  

q ’C  

m o u n ted p ressure  sources  o n  a  b o o m  is smal ler  in  magn i t ude  than  the 

accuracy wi th wh ich  these posi t ion er rors  m a y  b e  cal ibrated.  Thus,  the 

er ror  in  a  ca l ibra ted b o o m - m o u n t e d  p ressure  source  is n o  less than  the 

er ror  in  a  ca l ibra ted p ressure  source  m o u n ted c loser  to the aircraft. 

1. 

2 .  

3 .  

4 .  

5 .  

C O N C L U S I O N S  C O N C E R N I N G  A I R S P E E D  C A L I B R A T I O N  

Use  of the trai l ing a n e m o m e ter dev ice  du r ing  a  con t inuous  cal ibrat ion 

m a n e u v e r  (g radua l  dece lera t ion  f rom m a x i m u m  to m i n i m u m  a i rspeed  in  

a  g iven  conf igurat ion)  p roduces  the s a m e  results as  da ta  ga the red  

du r ing  convent iona l  steady-state (static) runs.  T h e  advan tage  of 

the con t inuous  m a n e u v e r  is a  reduct ion  by  a  factor of abou t  1 0  

in  the fl ight tim e  requ i red  to d o  a n  a i r speed  cal ibrat ion.  

A i r speed  cal ibrat ion da ta  f rom the tower- f lyby m e thod  a g r e e  with 

da ta  f rom the trai l ing a n e m o m e ter m e thods.  

T h e  effect of l and ing  g e a r  posi t ion o n  a i r speed  cal ibrat ion is 

neg l ig ib le  for A T L I T .  

T h e  effect of p o w e r - o n  a i r speed  cal ibrat ion is signif icant for A T L I T .  

T h e  effect of p o w e r - o n  posi t ion er ror  is g rea ter  wi th f laps d o w n  

than  with f laps up.  

T h e  va lue  in  the use  of a  " l ong"  ins t rumentat ion b o o m  is quest ionab le .  

Conven t iona l  pract ice dictates the use  of s tandard  lengths  of n o s e  

o r  w ing  b o o m s  for p ressure  a n d  air f low di rect ion measurements .  

Typical ly,  the b o o m  length  is p rescr ibed  as  1 .5  b o d y  d iameters  

( in the case  of a  n o s e  b o o m )  o r  1 .0  chord  lengths  ( in the case  of 
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a wing boom) in order to minimize position errors in pressure _- 

and airflow direction measurements. It can be argued that, if an 

installation is to be calibrated, the prescribed boom lengths can 

be shortened considerably. It can be shown that the calibration 

methods used have greater accuracy than the accuracy achieved in 

uncalibrated measurements from sensors on booms of the above 

lengths. For installations which are to remain uncalibrated, 

the above boom lengths would be appropriate, yielding pressure- and 

flow-direction measurements with minimal position errors. 

ANGLE OF ATTACK POSITION-ERROR CALIBRATION _ .--~-- -~ .~ 

Calibration flights were performed to determine angle-of-attack 

position errors due to the airplane influence field. The test 

methods, data reduction, and results are disassed below. 

No additional instrumentation was required other than that 

described in Chapter 4.3. 

The calibration method used consists of equating indicated 

angle of attack (cY') to pitch attitude angle (0) in straight and 

level flight-conditions (a = 0). True angle-of attack (a) is defined 

for the present tests as the angle between the airplane longitudinal 

axis and.the freestream velocity, or a = 0. 

An effective means of smoothing the scatter in the flight 

measured a and 0 is achieved by plotting CL against ,both a and a'. 

Since the shape of these curves can be confidently faired through the 
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flight data (see figures 8.8 and B.9), the angle-of-attack 

calibration curves are readily determined by plotting a vs. a' 

at constant CL's (see figure B.10). 

Calibrations were made for flap settings of O", loo, and 30'. 

Tests were run with airplane-weight variations from 17300 N (3900 lb) 

to 18700 N (4200 lb). Center-of-gravity (CG) locations during the 

tests ranged from 12-percent mat  to 15-percent mat. The varying CG 

locations result in different distributions of lift between the main 

wing and the horizontal tail; therefore, a given value of CL could 

be generated by different angles of attack. The resulting effect 

on the flow field at the angle-of-attack vane is small and has been 

neglected. 

Results show a linear calibration correction between a' and a 

in the linear range of the CL vs a curves. The slope of the flaps-up 

calibration curve (figure B.lO) is 0.867. The figure also shows the 

effect of flap deflection on the angle-of-attack position-error 

calibration. 

The accuracy to which angle of attack may be calibrated by this 

method is limited to the accuracy of the vertical gyro. The gyro 

accuracy in the present tests is kO.7'. 
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TABLE B.l.- SUMMARY OF STATIC PRESSURE POSITION-ERROR 

CALIBRATION METHOD ACCURACIES 

Method 

Trailing 

Anemometer 

Tower 

-1yby 

Source of Error 

Anemometer Accuracy (Data System 
Noise and Wind-Tunnel Calibration) 

Induced Velocity (Fig. B.2) 

Flight-Measured Static Pressure 
(k43.2 psfa) 

Flight-Measured Dynamic Pressure 
(+l.O psfd) 

Flight-Measured Temperature 

(+l.O” F) 

Root Mean Square Accuracy 
(one standard deviation) 

Radar Angular Precision of +0.2m 
(Fig. B.4) 

Tower-Measured Static Pressure 
(kO.35 psfa) 

Tower-Measured Temperature 

Flight-Measured Static Pressure 
(k3.5 psfa) 

Flight-Measured Dynamic Pressure 
(+l. 0 psfd) 

Flight-Measured Temperature 

(21’ F) 

Root Mean Square Accuracy 
(one standard deviation) 
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I Sample errors 
A V kn 

@50 knots 

+1.1 

kO.1 

kO.5 

k2.9 

-0 

k1.4 kts 

@30 knots 

+0.4 

kO.6 

-0 

25.6 

k1.6 

-0 

k2.6 kts 

.S 
@140 knots 

+l.l 

+O.l 

k1.4 

+0.9 

-0 

k0.9 kts 
- --.-~ 
@170 knots 

-0 

+0.3 

-0 

k3.0 

kO.9 

-0 

k1.3 kts 



_.- 
FLAPS 
_..- 

O0 

O0 

O0 

O0 

O0 

O0 

10° 

ZOO 

3o" 

3o" 

4o" 

O0 

O0 

O0 

_-_-. 
iEAR 

UP 

IOWtl 

UP 

UP 

UP 

BP 

UP 

UP 

UP 

BP 

BP 

UP 

UP 

UP 

. ._ 

. 

I 

I 

I 

.- 

.-.--. 
POWER 

Bleed Off 

Bleed Off 

Off 

For Level Flight 

For Level Flight 

For Level Flight 

Bleed Off 

Bleed Off 

Bleed Off 

Approach 

Bleed Off 

For Level Flight 

For Level Flight 

For Level Flight 

V’, , AIRSPEED 
_..~..--- 

130 kts to stall 

130 kts to stall 

130 kts to stall 

75 kts 

90 kts 

110 kts 

110 kts to stall 

110 kts to stall 

110 kts to stall 

110 kts to stall 

110 kts to stall 

a7 kts 

105 kts 

130 kts 

~.....__. . ..-_. 

METHOD 
-..- ___ 

Trailing Anemometer - continuous run 

Trailing Anemometer - continuous run 

Trailing Anemometer - continuous run 

Trailing Anemometer - static run 

Trailing Anemometer - static run 

Trailing Anemometer - static run 

Trailing Anemometer - continuous run 

Trailing Anemometer - continuous run 

Trailing Anemometer - continuous run 

Trailing Anemometer - continuous run 

Trailing Anemometer - continuous run 

Tower flyby 

Tower flyby 

Tower flyby 

TABLE B.2- CONFIGURATION/AIRSPEED COMBINATIONS FOR ATLIT 

STATIC PRESSURE-SYSTEM CALIBRATION TESTS. 
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, cable deployment mechanism , y . _.....-.__ .." 

ty  -,. *~~~-:~” ,  ” 

rouded anemomet 

Figure B.l.- ATLIT trailing anemometer installation detail. 
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(u/V) x loo = 
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I 

Figure B.2.- Induced velocity contours (from reference 8.4) and 
trailing anemometer locations. 
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Figure B.3.- Wallops tower flyby airspeed calibration dimensions. 
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Figure B.4.- Effect of altitude error on tower flyby airspeed calibration; 
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0 Trailing anemometer, static run 

0 Tower flyby 

-- Trailing anemometer, continuous run 
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Comparison of Tower Flyby and Trailing Anemometer(Static and Cgntinuous Runs) 
Static Pressure Position Error Calibrations(Gf=O ) 

FIGURE B.5 
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-- Power off, gear up, 'f = 0' 
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Indicated airspeed Vc', knots 

Effect of Power on Static Pressure Position Error Calibrations 
(Trailing Anemometer Continuous Runs) 

FIGURE B.6 

250 



Indicated airspeed Vc', knots 

Effect of Flap Deflection on Static Pressure Position Error Calibration 
(Trailing Anemometer Continuous Runs) Power on 

FIGURE B.7 
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Figure B. 8.- Flight-test lift data for true 

(geometric) angles of attack 

(6f = 0' (spoiler leak path 

sealed), loo, 3o").CG '* 15% mat 
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4 8 12 16 20 

~1' , deg 

Figure B.9.- Flight-test lift data for indicated angles-of-attack. 

(6f = 0' (spoiler leak path sealed) loo, 3o")c$i = 15%m lac 
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Figure B.lO- Angle-of-attack position-error calibrations 
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Figure B.lO- Concluded. 
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APPENDIX C 

PREDICTION OF ROLL DAMPING DERIVATIVES 

The purpose of this appendix is to present the method,. data, and 

results for analytical predictions of ATLIT roll damping derivatives, 

Clp' for several combinations of lift coefficient and flap deflection. 

The bulk of the computational work for this appendix was performed by 

Mr'. Bradley J. Vincent and his contributions are gratefully acknowledged. 

Method of Analysis.- The method used to predict roll damping 

derivatives is from reference C.l .  The method is incorporated in a 

computer program described in reference C.2. This method does not provide 

for airplane configurations with wing-mounted engine nacelles or with 

flaps deflected. The methods by which these cases were handled are 

described below. 

Effect of Engine Nacelles.- A sample calculation of the contribution 

of the engine nacelle to the total airplane roll damping will show the 

effect to be small. 

The rolling moment coefficient of the nacelle alone is computed 

for the conditions and assumptions presented in figure C.l .  

Computing the increment of rolling moment coefficient contributed 

by the nacelle yields: 

"1, n = Ln .d - d - - 

qc SW b i 

Acl, n = -0.00018 
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Nondimensionalizing, with-respect to airplane, pb/2V yields the 

nacelle contribution to the airplane roll damping derivative: 

Acl = -0.0034 
ib n 

This value amounts to less than 1 percent of the estimated total airplane 

roll damping at low-lift coefficients (flaps up) and is neglected in the 

final analysis of Cl . 
P 

Effect of Flap Deflections.- To estimate Cl with flaps down, 
P 

the geometry of the wing was recomputed at each flap deflection (see 

table C.l). Thus, the assumption is made that roll damping with flaps 

down may be estimated by considering the flap deflection simply as a 

change in the wing area, aspect ratio, and taper ratio. 

The sources for additional inputs to the program are explained 

as follows: 

a The computer program requires true (geometric) angles 

of attack. First, CL is computed for the condition 

of interest. Then, cc is obtained from the flight-test 

CL vs CL curves of Appendix B and Chapter5. 
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5 The program requires two-dimensional lift curve slopes. 
a 

These are based on wind-tunnel test data (reference C.3) 

for the GA(W)-1 airfoil with the Fowler flap. These 

values for Cl are summarized in figure C.2. 
a 

cDO 
The airplane zero-lift,drag coefficient was estimated 

based on preliminary flight-test results. Based on 

wind-tunnel reflection plane-test data for the ATLIT 

wing (reference C.4); increments were added to account for 

increases in zero lift drag at increased flap deflections 

The estimated values for CD follow: 
0 

6f 

O0 

loo 

2o" 

3o" 

cDO 

0.040‘ 

0.050 

0.083 

0.136 

.I81 

1 damping derivat 

for varying lift 

4o" 0 

The final estimates of airplane rol 

figure C.2. The estimates are presented 

ives appear in 

coefficients 

with flap settings of 6f = O", loo, and 30'. The trends shown in the 

figure for decreasing roll damping with increasing CL are expected 

due to decreasing lift curve slopes at higher angles of attack 

(higher CL). The large increase in flaps-down roll damping is expected 

due to both increases in Cl and changes in the wing planform with the 
a 

flaps deflected. 
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TABLE C.I.- W I N G  GEOMETRY W I T H  FLAPS DEFLECTED 

--;_-- i.. . . . . ._- 
Flap 
Deflection S, m 2 (ft2) A x 

_-. .- _._. . ._ _ _ 

rsf = o” 14.4 (155.0) 10.32 0.5 

cs f  = loo 16.7 (179.6) 8.91 0.5 

6f = 2o” 17.1 (183.9) 8.70 0.5 

6f = 3o” 17.3 (186.1) 8.60 0.5 

6f = 37” 17.0 (183.2) 8.73 0.5 
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of nacelle lift 

V = 174 knots (200 mph) 
'La n 

= 0.86 rad" 
, 

P = 1.0 rad/sec a = n 
+I! 

d = 1.85m (6.08 ft) Sn = 1.23m2 (13.27 ft2) 

b= 12.2m (40 ft) S W  = 14.4m2 (155 ft2) 

Figure C. l.- Conditions and assumptions for estimating engine nacelle 
contribution to airplane roll damping derivative. 
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Figure C.2.- Variation of two-dimensional lift curve slope with angle of attack 

(csf = 00, loo, 2o”, 3o”, 409. 
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Figure C.3.- Predicted ai'rplane roll damping derivatives 

(6f = 00, 100, 300) 
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