e
ST

i

S Ao

.

o
e
L -

g»:mw.', ‘

e

e

o g



NASA SP-409

WAKE VORTEX

MINIMIZATION

A symposium held at Washington, D.C.,
on February 25-26, 1976

Scientific and Technical Information O ffice 1977
NATIONAL AERONAUTICS AND SPACE ADMINISTRATION

Washington, D.C.




For sale by the National Technical Information Service
Springfield, Virginia 22161
Price — $10.50



PREFACE

The long-lasting turbulence associated with trailing vortex systems of
an aircraft in flight is a documented and demonstrated hazard to following
aircraft, particularly if it is in the final approach to landing. Estab-
lishment of minimum separation distances between successive aircraft opera-
tions from airports has effectively reduced the hazard, but at the expense of
reduced runway utilization rates at high-traffic-density air terminals and of
increased aircraft operating costs. These safety considerations and resulting
limitations in airport utilization, which will become more severe in the years
ahead with the projected growth of aircraft sizes and aircraft traffic, have
led organizations such as the Department of Transportation, Federal Aviation
Administration (FAA), National Transportation Safety Board, Aircraft Owners
and Pilots' Association, and the Air Transport Association of America to
declare that wake turbulence is a major operational problem, particularly in

the final approach and landing phase of aircraft operation.

In response to an urgent FAA request for assistance on the problem, NASA
intensified its ongoing wake vortex research program in the summer of 1972 to
seek a solution at the source (i.e., through aerodynamic means), both through
the development of workable devices that could be applied to existing aircraft
and through new design considerations for future aircraft. The immediate
objective of the intensified effort was to report to the FAA early in 1974 as
to whether such a solution appeared feasible. NASA's assessment of the
situation would then be an important consideration in the decision the FAA
subsequently would make as to the necessity for developing and installing wake

monitoring and avoidance systems at major airports around the country.

Guided by available background studies, the coordinated and focused
program performed at several of the NASA Centers investigated the effectiveness
of such aerodynamic schemes as spoilers, vortex generators, trailing drag
devices, steady and pulsed mass injection, and span load variations. The

effectiveness of the schemes was determined by vortex velocity measurements



and flow visualization techniques (e.g., hot wire, laser Doppler, hydrogen
bubble, and smoke flow), as well as by measurements of the rolling moment
imposed on an aircraft model positioned at various distances behind the wake
of the generator aircraft model. Tests were completed in various NASA ground
facilities (such as the 7- by 10-ft, vertical short takeoff and landing, and
40- by 80-ft wind tunnels in a specially constructed towing facility), in a

number of contractor water channels, and in flight operations.

By January 1974, work had progressed to the point where NASA was able
to state that it was guardedly optimistic that an aerodynamic solution was
feasible; i.e., that it was possible to eliminate the wake vortex hazard as
a constraint to airport operations by new aerodynamic designs or by retrofit

modifications to large transport aircraft.

Since that time, further understandfng of the phenomenon has been gained,
and a number of the more promising approaches have been explored in more detail.
Although a ""final' solution is not yet in hand, the progress that has been
made is most encouraging and the program is continuing. The purpose of the

symposium is to summarize and document the progress made thus far.

Alfred Gessow
Chief, Fluid and Flight Dynamics
NASA Headquarters
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INTRODUCTION

Alfred Gessow
NASA Headquarters

On behalf of NASA, 1 would like to welcome you and to extend our hope

that you will find the sessions informative and worthwhile.

The large turnout we see here for a technical conference on a narrow
subject area is a measure of the impact the vortex turbulence problem has had
on all of the groups involved in air transportation— including the Department
of Transportation, the Federal Aviation Administration (FAA), the aircraft
manufacturers, the airline operators, the pilots' organizations, the traveling
public, the National Transportation Safety Board (NTSB), and, of course, on
NASA itself, whose mission is to provide technical information for problems

such as the one that concerns us today.

The purpose of my remarks is to-try to set the stage for the technical
program that follows; that is, to clarify the relation of the vortex mini-
mization work which we will be discussing to the total problem of wake vortex
turbulence, to review briefly the significance of the problem as it relates
to various aspects of aircraft operations, and, finally, to describe the
structure of the conference agenda so that it will be more coherent and use-
ful.

Although the primary impact of the wake vortex problem is not safety,
as such, the cause of the problem lies, of course, in the hazard potential of
trailing vortexes, as shown in figure 1. The hurricanelike air motions asso-
ciated with the long-Ilived, invisible, vortex-wake system trailing behind an
aircraft in flight are a real hazard to an aircraft encountering the system.
The severity of the hazard is dependent on the size, geometry, and operating

conditions of the generator and following aircraft; the distance between the



two aircraft; the angle and altitude of encounter; the atmospheric conditions

existing at the time; and perhaps on other factors of which we are not aware.

It is of interest to examine the severity of the safety problem. Some
answers are provided by the results of an FAA-funded study of aviation acci-
dents that occurred over the 10-year period from 1964-73, using NTSB data.
The results of the study, which does not cover "‘near-miss' cases or military

accidents, show that *"probable vortex-related accidents'™ constitute less than
one-half percent of all single aircraft accidents; that the vortex problem has
been largely confined to small-weight (less than 5700 kg (12 500 Ib)) general
aviation aircraft operating under visual flight rules (VFR) conditions; that
landing behind another landing aircraft on the same runway was the most fre-
quent cause of vortex-related accidents, with the problem concentrated close
to the touchdown zone (within about 1070 m (3500 ft) of the runway); that the
takeoff/takeoff condition (with both aircraft starting their roll from the
threshold) seems to be free of the vortex problem; and that there were no IFR

landing accidents when full IFR separations were provided.

A prime reason for the extremely small accident rate is the FAA-imposed
instrument flight rules (IFR) separation standards and the increasing aware-
ness of the wake vortex problem on the part of operating personnel in both VR
and IFR conditions. Until March 1970, 9-km (5-n.-mi.) separation distances
were required for nonheavy aircraft (less than 140 My (300 000 Ib)) follow-
ing heavy aircraft (greater than or equal to 140 My (300 000 Ib)), and 5% km
(3 n. mi.) for all other separations. These distances have recently (March
1976) been increased as shown in table 1, with the maximum being an 11-km
(6-n.,-mi.) separation distance for small aircraft following a heavy air-

craft.

Although separation standards seem to be adequate from a safety point
of view, they significantly reduce current airport operating capacities and
impose costly delays affecting the airlines and the general public. The
penalties for continuing with the present separation standards will become
increasingly severe in the years ahead, with the projected growth in air
traffic operating from essentially the same number of airports as we have

today.



TABLE 1.— Terminal Radar Minimum Separatioii

Generator
Type Small1? Largeb HeavyC
of following Separation
aircraft
Kilometers N;lijjt_ie(;al Kilometers Nr?]l:tliecsal Kilometers N::lijfiecsal

Small. « . . 5% 3 7 4 11 6
Large. .« .« . 5% 3 5% 3 9
Heavy. .« .« . 5% 3 5% 3 5

Some quantitative measures of the penalties imposed by wake vortex
separation distances have been generated in a recent economic study for FAA
Shown in table 2 is the effect of different spacings and mixes in terms of
landings per hour on a single runway. If standard 5%-km (3-n.-mi.) IFR radar
spacing is assumed to provide 30 operations per hour at full capacity of the
runway, then capacity would be cut by a third with 9-km (5-n.-mi.) separation

between all aircraft. |If a 13-km (7-n.-mi.) separation were to be applied —

TABLE 2.— Effect of Aircraft Spacing on Single Runway Arrival Capacity

Operations per hour Spacing
Kilometers Nautical miles
1 All 4 All 2
30 0 0 b e e e e e e e e e All 5% All 3
282, L e e e e e 1.1 3/5
278 e e e e e e e e e .8 3/7
73 1.1 3/5
25 e e e .8 3/7
20 0 0 v e e e e e e e e e All 9 All 5
16 ¢ v v v v v e e e e e All 13 All 7




as has been proposed for certain circumstances — then capacity would be cut in
half. Conversely, if spacing could be reduced to 4 kn (2 n. mi.) ,then standard
capacity could be increased by a third, and doubled with a 2.8-km (1.5-n.-mi.)

spacing.

The same economic study showed the dollar and fuel savings that would
result if the vortex-imposed 5%-to 9-km (3- to 5-n.-mi.) separation matrix
could be replaced by a single 5%~km (3-n.-mi.) standard. The annual savings
with 5%~km (3-n.-mi.) separation at one runway at Chicago-O'Hare Airport during

the period from 1964 to 1973 are as follows:
(1) Airline cost savings: $2% million
(2) Airline fuel savings: 215 000 barrels
(3) Passenger cost savings: $5 million

Thus, as we are all aware, there are strong incentives to remove wake
vortex turbulence as an impediment to air traffic operations in and about our
airports. Figure 2 shows that the problem is being attacked in two ways. One
approach is to alter the vortex pattern shed by the generator aircraft so that
its effects on other aircraft would be minimal. NASA has the responsibility
for this approach, following a request for help by FAA in the summer of 1972,

and it is this program that is the subject of the present symposium.

The other approach, being pursued by the Department of Transportation
(DOT) and FAA with some help from NASA, is to develop and install a wake
vortex avoidance system that would increase runway capacity by varying the
separation distance to conform to the aircraft and the meteorological condi-
tions present. A complete system would involve many factors, such as the
detection or prediction of the presence and strength of the vortexes present
at a given time; an evaluation of the threat on the basis of vortex strength,
location, and following aircraft characteristics; and the determination of the
proper hazard avoidance action. Such a system would be complicated and costly.
DOT is currently evaluating a much simpler and less costly approach that shows
much promise; however, if the NASA minimization program is completely success-
ful, then an avoidance system of any kind would not be needed. Nevertheless,

it seems reasonable to pursue the technology for both programs in parallel so



that the relative cost/benefits can be evaluated on a rational basis. The

ultimate solution may involve a mix of both approaches.

The program for this symposium is divided into three parts. First is a
theoretical session that forms a basis for the experimental program. The
second part describes the experimental facilities and techniques used, and the
third presents key experimental findings grouped according to technique.
Although a great deal of research has been done on determining the character
and behavior of vortexes, the emphasis in this symposium is on the practical

effectiveness of schemes to minimize vortex effects on following aircraft.

In consonance with the safety statistics discussed earlier, the mini-
mization work concentrates on the landing approach condition and on the
effectiveness of the minimization schemes in reducing vortex effects on small,
general aviation aircraft, The symposium will conclude with a panel discus-

sion on future prospects (not provided herein).
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INVISCID MODELING OF AIRCRAFT TRAILING VORTICES

Vernon J. Rossow

Aness Research Center
SUMMARY

A survey is presented of inviscid theoretical methods that have proven
useful in the study of lift—generated vortices. Concepts derived using these
inviscid theories are then presented which have helped to guide research
directed at alleviating the velocities and rolling moments imposed on aircraft
entering these wakes.

INTRODUCTION

The purpose of this conference is to present a status report on research
directed at reducing the disturbances to the air behind aircraft as they fly
through the atmosphere. The objective of such a reduction is to minimize
the hazard to smaller aircraft that might encounter these wakes. The general
guidelines given this research are that natural atmospheric motions be assumed
negligible so that the alleviation schemes will be effective on calm days
when the wakes are believed to be most persistent. A further restriction is
that the alleviation is to be achieved by aerodynamic means, hopefully to be
accomplished by changes on the wake-generating aircraft that are easy to

retrofit onto existing aircraft.

With these guidelines as a background, this paper first presents an
overview of inviscid theoretical methods that have been found useful in the
study of lift—generated wakes. Several wake-alleviation schemes developed
by use of inviscid theory are then described. The effect of viscosity and
turbulence on these theories is discussed only briefly to indicate the limits
of applicability of some of the methods because a survey of theoretical
methods that include viscosity and turbulence is the subject of the next

paper. The reader is directed to references 1-8 for other papers that review



and summarize research on vortices from a historical or technical point of

view not restricted to alleviation.

NOMENCLATURE
R . aspect ratio
b span of wing
C lift coefficient, lift
- (1/2)pU2s

local lift coefficient
CZ rolling-moment coefficient, rol!lng moment
(1/2)pU&Sb
C wing chord
T mean geometric chord
f(ry/v) Iversen's Reynolds number function
2(y) local lift
N number of vortices
r radius of vortex
S wing area
4tT,

T dimensionless time =

b2
t time
Us free-stream velocity; alined with x axis
v, maximum circumferential velocity in vortex
Vg circumferential velocity in vortex

10



2X

X,Y,Z dimensionless coordinates, for example, X = o
X,¥52 coordinates, X 1S streamwise and z is vertical
a angle of attack

r circulation

Y circulation in point vortices

% kinematic viscosity

P air density

Subscripts

f following model that encounters wake

g model that generates wake

o centerline value of circulation

v vortex

OVERVIEW OF FLOW FIELD

It is conyenient to divide the flow field into the several regions
indicated in figure 1. The rollup region lies immediately behind the wake-
generating aircraft where the wake character is changing rapidly with distance.
because of self-induced distortions. The plateau region is that axial incre-
ment of the wake where the vortices have a nearly constant structure. The
decay region includes that part wherein substantial diffusion of vorticity
occurs due to viscous and turbulence effects. Various vortex dispersion
mechanisms such as vortex instabilities, bursting, or breakdown can occur in
any of these three regions and their character may or may not depend on
viscosity and turbulence. The boundaries of these regions are determined
experimentally.

11



Since the wake is produced by the lead or wake-generating aircraft, any
analysis of the lift-generated wake begins with and depends on the complete-
ness and accuracy of the description of the flow field around the generator
aircraft. This aspect of the wake-vortex problem has received considerable
attention during the past several decades, but a general method is not yet
available for finding the complete flow field in order to precisely define
the initial conditions for the wake. However, very good approximations to
the lift-distribution and wake-starting conditions may be obtained by use of
inviscid vortex- lattice computer programs. The status of these methods can
be found in references 9 to 12, Efforts are currently being made to include
the effect of the rollup of the wake on the lift distribution (e.g., refs. 12-
15). The comparisons in figure 2 (prepared by Maskew using the method of
refs, 13 and 14) show that the rollup of the vortex sheet can affect the span
loading substantially at the wing tips when the wing is at high angles of
attack. The agreement of that prediction with the experimental span-loading
measurements of Chigier and Corsiglia (ref. 16) is much better than the result
obtained when the vortex wake is assumed to remain flat or in a plane without
rolling up from its edges. Such a change in span loading has an effect on
total lift, but the much larger effect appears in the distribution of vortic-
ity in the wake. Caution should therefore be exercised when a flat wake is
assumed in calculating the span loading on the generating wing because the
loading gradients at the wing tip may not represent the correct concentration
of vorticity. Most of the wind-tunnel studies at Anes Research Center were
made at small angles of attack (i.e., a € 12°) so the accuracy of the flat
wake approximation was adequate. For these calculations, a modified version

of a program by Hough (ref. 17) was used.

Downstream of the generating aircraft, the vorticity shed by the lifting
surfaces usually rolls up into two or more counterrotating (or pairs) vor-
tices in the rollup region shown in figure 1. This process is approximated
quite well by inviscid analyses, but as the wake ages (i.e., further down-
stream) viscosity and turbulence cause differences to increase between the
inviscid result and the actual flow field. Flow processes that occur in the

so-called rollup and plateau regions (discussed later) may be approximated

12



fairly well by inviscid theories, but the decay region requires more complete

theories that include viscosity and turbulence.

The wake-vortex problem exists because, at some distance behind the
generating aircraft, another aircraft may encounter the wake. The objective
of this research program is to first evaluate the loads caused by the wake
on this following aircraft and then to reduce them to a tolerable level by
some sort of alleviation scheme. Although many types of encounter are possi-
ble, the NASA program concentrated on the axial penetration of the wake
(indicated in fig. 1) because it seemed the most likely to happen during
landing. The flow field over the follower induced by the wake is then
approximated by the same inviscid steady-state theories used to model the
generator, but an allowance must now be made for the nonuniform properties
of the incoming airstream. Another section describes the theories used to

analyze the flow over the follower and the comparisons made with experiment.

WAKE ROLLUP

Several methods are discussed here for predicting how the vorticity
distribution in the wake immediately behind the lift-generating surfaces
changes from a nearly flat spanwise distribution into two circular regions
of vorticity (fig. 3). This reshaping process is usually referred to as the
rollup of the wake or vortex sheet shed by the wing. The methods and topics

discussed now are:

e Two-dimensional time-dependent motion of point vortices
e Three-dimensional time-dependent motion of vortex filaments
e Direct- and inverse-rollup theories

e Plateau and decay regions for isolated vortex

Ideally, it would be desirable to treat the rollup of the distributed
vorticity by a numerical scheme that includes the boundary layer on the wing,

fuselage, and other surfaces along with the drag of the landing gear and the

13



thrust of the engines. Finite-difference methods for the two- and three-
dimensional time-dependent aspects of the flow field are being developed and
improved upon by several research groups with the hope that such a more com-
plete analysis of the wake can be made. Although these more complex methods
make it possible to more accurately represent the structure of the wake, they
are not easy to use and require variable grid sizes and larger amounts of com-
puter time. Since these methods usually include viscosity, they will not be
discussed further here. Methods specifically designed for reducing wake

velocities are discussed in another section.

Two-Dimensional Time-Dependent Motion of Point Vortices

Since the velocity field of a point vortex is known in closed form, a
simple representation of the wake is obtained by replacing the continuous
distribution of vorticity with a distribution of point vortices that move
with time. This method was applied to vortex sheets by Rosenhead (ref. 18)
and Westwater (ref. 19) over 40 years ago and it has been used extensively
since then to estimate the reshaping of the vorticity distribution in wakes
with time or distance behind the generating wing. The analysis is carried
out as a two-dimensional time-dependent problem in the so-called Trefftz
plane (fig. 3). An example of an elliptically loaded wing is presented in
figure 4 (taken from ref. 20). Estimating the wake restructuring by such a
time-dependent method has two principal difficulties. The first is to assess
the numerical accuracy of the calculations and the second is to interpret
the results.

A variety of papers have elaborated on the shortcomings of the method
and have introduced ways to remedy these shortcomings (e.g., refs. 21 to 27).
These discussions generally agree that the spiral shape at the edges of vortex
sheets is often not well simulated by the vortex array and that the point
vortices sometimes undergo excursions believed to be associated with the
vortex array and not with the vortex sheet being represented. Several methods
have been introduced recently (refs. 25 to 27) to stabilize these vortex
motions and to eliminate the excursions believed not to be a part of the

vortex-sheet structure. Although these techniques suppress vortex excursions

14



and sheet kinking, they also introduce another error source. The use of
finite cores in the vortices suggested by Chorin and Bernard (ref. 25) and
Kuwahara and Takami (ref. 26) or the accumulation of vortices at the center

of the spiral as suggested by Moore (ref. 27) all contain arbitrary parameters
not related to the conservation equations for the fluid they are to represent.
The computed results may then appear more reasonable than those obtained from
point vortices, but the quantitative accuracy is uncertain. Finite vortex
cores instead of point vortices were used in some of the cases analyzed,

and the vortex motions were smoothed. The qualitative nature of the solutions
was found not to change if the core radius chosen for the vortices was less
than the initial spacing of the vortices. However, the vortex motions were
found to depend on the core size chosen. Another method has recently been
introduced by Maskew (ref. 14) which enables an improved representation of
continuous vortex sheets by breaking the primary discrete vortices used in

the representation into subvortices when and where needed.

Numerical accuracy = The motion of a number of two-dimensional point
vortices in an incompressible fluid is a problem for which numerical calcula-
tions are known to be unstable; consequently, any initial error grows with
each time step. Fbr this reason, the calculations are usually begun with a
large number of significant figures (double precision on most computers)
in the hope that the desired result can be achieved before accumulated errors
wipe out all the accuracy. It is also essential that the accuracy or error
accumulation be monitored during the calculafions to detect an inappropriate
choice of mesh size or excessive error growth. For example, Westwater
(ref. 19) used the first moment of vorticity as an indicator of accuracy.
When suitable error monitors are used, it is possible to determine whether
seemingly unrealistic results are attributable to numerical error or to

properties of the vortex array being analyzed.

Three error monitoring parameters are used in the calculations made at
ATEs :

15



(1) The first moment of vorticity for each side (to reduce the likeli-

hood of compensating errors due to symmetry):
N/2 N/2
o =F 2, Yi=2, V¥, (1)
=t~ j=1 1

(2) The second moment of vorticity J about the center of gravity for

the vortices on each side:

N/2

J = j};:l [(yj - 5)? + (25 - ?) Z]Yj @)

(3) The Kirchhoff-Routh path function Wr for the entire array of
vortices (e.g., ref. 28):

Wr = 1\5 % (Y_Z;L) 1n [(yi - yj>z + (z,i - zj)Z] 3)

i=1 j=1i+1

Note that none of these quantities are used in the time-dependent calculations
nor do they depend on the numerical integration scheme used. They are period-
ically evaluated (usually after every 10 or 20 steps) to ascertain how much
error has accumulated in the positions of the assembly of vortices. It was
found that the Kirchhoff-Routh path function was the first to indicate the
presence of errors in the calculat’ions and that the first moment of vorticity
was hardly ever affected; that is, the first moment is the least sensitive of
the three accuracy monitors. When enough significant figures are retained

in the results to cover the plotting accuracy, the gross aspects and trends

of the vortex sheet observed in various experiments appear to be modeled
correctly.

Interpretation of data - The interpretation of the point vortex distribu-
tion in terms of a continuous distribution is not straightforward. A tech-
nique from reference 20 provided a vortex structure when a group of point
vortices in the wake were known to be associated with a given rotational

motion, for example, vortices on one side of an elliptically loaded wing.
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Within each such group, the distribution of point vortices was first reinter-
preted as a stepwise radial distribution of circulation about the centroid of
vorticity for one side of the wing. This was done by assuming that the vor-
ticity associated with a point vortex in the array is spread uniformly on a
ring with a radius equal to the distance of the vortex from the centroid. As
indicated in figure 5, the resulting stepwise curve for circulation as a
function of radius agrees quite well with the variation predicted by Betz'
theory (refs. 29 and 30) for elliptic loading even though rollup is not
entirely completed (fig. 4(b)). A faired curve through the stepwise variation
could then be used to determine the circumferential velocity distribution in
the vortex.

An interpretation difficulty does not arise, however, in those situations
wherein the observation point lies well outside the vortical region. For
example, representation of the wakes of most conventional aircraft in the far
field by two point or line vortices is quite adequate for determining their
motion in the presence of the ground and a crosswind. Comparisons of theoret-
ical positions measured for vortices (e.g., refs. 31-35) and a predicted
unsteady pressure field with that measured on the ground (ref. 36) provide

insight into the adequacy of the approximations for various circumstances.

Three-Dimensional Time-Dependent Motion of Vortex Filaments

The point vortex representation of quasi-two-dimensional wakes can be
extended into the full three-dimensional time-dependent case by use of vortex
filaments instead of point vortices. Typical applications of this technique
to the analysis of wake vortices has been made in references 37 to 44.
Summation of the contributions to the velocity field (e.g., by the Biot-
Savart law) must be made along the entire length of each filament rather than
just a pointwise summation. The increase in calculation time required becomes
cumbersome and introduces further sources for numerical errors and instabil-
ities. Unfortunately, simple conservation relationships are not available
for three-—dimensional filaments that permit an easy evaluation of error growth
as the computation proceeds. A further complication not present in the two-

dimensional case is that infinite self-induced velocities occur if the

17



filament is assumed to have zero core radius. This difficulty is usually
circumvented by assuming an artificial core or cutoff radius within which
the velocity decreases to zero as the center of the filament is approached.
The numerical solution therefore may or may not depend strongly on the core
radius or axial flow along the core (e.g., ref. 44). If the solution is
strongly dependent on core diameter, the analysis should probably be carried
out by use of a finite—difference method so that a more realistic representa-

tion of the vorticity distribution is used in the theoretical model.

Despite the foregoing disadvantages, the vortex-filament approximation
has been useful in predicting the more general structure of aircraft wakes
as they approach airports. Considerable effort has also been devoted to the
investigation of the self-induced instabilities of a vortex pair observed
by Scorer (refs. 45, 46) and others to sometimes be responsible for the
breakup of aircraft wakes (e.g., refs. 45-48). The initiation and growth
characteristics of these instabilities (which can lead to breakoff and linking
to form loops from two parallel and counterrotating vortices) are reviewed

in the section on inviscid alleviation schemes.

Direct- and Inverse-Rollup Theories

Direct-rollup theory - A theoretical tool frequently used to study the
circumferential velocity distribution in lift-generated vortices is the simple
rollup method of Betz (ref. 29). His theory is based on the conservation
equations for inviscid, two-dimensional vortices and relates the circulation
in the fully developed vortex to the span loading on the generating wing.

The simplicity of the method results from the assumptions that the vortex is
completely rolled up and that the rollup process is inviscid. To achieve a
unique result, the vortex sheet is assumed to roll up in an orderly fashion
from the wing tip inboard, so that successive layers of the sheet are wrapped
around the center and over previous wrappings (fig. 3). Any axial or stream-
wise variation in the flow velocity is assumed to have a negligible effect
on the rollup process. The Betz method does not treat the transition or
intermediate stages between the initial vortex sheet behind the wing and

the final rolled-up vortex structure. When the derivation is completed
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(e.g., ref. 30), the vortex structure is related to the span loading on the

generating wing by
Pv(rl) = Fw(yl) (4)

where the radius in the vortex r, is related to a spanwise station on the
wing y,; by
1

4!
TR =N {/2 Iy(y)dy (5)

The symbol T denotes the bound circulation on the wing and T, the
circulation in the fully developed vortex. Although the Betz theory does

not appear to have been used extensively for a number of years after its first
derivation, it has recently been demonstrated by Donaldson et al. (refs. 49,
50) to be useful and often more accurate than more complex methods. The
favorable publicity given to the Betz method by Donaldson led to an elabora-
tion of the theory and the more examples by Mason and Marchman (ref. 51) and
to the use of the rollup theory by Brown (ref. 52) to predict the axial flow
velocity in the vortex. A typical example of the good representation provided
by the inviscid rollup theory is presented in figure 6. The experimental data
(ref. 53) were obtained with a three—component hot-wire probe, and the span
loading for the Betz calculation was obtained with a vortex- lattice theory
(ref. 17). It appears that viscous effects have not altered the vortex
structure appreciably in these cases. Recently, Bilanin and Donaldson

(ref. 54) have extended the rollup theory to include the drag of the wing

and of turbulence injection devices.

Inverse rollup theory - As more experimental velocity data were accumu-
lated with the ground-based facilities (refs. 53 and 55), it became desirable
to relate the vortex structure backward to the span loading on the wing that
generated the vortex. This led to what might be called an inverse-Betz
method (ref. 56) based on the same basic equations and assumptions as the
direct-Betz method. The derivation is begun with the expression presented

previously that relates the radius r, in the vortex to the spanwise
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station on the wing y, which contains a given amount of circulation. After
some simple manipulations and because the vortex is axially symmetric, so that

the circulation may be written as PV = 2n1r.v,, the inverse relationship

1°8°
becomes
r. d
b _ 1 (r"e)
-2"‘3’1—1:1+j-0 5 (6)

where Vg is the measured circumferential velocity in the vortex.

Two sample cases presented in figures 7(a) and (b) include the measured
vortex structure, the span loading inferred from these measurements by the
inverse rollup method, and, for comparison, the span loading predicted by
vortex- lattice theory. These results show that the inverse rollup theory
can recover the span loading on the generating wing fairly accurately. With
almost all configurations, a difference occurs near the wing tip as a result
of the finite core size and solid-body rotation in the vortex near r = 0.
The magnitude of the distortion in span loading depends on the size of the
core, which is influenced by the character of the boundary layer on the wing
and on the viscous and turbulent shear forces in the vortex itself. In most
cases, these distortions appear to be small and to occur only near the wing
tip.

Region of applicability OF rollup theories - The simplicity of both the
direct and the inverse rollup methods results from the assumptions that the
vortex is completely rolled up and that the rollup process is inviscid. These
two assumptions then limit the downstream interval over which the theories
apply. The upstream end of the region of applicability begins where the
rollup of the vortex sheet is largely completed and can be estimated by use
of inviscid, time-dependent rollup calculations. Results such as those in
figures 6 and 10 of Rossow (ref. 20) indicate that a major part of the rollup
process behind many wings can be considered practically complete within as

few as 3 to 5 span lengths behind the generating wing.

The downstream end of the region of applicability is the distance at
which viscous and turbulent decay of the vortex has modified its structure

to the extent that the inviscid theory no longer approximates it. An



estimate for this limit can be obtained from the recent data of Ciffone and
Orloff (ref. 55) wherein a so-called plateau region (discussed in the next
section) is identified. Within this plateau region, they found that the
vortex decays very little, but it is followed by a region where the vortex
decays roughly as t”l/z. These considerations suggest that the region of
applicability of the Betz method lies between about 3 span lengths and the
downstream end of the plateau region, which is estimated from the data of
Ciffone and Orloff (ref. 55). Another consequence of the inviscid rollup
assumption is that excessively high velocities are often predicted at and
near the center of the vortex. Nevertheless, comparisons made by Donaldson
et al. (refs. 49, 50, and 54) have shown that outside the core region (radius
of maximum circumferential velocity), the Betz rollup theory yields reliable

estimates for the vortex structure.

Plateau and Decay Regions for Isolated Vortex

The accuracy with which both the inviscid direct- and inverse-Betz
methods relate the span loading to the vortex structure suggests that either
the early history of the vortex is nearly inviscid or that the decay process
is very slow. The correct interpretation appeared when the circumferential
velocity was measured by Ciffone and Orloff (ref. 55) at a number of stations
behind several generating wings. Figure 8, taken directly from their paper,
shows that the maximum circumferential velocity is essentially unchanged
for approximately 40 span lengths behind those three wings. The expected
decay of the vortex, which is inversely proportional to the square root of
distance, then begins to occur. The two straight lines for each configuration
shown in figure 8 approximate the data in each region. The presence of both
a plateau (nearly inviscid) and a decay region is also indicated in Donaldson's
analysis (ref. 57) of the decay of a vortex using his second-order closure
model for turbulence. Since a wide variety of wing planforms all exhibited
the same characteristic plateau and decay regions, lversen (ref. 58) set about
finding an explanation for the onset of decay. By using a self-similar
turbulent vortex, he was able to correlate the data obtained in ground-based
facilities and in flight into the single curve shown in figure 9 (taken from
Iversen, ref. 58).
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Iversen's Reynolds number function f(I‘O/v) is conveniently equal to
1.0 for Reynolds numbers over 108. From the data of reference 55 and these
correlation functions, Ciffone (ref. 59) has developed an empirical relation-
ship that makes it possible to predict easily the end of the plateau region
and the peak swirl velocity in vortices. The information gained by lversen
(ref. 58) and Ciffone (ref. 59) was then extended by Iversen (ref. 60) to
a numerical analysis of an isolated vortex using a mixing length model for
the eddy viscosity. The initial data for the structure of the vortex were
obtained using the rollup theory based on span loading. The numerical analy-
sis is then able to predict the structure of the vortex in the plateau region,

through the transition process, and into the decay region.

The simple Betz rollup theories assumed that each vortex in the pair acts
independently of the other (i.e., as if it were isolated). The fact that such
an assumption is valid for large distances into the wake was predicted in the
theoretical work of Nielsen and Schwind (ref. 2, p. 413). The very slow decay
of an isolated vortex or of a single pair indicates that radical changes must
be made in these lift-generated wakes if the hazard to encountering aircraft

is to be substantially reduced.

ROLLING MOMENT ON ENCOUNTERING WING — AXIAL PENETRATION

Another aspect of the wake-vortex problem that is approximated fairly
well by inviscid theory 'is the estimation of the rolling moment on a wing as
it encounters the wake vortices. A simple and reasonably accurate method is
needed to not only evaluate the rolling-moment hazard posed by wakes of exist-
ing aircraft but also to compare alleviation schemes. The NASA studies were
restricted to axial penetrations and cross—-vortex penetrations were not
studied. (Refs. 1, 2, 5, 53, and 61-88 present the results of studies of the
wake encounter problem.) This is not meant to imply that a cross-vortex
encounter is less hazardous, but that entry into the vortex along the axis
is .probably the most likely to occur during landing and takeoff operations.

If the flight path of the following aircraft is along or only slightly off
axial, the flow field is approximated by steady-state theories. The schematic

diagram in figure 10 indicates the way in which the rolling moment on the

22



following wing is analyzed. The axial or streamwise velocity is assumed equal
to the free—stream velocity. The vertical components of the circumferential
velocities in the vortices are used as the upwash or downwash on the follower
wing by adding the contributions of the one or more pairs of vortices in

the wake. The torque on the following wing is then reduced to coefficient
form by

¢ rolling moment
= 2

In the study at Ares reported in reference 53, the torque or rolling

moment on the encountering wing was calculated by

1. Two-dimensional strip theory
2. Strip theory with empirical lift-curve slope correction

3. Vortex-lattice theory,; flat-wake approximation

The two-dimensional strip theory for the rolling moment assumes that the

lift on each spanwise wing element is given by its two-dimensional value or

L(y) = CLa sin a %—pUic(y) (7)

where CLa is the two-dimensional lift-curve slope of the airfoil section at
that spanwise station, sin a » w/Us is the flow inclination, and c(y) is
the local chord of the wing. When the quantity y&%(y) is integrated across
the span of the rectangular wings used in reference 53, the rolling-moment

coefficient becomes (e.g., refs. 20 and 53)

g2
G =2 [T @llyay (®)
be —bf/2
The values presented in table I were found by integrating equation (8) numeri-
cally after setting w/U, equal to the sum of the measured vg/U, contribu-
tions of the left- and right-hand vortices. A different form of equation (7)
can be obtained when only one vortex is acting on the following wing by setting
Ww/Uo = vg/Up = T'(x)/2mcU, and with y = r:
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Although equation (9) is sometimes more convenient, equation (8) is used here

because it is believed to be more accurate for the wakes being considered.

For two-dimensional wings, the lift-curve slope, CLa, is usually taken
as 2w. As noted in table I (reproduced from ref. 53), the predictions made
with CLa = 27 are then generally too high because it does not account for
the induced angles of attack near the wing tips and near the vortex centerline.
An empirical relationship for the lift-curve slope to be used in the calcula-
tion of torque may be obtained by use of the formula introduced by R. T. Jones
(p. 95 of ref. 89):

CL@ ) P-z%z (10
where R is the aspect ratio and P is semiperimeter/span. Maskew®* com-
pared the rolling moment calculated by vortex- lattice theory and by the strip
theory with several versions of equation (10). He concluded that the span,
aspect ratio, and perimeter in equation (10) should be interpreted on the
basis of half a wing when the vortex and wing center are aligned. He reasoned
that each half wing then acts as a separate wing, and equation (10) should be
interpreted accordingly. For the rectangular wings studied here, equation (10)
then becomes

2nRf

C =
o ARf+6

L (11)

The strip—theory predictions corrected for CL by equation (11) are noted in

a
table 1 to be in good agreement with the vortex- lattice theory and in fair

agreement with experiment. The vortex- lattice theory used is a version of

*B. Maskew, Hawker Siddeley Aviation, Ltd. (NRC Associate at Ane Research
Center), private communication.

24



Hough's (ref. 17) and of Maskew's (ref. 13) methods adapted to the present
situations. The differences that occur between the vortex- lattice theory and
experiment may be due to any of the following: differences in the interpreta-
tion of the measured rolling moments; differences in the vortex velocity data
(e.g., large axial velocities), a combination of both, or unsteady aspects

of the wind-tunnel measurements due to meander of the vortex which were
assumed negligible. Nevertheless, the foregoing results indicate that either
the vortex—- lattice theory or the simple strip theory with ¢; ~ determined

by the Jones—-Maskew formula provides reasonable estimates for the rolling

moment induced by a vortex on a follower wing.

With the empirically adjusted strip theory, the rolling moment and lift
on a wing can be simply calculated at a large number of points in the wake.
Contours of equal rolling-moment coefficient and lift interpolated from these
points are presented in figure 11 for one vortex and one span ratio. Only
one quadrant is presented because the flow field is symmetrical vertically
and antisymmetrical about the centerplane. Although the contours are not as
precise as if determined by vortex- lattice theory, they do indicate the nature
of the area over which high values of rolling moment occur. As expected, the
maximum rolling moment occurs when the encountering wing is centered approxi-
mately on the vortex. Aircraft typically have the control capability to
create a rolling-moment coefficient of 0.04 to 0.06 so that any imposed torque
by a vortex that causes sz to exceed about 0.06 will cause the encountering
aircraft to roll even when full counterroll control is imposed. The shaded
area in figure 11(a) within the contour labeled 0.06 can then be interpreted,
for example, as a hazardous region where overpowering rolling moments are to
be found. Similarly, the results in figure 11(b) indicate that large values
of positive and negative lift are induced on the follower by the vortex wake,
depending on its location relative to the vortex pair. As expected, the
shapes of the curves of constant torque and lift change with both the vortex
structure and with the span of the follower. The dependence of the rolling
moment on distance behind the generating aircraft are not discussed because
downstream changes in the structure of a two-vortex developed wake depend

largely on viscosity and turbulence.
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ALLEVIATION SCHEMES BASED ON INVISCID THEORY

Past research has shown that the wakes of conventional lifting systems
on aircraft persist as a single vortex pair for unacceptable distances behind
the generating wing. The slow rate at which vorticity is dispersed from such
a single pair suggests that changes must be made in the flow field of the
generating wing so that the wake is tolerable when it is fully developed.

Therefore, the topics to be treated here are:

e Centroid of vorticity consideration

e Span loading for large vortex cores

e Sawtooth loadings for vortex dispersion
e Self-induced vortex excursions

e Convective merging of vortex cores

The alleviation schemes discussed in these subsections are based on modifica-
tion of the flow over the generator to produce certain flow mechanisms in the
near wake which disperse the lift-generated circulation. The first subsec-
tion describes one approach for selecting desirable characteristics in the
span loading for alleviation. Several conceptual vortex wakes that have

been useful in guiding our wake-vortex minimization program are then presented
along with some of their characteristics. Although the guidelines presented
are still being developed, they serve to indicate a direction for research
and to identify desirable features in the flow field that could provide

alleviation.

Centroid of Vorticity Consideration

Since the span loading on the generating wing goes to zero at both wing
tips, the wake contains equal amounts of positive and negative vorticity.
If the loading falls off monotonically from a maximum at the centerline to
zero at the wing tips, the wake rolls up into one vortex per side or a single
pair. Although the net circulation in the wake is zero, considerable
distance or time behind the generating wing is required (to mix on a two-
dimensional basis) before the two concentrations of opposite vorticity

combine or diffuse enough to have, in effect, a vanishing circulation

26



throughout the wake. One way to shorten the distance for complete mixing of
circulation is to decrease the effective span by making the net shed circula-
tion zero over a smaller part of the span. One obvious point for such a
subdivision is at the wing centerline. The effectiveness of such a considera-
tion is demonstrated by first considering the conservation of the first moment
of circulation and the relationship between span loading and shed vorticity.
By inviscid theory, the spanwise location of the centroid of vorticity 3
shed by the lifting surface remains fixed for each side of the wing. Hence,
far behind the wing, the centroid of shed vorticity is located at the same

spanwise station as at the wing, which is given by

bo/2 b, /2
- -1 8 dr (y) 1 &
y= 5 Y iy dy = 7 I'(y)dy
G Jo G Yo
where T(y) 1is the bound circulation on the wing and T is the centerline

circulation or the final total circulation in each vortex of the pair far
downstream (i.e., T) o) - Since the spanwise loading is related to the

bound circulation by

2(y) =-% pUZeC, (y) =-pU, T (y)

the spacing between the vortices in the final pair far downstream is then

C
1
bg Le
< — (12)
bg [eC, (0)/c]
independent of the shape of the span loading used to obtain the lift. Since
the strength of the final vortices for a given lift is proportional to (bé)‘l,

the separation between the vortices, the corresponding circulation is

Diea = Tg “ubr = 75 (13)

On the basis of these simple considerations, final weak or low-intensity
vortices are therefore obtained by reducing the lift at the wing root or air-

craft centerline as much as possible while C is held fixed. Such a

L
g
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possibility has been demonstrated in the data obtained by Ciffone (ref. 90)
behind a model of a Boeing 747 in a water tow tank with dye flow visualization.
Measured distances between vortices far downstream yielded values for four
flap configurations as b:%/bg = 1.03, 1.25, 1.50, and 1.72. On the basis of
these measurements, the circulation in the final vortex is reduced to 1.03/1.72
(or 60%) by the one flap configuration that has 30 percent of its inboard end
cut off as compared with the conventional landing configuration — a substantial
reduction. Both configurations shed the same number of vortices, but the
latter has a better balance between positive and negative circulation for

wake alleviation. Confirmation of the reduced circulation in these cases by
measuring the velocity or rolling moment in the wake has not been made.
Theoretical span loadings (fig. 12) for the wing alone without a fuselage as
centerbody indicate that the far-field separation between the vortices would
be bg';]/bg)theory =1.22, 1.26, 1.28, and 1.31. Although the order of magni-
tude of these predicted results is about right, the disagreement between
1.31 and 1.72 is not small. The differences in the configurations used in
the theory and experiment probably account for some of the differences in
the predicted and measured values of bé/bg. Also, some merging of vortices

may still be in progress at the farthest downstream station observed.

Other theoretical separation distances can be found by subdividing the
span loading differently to approximate different vortex interactions. How-
ever, more theoretical and experimental information is needed to guide the
theory and the interpretation of the vortex separation distances. The sub-
sections that follow therefore present some mechanisms by which vortices merge
or combine and some guidelines for promoting, enhancing, or preventing the
merger. This discussion is not concerned with the lifting efficiency or any
drag penalty of the alleviation schemes, but the first objective is to deter-
mine what can be done. When promising configurations are identified, it will
then be necessary to optimize the alleviation concept by including more
complete considerations of the entire aircraft.

Span Loadings for Large Vortex Cores

A variety of wing shapes have been considered experimentally and

theoretically as a means to reduce the high circumferential velocity in
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lift-generated vortices. These configurations were studied because it was
thought that enlarging the vortex core would reduce the swirl velocity and
the rolling moment associated with a given lift. The direct relationship
between span loading and vortex structure provided by the Betz rollup theory
suggested that wing planform, twist, or camber be shaped to produce a

loading that sheds vortices with large cores (e.g., refs. 20, 51, 52, 55, and
56). Many of these span loadings had the characteristics that they tapered
gradually to zero at the wing tips from an increased centerline loading. The
properties of these loadings is illustrated by considering a so-called
tailored loading (ref. 20) that produces a vortex sheet which rotates as

a unit rather than rolling up from its edges (fig. 13). 1In this particular
case, the velocity distribution in the wake was specified and the correspond-
ing strengths of the vortex sheet and of the span loading were then found.
When the vortex structure was compared with that for elliptic loading, it
was found that the higher centerline lift required to maintain a given lift
on the generator leads to higher rolling moments when the span of .the follower
wing is more than about 0.2 of the span of the generating wing. This result
is apparent in figure 14 when the circulation in the two vortices is compared

for various span followers using equation (9) for the rolling moment.

These results and the guidelines developed in the previous subsection
suggest that a span loading designed only on the basis of large vortex cores
is not the proper direction for wake alleviation because these wings require
higher centerline loadings. The corresponding decrease in bé/b associated
with these loadings also suggests that a direct span loading — vortexcore

design is not a good direction to proceed and that another approach should be
tried.

Sawtooth Span Loadings for Vortex Dispersion

A second vortex—-wake configuration studied theoretically in reference 20
was designed to translate downward as a unit (indicated schematically in
fig. 15). This wake consisted not of a continuous vortex sheet but of a
number of discrete vortices. The two-dimensional time-dependent theory for

discrete vortices predicted that the vortex strengths required for such motion
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alternate in sign across the span so that the span loading has a stepped or
sawtooth shape as illustrated in figure 15. When the time-dependent method
discussed previously is used to predict the shape of the wake, it is found to
remain flat because all the individual vortices move downward at the same
velocity. |If, however, a disturbance is given to one of the vortices, the
specified uniform motion breaks down and the vortices form pairs that make
large excursions across the wake (as shown in fig. 16(a)). Hence, although
the shape of the sawtooth loading fluctuates about elliptic loading, the
vortices in the wake do not revolve about the edge or tip vortices in the way
that they do for elliptic loading (fig. 16(b)). |If a similar disturbance is
given to the vortices shed by elliptic loading, the general shape of the wake

is not altered, although the positions of some of the vortices change slightly.

The numerical result shown in figure 16(a) suggests that wakes with
multiple vortex pairs can be designed so that they are unstable to disturb-
ances, and convection of vorticity across the wake can be considerably
enhanced by the resulting excursions of the vortex pairs. These theoretical
results do not indicate whether the various pairs of vortices merge or link
with one another to form a dispersed wake with low velocities, or if the vor-
tices remain discrete with high core velocities. Insight into the character-
istics of wakes shed by sawtooth loadings was obtained by flow-field observa-
tions made on two experimental wings configured to approximate sawtooth
loading. The first wing was swept and equipped with seven flap segments per
side (refs. 53 and 55). When these segments were deflected alternately up
and down across the span, the loading is predicted by vortex-lattice theory
to be as shown in figure 17. Tests by Ciffone and Orloff (ref. 55) in a water
tow tank showed that the vortices shed by this wing did undergo large
excursions in the wake and that various pairs linked in the way described by
Scorer (ref. 45 and 46), Crow (ref. 37), and MacCready (ref. 2, p. 289). But
when the various excursions and linking were completed, a vortex pair still
remained in the wake. These preliminary results indicate that generation of
multiple vortex pairs will bring about large vortex excursions that lead to
linking, but additional criteria are needed to achieve adequate diffusion of

the wake vorticity.
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A second wing on which vortex wake alleviation was attempted by span-
load modification was that of the Boeing 747 subsonic transport (refs. 80 and
83). The wing has inboard and outboard flaps (fig. 18) that can be deflected
separately so that the loading can be enhanced inboard or outboard within
the limits indicated in figure 19. |If the inboard flaps are deflected their
full amount (30° setting), the span loading has a large hump inboard resembling
a combination of tailored and sawtooth span loading. Although that loading
produces three vortex pairs in the near-field rollup region, the two flap
vortices combine, so that only two vortices per side persist into the far-
field region. Far downstream, these two vortices of the same sign merge
into a single diffuse vortex illustrated in figure 20. Tests in a water tow
tank and in a wind tunnel indicate that the rolling moment imposed on a
following aircraft by the wake of this configuration would be less than half
that posed by the wake of the landing configuration at the same Iift coef-
ficient. Furthermore, this reduced value was below the roll-control capability
of a LearJet aircraft which could be used to probe the wake. Flight tests
conducted with the Boeing 747, the LearJet, and a T-37 aircraft (ref. 80)
confirmed the predictions of the ground-based facilities when the landing gear
was retracted. It was found, however, that if any of the landing gears were
extended or if the aircraft were yawed, the hazard alleviation achieved with

the unconventional flap settings was greatly reduced.

These test results indicate that it is possible to induce large vortex
excursions and reduced swirling velocities in the wake if substantial oscil-
lations occur-in the span loading. A theoretical estimate of the magnitude
required was obtained in reference 20 by trying various types of span-load
fluctuations and calculating whether dispersion occurred. It was found that
the wake had a chaotic character if the loading variations in the loading were
30 percent or more of the maximum and if their spanwise sizes were about the
same. The two-dimensional, time-dependent theory predicted that the multiple
vortices shed into the wake would then undergo large excursions. Guidelines
for whether the several vortex pairs will combine into a single pair in the
far field by either a cutoff and linking process, or by a convective merging
process, or neither are discussed in the next two subsections.
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Before leaving this discussion, note that the vortex wakes of sawtooth
loading will generally dissipate more rapidly than those of elliptic-like
loadings for two reasons. First, each vortex pair in the wake is more closely
spaced. Therefore, since the decay distance for a vortex pair depends on the
distance between them (or on their effective span), the actual distance to
a given dissipation (as given in figs. 8 and 9) would be decreased by the span
ratio. Secondly, the theoretical analysis of Bilanin and Widnall (ref. 91)
indicates that the sinusoidal instability is intensified by decreased spacing
of vortices as the second power of span. It is not surprising then that the
wakes produced by wings with multiple spanwise flap segments are often
observed to dissipate more rapidly and to be less hazardous than wakes

produced by wings with only one flap or none.

Self-Induced VVortex Excursions

The vortex pair behind aircraft flying at high altitudes is often
observed (e.g., refs. 2, 37, 45, 46, 47, and 48) to undergo periodic, anti-
symmetrical distortions that increase in amplitude until the vortices either
appear to burst at the sharp bends or to link to form a series of loops. The
linking process in such a vortex-vortex interaction occurs rapidly when the two
equal and opposite vortices in the pair approach each other closely enough
that the filaments appear to break in the flight direction and reconnect or
link across the wake to form irregularly shaped loops that then disperse and
decay. A comparison of the hazard posed by the vortex loops with that posed
by the original parallel vortices needs to be made to determine whether a
chance encounter with an axial segment of a loop is just as hazardous and
whether flight across a segment of the vortex loop would cause unacceptable
accelerations or air loads. Whether the loop stage of the wake is more or
less hazardous than the original parallel-vortex stage is uncertain, but it
seems apparent that the formation of loops enhances the decay and dispersion

of the circulation in the wake.

A stability analysis by Crow (ref. 37) showed that, once started, the
wave growth results from the self-induced velocity field of the vortex pair

with a preferred wavelength about 8.6 times the distance between the
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vortices. Other analyses (e.g., ref. 2) extended the analysis to include the
effect of core size and axial velocities. A numerical calculation using
three—dimensional vortex filaments for the vortex pair has also been made by
Hackett and Theisen (ref. 2 or 38) of the time history of the development of a
periodic loop.

These research results demonstrate that antisymmetric, periodic, or
sinusoidal disturbances on a vortex pair will lead to large self-induced
excursions. The mechanism by which the two vortices break from their original
streamwise filament and link across to the other vortex in the pair has not
been analyzed nor has the decay of the loops been treated adequately. Added
data are also needed on the effect of variables such as core size, axial
velocity in the core, vortex strength, etc., when linking or bursting of the

vortex filaments occurs.

The self-induced or sinusoidal instability for a single vortex pair has
not proven to be a viable solution to the wake-vortex alleviation problem for
several reasons. First, the beginning of wave growth requires a disturbance
from the atmosphere or from some periodic lift modification on the generating
aircraft. Introduction of a periodic span-load variation on the generating
wing was shown by Bilanin and Widnall (ref. 91) to be an effective way to
initiate growing waves that led to bursting when the curves in the vortex
filaments reached a small radius of curvature. Implementation of such a
scheme on a full-sized aircraft would be difficult, however. A second and
more serious drawback is that the waves grow slowly and often become highly
sinuous without bursting, linking, or appearing to decay. Lastly, the large
vortex cores produced by aircraft in the landing and takeoff configurations

do not seem to be conducive to wave growth.

A new approach to stimulation or initiation of self-induced or vortex-
vortex instabilities that led to large vortex excursions was suggested by
the numerical analysis of wakes produced by the so-called sawtooth loadings
studied in reference 20. 1t was found that a wake with multiple vortex pairs
about equally spaced across the span of the generating wing and of about the
same magnitude but alternating in sign would undergo large excursions without
being stimulated. These self-induced excursions are not periodic, but are
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often of the order of the span of the wing when the wake consists of vortices

comparable in magnitude and alternating in sign.

As previously discussed, an experimental demonstration of the effective-
ness of sawtooth loading for producing large vortex excursions was first made
by Ciffone and Orloff (ref. 55) in a water tow tank. The wing was equipped
with seven flap segments deflected alternately upward and downward by 15° to
produce seven vortex pairs. A theoretical estimate of the gpan loading
(fig. 17) indicates that the strengths of the vortices do a&iternate in sign
and are about the same within a factor of 2. In the experiment, large vortex
motions and linking occurred, but when the activity died down, a single
residue vortex pair remained. Further theoretical and experimental studies
are needed to arrange and match the vortex pairs to more completely disperse
the wake so that the remaining velocities are tolerable and to possibly
optimize the loading, Although the experiment was not completely successful,
it did demonstrate that self-induced and rapid growth of vortex motions can
be produced with sawtooth-type loadings. Another result found from the
experiment was that it showed that linking could occur between opposite but
not necessarily equal vortices. Such a partial linking process forms a
series of vortex loops connected by vortex filaments. Convection of vorticity
by the stronger vortex probably then causes the two vortices to completely
merge by a process similar to that discussed in the next subsection (illus-
trated in fig. 21). An example of such a linking between an unequal vortex
pair was observed in some flight experiments of Barber and will be presented
by Corsiglia and Dunham in a paper to follow later in this conference. The
interaction of the two opposite but unequal vortices from the flap has also
been simulated numerically by Leonard (private communication) at ARC. These
results indicate therefore that the multiple vortex pairs shed by sawtooth
loading may provide a way to initiate the large vortex excursions and linking
needed for alleviation. Various aspects of the dispersion and decay mecha-
nisms need to be better defined and understood to make the method effective
and to minimize penalties associated with these loadings and their implementa-

tion.
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Convective Merging of Vortex Cores

The blending or merging of the several vortices shed by flap edges,
pylons, horizontal tail, and the wing tip into a single vortex is a common
and well-known occurrence. The merging of two or more vortex cores
(i.e., vortical regions) has also been studied theoretically from an inviscid
point of view (e.g., refs. 92-97) and with a second-order turbulence theory
(ref. 7). Some results are now presented of a current study by the author
that extends previous investigations by finding some circumstances under
which two-dimensional inviscid vortex cores will or will not merge convec-
tively.

Convective merging of the cores of two Rankine vortices is illustrated
in figure 21. The initial distribution of circulation is made approximately
uniform over the circular regions of the cores by putting point vortices of
the same strength on three circles at uniform intervals. Since they each
approximate Rankine cores, the maximum vortex velocity occurs at the outer
ring. The inner rings rotate more slowly so that the cores, when isolated,
rotate as a solid body. However, as shown in figure 21, when the two cores
of the same sign and magnitude are placed in proximity but not touching,
their mutual induction causes their shape to become distorted so that the two

vortical regions reform into a single’region.

A slightly greater separation between the cores results in the vortices
becoming only slightly elongated but not merging (fig. 22). A series of
such calculations was then used to determine a boundary between merging and
nonmerging cases (fig. 23); that is, a combination of spacing and relative
vortex strengths on the merging side of the curves do form a single vortical
region from the original two circular regions. In these cases, merger was
assumed to have occurred whether one or both of the cores was reshaped in
the process. Note that merging occurs for vortices of opposite sign only

when their relative strengths differ by a factor of about 5.

When a core structure other than Rankine is used, the merging process
becomes more restrictive because the cores become effectively smaller relative
to their spacing. The boundaries for two other radial variations of circula-

tion are also presented in figure 23 as dashed curves to show how the merging
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region shrinks for more concentrated vortex cores. Since the vortex struc-
tures shed by flaps and wing tips are usually more concentrated than that for
Rankine cores, and since merging requires a given maximum spacing, merging

of two given vortices will be delayed until turbulence and viscosity diffuse
the circulation to the degree needed for the convective redistribution to
occur. The time-dependent calculations also showed that if convective merging
is going to occur, it does so rapidly. Otherwise, the core shapes oscillate

about their original circular shape.

Previous theoretical calculations indicate that the structure of a
vortex pair consisting of two equal and opposite vortices, whether inviscid
or including turbulence, will change very slowly with time (e.g., ref. 2,

p. 413 ff; refs. 7 and 60). When the wake contains two or more pairs of
vortices, the spacing between the vortices can change so that convective
merging that would not occur at the outset does occur later. Another conven-
ient set of guidelines is the vortex domain plots such as those prepared by

Donaldson and Bilanin (fig. 2.2 of ref. 7). The boundaries shown for point

vortices eliminate vortex combinations that will probably not be matched for
convective merging or will not stay near one another long enough to merge.
The number of remaining possibilities is still large and specific situations

must be analyzed before the development of satisfactory guidelines has been
completed.

CONCLUDING REMARKS

Inviscid modeling of lift-generated wakes has provided insight into the
structure of the vortices and into means whereby wake velocities can be
reduced or minimized. The available theories yield fairly good estimates for
the wake-vortex structure (but not the axial flow) produced by the generating
aircraft and for the wake dynamics in the so-called rollup and plateau regions.
Satisfactory results are also obtained with inviscid theories for the loads
induced by the wake on an aircraft as it enters along a near-axial flight
path. As more comparisons are made with experiment, it may, however, be
found necessary to include unsteady effects and better estimates of the lift

curve. Some aspects of self-induced or vortex-vortex instabilities are
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approximated by inviscid theories, but analyses and experiments currently

in progress may indicate that improved methods are needed.

The survey of alleviation schemes presented here indicates that more
complete theories are needed to aid the understanding of and to guide the
design of lifting systems that shed wakes which dissipate rapidly. The area
of greatest need is for methods that better represent continuous distributions
of vorticity so that flow processes such as vortex merging and linking can
be more accurately modeled. The most direct approach is probably through
numerical analysis of the flow field by a finite-difference scheme, Analyti-
cal approaches should, however, not be ruled out because well-defined guide-
lines can often be developed in this way if that portion of the flow field
which is of interest is properly approximated. If a numerical scheme is
developed, it should be easy to use and should not require substantial amounts
of computer time, because a large number of variables and a wide range of
conditions must be systematically considered to find those that provide

alleviation and those that will be optimum for various aircraft.

One approach presented here for wake-vortex alleviation suggests that
the span loading chosen should shed several vortex pairs of both signs so
that the vortices combine quickly to form a single pair low in strength and
widely spaced. A way to achieve this is to design the span loading so that
the centerline circulation is much lower than the maximum bound circulation
on the wing. The vortices must then be spaced and have such magnitudes that
they combine by convective merging and linking or both to form a single pair
not too far downstream which is relatively weak and with a large separation.
It may also be possible to arrange the loading so that this final pair is
also dispersed by linking. Indications from inviscid theory and from some
experiments are that a sawtooth-type loading that sheds multiple vortex pairs
of both signs may provide or have built into it the self-induced vortex
excursions needed to implement the linking process and the dispersion of
vorticity. However, more guidelines and a better understanding of these
flow fields, of the linking process, and of the decay of the vortex loops

produced are needed to make sawtooth loading a viable alleviation scheme.
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Preliminary results from a theoretical two-dimensional study of con-
vective merging of vortical regions indicate that further results will
adequately define the conditions when merging will occur. Briefly, convective
merging appears to be an effective process for combining vortical regions of
the same sign that are relatively close to one another, but it is not
particularly powerful for alleviating wake velocities because vortices of

opposite sign do not readily merge convectively.

Inviscid theories have played an important role in the wake-vortex
research program. Results from these theories should not be taken as final
nor should they be considered as too inaccurate to be valid. When the invis-
cid methods are used where applicable and when the results are properly
interpreted, they can continue to be useful for preliminary screening of

wake-vortex alleviation schemes.
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WAKE-GENERATING AIRCRAFT

< FOLLOWING AIRCRAFT\
(AXIAL ENCOUNTER) DECAY REGION

Figure 1.- Flow field produced by lift-generated vortices; distances not
drawn to scale.
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Figure 2.— Measured spanwise lift distribution on rectangular wing compared
with loading predicted by vortex-lattice theory assuming that wake is
flat and that near wake is rolling up; a = 12°. (From B. Maskew, private

communication.)
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vertical velocity (from ref. 20).
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direct rollup theory; Pci, is circulation on centerline (from ref. 20).
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Figure 6.—- Comparison of measured vortex structure with prediction made by
the Betz rollup theory using span loading predicted by vortex- lattice

theory for a swept wing that approximates CV-990 wing (from ref. 53).
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(a) Measured vortex velocity profiles (ref. 53).
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(b) Calculated span loadings.

Figure 7.- Comparison of inverse rollup theory with vortex- lattice theory
(from ref. 56).
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Figure 8.- Maximum circumferential velocity in vortices behind wings as

measured in water tow tank (from Ciffone and Orloff, ref. 55).
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(b) Contours of equal lift parameter, CLf/CLg; C / = -0.88.
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Figure 11.—- Rolling moment and lift induced on the follower wing by the wake

of a swept wing; tailored loading, bf/bg = 0.29 (from ref. 53).
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Figure 12.- Span loadings predicted by vortex- lattice theory for Boeing 747

wing without a fuselage (from Ciffone, ref. 90).
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Figure 13.- Comparison of conventional wake with hypothetical wake designed
to have parts that rotate as a unit without rolling up from its edges
(from ref. 20).
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Figure 14.- Radial distribution of circulation in wake vortices shed by
90 percent tailored loading as predicted by Betz' theory for fully

developed vortices.
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Figure 15.- Comparison of conventional wake with a hypothetical wake

designed to translate downward as a unit.
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(a) Large-scale wake mixing. (b) No wake mixing.

Figure 16.- Wake structure predicted by time-dependent vortex calculations

for elliptic and sawtooth span loadings (from ref. 20).
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Figure 17.- Span loading predicted by vortex- lattice theory for swept wing
with seven flap segments per side deflected alternately up and down 15°;

C;, = 0.7 (from ref. 53).
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Figure 18.- Plan view of Boeing 747 subsonic transport.
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Figure 19.- Span loadings calculated for Boeing 747 wing using
vortex- lattice theory (from ref. 83).

57



WAKE VORTICES MERGED
TO FORM SINGLE PAIR

MODIFIED LANDING CONFIGURATION (LDG/0°)

FLAP INBOARD AND
OUTBOARD VORTICES MERGE

FLAP AND TIP VORTICES % 2
MERGE (GEAR UP) , >
13

x/b

Fig. 20.—- Comparison of two wakes of Boeing 747 (from ref. 83).
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Fig. 21.- Merging sequence predicted numerically for two Rankine vortices of
equal strength, Fl = F2 and dg = 1.7d..
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VISCOUS EFFECTS I N AIRCRAFT TRAILING VORTICES"

Alan J. Bilanin, Milton E. Teske,
Coleman duP. Donaldson and Richard S. Snedeker
Aeronautical Research Associates of Princeton, Inc.

SUMMARY

The mechanism of merging of like-signed aircraft vortices leads
to a rapid redistribution of trailed vorticity in a wake through
both convective and turbulent processes. Merging is investigated
experimentally in a small wind tunnel and analytically through the
use of a code which computes turbulent transport using a second-
order closure turbulent model. Computations are reported which
demonstrate the merging phenomenon, and comparisons are made with
experimental results. The usefulness of point vortex computations
in predicting merging is explored. Limited computations have shown
that jet exhaust does not appreciably alter the merging phenomenon.
The effect of ambient atmospheric turbulence on the aging of an
aircraft wake is investigated at constant turbulent dissipation
rate. It is shown that under stable atmospheric conditions, when
atmospheric macroscales are less than or equal to the vortex
spacing, misleading results may be obtained. This conclusion
cautions against using one parameter to characterize the ability of
the atmosphere to dissipate aircraft wake vortices.

The work reported here has been sponsored by NASA under Contract
No. NAS1-13932 and by the AFOSR under Contract No. F4L620-75-C-
0051. The authors would like to thank Mr. G. G. Williamson for
help with the computations and acknowledge numerous conversations
on turbulent transport with their colleague, Dr. W. S. Lewellen.
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I. INTRODUCTION

The hazard associated with an aircraft's trailing vortex wake
is generally acknowledged to be the large rolling moments induced
on an encountering aircraft. These rolling moments are related to
the angular momentum contained in the wake itself. The magnitude of
angular momentum can be directly estimated from the Betz roll-up
model (ref. 1), which has received widespread use in recent years
(refs. 2-5). The Betz roll-up technique specifies how the torque
exerted by the lift distribution on a wing (see rig. A1)results in
a distribution of angular momentum in the trailed vortex through the
relationships

r

y(y) =Yy (1)
r'(y) (2)

where T(y) is the circulation distribution on the wing and T(r)
is the circulation distribution in the downstream vortex. The

length r is related to y through Eq. (1), where J¥(y) is the
centroid of vorticity shed outboard of wing station y and is de-
fined as

I'(r)

S

e = =1 dar(n)
y(y)—r—(—iyf——a—n——ndn (3)
y

Equations (1) through (3) are equivalent to

S L R
Torque =£ 2(n)[n-y(y)ldn = 2ﬂof U, Vg (x )X 20X ()
070
where 2(n) = -p U, T(n) is the wing sectional loading on the fluid

and s is the wing semispan.

The axial flux of angular momentum in a vortex of radius r
equals the torque exerted on the fluid (calculated about y(y)
outboard of wing station y). Setting y =0 in Eq. (4) shows that
the torque exerted by the wing equals the axial flux of angular
momentum in the Betz vortex and is given by
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y(0) - ¥
Torque = %2- -—————S———L—] (5)

where S'L is the centroid of the load distribution defined by

S
7. o= fOF(n)n dn (6)

L s
f T'(n) dn
0

Since (y(0) - ;TzL)/s is a function only of the shape of the load
distribution, its value is nearly constant among various aircraft.
(For a rectangularly loaded wing and a linearly loaded wing

(y(0) - :TrL)/s = 1/2 and 1/6 , respectively.) It is therefore not
surprising that the rolling moment hazard is a function of the
.generating aircraft's size, since the angular momentum in the Betz
vortex (from eq. (5)) is proportional to the product of the lift L
and wing span b . If a small aircraft were to encounter the whole
of this torque from a jumbo jet, the results would be disastrous.

Fortunately, the torque induced on an encountering aircraft is
a fraction of that which might actually be extracted from the wake.
This is due simply to the fact that the encountering aircraft's
dimensions permit 1t to span only a portion of the vortex at any
one time. This may not however be a saving grace, since the roll
control capability of-an aircraft diminishes with diminishing span.
What then will permit a small aircraft to fly at a reasonable
distance behind a larger generating aircraft? The answer lies in
the distribution of angular momentum. First, the conservation of
angular momentum would say that the total axial flux of angular
momentum in the half-cross plane calculated about the aircraft wing
centerline must initially equal the generator's wing root bending
moment. Apparently the distribution of angular momentum can be
substantially altered by tailoring the generator's lift distri-
bution. Second, the landing or takeoff wake of an aircraft, com-
prised of multiple vortex pairs (see fig. 2), can undergo an

63



initially convective instability called vortex merging. The
merging phenomenon results in a redistribution of trailed vorticity
in a wake through convective and turbulent processes. This re-
distribution lessens the hazard of the trailed wake in distances
which have been observed to be tens of spans behind the generating
aircraft.

The convective and turbulent interactions between vortices in
distances of up to 30 or 40 spans behind the generator form the
subject of this paper. A qualitative description of the aging proc-
ess in the near vortex wake and the relevance of multiple vortices
and merging are discussed in Section 11. In Section III, A.R.A.P.'s
turbulent model is briefly reviewed, and a simple merging compu-
tation between two equal strength like-signed vortices is given.
Recent experimental results of the vortex-vortex interaction problem
obtained in a small wind tunnel are described in Section IV. A
discussion of how point vortex computations can be used to determine
whether strong vortex interactions are likely to occur in vortex
wakes is given in Section V. Numerical calculations of aircraft
wakes including the effects of thrust and atmospheric turbulence are

presented in Section VI. Finally, in Section VII, conclusions are
offered.
SYMBOLS
A wing aspect ratio
b wing span
b! separation between two oppositely signed vortices
Coh drag coefficient
Cr, lift coefficient
Crn thrust coefficient
d separation between like-signed vortices
e circulation box size
h vertical height of vortex pair
2 sectional lift on the fluid
L lift
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P pressure

/ﬁ + YV + ww

radial coordinate

viscous core radius

wing semispan

b'/2

time

velocity components in the x,y,z Cartesian system
flight speed

swirling velocity

X,¥,% Cartesian coordinate system

y(y) centroid of trailed vorticity
centroid of the load distribution

(]

-

S
=

8

< g o o W u B KB .0

<D

s
[

circulation

wing root circulation

vorticity

turbulent dissipation rate

turbulent macroscale or integral scale parameter
kinematic viscosity

ambient density

secondary streamline value

O

‘GO'O<‘.>(‘J\N"‘J"1

—_ overbar denotes time average

II. A QUALITATIVE DESCRIPTION OF VORTEX WAKE AGING

When an aircraft in a clean (cruise) configuration trails a
wake, two regions of somewhat concentrated vorticity are left in
the fluid, shown schematically in figure 3. For an encountering
aircraft whose span is less than the semispan of the generating
aircraft, a most desirable piece of information is the intensity
of the swirling flow in a circular area whose diameter is the
wingspan of the encountering aircraft. If circulation is a
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reasonable measure of this intensity, then we must determine how
circulation might decrease in this region, |If we center the area
about the centroid of shed vorticity (as in fig. 3), we see that
vorticity cannot be transported from this region by convection
since, roughly speaking, streamlines do not leave the circular
region. Hence, diffusion is the only mechanism able to spread
vorticity and reduce circulation in this area. Unfortunately,

the axisymmetric vortex is quite stable and can only sustain low
turbulence levels. In fact, turbulence is actually damped in the
central region of the vortex (the viscous core). It is just in
this region where vorticity is maximum, making it desirable to dis-
tribute this vorticity rather extensively over the wake half-plane.
Apparently, however, only molecular transport provides any diffusion
of vorticity here.

That vortex cores from simply loaded wings are in fact nearly
laminar can be seen from figure 4 where smoke released from a tower
has been entrained into the wing tip vortex of a large aircraft.
The air through which the aircraft flies is discernibly turbulent
(as interpreted from the dispersion of smoke) while the vortical
fluid making up the viscous core is nearly laminar.

Turbulent computations using second-order closure modeling
also confirm this feature of isolated vortices. The swirling
velocity for a classical Lamb vortex is given by

v =—L—(1—expﬁ> (7)
6 2mr 1"2
c

Taking the equilibrium, nondiffusive, and high Reynolds number
limits of the second-order closure model (ref. 6), we obtain the
turbulent kinetic energy distribution shown in figure 5. Also
shown is the corresponding distribution of vorticity. Note that
no turbulent kinetic energy is predicted for r/rc < 1.25 . The
centrifugal effect of the swirling velocity suppresses the

Production of turbulence in this region.
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From observations and analytic considerations(refs. 5,7), air-
craft vortices do not produce sufficient axial shear to provide a
mechanism for any sizable production of turbulence. The vortices
from a clean aircraft age quite independently in a calm atmosphere.
(The vortex pair from a clean aircraft can undergo a Crow in-
stability excited by the atmosphere (ref. 8). However, time scales
for this instability result in distances behind the aircraft far
larger than those being considered here.)

In the landing or take-off configuration (flaps.deployed), the
trailed wake takes on a decidedly more complex structure. Multiple
vortex pairs are trailed and interact. Significantly, this inter-
action may be favorable since the straining effect of vortex upon
vortex may destroy the circular symmetry of each vortex. The
vortices undergo an initial convective instability leading to a
production of turbulent energy and turbulent redistribution of the
vorticity (again, see fig. 3). On comparable time scales, the
multiple- pair wake can age more than the wake of the cruise air-
craft when this favorable interaction is utilized.

Of course, other mechanisms can also act to spread vorticity
across the wake. However, only vortex breakdown acts on a time
scale commensurate with the merging phenomenon. Unfortunately,
our work on the transport processes involved in breakdown is just
beginning.

In sum, the merging phenomenon is a naturally occurring
mechanism of decay in aircraft multiple-vortex wakes, leading to
a more rapid conversion of the kinetic energy of the swirling
velocities in the vortices into turbulent kinetic energy. |If the
merging phenomenon can be understood and predicted, a great po-
tential exists for lessening the hazard associated with vortex
wakes through suitably tailored wing lift and drag distributions.
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ITI. A NUMERICAL COMPUTATION OF MERGING

Dunham (ref. 9) first observed the merging phenomenon between
flap and tip vortices of the B-747 aircraft on what has become the
LDG/0 configuration. That is, inboard flaps are deployed at
8§, = 46° and midspan flaps remain undeployed. His sketch of the
phenomenon is shown in figure 6, where ink injected at the wing was
used to visualize the vortices. He observed that the tip and flap
vortices, while quite distinct at fifteen span-lengths behind the
B-747, appeared to interact further downstream until only one
rather weak (diffuse) vortex remained. The rather rapid diffusion
of the ink suggested the mechanism of turbulent transport in the
spreading of the trailed vorticity.

To model the convection and turbulent diffusion of vorticity,
we at A.R.A.P. have developed a computer code to solve the
equations of fluid motion including our invariant turbulent model
(ref. 10). This model is based on a closure of the rate equations
for the velocity correlations at the second order. Details of the
model, its evolution and validation, may be found in references 10
and 11. 1t suffices here to reproduce the equations. The flow
variables are separated into mean-and fluctuating components, then
averaged and modeled where appropriate. The mean variables satisfy
continuity

aU.
3X. 0 (8)
1
and momentum
2
U, oU. Ju.u, 9°U
i i_ _ i i 1 2aP
5t T Uy %, 3%, 0 3.2 T p_ 3%, (9)
J J Xj e} i

where the density Py IS constant.

The turbulent velocity correlations satisfy the rate equations
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du,u ou, u, aU, U
=J + U 1_J = - u,u 5—1 - ULy 5—1
ot k axk 17k Xy J Xy
4 —~ J
Production (10)
3 auiu.
+ v 5—-—-—- qh —5—"1‘
pressure and velocity diffusion
2
q _ g_)
_ A(uluJ GiJ 3
\ T
tendency toward isotropy
agu.u.
+ AV} ____l__J..
8X2
k
viscous diffusion
s 2bq3 _ 2a\)uiuj
ij A A2
A J
dissipation
. ——1/2 i . )
where q = (uiui) . The pressure and velocity diffusion,

tendency toward isotropy, and dissipation terms are modeled.
Models are chosen on the basis of dimensional consistency, tensor

invariancy under transformation, and physical considerations

(ref. 11). The.constants v,
0.125, and 2.5, respectively.

,b ,and a have the values 0.3 ,
These constants have been de-

termined from appropriate experiments so chosen where possible to
emphasize the particular effect studied.
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Lambda (A) is the turbulent integral scale or macroscale param-
eter gaging the coherent length scale of the turbulent eddies. It
is determined from a dynamic equation which models the production,
diffusion, and dissipation of the integral scale'of the turbulence.
The dynamic scale equation being used (ref. 11) 1is

U,

DA = A - i v
q J A
N —— J L ~ J
production dissipation
0.3 8 (an 2 ) - 0.375 (an)2
Bxi axi o] Bxi
e
diffusion (11)
where X = A 75 is the dissipation scale.

[a+(bgh/Vv) ]

Equations (8-11) have been programmed to solve either two-
dimensional unsteady or three-dimensional steady problems with a
parabolic approximation made in one space dimension. The details
of the algorithms used can be found in reference 12.

As a first illustration of the numerical computations, we have
chosen the simplest merging problem between two like-signed equal
strength vortices. The computational region is shown in figure 7.
Two Gaussian spots of vorticity of the form

13°z 2

d 1,‘2

= exp (_ ———) (12)
2T 2r2 r‘2
c c

have been placed at y =+ g/2 0 . The radius r 1S measured
outward from both y =+ d/2 , z =0 . Gaussians of turbulent
kinetic energy of the form
2
2 _ 2 r
Q" = qj exp (— —g) (13)

r
c

»
N
I

1+
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are also placed at y = d/2 , z = 0 with
2
48 = o.m(r/m) (14)

The calculation is started with UU = W = ww = g°/3 and UV = 0.
The integral scale parameter is initially taken equal to 0.2s.
Boundary conditions on velocity are applied via a multipole expansion
of the vorticity field (ref. 12). Turbulent quantities are set
equal to zero at the computational boundaries.

The results of the computations are shown in figures 8, 9, and
10, where instantaneous distributions of pressure, vorticity, and
turbulent kinetic energy are shown in intensity form. The counter-
clockwise rotation of the pair 1S expected. 1t is interesting to
note that the mean flow variables, pressure and vorticity take on
a discernibly more axisymmetric structure at tl"/Trd2 = U4 than
the turbulent kinetic energy, This is expected in a phenomenon in
which the redistribution of vorticity is initially governed by con-
vection. The initial time scale for turbulent redistribution
through diffusion is of the 0(A/q) , which is approximately
£T/md% = 1 .

A comparison with an equivalent isolated vortex decay compu-
tation illustrates the significance of the merging phenomenon in
terms of aging the vortex flow field. V¢ have chosen to compute
the decay of an isolated axisymmetric vortex whose initial
vorticity distribution is Gaussian and whose circulation equals
that of the pair. The core radius r, has been chosen to make
the polar moment of the vorticity distribution computed about the
centroid equal to that of the merging pair. Thus,

2
=l + % (15)

C . .
Yo pair

The computation is carried out with an axisymmetric version of the
code (ref. 13) used to compute the merging of the like-signed pair.
The initial turbulence distribution is taken to be UU = VV = Ww =
q2/3 where
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q2 = 2.0q§ exp I:_(}_r____)z] (16)

cpair

so that the initial total turbulent kinetic energy in both compu-
tations are equal. The integral scale parameter A is taken to be
0.2s ,

Figure 11 shows the total turbulent kinetic energy in the
crossplane as a function of time. The level that can be supported
by the axisymmetric isolated vortex is far less than initially
introduced, as discussed earlier and in reference 6. However, the
breakdown of the axisymmetric structure about each vortex in the
merging pair results in the production of turbulent kinetic energy
and, hence, Reynolds stresses, which diffuse the mean vorticity
outward in addition to the convective spreading. The production of
turbulence is the transport mechanism which can diffuse vorticity
to the wake centerline and result in the decay of circulation in
the wake, as was shown schematically in figure 3.

IV. EXPERIMENTAL OBSERVATIONS OF MERGING AND PAIR INTERACTIONS

A simple experiment was designed to observe the merging
phenomenon in a controlled environment.

Apparatus an&technique

Flow visualization studies of vortex merging and pairing were
carried out in A.R.A.P.'s 0.305 m x 0.305 m subsonic wind tunnel.
This facility has a 2-m-long test section with an adjustable roof
to allow modification of the axial pressure gradient. For these
studies the pressure gradient was set at zero.

The tunnel has a maximum velocity capability of 15 m/sec and
the test section turbulence level is relatively low -- about 0.2%
For the purposes of these studies, the test section was fitted
with windows for its full length on one side, and the interior
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surfaces were painted flat black to improve visibility of the white
smoke used for visualization.

Vortex flows were produced by airfoils mounted through
opposite sidewalls of the tunnel just upstream of the test section.
Each airfoil had a constant chord of 7.62 on and was mounted so
that its angle of attack and length of immersion in the stream could
be adjusted. Thus, the strengths of the vortices and their initial
spacing could be set to any desired value. The airfoil section was
NACA 0012 and the tip was a revolved section. Construction was of
molded fiber glass and polyester resin. The airfoils were hollow
to permit the flow of smoke from outside the tunnel to holes in the
wing tips near the points of initial vortex roll-up. This arrange-
ment produced a quite satisfactory concentration of smoke in the
trailed vortex behind each airfoil.

Observation of merging and pairing phenomena was accomplished
by illuminating the entrained smoke with a planar beam of light
directed across the tunnel normal to the flow. In this way a
cross-section of the vortex flow pattern was made visible when
viewed from a point upstream or downstream of the light beam. In
order to record the patterns photographically, a small mirror was
mounted inside the wall of the diffusor downstream of the test
section. The mirror was set so as to reflect an image of the
illuminated cross-section through a window in the side wall and,
finally, to a camera outside the tunnel. With this setup it was
possible to photograph patterns between 3 and 23 chord-lengths
downstream of the airfoils.

Continuous illumination was provided by the beam from a
lantern slide projector and instantaneous illumination was pro-
vided by an electronic flash unit. Thus, 1t was possible to view
smoke patterns that were either time averaged (usually 1/2-second
exposure) or "frozen"™ (1/2800 second). The planar beam of de-
sired intensity was produced by passing the light through a
vertical slit about 0.95 an wide.
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A sufficient quantity of dense white smoke was produced by a
boiled-kerosene smoke generator.

Views of the wind tunnel and airfoil assemblies are shown in
figure 12.

Results

The merging phenomenon between vortices of same sign and
strength is visualized in figure 13. Viewed from downstream, the
angles of attack for the left and right wings are -6° and 6° ,
respectively. The vortex rotation is then in the clockwise di-
rection. As can be seen, the vortices are quite distinct at
x/d = 18 but merge quite rapidly between x/d = 90 and 114.

By x/d = 138 , the merged pair is nearing an axisymmetric shape.
The straining effect of vortex upon vortex is quite evident at the
x/d = 114 and 126 stations.

The photographs suggest that the merging phenomenon is nearly
laminar. This is attributed to rather low test Reynolds numbers.
Typically, T/v = 5000 for these tests, while the Reynolds numbers
associated with aircraft wakes are more like 107 . This, however,
does not limit the usefulness of these tests since the initial
stages of the merging phenomenon are convection dominated. The
initial redistribution of trailed vorticity can be studied directly.

To again illustrate the importance of turbulent transport, the
merging computation presented in Section IIT is compared with smoke
visualization photographs. Figure 14 shows computed vorticity in-
tensity plots and photographs of visualized smoke at comparable
downstream positions. The comparison of smoke intensity with
vorticity is not quite correct since the smoke particles are not
quite the same density as the fluid. The comparisons, however, are
qualitatively quite good with the last axial station showing the
greatest departure. The turbulent computation shows the vorticity
measurably more spread through the fluid and at a substantially
lower level. Both effects result from the turbulent diffusion
present in the numerical simulation.
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The next sequence of photographs, shown in figure 15, explores
angle-of-attack change of one wing while holding vortex separation
and the angle of attack of the second wing constant. The photographs
are taken at downstream station =x/d = 55.4 . Equal sign and
strength vortices occur with Uhap = 7 Oygp = 6° . As one vortex
Is weakened, the stronger vortex begins to strain the weaker vortex
and proceeds to wrap the weaker vorticity around itself. When the
vortices become of opposite sign, there is less tendency to merge
even when one vortex is significantly weaker than the other. Com-
pare, for instance, o .= -6°, o, .. = 2°, and 8rof = - 6°
A ap = 2° . When both angles of attack are equal the classical

vortex pair is produced.

The next sequence of photographs (fig. 16) explores the
stability of the counter-rotating pair as the separation between the
pair is reduced. At a fixed downstream station, the vortex pair has
descended to a lower position in the tunnel as separation is de-
creased. The last photograph shows how remarkably stable the
counter-rotating configuration can be. The physical mechanisms
which permit vortices of like sign to merge quite readily while
inhibiting the merging of vortices of opposite sign are yet to be ex-
plained, Moore and Saffman's work (ref. 14) notwithstanding.

In figure 17 an attempt is made to visualize the structure of
the vortex by taking a high-speed photograph (1/2800 sec). Upper
right shows the instantaneous smoke pattern of an unmerged pair,
while upper left shows the continuously lighted smoke distribution,
Lower right shows the instantaneous smoke pattern of a merging
pair with equal strength and like sign. This may be compared to
the continuously lighted photograph in lower left. A careful in-
spection of the instantaneously lighted photographs shows the
merged pair to be more turbulent than the unmerged pair.
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V. MERGING COMPUTATIONS USINGPOINT VORTICES

An important part of the merging phenomenon is the production
of turbulence and the subsequent diffusion of trailed vorticity.
Before using a program that incorporates all of these effects, we
may first obtain some fundamental results using a far simpler in-
viscid model, namely, the point vortex technique for computing
wake structure. Point vortex computation for wakes is not a new
idea, having been used first by Westwater (ref. 15) in 1935. Since
that time, many investigators have used this technique. The basic
idea is to distribute point vortices ip the Treffetz plane of a
hypothetical wing, as shown in figure 18, and compute their
trajectories in time. The resulting motion will be produced by
the convective interaction between the vortices themselves.

Given two like-signed vortices, the rate of merging should in-
crease as the separation between the vortices decreases. The
simplest interesting wake is made of two vortex pairs; for example,
one comprised of flap and tip vortices.

Merging should occur if the subsequently computed trajectories
brought the flap and tip vortices closer together, or at least did
not increase the distance between vortex centers. Figures 19 and 20
illustrate the trajectories of two rather differently structured
wakes. The tight orbiting of flap and tip vortices in figure 19 will
result in merging while the weak interaction between flap and tip

vortices, shown in figure 20, may not result in merging.
For two-vortex-pair wakes a qualitative prediction of

whether merging may in fact occur can be obtained from a wake
classification chart shown in figure 21. When vortices are of

like sign and fall in the region marked "remain together,”™ one
might expect that merging will eventually occur. On the other
hand, wakes which fall in the region denoted "separate" may

possibly remain unmerged. Wakes from real aircraft in a landing
or takeoff configuration have far more structure than can be
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represented simply by two vortex pairs. In fact, the B-747 air-
craft in a landing configuration trails six discrete pairs if the
tail vortex is included (ref. 6).

At the next level of complexity we consider a third vortex
pair which can be used to model a fuselage vortex. W choose as
a representative case the wake from the Landing/0O configuration
studied by NASA. The load distribution shown in figure 22 has
been taken from the work of Ciffone and Lonzo (ref. 16). The Betz
roll-up recipe will predict roll-up into three discrete vortices
(ref. 2). The trajectories as viewed in the Treffetz plane are
shown in figure 23. As can be seen, the distance between the flap
and tip vortices continuously increases downstream. Ciffone and
Lonzo conducted flow visualization experiments in a towing tank on
this configuration and reported that merging did not occur. It is
instructive to compute the separation between tip and flap vortices
as a function of downstream distance while varying the strength of
the fuselage vortex (fig. 24). By weakening the fuselage vortex,
it is possible to reduce the separation between flap and tip
vortices. The minimum separation between flap and tip vortices
occurs when FJ. = = 0.3l . Further reduction in fuselage vortex
strength serves only to again increase the distance between flap
and tip vortices.

In figure 25 the sensitivity of distance between flap and tip
vortices is investigated as a function of the position of the
fuselage vortex. By moving the fuselage vortex from 37j/s = 0.125
to 0.2 (a shift of 7.5% of the semispan), the flap and tip
vortices can be brought to a distance of only 9% of the wing semi-
span. The dots lying near the curve denoted :g'rj/s = 0 correspond
to the distance between flap and tip vortices in a fully two-
dimensional unsteady solution of the equations of motion with the
computer code described in Section 111. This computation is not
described in this paper, but may be found in reference 12. 1[It is
heartening to see the good agreement between the transportative
model and the simple point vortex calculation.
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The above computations serve to demonstrate the sensitivity
of wake geometry to modest changes in wing load distribution. It
is an unfortunate fact that technologies to give accurate pre-
dictions of load distributions are somewhat lacking, particularly
for wings with flaps and slats deployed. The magnitude of the loss
of lift at the wing-fuselage junction quite strongly influences
wake geometry. In our opinion, there is now a need to know the
wing load distribution more accurately than ever before.

The next level of sophistication of computing roll-up and
vortex-vortex interaction discretizes the shed. vorticity with a
large number of point vortices. Various investigators have
questioned the validity of such a model, particularly when compu-
tations proceed for any length of time. These criticisms have been
reviewed in reference 6. However, if one is careful with numerics
and physical interpretation of the results, it appears that a great
deal can be learned from such a computation.

Figure 26 shows the modified Landing/O configuration at
Cp, = 0.8. This load distribution was represented by forty discrete
vortices of equal strength. The subsequent positions are shown in
figure 27. Plotted also are the positions of the flap, tip and
fuselage vortices as obtained from a three-vortex-pair repre-
sentation. These clusters are in reasonable agreement with the
three-vortex-pair computations.

For a second computation we remove the fuselage vortex from
the modified Landing/0 configuration as shown by the dashed line
on figure 26, still using forty equal strength vortices to repre-
sent the trailed vorticity. In figure 28 a comparison of the many
vortices representation is made with a two-vortex—pair model. The
results are quite acceptable.

Figure 29 shows the distance between the flap and tip vortex
centroids,as computed above, with quite good agreement.

The study shown in figure 25 indicates that moving the fuse-
lage vortex to 20% of the semispan of the wing causes the flap
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and tip vortices to move into close proximity. The load distri-
bution for the LDG/O configuration (fig. 22) was altered inboard

to create a fuselage vortex of strength Ty = - 0.47T. . As it
turned out, the fuselage vortex centroid was located at ¥/s = 0.185
The separation between tip and flap vortices as a function of down-
stream distance is shown in figure 30. For this configuration,
minimum separation of d/s = 0.175 is reasonably well predicted.
However, the distances downstream at which this minimum is achieved
do not compare favorably. When the fuselage vortex is removed,

so that flap and tip vortices move apart, the computation using

a distribution of vortices again compares favorably with compu-
tations using one point vortex to represent each discrete vortex

in the wake. The discrepancy when distributions move together lies
in the incorrect approximation that the centroid of a given distri-
bution of vorticity moves at the velocity induced at its centroid
by other concentrations. In reference 6 we show that the velocity
of the centroid of a bounded region of vorticity in an infinite
fluid is given by

> >

dr . ————f Jot? (17)
dt T

where ﬁo is the velocity field induced by the presence of all
other concentrations of vorticity in the fluid other than the one
whose motion is being computed. As two distributions come close
together, ﬁo may vary significantly over ¢ and the motion of
the centroid. is not simply the fluid velocity at the centroid in-
duced by all other concentrations of vorticity.

Another significant result from this computation is that the
calculation which used a distribution of point vortices did nat
show any tendency to merge. V¢ add without further comment that
the negative fuselage vortex was also in close proximity to the
flap and tip vortices during closest approach.

It has been our purpose in this section to point out that
simple discrete vortex computations can be used to quickly assess
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whether particular lift distributions will result in a multiple
vortex wake which will merge. When vortices of like sign remain

in proximity of each other, the merging process must eventually
occur. An estimation of the deintensification as a result of
merging requires the use of a transportative fluid model, such as
that presented in Section 111. In sum, inviscid computations
indicate that small changes in aircraft configuration and, hence,
wing lift distribution can have a profound effect on wake structure.
More accurate knowledge of lift distributions on commercial jet-
liners, particularly in the landing and take-off configurations

with and without landing gear deployed, would greatly aid in
understanding the dynamics of aircraft vortex wakes.

V1. CALCULATIONS OF AGING IN AIRCRAFT VORTEX WAKES

Computations using the vortex wake code discussed in Section III
are presented here to illustrate merging and the significance of
engine exhaust and ambient atmospheric turbulence.

Decay of a simple vortex pair

Figure 31 shows the initial conditions of the computation of the
decay of a simple vortex pair. The initial vorticity and turbulent
kinetic energy distributions were taken to be Gaussian about
y/s' =+ 1 . Two computations were made with the viscous core

radius rc/s' = 0.4 and 0.8 . The integral scale parameter A/s!
was taken equal to 0.2. The turbulent energy components were again
equally distributed with uu = vv = ww = q2/3 . The cross-

correlations were initially taken to be zero.

The computations are carried out in time and the results
transformed to downstream distance through X = Uot . Figure 32
shows the circulation computed over the area y > 0 . The constant
circulation region for the initially tight vortex (rc/s' =.4)
illustrates the situation depicted in figure 3. Circulation cannot
decrease until the vorticity has diffused across the wake.
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The computation for the initially more diffuse vortex
(rc/s' = .,8) has been carried downstream to a distance of
x'/pb!' = 87nmo'2/b20L ;at Cp =1 and A =7 and a rectangularly
loaded wing, x/b = 160 . For a B-747 aircraft this is approxi-
mately 10 km. Without ambient atmospheric turbulence, the vortex
pair ages quite slowly. Figure 33 compares the maximum root-mean-
square turbulence level g between the pair and a computation
using a single isolated vortex having the same initial conditions
as one vortex of the pair. The level of turbulent intensity in
the pair is not significantly different than that computed for an
isolated vortex,

In figure 34 we show the rc/s' = 0.8 circulation as a
function of downstream distance about a square of side 2e,
centered at the centroid of vorticity in the half-plane. As might
be expected, the decay of circulation is far more rapid than the
half-plane value.

Figure 35 shows the computed descent rate dh/dt of the
vertical centroid z of the vorticity. The z increases as a
function of downstream distance since a uniform upwash has been
added to the cornputation (of magnitude Fo/l&—ns') to keep the vortex
pair centered in the computational mesh. The descent rate decreases

as vorticity diffuses across the aircraft centerline.

In figures 36 and 37 are shown instantaneous streamlines at
the beginning and end of the computation for the r,/s' =0.8
computation. The y,Z coordinate system is one in which the fluid
at infinity is at rest; therefore, the pair descends downward.

Merging of equal strength flap and tip vortices, including
engine exhaust

Vortices are positioned at y/s = - .95 , -.4 |, .4 and .95 ,
and z/s = 0 . In the right-half plane the vortices are of equal
strength and of positive sign. In the left-half plane the vortices

are of equal strength and negative sign. The vorticity distri-
butions are given by Gaussians
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2 2 2
2Ts 2s r
2B = L exp (— —-—2> (18)

r r
c c

and the turbulent kinetic energy distribution about each vortex Is

given by
2 ' 2
27Ts :
( FQ) = (0.01 p (- ig) (19)

with the turbulent energy components again equally divided
initially. Cross correlations are initially taken to be zero.

A second computation uses the above initial conditions but
adds the jet exhaust. At a lift coefficient of 1.5 and assuming

CD = Cp = 0.1250L, the axial velocity excess about each engine is
given by
2
AU21s - r
218 _ 8.0 exp (- 52.0 §2) (20)

Taking the aspect ratio equal to 7, the flight speed is 40.0r'/2ws .
The engine exhausts are Gaussians of excess axial velocity and are
positioned at y/s = -0.75 , -0.4 , 0.4 , and 0.75 and z/s = -0.08.
Except for a vertical displacement of =z/s = = 0.08 , the inboard
engines exhaust directly into the flap vortices. Additional
Gaussian distributions of turbulent kinetic energy are positioned

at each engine with the distribution given by

2

(21118q)2=o.6u exp(— 52.0 5;_2.) (21)

The turbulent energy components are equally partitioned and the
cross correlations taken to be zero initially.

Figure 38 shows a comparison of the trailed vorticity in
intensity plot form. The darkest areas have intensity equal to
unity, since the plots have been made by nondimensionalizing the
vorticity with the maximum value at x/b = 0 . As can be seen,
the jet engines do not hinder the merging of flap and tip vortices.
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At twelve spans downstream the jet engines give slightly more
spreading of the trailed vorticity; hence, the lower maximum value.

Figure 39 shows the intensity of the turbulent kinetic energy.
Note that the normalization differs between the run with and with-
out jet exhaust. It is likely that appreciable redistribution of
the trailed vorticity is yet to occur owing to the large values of
turbulent kinetic energy in the wake. This feature is over-
emphasized by taking the initial integral scale parameter A/s to
be 0.2 for both runs. The integral scale parameter in the
exhaust jets should be initialized to be somewhat smaller. 1In any
case, the merging phenomenon is not significantly altered by jet
exhaust and its accompanying turbulence.

Jet exhaust axial velocity excess intensity plots are shown
in figure 40. Note that the inboard engine exhaust which was
introduced into the flap vortex is slower to decay than the
exhaust from the outboard engine, again demonstrating the
suppression of the production of turbulence by swirl.

Wake dissipation by atmospheric turbulent diffusion of vorticity

There has been an attempt (ref. 8) to correlate wake life-
time with the turbulent dissipation rate e (our model at high
Reynolds number gives e = 0.125q3/A). Vortices present their
greatest hazard under stable atmospheric conditions. Under these
conditions, scales can be smaller than the characteristic wake
length scale - the vortex spacing. Under these problem atmos-
pheric conditions, the turbulent dissipation rate does not contain
sufficient information to estimate the diffusion of trailed
vorticity by the atmosphere. The integral- or macro-scale must pe
known. This fact can be demonstrated by two computations in which
E is held constant. For light and light-to-moderate turbulence,
we use a value of 51/3 =2 cm2/3/sec as suggested in
reference 8.
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If we take A/s = 0.2 and 2.0 , the corresponding turbulent
kinetic energies become (21qu/I‘)2 = 0.025 and 0.116 ,
respectively. These two values can probably be achieved in a
stable atmosphere with conventional jetliners.

The initial conditions are again Gaussians of vorticity at
y/s = = 1 of opposite sign to produce a counter-rotating pair. The
viscous core radius is taken to be r /s =0.5. The turbulent
energy components are again equally distributed so that
uu = VvV = WW = q2/3 initially. Integral scale parameter and
turbulent energy components are held constant on the computational
boundaries.

Figure 41 shows the circulation decay computed about a box
contour of side 2e centered at the centroid of the vorticity. At
the end of the computation (typically a wake age of 60 sec), levels
differ by a factor of two. More importantly, the rate of decay
differs by approximately a factor of four. These results do well
to emphasize the importance of scale and caution against too simple
a parameterization of the atmosphere. Obviously, the effects of
wind shear and stratification help to make the analysis of the
interaction of a vortex wake with the atmosphere a most difficult
one.

An indirect comparison can be made between the above results
and figure 34, which gives circulation decay of a vortex pair in
a quiescent. atmosphere. The initial spread of vorticity is
different in that rc/s = 0.8 for the pair in the quiescent
atmosphere, while r /s = 0.5 for the above cases. The abscissa
on figures 32 and 41 are equal and so time or downstream positions
can be compared directly. The slow decay of the pair in a
quiescent atmosphere is clearly demonstrated. The dominance of
the atmosphere in controlling the ultimate death of a vortex wake
is absolute even for low ambient turbulence levels. The turbulent
atmosphere may be likened to an infinite reservoir of turbulent
kinetic energy which can, for unlimited time, nibble away at the
vortex wake.
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Work is currently underway at A.R.A.P. to investigate through
second-order closure turbulent modeling the fluid dynamics of the
lower atmosphere. This work (partially reported in ref. 17) should
give those of us concerned with the vortex hazard the tools
necessary to access the rate of wake aging which results from
interaction with a dynamic atmosphere.

VII. CONCLUSIONS AND RECOMMENDATIONS

The phenomenon of vortex merging has been investigated experi-
mentally in a wind tunnel and numerically through the use of a
computer code, which includes transport via a second-order closure
turbulent model. It is shown that the merging phenomenon between
like-signed vortices is a mechanism which results in redistribution
of the trailed vorticity through convective and turbulent mechanisms.
This redistribution is one which extensively spreads the vorticity
over the wake and therefore hastens the decay process. Comparisons
between experimental observations of vortex merging and numerical
simulation of the phenomenon are favorable.

The usefulness of discrete point vortex computations to in-
vestigate wake geometry and structure is discussed, It is shown
that small changes in the strength and/or initial position of the
fuselage vortex can have a profound effect on the structure of the
multiple-vortex-pair wake.

Using the transportative code, computations have been run
which demonstrate merging between like-signed and strength flap
and tip vortices with and without engine jet exhaust. The merging
phenomenon does not appear to be significantly altered by the jet
exhaust.

The effect of ambient atmospheric turbulence on the aging of
an aircraft wake is investigated at constant turbulent dissipation
rate. It is shown that under stable atmospheric conditions, when
atmospheric macroscales may be less than or equal to the vortex
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spacing, misleading results may be obtained if vortex aging is
correlated only with the turbulent dissipation rate. This result
cautions against using one parameter to characterize the ability
of the atmosphere to dissipate aircraft wake vortices.

The technology now exists to investigate the complex con-
vective and diffusive processes in aircraft vortex wakes. However,
to use this technology requires an accurate description of the wing
load distribution - a quantity not easily predicted for all but
cruise-configured wings. It is recommended that accurate load
distributions be obtained experimentally for the B-747 aircraft.
These data will surely be of use in both understanding the inter-
actions which result in a minimum hazard wake as well as per-
mitting this technology to be transferred to other jumbo jetliners.

There is yet the problem of ground plane-vortex wake inter-
action. Hopefully, the merging phenomenon with its resulting
transportative mechanisms will still be active.
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Figure 4. The laminar viscous core of an aircraft vortex.
The smoke shows the effect of higher turbulence
level in the surrounding atmosphere (ref. 18.
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Figure 5. The superequilibrium turbulent kinetic energy and
vorticity distribution in a Lamb vortex.
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Figure 6. Merging interaction of a tip and a flap vortex as
sketched by Dunham (ref. 9).
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boundaries are moved outward as the computation
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Figure 11. Comparison of the turbulent kinetic energy as a
function of time between an isolated vortex and

two equal strength, like-signed vortices.
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Figure 12. View of the A.R.AP. wind tunnel (top) and the
vortex generator airfoils (bottom).
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Figure 13. Smoke pictures of the merging of two vortices of like
sign and strength at several downstream locations. The
airfoil angles of attack are ajept = -6° and
opight = +6° and the tip spacing d = 1.27 cm.
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Figure 15. Smoke pictures of the interaction of one vortex
of constant strength with another of varying strength

and sign. The axial station is x/d = 55.4 and the
tip spacing d = 2.06 cm.
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Continuous illumination Flash illumination
Figure 17. Illustrations of the smoke patterns under continuous

(1/2 sec exposure, left) and flash (1/2800 sec
.exposure, right) illumination.
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Figure 18. Geometry for the calculation of the downstream
location of vortex centroids.

105



I'/T'max I_'1‘ F'

-.25

i

z/s
/Ty =37

-75

-1.25

Figure 19. Vortex centroid locations as seen from down-
stream with strong interaction between
neighboring vortices (ref. 6).

106



rm

zZ/s

_25 12

Figure 20. Vortex centroid locations as seen from down-
stream with weak interaction between like-
signed vortices -pairs diverge. The time
interval between consecutive integers is a

constant (ref. 6).

107



goyeM JaTed-X83J0A-0M3 J0J 3JIBYD EOprOﬂMﬂmmWHo oveM T2 °4nlId
'K / €K
ol _ 10"
_ T 02Z-
J
i
N
]
x9}40A aatjisod ysabipj ) 4g°1-
1
ay} 0} painspaw si 1K R NIVW3Y A\
\ 14 / q]
_ J
1 g
_nu B / A doi-
1417 Y
~ IALLYOINNV
N 193 31CYYIES — =
3 :
N\ .
WWk\éqaum < H3H1ID0L NIVW3Y
|
AYLINWAS 40 3NV | .
NOWWOD V ONIAVH SHIVd H3= 12901 NIGWIY 21vuvd3s—°
X2 L HOA YYNVd ATIVILINI
OML 40 HOIAVH3IE 3HL |
o

108



2.0

[
o |.6f
_‘é a=2.9°
el CLT=.809
n Cp.=.075
- L2 !
L
= .8F
c
()
o
wn

A ~ Inboard

flap

-0Q.7T%

|

0 : L

o\ .2

Fraction semispan

Figure 22. Predicted spanwise lift distribution; LDG/O
configuration (ref. 16).

109



54

z2/5s

—-S -+

_1-5 -+

L

0 5 1 1.5
Y/S

Nt

2.5

Figure 23. Trajectories of the centroids of discrete vortices
generated by the LDG/O configuration (see fig. 22).

110



» 31)0~ = mp paToqel ode gz 94n8}J UT UMOUS U0TABANITIUOD

0/Hd1 98Uz J40J sj3Tnsed dyL mp x93J0A 83BT9SNJ dUys Jo yjdusals 8yj Jo
uoT4oUNJ B SEB S980F3JI0A delJ pue dTg usemasq uoraleardes 8yl Jo RATATQTSUSS ‘42 2anI Ty
qQ/X
02 9l 4 8 v 0
T _ _ - _ _ T _ _ I I 0
%Ol- m
—
—
—
q/pP2
o'l
€0~ cz10=5/'4
p'0=5/%
_ Ge'0=s/% ¢o=41/4
L0—=141/ o .



. .nm X99440A 83BT9SNJ aysg Jo uoTarsod TBIJTUT =Yl JO UOTjoung
B s® sooTaJoa deTJ pue dra usemasq UoTaeaedss ayjz Jo K3TATaTsuag ' G¢ 2an3Tg
si2 /3
5S4 2 /314
L 9 G v ¢ - é I o) 0
I | I I | |

Lb 0-=%1, U
s/ %%
s/ g0t/

v'0
G6°0

112



(9T *Jeda)
SUOT3eINITIUOO O/HAT POTITPOW ‘UOTANQTIISTP 3JTT osTMmurds pogoIpadd g9z 2an3T4g

uodsiwas uolI}oDJ4

ol ) 8’ 9 \_lv. N\“J %
‘1260 | Iy dois 31290-
pJooqui

paljIpoN v
W
©
Q
z
D
w
Q.
_ 121 @
890 = 99 -
218 =" g
08°G =D o
91 °

113



x/b=0 y/s

2 4 6 adg 1.0
0 T T T T T T ?ﬁ? T T 1
_ AAA
O Fuselage vortex
- < Flop vortex
- A Tip vortex
- 4
x/b=6.6 (0]
-.6F
(0]
-.8 o
z B <o NA &
s .10 [ed «© @
- 10 o <
- gé
-1.2L 30 0 @
2 4 6 1.0 1.2 1.4
o 1 T T T T T T T T T T T T T
B A
- ok A
2 AR
- 9
O Fuselage vortex
—_4
/b =i < Flap vortex
™ A Tip vortex
._6 =
-9
-1.0 ’
z % @
< f 0%0
._.| 2..
~ @)
- 0%
O
=|.8- o
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three-vortex computation.

114



3 x/b=0 y/s
O‘—'—O‘_‘JW‘IMM
[ A
0 2 q ‘ ? ]l_o
I 1]
A AA
—ar <& Flap vortex
- A Tip vortex
s O
x/b=6.6
-6 o
%
z
s -8} o 9)
O
O
o2 & 06 8 10
2: x/b=1l < Flap vortex
| A Tip vortex
A
o A
A
-
z
b i o
e & B
@ °
] <&

—1.0|. <o

L

Tomparison betweern using forty point vortices to
represent the trailed sheet of vorticity and using
two point vertices located at the centroid of the
tip and flap vortices as shown in Tigure 26 (the
fuselage vortex has been removed). & denotes

roid computed from the two-vortex computation.

¢

,-\
e
D
b

v
i

<t

135



‘gz 2Jan3TJ UT UMOUYS UOT3BINITJUOD
0/Hd71 pouw 8yj3 J0J s9o0T3aon dra pue delJ usamizaq Juroeds 8Uj3 Jo uosTaABRAWOD 62 24nIT4

02 Y 2l /% g b 0
o
S321440OA
3}340s1p 2
m.
~—
ey \
S —_ — —
0/9471 pouw S$8J1440A
xdj410A 9bDjaSN} ou 31942s1p O%

Q/p2

0/9a7 pow {

116



*UOTINATIISTP 3JTT 0/HdT P3a33T®
CIBOQUT UB JOX SJOT3J0M AT] (Mor aBTJ Usamisq Iutords ays Jo uosTaedwo) 02 <San3T4g

02 91 21" a/x g b 0

117

gglo=s/'% {
LyO-=41 /]

S3JI440A

Arx% 09

S3JLIION 34340S81p 2

S SIIFION $484ISIP ¢

-y

q/P¢

xd440A 3bBbpD|AsSNy ou




re/s’=.4

§21rs'2 _25'2 (__ ra)

S
2 y/sl

Initial vorticity
J4  distribution along z=0

2 Initial turbulence
2mws’ T _
(q ) distribution along z=0

——

2 y/s’
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distributions used in the computation of the decay
of a vortex pair in a quiescent atmosphere,
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Figure 36. Instantaneous streamlines at rt/2ms'® = 0.0 and 8.0.

The descent of the pair is stopped by addin% an upwash
of I'/4ws' . Streamlines shown for Tt/2rs's = 8.0 have
been reflected across the y = 0 axis.
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Figure 3/. Instantaneous streamlines at Tt/2ms'> = 0.0 and 8.0.

The upwash added in Figure 36 has been removed and the
pair permitted to descend. Streamlines shown for
re/2ms'2 = 8.0 have been reflected across the y = 0

axis.
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Figure 41. Decay of circulation in a counter-rotating vortex pair
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figure 34.
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GROUND-BASED FACILITIES FOR EVALUATING

VORTEX MINIMIZATION CONCEPTS

Joseph W. Stickle

Langley Research Center
and

Mark W. Kelly

Anes 'Research Center

SUMMARY

To determine the feasibility of altering the formation and decay of
aircraft trailing vortexes through aerodynamic means, NASA used the test capa- '
bilities of two wind tunnels and two towing basins. This paper describes the
facilities, common models, and measurement techniques that were employed in

the evaluation of vortex minimization concepts.

INTRODUCTION

The initial task of the NASA Wake Vortex Alleviation Program was to
evaluate the many devices and concepts that had been proposed to alter vortex
formation and decay. Facilities, therefore, were a major concern because the
characteristics of the vortex system must be determined from the point of

generation to points far downstream, representing in scale the area of interest
to a following aircraft.
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The problems, measurement techniques, and scaling of Reynolds number
and viscosity effects were discussed among both Government and industry re-
searchers in preparation for the evaluation program. It was generally agreed
that evaluation testing should be limited to those facilities that can re-
create, in model scale, an actual vortex penetration situation. It was further
agreed that the facilities should have common models, standard measurement
techniques, and be capable of providing a model Reynolds number on the order
of 0.5 million or greater, based on the generating model chord. The facilities
selected included the 40- by 80-ft wind tunnel at NASA"s Ams Research Center,
the vertical/short takeoff and landing (V/STOL) wind tunnel at Langley Research
Center, and the Hydronautics Ship Model Basin in Laurel, Md In addition, the
inactive 549-m long towing basin at Langley was modified with a new overhead
carriage system to provide a towing system using air as the test medium in
lieu of water, as used at the Hydronautics facility. The new installation was
designated the Langley Vortex Research Facility. The models selected include
a 0.03-scale jumbo-jet transport generating aircraft and two trailing wing
models representing, in span and aspect ratio, a small jet transport and busi-
ness jet. Each facility had the capability to generate a vortex system and
to measure directly the induced rolling moment of the vortex on the trailing

models.

This paper describes the evaluation facilities and the standard meas-
urement technique. 1t will also indicate the range of test capability
including other measurement and visualization techniques that have been

applied to the study of wake vortexes in these facilities.

It should be noted that reference 1 describes the development of a laser
velocimeter for vortex flow analysis and the use of the water towing facility
at the University of California, Berkeley. Although these were not part of
the standard evaluation apparatus, they both contributed significantly to
improved understanding of the complex nature of the aircraft trailing vortex

system during the evaluation program.
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SYMBOLS

b wingspan of vortex generator model, m

o0 =

local wing chord, m

average wing chord, m

X ol

distance behind vortex generator model, m

MODEL DESCRIPTIONS

Vortex Generating Models

The generating aircraft model used in each of the facilities was a
0.03-scale jumbo jet transport, shown in figure 1. A sketch and pertinent
geometric characteristics are given in figure 2. The initial model built for
use in the Hydronautics Ship Model Basin was constructed of aluminum, stainless
steel, and plastic. The three remaining models were molded of fiber glass,
using molds constructed from the Hydronautics model. Mounting techniques varied
between facilities and are discussed in subsequent facility descriptions;
however, each generating model was equipped with a force balance to measure
the performance impact of the vortex alleviation concepts. The generating
models were equipped with two spanwise segments of triple-slotted trailing-
edge flaps and full span leading-edge slats. Flap brackets were available to

provide flap deflections for each of the spanwise segments.

The generating model used in the Ares 40- by 80-ft tunnel used flow-
through nacelles and had no internal air ducting. The Hydronautics model had
internal tubing for dye injection that can be pressurized for studies of
vortex dissipation concepts with very low mass flow (2.1 x 10—4 m3/s). For
high mass flow studies, such as engine thrust effects, the Hydronautics
facility incorporated an overhead scoop and centrifugal pump arrangement as
shown in figure 3. Water is taken in through the scoop and pumped through’

two streamlined struts positioned ahead of the model. The flow was scaled to
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achieve the proper momentum and ratio of exit velocity to forward speed. The
thrust of each strut was set to equal 25 percent of the generating model drag
at the test lift coefficient. The lateral and vertical positions of the

struts were varied to investigate the effects of engine placement.

The model used in the Langley Vortex Research Facility was equipped with
high-pressure air (690 kPa (100 psi)) and internal tubing to simulate the
engine thrust on all four engines. Flow rates have been adjusted to provide
the appropriate thrust force; however, the ratio of model jet velocity to the

model forward speed is higher than that .for full scale.

The V/STOL tunnel model also is equipped with high-pressure air (690 kPa
(100 psi)) that can be used to simulate thrust in the manner similar to the
Vortex Research Facility model. To date, mass flow tests in the V/STOL tunnel

have involved only very-low-mass injection schemes and jettype spoilers.

Following Probe Models

The probe models are illustrated in figure 4 along with pertinent
geometric characteristics. Each is a straight rectangular wing having the span
(0.03 scale) and aspect ratio of a current day small jet transport aircraft
and a business jet. The Hydronautics probe models are constructed of aluminum,
although the other probe models are constructed of balsa wood. All of the
probe models were instrumented with a single-component roll balance with the
exception of the Hydronautics model, which also included lift and drag force

measurement.

TEST PROCEDURES

The standard test procedure involves generation of a vortex system in
the ground facility and surveying the flow field at various distances downstream

using the roll-balance-equipped following model as a sensor. Although it is
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recognized that this technique represents only one of many types of penetra-
tions likely to occur in a real situation, it does represent one judged to be
most hazardous from a pilot/control standpoint. It is also safe to assume
that large reductions in the induced rolling moment will result in reductions
in the severity of other upset situations. Figure 5 shows the test setup for
each of the four facilities. The generating aircraft are mounted in the
V/STOL and 40- by 80-ft tunnels in the most forward position of the test sec-
tion, and the probe models are used to survey the vortex field at discrete
downstream locations. Because the generating models in these facilities are
stationary and the airstream is moving, the probe models can sense the vortex
at a given position over a long period of time. Typical sample periods ranged
from 10 to 40 s. Rolling-moment data in the V/STOL tunnel were sampled once
per second and averaged over the sample period; data from the 40- by 80-ft
tunnel were selected as only the highest peak within the sample period. Com-
parison of the two analysis techniques, using data from the V/STOL tunnel
taken at 7.5 span lengths downstream with the large probe model, indicated
approximately 10 percent higher values using the peak measurements over the
averaged measurements, It would be expected that the difference measured with
the smaller model, or at greater distances downstream with either model, would

be greater because of the meandering of the vortex.

In the towing facilities, both models are moving and the data recording
time is limited. A normal test run in the Hydronautics facility was approx-
imately 25 s, which provides about 15 s for a single vertical survey through
the vortex. In the Vortex Research Facility, the probe model is positioned
prior to the run, and the sample time is approximately 2 s. In both Hydro-
nautics and Vortex Research Facilities, the highest peak data per sample were

used.

Figure 6 indicates the range of downstream distances in generating model
span lengths that can be tested in the various facilities. The dark areas
represent distances for which data have been obtained to date. It is worth-
while to note that figure 6 shows the test capability for the V/STOL tunnel
extends well into the diffuser section. Trends of the rolling-moment data

obtained in the diffuser and corrected for dynamic pressure change have been
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found to be in general agreement with those at comparable distances from the
Vortex Research Facility and from Hydronautics. Furthermore, reference 1
supports the diffuser results by comparing measurements made inside the test
section behind a 1.22-m straight wing model with measurements outside the test

section, but at identical span lengths behind a 2.44-m straight wing model.

HYDRONAUTICS SHIP MODEL BASIN

The Hydronautics Ship Model Basin is a water-towing facility 95 m long
and 8 m wide, with a water depth of 4 m, Two independently powered carriage
systems are used to propel the vortex generating model and the following
probe model. Maximum speed for conducting constant-speed runs is 6 m/s;
however, the evaluation tests were conducted at a nominal 3.8 m/s, which
corresponds roughly to the approach speed in span lengths per second of the
full-scale aircraft. Test Reynolds number at this speed is approximately
1.0 % 106. The carriage system is shown in figure 7 for the generating model
and in figure 8 for the following model. The generating model is attached with
a pair of rigid faired struts that are mounted to a tilt table. The tilt
table provides for a pitch attitude adjustment from -4° to 12° relative to the
model fuselage reference line. Vertical positioning is provided by substitut-
ing struts of different lengths. Normal test depth is 0.79 m below the surface;
however, tests have been conducted at depths of 1.70 and 2.48 m. The latter
depth places the generating model just under one span length above the tank

floor for investigation of vortexes in ground effect.

Lateral adjustment of the generating model is *0.71 from the tank
centerline. The following model can be adjusted from the centerline to a
position 2.28 m right of the centerline, giving a total lateral survey
capability of 3 m. The following model has a motor-driven vertical scan system
allowing a vertical survey of 0.46 m at a maximum rate of 0.04 m/s. In full

scale, this would represent a climb rate slightly less than 30 m/min.
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Separation distance between the two models was determined using the time
differential for the two carriages to pass a point halfway down the tow tank
and the measured speed of the carriages. For all tests, a sufficient number
of vertical and lateral surveys were conducted to assure that the maximum
imposed rolling moment present was measured at the various downstream distances.
A sample time-history of data obtained during a test run is shown in figure 9.
In the rolling-moment trace, the moment level builds and decays as the
following model rises through the vortex. The maximum peak for each run is

considered the maximum imposed rolling moment.

Prior to the vortex evaluation program, exploratory tests were made in

the Hydronautics facility using hot wire anemometers and a vortex swirl meter
to define vortex characteristics.

VORTEX RESEARCH FACILITY

A sketch of the Langley Vortex Research Facility is shown in figure 10.
A gasoline-powered carriage is shown mounted on the 554-m overhead track,
with the vortex-generating model blade mounted beneath the carriage. The
following model is located 50 m downstream of the vortex generating model (a
scale distance of 1.63 km (0.88 n. mi.)) through a series of trailers to

measure the rolling moment induced by the vortex of the lead model.

The test section, constructed to isolate the wake of the carriage and
trailers from the model wake, is 92 m long with a 0.05-m opening along the
center of the ceiling to allow the model blade mounts to pass. The exterior
of the building, shown at the entrance of the test section, encloses the

entire length of the track.

The overhead track extends 308 m upstream of the entrance to the
covered area where each test is initiated. After the carriage is launched,
the automotive drive system accelerates through first and second gear to a
velocity of 31 m/s, which is held constant by a cruise control throughout the

length of the covered area. At the test position, 31 m inside the covered
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area, sSmoke (vaporized kerosene) is deployed for flow visualization. (See
ref. 2.) At this point, high-speed motion picture and TV cameras are used
to film the motion of the vortex produced by the generating model, while the
aerodynamic forces experienced by the model are recorded. After 1.6 s,

the following model reaches this test point, measuring the vortex-induced
roll. Caliper brakes are applied as the vehicle leaves the covered area,
bringing the vehicle to a 1-g stop over the next 77 m of track.

Figure 1l illustrates data trace taken from a typical run. As the model
enters the closed test section, downwash of the carriage is isolated from the
vortex system and the vortex rises slightly into the path of the probe model
indicated by the slight jump in rolling moment at time equal to 10 sS. Thirty-
one meters, or 1s later, the test sample begins and covers the next 2 s of
data. The maximum induced rolling moment is determined using the peak rolling
moment during the test interval with the aid of video recording showing the
position of the probe relative to the vortex core. Normal test Reynolds number

in the Vortex Research Facility is 4.7 x 105.

V/ISTOL WIND TUNNEL

The V/STOL tunnel, located at NASA's Langley Research Center, has a test
section 4.42 m high, 6.63 m wide, and 15.24 m long. (See fig. 12.) 1t can be
operated as a closed tunnel with slotted walls, or as one or more open config-
urations by removing the side walls and ceiling. Tunnel speed is variable from
0 to 100 m/s (200 knots). In the vortex program, a majority of the tests were
run at a free-=stream dynamic pressure in the test section of 430.90 Pa, which
corresponds to a velocity of 27.4 m/s. The Reynolds number based on the gen-
erating model chord was approximately 4.7 x 105. Investigations of the effect
of Reynolds number on the rolling-moment data were conducted up to Reynolds
numbers 1 x 106. No significant effects were detected. Blockage corrections
were applied to the data by the method of reference 3. Jet-boundarycorrections
to the angle of attack and to the drag were applied in accordance with refer-

ence 4. Basic aerodynamic data of lift, drag, and pitching-moment coefficients
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for the generating model were obtained over an angle-of-attack range of
-4° vo +24°,

The probe model was attached to a traverse mechanism capable of moving
the model approximately 2 m laterally and vertically. The electric-powered
traverse mechanism was positioned at various downstream distances and the flow
field was surveyed. Contours of constant averaged rolling moment such as
shown in figure 13 were produced. The location of single or multiple vortexes
within the survey area were easily recognizable, particularly when using the
smaller probe model. Other test capabilities used in the study of vortexes in
the V/STOL tunnel include the three-component hot-wire anemometers and visual-

ization techniques employing smoke and neutrally buoyant hydrogen soap bubbles.

40- BY 80-ET" SUBSONIC WIND TUNNEL

The 40- by 80-ft subsonic wind tunnel is a closed-circuit wind tunnel
used primarily for determining the low-speed aerodynamic characteristics of
aircraft and spacecraft. The oval-shaped test section measures 12.19 m high
by 24.38 m wide and is 24.38 m long. Airflow is produced by six variable-
speed 12.19-m diameter fans, each powered by a 4.474 MW electric motor. Speed
is continuously variable from 0 to 100 m/s (200 knots) at atmospheric pres-

sure.

A photograph of the experimental setup for the vortex studies is shown
in figure 4. The generator model is located at the forward end of the test
section and the following model at the exit, The generator model is centrally
located in the inlet and is attached by a single strut through a strain-gage
balance to measure lift. The angle of attack of the generator is set
remotely through an actuator and indicator. Downstream of the generator model
24.4 m a follower model is mounted on a single strut that can be remotely
positioned vertically over a 3.05 m range and laterally over a 4.27 m range.
The follower model is attached to its strut through a strain-gage balance to
measure rolling moment. Full-scale range for the balance is such that
adequate sensitivity would be provided for the rolling moment encountered on
each model.
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Figure 15 shows a typical record of rolling-moment variation with time.
The source of the unsteadiness of the rolling-moment signals is the meander
of the vortexes in the wind tunnel due to wind-tunnel turbulence. Earlier
studies in the tunnel (ref. 5) have shown that single vortexes can move about
as much as 1 m at this downstream location. The peak rolling—-moment values
shown on figure 15 are interpreted as corresponding to the times when the
following model is alined with a vortex center. During the 38 s of data

shown, the peak rolling moment was repeated three times.

The generator model was tested in both the upright and inverted positions
to evaluate strut interference effects. It was found that for the conventional
configurations, where the vortexes are shed primarily from the wingtip region,
no strut interference could be found. However, for the configurations with the
span-loading shifted inboard, in which vortexes are shed inboard of the wingtip,
an inverted mounting of the generator model was required to avoid interference
caused by the wake of the model mounting strut. Figure 14 shows the generator

model in this inverted position.

Other test equipment used in the 40- by 80-ft tunnel for vortex study
includes a hot—wire anemometer mounted on a rotating arm to survey the vortex

flow field. The equipment and technique are described in reference 5.

COMPARISON COF TEST DATA

Figure 16 presents curves of lift coefficient versus angle of attack for
the four generating aircraft models in their respective facilities. 1In each
case, the generating model was in the normal landing-flap configuration and
the tail incidence was set at 0°. The curves indicate good agreement between
facilities throughout the angle-of-attack range. A majority of the tests were
conducted at a lift coefficient of 1.2 to approximate landing approach con-

ditions and comparisons of data between facilities.
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Figure 17 shows values of the induced rolling moment measured by the
probe models with the generating aircraft in the normal landing flap config-
uration at a lift coefficient of 1.2. The data from the large probe model,
figure 17(a), show a relatively consistent trend of rolling-moment coefficient
with downstream distance if one neglects the data points taken in the diffuser
section of the V/STOL tunnel. The data for the small probe model show a wider
variation, with the V/STOL tunnel data well below that for the other facilities.
The lower values of the rolling-moment coefficient may result from the data
processing technique used in the V/STOL tunnel and its effect on the small

model measurements.

The comparison of baseline data between facilities is intended to aid
the reader in viewing results from other papers of this conference. The
criterion for success of an alleviation concept was based on the ability of
the concept to reduce the imposed rolling-moment coefficient at a downstream
range of about 2 km (L n. mi.) to a level that can be countered by the air-
plane's control system. For the small transport aircraft, the control induced
rolling-moment coefficient capability is approximately 0.08; for the business
jet, the value is about 0.05. If these values are applied in the Hydronautics
facility, which had the highest test Reynolds number, the target alleviation
at 1.9 km (I n.mi.) represents a 32-percent reduction in rolling-moment
coefficient for the large probe model and a 60-percent reduction for the small
probe model. These reductions were considered in judging the effectiveness

of concept in lieu of absolute values.

SUMMARY REMARKS

To determine the feasibility of alleviating the formation and decay of
aircraft trailing vortexes through aerodynamic means, NASA used the test
capabilities of two wind tunnels and two towing basins. The wind tunnels
included the 40- by 80-ft subsonic wind tunnel at Aves Research Center and the
VISTOL tunnel at Langley Research Center. An inactive towing basin at Langley

(renamed the Vortex Research Facility) was converted to a high-speed (31 m/s)
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towing basin using air as the test medium; and a contractor's water towing
facility was used, the Hydronautics Ship Model Basin, in Laurel, Md With
common models and measurement techniques employed, each facility was capable
of creating a scale model vortex system and measuring the imposed rolling
moment on a probe model at various downstream distances. Comparison of the
lift data for the baseline generating model (landing configuration) showed

good agreement between facilities.

The imposed rolling moments on the probe models from the baseline model
showed relatively good agreement between facilities for the large probe model.
Agreement for the small probe model was not as good. Therefore, to evaluate
vortex alleviation concepts, it was necessary to consider a percentage reduction
in rolling-moment coefficient for each model at each facility in lieu of an

absolute target level.
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Figure 1.--Photograph of vortex generating moQel



*Topou BurjeioUL8 X93I0A JO SOTISTIVIORIBYD DTAIAWOS] @D Yo3aS—— z ©InSTg

~090°C =

aousJejal abojesny \a\\\T

e 1 S

90UdI8YBL JuaLIoW

—

} .,|%T\§.{Lv/_ e

99"
0641
My

9°¢ oijed padsy

AN Zu ‘Lady

990 . w ‘ueds
, |18} JeyuozLioH

90°2 w ‘yibua]
abejasn4

969 o1jel padsy

09%°0 W ‘oY

¢*l¢  bap ‘pioys sapienb je yieqdasms

12170 w ‘pioyd dif

L6v’0 w ‘psoyd 00y

620 w ‘poyd ojweuhpoae uespy

6L°1 w ‘uedg

buim

143



Figure 3.--Thrust simulation apparatus used in Hydronautics Ship Model Basin.
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Figure 4.—--Photograph of trailing models. (a) Small.
(b) Large.

145



40 BY 80 FOOT WIND TUNNEL VISTOL TUNNEL

Tunnel diffuser section
!4—— Tunnel test section

AR 0
INSTRUMENT ">. o 15 20.0
TOWER N
DIMENSIONS IN METERS AN Model mounted in forward bay

VORTEX FLOW FACILITY

< 5.2M - 3

HYDRONAUTICS SHIP MODEL BASIN

. 1— =—
Generating -+ Q — - =
76.2 cm
4 Water surface
Generating i F°L‘1%V(;LT9
model
T
o Trailing vortex made ™=
visible by dye
) kN N "'"«’"""”"'”"'.ba",/ra N
Y.

Figure 5.--Test arrangement in evaluation facilities.
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Figure 7.-—Generating model carriage system——Hydronautics facility.

Figure 8.——-Probe model carriage system——Hydronautics facility.
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Figure 10.--Sketch showing the Langley Vortex Research Facility.
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Figure 12.--Photograph of test apparatus in V/STOL tunnel.
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Figure 14.--Photograph of test setup in the 40- by 80-ft wind tunnel.
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APPLICATION OF LASER VELOCIMETRY TO AIRCRAFT WAKE-VORTEX MEASUREMENTS

Donald L. Ciffone and Kenneth .. Orloff

Ames Research Center
SUMMARY

The theory and use of a laser velocimeter that makes simultaneous measure-
ments of vertical and longitudinal velocities while rapidly scanning a flow
field laterally are described, and i1ts direct application to trailing wake-
vortex research iIs discussed. Pertinent measurements of aircraft wake-vortex
velocity distributions obtained in a wind tunnel and water towing tank are
presented. The utility of the velocimeter to quantitatively assess differ-
ences in wake velocity distributions due to wake dissipating devices and span
loading changes on the wake—generating model is also demonstrated.

INTRODUCT ION

An accurate, quantitative definition of the flow field associated with
lift-generated wake vortices behind aircraft is essential if the fluid dynam-
ics of these wakes are to be completely understood. The recent, iIncreasing
number of both ground-based and flight experimental investigations of wake-
vortex characteristics include flow visualization studies (refs. 1-8), measure-
ments of induced rolling moments on following aircraft (refs. 5 and 9-12), and
wake velocity measurements (refs. 13-28). Flow visualization allows the inves-
tigator to view the structure of the wake, but leaves him to deduce the quanti-
tative results of the fluid dynamic phenomena observed. Following-aircraft
rolling moment measurements allow the investigator to compare wake alleviation
concepts, but once again the basic fluid-dynamic phenomena are *‘explained
deductively. Only a direct measurement of the wake-velocity distributions
provides a quantitative understanding of the flow field. These measurements
have been attempted using pressure probes (refs. 15 and 16), hot-wire anemome-
try (refs. 13, 14, 17, 18, and 27), and, more recently, with laser velocimetry
(refs. 19-26 and 2B). The velocities obtained from a fixed hot wire or
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pressure probe are subject to doubt because the probe may interfere with the
structure of the vortex. It is questionable whether any mechanical probe can be
placed near a small trailing vortex without significantly disturbing the flow.
In addition, the meandering motion of vortices in test facilities complicates
measurements using stationary probes (refs. 13-17). This vortex motion results
in time averaging of velocity measured by a stationary probe, and a conse-
guent loss of measurable detailed structure. The use of a high-speed rotating
hot wire (ref. 18) represents one attempt to circumvent this vortex meander
problem. Flight measurements have been performed using hot-wire anemometry in
which an instrumented probe aircraft follows a generator aircraft to measure
wake velocities. These measurements, however, are difficult to interpret and
expensive to implement. The laser velocimetry measurement technique does not
disturb the flow and has high spatial resolution. In addition, the processed
signal from a laser velocimeter is linearly related to the velocity sensed and
requires no calibration. The result is a quantitative definition cf the flow
field which is easy to interpret. These properties of the laser velocimeter
make it ideal for studying the fluid dynamics of aircraft trailing wakes.

A laser velocimeter developed at Ames Research Center, which makes simul-
taneous measurements of vertical and longitudinal velocities while rapidly
scanning a flow field laterally, is discussed here. This instrument was
developed specifically for wake-vortex measurements. The basic principles of
laser velocimetry are reviewed briefly, and some of the more significant
results from the application of this instrument to the measurement of aircraft
wake-vortex characteristics is presented.

NOMENCLATURE
AR wing aspect ratio
b wingspan, m
C wing reference chord, m
Cy, lift coefficient
r vortex radius, m
U free-stream velocity, m/sec
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Vg streamnwise velocity, m/sec

Vg rotational velocity, m/sec

Vemax maximum rotational velocity, m/sec

V&P maximum rotational velocity in plateau region, m/sec
X downstream distance from trailing edge of wing, m

a angle of attack, deg

U index of refraction

Ty centerline circulation, m?/sec

Subscripts

B end of plateau region

P plateau region

LASER VELOCIMETRY TECHNIQUES

Not long after the introduction of the gas laser in the early 1960's,
scientists discovered a way to use the laser to measure the velocity of small
micron-sized particles entrained within a gas or liquid. These particles are
assumed to move along the streamlines of the flow. If the drag forces acting
on the particles dominate their inertia forces, then a measurement of their
velocity represents an accurate measurement of the fluid velocity at the loca-
tion of the particle. This technique has become known as "‘laser velocimetry,""
and instruments designed to accomplish this measurement are called *‘laser
velocimeters."” The ""dual-scatter’* or "“fringe’” mode laser velocimeter has
gained widespread acceptance as a result of the ease with which it can be
optically aligned and the relatively high signal/noise ratios realized in the
measurement of the velocity of particles. In this type of velocimeter, the
output beam of a laser is passed through a prism dividing it into two parallel,
coherent, beams of equal light intensity, which are then focused through a
convex lens to intersect at a point in the flow field where the velocity is to
be measured. The velocimeter signal is generated from within the ellipsoidal
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volume created by this intersection of the two light beams. This so-called
probe volume varies in size from less than 50 microns in diameter in a small
optical system to greater than 1 m for a velocimeter designed for atmospheric
research. Because of the angle of intersection of the light beams, a pattern
of evenly spaced, alternately light and dark interference fringes is formed
within the probe volume. These fringes define a set of planes, each normal to
the plane defined by the two crossed beams and parallel to the axis of the

system (fig. 1). The spacing between the fringes, 6, is given by (ref. 29)
A

S =TT 7D S
where X, is the vacuum wavelength of the laser light, u is the index of
refraction of the fluid in which the beams intersect, and 8 is the included
angle between the laser beams. When a particle entrained within the moving
fluid traverses the interference pattern, it alternately scatters laser light

from the bright fringes at a measurable frequency, f, where

f=V$ (2)

and y is the angle at which a particle with velocity V crosses the fringe
pattern. Hence measured frequency is proportional to the component of flow
velocity normal to the fringe planes and to the sine of the angle of intersec-

tion of the laser beams. The sign of the velocity remains undetermined.

Two-Dimensional, Scanning Laser Velocimeter

Figure 2 is a schematic diagram of a laser velocimeter developed by and
currently being. used at Ames Research Center. This instrument employs the
crossed-beam concept described above, but uses the two brightest colors emitted
at wavelengths of 4880 and 5145 A from an argon-ion laser to simultaneously
measure two components of the flow velocity. The two distinct colors from the
laser makes the most efficient use of available laser power, especially where
signal levels are expected to be low. The argon-ion laser was selected not
only because it is a source having a multiple line emission spectrum, but also
because it provides more response at the photodetector since the photocathodes
of the detectors are generally more sensitive in the regions of the spectrum
where argon emits radiation than in the longer wavelength region of the spec-

trum of He Ne lasers. The instrument shown in figure 2 is a crossbeam,
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on-axis, backscatter laser velocimeter, where scattered laser light is col-
lected by the same optical system that is used to focus the incident beams.

This backscattering mode was selected over a forward-scattering instrument
because difficulties in optical alignment are overcome, and not all test facili-
ties have viewing stations on opposite sides of the test section. The two
beamsplitters (BS) provide the scanning lens (LN) with two sets of parallel
light beams (at 4880 and 5145 &) orthogonal to each other.

A unique feature of this laser velocimeter is that the probe volume can
be rapidly traversed (or scanned) along the optical axis of the system across
the flow field while continuously acquiring velocity profiles. The scanning
is accomplished by use of a simple *“zoom-type' lens combination (LN and LP,
see fig. 2). A small change in the position of the lens (LN) moves the probe
volume over a much larger distance. The scanning arrangement is essentially a
Galilean telescope operating in reverse. As shown in figure 3, the relation-
ship for "scanning sensitivity," dD/dS, to focal length f;p, and scan range,

D, can be derived (ref. 30) from simple lens theory:

R 3

Figure 4 graphically illustrates the dependence of scanning sensitivity on scan
range and focal length. Sensitivities near 30 have been found to be desirable
when operating at scan ranges near 2 m. With this sensitivity, a change in
lens spacing of 1 an translates the probe volume 30 cm. The location of the
probe volume is obtained from the output of a linear potentiometer that moni-
tors the position of the scanning lens. The limits of the spatial scan are
set to encompass the region of interest, and traverses are made continuously
at speeds up to 1.6 m/sec with automatic reversal at preset limits. Since the
system operates in the "“confocal’ mode (same optics used for both transmission
and reception), the maximum scan rate is limited only by mechanical constraints

and the method of signal processing.

The achromatic lens system permits the probe volume from the two colors
to be coincident. Backscattered light that contains frequency data for both
velocity components is collected by the lens system and is returned parallel

to the outgoing laser beams. Mirrors (D and M in fig. 2) then separate the
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light into the original colors and they, in turn, are focused onto photomulti-

plier tubes (PM) for processing.

Signal Processing

The choice of signal processing electronics is based on the flow field to
be measured and the expected characteristics of the velocimeter signals
(ref. 31). Most of the initial laser studies of vortex wakes at Anes have
used spectrum analyzers as the primary signal-processing electronics. These
instruments are variable bandwidth filters with selectable sweep rates. The
energy content of the signal within the bandwidth is displayed on a cathode
ray tube as the filter sweeps through a selected frequency range. Two identi-
cal HP 8552/8553 spectrum analyzers operating at processing rates of 15 to
20 sweeps/sec monitored the two components of velocity. From the displayed
power spectrum of the frequency (velocity) content of the velocimeter signal,
the frequency at which the maximum signal occurs is taken as the average
velocity of the flow. For greatest velocity sensitivity, it is desirable to
have the range of expected signal frequencies span the acceptance band of the
processing electronics. For example, at low velocities, it might be advan-
tageous to increase the signal frequency by increasing the included crossbeam
angle (eq. (2)). However, since the f number, fLP/B’ of the focusing lens,

LP, decreases by increasing the included angle,

£ -1
fip _ ) 3
3 - [2 ( ~ ds + l) tan 2] (%)

(under the constraint of low velocity) when larger included angles must be

used, the focusing lens must have a low f number. This is illustrated in
figure 5, where it is shown that, for a modest beam convergence angle of 6°,
a representative scanning sensitivity of 30, and an incident laser light of
5000 A, the resulting fringe spacing is 5 u and the required focusing lens

f number is 1.5. Spherical aberrations of lenses with low f numbers make
optical scanning difficult and must be considered in the overall design and

application of the optical system (ref. 30).

Figure 6 is a typical oscillograph trace from a single sweep of the spec-

trum analyzer during a scan through a vortex. The figure demonstrates how
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the frequency information is extracted from the graphical record. The data
are recorded on magnetic tape for later review. Typical simultaneously meas-
ured velocity distributions through a vortex are presented in figure 7. The
streamwise profile provides information related to the drag of the generating
model; the rotational distribution provides a measure of the strength of the
wake and therefore some indication of the hazard it would present to an
encountering aircraft. Several scans were made through the vortex from which
mean curves were drawn through the data. Only when the scanning probe volume
passes directly through the vortex core are data recorded. For these "core
penetrations,” the vertical velocity component is the same as the vortex

rotational velocity and the longitudinal velocity component is the vortex
streamwise velocity.

Spectrum analysis techniques cannot be interpreted without a great deal
of difficulty when flows are unsteady or processed when a high level of turbu-
lence is present. As a result, the signal-processing technique described
above has recently been replaced by a Raytheon Model 15/55G two-channel fre-
quency tracker to survey the multivortex wake behind a 1.83-m (6-ft) span
wind-tunnel model of a Boeing 747 with flaps and landing gear (ref. 31). With
the frequency tracker technique, whenever a signal is present above a preset
threshold and within the bandwidth of the tracker (100 kHz), the tracker locks
on and tracks the signal automatically in less than 3 msec. |If the signal
should "drop out," a variable time delay "hold" mode (adjustable between
0.1 and 100 msec) keeps the loop locked. After this time, if the signal does
not reappear, an automatic "sweep" mode searches for the signal over the
entire instrument range (0-15 MHz) in approximately 5 msec. This automatic
sweep and lock-on feature of the tracker is important during optical traverses
of multiple vortex wakes where there is a continual loss and reappearance of
signal as the probe volume scans the wake. When a signal reappears, the
signal/noise level can be quite different, and the frequency will often be a
considerable distance from the "held" value. The tracker is then required to
unlock, search, lock on, and track this new signal. The difference in velocity
between the regions far from vortex centers and those near the vortices can

produce signal frequencies that vary over a wide range, typically from about

0.5 to 5.0 Mz, in a short period of time. The frequency tracker is able to
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track adequately under these conditions since it uses only a single broad fre-
quency range that extends from approximately 0.05 to 15 MHz, with a slew rate
capability in excess of 20 MHz/sec.

The data are stored in the core memory of a high-speed data acquisition
system (ref. 31) (transient capture device TCD) and can be handled in an
on-1line fashion, including plotting of fully reduced data or transferring to
magnetic tape for storage and playback. Figure 8 shows a TCD record of a scan
through the vortices from the inboard edge of the inboard flaps of the Boeing
747 model.

Directional sensitivity is accomplished by rotating the laser system 40°
about the optical axis, thus biasing both channels of the velocimeter with a
component of the free-stream velocity. The spatially compressed appearance of
the wake structure on the right-hand side of the centerline results from the
nonlinear scanning speed of the focal point for a constant motion of the scan-
ning lens. Figure 9 shows the final processed (reduced and plotted) data
corresponding to figure 8. The data are still being used to obtain relative
strengths of the vortices in the wake, -turbulence intensity profiles, and to
supply initial conditions for theoretical models that will predict the far-

field wake characteristics.

Vortex Marking Techniques

Particulate scattering material is introduced into the test media to
enhance the signal. For wind-tunnel experiments, smoke is introduced into the
diffuser section of the wind tunnel by means of a mineral oil vapor generator.
Recirculating the air provides a low-density concentration of the oil vapor
throughout the wind tunnel so that velocity data can be gathered at any posi-
tion in the test section. For water towing-tank studies, polystyrene copolymer
latex solution is added to the water to provide scattering. The size distri-
bution of these particles is between 2 and 15 u. For wind-tunnel experiments,
the size of the mineral oil particles is under investigation, but available
literature (ref. 32) suggests an upper limit of about 7 microns. For the flow
measurements reported here, in which the mean values of the velocity (rather

than turbulent fluctuations) are of interest, these particles can be expected
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to accurately represent the fluid velocity. Since the particle sizes are not
small compared to the wavelength of the incident laser light, their scattering
properties are characterized by Mie scattering theory (ref. 33), which states
that particle scattering cross section is a complex function of diameter,
index of refraction, and the details of the measuring velocimeter (ref. 32).
This, however, has not proven to be a liability when measuring the velocity in
aircraft trailing wakes with the laser system described.

In wind-tunnel experiments, the centers of wake vortices are often visible
because the core is seen as a dark region that lacks white smoke. As a result,
reflections from the laser beams are significantly dimmer at the very center
of the vortex because of the scarcity of light-scattering material. This
makes it possible to observe visually when a traverse passes through the cen-
ter of the vortex, and the event is marked on a separate recording channel of
the magnetic tape. These ""core penetration'™ events are transferred onto the
oscillograph record from which the data are reduced. A small amount of core
motion is acceptable when the probe volume of the velocimeter is well outside
the vortex core region and the velocity gradients are low. However, acceptable
traverses are limited to core penetrations in which no vortex movement is
evident.

In the water tow-tank experiments, the vortex centerlines were marked by
generating a thin sheet of air bubbles across the tank 1.5 m upstream (toward
the starting end) of the test section location of the laser. The streamwise
velocity defect in the vortex core region then acted in such a way as to drag
some of these bubbles toward the passing airfoil; the radial pressure gradient
associated with the rotational flow centered the bubbles in single file, pro-
ducing a fine string of bubbles along the vortex centerline. As the vortex
pair moved vertically in the tank, the laser system was also moved manually to
keep the optical axis aligned with the vortex centerline. When the vortices
could not be readily marked and visually located, the region of interest in
the wake was mapped out by making continuous lateral traverses through the

wake at different elevations.

A new technique of vortex marking in the water-tow tank (developed spe-

cifically for flow visualization studies, refs. 6 and 8) involves injecting
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fluorescent dyes directly into the vortices from the wake-generating model and
i1lluminating them with a system of lights (fig. 10). A separate, high-speed
scan — short focal length — laser system with a high scan sensitivity is being
developed for use with this flow visualization system to quantitatively assess
the flow fields of multiple vortex wakes.

VORTEX-VELOCITY MEASUREMENTS

The scanning, two-color, dual-beam, backscatter; argon-ion laser velocim-
eter described previously has been used to measure the vertical and streamwise
velocity components in wakes containing vortices. The measurements have been
made both in a wind tunnel (refs. 12-21, 24, and 31) and a water-towing
facility (refs. 22, 23, 25, and ). The need for a rapid scanning instrument
differed for the two facilities. For the wind tunnel, the trailing vortices
are fully established but may wander in a random manner. The center of the
vortex does not remain stationary within the test section because large-scale
eddies are convected through the wind tunnel. Hence the vortex must be tra-
versed during a time which is short compared to the movement of the vortex.

As discussed previously, the optical scanning is performed in a direction nor-
mal to the tunnel centerline. This is shown schematically in figure 11 for a
semispan model and photographically in figure 12 for a 1.83-m (6-ft) span
model of the Boeing 747. The model was mounted in an inverted position to
minimize the interference of the support strut with the wake.

For the towing tank, rapid scanning at a given measurement station iIs
required because of the time-dependent nature of the trailing vortices as the
wing model is towed through the tank. The flow field does not have perturba-
tions of the vortex velocity about a mean steady-state velocity, but rather a
decaying shear flow. In this case, a meaningful time history of the vortex
requires that the time for an optical traversal be short compared with vortex
decay time, so that a mean ''age’’ can be assigned to each measured profile. As
the vortex pair moves in the tank due to its mutual influence, it iIs necessary
that the velocimeter moves vertically while scanning to keep the optical axis
alined with the vortex centerline. Spanwise continuous traversals of the
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probe volume through the near-side wake are made with the automatic scan
reversal set to encompass the area of interest (figs. 13 and 14).

Wind-Tunnel Test Results

The first application of the laser velocimeter to measure the streamwise
and rotational velocity distributions in vortices was to a square-tipped,
0.457-m chord, 1.218-m semispan wing mounted in the Ames 7- by 10-Foot Wind
Tunnel (ref. ). The airfoil section was an NACA 0015 and the planform was
rectangular with no twist. Detailed velocity profiles were obtained at a
scanning rate of 15 cm/sec (Fig. 7) and were found to be in general agreement
with data (ref. 18) obtained with a hot-wire probe mounted on the end of a
rapidly rotating boon. This velocity information provides for a comparative
evaluation of vortex alleviation schemes, as was demonstrated for a dissipator
panel mounted on the rectangular wing. A square panel (4 percent of the
semispan, 11 percent of the wing chord) was installed at the wing tip at the
1/4~chord position. A comparison of the measured velocity distributions
showed a reduction in maximum rotational velocity and the development of a
large streamwise velocity defect due to the panel.

The reduction in maximum rotational velocity, Vemax , as a function of
downstream distance is summarized in figure 15, together with the results
obtained from the rapidly moving hot-wire data (ref. 18) of a geometrically
similar configuration in the Ames 40- by 80-Foot Wind Tunnel at 55 chord
lengths downstream. (Vemax was assumed to be the averagt maximum of the two

peaks of the rotational velocity distribution (fig. 7).) From these results,

It appears that the mechanism that alleviates the vortex develops with increas-
ing downstream distance.

The need for experimental velocity distributions in the wakes of wings
more representative of present-day transport aircraft was the rationale for
the second series of wind-tunnel tests (ref. 2I). Velocity profiles were
obtained in the wake of a Convair-990 semispan wing (fig. 1). The effects of
configuration buildup (including flaps, flow-through nacelles, and antishock
bodies) and wingspan loading changes due to flap deflection and angle of
attack were investigated. The effect of wingspan loading on the wake was

® 167



evident when a factor of 2 reduction in Vg was obtained at a constant
max

lift coefficient by deploying the flaps and reducing the angle of attack.

Water Tow-Tank Test Results

The wind-tunnel data on vortex streamwise and rotational velocity profiles
are limited by the physical lengths of the wind-tunnel test sections. What
was lacking were measured velocity profiles that described the wake structure
from several span lengths to hundreds of span lengths. An integration of the
measured rotational velocities across the wingspan of encountering aircraft
would then yield an evaluation of the magnitude of the rolling moment induced
by a vortex at more realistic downstream locations. Therefore, tests were
performed in the University of California's water tow-tank facility at
Richmond, California. 1In this method of testing, the model is towed under-
water (figs. 13 and 1l4), generating a continuous wake that decays with time at
each longitudinal point of the test gallery (fig. 10). The test time ends when
the vortex structure is altered by interference from boundaries of the water
or the passage through the test section-of internal vortex waves, which arise

from starting or stopping the model at the ends of the towing range.

Effect of wing pZanform on wake - The first sequence of tests (ref. 22)
was designed to investigate the effects of wing planform on wake characteris-
tics and to compare the results with near-field wake data obtained in wind
tunnels with similar airfoils. The three planforms tested are described in
table I. Typical data obtained which illustrate the effects of wing planform
on vortex rotational velocity profiles are presented in figures 16 and 17, at

20 and 100 span lengths, respectively.

The diamond wing planform resulted in a lower concentration of vorticity
in the core and diminished circumferential velocities in the adjacent regions.
Both features are desirable in alleviating the wake hazard potential. At
100 span lengths downstream, the velocity profiles were found to be quite

similar, indicating that the effect of wing planform is no longer discernible.

The maximum rotational velocities (obtained by averaging the two peak
values of velocity) identified two characteristic flow regions for their

dependence on downstream distance (figs. 18 and 19). The first, a *plateau™
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region, with little change in maximum rotational velocity, extended from wake
rollup to downstream distances as great as 100 span lengths, depending on span
loading. This plateau is followed by a decay region in which the maximum
rotational velocity decreases with downstream distance at a rate nominally
proportional to the inverse half-power. This plateau did not come as a com-
plete surprise since its existence is suggested in the turbulent shear-flow
calculations of Donaldson (ref. 34). There was concern as to whether the
initiation of the velocity decay was a real flow phenomenon or a consequence
of starting and stopping waves. This possibility was explored experimentally
and analytically and is discussed at length in reference 22. It was concluded
that the test results were not affected by motion waves. The results indicate
that inviscid vortex structure calculations should be applicable to downstream
distances as great as 45 spans for rectangular wings at lower lift coefficients.
A demonstration of the nearly inviscid nature of the flow field in the plateau
region was made by Rossow (ref. 35), who used an inverse Betz technique to

predict the span loading from the measured velocity profiles in this region.

Figure 18 presents the effect of span-load change due to angle-of-attack
change for the rectangular wing planform. Also shown are results obtained
from geometrically similar wings tested in the Ares 40- by 80-Foot and 7- by
10-Foot Wind Tunnels (refs. 18 and 20). The agreement is seen to be reasonably
good. Figure 19 shows span-loading effects due to wing planform at a common
angle of attack of 5°. The data have been normalized by dimensionless circula-
tion to eliminate effects due to differences in lift coefficient and aspect

ratio of the wings. The vertical bars indicate the end of the plateau region.

A time history of streamwise velocity profiles for the rectangular wing
at 8° angle of attack is presented in figure 20. These results characterize
the radial diffusion of the streamwise velocity defect in the decay region. A
profile obtained in the near field (ref. 20) (X/b = 0.38) has been included to
emphasize the initial concentration of streamwise momentum. The diffusion of
the streamwise component of velocity can be traced in this way and its maximum
value along the axis can be extracted and used in subsequent decay

considerations.

Figure 21 shows how the maximum vortex-core streamwise velocity (in the
towing direction) for the rectangular wing decreases with downstream distance
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and angle of attack. The wind-tunnel data of references 14 and 20 and the
water—tank data of references 36 and 37 are shown for comparison. The present
data indicate a far-field maximum streamwise velocity decay that is inversely
proportional to downstream distance to approximately the 1/4 power. Also
shown in the figure are the streamwise velocity defect and rate of decay on
the vortex centerline as computed (ref. 23) from the laminar theory of refer-
ence 38. The comparison is remarkably good and improves with decreasing angle

of attack — believed to be a consequence of the approximation that v

x << U,

in the analysis.

Effect of flap deflections on wake - In a second sequence of tests in the
water tank (ref. 25), the swept-wing planform was fitted with seven flap seg-
ments on each half span. The flaps were used to achieve additional desired
wingspan loadings. Four different span loadings at a lift coefficient of 0.70
were selected for investigation: (1) the wing with no flaps deflected? (2) a
typical landing configuration, (3) a configuration tailored to reduce the
gradient in the loading at the wingtip, and (4) a configuration with flaps
deflected alternately *15° in an attempt to create multiple spanwise spanload
gradients (sawtoothing effect in the spanload distribution). These configura-
tions are illustrated in figure 22. The flap schedules and test angles of

attack to produce a common lift coefficient of 0.70 for all configurations are
listed in table II.

A comparison of the effect of span loading on vortex rotational velocity
distributions due to various combinations of flap deflections is presented in
figures 23 and 24 at 25 and 95 span lengths downstream. Al the data are at a
common lift coefficient of 0.70. Much like the diamond wing planform, the
tailored configuration yields lower rotational velocities in the core and
adjacent regions and has a more diffuse velocity profile. However, once
again, at 95 span lengths downstream in the decay region, the rotational
velocity profiles are quite similar. At span lengths of 95, the dependence of

the velocity profile on wingspan loading has lost most of its significance.

The downstream dependence of maximum rotational velocity for these con-
figurations is summarized in figure 25. Although the limited amount of data

precludes a positive identification of a plateau region for these flapped
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configurations, the data suggest its presence. The decay region is readily
apparent. Although a plateau region could never really be identified for the
sawtooth configuration, the wake did eventually roll up (at 30 span lengths)
and achieve rotational velocities almost comparable to the clean and landing
configurations. At a lift coefficient of 0.7, there is little difference in
the downstream characteristics of the maximum rotational velocities in the
wake of the clean wing or the landing configuration. The results obtained with
the tailored configuration are much like those obtained with the diamond wing
planform. The maximum wake tangential velocities are less than half those of
the other configurations, and the plateau region extends to 80 span lengths.
Once again, this long plateau is instrumental In reducing the initial large

differences in maximum rotary velocities to insignificant differences in the
far wake.

A comparison of the measured radial distribution of streamwise velocity
in the core of the vortices behind these swept-wing configurations at 75 span
lengths downstream is presented in figure 26. The results show a streamwise
velocity defect toward the model for all configurations.

Plateau velocity correlation - A correlation function based on the self-
similar turbulent decay of a line vortex has been developed (ref. 39) and
utilized to substantiate the validity of using ground-based scale model data
to predict high Reynolds number flight results. It was found that if the
downstream dependence of vortex maximum rotational velocity is presented as a
vortex velocity scaling parameter, V,b/T AR, versus a distance scaling param-
eter, (X/b)(Po/Umb)(AR)zf(Fo/v), the scale model and flight data collapse to a
single curve. Presented in figure 27 are the results obtained when these
scaling parameters are used to plot vortex maximum rotational velocity in the
plateau region versus a corresponding downstream duration of this region
obtained from the towing tank data presented previously (ref. 26). The line
faired through the experimental points has a slope of -1, which implies the
following inverse proportionality between the plateau velocity and extent of

the plateau region:
(Y_e_) (z) I 59
U > bjo AR £(T /v)
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The Reynolds number parameter, £(T,/v), was developed in reference 39 and is a
function of vortex Reynolds number, T /v = (T /U, b)Re(b). For T /v > 3x10°,
£(Ty/v) = 1 Hence, for all flight conditions, £(Ty/v) = 1, and for most
ground-based tests (including the water-tank tests of refs. 22 and 25),
£(T,/v) is of order 1

Use of equation (5) and a -1/2 decay region downstream dependence of vor-
tex maximum rotational velocity allows near-field wake velocity measurements
in the plateau region (i.e., wind-tunnel data) to be used to estimate subse-
guent far-field vortex characteristics. The lines through the data in
figures 18, 19, and 25 predict the downstream variation of maximum rotational
velocity with this approach. The vertical bars indicate the predicted end of
the plateau region. The predictions and measurements are seen to be in good
agreement.

CONCLUDING REMARKS

The theory and use of a laser velocimeter with high-speed spatial scanning
capability has been described and its direct application to trailing wake vor-
tex research has been presented. The scanning feature of this instrument mini-
mizes the difficulties iIn velocity measurement due to what has been termed
"vortex meander." Accurate vortex definition is achieved and the data are
repeatable and consistent with other experimental results.

Measurements have been made of changes in wake rotational and streamwise
velocity components due to span-loading changes of the wake-generating model.
The results identified two characteristic flow regions for the dependence of
vortex maximum rotational velocity on"downstream distance. The first, a region
of constant velocity, can extend from wake rollup to 80 span lengths downstream
behind the generating wing, depending on span loading and angle of attack.

This is followed by a decay region where vemax varies approximately as
x/b)"12, This implies that iInviscid vortex structure calculations should be
applicable to distances as great as 80 span lengths downstream for certain
wing configurations.
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It was shown that tailoring the wingspan loading by either planform shape
or flap deflection (to reduce wing-tip vorticity by unloading the outboard
sections of the wing) is equally effective in reducing the wake rotational
velocities by factors of 2, broadening the vortex core, and extending the
plateau region to 80 span lengths.

An orderly wake rollup was delayed to 40 span lengths downstream by
introducing multiple vortices along the wingspan with alternate up-down flap
deflections. These multiple vortices interacted with each other, resulting in
large excursions in the wake and linking to form irregular loops. A plateau

region was never achieved for this configuration.

A correlation of the water-tank results relates the magnitude of vortex
maximum rotational velocity in the plateau region to the downstream extent of
this region. With this knowledge, near-field wake velocity measurements in

the plateau region (i.e., wind-tunnel results) can be used to estimate the
far-field vortex characteristics.
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TABLE I.- MODEL GEOMETRY

Rectangular Diamond Swept
wing wing wing
Planform 0 @
Span 61 cm 61 cm 61 cm
(24 in.) (24 in.) (24 in.)
Reference chor 11.43 cm 11.43 cm 10.41 cm
(4.5 in.) (4.5 in.) (4.1 in.)
Aspect ratio 5.33 5.33 5.85
Root chord 11.43 cm 22.86 cm 18.21 cm
(4.5 in.) (9.0 in.) (7.17 in.)
Leading edge sweep 0° 20.6' 38.6°
Taper ratio 1.0 0 0.25
Section root NACA 0015 NACA 0015 NACA 0011-64
(modified)
Tip NACA 0015 NACA 0015 NACA 0008-64

(modified)

Semispan flap settings,a deg
Configuration (Inboard) (Outboard) CL a, deg
Clean o/ 6/ o/ o/ 0o/ 0o/ O 0.70 6.8
Landing 20/20/ 20/ 0o/ 0o/ 0/ O .70 3.4
Tailored 10/10/ 0/-10/-15/-20/-30 .70 7.5
Sawtooth -15/15/-15/ 15/-15/ 15/-15 .70 9.2

@pownward deflections are' positive.

178




PARTICLE

INTERFERENCE
FRINGE PATTERN
WITHIN PROBE
VOLUME

Figure 1- Geometry of crossbeam system.

AL ARGON-ION LASER {4 watis)
EMITTING MULTIPLE COLORS

P  PRISM
M MIRROR

A APERTURE TO ELIMINATE ALL
BUT TWO STRONG COLORS

BS BEAM SPLITTER
D DICHROIC MIRROR
LN NEGATIVE SCANNING LENS ,

LP POSITIVE FOCUSING AND
COLLECTING LENS

L LENS

PMV (PMH); PHOTOTUBE FOR RECEIVING
VERTICAL (HORIZONTAL)
VELOCITY SIGNAL

——BLUE LASER LIGHT (4880 &)
----GREEN LASER LIGHT (5145R&)

Figure 2.— Schematic representation of the Ames two-dimensional, backscatter,
scanning, laser velocimeter (ref. 20).
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Figure 8.- Boeing 747 wake TCD record showing scan position of focal point,
centerline of wind tunnel, and tracker outputs corresponding to the
4880 A (B) and 5145 A (G) channels of the velocimeter. This survey is
through the vortex pair from the inboard edges of the inboard flaps.
Inboard flaps deflected 30°, outboard flaps retracted? gear down; a = 8°,
U, = 13.5 m/sec, b = 1.8 m, X/b = 1.5 (ref. 31).
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Figure 11.- Installation schematic drawing of semispan model in the Anes 7- by

10-Foot Wind Tunnel and location of scanning velocimeter (ref. 21).
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Figure 12.— Boeing 747 model installed in the Ames 7- by 10-Foot Wind Tunnel.
Velocimeter scans behind the model at 1.5 wingspans (3 m) aft of the wing
trailing edge (ref. 31).

RAISE TO TRACK
VORTEX

Figure 13.- Installation schematic drawing of model in water tow tank and
vortex—tracking technique (ref. 22).
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Figure 14.— Installation photograph, swept-wing model in test section of
University of California water tow tank (ref. 25).
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Figure 18.- Dependence of measured maximum rotational velocity on downstream
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U, = 2.07 m/sec, C;, = 0.7, X/b = 25 (ref. X).
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FLIGHT-TEST TECHNIQUES FOR WAKE-VORTEX MINIMIZATION STUDIES

Robert A Jacobsen and M. R. Barber*
Ames Research Center

SUMMARY

The flight-test techniques developed for use in the study of wake turbu-
lence and used recently in flight studies of wake minimization methods are
discussed. Flow visualization has been developed as a technique for qualita-
tively assessing minimization methods and is required in Fflight-test proce-
dures for making quantitative measurements. The quantitative techniques are
the measurement of the upset dynamics of an aircraft encountering the wake and
the measurement of the wake velocity profiles. Descriptions of the instrumen-
tation and.the data reduction and correlation methods are given.

INTRODUCTION

Flight tests have played an important role in the coordinated research
program to develop vortex-wake alleviation techniques. The contribution of
flight testing to this program lies in three important areas: to verify that
the more flexible and less expensive to operate, ground-based research facili-
ties are suitable for the development of vortex alleviation devices and tech-
nigues; to identify, under full-scale conditions, shortcomings of any
alleviation technique that might not have been evident in the small-scale test
environment; and to assess the operational feasibility of the developed tech-
niques. The operational feasibility phase has two facets. The first iIs the
influence of the alleviation device on the operation of the generating air-
craft, but this subject is outside the scope of this paper. The second facet
IS to demonstrate the level of alleviation attained in the overational
situation.

Recent flight experience has emphasized the importance of flight tests in
complementing and focusing the research efforts in the ground-based facilities.
As a result of wind-tunnel studies at Ames and Langley Research Centers, it

*Flight Research Center.
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was discovered that raising the outboard flap segment in the landing configura-
tion of a Boeing 747 markedly reduces the roliing moments induced on a follow-
ing model (ref. )  Flight tests confirm that the vortex-induced upset can be
reduced substantially through this flap modification. However, the flight-
test results show that the alleviation is greatly diminished when the landing
gear is extended (ref. 2. This effect of gear was unexpected and hence had
been overlooked in the wind tunnels. The flight test, therefore, had two
important effects = confirming that the wind-tunnel test results were meaning—
ful and focusing future research on configurations that provide alleviation in
the presence of a lowered landing gear.

Three flight-test techniques for wake turbulence research have evolved.
The development of these techniques was initiated before the wake-vortex
alleviation program so that the hazards associated with the vortex systems
could be documented from a number of jet aircraft. The three techniques are
flow visualization, upset measurements of encountering aircraft, and velocity
profile measurements.

Flow visualization is useful in comparisons of various alleviation con-
figurations. However, the primary value of flow visualization is to make It
feasible for the pilot of a probe aircraft to locate the vortex and to pene-
trate its core so that the other two techniques can be applied. Historically,
the first flow visualization simply relied on the entrainment of the jet
exhaust in the vortices. This system was marginally successful for the
tightly rolled-up vortex systems generated by transport aircraft in the cruise
configuration and, for some aircraft, in the landing configuration. However,
for most aircraft in the landing configuration, with or without alleviation,
specially developed flow visualization techniques must be used. As might be
expected, the more effective an alleviation technique is in eliminating or
spreading the organized flow within the wake, the more difficult i1t becomes to
mark the wake effectively.

Techniques for evaluating the hazard due to a wake vortex by measuring
the upset of a penetrating aircraft were well developed before the alleviation
program was initiated. Early efforts included measurements of the wakes of
large jet aircraft (such as the C-5A), with a number of smaller aircraft rang-
ing in size from a Convair CV-990 to a Cessna 210 (refs, 3-6). Response
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measurements were used in the earliest flight-test program to'assess the
effect of an alleviation device.

This experiment was conducted at Ames in 1970 using a spoiler on the
wingtip of the CV-990 (ref. 7). This device had been developed in the wind
tunnel on the basis of tuft-grid studies. In flight, the effect of the
spoiler was determined by mounting it on one wingtip while leaving the other
tip clean. The Ames Learjet was used to probe the wake from one wingtip and
then the wake from the other. The pilots could not discern any effect of this
device. However, data reduction did indicate that there was some alleviation
effect. The principal result of this flight program was to convince research-
ers at Ames that more definitive flight-test techniques were needed to effec-
tively evaluate the alleviation techniques.

The desire for a more definitive technique led to the development of
methods for measuring velocity profiles. Such measurement had been made in
flight earlier at Langley using angle of attack and sideslip vanes (see ref,
8). However, it was felt necessary to develop instruments with higher fre-
guency response characteristics than vanes. There are several advantages to
measuring the velocity profile in the wake. First, it may provide more
insight into the processes actually occurring in the flow field leading to vor-
tex dissipation. Second, unlike response measurements that cannot be extrapo-
lated to other sizes of aircraft, a velocity profile can be used to estimate
the rolling moment imposed on any aircraft, Finally, these measurements,
along with simultaneous measurements of aircraft response, can be used to
verify response calculation and to develop improved methods of making these
calculations.

In the following sections, the current state of development of each

flight-test technique is discussed in greater detail.

FLIGHT-TEST TECHNIQUES

Flow Visualization

Flow visualization has been a primary concern throughout the development
of wake turbulence flight-test techniques. Not only is it a useful tool for

observing the mechanisms of vortex decay, it is also a necessary element in
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any of the probe aircraft work. The visualization provides a target for the
pilot of the probe aircraft to increase the probability that the wake encoun-
ters provide the maximum information possible. Without the target provided by
the visualization, an extremely large number of passes through the estimated
location of the wake would be required to provide a significant number of
encounters. Even then, there would be no assurance that the strongest portion
of the wake had been measured. In fact, it has proven difficult to develop
flow visualization that defines the wake well enough at separation distances
of 2 to 10 nautical miles to enable a large percentage of the probe aircraft
encounters to penetrate the core region of the vortex.

The visualization used for most of the vortex alleviation flight tests
has been provided by "smoke generators'™ built for NASA by Frank Sanders Air-
craft Co. (Long Beach, Calif.). Figure 1 shows one of these devices — an alu-
minum cylinder approximately 25 c¢cm (10 in.) in diameter and 1.4 m (4.5 ft) long
with a 0.7-m (2.2-ft) tailpipe. The "smoke"™ generated by this device is
actually small droplets of mineral oil created when oil vapor expelled by the
smoke generator IS condensed by the cooler ambient air. A combustor contained
within the cylinder generates the heat used to vaporize the mineral oil. The
oil is sprayed into the exhaust of the combustor in the tailpipe extending
behind the cylinder. The fuel for the combustor and the mineral oil are con-
tained in tanks located within the cylinder. The self-contained tankage pro-
vides for 20 min of operation with ambient air being used to support the com-
bustion. At the approach speeds used for much of the wake turbulence testing,
the operation of the combustor on ambient air is marginal. The device was
modified recently to allow engine bleed air to be used in the combustor. This
change greatly improved the "‘smoke' production, but the operating time is
reduced to 10 min.

In a typical installation on a research aircraft, one or more smoke gen-
erators is mounted under the wing at each spanwise location where a discrete
vortex IS expected to form (fig. 2). These locations typically include the
wingtip, edges of the flap segments, and the wing/fuselage junction. The two
most recent installations have both been on a B-747 used for the wake allevia-
tion program at Flight Research Center (Edwards Air Force Base, Calif.). In

the first of the two installations (fig. 2), a single smoke generator was
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mounted at the tip, one at the outboard edge of the outboard flap segment and
one at the outboard edge of the inboard flap segment of each wing. The flow
visualization provided by this installation was often marginal and improve-
ments were made to the system before the next series of tests on that aircraft.
Those improvements included doubling the number of smoke generators at each of
the previous six locations and adding two at the inboard edge of each inboard
flap. Each of these 16 smoke generators had bleed air from the jet engines
ducted to their inlets to further improve their performance. This installa-
tion has produced excellent results. An example of the flow visualization pro-
duced by this arrangement is demonstrated in figure 3.

A second type of flow visualization has been used which also performed
adequately for either flow-field observation or for marking the wake to facili-
tate probing. The wake in this case was marked with an inert powder blown into
the airstream at any location of interest. The inert powder used is Ffinely
ground diatomaceous earth. Figure 4 is a diagram of a typical installation.
The powder s contained in tanks located in the aircraft fuselage with tubing
extending along or inside the wing to the desired location. When visualiza-
tion is desired, the tanks are pressurized using bottled gas that expels the
powder out the tubes. This system is easy to install and iIs aerodynamically
clean, but the visualization period is relatively short. The powder is bulky
and, for the size of tanks and delivery lines used, it is expelled in about 90
sec, The tanks must then be refilled (which can be done in flight) before
additional visualization can be accomplished. This type of flow visualization
was used on a DC-3 and a DC~10 in programs at Flight Research Center (ref. 5)
and on the Augmentor Wing Jet STOL Research Aircraft at Ames (ref. 9). Figure
5 shows the installation of an inert powder system on a DC-10 and figure 6
shows the visualization of the wake of a DC-3 using a similar system.

Flight Measurements

Flight tests to determine the relative strengths of vortex systems have
been made by penetrating the wake to measure either the upset imparted to a
probe aircraft or the flow velocities within the wake. As noted previously,
either technique requires flow visualization. In addition, both techniques
require that the distance between the probe and wake-generating aircraft be
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known, and that limits be placed on this distance to ensure that structural
limit loads are not exceeded.

Three different methods have been used in wake turbulence flight programs
conducted by NASA to measure the distance between the probe aircraft and the
aircraft that generated the wake. The first technique requires the use of two
ground radars. By tracking each aircraft to establish its position in space
as a function of time, the distance between the two aircraft can be determined.
This technique has been used in NASA programs at Edwards and Vandenberg Air
Force Bases. The information is communicated to the probe aircraft pilot to
aid him in controlling the experiment. The second technique used when radar
facilities were not available is to conduct the flight test while flying a
radial toward (or away from) a distant Distance Measuring Equipment (DME)
ground station. The probe aircraft pilot calls out his distance to that sta-
tion as he encounters the wake. At that time, the pilot of the wake-
generating aircraft calls out his distance to the station and the difference
in the two IS the separation between the aircraft. Both of these techniques
are inconvenient in that extensive ground facilities are required or a communi-
cation link is required that can, at times, be confusing.

To overcome these difficulties, a third system was developed: a pair of
airborne DME's was modified (by Sierra Research Corp., Buffalo, New York) so
that one of the pair performed as a beacon and the other as an interrogator of
that beacon. The beacon is mounted in the lead aircraft and the interrogator
is mounted in the probe aircraft. A direct and continuous measurement of sepa-
ration distance is obtained completely independent of ground facilities. This
system has been used in all of the recent wake turbulence programs.

Concern for the structure of the probe aircraft makes 1t necessary to
place limits on the probing technique, especially as separation distances are
reduced. Three methods have been used to assure the safe operation of the
probe aircraft. The first method is to limit the airspeed of the probe air-
craft to a value that will prevent the loads on any aerodynamic surface from
reaching their limits. For this calculation, each surface is assumed to be
stalled at 1.3 times the maximum lift coefficient for that surface to allow for
the "*dynamic stall'™ effect. Knowing the Iimit load capability of that surface

then allows a maximum allowable airspeed to be computed. This procedure is
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followed for each surface and the lowest airspeed is used as the operational
limit. 1t is then assured that any aerodynamic situation encountered will not
cause structural damage. This method has been used at Ames Research Center to
assure the safe operation of their Learjet probe aircraft in wake turbulence
testing.

The second method for assuring safe operation is to monitor the loads in
the critical locations of the probe aircraft structure and telemeter that
information to the ground. At each separation distance where probing is done,
enough. encounters are obtained to ensure that the maximum loads possible at
that location have been imposed on the probe aircraft. |If these maximum loads
are less than a predetermined percentage of the yield loads, then the separa-
tion distance can be reduced. Once the measured loads exceed that predeter-
mined percentage of the yield load, no probing is performed at a closer sepa-
ration distance. This technique has been used at Flight Research Center with
their T-37 probe aircraft.

The third technique used to establish a lower limit on the separation
distance for probe encounters is the subjective opinion of the pilot of the
probe aircraft. |If, at any time, the pilot feels that continued probing at
closer separation distances or at that same separation distance cannot be done
safely, that series of encounters is stopped.

Upset measurements = Measurements taken to derive the moments induced on
an aircraft subjected to wake turbulence have become known as "‘upset measure-
ments.” Actually, it is necessary to measure more than simply the upset of
the probe aircraft. The control inputs, angular rates, airspeed, and angles
of attack and sideslip must be known to account for those angular accelera-
tions resulting from the aerodynamic characteristics of the probe aircraft.
The separation distance between the two aircraft and the encounter altitude
are also required to correlate the data.

Upset measurements are taken with the flight path of the probing aircraft
nominally parallel to the wake axes (hence the name "parallel probes'™) (fig.
7).  Wnen probing the wake of an unfamiliar configuration, the initial encoun-
ter with the wake is made at a separation distance large enough to ensure that
the resulting forces will not severely load the structure of the aircraft.

This is an additional precaution to the safe operation procedures previously
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described. As the probe aircraft encounters the wake, the pilot performs his
task in one of two modes. He can hold the controls fixed, allowing the upset
to remove the aircraft from the wake, or he can attempt to hold the probe air-
plane as nearly centered in a vortex as possible. Either action produces the
desired data, but the pilot may obtain more subjective information by using a
combination of the two. This procedure is repeated several times at each sepa-
ration distance to increase the probability that the maximum possible induced
accelerations of the probe aircraft were achieved.

The instrumentation used to obtain the data required to derive the induced
moments is, generally, that which would be typical for a study of handling
gualities. The three-dimensional aircraft dynamics are measured by angular
accelerometers, rate and attitude gyros, and linear accelerometers. The deflec-
tions of the control surfaces are measured as are airspeed, altitude, angles
of attack and sideslip, and separation distance. Typical roll axis data are
shown in figure 8.

Figure 9 is a block diagram of the data-reduction process. During an
encounter, the velocity gradients in the flow field to which the probe ailrcraft
is being subjected can be quite high. As a result, the angles of attack and
sideslip measured on the nose boom or at any single point on the aircraft can-
not be considered representative of the effective flow-field angularity to
which the whole airframe is subjected. Consequently, it Is necessary to com-
pute an effective angle of attack and sideslip from the measured linear accel-
erations and angular rates. The angular accelerations that would have been
caused iIn still air by the aerodynamic forces and control inputs are computed.
When subtracted from the measured angular accelerations, the accelerations
induced by the vortex flow are derived. Computed aerodynamic and control
accelerations and net acceleration due to the vortex flow are shown in figure
10 for the same encounters shown in figure 8. The measured roll acceleration
IS repeated.

A roll acceleration parameter, convenient for comparative purposes, was

developed to relate the vortex-induced roll acceleration, :vortex’ to the max-

imum roll acceleration capability of the alrcraft using maximum aileron deflec-
tion P . The ratio p /Ds
Péamax max

moment was. The physical meaning of this parameter is that, when a value of

indicates how severe the induced
vortex
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unity is reached, the pilot could exactly counter the vortex-induced roll
acceleration with maximum deflection of the ailerons. Similar parameters can
be determined for accelerations in the pitch and yaw axes. For each encounter
behind a given configuration, the peak values of this roll-acceleration param-
eter are plotted against the separation distance at which they occurred (fig.
). Assuming that the highest values at each distance represent the maximum
upset expected at that location, an upper bound to the data is constructed.
The separation distance defined by the intersection of that boundary and the
line for a unity roll acceleration parameter is used in comparisons with
values obtained in a similar manner from data obtained during tests of other
aircraft or configurations. An example of how these comparisons are made is
shown in figure 12, where the separation distance for unity roll acceleration
parameter is plotted against the gross weight of the wake-generating aircraft
for several sizes of probe aircraft. This figure demonstrates that the upset
received by a given probe aircraft iIs decreased as the gross weight of the
wake-generating aircraft is decreased. Similar comparisons can be made for the
flight-test results of wake-vortex alleviation methods.

Veloeity profile measurements = The need for more definitive information
on the vortex-wake phenomenon led to the development of another flight-test
technique. Use of this technique results in measurements of the velocity pro-
files in the wake, which will allow comparisons of the wake structure with
theories (ref. X)). This can be especially useful in the wake alleviation
work by more clearly defining the changes in the wake structure caused by an
alleviation technique.

These measurements require a completely different technique in procedure,
instrumentation, and data reduction. The flow velocities must be measured by
sensors with higher frequency response characteristics than normally used in
handling qualities research, and the aircraft motion must be measured for use
in correcting the velocity data. The separation distance is again required to
correlate the data.

The flight-test procedure used to obtain velocity profile data is consid-
erably different from that used during upset measurements (fig. 13). The
flight path of the probing aircraft is across the wake to effectively traverse
the flow field with the velocity-measuring probe. lIdeally, the flight path
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should be in a plane perpendicular to the wake axes to minimize the motion
excursions for which corrections must be made. The limited capability of the
flow visualization systems to mark the wake results in an inability to see the
wake well enough from right angles to enable the pilot of the probe aircraft
to penetrate the vortex cores consistently. As the crossing angle i1s reduced,
the apparent density of the flow visualization medium IS increased, thereby
allowing consistent core penetrations. Local atmospheric conditions and the
angle of the sun relative to the two aircraft affect visualization as well.
Experience has shown that crossing angles of from 250 to 45° are adequate for
this task, These lower crossing angles have the additional advantage of allow-
ing a shorter time between crossihgs because a turn of only 50° to 90° is
required to traverse back across the wake. This saving of time between wake
crossings allows more data to be obtained in the amount of time allowed by the
flow visualization system.

As with the upset measurement procedures, wake encounters are begun at
separation distances large enough to assure safe operations. A zigzag flight
path is flown while the separation distance is continually reduced until a
predetermined minimum separation distance is reached. This minimum separation
distance is set for safety reasons and, as for upset measurements, is based on
computed loads, extrapolated load measurements, or probe pilot decisions.

Once the minimum separation distance is reached, a 360° turn is initiated which
sets the probe aircraft up for additional data at a larger separation distance.
This procedure is repeated several times until adequate data are acquired for
that wake-generating aircraft configuration.

The frequency content of the velocity data being recorded as the probe
aircraft traverses the wake is considerably higher than that normally seen In
aircraft dynamics work. /Assuming reasonable values for the probe aircraft
velocity and the vortex core size of 120 m/sec (400 ft/sec) and 3 m (10 TP,
respectively, the apparent frequency of the approximately sinusoidal Input
recorded as the vortex core Is penetrated is 40 Hz. This frequency is higher
than conventional research aircraft flow angularity sensors are able to meas-
ure reliably. Three types of sensors have been used to this purpose. Angle
of attack and sideslip vanes (fig. 14) have been used by Langley Research
Center on a T-33 research aircraft (ref. 8 A five-hole pitot tube (fig. 15)
has been used at Flight Research Center on a T-37 probe aircraft. At Ames
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Research Center, a three-component, hot-wire anemometer (fig. 16) has been
used on a Learjet probe aircraft (ref. 11), The instrumentation system and
data-reduction technique described below is that for the hot-wire anemometry
sensors and is typical of the data-reduction technique required for the others
as well. In addition to the high-frequency velocity measurements, information
on the probe aircraft dynamics is required. These are measured by angular and
linear accelerometers and angular rate and attitude gyros. The range between
the aircraft whose wake is being studied and the probe aircraft is measured
directly by a pair of modified DME's as in the upset measurements.

The data-reduction process is indicated by the flow chart in figure 1/.
The airborne-recorded analog data are digitized at the rate of 1000 samples/sec,
(This rate is necessary because of the high-frequency content of the data.)
The wake velocities are Tirst computed from the hot-wire data in an axis system
aligned with the body axes of the aircraft, and corrections are made for the
vertical velocity and pitch rate of the aircraft. Corrections are also made
for the apparent vertical and lateral velocities that result from the effective
angles of attack and sideslip generated as the aircraft reacts to the induced
forces. The three components of velocity are then resolved into an axis sys-
tem aligned with the axis of the vortex using the relative heading for each
pass across the wake. The flight path of the probe is computed from the ini-
tial airspeed and the measured vertical accelerations and pitching excursions.
In this way, a velocity distribution along a known path in space is determined.

The velocity profile measured at a separation distance of 29 nautical
miles behind a B-747 in 1ts normal landing configuration is presented in fig-
ure 18. All three components of velocity are shown, the top one being the
vertical velocity component defined as positive upward, the middle trace is
the lateral component defined as positive to the left, and the bottom trace is
the axial velocity component defined positive toward the aircraft that gen-
erated the wake. Comparing these data with that of the next figure demonstrates
the ability of this system to show the effects of vortex-wake alleviation in
the measured flow field. A comparison of figures 18 and 19 indicates the
reduction in the three components of velocity in the wake of the B-747 at 2.2
nautical miles with the outboard flaps retracted.
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Another purpose for which these data can be used is to understand, Or at
least dacument.,the changes in the vortex structure as it ages. Since no two
traverses of the wake are the same, these comparisons are best made by fitting
data of various ages with a mathematical model and observing the changes in
the model parameters as the vortex ages. For the initial attempts at modeling
these data, a pair of Lamb vortices was selected. This representation is con-
venient because the formulation is analytic. Matching the computed velocities
to the measured data along the actual flight path was accomplished using the
locations of the two vortices, the circulation of each vortex, and their core
size as parameters. The match was done in a least squares sense on the verti-
cal and lateral velocity components simultaneously. A result of that matching
procedure is seen in figure 20, where the velocities computed from the model
as they would have been measured along the flight path are compared with the
measured data. If the wake can be adequately represented by a single pair of
vortices, this procedure results in a satisfactory match. Modeling the wake
at various separation distances and comparing the results can show the decay
of the velocities in the vortex (fig. 2). The reduction of maximum velocity
IS seen as the separation distance iIncreases.

An application of this mathematical modeling technique to the wake alle-
viation work is shown in figure 22, where a model of the tangential velocity
profile of the B-747 wake at separation distances y to 31 nautical miles in
normal landing configuration is compared with that for the same airplane®s
wake at distances as close as 1.0 nautical mile with the outboard flap segment
retracted. Even though the profiles for the latter case are at closer separa-

tion distances, the peak tangential velocity is reduced and the effective core
size increased.
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Figure 5-

Figure 6.-

Inert powder flow visualization system on DC-10.

Inert powder flow visualization system on DC-3.
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Figure 7.-.Probe aircraft flight path during upset measurements of vortex wake.
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Figure 15.- Five-hole pitot tube on nose boom of T-37 probe aircraft.
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UNSUCCESSFUL  CONCEPTS

FOR AIRCRAFT WAKE VORTEX MINIMIZATION

R. Earl Dunham, Jr.

NASA Langley Research Center

ABSTRACT

This report describes exploratory concepts investigated by the National
.Aeronautics and Space Administration to achieve a reduction in the vortex-
induced rolling upsets produced by heavy aircraft trailing vortexes. The
initial tests included the use of mass injection, oscillating devices,
wingtip shape design, interacting multiple vortexes, and end plates.

Although later refinements of some of these concepts were successful, initial
test results did not indicate a capability of these concepts to significantly

alter the vortex-induced rolling upset on a following aircraft.

INTRODUCTION

The National Aeronautics and Space Administration has been conducting
an extensive program to find methods for the reduction of the operational
constraints imposed by trailing vortexes from large jet aircraft during
terminal-area operations. The research program has involved model tests
(refs. 1to 11), theoretical studies (refs. 12 to 16), and flight tests
(refs. 17 to 20) of concepts and techniques that would reduce the rolling
upset on a smaller following aircraft. During the course of the research

program, several areas were identified as having some success in reducing the
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upset on a following aircraft. The injection of turbulence into the vortex

has been shown to alter the vortex structure by premature aging and dissipation
(refs. 17 and 21). The combined effects of the turbulence and momentum impulse
from jet engines have been shown to change the vortex structure (ref. 22).

In addition to turbulence injection, the far-field structure of trailing
vortexes can be affected by alteration of the span-load distribution to shed
multiple vortexes (refs. 9, 23, and 24), which mutually interact to reduce

the vortex strength. The combined effects of turbulence injection and span-

load alteration were investigated through the use of spoilers (refs. 9, 10,
20, and 25).

During the development of these promising techniques, several concepts
and ideas investigated were shown to alter the trailing vortex structure in
varying degrees without significantly altering the upset experienced by a
following aircraft. This paper summarizes the numerous concepts investigated
that did not meet the primary program objective of achieving a reduction in

the vortex-induced rolling upset on a following aircraft.

SYMBOLS

bf wingspan of following model used to measure rolling moment, m
b_ wingspan of vortex generator model, m
c local wing chord, m

CZ £ rolling-moment coefficient on following model, 2M/pSfbfV02
L]

Cm mass rate coefficient, m/pSgVO )

C. momentum coefficient, 2mV,/pS V

u J g 0

m mass rate, kg/s

M measured rolling moment, N-m

r distance from center of vortex, m

Sf wing area of following .model used to measure rolling moment, m2

Sg wing area of vortex generator model, m2

Vj jet velocity, m/s

VO free—stream velocity, m/s
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' tangential velocity in a vortex, m/s
X downstream distance behind the vortex generator model, m
fluid density, ke/m°

PRESENTATION OF RESULTS

In general, the investigation of a particular concept began with a
preliminary evaluation through the flow visualization of the vortex pattern
with and without the vortex-alleviation concept. All of the test facilities
used in the vortex minimization program (wing tunnels and water and air tow
facilities (ref. 26)) provided an adequate visual assessment of the vortex
alleviation capabilities of a particular concept. |If the initial flow
visualization indicated a change in the vortex structure, a quantitative
assessment of the effectiveness was undertaken. The quantitative assessment
was obtained by detailed velocity measurements or, as described in reference
26, by a determination of the vortex-induced rolling moment imposed on a
trailing wing model.

It was assumed during flow-visualization studies that, in order for a
concept to be effective in reducing the vortex rolling upset on a following
aircraft, a large visual change in the vortex flow would be detectable. Several
concepts were eliminated from further consideration on their inability to
visually alter the vortex flow pattern. Conversely, some concepts were found
to visually alter the flow while causing a measurable change in the vortex
velocity distribution, without significantly reducing the rolling upset on a
trailing wing. Additionally, certain techniques that were evaluated on
straight wings were found to be less effective when applied to the multiple,

diffuse vortex system shed by a flapped, swept, large transporttype wing.

Many of the concepts described in this paper, although unsuitable for
minimization of the vortex hazard behind a large transport aircraft, may have
other vortex—related aerodynamic benefits. Two possible benefits are the
reduction of vortex-induced helicopter blade loads caused by the impingement
of the preceding-blade vortex (blade slap) and the reduction of aircraft cruise

drag. It may be possible to further refine some of the techniques described
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to achieve an acceptable reduction in vortex-induced upset. In fact, some of
the unsuccessful concepts explored were later refined to the stage of suc-

cessful application.

The concepts and techniques describe have been divided into two broad
categories for discussion: (1)active devices and (2) passive devices. The
active devices attempted to alter the vortex by emitting either a sheet or
jet of air at various positions on the wing, or through -oscillating devices
to create an instability in the shed vortex sheet. The passive devices
attempted to alter the vortex by controlling or altering the flow about the

wing.

Active Devices

Blowing Concepts

Use of mass injection or air blowing was explored in many different
forms. The simplest form of blowing consisted of an air jet located so as to
inject air in the vortex axial direction. This concept, as it was evaluated
on a straight wing, is shown in figure 1. Flow visualization studies conducted
during the initial evaluation of this concept (ref. 27) indicated a visual
alteration in the vortex structure as blowing increased. Hot-wire anemometer
measurements of the vortex tangential velocity distribution, with and without
blowing, are shown in figure 2. The data indicate a significant reduction in
peak tangential velocity; however, rolling-moment measurements of the vortex-
induced roll on a following model, using the technique described in reference
26 and shown in figure 3, indicated no apparent reduction as blowingincreased.
Although a significant reduction in the vortex imposed rolling moment could
not be achieved with this concept, the achievable reduction in peak vortex
tangential velocity (fig. 2) may be significant when applied to the vortex

impingement blade-slap problem of helicopters.

The jet blowing concept was evaluated on a swept-wing transport model.

It was envisioned that the jet would be provided by a small engine located
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on the wingtip. The wingtip-mounted engines, shown on the transport model in
figure 4, were small compared to the propulsion engines and would provide only
about 8 to 10 percent of the thrust required for cruise. No detectable reduc-
tion in vortex-imposed rolling moment was measured during the evaluation of the
wingtip—mounted engines. Because the large mass flow and thrust levels of the
jet engines of transport aircraft have been shown to alter the character of

the trailing vortex system (ref. 22), one of the reasons for the inability of
the wingtip-mounted engines (fig. 4) or the jet blowing (fig. 1) to reduce the
vortex hazard was the relatively low mass flow and momentum coefficients used
for these tests (Crh = 0.0008 and Cy = 0.02) .

Several techniques for blowing a sheet of air from a wingtip to inhibit
the formation of the vortex have been tried. Figure 5 illustrates two tech-
nigues that were evaluated on a straight-wing model to inhibit the wingtip
vortex formation. Figure 5(a) illustrates the means by which a chordwise
sheet of air was blown downward from the wingtip, while figure 5(b) shows how
a tube was extended from the trailing edge of the wingtip to blow a sheet of
air downward in the spanwise direction. Vortex-induced rolling—-moment meas-
urements obtained on a following model 7.5 span lengths behind the generating
model, with these two techniques, are shown in figure 6. Spanwise blowing
was found to be the most effective. The results of a detailed study of the
spanwise blowing concept (fig. 5(b)) are described in reference 28. As re-
ported in reference 28 and shown in figure 7, the spanwise blowing provided a

significant improvement in the wing 1ift/drag ratio.

The spanwise tip blowing concept was evaluated on a large jet transport
model in the manner illustrated in figure 8. The spanwise blowing concept was
found to provide an improvement in the clean wing (cruise configuration) 1ift-
to-drag ratio of the jet transport model, as shown in figure 9. However, the
measured improvement in lift-to-drag ratio was not as large as that found for
the straight-wing tests of reference 28. In addition, no significant change
in the lift-to-drag ratio of the flaps-down (landing approach) configuration
of the transport model due to spanwise blowing was noted. The vortex-induced
rolling moment on a small-wing model (bf/bg = 0.182) behind the transport

model, for both the flap-down and clean-wing configuration, as a function of
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increased spanwise blowing is shown in figure 10. The data show a small
reduction in rolling moment as blowing is increased for the cruise configura-
tion; however, no effect was noted for the flap-down configuration. Because
the flap—-down configuration creates a complex vortex structure made up of
wingtip and flap vortexes, i1t was expected that spanwise blowing at only the
wingtip might not influence the large flap vortex. Some tests were conducted
using a crude implementation of the spanwise blowing concept on the outboard
edges of the flaps. These tests did not show a reduction in rolling moment

for the flap-down configuration.

Other variations of blowing techniques have been investigated and are
illustrated in figure 11. Hot-wire measurements behind these configurations
(ref. 6) indicated a reduction in the peak tangential velocity for the cruise
configuration, but no reduction was noted for the flaps-down configuration.
The inability of the configurations shown in figure 11 to alter the vortex
structure for the flap-down configuration is probably due to the low momentum

and mass flow used and the implementation of these concepts at the wingtip.

Oscillating Devices

Introduction of a cyclic disturbance into the shed vortex sheet was
investigated in an attempt to trigger a dynamic instability within the flow
field that would lead to its collapse. Velocity measurements of the jet mass-
injection technique (fig. 2) indicated an ability to alter the details of the
vortex core, and effects of cyclically varying the jet by turning it on and off
with a highly responsive valve were investigated. The jet could be pulsed to
provide a jet on time of 2 to 14 wingspans behind the model and a jet off time
of between 2 and 60 span lengths behind the model. The mass flow and mo-
mentum of the jet for the time the valve was open were similar to those used
in the test setup of figure 1. The pulsating jet did not appear to induce a

visual instability in the vortex.

Tests were conducted of a small oscillating spoiler on a large transport

model, as illustrated in figure 12. The spoiler could be cyclically deployed
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S0 as to introduce a disturbance wave of 1.5 to 13 spans behind the vortex
generator model. This spoiler was located in a different position and was
smaller than the successful spoiler concept reported in reference 25. The
oscillating spoiler was found ineffective in altering the vortex pattern shed
by the transport model in a flaps-down landing approach configuration. ap-
parently, because of its position on the wing, the disturbance shed by the
spoiler was not being introduced into the vortex system for the flap-down
configuration. The oscillating spoiler altered the vortex pattern shed by

the transport model in a flaps-up cruise configuration, as illustrated in
figure 13. While the spoiler was deployed, the vortex core diameter was
apparently increased; and while the spoiler was down, the vortex core was
unaffected. As shown in figure 13, the oscillating spoiler produced a vortex
of varying core diameter immediately behind the aircraft. The effects of the
spoiler were washed out beyond about six spans behind the aircraft. The
rolling moment on a trailing aircraft model was found to be reduced over the
test range of 6 to 45 spans behind the transport aircraft; however, the
reduction was independent of the frequency of oscillation. The same reduction
also could be achieved by leaving the spoiler in the deployed position. Tests

were unsuccessful in exciting a vortex instability.

These two oscillating techniques introduced longitudinal disturbances
in the vortex. Cyclic variation of the load distribution, so as to oscillate
the centroid of vorticity of the wing to produce a variation of the vortex
spacing and provide a lateral disturbance, has been investigated. The results
of these tests are presented in reference 29. As reported in reference 29, the
Crow instability (ref. 30) can be initiated. 1t is felt that for the modest
shifts in load distribution that can be obtained on operational aircraft, the
shift in vortex spacing would be small and the time required for the instability
to continue to linking and vortex breakup would be too long to significantly

alter the vortex hazard.
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Passive Devices

The use of end plates and variations of the end-plate concept have been
investigated. Figure 14 shows three end-plate concepts evaluated. During
flow visualization studies, the basic end plate (fig. 14(a)) was found to
slightly inhibit the rollup of the vortex sheet shed by the wing; however,
after the rollup was complete, the vortex structure did not appear to be
different than without the end plate. A variant of the end plate is the body
of revolution (fig. 14(b)) that had an opening in the center to allow a mixing
of the flow which passed through the center with the exterior flow. This de-
vice was observed to alter the vortex only slightly. To increase the mixing
between the fluid that passed through the body of revoluion and exterior flow,
turning vanes (fig. 14(c)) were placed inside the body of revolution to impart
a swirl opposite the vortex. The turning vanes did not visibly alter the

vortex.

A very efficient end-plate design known as a "“winglet,” which was
developed for improved cruise efficiency, was evaluated to determine its
effect on the trailing vortex structure. Figure 15 is a photograph of
winglets as installed on the large jet transport model. Results indicate that
for their intended design a reduction of cruise drag of about 8 percent was
achieved on a second-generation transport model. Tests conducted in the
Langley Research Center's Vortex Research Facility (ref. 26) indicated that
the winglets reduced the rolling moment on a trailing wing 10 to 15 percent
for the transport in a clean-wing cruise configuration. Tests conducted
with the transport model in a flaps-down landing approach configuration showed
no reduction of the vortex system due to the wingtip-mounted winglets. No
attempt was made to implement the winglets on the flap system of the transport

aircraft.

Reduction of the loading gradient at the wingtip has been investigated
using the wingtip design (ogee tip) shown in figure 16. Figure 17 shows the
reduction in peak tangential velocity measured at one span behind the ogee
tip. Simple strip-theory calculations from the vortex velocity distribution

(fig. 17) of the vortex—imposed rolling moment on a trailing aircraft showed
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very little reduction in rolling moment. Consequently, the concept was not
considered suitable for minimization of the wake vortex hazard. However, the
ogee tip, along with other concepts that reduce the vortex-peak tangential
velocity without reducing significantly the vortex imposed rolling moment on
a trailing aircraft, may have other vortex-related applications. In partic-
ular, the blade-slap problem for helicopter operations is related to the
passage of a rotor blade through the large velocity gradients associated with
the vortex from a preceding blade. The ogee tip has shown some promise in

reducing helicopter blade slap.

Another technique investigated for vortex alleviation was to extract
rotational energy from the vortex system by trailing a set of large fixed-
crossed blades attached to the wingtip to inhibit the vortex rotation (fig.
18). Velocity distributions obtained 2.5 spans behind the crossed blades are
shown in figure 19. The alteration in vortex velocity distribution (fig. 19)
would not produce a significant reduction in the vortex-imposed rolling
moment on a trailing aircraft.

Initial tests of wingtip devices and vortex generators to produce
multiple vortexes that will interact have been conducted (fig. 20). Flow
visualization studies on a straight-wing model, of the two techniques shown in
figures 20(a) and 20(b), indicated little beneficial effect from the in-
teraction of multiple vortexes. Rolling-moment measurement obtained on a
model behind the multiple vortex system, shown in figure 20(c), indicated no
reduction in the vortex hazard. Later, more successful tests of the interaction
of multiple vortex systems, obtained by alteration of the lift distribution
(ref. 24), indicate a requirement to maintain the proper vortex strength and
spacing to produce successful interactions of vortexes. The theoretical
efforts described in reference 16 provide an indication as to the required
relationship for spacings and strengths of multiple vortexes to achieve

vortex merging and dissipation.
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CONCLUDING REMARKS

During the conduct of the NASA program to develop vortex minimization
schemes, numerous concepts were evaluated that were not capable of achieving
a significant reduction of the vortex—-imposed rolling moment on a trailing
aircraft. Early tests indicated that the use of mass injection at momentum
and mass flow levels significantly lower than that used for cruise propulsion
would not significantly reduce the vortex hazard. Initial tests also indicated
that the beneficial interaction of multiple vortexes required the  proper
relationship between spacing and strength. Although several concepts were not
capable of achieving a significant reduction of the vortex hazard, they were
shown to be capable of reducing the induced drag for cruise performance
improvement. Tests to date have been unable to excite a dynamic instability

of the vortex system by using a cyclic-disturbance input.
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Figure 1.-—Model and test setup used for the evaluation of axial mass injection.

(a) Diagram of model. (b) Photograph of test setup.

234



T
Ak
3 b
MASS INJECTION
" -l
2 NO BLOWING Cm_8.6x1_c21
(,=27X10
1t
Ve
‘e 0
%o \L/
1 L
2 |
3L
16 .12 .08 Loy 0 .04 .08 .12 .16

OUTBOARD 2 INBOARD

Figure 2.--Effect of mass injection on vortex velocity distribution.

16
P ) 16)
12 | ©
Cioe 08 |
04 F
O 1 i i ) 1 1
0 .01 132 .03
C}l
Figure 3.—-Measured rolling moment on a following wing model as mass injection
is increased. Lift coefficient = 0.73 on the vortex generator; b /b _ 0.18:
f:—— - bl
X/bg = 6.67.

235



Figure 4.--Photographs of wingtip—mounted engines on transport model. (a) Front

view. (b) Side view.
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Figure 5.--Two techniques used to direct a sheet of air downward from the
(b) Span-

wingtip.

wise blowing downward from an extended tube.

TEST CONDITIONS

ROUNDED WINGTIP WITH CHORDWISE BLOWING (FIG. 5(a))
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o] C]4 = ,018
SPANWISE BLOWING FROM A TUBE (FIG. 5(b))
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(a) Chordwise blowing downward from a rounded wingtip.
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Figure 6.--Rolling moment measurements behind a straight wing of aspect ratio

6.8.
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Figure 10.--Rolling moment measured by small-wing model (bf/‘p = 0.182) at 7.5
g
spans behind a transport-aircraft model with spanwise downward blowing at

the wingtip (fig. 8).
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Figure 11.--Blowing devices investigated on the wingtip of a large transport
model. (a) Forward blowing jet. (b) Rearward blowing jet. (c) Upward

deflected jet. (d) Downward jet sheet.
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Figure 12.--0scillating spoiler device on large transport model.
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0 \
Figure 14.--The three types of wingtip end plates evaluated. (a) Sheet end

plate. (b) Body of revolution with flow through center. (c) Body of revolu-

tion with turning vanes in center.
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Figure 15.--Photographs of wingtip-mounted winglets on transport model. (@)

Side view. (b) Rear view.
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Figure 17.- -Effect of modified wingtip, shape (ogee tip) on vortex dissipation.
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Figure 20.--Techniques used to investigate interaction of multiple vortices.
(a) Wingtip extension. (b) Biplane wingtip. (c) Large vortex generator on

transport aircraft model.
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THRUST -AUGMENTED VORTEX ATTENUATION

James C. Patterson, Jr., and Frank L. Jordan, Jr.
NASA Langley Research Center

SUMMARY

An experimental investigation has been conducted in the Langley Vortex
Research Facility to determine the vortex attenuating effect of engine thrust.
Tests were made using a 0.03-scale model of the Boeing 747 transport aircraft
as a vortex-generating model. A Learjet-class probe model was used to meas-
ure the vortex-induced rolling moment at a scale separation distance of 1.63
km (0.88 n. mi.). These tests were conducted at a lift coefficient of 1.4 at
a model velocity of 30.48 m/s.

The data presented in this paper indicate that engine thrust is effec-
tive as a vortex attenuating device when the engines are operated at high
thrust levels and are positioned to direct the high-energy engine wake into
the core of the vortex. The greatest thrust vortex-attenuation is obtained by
operating the inboard engine thrust reversers at one-quarter thrust and the

outboard engines at maximum forward thrust.

INTRODUCTION

The lift-induced wingtip vortex associated with the large wide-body jet
transport aircraft of today has become a major problem in the terminal area
resulting from the large upset rolling moment induced on smaller following air-
craft. The persistent nature of this type of flow has also resulted in an un-
seen hazard during cruise flight long after the generating aircraft has passed.
The wingtip vortex, the strength of which is a function of lift for a particu-
lar aspect ratio and wing planform, has been in existence since the beginning

of flight, becoming an ever-increasing problem as the weight of each succeeding
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generation of aircraft has increased. A NASA-wide research effort is now
underway to reduce or possibly eliminate this lift-induced vortex by some
means that could be retrofitted to existing aircraft to cope with the vortex

persistence problem.

The high-energy wake produced by the large jet engines required for the
wide body transports of today has been proposed as a means of attenuating the
lift-induced vortex. Results of tests conducted to determine the vortex
attenuation due te engine thrust level, thrust position, and the effect of
reverse thrust are presented here. Visual data indicating the effect of
thrust on the circulatory field surrounding the vortex as well as the effect
on the vortex are included with the vortex-induced rolling-moment measure-
ments made at 1.63-km (0.88-=n,-mi.) scale distance behind the vortex generat-

ing model.

APPARATUS AND PROCEDURE

Facility Description

An overall view of the internal modification made to the towing tank in
the transition from the model towing basin to a Langley Vortex Research Facil-
ity is shown in figure 1. The carriage is shown mounted on the 548.64-m
overhead track with a transporttype vortex-generating aircraft model blade
mounted beneath this carriage. A vortex probe model is located at 48.77 m, a
scale distance of 1.63 km(0.88 n. mi.) downstream of the vortex-generating
model. By using the flow visualization system discussed in reference 1, the
position of this model relative to the vortex core is determined visually
during each test, while the induced rolling moment is recorded in the facility
test section.

The test section, constructed to isolate the wake of the carriage and
trailers from the model wake, is 91.44 m long, 5.49 m wide, and 4.27 m high
with a 5.10-cm opening along the center of the ceiling to allow the model
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blade mounts to pass. The exterior of the building shown at the entrance of

the test section encloses the entire length of the track.

Test Models

The vortex-generating model in figure 2 is a 0.03-scale model of the
B-747 jet transport aircraft and is shown blade mounted on an internal six-
component strain-gage balance. High-pressure air is piped from a bottle
field onboard the vehicle down the rear portion of the model blade mount to
each engine nacelle for thrust simulation. The thrust of each engine is in-
dividually controlled to allow a difference in thrust level between the in-
board and outboard engines. The model is equipped with both leading- and

trailing-edge flaps to simulate the landing configuration.

The probe models used to measure the roll induced by the vortex of the
E-747 model are shown in figure 3. The smaller of the two models is in the
Learjet class; the other is similar in scale size to the DC-9 transport.
The models include two swept and tapered wings plus two unswept untapered
research wings having the same span and aspect ratio as the swept wings. The
vertical and lateral position of the following model may be varied to fix this
model in the vortex generated by the E-747 model. This position of the roll
model is recorded by a television camera to allow an instant replay of each
test to determine the degree of vortex core penetration. The internal strain-
gage balance used with these models is also shown in this figure. All models
were constructed of fiber glass and aluminum.

PRESENTATION OF RESULTS
A sequence of photographs of the vortex flow created by a E-747 model
in the Langley Vortex Research Facility is shown in figure 4. These photo-

graphs were taken at approximately 0.5-s intervals while the model traversed

a distance of approximately nine wing spans between each photograph.
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The moment the vortex-generating model penetrates the smoke screen, the
vortex system produced by this model becomes visible and may be observed for
some time after the model has passed. The wing-tip vortex and the vortex
produced by the outer edge of the outboard flap are shown for each wing panel
in the first photograph. These two vortexes produced by each wing panel
orbit about a common axis forming a single vortex within four wing spans be-
hind the model. This results in the classical vortex sheet emanating from a
lifting wing rolling into a single vortex in the vicinity of each wingtip,
shown in the sequential photographs. These two vortexes move downward under
the influence of the wing downwash, and the vortex cores become visible with
time as a portion of the smoke material is induced upstream along the peri-
phery of the vortex core. This movement of the smoke along the vortex core
possibly results from the lower pressure associated with the more recently
formed wake upstream of the smoke screen. Beyond the radius of the rotational
flow of the vortex core, the irrotational potential flow region can be seen.
‘In the effort to reduce or eliminate the vortex hazard through a reduction in
vortex flow, it should be kept in mind that the circulation flow shown can
only be eliminated by canceling the total lift to the aircraft. By converting
the angular momentum of the persistent vortex flow into linear momentum or

turbulent flow, the vortex-circulatory wake system may possibly be caused to
dissipate more rapidly.

Thrust Effect

The rolling moment induced by the vortex is obtained with the probe
model as it penetrates the vortex shown in the last photograph of figure 4
taken 1.6 s after the vortex-generating model had passed the test position.
The lift-induced vortex is responsible for 40 to 50 percent of the cruise
drag in the form of induced drag and approximately 70 percent of the drag dur-
ing landing. This large amount of energy associated with the vortex will re-
quire a large energy input to cause the vortex to break down. 1t has been
shown in references 2 and 3 that by forcing a mass of air forward into the

vortex the axial flow in the vortex core is disrupted such that the vortex
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becomes unstable and breaks down as shown in reference 4. The jet exhaust
wake of the large engines employed on today’s transport is a source of high
energy that when properly directed into the vortex core may trigger this same

dissipating effect on the vortex.

Tests have been conducted with the model engine simulators on the B-747
model operated at a static gross sea level thrust comparable to the maximum
thrust obtainable by the full-scale transport aircraft. The landing gear is
extended for all tests as a result of the unexpected increase in vortex
strength discovered as a result of extending the landing gear. (See ref. 5.)
The visual data of the effects of engine thrust on the vortex formation are
presented in figure 5. The wingtip and flap vortexes do not appear as dis-
tinct as for the zero thrust case when the high-energy jet engine exhaust
from the inboard and outboard engines is introduced on either side of the
final vortex rollup position. This final position was found to be approxi-
mately 55 percent of the wing semispan during the investigation of the spline
vortex attenuating device (ref. 2). The attenuating effect of the thrust
should be greater than that of the spline device because of the continued in-
jection of an air mass from the engines into the vortex formed at a particular
position along the flightpath, The amount of engine exhaust that reaches the
vortex, of course, decreases as the separation distance between the aircraft
and this position increases. The downwash produced by the wing is apparent
in this figure as well as the circulatory field in the vicinity of each wing-
tip.

The effect of thrust on the rolling-moment coefficient induced on the
Learjet class aircraft probe model by the vortex of the B-747 transport model
with full landing flaps is presented in figure 6. The jet engine wake has an
attenuating effect on the vortex that reduces the measured rolling moment by
approximately 20 percent of the zero thrust case at the separation of 1.63
km (0.88 n. mi.).

The results of flight tests conducted by the Flight Research Center
using the B-747 jet transport aircraft indicate the similar thrust attenuat-
ing effect on the induced vortex (ref. 6). At a separation distance of ap-

proximately 9 km (5 n. mi.), the vortex-induced rolling moment measured by
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the small jet aircraft (Learjet class) was increased on an average by approxi-
mately 40 percent when the thrust was reduced from that required for level
flight with full flaps deployed, to an idle thrust level. More recent flight
tests at a separation distance of approximately 6.5 kn (3.5 n. mi) also in-
dicate this same reduction in vortex strength resulting from the dissipating

effect of the engine thrust on the vortex.

Engine Location

Neither of the engines on one wing panel of this model configuration is
directly aligned with the vortex spanwise-rollup position. The outboard
engine is located at the 70-percent semispan station, and the inboard engine
is at 40 percent. As stated, the position of final vortex rollup is approxi-
mately 55 percent of the semispan for this model; therefore, it should be ex-

pected that the effect of thrust shown here is not the maximum.

In an attempt to increase the vortex attenuation resulting from engine
thrust, the outboard engine on the vortex B-747 model was moved inward along
the wing leading edge to the 55-percent semispan station. The induced rolling-
moment model results obtained with the outboard engine in this new position,
with and without thrust, are presented in figure 7. The vortex induced roll
value for the thrust-off case is slightly higher than with the engine at the
70-percent semispan position, possibly resulting from the reduced underwing
fencing effect offered by the engine-pylon combination located further out
along the wing span. Interruption of the spanwise flow under the wing would
tend to reduce the strength of the vortex, as an associated change in span
load would indicate. Applying maximum thrust with the outboard engines at
the 55-percent semispan position results in an additional 50-percent reduction
in vortex-induced rolling moment. This result demonstrates not only the vor-
tex attenuating effect of engine thrust, but also the importance of properly

directing this energy.
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Thrust Reversers

Because the high engine thrust levels required to obtain an appreciable
reduction in vortex strength may not be applicable to the landing case, it
has been suggested that the jet engine thrust reversers might be employed as
a vortex attenuating device. The reversers on the B-747 operate by directing
the fan flow and primary flow of the fan-jet engines approximately 26° for-
ward of the vertical plane, resulting in approximately 42 percent of the total

engine thrust reversed.

Model tests were conducted using an annular structure at the model engine
fan exit to turn the fan flow 120" simulating the full-scale engine reverser.
The vortex-induced rolling moment results obtained with the two outboard or
two inboard engine thrust reversers deployed, operating at 25-percent maximum
forward thrust, and with the nonreversed engines operating at full thrust are
presented in figure 8. The inboard engine reversers are approximately three
times as effective as the outboard reversers, resulting in a 60-percent reduc-
tion in the measured vortex rolling moment. The visual data for the inboard
reverser configuration are presented in figure 9. Comparison of these data
with those of figure 4, basic configuration without thrust, indicates that the
vortex core has been eliminated while the accompanying circulation has been
greatly reduced. Full-scale flight tests of reverser effectiveness have been
conducted recently using the B-747 airplane without landing flaps deployed.

A significant reduction in the actual roll upset of the probe aircraft was
achieved by operating the outboard engine reversers at idle thrust while the

inboard engines developed maximum thrust.
Multivortex System

Tests were conducted to determine the effect of a variation in span
lift loading on vortex dissipation. The span load was altered by retracting
the outboard flaps, resulting in the vortex system shown by the visual data
presented in figure 10. These data indicate that for the zero-thrust case
there is a distinct wingtip and flap vortex system. The vortexes that form

on the inner edge of each inboard flap tend to dissipate each other as a
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result of their opposite senses of rotation and proximity aided by the end=-
plate effect of the nearby fuselage. Vortexes that formed at the flap outer
edges orbited with the wingtip vortexes until the flap vortex flow broke down
at approximately 0.78 km (0.43 n. mi.) downstream from the model. The wingtip
vortex persisted long after that, as indicated by the well-defined vortex in
the last photograph of the figure at a separation distance of 1.63 km (0.88

n. mi.).

The effect of thrust on the multivortex system resulting from deploying
only the inboard flaps is presented visually in figure 11. The core of each
vortex is visually dissipated and circulation has been reduced as shown pre-
viously as a result of the engine wake.

The measured rolling-moment coefficient increased from a value of ap-
proximately 0.03 to 0.04 when the full engine thrust was applied to the in-
board flap configurations. This result was unexpected and had not been
experienced in previous engine thrust tests. In reviewing the videotaped
visual data, it was apparent that in the zero-thrust case, the wingtip vortex
had moved into such a position relative to the probe model at the scale dis-
tance of 1.63 km (0.88 n. mi.) that its influence tended to reduce the roll-
ing moment induced by penetration of the flap vortex. The dissipating effect
of thrust on the wingtip vortex reduced the favorable effect of this vortex

on the probe model, resulting in the larger flap vortex-induced roll.

There was some indication during the full-scale flight tests of this
mutual effect of the vortexes on the probe aircraft in multivortex systems.
These effects have been.associated with a change in separation distance be-
tween the generating and probe aircraft that alters the relative position of
each vortex to the probe aircraft.

CONCLUDING REMARKS

An experimental investigation to determine the dissipating effect of

engine thrust on the lift-induced vortex of a model B-747 transport aircraft

258



indicated that--

(1) The strength of the lift-induced vortex-of the B-747 may be atten-

uated by the thrust of the large fan-jet engines employed by this
transport «

(2) The thrust-augmented vortex attenuation may be maximized by proper
engine location relative to the vortex.

(3) Deploying the thrust reverser on the inboard engines at low thrust
levels is a very effective method of achieving a large degree of
vortex attenuation.

(4) The mutual effect of the vortexes in a multivortex system may en-
hance as well as attenuate the rolling moment induced on a follow-
ing aircraft as a result of the relative position of each vortex
to the probe aircraft,
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Figure 2.--Photograph of the 0.03-scale-model wide-body jet transport aircraft
used as vortex generating model.

Figure 3.--Photograph of the 0.03-scale-model DC-9 and Learjet-class aircraft
used as vortex probe models.
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GROUND DEVELCAVENT AND FLIGHT CORRELATION

CF THE VORTEX ATTENUATING SPLINE DEVICE

James C. Patterson, Jr., Earl C. Hastings, Jr.,

and Frank L. Jordan, Jr.

NASA :Langley Research Center

SUMMARY

The data presented in this report indicate that the wing-mounted spline
is a effective vortex-attenuating device. A comparison of the vortex-induced
rolling moment results at a separation scale distance of 0.70 km (0.38 n. mi,)
obtained in the Langley Vortex Research Facility with those measured in full-
scale flight indicate good agreement for the unattenuated vortex configuration.
The comparison also indicates that the spline effectiveness in flight was
greater than in the ground facility test. The results of an applications study
show that, for the heavy commercial jet aircraft studied, use of the splines
does result in some degradation of the climb gradient and rate of climb, but

the aircraft should meet certification requirements.

INTRODUCTION
The introduction of large, wide-body transport aircraft has resulted in
an additional safety problem in the terminal area because of the strength

and persistence of the lift-induced vortex. Because vortex strength is a
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function of the lift for a particular aspect ratio and wing platform, the
vortexes produced by the heavy transport aircraft that are now in service
have become a hazard to following aircraft. The persistent nature of the
vortex flow prolongs this unseen hazard to long after the vortex-generating
aircraft has passed. NASA is engaged in a broad research program to increase
understanding of vortex behavior and to develop methods of attenuating the

trailing vortexes.

This paper presents the results of some of the experimental research
and development at Langley Research Center of a vortex-attenuating device
referred to as a spline. The areas of research discussed include the
development of the spline device in the Langley Vortex Research Facility, a
correlation of full-scale and small-scale test results, and results of an
applications study to evaluate the impact of employing splines on a modern,

heavy jet transport aircraft.

SYMBOLS

b wing span, m
¢ mean geometric chord, m

rolling moment due to rolling velocity, BCQ/B(pb/ZU) per rad

Cii rolling moment due to yawing velocity, BCQ/S(rb/ZU) per rad

Cz vortex—-induced rolling-moment coefficient

Cz\sl rolling moment due to sideslip, 302/88 per rad

c26 “rolling moment due to total aileron deflection, acllaaa per rad
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Cy rolling moment due to rudder deflection, acz/aar per rad

X)r( moment of inertia about longitudinal body axis, kg—m2
IYY moment of inertia about lateral body axis, kg—m2

IZZ moment of inertia about vertical body axis, kg—m2

JXZ roll-yaw product of inertia, kg—m2

L rolling moment, m-N
p angular rate about longitudinal body axis, rad/s
qg dynamic pressure, N/m2
q' angular rate about lateral body axis, rad/s

r angular rate about vertical body axis, rad/s

S wing area, m2

U velocity component along the longitudinal body axis, m/s
B angle of sideslip, rad

6 total aileron deflection, rad
8 rudder deflection, rad

8 pitch attitude in Earth reference system, rad

¢ roll attitude in Earth reference system, rad

¥ heading relative to Earth reference system, rad

TESTS IN THE LANGLEY VORTEX RESEARCH FACILITY
Preliminary Vortex Research

Early vortex research that led to the spline concept was conducted in
a pilot version of the Langley Vortex Research Facility. This pilot facility

used a stationary airflow visualization method allowing a greater insight
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into the actual motions of the wingtip vortex. The flow visualization method
(ref. 1) developed in the pilot Vortex Research Facility is based on the fact
that the air molecules affected by the wingtip are set into circular motion
with no longitudinal flaw, with the exception of those molecules in the vortex
core itself. To make this circular vortex motion visible, a screen of smoke
is produced through which a model is propelled. As the model passes through
the smoke screen, and for some time afterward, it is possible to photograph
the entire life span of the vortex. (Although this same relative motion is
present in the conventional wind tunnel, the test section usually is not of

sufficient length to observe the full development of the vortex.

The first tests were conducted using a wing panel mounted on the
monorail catapult system in the Langley towing basin. Preliminary runs were
made that illustrated the vortex-alleviating effect of a number of configura-
tions. These configurations were essentially geometric modifications of the
wingtip, such as end plates, tip planform variations, tip extensions, flow-
through nacelles, and many others that had only a small effect on the far-
field vortex flow, and were, therefore, not solutions to the vortex persist-

ence problem.

It was proposed that an unfavorable or positive pressure gradient applied
just downstream of the wingtip might force the vortex to dissipate. This
pressure gradient was applied by a decelerating chute at each wingtip, which
virtually eliminated the vortex flow in both the near and far field. The
mechanism behind the success of this approach is believed to be the result of
disrupting the vortex axial flow plus the shearing stress between the rota-

tional vortex flow and the linear flow of the mass of air forced forward into
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each vortex core by the decelerating chutes. As a more practical application
of this idea, the spline concept was tested and found to produce the same
vortex attenuating effect as the decelerating chute. The spline configuration
has the advantage that it can be readily retracted during cruise flight and

deployed for landing.

Langley Vortex Research Facility Description

The later small-scale, spline vortex attenuation tests described in
this paper were conducted in the Vortex Research Facility. In this new
facility the stationary airflow visualization method was again employed as in
the earlier investigations. 1t was possible to determine the aerodynamic
forces associated with the vortex generating model, and by positioning a second
model in this vortex core downstream of the lead model it was possible to
determine the vortex-induced rolling moment. An overall view of the Vortex
Research Facility is shown in figure 1. The carriage is mounted on the
548.64-m overhead track, with a vortex-generating aircraft model blade mounted
beneath this carriage, and a following vortex probe model located 48.77 m
downstream (a scale distance of 0.70 km) , through a series of trailers to

measure the induced rolling moment resulting from the lead model vortex.

The test section, constructed to isolate the wake of the carriage and
trailers from the model wake, is 91.4 m long with a 5.08-cm opening along the
center of the ceiling to allow the model blade mounts to pass. The exterior
of the building shown at the entrance of the test section encloses the entire

length of the track.
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Test Model Description

Photographs of the two models used in the spline vortex attenuation in-
vestigation are shown in figures 2 and 3. These are 0.07-scale models of the
generating aircraft and probe aircraft used in the full-scale flight tests

discussed later in this paper.

The model of the vortex generating aircraft with the spline device
installed on the wingtip was blade mounted beneath the carriage on an internal
six-component strain-gage balance. The three-bladed model propellers were
free to rotate as the model moved through the test facility. The effect of
thrust was determined by powering each model propeller with a small recipro-
cating engine capable of producing the scale thrust level of an engine on the

full-scale generating aircraft, The effects of thrust were negligible.

The 0.07-scale model of the low wing, single engine vortex probe aircraft
is shown in figure 3. At this scale, the mean geometric wing chord of.this
model is 11.43 cm, resulting in a Reynolds number of 230 000 at the test
velocity of approximately 30.48 m/s. Although low Reynolds number lift data
are not available for this type of aircraft, it was doubtful, based on the
data from the low Reynolds number test of reference 2, that the flow over the
model wing was attached at the angles of attack induced by the vortex. During
early tests the roll measurements made were unusually constant throughout the
length of the test section. The probe aircraft model was in one fixed
position relative to the wingtip of the vortex generating model during each
run, and as a result of the vortex meander, this model was not perfectly

centered in the vortex at all times throughout the entire length of the test
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section. The induced rolling moment measured by the probe model therefore
varied with the degree of vortex penetration. The constant rolling moment
measured, therefore, indicated that the wing of the probe model was, indeed,
stalled and that the vortex-induced roll was probably greater than that

measured at this low Reynolds number.

To avoid this reduced performance for the following model, the wing
panels of the probe model were deflected in a manner to reduce the relative
vortex—-induced angle of attack. When penetration of the vortex produced by
the left wing of the generating model occurs, an upflow is imposed on the left
wing of the probe model and a downflow on the right wing. By reduction of the
angle of attack of the left wing and increase of that of the right wing by
physically deflecting each wing panel separately, the vortex tangential
velocity relative to each wing panel is reduced, such that the induced angle
of attack is below the angle at which wing stall occurs at the test Reynolds
number. The wing panel deflection angle resulting in the greatest measured

vortex induced-rolling moment was found to be +3°,

Transition was fixed by applying a 100-grit Carborundum strip of 0.254
en width on all upper and lower surfaces at the 5-percent local chord

position.

TEST RESULTS
Effect of Spline Spanwise-Position

The formation of the lift-induced vortex occurs near the tip of a

lifting wing having a constant span load over a large percent of the span,
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such as that theoretically associated with a wing that Is not tapered, twisted,
or swept. The wing of the generating model used in this investigation was
tapered and twisted; therefore, the final rollup of all the small vortexes
formed along the span of the wing with each change in lift, plus the vortex
created at the wingtip, coalesce inboard of the wing tip. Model tests were
conducted to determine this rollup position, using the flow visualization
technique of reference 1. The spline device was positioned at this location
and at other spanwise locations along the wing span while the resulting
rolling moment was measured by the probe model to determine the spanwise
position that produces the maximum vortex alleviation. These rolling moment
values induced on the probe model at a separation distance of 0.23 km are

presented in figure 4.

The basic data of figure 4 show the maximum rolling moment induced by
the generating model without vortex attenuation. The reduction in vortex-
induced rolling moment attributed to the wingtip-mounted spline device is
approximately 28 percent of the maximum. The attenuating effect becomes
progressively greater as the spline is moved inboard, reaching a maximum
roll reduction at approximately the 75-percent semispan position. The induced
rolling moment at this point is reduced approximately 36 percent below that
for the configuration without splines. These force data also indicate that
the attenuating effect of the spline decreases as the spline is moved further
inboard. The spline was tip mounted for the full-scale flight test because of
structural considerations; therefore, the flight rolling-moment measurements

presented here are considered somewhat conservative.
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Visual data for the unattenuated configuration presented on figure 5
indicate the formation of the vortex system as this model moves through the
smoke screen. The distinct vortex cores, the surrounding circulatory field,
and the wing downwash may readily be seen as well as the growth and move-
ment of the vortex system with time. The final photograph is of the probe
model as it penetrates the vortex produced by the left wing panel of the

generating model.

Visual data obtained for the generating model with tipmounted splines
presented in figure 6 indicate that the high-energy vortex core produced by
the basic unattenuated model is eliminated by the flow field of the spline
device and the circulation around the core is greatly reduced. The vortex
probe model shown in the final photograph measures the rolling moment induced
by this altered vortex. Visual data obtained with the spline device located
at the various spanwise positions (not shown) indicate a more dispersed flow
pattern than shown here. As the splines are moved inboard along the span
there is a tendency for the tip vortex to form, but it is rapidly dissipated

as 1t moves into the flow field produced by the spline.

Visual data of the wake at separation distances several kilometers
(miles) downstream from the vortex generating model indicate that there is a
tendency for the vortex to reform possibly as a result of the remaining
circulation. This same result was also noted during flight test, although
the large diameter vortex that did reform when penetrated by the probe

aircraft induced very little roll.
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Effect of Spline Diameter

Preliminary qualitative results obtained in the pilot facility (ref. 1)
indicate that the required spline diameter for vortex attenuation below the
hazard level was approximately 55 percent of the wing mean geometric chord.
The effect of spline diameter on the vortex—induced rolling moment measured
in the Vortex Research Facility by the following model is presented in figure
7. These data indicate that the vortex attenuation of the spline device is
a function of the exposed area as would be expected. However, reducing the
diameter from 55 to 35 percent c resulted in only a small change in the
reduction in induced rolling moment. Wind tunnel tests have shown that the
drag associated with the spline is a direct function of frontal area, there-
fore, the 35-percent Zdiameter spline would have substantially less drag
than the 55-percent diameter spline. Therefore, the 40-percent-diameter
spline would probably be optimum, considering both vortex attenuation and
drag. The smallest diameter spline tested (27 percent ¢) resulted in a
sizable decrease in vortex attenuation while the largest spline tested (65
percent ¢) resulted in an increase in vortex attenuation that extended
much farther downstream and prevented the vortex from reforming. However,
it would be expected that this larger spline would cause significant increase

in drag.

The effect of spline diameter on the development of the lift-induced
vortex is shown visually on figure 8. These data were obtained approximately
0.23 km (0.13 n. mi.) downstream from the vortex generating model. The results
for the smallest diameter spline (upper left—hand photograph) indicate the

vortex is beginning to reform at this short separation distance. As the

280



spline diamater is increased, it can be seen that vortex development is further

retarded.

Effect of Spline Chordwise Position

The spline position behind the wing trailing edge was based on exper-
imental wind tunnel tests (not reported) such that the impingement of the
spline pressure field on the wing surfaces causes a minimum loss in lift and
increase in drag. The increase in drag during landing is not considered as

significant as any loss of lift might be.

FLIGHT TEST DESCRIPTION

Detailed descriptions of the aircraft, systems, and procedures used in

these tests are presented in reference 3 and summarized briefly here.

The aircraft shown in figure 9 was used as the generating aircraft
because it was available and could be adapted for tip splines without undue

time or expense. Some additional characteristics of the generating aircraft

used are as follows:

Empty operational mass, kg (1bm) s s s s om ow s s ow ow s s o= w22 294 (49 150)

Wing area, m2 (ftz)- L ] L} L] L ] L] L ] L] L ] L} L] L ] L] L ] L] L ] L} L] L ] L] L ] 135-8 (1462.0)

Wing mean aerodynamic chord, m (ft) « « « & & & &« &« » » « « « « « 4 (13.61)

Wing aspect ratio [ ] [ ] L} L} L ] L ] L ] L ] L ] L ] L] L ] L ] L ] [ ] [ ] [ ] [ ] L} L} L} L ] L ] L ] L ] L ] 9.44
Wing incidence (root), deg « =« = = = = = s s s s s s s s s s s s s s s & = 4
Wing incidence (tip) deg « s s s s = = = = = = s s s s s s s s s s s s % &# 1
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Horizontal tail area, m2 (ftz) rorononononoxox oo oa s 302 (324.9)
Vertical tail area, n? (ft2) s r s s s s oo oo os s s owow s 167 (179°.3)
ENgine & « & o o & s & # o s = s s 2 s = &« » u & Pratt and Whitney 2000 D-5

Propeller data:

TYPE =« = s = = = = = = = = = =« = =« =« Hamilton standard constant speed

Gear ratio. L] [ ] L ] L ] L ] L} [ ] L ] L ] L ] L} L ] L ] L ] L] L} L ] L ] L ] L} [ ] L ] L ] L ] L} [ ] L ] 2:1
Blade activity factor & « « o o o o « s 2 o s s » 2 ¢ s s » 2 2 s » & 100
Dlameter, m (ft) L ] L ] L ] L ] L ] L} L] L] L] L] L] L ] L ] L ] L ] L ] L ] L} L} L] L] 3-97 (13-0)

For these tests, the basic aircraft was modified by the installation of
the splines (see fig. 10), a spline jettison system, and a flow visualization
system for vortex marking. As previously noted, tests in the Vortex Research
Facility indicated that splines located inboard of the wing tips would be
more effective than splines located at the tips. (See fig. 4.) With flaps
down, the optimum spline location would have been further inboard. However,
because the extensive structural modifications required to locate the splines
inboard precluded anything but a tip-mounted location, the flight tests were
made with the splines at the wing tips and with the flaps retracted. Inflight
motion pictures showed that this configuration positioned the splines in a
location to interact with the tip vortexes, even though optimization of the

spline location was not possible.

A diagram of the probe aircraft is shown in figure 11. For these tests,
the probe aircraft was equipped with onboard distance measuring equipment
(DME); an S-band radar tracking beacon, and a fixed 16-mm motion picture

camera. Additional information on the characteristics of the probe aircraft

282



include the following:

Mass :
Empty operation, kg (lbm) s s rn s s wow o owe owoeow . 799 (1761)
Gross takeoff, kg (lbm) T e s o= s ox o= owom. w. woaow s« 1009 (2225)
Inertias (approximate) :
I, kg-m? (SIUG=Ft%) & v v s v s o s v s s e v o« «. . 1356 (1000)

XX

L, kgem? (SIUG=Ft2) v v v e v e e e e e e e e+ . 1000 (1401)

vy’

IZZ’ kg—m2 (Slug_ftz) [ ] [ [ ] [ [ ] L I ¥ [ [ ] " [ ] ] " [ [ [ ] [ 2700 (1991)

JXZ’ kg"‘mz (S|Ug—ft2) = = = ®E ® ®E E e o [ T " = = ® ® = & 676 (50)
Wing data:

Area,mz(ftz).....................14.9(160)

Span, m (ft) « & & & & v & & & w e & ox w2 owoaoax .« 914 (30)

Chord, M (Ft) + & & 4 ¢ ¢ & s ¢+ + s s 2 s s v s s s 16 (53)
Aileron data:

Span, M (f£) & & & & = % & s = * # s s x e 12 2w 16 (53

Chord, m (ft) & w + % & &« = = s s = s s« = s s » « « « «0,305 (1.0)

Engine type [ [ [] [ [] [ [] [ [ [] [] [ [] [] [ [ [ [ [ [ [] [ I LyCOming 0—360_A3A

On a typical penetration flight, the two aircraft would rendezvous and
establish the desired airspeeds, headings, and altitudes. The probe aircraft
records, DME, and camera were turned on, and the vortex-marking system in the
generating aircraft was activated, When the desired separation distance
between the two aircraft was established, the probe aircraft approached the
vortex trail along’a parallel course. Shallow-angle penetrations were then
made from just above or below the trail. For flights without splines, pene-

trations were made at separation distances between 9.26 km (5 n. mi.) and
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3.70 km (2 n. mi.). With splines installed, penetrations were made as close
as 0.6 km (0.32 n. mi.). All penetrations were made in the flaps-up configu-
ration at a nominal altitude of 2100 m (7000 ft) and indicated airspeeds of
50£5 m/s (90210 knots). The test Reynolds number, based on these nominal

values and the ¢ of the probe aircraft, was 4.364 x 106.

In comparing vortex attenuation results from flight tests with those
from ground facilities, a difference in testing technique should be noted. In
these flight tests (as in flight tests in general) it was often difficult to
precisely position the probe aircraft in the vortex core. Some factors that
contributed to this difficulty were small vortex core, meander of the vortex
because of atmospheric disturbances, and the tendency of the probe aircraft
to roll away from the core. (In these tests, this problem was less severe
with the attenuated (splines-deployed) vortex because the core size was larger
and the vortex less intense.) Data presented from the Vortex Research
Facility, however, were determined when it was certain that the probe model

was within the vortex core.

To minimize this difference in test technique, the flight tests involved
a large number of penetrations to increase the probability that the maximum
possible induced-roll accelerations of the probe aircraft were achieved. The

validity of this technique is discussed later in this paper.

DATA ANALYSIS AND RESULTS

One of the parameters used to evaluate vortex attenuation effectiveness

was the maximum roll acceleration f)max derived from measured rate data recorded
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by the probe aircraft during penetrations with controls as nearly neutral as
possible. Many penetrations were made to provide a large statistical sampling.
The maximum values obtained (ref. 3) are shown in figure 12. Data are
presented for the generating aircraft without splines, and with the 2.28-m
splines installed. It is evident that the splines were effective in atten-

uating the vortex effects over the range of distances shown.

As noted in reference 3, these results include the effects of small
aileron deflections. To provide a comparison of the flight data with data
from the Vortex Research Facility, additional analyses were conducted to
express the flight results in terms of the rolling-moment coefficient

resulting from vortex alone.

The equation of motion in roll (see ref. 4, ch. 3) is given by

L=9I -1%+J +q'r(@ -1 - 1
PI_ . oy T, ") pad (1)

where a dot above a symbol denotes a derivative with respect to time.

The linearized equation, expressed in terms of rolling-moment coeffi-

cients (ref. 4), is

XX Xz _ b ~ 2. .a
S " a5 29 Ce "3 Gy T €y B=C8 6 +Cp6 6r (2)
1 r B
a r
where
¢ =p T q sin¢ tan 6 +r cos ¢ tan 6 (3)

285



and

v =(q" sin¢ T r cos ¢) sec o (4)

Equation (2) was used as the basis of this analysis because a computer
program was available and sample cases showed less than a 4 percent difference

in the results from the complete and linearized (computer) methods.

Adding a term Cg for the vortex effect, and transposing terms in
Vv

equation (2), gives the relationship used in this analysis:

I ¢ N :
XX XZ ¢b - yb _ _ B
zv=zﬁ;r'ass‘”2ucz ZUCzr CQB Czs 64 Czs 6, (5
B a r

c

Equation (5) was used to determine values of Cz at 0.1-s time intervals
\Y4
during each vortex penetration of interest, and the maximum values are pre-

sented as the flight test C;z, values in this report. In the solution of
Vv
equation (5), the inertias, wing area, and wing span of the probe aircraft

were used. Aerodynamic and control derivatives were those obtained in earlier

Langley Research Center flight test and simulator tests with this aircraft:

Cl,rad_l............................ -0.2741
Czp,rad_l............................ .07
Czr,rad_l............................ -.045
an,rad_l........................... ~.0365
C;aa,rad_l -.014
r
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Airspeed, dynamic pressure, control position, attitude, and rate information

were determined from measurements recorded during the vortex penetrations.

An indication of the accuracy of this procedure was shown, using the
results of flight tests with the probe aircraft in which aileron rolls were
performed in undisturbed air (Cz = 0). Data as listed for probe aircraft and
flight-test data were used with \e/quation (5), and Cz histories were calculated
for a number of rollmaneuvers. 1In all cases, the m\gximum calculated values of

c ~were between 0 and 0.003. This indicated that the error resulting from
v

the analytical method was much smaller than the vortex-induced values.

Maximum values of CR from this analysis are shown in figure 13. The
Vv

maximum aileron rolling moment coefficient, Cz Ga is also shown. The data
§_ "max
a

show that for the unattenuated (no spline) vortex, the vortex-induced roll was
larger than the maximum aileron roll at separation distances closer than 8

km (4 n. mi.) and was about 60 percent above that value at 4.11 km (2.22 n.
mi.). For the attenuated (splines-on) case, the vortex-induced roll
coefficient was always less than the roll capability of the aileron under the

same conditions.

GROUND FACILITY/FLIGHT TEST CORRELATION

A comparison of the results obtained in the Langley Vortex Facility
with those obtained in flight is presented in figure 14. The rolling moment
induced by the lift-induced vortex of the 0.07-scale generating model was
measured at a scale distance of 0.70 kn (0.38 n. mi.) downstream of this

model, although the flight data are presented at separation distances ranging
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from 4.11 to 9.09 km. The flight data in this figure has been corrected to the
same value of U/Ue (where Ue is the velocity of the following aircraft) as
the 0.07 scale tests.

A flight rolling moment coefficient of the 0.058 1is obtained for the basic
configuration at a separation distance of 0.70 km using the straight line extra-
polation shown. This extrapolation is based on flight test results presented by
Marvin R. Barber, et al, In this report. There is reasonable agreement between
the "no splines" data based on this extrapolation. This indicates that the test
techniques employed in the ground and the flight experiments were valid for this
configuration.

The attenuated rolling-moment coefficients (splines on) presented in fig-
ure 14 are for the wing-tip mounted spline device with a diameter equal to
55 percent of the mean geometric wing chord. It was possible during the flight
test to probe as close as 0.60 km behind the vortex-generating aircraft allowing
a direct comparison between flight and model test results.

The tip-mounted spline reduced the vortex-induced rolling moment in flight
approximately 72 percent at a separation distance of 0.70 km while the model
results indicate a vortex roll reduction of approximately 27 percent at this
same separation distance. These data indicate that a greater vortex attenuating
effect is derived from the spline device iIn flight than In the ground facility.
Although the reason for this discrepancy has not yet been determined 1t might be
conjectured then that Reynolds number may have a large affect on the flow field
developed by the spline device reducing its vortex attenuating effect at model
scale. The model visual data indicate that the well-organized vortex core is
nearly eliminated while the circulation outside of the core remains and produces
the rolling moment measured by the following model. The lower velocities asso-
ciated with the circulation would be affected by model scale.
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APPLICATIONS STUDY

During these flight tests, the performance of the generating aircraft
with splines attached was evaluated and found to be acceptable (ref. 3).
However, because this generating aircraft was not a representative commercial
aircraft, a preliminary study was conducted for NASA by the Boeing Co. to
evaluate the performance of the aircraft shown in figure 15. Results are

presented in reference 5.

In summary, it was concluded that for splines deployed only on approach,
the concept appears feasible from the standpoint of structures, stability and
control, performance, and operations. The largest spline effects are decreases
in landing climb gradient and climb rate, and an increase in approach noise.
Even with these penalties, the aircraft would meet certification requirements.
Effects on other parameters such as takeoff, cruise, range, approach speed,

and so forth, were indicated to be insignificant.

CONCLUDING REMARKS

The results obtained during this investigation indicate that--

(1) The spline device is effective in reducing the strength of the
lift—-induced vortex.

(2) A comparison of the vortex-induced rolling moment obtained in the
Langley Vortex Research Facility with full-scale flight results
indicate good agreement for the unattenuated aircraft configuration.
This implies that the test techniques employed on the ground and

in flight experiments were valid.
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(3) A comparison of data at 0.70 km indicates that the vortex
attenuation achieved in flight was greater than was obtained in
the ground facility, indicating that the ground facility was
conservative with this device.

(4) A preliminary study indicated that the installation of splines on
current commercial jet aircraft would be feasible. Significant
penalties would result in the landing phase climb capability and
approach noise. Even with the penalties, however, this aircraft

would meet current certification requirements.
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Figure 2.--Photograph of 0.07-scale model of propeller driven transport aircraft

used as the vortex-generating model.

Figure 3.—--Photograph of 0.07-scale model of single engine light aircraft used

as the vortex probe model.
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Figure 9.--Diagram of unmodified generating aircraft.
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Figure 10.--Sketch of spline assembly at wingtip.
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AIRCRAFT WAKE-VORTEX MINIMIZATION BY UE O FLAPS

Victor R. Corsiglia and R. Earl Dunham, Jr.*

Ams Research Center
SUMMARY

A survey is made of research on the alleviation of the trailing vortex
hazard by altering span loading with flaps on the generator airplane. Flap
configurations of the generator that shed multiple vortices were found to
have wakes that dispersed by vortex merging and sinusoidal instability.
Reductions of approximately 50 percent in both the wake rolling moment
imposed on a following aircraft and the aircraft separation requirement were
achieved in the ground-based and flight-test experiments by deflecting the
trailing-edge flaps more inboard than outboard. Significantly, this con-
figuration did not increase the drag or vibration on the generating aircraft
compared to the conventional landing configuration. Ground-based results of
rolling—-moment measurement and flow visualization are shown, using a water
tow facility, an air tow facility, and a wind tunnel. Flight-test results
are also shown, using a full-scale B-747 airplane. General agreement was
found among the results of the various ground-based facilities and the flight
tests. Some progress has been made in identifying configurations that
alleviate the wake; however, more research is required before a configuration

acceptable for airline operation is found.
INTRODUCTION

The objective of the NASA wake-vortex alleviation program is to reduce
the intensity of the lift—generated vortices shed by large subsonic transport
aircraft so that separation distances between aircraft can be reduced during
landing and takeoff. One aspect of this program has been devoted to investi-

gating the effect on the wake of turbulence injection into the vortices

*Langley Research Center.
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(refs. 1-14). In these studies, a variety of spoiler sizes and locations
were considered, as well as various spline configurations. Although some of
the turbulence injection devices were effective in reducing wake intensity,
the penalties associated with their drag, lift, unsteady loads, and instal-
lation made them unacceptable solutions to the wake-vortex problem. Recently,
however, the use of the existing spoilers on the B-747 airplane has been
found to be effective (refs. 15 and 16), and an effort is underway to reduce

the associated penalties to a tolerable level (ref. 17).

An alternate approach to wake-vortex minimization is to distribute the
lift on the wing so that a very diffuse wake results. This approach is
attractive in that lower levels of wing profile drag would be expected com-
pared to the use of drag devices such as a spoiler or spline. This lower
drag is especially important for takeoff and the climb phase of flight. This
paper discusses the use of flaps as a technique to alter span loading and

includes work performed by the NASA Ames, Flight, and Langley Research

Centers.
NOTATION
b wingspan
c wing local chord
< wing average chord
Cy local lift coefficient
¢, rolling—-moment coefficient
Cp total drag coefficient
CL total lift coefficient
CM total pitching-moment coefficient
D vortex spacing (see fig. 11)
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i horizontal stabilizer incidence

t
r vortex radius
t time
At time increment
U free—stream velocity
0
Ve vortex swirl velocity
X downstream distance
Y spanwise distance
a angle of attack
= 2y/b
n y/ .
30°/0° indicates inboard flap deflected 30" and outboard flap deflected
0° typically
Subscripts
f follower model
g generator model

RELATIONSHIP BETWEEN SPAN LOADING AND VORTEX-WAKE INTENSITY

Theoretical

Significant progress was made in understanding the relationship between
span loading on the generating wing and the structure of the downstream vortex
wake when the Betz method (ref. 18) was adopted by several investigators. The
wake rollup procedure described by Betz in 1932 received little attention
until Donaldson (refs. 19 and 20) showed that the swirl velocity distribution
calculated in this way compared favorably with measurements. Mason and
Marchman (ref. 21) applied the Betz method to a series of tapered wings and
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concluded that the trailing vortex became more intense as the vorticity was
concentrated on the outer portion of the wing. A similar conclusion was
drawn by Brown (ref. 22), who applied the Betz theory to a parabolically
loaded wing. Rossow (ref. 23) applied the Betz method to a wide range of
wing span loadings. Figure 1is a sample of his results. The swirl velocity
is seen to be significantly reduced in panels (b), (c), and (d) of the figure
as compared to panel (a), which corresponds to elliptic span loading.

Rossow (ref. 24) then extended his analysis to more complicated configurations
by use of a time-dependent point-vortex model that also satisfied the Betz
invariants. He found that (i) span loadings could be tailored to produce a
very diffuse wake and (ii) by shedding multiple vortices in the wake, strong

interactions between vortices could occur which would disperse the vorticity.

Experimental

Rorke, Moffitt, and Ward (ref. 25) found that vortex swirl velocity in
the wake of a rectangular wing could be significantly reduced by installing
an ogee wingtip that reduced the wingtip loading. A similar conclusion was
obtained by McCormick and Padakannaya (ref. 26) in their study of the effect
of a drooped wingtip. Rossow et al. (ref. 12) showed that swirl velocities
could be reduced by tailoring for an optimum span loading by use of a seg-
mented trailing-edge flap on a swept wing (fig. 2). However, the rolling
moment imposed on a following model alined with the vortex was found, in some
cases, to be increased as a result of tailoring the loading, depending on the
span of the follower relative to the span of the generator. Ciffone and
Orloff (ref. 27) conducted further studies using the same design of swept
wing as in reference 12. They found that when multiple vortices were shed in
the wake, strong interactions occurred between some vortices. However, other
vortices persisted in the wake and resulted in swirl velocities as high as

those found in the wake of conventional configurations.

USE OF FLAPS ON THE B-747 AIRPLANE

To coordinate the activities of the various NASA centers in the wake-

vortex minimization effort, a common objective was adopted. The generating
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wing was agreed to be that of a B-747 airplane and the following wings would
be representative of a Learjet and a DC9 airplane for the lightweight

(<12,500 1b) and medium-sized followers, respectively. Particular interest
was focused on those modifications of the generator which were sufficiently

minor to be regarded as retrofit modifications.

In view of research work on the effect of span loading (discussed pre-—
viously), an obvious possibility for consideration on the generator was to
retract the outboard flap with the inboard flap left at the landing setting
(figs. 3 and 4). The generator was equipped with two spanwise segments of
triple-slotted, trailing—edge flaps capable of high lift. Figure 5 shows the
span loadings produced by various flap settings of the generator using a
vortex lattice method for the wing and flaps, including the effect of camber
and twist, but without fuselage or tail. Note that the conventional flaps
0" and takeoff configurations have approximately elliptical span loadings and
hence would be expected to shed a single vortex from each wingtip. With the
conventional landing configuration, some additional sharp gradients in loading
are evident at the flap edges from which discrete vortices might originate.
However, with the outboard flap retracted (30°/0°),! these gradients are more
pronounced and three vortices from each wing would be expected, that is, one

from each flap edge and one from the wingtip.

Ground-Based Measurement

Flow visualization = Dunham (ref. 9) conducted experiments in a water-
tow facility (owned and operated by Hydronautics Inc. under contract to
Langley Research Center) where the generator model was towed underwater along
a long channel. He observed (fig. 6) that when the outboard flap was
retracted, the wingtip and flap outboard vortex interacted and merged to
form a single diffuse vortex pair aft of about 15 spans downstream. Addi-

tional flow visualization studies (refs. 28-32) were conducted using an

IThe notation 30°/0°, for example, is used to indicate 30" inboard flap
deflection and 0" outboard flap deflection; 30" is the nominal angle used
to designate the configuration for landing (5" for takeoff). The actual
deflection of the various flap panels appears in figure 3.
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air—-tow channel, water-tow channel (owned and operated by the Univ. of Cali-
fornia under contract to Anes Research Center) (fig. 7), wind tunnel, and
full-scale flight test (fig. 8). From all these studies, the picture of the
wake appearing in figure 9 emerged. With the conventional landing configu-
ration aft of about 2 spans downstream, the wake consisted of two intense
counterrotating cores that very slowly diffused their vorticity. In contrast,
the wake of the configuration with the outboard flap retracted and the inboard
flap set to the landing deflection consisted of three vortices per side, one
from each flap edge and one from the wingtip. The vortex that was most
intense and well defined originated at the flap outboard edge. The two
weaker vortices left the wingtip and flap inboard edge, respectively. The
pattern rotated as it moved downstream, with the tip vortex passing over the
flap vortices so that, by about 13 spans downstream, it had moved to a posi-
tion between the flap vortices. The flap and tip vortices ultimately merged.
Following this merger, a very diffuse wake remained. In addition to the
vortices shown in figure 9, Ciffone and Lonzo (ref. 29) noted that the hori-

zontal tail vortices rapidly merged with the flap vortices.

Vortex merging - The vortex merging phenomenon is a mechanism for
dispersing the vorticity in the wake. It was generally observed, for example,
that a single vortex pair in isolation persisted as an organized vortex with
a small core, whereas it was found that the wake would disperse rapidly if
(i) multiple vortex pairs were shed with initially large spacing and (ii) the
self-induced wake velocities convected these vortices into close proximity.
As shown in figure 7, the wingtip and flap vortices are convected into close
proximity between x/bg =1.5 and x/b = 13. Next the vorticity of the
weak vortex (tip) is convected into an annulus around the strong vortex
(flap). This convection is sketched schematically in figure 10. Here the
vortical region of the weak vortex is taken to be circular at time zero. In
the time increments shown, this region is distorted because of the velocity
of the strong vortex. When the two vortices are of comparable strength, the
core region is elongated in both vortices. Furthermore, the elongation of
the core will result in additional distortion because of self-induced

velocities (ref. 33).
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The rolling moment on a following airplane for fully merged vortices
would be expected to be below that for the conventional configuration at the
same |ift Coefficient of the generator. For example, consider the two
idealized span loadings sketched in figure 11. For the modified configu-
ration, the wingtip and flap vortices are assumed to merge into a single
circular vortex core with uniformly distributed vorticity (i.e., Rankine
vortex). The circulation and core diameter of this merged vortex can be
obtained from vortex invariants (ref. 18). The rolling—-moment coefficient
on the follower in the wake of this merged vortex, as well as in the wake of
the single vortex of the conventional configuration, can be computed by use
of the method discussed in reference 12 or 24 for a given lift coefficient of
the generator. This result is shown in figure 11 as a function of the spacing
between the two vortices of the modified configuration. For vortex spacing
in excess of 0.3 of the semispan, the reduction in the rolling-moment coef-
ficient behind the modified configuration compared with the conventional
configuration is substantial. This simplified example illustrates one
mechanism for dispersing the wake. In an actual wake, the vortices before
merger have distributed vorticity, and there are vortices of opposite sense
from the inboard edges of the flap and the horizontal stabilizer. All these
vortices must be considered in predicting the downstream wake and rolling
moment on a follower. Rossow (ref. 33) has conducted additional theoretical

research on the conditions for the merger of multiple vortices.

Rolling moment on the follower - Experiments were conducted in the Ames
40— by 80~Foot Wind Tunnel in which the rolling moment was measured on a
following model held fixed in the wake of the generator model (figs. 3 and
12). Figure 13 shows the variation of the rolling-moment coefficient with
the circulation of the trailing vortex for the conventional flap settings of
the generator (ref. 30) at 13.6 spans downstream of the generator. Also
shown is the corresponding measurement in the wake of a supersonic transport
model (ref. 34). The rolling moment increases nearly linearly with 1‘/bg w?
as predicted (ref. 12) for the case when the vorticity distribution remains
unchanged and only the magnitude changes. This result is expected because
the shape of the span-load distribution is nearly independent of lift over

the range of angle of attack tested and, for these configurations, the vortex
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structure is determined by the span-load distribution (ref. 18). For figure
13, I‘/bgUm was obtained from CLg by assuming elliptic loading. Note in
figure 13 that the various configurations lie on approximately the same curve,
which implies that the change in the vortex structure for the-configurations
shown is sufficiently small that the change in rolling moment could not be
detected. When the outboard flap of the B-747 model was retracted (figs.
14(a) and (b)), a greater than 50-percent reduction in rolling moment was
measured for the smaller follower model. With the larger follower model, the
reduction in rolling moment was less. For comparison, typical values for the
roll control capability for the Learjet and DC9 are also presented in

figure 14 and, at CLg = 1.2, the imposed rolling-moment coefficient about
equals the capability of the Learjet and slightly exceeds the capability of
the DC-9. The nominal value of CLg for the B-747 in the conventional landing

configuration lies between 1.2 to 1.4.

Experiments were also conducted in the Hydronautics Inc. water-tow
facility (ref. 9) using follower and generator models identical to those used
in the wind-tunnel tests discussed previously. In these water-tow experi-
ments, the follower and generator models were towed at the same speed, with
the follower model held fixed at various lateral and vertical positions in
the wake. By use of this technique, substantially greater downstream .
distances could be obtained compared to the wind-tunnel experiments. Results
for the variation of sz with downstream distance appear in figures 14 (c)
and (d). Also shown aré comparable wind-tunnel and air-tow facility data.
There is general agreement on the effectiveness of retracting the outboard
flap as a technique to reduce the wake rolling moments. However, the water-
tow facility data show that the effectiveness for the smaller follower
(fig. 14(c)) occurs farther downstream compared with the wind-tunnel
results. This difference may result from either a higher turbulence level
in the wind tunnel as compared to the water-tow facility or the effect of

the water tank boundaries on the paths of the vortices.

Drag, angle of attack, and pitching moment on the generator - The forces
and moments on the generator were measured for the 30°/30° and 30°/0° con-
figurations (ref. 14) (fig. 15). The effect of retracting the outboard flap
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on drag was small. The change in angle of attack to maintain a lift coef-
ficient CLg = 1.2 was about 3.5 (trimmed). In aircraft operation, however,
this lift loss due to the 30°/0° configuration would require compensation by
either an increase in aircraft angle of attack or airspeed or a combination
of these variables. The effect of retracting the outboard flap on the
pitching-moment characteristics is to require an additional 5° of tail
incidence for trim and to reduce longitudinal static stability, (_acM/ach),
about 13 percent at CLg =1.2. In airline operation, this effect on the
pitching-moment characteristics would probably require that the aft limit of

the center-of-gravity location be moved forward from its present location.

Flight Test

As a result of the ground-based studies discussed above, flight tests
were conducted using a full-scale B-747 airplane to generate the wake and a
Learjet and T-37B airplanes to probe the wake (refs. 31, 32, and 3%).

Figure 16 is a summary of pilot qualitative separation requirement for the
follower airplane. With the landing gear retracted to correspond to the
ground-based experiments, the separation requirement was reduced substantially
for the 30°/1° configuration? compared to the 30°/30° configuration (fig.
16(a)). Lowering the landing gear, however, increased the separation require-
ment for all configurations and especially for the 30°/1° configuration.
Sideslip was also found to adversely affect the wake alleviation when the

landing gear was up (fig. 16(b)).

Flow visualization obtained during the flight test provided some insight
into the cause of the landing gear effect. Figure 17 shows the smoke trails
from the B-747 airplane for the 30°/1° configuration with the landing gear
both up and down. W.ith the landing gear up, a well-defined vortex pair was
shed from the inboard edge of the flaps and these vortices underwent large-
amplitude sinusoidal interactions. With the landing gear deployed, these

same vortices appeared to be more diffuse, and no such interactions were seen.

2For certain mechanical reasons, the outboard flap of the B—747 airplane was
retracted only to 1° instead of 0°. It is felt that this difference is
insignificant.
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The flap inboard vortex with the landing gear up did not appear as sharp in
any of the ground-based visualization experiments as it appears in figure 17.
However, this apparent lack of agreement with the model tests is probably not
significant since the effect of the landing gear was also measured in the
ground-based experiments. Recently, Leonard (ref. 36) modeled this flow
using a three-dimensional, time-dependent inviscid calculation with six con-
centrated vortices. His results, using a similar configuration (fig. 18),
indicate that the sinusoidal oscillations observed in flight also appear in
the computed results.

The rolling moment imposed on the following aircraft was obtained by
subtracting the effects due to ailerons, sideslip, etc., from the measured
roll acceleration during a vortex encounter. This result (ref. 32) for the
configuration with the landing gear up appears in figure 19. Also shown for
comparison are the results from the ground-based facilities presented above,
which correspond to a rectangular wing follower whose span and aspect ratio
were scaled to the aircraft used in the flight tests. Excellent agreement
was obtained for the configuration with the outboard flap retracted. With
the conventional landing configuration (flaps 30°/30°), the ground-based
rolling moment lies in the lower range of the flight-measured values,
depending on the procedure used to extrapolate the ground-based results to

the downstream distances tested in flight.

INTERFERENCE OF LANDING GEAR WITH WAKE ALLEVIATION

The basic factors that cause the landing gear to interfere with the
vortex wake are still not fully understood. As discussed above, it appears
from figure 17 that the effect of the landing gear is to diffuse the flap
inboard vortex. Therefore, a vortex generator (figs. 4 and 20) which was
designed to shed a strong vortex at the same location and sense as each of
the flap inboard vortices when the landing gear was down was tested in the
Hydronautics Inc. water tow facility. The results without the vortex
generator installed (fig. 21) show a substantial increase in rolling moment
due to the landing gear for the 30°/0° flap configuration similar to those

achieved in the flight tests. W.ith the vortex generator installed, the
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rolling-moment reduction due to flaps was insensitive to the presence of the
landing gear. Patterson and Jordan (ref. 28) (fig. 22), in their air-tow
facility studies, were able to produce an increase in rolling moment, with
the landing gear removed, equal to the gear effect by either placing end
plates at the inboard edges of the flap or by extending the flap inboard
across the fuselage. A possible explanation of these results is that both
the end plate and the fuselage flap diffused the flap inboard vortex.

Further research is required to directly measure the flap inboard vortex
axial and swirl velocities to determine the actual role of this vortex on
the alleviation of the wake. Ciffone and Lonzo (ref. 29) observed in their
water-tow studies that the concentrations of dye and the vortex trajectories
were different between landing gear up and down with the 30°/0° flap configu-
ration. They then studied an alternate configuration that appeared to
alleviate the wake and to be insensitive to the presence of the landing gear.
This configuration was obtained by setting both the inboard and outboard
flaps to 30" deflection and removing the inboard 30 percent of the inboard

flap. Studies of this configuration are continuing.

CONCLUDING REMARKS

Certain span-load distributions produce less intense wakes than others.
An approximately 50-percent reduction in both the wake rolling moment imposed
on a following aircraft and aircraft separation requirement was achieved in
the ground-based and flight-test experiments by deflecting the trailing-edge
flaps more inboard than outboard. Significantly, this configuration did not
increase the drag or vibration on the generating aircraft compared to the
conventional landing configuration. However, further research is required
to obtain a configuration with an alleviated wake that is acceptable for

airline operation.

Another major conclusion derived from the investigations summarized here
is that wake-vortex experiments conducted in ground-based facilities produce
results that correlate well with full-scale flight-test results. It was

found that there was general agreement in both the flow visualization and the
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rolling moment imposed on a following aircraft between flight-test and
ground-based experiments.
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Figure 1.-,Predicted swirl velocity in the downstream wake for various span-

load distributions using the Betz method (ref. 18) by Rossow (ref. 23).
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Figure 2.- Measured swirl velocity distribution in the downstream vortex for
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method described in reference 24 to produce a diffuse vortex as compared

to a swept wing with flaps undeflected (ref. 12).

320



l |

FLAPS ZERO

o 112 ——
{ <

7o == T e —— N >
T TAKE-OFF YWY

(DESIGNATED 5°)
INBOARD FLAP

1.19C i OUTBOARD FLAP
V4 LANDING
(DESIGNATED 30°)

&7

SECTION A-A DETAILS

Figure 3.- Sketch of the B-747 model.

VORTEX GENERATOR AT
~45° TO VERTICAL

Figure 4.- Photograph of the B-747 model (dimensions in cm).

321



FLAPS
B INBD OUTBD
12 - 30° 30° LbG
5° T.0,
| o
81
41
e) —
o
J
C\J 0
~ 20
O .
L FLAPS
INBD OUTBD
1.6 |- 30° 0°
| 0O° 30°
.2 -
B
4+
0] . .2 .3 4 5

y/ bg

Figure 5.—- Predicted variation of span loading on the B-747 model for various
settings of the inboard and outboard trailing-edge flaps (ref. 30).

322



o I D L ]
SRS SO BT T Overhead view 4

| Side view

RSN AU S

i
i H . B
t -
! i Lot
; - o o
i T Y Z
Lo S s 522 S
; .e‘ L ‘ r -
P 21 } C !
i i ! L :
! K : AR T - T phle dom e
| R ¥g & ; il s ]
S i R R B . I B S
- ! : vy i i : H ! ;
[y T e e e e B e e =
: i i ) I 4 B * i 2 .
: .. R.o% A ! [
___.i_ R :‘ 2551 S B : ”L } ! ! : ! T
3 - T N iy SR
‘‘‘‘‘ ; : . .15 spanlengths |- H
e ER lbehind | ||
AN 1 1- 747 model —3iz
T ‘ 5 RS R A
__,AJ.A-;,-.__,.-,-_‘ P P SR . - - i: L
: A o i )
! . :

B - _
A 3 NS o o X
b : . ;& _ﬁr_, ...... D - -
- B 130 spanlengths] . —
: f i | behind :
- e S 8- - 1747 model -
t ! — T h
: 7—' T _l T T -
; ib i _ ‘ 1 ‘ : —
1 1
; \ 145 spanlengths R —
E v o1 behind 1} : '
- 747 model r— .
? N L
e n
i i . e

IRERE M

Figure 6.- Illustration of the merger of the wingtip and flap outboard vortices
for the 30°/0° flap configuration, as observed in the Hydronautics Inc.

water—-tow facility (ref. 9).

323



TiP

FLAP

x/b' =6

x/bg= 13 x/bg =32
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Figure 8.- Photographs of smoke trails from the B-747 test airplane showing
the vortex interactions from reference 31.
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Figure 9.- Sketch of the interaction of the various vortices in the wake of
the B-747 model for the 30°/30° and 30°/0° flap configurations.
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Figure 10.- Sketch of the idealized convective merging of a weak vortex with
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Figure 11.- Idealized example of the effect of merging two vortices into a
single Rankine vortex on the rolling-moment coefficient on a follower as

compared to a single vortex wake at the same lift and span; bf/bg = 0.2.
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Figure 12.- Experimental setup in the Ames 40- by 80-Foot Wind Tunnel.
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Figure 14.- The effect of retracting the outboard flap of the B-747 model on

the rolling moment imposed on the following model, landing gear up.
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(a) Drag coefficient and angle of attack, flaps 30°/30°,

conventional landing configuration.

Figure 15.- Effect of the horizontal-tail incidence on the longitudinal aero-
dynamic characteristics of the B-747 model, as measured in the Langley
V/STOL Wind Tunnel; landing gear up (ref. 14). Moment center at 25 percent

mean aerodynamic chord.
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Figure 17.- Flow visualization photographs from flight tests of the B-747
airplane in the 30°/1° configuration showing the effect of the landing

gear on the flap inboard vortices (ref. 31).
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Figure 18_- Computer graphics display of the results of a three-dimensional
time-dependent inviscid calculation of the wake vortex interaction behind
a configurationwith a three vortex pair wake with landing gear up
(ref. 36).
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Figure 19.- Comparison of the flight-measured rolling-moment coefficient
imposed on the T-37B airplane with the ground-based measured values from
reference 32.
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THE DEVELOPMENT AND

USE OF SPOILERS AS VORTEX ATTENUATORS

Delwin R. Croom

NASA Langley Research Center

SUMMARY

This paper presents the results of groundbased and flight investigations
performed at NASA to develop spoilers as trailing vortex alleviation devices.
Based on the results obtained in these investigations, it was found that the
induced rolling moment on a trailing model can be reduced by spoilers located
near the midsemispan of a vortex-generating wing. Substantial reductions in
induced rolling moment occur when the spoiler vortex attenuator is located well
forward on both unswept and swept wing models. In addition, it was found that
existing flight spoilers on the jumbo-jet transport aircraft can be effective
as trailing vortex attenuators.

INTRODUCTION

The strong vortex wakes generated by large transport aircraft are a
potential hazard to smaller aircraft. NASA is involved in a program of model
tests, flight tests, and theoretical studies to determine the feasibility
of reducing the hazard by aerodynamic means. This hazard is defined schemat-
ically in figure 1. One phase of this program has been devoted to experimental
investigations of spoilers as a possible method of trailing vortex attenuation
because spoilers can inject turbulence in the wake, and they are also an
effective way to alter the span load distribution. This paper briefly covers

NASA activity in development of spoilers as vortex attenuators.
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EARLY SPOILER INVESTIGATIONS

In 1970, the NASA Ames Research Center performed wind-tunnel and flight
investigations of a wingtip-mounted spoiler (refs. 1 and 2). The wind-tunnel
results shown in figure 2 indicated that a downstream distance of 10 wing
chord lengths, the circumferential was reduced because of the spoiler by
approximately one-half, while the core diameter was approximately doubled.
These results were interpreted as significantly altering the vortex structure
in a manner that would contribute to a more rapid dissipation of the vortex
and an accompaying reduction in vortex intensity. Subsequent to the wind-
tunnel test, wingtip spoilers were mounted on the left wingtip of a Convair
990 aircraft for evaluation in flight. In the flight program, a Learjet 23
airplane was used to probe the vortexes from both the right and left wingtip
of the Convair 990. The roll response of the Learjet was used as an index
of the intensities of the vortexes. Several short encounters with each
vortex were made by the probe aircraft, and the pilot reported that he could
tell no difference between the modified and unmodified vortexes from the
dynamic response of the aircraft. 1t was concluded, therefore, that further
research was required to determine an effective technique in the use of

spoilers for vortex attenuation.

RECENT SPOILER INVESTIGATIONS

In 1971, experimental work was initiated at the NASA Langley Research
Center to further investigate spoilers as a possible vortex abatement device.
In the first phase of this study, a semispan wing was used in a study to
determine the proper location for a spoiler to be installed on the wing to
cause the largest apparent alteration to the trailing vortex. The semispan
wing was mounted on the Langley tow tank carriage and propelled through a
smoke screen, and observations were made of the behavior of the smoke entrained
in the vortex. After several hundred observations of the smoke patterns with
the spoilers positioned at practically every conceivable location on the wing,

it was determined that a spoiler of about 8-percent chord projection located
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between the 50- and 75-percent spanwise location near the 30-percent chord
line would cause the most alteration to the vortex system, and, in general,

the observed vortex motion became essentially nonexistent after a very short
time. Based on these observations, a wind-tunnel investigation was made using
an unswept aspect-ratio-8 wing model with a spoiler having an 8-percent
projection located along the 30-percent chord line between the 50- and 75-
percent semispan station as shown in figure 3. The three-quarter span flaps
used on this model were appended to the wing as is shown in figure 3. Figure 4
is a photograph of the aspect-ratio-8 model mounted in the Langley V/STOL
tunnel.

The spoiler effectiveness was evaluated using the trailing model tech-
nique to determine the maximum rolling-moment coefficient (fig. 5) induced by
the generating model. 1t can be seen that the spoiler was effective in
reducing the induced rolling-moment coefficient on the following model by
about 25 percent throughout the range of downstream distances investigated.
The complete results of this investigation were reported in reference 3.

Because the prime concern was the vortex-wake problem behind very large
transport aircraft, a decision was made to concentrate ground-based studies
on the jumbo-jet class of aircraft. Therefore, a 0.03-scale model of a jumbo-
jet transport (fig. 6) was used for subsequent tests in the Langley V/STOL
tunnel. Results of this investigation are reported in reference 4. Figure 7
is a photograph of the generating aircraft model mounted in the V/STOL tunnel
with all landing flaps extended 300; also shown downstream is the traverse
rig for mounting the trailing model.

Two sizes of unswept trailing wing models were used during the investi-
gations (fig. 8). One had a span and aspect ratio equivalent to a small
business jet aircraft; the other had the span and aspect ratio equivalent to
a medium size jet transport aircraft. These trailing models are referred
to on the figures as the small and the large trailing models.

The first spoiler configuration investigated as a vortex attenuator on
the generating model was a plain vertical projection spoiler located along the
30-percent chord line between the 50- and 75-percent semispan stations as is
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shown in figure 9. Figure 10 is a photograph of the spoilers mounted on the
wing of the generating model. Figure 11 shows the effect of spoiler projec-
tion on the induced rolling-moment coefficient, measured on the small trailing
wing model located at 6.74 spans downstream of the generating model. |t can be
seen that the maximum reduction in rolling moment was achieved with about an
8-percent spoiler projection. Therefore, subsequent tests were made with the
spoiler projected to 8 percent.

The effectiveness of the spoilers in reducing the trailing wing rolling-
moment coefficient for the two sizes of trailing models downstream of the
generating model is shown in figure 12. 1t can be seen that the induced
rolling-moment coefficient on the large trailing model downstream of the
generating model was larger than those induced on the small trailing model.
The reduction in induced rolling-moment coefficient on the small trailing
model was about 35 to 40 percent over the range of downstream distances
investigated; whereas, the reduction in induced rolling-moment coefficient on
the large model was on the order of 15 to 25 percent.

Data obtained in the Hydronautics, Inc., water towing tank on the
generating model with and without spoilers is shown in figure 13. This
facility allows for data to be taken at a greater downstream distance than
can be obtained in the V/STOL tunnel. Even though the magnitude of the measured
trailing wing rolling-moment coefficients does not agree with those obtained
in the V/ISTOL tunnel, the trends do agree, and the effectiveness of the spoiler
as a vortex attenuator is substantiated over the extended downstream range
available in the towing tank.

A jet spoiler was also investigated (fig. 14) on the generating model.
Holes were drilled into a wing pressure chamber at various angles to the wing
upper surface so that various jet-sheet angles could be investigated. In this
investigation it was found that when the jet sheet was directed vertically
(aj = 90% or inclined forward (6,

J
jet spoiler was effective in reducing the induced trailing wing rolling

= 1200), at relatively low values of Cu the
moments on the small trailing model. When the jet sheet was inclined to the

rear (6j = 60° or 6j = 750), the induced rolling moments were not reduced until
much larger values of Cu were reached. A possible reason for this is shown by
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the data in figure 15. 1t can be seen that for the vertical- and forward-
inclined jet spoiler (63. =90° and dj = 120"0) at a Cu value of 0.05, there is
a reduction of lift-curve slope generally associated with the separated region
that is expected aft of a forward-located spoiler. When the jet was inclined
rearward, there was entrainment of the flow, and no extensive separation region
was noted. The jet spoiler in this case acted similarly to a boundary-layer
control device.

Even though the spoiler concepts discussed so far did show promise as
possible vortex attenuators on the full-scale airplane, their use would require
extensive modifications to the airplane. It became apparent that the normal
flight spoilers already on the airplane should be studied as possible vortex
attenuators. Therefore, exploratory wind-tunnel tests were made in the V/STOL
tunnel during March 1975 using wooden wedges to represent the various of the
flight spoilers noted on figure 16. These exploratory results were encouraging;
therefore, the model wing was modified so that the flight spoilers would be
more representative of those on the full-scale transports. Over the section
of the wing immediately forward of the outboard flaps, spoilers were con-
structed that would operate similarly to the actual flight spoilers—-when
retracted, the spoilers made the contours of the upper surface of the wing and
when deflected, a large gap was formed forward of the flap. The spoiler
segments identified on figure 16 as 1, 2, 3, and 4 were investigated in the
following combinations: 1and 2 (fig. 17); 2 and 3 (fig. 18); 3 and 4 (fig. 19);
and 1and 4 (fig. 20).

The results obtained for these various combinations of flight spoilers
are presented in figure 21. (Complete test results are available in ref. 5.)
It can be seen that with either of these various combinations of flight spoiler
segments deflected to 450, there was a large decrease in the trailing rolling-.
moment coefficient induced on the small trailing wing model. Two of these
configurations (L and 2, and 1 and 4) were investigated over a spoiler deflectio
range. The results shown in figure 22 indicate that essentially all the
spoiler effectiveness was obtained at a deflection angle of about 30°.

Data obtained in the V/STOL tunnel using the large trailing model (fig.

23) indicate that the induced rolling-moment coefficient is attenuated,
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however, to a lesser extent than was noted for the smaller trailing model.
Data obtained in the Hydronautics, Inc., water towing tank with the small
trailing model (fig. 24) confirmed the foregoing results and also indicated
that the large reduction in induced rolling—-moment coefficient on the small
trailing model was also realized at much greater downstream distance than was
obtainable in the Langley V/STOL tunnel.

Tests were also made in the Langley Vortex Research Facility of the
various flight spoilers as vortex attenuators on a genarating model, and
the results (fig. 25) essentially agree with those obtained in both the
Langley V/STOL tunnel and the Hydronautics, Inc., water tank facility.

As a result of the findings in the ground-based facilities, a flight
program was made at the Hugh L. Dryden Flight Research Center that used the
existing flight spoilers on a NASA-owned B-747 aircraft as the vortex
attenuating device. A T-37 aircraft is used to penetrate the trailing vortex.
Penetrations behind the B-747 airplane in its landing configuration were
limited to about 13 km (7 n, mi.), with appropriate deflection of the 3-747
flight spoilers, penetration as close as about 4 km (2 n. r/ni.) were made.
These flights results (ref. 6) have verified the trends obtained in the
ground-based facilities.

CONCLUDING REMARKS

Results obtained in these investigations showed that the induced
rolling moment on a trailing model can be reduced by spoilers located near
the midsemispan of a wing. Substantial reductions in induced rolling moment
occur when the spoiler vortex attenuator is located well forward on both
unswept and swept wing models. In addition, it was found that the existing
flight spoilers on the jumbo-jet transport aircraft model are effective as
trailing vortex attenuators.
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Figure 7.—-Transport model with flap configuration 30°/30° in V/STOL tunnel.
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Figure 8,--Unswept trailing wing models on traverse mechanism. -

354



.75 bW/2
.08 CW
MIDSPAN SPOILER T=
- .3 cw—'> lc<—
2¢ W
W SECTION A-A

Figure 9.-—Midspan spoiler configuration details.

Figure 10.--Midspan spoiler on transport model.
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L, trim - 1.2; 6.74 spans downstream.
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Figure 16.--Flight spoilers on the B-747 model.
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Figure 17.--Flight spoilers 1 and 2 on transport model.

Figure 18,--Flight spoilers 2 and 3 on transport model.
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Figure 19.——Fiight spoilers 3 and 4 on transport model.

Figure 20.--Flight spoilers 1 and 4 on transport model.
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VORTEX ATTENUATION FLIGHT EXPERIMENTS

Marvin R . Barber, Earl C. Hastings , Jr. ,*
Robert A. Champine,* and Joseph J. Tymczyszynt

Dryden Flight Research Center

SUMMARY

Flight tests evaluating the effects of altered span loading, turbulence ingestion,
combinations of mass and turbulence ingestion, and combinations of altered span
loading and turbulence ingestion on trailed wake vortex attenuation were conducted
in several NASA flight test programs. Span loadings were altered in flight by
varying the deflections of the inboard and outboard flaps on a B-747 aircraft.
Turbulence ingestion was achieved in flight by mounting splines on a C-54G aircraft.
Mass and turbulence ingestion was achieved in flight by varying the thrust. on the
B-747 aircraft. Combinations of altered span loading and turbulence ingestion were"
achieved in flight by installing a spoiler on a CV-990 aircraft and by deflecting the
existing spoilers on a B-747 aircraft.

The characteristics of the attenuated and unattenuated vortexes were determined
by probing them with smaller aircraft. Acceptable separation distances for encoun-
ters with the attenuated and unattenuated vortexes are presented.

INTRODUCTION
Flight tests evaluating the effects of altered span loading, turbulence ingestion,

combinations of mass and turbulence ingestion, and combinations of altered span
loading and turbulence ingestion on trailed wake vortex attenuation were conducted

*Langley Research Center.
'Federal Aviation Administration, Western Region.
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in several NASA flight test programs. The programs were initiated .because ground
facility (wind tunnel and water tank) measurements indicated that certain configura-
tion changes offered potential for vortex attenuation, with a resultant increase in
safety and airport capacity.

Table 1 summarizes the vortex attenuation flight experiments. The table also
lists the aircraft involved in each experiment and gives some idea of the magnitude
and timing of the programs.

Span loadings were altered in flight by varying the deflections of the inboard
and outboard flaps on a Boeing B-747 aircraft. Figure 1(a) shows the B-747 air-
plane'flying with a conventional or 30/ 30 landing flap configuration (i .e. , inboard
flap deflected 30° and outboard flap deflected 30°). Figure 1(b) shows the airplane
flying with the 30/1 flap configuration (inboard flap deflected 30°, outboard flap
deflected 1°) . The following combinations of inboard/outboard flap deflections were
tested: 30/30, 30/20, 30/10, 30/5, 30/1, and 5/30. The minimum outboard flap
deflection was 1° so that the leading-edge flaps could be kept extended (the leading-
edge flap deflections are programed according to trailing-edge flap deflections) .
Various span loads were tested because of the attenuation potential forecast by the
wind-tunnel tests reported in reference 1. The results of the flight tests of span
loading alterations are reported in references 2 and 3.

Turbulence was created and ingested into the vortexes in flight by mounting
splines on a McDonnell Douglas C-54G aircraft and by varying the thrust of the
engines on the B-747 aircraft. Figure 2 shows the splines on the aircraft in flight,
and figure 3 shows details of the splines. These tests were preceded by wind-
tunnel tests which are reported in conjunction with the flight tests in reference 4.

The inboard and outboard engines of the B-747 airplane are alined directly in
front of the outboard edges of the inboard and outboard flaps, respectively.

Figure 1illustrates the engine/flap alinement. This alinement naturally caused
curiosity about the effects of changes in engine thrust on the wake vortexes of the
B-747 airplane in the normal landing configuration and in attenuated configurations.
Therefore, the effects of engine thrust were evaluated on numerous occasions
throughout the B-747 vortex attenuation flight tests.

The combined effectsof altered span loading and turbulence ingestion were
tested in flight by installing a fixed spoiler on the wingtip of a Convair CV-990 air-
craft and by deflecting the existing spoilers on the B-747 airplane. Figures 4(a)
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and 4(b) show the CV-990 wingtip spoiler from a distance and close up. Wind-
tunnel tests of this configuration were conducted and reported in conjunction with
flight tests in reference 5.

Figure 5 is a sketch of the B-747 spoiler/speed brakes, referred to herein as
spoilers. The effects of various spoiler segment combinations on vortex attenuation
were tested thoroughly in the Langley V/STOL wind tunnel (ref. 6). These results
were sufficiently promising to warrant flight test verification. Therefore, the
effects of deflecting these spoilers on vortex attenuation are being evaluated in flight
tests.

All the B-747 flight tests were conducted with the NASA B-747 space shuttle
carrier aircraft, and because the airplane was not always available, some of the
tests could not be made before this writing. The scheduling problem also prevented
many of the quantitative data from being processed in time for this paper. This
.paper therefore summarizes the qualitative assessment of the vortex attenuation pro-
vided by some of the B-747 configurations,

SYMBOLS

; roll axis angular leration m r ring vortex encounter
!p(measured oll axis angular acceleratio easured during vortex encounte

| p {8 maximum roll axis angular acceleration that can be generated by -
qmax ailerons
o vortex-induced rolling-moment coefficient
Vv
¢, 8, maximum rolling-moment coefficientthat can be generated by
o) max :
a ailerons

ol

mean aerodynamic chord
TEST TECHNIQUES
The technique of vortex attenuation flight testing has been described in detail

in the paper by Jacobsen and Barber earlier in this conference. However, a review
of the techniques from the pilot’s standpoint is believed to be appropriate.
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The most significant test in a qualitative evaluation of the vortex hazard to a
trailing aircraft consists of probing the vortex as it would most likely be encountered
in a real landing approach situation. To simulate this situation, the vortexes are
probed with as small a penetration angle as possible. This type of probe is referred
to as a parallel probe (i.e. ,the probing aircraft's flight path is approximately
parallel to the vortex). The probe aircraft may enter the vortex wake from below,
from above, or from either side. The probes result in pitch, roll, and yaw upsets
that are representative of those that would be experienced by trailing aircraft in
real situations. Qualitative assessments of these upsets enable the probe pilot to
select separation distances (or times) behind a generating aircraft that result in
acceptable levels of vortex-induced hazard.

The only limitation on a simulation of real vortex encounter situations is test
altitude. Statistically it is known that most accidents attributed to trailed wake
vortexes occur on landing approach at relatively low altitudes. Unfortunately,
flight test experience to date has not resulted in sufficient confidence in either
predictive techniques or the repeatability of flight test results to permit testing at
altitudes less than those required for comfortable recovery from inverted flight. In
practice, this means the tests must be conducted no lower than approximately
1500 meters (5000 feet) above ground level.

Therefore, the probe pilot is evaluating an upset hazard at high altitudes above
ground level and attempting to extrapolate his evaluation to low altitudes. This
shortcoming has become more and more significant as the attenuated vortex configu-
rations have enabled vortex encounters at closer separation distances, thereby
increasing the need to verify the acceptability of the configuration.

In the past, probe pilots have estimated minimum separation distances by
determining the separation distance at which the vortex-induced upsets would cause
them to decide to execute a missed approach if they were performing an IFR approach.
As noted, these determinations were made during parallel probes made approximately
1500 meters (5000 feet) above ground level.

Figure 6 summarizes the data that were obtained from tests reported in refer-
ences 7to 10. The correlation of the data throughout the numerous test programs is
relatively good and illustrates that the pilots' opinions obtained by using the previ-
ously discussed technique agree remarkably well with the minimum separation
distances that were established by using the roll control criterion discussed by
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Jacobsen and Barber. These data and the techniques for obtaining them were the
baseline from which the vortex attenuation flight tests to be discussed herein were
initiated. Experience gained in the vortex attenuation flight tests show some short-
comings in these data and indicate areas where present techniques are inadequate.

TEST RESULTS

Altered Span Loading

Span loadings were altered in flight by varying the deflections of the inboard
and outboard flaps on a B-747 aircraft as shown in figures 1(a) and 1(b) . Seventeen
flights were flown by the B-747 airplane to complete these tests, and the Cessna
T-37B and Learjet-23 (LR-23) aircraft were utilized as the probe aircraft. Both
parallel and cross-track probes were performed during this test series. Most of the
tests were preceded by the wind-tunnel tests reported in reference 1, and were
partially reported in references 2 and 3.

The results of these tests are summarized in figure 7, which presents the pilots’
gualitative assessments of the alleviation provided by retracting the outboard flap
on the B-747 airplane. The landing-gear-up data show that a significant amount of
attenuation was provided by retracting the outboard flap. These data agree with
wind-tunnel data obtained from a model that did not have a landing gear, When the
landing gear on the airplane was extended, a significant amount of the attenuation
was lost.

An assessment of the correlation between the pilots' qualitative separation
requirements and the requirements that would be dictated by the roll control
criterion can be obtained by comparing figure 7 with figures 8(a) and 8(b). In
general, these data show that the quantitative and qualitative requirements are in
agreement.

During these tests it was also noted that engine thrust and aircraft sideslip had
a significant effect on the attenuation provided by the altered span loadings. These
effects are illustrated in figures 9 and 10.

The differences in the B-747 trailed vortex system with and without the outboard
flap extended can be evaluated by reviewing the photographs in figures 11(a) to 11(j)
and figures 12(a) to 12(g) . A comparison of figure 11(a) and figure 12(a) indicates
that with the outboard flap extended the dominant vortex is the vortex shed from
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the outboard edge of the outboard flap. With the outboard flap retracted, the
dominant vortex is that shed from the outboard edge of the inboard flap. In both
cases, the wingtip vortex interacts with the dominant vortex. The effects of config-
uration on vortex life can also be compared. The unattenuated vortex persists for
at least 45 seconds, when the cameraman ceased taking pictures. The attenuated
vortex disappears completely in 30 seconds, After these tests, the vortex marking
system was modified to include smokers at the inboard edge of the inboard flap to
try to determine why the landing gear reduced the attenuation. The photographs in
figures 13(a) and 13(b) show that the landing gear diffuses a powerful vortex at

the inboard edge of the inboard flap, significantly reducing the attenuation provided
by the 30/ 1flap configuration. Though not available in the photographic record at
this time, visual observations of the inboard vortex showed that it intermingled with
the vortex off the outboard edge of the inboard flap when it was not diffused by

the landing gear.

Although interesting from a research standpoint, the vortex attenuation afforded
by the 30/1 flap configuration was disregarded for obvious operational reasons when
the degrading effects of the landing gear were discovered. It should be noted that
this configuration also imposed a center-of-gravity limitation on the B-747 airplane.

A flight evaluation of the vortexes 4 nautical miles to 6 nautical miles behind the
B-747 airplane in the 5/30 flap configuration was short and conclusive. Whereas
the 30/ 1flap configuration produced marked attenuation, the 5/30 vortex resulted in
T-37B encounters that were even more violent than those caused by the conventional
30/30 landing configuration at 6 nautical miles. One encounter at 6 nautical miles
produced a violent double snap roll which far exceeded the capability of the roll rate
data acquisition system and also caused an engine flameout. These tests showed the
correct approach to vortex attenuation to be increasing the inboard span loading,

Turbulence Ingestion

The ingestion of turbulence into the vortexes in flight was accomplished by
mounting splines on the wingtips of a C-546 aircraft (figs. 2 and 3). The Piper
Cherokee (PA-28) airplane was used as the probe aircraft for these tests. The
vortex attenuation results of these tests are shown in figure 14, which compares
the probe aircraft's roll accelerations in the attenuated and unattenuated vortexes.
The data show that the PA-28 airplane has insufficientroll control power to overcome
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the vortexes of the basic C-54G airplane at a separation distance of approximately

4 nautical miles, and that maximum roll control power is never required to oppose
the vortex attenuated by splines. The data generally correlate with the pilots' opin-
ions of the attenuation, which was that roll control became insufficient approximately
2.5 nautical miles behind the unattenuated C-54G airplane but that it was sufficient
throughout the entire range of separations tested for the attenuated configuration.
The unattenuated data represent the C-54G airplane in the clean configuration and
therefore are not directly comparable to the data presented in figure 6, which are
for the normal landing configuration.

The effects of the splines on the performance, handling qualities, and noise of
the C-54G airplane were also measured. It was concluded that although the splines
significantly reduced the rate of climb of the C-54G airplane, the airplane's four-
engine performance was acceptable for this test program. (It should be noted that
the splines were not retractable, as they would be for any configuration seriously
proposed for operation.) The splines caused no noticeable changes in the handling
gualities of the C-54G airplane. Finally, the maximum overall sound pressure level
of the C-54G airplane during landing approach with splines on was approximately
4 decibels higher than with splines off.

The vortex attenuation potential of the splines should not be too easily discounted
because of what may seem to be rather complex operational problems. An unpub-
lished study concerning the feasibility of producing retractable splines concluded
that the concept is practical.

Combinations of Mass and Turbulence Ingestion

Flight tests were conducted with the B-747 airplane to evaluate the effects of
engine thrust on vortex attenuation. In general, most of the B-747 testing has been
conducted with thrust for level flight at altitudes of approximately 3000 meters
(10,000 feet) , because a level flightpath makes it easier for the probe pilots to find
and encounter the vortexes. However, considerable testing has been performed for
all the attenuated and unattenuated configurations wherein the thrust was reduced
from that required for level flight to that required for a -3° flightpath angle.and
further to flight idle (approximately -6° flightpath angle, depending on spoiler,
flap, and gear configuration). To date, a detailed comparison of the pilots' qualita-
tive assessments of the effects of engine thrust with quantitative data has not been
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completed. In general, however, it appears that reducing the thrust from that
required for level flight to flight idle adds approximately 2 nautical miles to the
required separation distance. This generalization is true for both the 30/30 and
30/1 flap configurations (fig. 9).

Tests wherein the inboard and outboard engine thrust levels have been varied
alternately have been conducted, but the data are not yet available. Tests to
determine the effects of engine thrust on the attenuation provided by deflecting
various spoiler segments are yet to be completed.

Combinations of Span Loading Alteration and Turbulence Ingestion

Wind-tunnel tests made as early as 1969 indicated that the character of the
trailing vortex system could be changed significantly by adding a spoiler to the
wing in the area of the vortex formation (ref. 5). Flight tests of a spoiler on the
wingtip of a Cv-990 aircraft (fig. 4) were conducted in 1970 as a result of these
wind-tunnel tests. Unfortunately, at that time in-flight vortex marking systems
were not available, and therefore the tests were rather inconclusive.

More recently, however, wind-tunnel tests have shown that extending various
combinations of the B-747 spoilers is effective in attenuating its vortexes (ref. 6).
Figure 5 shows that the four outboard spoiler panels on the B-747 airplane are in
the vicinity of the outboard flap, where the dominant vortex is shed (fig. 11).
Therefore, it is not surprising that extending these spoilers affects the resulting
vortex system.

These tests were paced by wind-tunnel tests (ref. 6). In flight, the spoilers
were deflected in the following combinations:

I Spoiler panel |
1 2 3 415 617918 ]191]10]1111}12

Spoiler panel deflection, deg

=337 |- |--|-—-|--|s7|s7]|--|--
arlar|—-{—-|-—-|-{—-1-1-|-|a|au
25 025 |- —-1-—-|-—-|--|--|-]--125]25
as |- f—-las|-—-|—-|—-|-—-|a5]|--]|- |25
a5 |as| - |- |--|—-|--|—-]4a5]|45]--
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The deflection angles were chosen as a result of the flight crew's concern about the
level of buffetinduced by the spoilers and limitations of the control system on the
production B-747 airplane. The 37° deflection for spoilers 3, 4, 9, and 10 and the
41° deflection for spoilers 1,2, 11, and 12 were used because of the crew's concern
about the safety of accepting a higher level of buffet. The 25° limit for the deflec-
tion of spoilers 1, 2, 11,and 12 was established because it caused the highest buffet
level that the flight crew felt passengers would tolerate. The 45° deflections for the
spoiler combinations (1, 4, 9, 12) and (2, 3, 10, 11)were limited primarily by the
control system. It is interesting to note that the flight crew felt that the buffet level
with a spoiler deflection of 45° was excessive for spoiler combination (2, 3, 10, 11),
but acceptable for the spoiler combination (1, 4,9, 12),

Figure 15 summarizes the pilots' qualitative separation requirements from the
spoiler flight tests. The data illustrate that with spoilers 1,2, 11, and 12 deflected
41°, significantly more attenuation is provided than with any other configuration.

In fact, it would appear from these data that the 41° deflection of spoilers 1, 2, 11,
and 12 could be proposed as an operational configuration that would allow light
aircraft to be spaced as close as 3 nautical miles behind heavy aircraft. Therefore,
a series of tests was developed to investigate the operational feasibility of using

this configuration. This investigation was to include actual landings of the B-747
airplane with the spoilers extended and probes of its vortex at landing flare altitudes
by the T-37B airplane.

Landing the B-747 airplane with the spoilers extended was accomplished in a
relatively straightforward manner, and the pilots indicated that the spoilers did not
significantly detract from the airplane's landing performance.

The proposed low altitude probes with the T-37B airplane required a reevalua-
tion of the criteria on which probing was based at altitude. As discussed in
TEST TECHNIQUES, the probe pilots used as a criterion the level of upsets which
would force them to abandon an approach either on instruments or after breaking
out at the bottom of an overcast. Among other factors, a bank angle limit of approx-
imately 30° for the T-37B airplane at altitude was considered as a baseline (with
lower limits for aircraft with larger wingspans). The adequacy of this partial
criterion was questioned , however, when actual landings were proposed; lower
control power , proximity to stalls or spins at low altitude, and the thrust required
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to overcome the downwash of the generating airplane became additional items of
concern.

Intentional probes of the downwash area between the B-747 vortexes were made
with the B-747 airplane with spoilers 1,2, 11, and 12 deflected. The T-37B air-
plane probed this area to less than 2 nautical miles and found only light to moderate
turbulence with an incremental downwash of approximately 150 meters per minute
(500 feet per minute). The problem of adequate climb performance at low speeds in
the landing configuration had to be considered, even when roll control power was
adequate to overcome the vortex-induced roll. An additional unknown was the
variation of vortex strength and life as a function of altitude and ground effect.
Tests using ground-based sensors were conducted to evaluate the normal and
attenuated vortex characteristics, but the results are not yet available.

Another question pertinent to the problem of separation distance is the effective-
ness of attenuating devices for following aircraft that have considerably larger
wingspans than the T-37B and LR-23 airplanes. Wind-tunnel and water tank tests
on a McDonnell Douglas DC-9 scale model indicate a definite reduction in induced
roll , but not as large a reduction as models of smaller wingspan experienced. This
effect is due to the better fit of an airplane with a larger wingspan in the larger
attenuated vortex.

All T-37B probe pilots agree that the attenuated vortex is much larger in
diameter, is less well defined, and has lower tangential velocities than the usual,
well-formedvortex tube. A DC-9 airplane is being instrumented and is to be test
flown to determine the degree of effectiveness of vortex attenuation on an airplane
with a significantly larger wingspan than the T-37B and LR-23 aircraft.

A comparison of the photographs presented in figures 16(a) and 16(b) with
those shown in figures 17(a) and 17(b) will provide the reader with an illustration
of the differencesin the formation of the B-747 vortex systems with and without
spoilers 1,2, 11, and 12 extended.

CONCLUDING REMARKS
Flight tests made to evaluate the effects of altered span loading, turbulence

ingestion , combinations of mass and turbulence ingestion, and combinations of
altered span loading and turbulence ingestion on trailed wake vortex attenuation
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showed aerodynamic attenuation to be possible and probably operationally practical.
This conclusion is based on the fact that three of the methods tried provided signifi-
cant levels of wake vortex attenuation.
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(a) 30/30 flap configuration.

(b) 30/1 flap configuration.

Figure 1. B-747 span Zoad test configurations.
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Figure 3. Diagram of spline arrangement. Dimensions in meters (inches).
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(b) Close up.

Figure 4. CV-990 wingtip spoiler.
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Figure 5. Spoilers on B-747 airplane.
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Figure 7. Effect of outboard flap and landing gear on wake vortex
alleviation. B-747 airplane; thrust for level flight.
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Figure 9. Effect of thrust on wake vortex alleviation. B-747 air-
plane; gear up.
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Figure 10. Effect of sideslip on wake vortex alleviation. B-747 air-
plane; 30/1 flap configuration; thrustfor level flight.
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(a) Time =0 second.

(b) Time =5 seconds.

Figure 11. B-747 wake vortex characteristics. 30/30 flap configuration;
gear up; weight =276,000kg (607,000Zb); airspeed = 150 knots.
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(e) Time =20 seconds.

(f) Time =25 seconds.

Figure 11. Continued.
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(g) Time = 30seconds.

(h) Time = 35 seconds.

Figure 11. Continued.
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(b) Time =5 seconds.

Figure 12. B-747 wake vortex characteristics. 30/1 flap configuration;
gear up; weight =263,000 kg (578,0001b); airspeed =150 knots.
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Figure 12, Continued.
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(f) Time =25 seconds.

Figure 12. Continued.
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(g) Time = 30 seconds.

Figure 12. Concluded.
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Figure 14. Effect of splines on vortex attenuation. C-54G generator aircraft,
gear and flaps up, thrustfor level flight; PA-28 probe aircraft.
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Figure 15. Effect of spoilers onwake vortex attenuation. B-747 airplane;
thrust for 3° flightpath; 30/30 flap configuration; gear down;
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