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UTILIZATION OF THE WING-BODY AERODYNAMIC

ANALYSIS PROGRAM

Robert E,. Curry
Dryden Flight Research Center

INTRODUCTION

A version of the Woodward -Carmichael panel pressure computer analysis tech-
nique used at the National Aeronautics and Space Administration Dryden Flight
Research Center (NASA DFRC) has been applied to several diverse aerodynamic
studies. The purpose of this paper is to document work performed with this com-
puter program.

The program calculates the potential, inviscid, steady -state flow solution for a
given wing and body combination in subsonic or supersonic flow. The program was
developed at ihe NASA Ames Research Center using ihe Woodward technique. A
deseription of this computational method is included in references 1 and 2. The
latest version of the program has been in use at DFRC since 1975 and is commonly
referred to as Wing-Body .

Experience gained in the use of this program includes both its intended appli-
cations as well as some unusual applications . This report presents the methods and
success of using Wing -Body to determine aireraft stability and control characteris-
tics, potential flow field characteristics, air launch dynamics, and wake vortex up-
sot loads. The limitations and range of application of the program are also discussed .

The greatest advantage of the Wing-Body version over most existing aerodynamic
analytical techniques is that it is user oriented. Preparation of computer input is
simplified by the use of manv Zofault values and an automatic paneling feature. The
input scheme is also very versatile, allowing nonconventional uses of the program.

The Wing-Body analytical techniques for determining aireraft stability and con-
trol derivatives are shown to be valid. The effoets of design changes can be closely
predicted prior to wind tunnel and flight testing. Other analytical procedures, such
as the determination of launch dynamics or wake-vortex-induced loads, provide
results which cannot be easily obtained by experiment.




The analysis presented in this paper was performed by an engineering student
trainee at DFRC as part of the cooperative trainee program,

SYMBOLS

The body axis system assumed throughout this report is consistent with that
used by Wing Body . N is positive in the aft direction, Y is positive to the right,
and 7 is positive up.,

A panel acea, m,
b reforence span, m
¢ lift coofficient
!"\‘
l‘" rolling moment coefficient b
oS
r_{
(‘m pitehing moment coefficient E‘
: 1 0 m . ';ﬁj
N normal foree coefficient
i:l
W5
- yawing moment coeffictent )
> pressure coefficient b
p =
§
l‘\. side force coelficient
et
4] reference chord, m ‘:-ﬁ
Cls0 chord of B-52 airplane, span station 208, m “‘
ek
K number of panels
M Mach number
n variable
l“
s reference planform area, m
v alrspeed,, m see
\'ik vertical velocity component,, m; se¢




AS longitudinal distance from panel centroid 1o conter of gravity , m
Yo lateral distance from panel centroid to center of gravity, m
M.‘p lower surface t‘p minus upper surface (‘p

v effective twist angle, deg

Subsoeripts:

nony contribution of the body

a derivative with respect to angle of attack, per deg

0 derivative with respect to angle of yaw, per dog

l*. derivative with respect to atleron deflection, per deg

6', derivative with respect to elovator deflection, per deg

Br derivative with respect to rudder deflection, per dey

DESCRIPTION OF WING BODY PROGRAM

Operation of the Wing  Body program requires that a wing or body configura
tion, or both, be specified in terms of trapesoidal constant pressure panels. Flow
conditions, primarily angle of attack and Mach number, are also specified. Using
these inputs, the program represents the wing as a surface disteibution of sources
and vorticity and the body as a line distribution of sources and doublets in o
Inearized potential flow fleld, The body is simulated once in axial flow and once in
flow produced by the presence of the wing . The program computes the potential ,
steady - state pressure coefficient on each body panel and on the upper and lower
surface of each wing panel. Using the differential pressure coefficient, A .+ which

is the difference botween the t‘p vailues for the lower and upper surfaces, the total

atreraft foree and moment coefficients are obtained.

Fhe Wing  Body results are based on the potential flow equation, If subsonie
flow is desired, results are obtained by the use of a coordinate sy stem transfor
mation based on the Prandtl-Glauert factor, which produces an equivalent config
uration i incompressible flow . I supersonie flow is required, a transformed
configuration at a Mach number of v2 is obtained, which is equivalent to the desired
configuration and Mach number. The resulty are then adjusted to the desired Mach
number . Use of the program in the transonic region is not valid because of viscous
effects that position the embedded shoek waves. The suggested range of application
is therefore subsonic or supersonic (M - 0to 0. 850r M =« 1.5 t0 3.0, Wing Body
does not account for nonlinear flow conditions such as vortex formation or {low
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separation and stall, Therefore, coefficients derived using Wing Bouy will always
be linear with respect to angle of attack, regardless of the type of flow actually
exporienced by the aireraft,

The severest limitation of this version of the Woodward Carmichael method
has been the number of panels that can be used. Wing surface description is
Hmited to 100 panels. Other versions accept the use of more panels but generally
require substantially more computer time . For symmetric configurations, Wing
Rody allows the entire nuamber of panels to be used to represent one half of the
configuration. The resulting coefficients are then doubled .

The leading and trailing edges of each panel may be swept; however, the
two side edges must be parallel to the free stream. Triangular panels are accept
able if a streamwise side is set equal to zero. Dihedral, camber, and thickness
may also be specified for each panel, Camber inputs are equivalent to the loeal
angle of attack of ecach panel. When desceribing a computer model, it is important
that all wing surfaces be subdivided into panels at the same span stations so that
the panels along any streamwise row will have the same width and their stroam
wise side edges will comneide.

The program incorporates several features that reduce the input preparation
time. Data are arranged in namelist form for which most variables have default
values. Except for angular values, no specific unit system is required because
all results are nondimensionalized. Another feature automatically divides wing
surfaces into the desired number of spanwise and chordwise panels. The paneling
of the fuselage, including forebody and afterbody closures, is performed internally .
A plotting routine is available that allows verification of the paneling scheme input
by the user.

On the CDC Cyber 70, Model 73, Wing  Body (without overlay) requires
LT7,000 octal words of contral memory , and most cases take less than three minutes
of contral processor time .

CONFIGURATION STABILITY ANALYSIS

Static stability derivatives of flight vehicles can be evaluated by Wing  Body
with respect to angle of attack, sideslip, or control surface deflections. The
following set of stability and control derivatives can be accurately determined:

. L] Al . . . . ~ . 3 3
) N v By 2 L 2 € Co Cp vand Cp 0 Drag coefficients are
Cp vy 1 Gy N n, s 0 = . e
a a B & B 4] B & 8
¢ a a r r
only first-order approximations and are not suitable to evaluate vehicle performance,
When appropriate, as in the case of oblique wing vehicles, terms such as rolling
moment due to elevator, t‘\. , or pitching moment due to aileron, \‘m -
8 &
¢ a
be obtained .



The F-111 transonic aireraft technology (TACT) research airplane was analyzed
by the use of the method. Stability changes resulting from wing sweep angle and
Mach number variations were determined and the results compared favorably with
the flight data inclnded in reference 3.,

Five computer passes and three computer models were required to obtain a
complete set of derivatives. To obtain derivatives with respect to angle of attack,
sideslip, elevator deflection, aileron deflection, and rudder deflection, a separate
computer pass was required for each case. The three models are shown in figure |
and represent only the TACT aireraft's planform. Wing thickness and camber do
not affect the desired results. THe paneling scheme was purposely arranged such
that groups of panels correspor Jd in location and size to control surfaces. Camber
was then added to these control surface panels and the resulting ineremental changes
in aireraft forces and moments indicate the control surface effectiveness,

The program tends to overpredict the effect of camber inputs near the trailing
edge. Therefore, when analyzing conventional trailing edge control surfaces, the
control derivatives obtained are usually multiplied by a scale factor of 2/3. No
scale factor is required when the control surface under consideration consists of an
all-movable wing surface. The TACT airceaft has boeth types of control surfaces,
the rudder being o conventional trailing edge device, with the computed results
being adjusted accordingly , and the aileron and elevator control being prov ided by
the all-moving horizontal stabilizer which required no adjustment .

The first model (fig. (1)) was used to determine the longitudinal derivatives.
The symmetric configuration option was employed, and, therefore, all the available
panels could be used to represent one-hall of the aireraft. Vertical surfaces were
not modeled.,

The second model (fig. 1(b)) was used te estimate laterval devivatives, The
asymmetric opticn was used here so that differential camber inputs could be made to
the aileron panels. Because of this, the paneling was much coarser for this model,
Only derivatives with respect to aileron deflection are obtained from this model.

To obtain sideslip and rudder control derivatives, a third model was used. The
vertical surface was deseribed in the X-Y plane, as shown in figure 1(¢). Angular
changes in the X-Z plane, which would usually be considered angle of attack, repre
sent sideslip to this model. The asymmetric option was used .

The horizontal surfaces, as well as the fuselage, were not included because
their effect on the directional derivatives is small. On some airceraft the fuselage
should be included in the determination of the directional derivatives, although on
the TACT airveraft the fuselage iv distributed evenly about the center of gravity .
Because the coordinate axis system has been rotated 90° for (his model, forces in
the 7 direction labeled t‘N correspond to side forces on the vertical tail, and moments

labeled L‘m represent yawing moments. Using this analogy , sideslip and rudder
control derivatives can be obtained .

Some of the TACT stability and control derivatives determined with the Wing
Body program are shown in figure 2. Corresponding flight data are also shown,
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The results are for Mach 0.4 flow with the wings swept to 26°. In general, the
correlation between Wing Body and flight data is good .

The longitudingl derivatives in figure 2(a) demonstrate good agreement up to
an angle of attack of 79, Flow separation is expected above this angle of attack. The
predicted elevator control derivatives in figure 2(b) are generally higher than
experimental values. A contribution to this derivative that is not accounted for by
Wing-Body is the decrease in dynamic pressure in the wing wake.

The aileron control derivatives in figure 2(¢) are computed with respect to
differential deflection of the rolling tail surfaces. Yawing moment due to aileron
deflection, Cn . from both Mght and computed data is very small. The Wing-

(s}
f

Body results are computed neglecting the vertical tail. For this reason, flight data
vield slightly proverse yaw while Wing -Body predicts slightly adverse yaw. Results
for rolling moment due to aileron deflection, CQ , correlate well,

&
f

The predicted yaw wnd roll moment derivatives with respect to rudder deflection
(fig. 2(d)) al o show good correlation with flight data.

A similar stability and control analysis has been made of the AD1 oblique wing
research vehicle at various asymmetric wing sweep angles. The results were used
to verify the design and procure the airplane.

FLOW FIELD DETERMINATION

Wing-Body has been used to estimate the potential flow direction in front of an
aireraft in subsonic flow and to identify nonpotential flow in flight data. Examples
of each of these studies will be discussed.,

The upwash angle created forward of e TACT wing was caleulated using Wing
Body. The computer model includes the TACT airceraft planform as well as a small
fictitious wing panel located a few centimeters forward of the TACT wing's leading
edge. By making the fictitious panel sufficiently small, its effect on the flow field
around the TACT airplane can be neglected. The At‘p value of this panel will be

caleulated with the effect of the TACT upwash field. A second computer pass was
required to determine the lift characteristies of the fictitious panel without the
influence of the TACT aireraft. The differential pressure coefficient of this panel
is shown as a function of angle of attack for both of these computer runs in figure 3.
The increase in A(‘p due to the presence of the TACT planform is a function of the

upwash angle. For any given ACp value, the difference in angle of attack between

the two curves is equal to the upwash angle. This technique has also been used to
suggest angle of attack vane corrections for the highly maneuverable aircraft
technology (HIMAT) and A-'0 aircraft,

e i R B ——— - E— a R — " " 1 - r P e —— W ——— -

P i
TR




Another use of the Wing Body program has been to identify nonpotential fiow
when it appears in experimental data. By obtaining a good potential theory pressure
solution using Wing Body , nonlinear Cow effects will be absent. Comparable
data taken in ight may include vortex, separated , or other flow effects. When
flight and potential pressure values are compared , nonlinearities in the flight data
become clear,

The formation of the leading edge vortex on the wing glove region of the TACT
atreraft was identified by comparing the flight measured and caleulated potential
pressure values, The Wing Body mode! used for this study is shown in figure 4.,
The distribution of panels was heavily concentrated near the wing root to improve
the accuracy of the pressure values computed in this region. Experimental pres '
sure data were obtained from the full - seale CACT atreraft . Pressure orifices were |
located in the wing glove region, and measurements were taken primarily as a
function of angle of attack.

bk sttt L

The results from flight and from the potential solution are compared in figure 5.
At low angles of attack it is cbyvious that the potential theory provides a close
approximation of the measured prossure values. As the angle of attack is inereased
above 69, some nonlinear effects in the flight data become evident . Experience
suggests the formation of a vortex at this condition, which produces the nonlinear
divergence from the potential solution,

LAUNCH DYNAMICS

Using the Wing - Body technique, an analytical study of the proposed X240
National Hypersonie Flight Research Facility launch dynamics was performed. The
X240 atreralt was intended to be carvied to a suitable launch altitude by the
B-52 atrplane and then released. The interference effects of the B-52 airplane on
the X 240 stability derivatives during such a proposed launch were caleulated .
Changes in pitching moment, rolling moment, and 1t as a function of the vertical
separation between the two vehicles was of primary interest. Also, as a part of this
study , changes in the X240 design, piteh angle, and launch pylon position were
analyzed. Changes in control effectiveness were not determined; however, these,
as well as the effects of X-24C roll attitude, could also have been studied using the
Wing - Body program,

Various X 240 designs were modeled with both wing and body panels. To
insure that an adequate computer model had been obtained, the X 24C atreraft was
first analyvzed without the influence of the B-52 carrvier aireraft. Wind tunnel data
were available for one design, and they are compared with Wing Body results in
figure 6. Good correlation is shown between the experimental and theoretical values
of longitudinal coeffictents. The Wing Rody computer model of the X-24C aireraft was
then used as part of the mated configuration model sirailar to that shown in figure 7.

Recause this program allows only one aireraft fuselage to be modeled, the
B-52 atreraft was represented by a wing surface only . A separate set of computer
passes was made to determine the camber for this wing surface so that the model
would include the effect of the B-52 fuselage on the Lt distribution, First, the
B52 aireraft was modeled with both wing and body panels. The resulting ..\l‘p
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values on the right wing were used as the mput for a subsequent computer pass.
A design option, which is available from Wing-Body , was used to compute the
camber values required to produce a given ACp distribution. For this model,

the fuselage and left wing were eliminated ., Using the camber values generated
by this computer pass, the right wing panels produced the same loading both
spanwise and chordwise as the complete B-52 configuration,

The B-52 and X-24C models were then combined geometrically (fig. 7). Again
it was necessary to cause the streamwise panel edges to aline at common span stations,
The configuration in figure 7 shows the X-24C aircraft in the mated position with
only 0.3 meter of clearance between its fuselage and the wing of (he 8-52 aireraft. The
X-24C fuselage centerline had to remain in the Z = 0 plane due to the program's input
arrangement . Therefore, to simulate an increase in vertical separation distance
between the two vehicles, the Z-coordinates of the B-52 wing had to be increased,

To obtain the effects of angle of attack on the X-24C aircraft, the angle of attack
of the B-52 aireraft had to remain constant, When the angle of attack input parameter
is used, the angle of attack of both the X-24C and B-52 models is increased. To
maintain a constant angle of attack for the B-52 wing, the camber values for the wing
panels had to be reduced by the same amount as the angle of attack input parameter.

To obtain the X-24C stability terms, it was necessary to sum the panel forces
externally to the Wing-Body program. The summation of panel forces performed
automatically by Wing-Body would include the lift and moments generated by the
B-52 wing. Therefore, the following equations were used to total the X-24C aircraft's
lift, roll, and pitch coefficients.

K
1
C, = (C,) +3 2 (AC ) A
L "L'gopy B4zt Pp ™
)
C, = (€ AC ) A (YO)
¢ Tpopy B T,
K
C, =€) —_):_: AC)) A, (XC),
BODY Sc¢n=1 n

where K is the number of X-24C panels. A brief FORTRAN computer program was
used to perform this summation using punched cards of A(‘p values generated

directly by Wing-Body .

Results obtained using the configuration shown in figure 7 are given in figure 8.
Data for two launch separation distances are shown: the mated position and the
position after the X-24C aircraft has descended half the distance of the B-52 wing
chord. The influence of the B-52 aircraft on the X-24C aircraft drops off quickly as
the separating distance increases. At higher separation distances, the characteristics
of the X-24C aircraft resemble the isolated X-24C results,
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As well as providing these types of data, other aspects of a proposad X 24C
launeh were studied . The span station at which the X 24C atreraft would be attached
was varied, and the results are shown in figure 9. Only small differences
were observed,

LOADS DUE TO WAKE VORTEN UPSETS

The forces and moments ereated by tratling wake vortexes can be predicted using
the Wing  Body program. Velocity components in the atmosphere that are normal to
the flightpath of an aireraft can be simulated in the computer model of the vehicle.
he value of a vertical veloeity component when related to the atrspead of the tratling
vehicle determines an additional inerement of angle ¢ attack at the corrvesponding
region of the wing. The vertical veloeity , which varies across the span of the
trafling atreraft, can be offectively approximated by modeling wing twist in the
traling aireraft. The value of the induced twist angle, v, is derived as follows.

v ©otan ! (\-.,\»,

A wake vortex induced angle of attack can be calculated for each sircamwise row of
panels of a trailing aireraft computer madel. Therefore, the computed tratling
sireraft forces and moments will include the effects of the vertical airflow .

The rolling moment, C, ., er2ated on a tratling aireraft in the wake of a B 747 jet

\
transport was predicted using this method . The effective twist of the trailing aw
craft computer model was determined from a veloeity profile of the B 747 wake
vortexss, which were obtained from fMlight experiments. This B 747 wake vortex
veloeity profile is shown in figure 10(a),

The rolling moment created on a trailing aireraft flying in such a flow condition
varies with its location in the vortex;: however, the maximum rolling moment is
created when the trailing atreraft's centerline is positioned in the middle of the vortex.
In addition, the rolling moment produced on a tratling atreraft is a function of the
planform of the trailing aiveraft,

he effects of the B 747 wake vortex flow field on both a T 37 and Learjet air
craft were analyzed in this study . Computer models of the two aireraft consisted of
only wing panels. The fuselages were neglected because of their smeil contribution
to the rolling moment coefficients . The horizontal tatl surfaces were pot modeled
because the flow field around these surfaces is dominated by the downwash of the
wing. The T 37 wing s generally rectangular, while the Learjet wing has a
6.5 percent greater span, a 15.5% leading edge sweep, and a taper ratio of 0,51,
Both computer models were divided spanwise into 10 rows of panels. For each
stroamw ise row of panels. a vortex  induced angle of attack was caleulated based on
the B-747 Might data shown in figure 10(a) and a trailing atrerall velocity , V, of
96 m see . The effective twist angles produced by the peak vortex velocitios were
about 109,




The results are given in figure 10(b). The rolling moment of the T-37 aireraft
dropped off quickly as the aircraft moved away from the vortex core. Also, the
maximum rolling moment created on the Learjet aircraft was lower than that ereated
on the T-37 aireraft,

This study allowed an analytical comparison of two aireraft planforms subjected
to an identical vortex flow field. In flight, it would be impossible to recreate a
specific veloeity profile for different trailing aireraft. Also, it would not be safe to
subject some aireraft to such a wake vortex upset experimentally .

CONCLUDING REMARKS

Through experience gained at DFRC in the application of the Wing - Body aero-
dynamic analysis program, several investigations of aireraft characteristics have
been made analytically . Examples of the following studies have been presented:

1. Determination of aircraft stability derivatives with respect to angle of attack,
angle of sideslip, and control surface deflection.

2. Determination of the upwash angle in front of an aircraft,
3. ldentification of the effects of nonpotential flow in experimental data.

4. Determination of interference effects of a carrier aireraft on an air-
launched vehicle,

5. Determination of the loading produced on an aircraft by wake vortex flow.

Based on comparisons with experimental data presented in this report, Wing-
Be Ay analytical results may be considered relinble, Results have been used to plan
wind tunnel or flight testing , or as verification of experimental work. Some
situations that cannot be investigated readily or safely by experiment can be studied
analytically using wWing-Body .

Dryden Flight Research Center
National Aeronautics and Space Administration
Edwards, Calif., October 4 1978
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Figure 1. Computer models for the stability
and contro! anzlysis of the TACT airplane.
Leading edge sweep = 24°,
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Figure 7. Computer model of X -24C and B 32 areraft in
mated configuration.
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