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I. OVERVIEW :i

l.l INTRODUCTION

This report presents a review and critical evaluation of possible approaches to

qualify spacecraft against space electron induced discharges (EID). A variety of

possible schemes to simulate the electromagnetic effects produced in spacecraft have

been studied, and candidate electrical injection techniques for elect_qcaily exciting

spacecraft have been developed. These techniques form the principal element of a

recommended set of test procedures for EID qualification of spacecraft described in

this report.

This report represents the second of two major deliverables for the present '

program, entitled "SCATHA Model Tests" (Contract NAS3-2[967) jointly sponsored by

NASA-Lewis Research Center and the USAF-Space Division. This work is a continua-

tion of a program begun under joint Space Division and Defense Nuclear Agency (DNA)

sponsorhip entitled "Electrostatic Discharge Modeling, Testing, and Analysis for

SCATHA," under Contract DNA001-77-C-0180.

The major objectiveo:{thiscombined experimentaland analyticalprogram has

been the development of validated 5yctem electrical test procedures for the qualifica-

tion of spacecraft against damage produced by space-electron-induced discharges

occurring on spacecraft dielectr'-'c outer surfaces (EID) tc be incorporated into a

proposedEID MIL-STD (orintoa modifiedMIL-STD 154I).

The results of this program have been documented in two reports.

I. The first report presents the data on the response of a simple satellite model,

_) called CAN, to electron-induced discharges. The experimental results were

compared to predicted behavior and to the response of the CAN to electrical

injection techniques simulating blowoff and arc discharges. Also reviewed

and included are significant results from other ground tests and the P75-2

programs to form part of the data base for specifying those test procedures

! which optimally simulate the response of spacecraft to EID. The electrical

I
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and electron spraying test data were evaluated to provide a first-cut i

determination of the best methods for performance of electrical excitation

qualification tests from the point of view of simulation fidelity,

2. The major content of this report is the specification of a set of test

procedures to qualify spacecraft for reliable performance when subjected to

a charged particle environment conducive to producing discharges, These

specifications have been prepared for incorporation into the proposed EID

appendix to MIL-STD 1541 (USAF), Electromanl_etic Con _tibilit Z

Requirements for Space Systems. This report includes a description of the

tradeoff analyses by which they were selected, the recommended sources,

method of injection, drive levels, measurement techniques, sensors, data to

be recorded, test configuration and test conduct.

While this report provides a recommended set of test procedures, the information

presented herein is meant to summarize what we presently (September lggl) know

about EID electromagnetic effects in satellites. As the balance of this report makes

clear, there is a lack of critical information about the nature of the discharge process,

the relationship betwen ground test and on orbit discharge data, and internal EID '

coupling. Therefore, the test procedures specified are meant to be provisional, and

reflect the state of our knowledge as described herein. However, we believe that the

electrical injection tests for EID qualification proposed in Section 3 provide a much

more valid simulation of the electromagnetic fields, currents, and charge distributions

induced on the satellite surface and coupled into interior circuitry than the present

MIL-STD 15_1 arc injection test.

1.2 SUMMARY

The report is divided into two major sections. In Section 2, the various possible

approaches to spacecraft EID qualification have been reviewed and evaluated. Tile

approaches considered were:

1. Flying a qualification spacecraft in the real environment adequate|y instru-

mented to observe its Ell3 susceptibility,

2. Testing the qualification spacecraft in a charged particle and photon environ-

ment which simulates the important aspects of that found on orbit.



i:

3. Testing the qualification spacecraft by global external electrical excitation

in a manner which simulates the distribution of levels and pulse widths of the

the external tangential magnetic fields (surface currents) and/or the normal

displacement fields (surface charge) produced on the spacecraft surface by

EID.

_. Electrical injection of cable bundles connecting subsystem components or

directly into pins of individual boxes at levels and pulse shapes which

simulate those produced by EID coupling into the spacecraft.

The approaches were evaluated in terms of ease of implementation, technical

maturity of the approach) technical risk in relying on a particular method) cost)

schedule impact and confidence in the test results. The conclusions drawn from this

assessment include:

1. The first two qualification tests are the most realistic, and would yield the

greatest confidence in the results obtained. However) the technical benefits

are outweighed by the probable cost, schedule impact and technical risk. For

Procedure l) it might involve loss of a spacecraft. For Procedure 2, there is

fairly high technical risk and cost because a fully instrumented facility to

perform such tests does not exist. However, the necessary instrumentation

and sources are available.

2. Subsystem and box electrical testing is a relatively low cost, practical

approach_ which is compatible with presently conducted functional)

EMC/EMI) and SGEMP component electrical tests. However) this approach

has two major technical limitations. First, there is little quantitative data

which relates discharge-induced external transients to internal signals pro-

duced on wires and at the interfaces to electronic boxes. Therefore, it is

difficult to specify realistic drive levels. Second, the approach will not test

many of the design features such as structure, box and cab'e shielding, and

cable placement which form part of the total design package to protect

spacecraft against EID and other externally generated electromagnetic

transients.

3. The approach which seems most attractive from a combined technical risk,

cost, schedule, compatibility and simulation fidelity point of view is global

external electrical injection at likely discharge points. Model studies

3
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indicate that it appears feasible to simulate the external electromagnetic en-

vironment, at least over limited regions of the spacecraft and excite points

of entry (POE's) for electromagnetic energy in a manner similar to that by
EID.

Therefore, a feasibility study was performed to evaluate various specific electri=

ca_ injectioa schemes based on similar testing which has been performed to electrically

simulate the electromagnetic currents and fields generated on the surface of spacecraft

by the nuclear weapon produced X-rays (SGEMP). Part of this evaluation included a

review of relevant features of representative SGEMP and EID electrical testing of

satellite models including the STARSAT (a DSC$-III Model), the CAN, SCATSAT, and

the VOYAGER spacecraft.

The following electrical excitation approaches were evaluted through model cal-
culations:

1. Low level, narrow pulse, capacitive discharge, capacitive coupling between

pulser and test object (few amps, peak amplitude, 20-#0 ns FWHM pulse
widths)

2. Low level, wide pulse capacitive discharge, capacitive coupling (few amps,

I/_s FWHM)

3. High level, wide pulse capacitive discharge, capacitive coupling (200A, l/_s
FWHM)

4. Capacitive discharge, direct coupling between pulser and test object and test

object and pulse ground (hundreds of amps, 1/_s FWHM)

5. MIL-STD 1}#1 Arc (10-}0A, 10-}0 ns FWHM)

6. MIL=STD 15#l Arc (200A, l/_s FWHM).

The wide-pulse, high-level injection currents were taken to be representative of those

induced on the surface of spacecraft as a consequence of discharging large area (0.} to
I m2) dielectrics.

The results of the model calculations can be summarized as follows:

l. Low level, subthreat excitation of any type was rejected because of problems
associated with

a. Scaling results to threat level (feasibility, accuracy)

#
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b. Requirement for signiiicant additional internaJ monitoring

instrumentation

i c. Sensitivity and noise problems,
r

i 2. Conventional capacitative direct injectio_ _v-,p}o,,,ed during the SCATSAT

i tests was rejected because

a. Attainable pulse widths are too narrow (tens of nanoseconds)

b. Amplitudes attainable are too low (by about a factor ot I0-I00) unless

extremely high charging voltages are used (1 MV)

3. The present MIL-STD 154I arc was rejected because it is a poor simulation of

the blowoff of electrons.

4, The most realistic practical approach capable of generating sufficiently large

pulse amplitudes and pulse widths is a direct injection with a capacitive

discharge source and direct connections between pulser and test object and

test object and pulser return, This approach can provide a simulation of the

body currents which flow over the surface of the spacecraft.

5. It is also desirable to perform a capacitive discharge current injection with

capacitive coupling with wide pulses and threat level drive to simulate some

aspects oi the EID excitation (normal displacement fields, spacecraft'reson=

ant modes) 0",orwell simulated by direct injection. However, the model

studies indicate that this approach is technically difficult to implement using

practically attainable values of circuit parameters because of the high

charging voltages required (~&00 kV). However, if more modes', drive

currents (<50A) and pulse widths (<250 ns) are required, then a pulser of

about 50 kV would suffice. However) what is excited is the combined pulser,

coupling network, test object system. The fidelity of the simulation is

diminished compared to capacity coupled injection (CD[).

Based on the modeling studies a qualification test procedure was devised which is

described in Section 3. Its basic element is the elecrical excitation of the spacecraft by

a high level, wide pulse direct drive scheme supplemented, where necessary, by

capacitively coupled injection. Based on available ground test discharge data. rules are

given Ior determining the critical test or injection points and how to select pulser

characteristics to achieve desired injection levels auld pulse widths. The test

configuration is basically one inwhich the pulser and test object are isolated from

5
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the external surroundings through the use of battery driven pulsers, analog fiber optic

links for the transmission of electromagnetic environment and monitor point data, and

dependence on the vehicle telemetry for spacecraft status during electrical testing.

The vehicle would be in its flight configuration and isolated from external grounds and

extraneous conductors.

The test procedures specified should _ taken as provisional. They need system

validation for the re!lowing reasons:

I. While similar electrical testing has been performed on spacecraft or space-

craft models, the particular tests proposed have not been tried out either on

a real spacecraft or on a reasonably complex electrical model like the

SCATSAT. Proof testing is required.

2. There is insufficient quantitative data produced either by model analysis or

testing with which one can compare the. kinds of simulation produced

electrically with the electromagnetic responses _nvoked by EID (especially

for the normal displacement fie!ds created on the surface of the spacecraft).

For this reason further coupling analysis as well as model testing in a

simulated charged particle environment are required.

In addition, there are fundamental gaps in our knowledge of EID which impactthe

specification of an electrical qualification test. These include:

[. Our knowledge of the discharge process is limited. No adequate, comprehen-

sive discharge models exist by which one can predict with confidence the

discharge characteristics giw.m the charging environment, material properties

and sample configuration.

2. A quantitative analysis has not been made infers discharge characteristics

from the magnitude of the P7g-2 transients recorded by the SCI-8 and TPM

experiments. The P78-2 coupling mot;el begun under this program should be

completed in order to facilitate this analysis.

3. Limited experimental evidence indicates that the components of the space

radiation environment such as high energy penetrating electrons, U v and ions

tend to diminish or eliminate discharges in many materials. It is important to

complete item (2) so that a quantitative comparison between the ground test

discharge data and that obtained from the P75-.2 may be made. It may be

that the scaling law" used as a basis for specifying electrical injection pulse

6
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amplitudes and pulse widths provide for much more severe _tresses than those

to which real spacecraft are subjected,

_. If the required pulse widths and amplitudes could be reduced_ then it would

make capacitively coupled injection more feasible. In addition, it might be

possible _o use an alternate scheme of vehicle isolation based on inductive

loading of power cables and signal return conduits attached to thu spacecraft.

This would simplify tes_ conduct.

5. These test procedures are not designed to qualify pacecraft against electron

caused electromagnetic pulse (ECEMP) effects produced by the charging and

discharge of interior dielectrics such as cables or printed circuit boards by

high energy, penetrating electrons. More w^:' is needed to understand the

severity of this problem for spacecraft in the na_ral and nuclear weapon

environments.

7
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2. SELFCT[ON OF AN EID SYSTEM QUALIFICATION TEST TECHNIQUE

2.1 APPROACHES TO QUALIFICATION

In identifying a procedure for qualification of spacecraft against the harmful

electromagnetic effects of EID, there are two key issues which are related. The first is

test technique; i.e., by what means is the spacecraft to be stressed. The second relates

to test conduct, how is the test to be performed. The question of pulsers will be

addressed in this section, test conduct in the next.

Section 5.1.! of MIL-STD 15_I prescribes that tl'.e complete spacecraft electrical/

electronic system be tested to demonstrate qualification. Compliance is to be

demonstrated by showing that critical system points have a 6 dB (energy) safety margin

(20 dB's for EED-electroexplosive devices). Critical system points are those which are

chosen to monitor the performance of the systeml i.e., to determine whether the

system will perform according to system functional and operational requirements.

These critical test points are further identified as:

1. Susceptible to interference because of sensitivity, inherent susceptibility,

mission significance_ or exposure to the stressing environment.

2. Part of an electrical circuit, generally before the output stage.

3. A subsystem stress point.

The performance of the system is monitored for improper response at monitoring points
which are;

1. Either electrical or mechanical

2. Generally at the subsystem output or internal to the subsystem.

For the EID qualification of the P7g-2_ Martin chose critical test points to be those on

the exterior of the spacecraft likely to suffer on-orbit discharges. Monitoring was

performed using the AGE to identify improper system performance, supplemented by

directly observing the behavior of 12 critical electric circuit points (Ref l). Section

9
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6.2.1 of MIL-STD 1541 specifies that the AGE or vehicle telemetry is not to be used as

the sole monitor of system performance during testing. These points included several

which are part of the spacecraft system and several related to the engineering

experiments (SCI-8B, TPM) designed to measure transients. In addition data was

recorded by the 5CI-gB and TPM transient monitors. Thus, the excitation points were

chosen because of their inherent susceptibility to arc discharges, although not part of

an electronic circuit. The monitoring points were chosen because of their significance

to the system electrical performance, sensitivity, because they were representative of

typical interface circuits, or to provide a baseline for the response of the transient

measuring experiments.

Of course, the MIL-STD 1541 arc used to excite the P73-2 has been shown in the

work described in References 2 through 4, to be a grossly inadequate simulation of the

principal driver for the inducement of electrical transients, namely the blowoff of

charge. That the P78-2 has r_ot suffered a significant number of environment induced

upsets is due in large part to the heavy shielding (double Faraday cage) incorporated

into the P75-2. This has been reviewed in References 5 and 6. It is the objective of

this chapter to identify a more realistic, viable system test procedure.

MIL=STD 154I specifies three generic approaches to demonstrating compliance.

These include=

(l) Providing a 6 dB overstress of critical points (20 dB for EED)

(2) Measurement of the noise environments at the critical test points and

comparing them to subsystem susceptibility.levels as determined through test

oL"analysis (as required by Section 5.1.2.1.6 of M!L-STD 1541).

(3) Increasing the sensitivity of critical points by 6 dB to demonstrate satisfac-

tory performance in the noise environment.

It is clear that the most technically sound approach to demonstrate survivabilit)

in the EID environment is Approach 1 The second method is not really practical as the

actual EID stressing environment is only observed on orbit. There is essentially no

space data on the characteristics of discharges which occurs in surface dielectr':cs. It is

possible to infer some characteristics from the trar, sient sensor data (SCI-8B, TPM)

recorded by the P78-2. However, the response of a spacecraft to electrical excitation

is highly configuration dependent. In extrapolating for the P75=2 sensor data to source

terms, it is important to have an accurate coupling model. Hence, maximum utilization

of this space data is dependent on completion of the P78-2 coupling model.

l0
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In principle, one can calculate the electromagnetic coupling produced by EID for

particular satellite configurations, predict the transients induced at critical points ano

compare them to upset thresholds. However, such an approach is bound to introduce

errors which are larger than the 6 dB margin. There are two principal reasons for this =

First) the necessary discharge source terms are not well known. This issue has been

reviewed in Section 6 of Reference 2. Second, experience gained in applying

conventional system modeling approaches such as SEMCAP or IEMCAP (Ref 7) indicate

that 20 dB uncertainties are not uncommon if experimental test data produced by well

characterized electrical sources are compared to prediction. Based on IF.T experience

in SGEMP coupling analysis of satellite structures, the analysis uncertainties are

comparable. For example) predictions were made by various groups of the response of

various components of the STARSAT, a DSCS=III model, exposed to the output of a

nuclear weapon in the Huron King UGT. It was found that the average discrepancy

between prediction and measured response was 12 dB (amplitude). The range of

discrepancies was from =12 dB to greater than +25 dB.

The third approach is also not practical for EID qualification. Many of the
Y

specified design practices which increase the electron induced discharge safety margins

(EIDSM) depend on electromechanical hardening rather than on specific circuit param-

eters. The former include structural, cable and box shielding and grounding. It is

desirable that any system test validate these design features. In any case, their

removal for testing is probably impractical.

In Table I) we have presented a summary of the generic test methods for satellite

EID qualification. The methods are arranged according to simulation fidelity :#ith a

test flight being best in this regard and box testing worst. Unfortunately) cost and risk

are directly correlated with fidelity. As we will discuss in more detail in this section,

no one technique best satisfies all the possible evaluation criteria. The radiation tests

rank highest in terms of simulation fidelity and confidence in the result. They also are

the most expensive and present the greatest technica! risks in performance and have

the greatest potential schedule impact.

At the other extreme, box and subsystem electrical testing is technically mature,

quite compatible with existing spacecraft design) development and test practice, and

presents a relatively low risk. Hgwever, given our present state of knowledge about

external EID efforts, the confidence that such tests inspire is reJatively low. This is

true for two reasons. First, specification of test levels, pulse amplitudes and

waveshapes depends on a coupling analysis. As we have pointed out above, our

I!
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knowledge of source terms and our ability to do an accurate coupling analysis oI a

system as complicated as a spacecraft is limited. This can lead to inclusion of extra

safety margins to cover analysis uncertainty with possible overdesign. Second, box and

subsystem testing is not a true system test. Design features such as shielding,

grounding and cable routing are not tested.

In between the two, stands global electrical testing. It is a true system test, can

be perlormed at threat levels (for some hardware configurations), simulates many of

the electromagnetic effects produced by excitation schemes and surface EID, and is

relatively compatible with present EMC test practices. The key issue here is providing

an optimum EID simulation. We feel that on balance, global electrical testing in

accordance with the procedure described in Section 3, is the optimum method for

performing EID system qualification testing, The rationale for this choice is (',eveloped

in the balance ol this chapter,

It is to be noted that the test procedures to be specified are designed to qualify

spacecraft against external surface EID. MIL=STD 1541 in its present version and near

term modification do not address the question of ECEMP, electron caused electromag-

netic pulse effects. ECEMP occurs as a consequence of the charging and discharging of

interior dielectrics; i.e.) cables and printed circuit boards by the penetrating, high

energy (>100 keV) component of the trapped electron population.

Relatively little is known about this phenomenon. The emphasis of the SCATHA

program has been on surface charging of spacecraft dielectrics in the magnetic

substorm environment. There is little direct evidence from flight behavior that natural

environment produced ECEMP is a serious problem. It has been nol_ed that a fraction of

the spacecraft anomalies associated with spacecralt charging did not occur during the

midnight-to-dawn quadrant of local time associated with substorm induced charging.

About 5 ol 19 SCI-$B EID transients on the P7g-2 occurred about 08 hours after a

substorm when the trapped electron belts would be pumped up (Ref 8). The GPS

spacecraft suffered at least one anomaly in which the solar energy power drive

mallunctioned which has been attributed to ECEMP (Ref 9).

Of much more potential significance are ECEMP effects associated with the

pumped up electron belts consequent to exoatmospheric nuclear explosions, Limited

ground tests (Refs 10,l 1) indicate that the Iluences associated with a saturated electron

belt can induce discharges in cable dielectrics and printed circuit boards, The problem

is more severe in some nuclear electron environments in that the charging environments

for some scenarios are one to two orders of magnitude more intense than those

12
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associated with the average natural env!ronment. As exoatmospheric nuclear testing

ended in 1962, when only a few, relatively poorly instrumented satellites were flying,

there is no published information about spacecraft nuclear ECI=MP induced anomalies.

A second area of potential concern are planetary environments. For example,

that associated with 3upiter presents a much more severe charging environment than
that associated with the earth.

On the other hand, it has been shown that the radiation conductivity induced by

the penetrating electron component can minimize or eliminate discharges in outer
surface dielectrics. (ReI 2).

Thus, the limited amount of evidence which presently exists indicates that

ECEMP is potentially a problem to USAF, NASA, and commercial spacecraft. How-

ever, it is premature to specify qualification procedures based on our limited knowledge

of the phenomenon. At any rate, it is likely that ECEMP will have to be dealt with a,

the component level with qualification through subsystem and box testing. When the

problem is better defined, it will properly be de._lt with in a future revision of the

section of MIL-STD 15#1 devoted to subsystem EID testing. Meanwhile, it is best

handled on a system by system basis as the operetional requir(ments and environments

to be evaluated are different for military, scientific and commercial spacecraft.

2.2 EVALUATION OF QUALIFICATION APPROACHES

2.2.10n-O_bit Testin8

Broadly speaking, the five test methods shown in Table 1 can be grouped into

three categories. These are:

1. Test in the real radiation environment.

2. Test in a simulation of the orbit appropriate ionizing and electromagnetic
radiation environment.

3. Test by reproducing the electrical responses evoked by the radiation environ-

ment. This may be further subdivided according to the level at which the

simulation is attempted: system, subsystem, or component,

The flight test falls into Category l, electron spraying tests in Category 2, and the

various electrical injection schemes into Category 3,

Clearly, the best test from the point of fidelity is the flight test of a qualification

spacecraft. This is actually an example of the second o_ the MIL-STD [541 system
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qualification test approaches; i.e., comparison of the real stressing environment to the

critical points E[DSM. This approac _ carries the highest potential risk, cost and

schedule impact because of the consequences of an on-orbit failure necessitating

redesign. However, it is compatible with existing procedures. [f in fact, the present

MIL-STD 154/ arc test is a gross undertest as indicated by the ground test data, then

actual vehicle qualification occurs on orbit. The burden is placed on careful

electromagnetic design. Similarly, the confidence level generated by flight experience

is also relatively high. Unfortunately, real spacecraft are not well instrumented to

record internal transient levels which may be quantitatively compared to upset

thresholds. Typically, if uncommanded changes of state occur, no information is

available on the size of the discharge which produced the electrical transient, whe_'e in

a subsystem the transient was generated, and how large was the negative safety margin.

Hence, little information is available to correct the design flaw. For this reason, and

because of the potentially large risks and cost involved, this approach is unacceptable

for spacecraft EID qualification.

2.2.2 Test in Simulated Radiation Environment

The second approach attempts to provide those elements of the electromagnetic

and ionizing radiation environments thought to be significant in producing discharges.

The satellite is exposed to these sources in a large vacuum tank and its responses

monitored. The elements of this environment for geosynchronous orbits are given in

Table 2. It is clear that as a minimum, such a radiation simulation must include the

electron component of the substorm plasma which is responsible for surface charging.

The principal determinant of the EID electromagnetic response is the btowoff of these

electrons and their subsequent motion in the electromagnetic fields whose sources are

the remaining charges embedded _.nthe dielectric, replacement charge induced in the

rest of the spacecraft structure, and the emitted electrons themselves, The other

components of the environment act to determine the equilibrium charging potentials on

: the spacecraft and, in a manner which is not really well understood, evidently limit the

magnitude of, or eliminate the occurrence of discharges. This issue has been reviewed
in Sections _ and 6 of Reference 2.

However, there are other aspects of the space environment whose simulation i._

also important for valid qualification testing. In space, the satellite is loosely coupled

to the surrounding plasma and trapped electron belt. Given the level of the charging

currents due to electrons, protons, UV (~ l na/cm 2 or less), differential charging of the
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Table 2. Components of GeosynchronousSpace Radiation Environment
Responsible for Charging

C_mponent Characteristics Effects Produced Comments

I. Solar 0.1_ w/cm 2 total flux. Visible, Photoemission (UV,x-ray), Photoemission controlled by
electro- IR like 6000°K blackbody. UV heatm 8 (visible, IR) surface properties

magnetic comprised ot discrete lines, of Photoconductwity (UV,
which H(Lya) is most important, visible)
superimposed on a continuum.

2. Natural Outer zone specified in AEI-7. Charle and dose deposition, Primary effects unspacecraft
trapped Energies ca. 0.1-_ MeV. In|e- secondary emission, back- dielectrics include enhancement

electron gral o_nldir_ctionat flux _catter, _emiconductor o| bulk charge leakage, charging
ca. l0 e/cm /s at geosynch- damage, leakage currents, o( internal dielectrics
ronOUSaltitudes currents, discharges

3. Magnetic Characterized by single or Charge and dose deposition _/eighted AveraRe Typical Environments
Substorm double Maxwellian secondary emission, back- ATS-_ ,_T$-6 v/orst Ca_

ProvisionaA__pec: scatter, )eakaKe currents, (10% Occurrence)

= 2cm ; discharges. Je(Pa/cm 2) 63 $7 277ne,i

Je = 0._ n&/cm 2, Te=10keV; Tie(keY) 1.8 2.3

3 i = 18paJcm 2, Te =20keV. T2e(keV) 3.3 _._

]Ii(pa/cm2) _" ! 2.3 7.6

Tli(keV) _.6 ;'.9

T2 i(keV) &.7 16.3

_. Nuclear Fission electron si_,H:trum. Charge _ dose deposition, Same _ item 3, but charKing
trapped Integral fluxe_ secondary emission, back- rates are taster because o! _"

electron ca. 109 e/cm 2, s (minutes), scatter, semiconductor higl_er fluxes
damage, leakage currents,

ca. 7 x |07 e/cm 20 s (|ong term) discharges

spacecraft occurs essentially as a DC process. However, when a discharge occurs, it

happens in a short time (less than a few microseconds) compared to charging times

(upwards of I second to hours). Thus, the spacecraft is essentially electrically isolated

from the surrounding environment during a discharge. Such isolation is especially

important in limiting and controlling the trajectories of the emitted bJowoff electrons.

Ground testing clearly shows that for an isolated spacecraft, nearly all of the emitted

charge is returned to the spacecraft (Refs 2,_), although this charge can travel over

distances comparable _o a spacecraft dimension before returning to the str_Jcture.

Thus, it is important to electromagneticaliy isolate the spacecraft during a discharge.

This can be done most conveniently by dielectricaliy isolating the spacecraft from the

tank by the use of a nonconducting pedestal or support straps. During charging, the

model will rise to a net negative potential relative to tank ground. Another manner in

which isolation can be accomplished is to ground the structure to the tank through a

resistor string capable of withstanding potential differences which approach the

accelerating potential of the electron guns. The magnitude o! such resistances are

typically l0 _ to [06 ohms, which when combined with the capacitance between
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spacecraft and vacuum tank (ca. [00 pF) give RC time constants of 10-[00 ps, long

compared to the observed discharge pulse widths (ca. l ps) for meter sized dielectrics.

In order to maintain electrical isolation of the spacecraft during testing it is

important to eliminate stray coupling paths. This must be done for real satellites by

monitoring the performance through on-board telemetry or through the use of special

sensors whose output is patched into the telemetry or brought out via dielectric data

links (fiber optic or microwave). The spacecraft must also be operated on batter)'

during the testing. If the tests are performed in a typical spacecraft thermal vacuum

chamber which contains blackened cold walls to simulate the heat sink of deep space,

then provision must be made to maintain the proper thermal environment for the

spacecraft.

In many ways, a simulated environment tank test of the spacecraft qualification

model is technically the most attractive approach. Clearly, it would be a true system

test. The excitation mechanism, EID, is the same as that in the space environment.

The stress would be applied at the same points; i.e., external dielectrics which are

discharge loci so that one could hope to achieve a reasonably faithful excitation of the

electromagnetic energy points of entry (POE's). A major unresolved problem is that it

is clearly costly and in some cases beyond the state of the art to provide a high fidelity

simulation of the space environment. To simulate the components of the space

environment, one might include:

I. 0-30 keV electrons (1 na/cm 2)

2. High energy (hundreds of keY) electrons with energies sufficient to penetrate

the satellite surface (1 = 50 pa/cm 2)

3. Vacuum UV to produce photoemission

_. UV/Visible

5. Ions.

In addition, it is desirable to simulate the isotropy or lack of same Ior the individual

sources. One technical problem makes performance of a simulation fidelity/cost

tradeoff difficult. No clear correlation between discharge characteristics for the space

environment and those for _round testing under various simulations has been estab-

lished. To date, simulation fidelity has been driven |argely by cost considerations.

A second set of problems to be faced are those involved in handling the

spacecraft, ensuring its safe operation in the tank under test conditions, and providing

for power, housekeeping telemetry and special sensor outputs while maintaining thermal

balance and dielectric isolation. A sufficiently large vacuum tank with cold walls and

15
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possibly solar simulators or other heat sources must be available for a test of a fully

powered system. Most spacecraft manufacturers have vacuum tanks which are large

enough to handle at least satellite center bodies for required thermal vac testing. It

may be more difficult to find a tank large enough to handle a fully deployed satellite

with solar panels while providing adequate room for source illumination. No existing

facility is presently instrumented to perform such tests.

Care must be taken to maintain the thermal balance in the spacecraft. In order

to satisfactorily operate the electron and ion sources tank pressure must be sufficiently

low (< 10-_T). Pumpdown and maintenance of such low pressures in large vacuum tanks

typically requires the use of cold walls. Such blackened cold walls also serve as sinks

for the radiatitive transfer of heat generated by spacecraft electronics. The system

thermal balance must be carefully controlled so that external components such as the

solar panels and antennae are not cooled below low temperature limits, while the

electronic components are kept below upper operating temperatures. A study per-

formed by TRW which addressed the feasibility of performing an SGEMP test on

FLTSATCOM in a large vacuum tank under similar operating environments, indicates

that a proper thermal environment can be maintained (Ref 12).

The requirement that the spacecraft be isolated from the tank during discharge

imposes stringent requirements on power and data transmission. During radiation

testing, spacecraft power would have to be provided by battery. Because the pumpdown

and warmup times in large vacuum tanks are long compared to the times that satellites

are typically in eclipse, provision must be made to provide power through a retractable

umbilical. Monitoring of satellite functional and special response data would have to be

performed with the RF telemetry system and with specially provided dielectric data

links. It does not seem feasible to use the ferrite isolation techniques employed for

SGEMP testing (Ref. [3) if the results of ground test data which imply that EID pulse

widths are much wider (hundreds of nanoseconds to microseconds) that those associated

with SGEMP (less than 100 ns) hold for space electron-induced discharges. To minimize

reflection of electromagnetic radiation produced by the discharge from the tank walts_

an electromagnetic damper coaxial with the tank's inner surface should be provided.

The number of system radiation tests performed on satellites or satellite-like

models has been extremely limited. Table 3 describes a representative set of tests. In

that table, only the STARSAT test conducted in 1980 and the recently concluded

FLTSATCOM tests are comparable in comprehensiveness to what might be involved in

performing a system EID satellite qualification test in the simulated radiation environ-

19

................................................. 1983003867-024



ORIGINP,t- P"_'': _')
OF pOOR Q_,'_L1.'T"¢

A
.J

_ - .., _ <
,..,.,<'_ _< .._ < < ., >_

2O

1983003867-025



ment. A number of issues in regard to instrumentation, provision of power, data

recording, and ensuring satellite safety must be solved. Some of these have been

addressed in a program whose objective was the planning of a proposer' Satellite X-ray

Test Facility (SXTF) (Ref. 19). This proposed facility was designed to qualify

spacecraft against SGEMP. The facility design provided for a spacecraft charging test

capability. However, it does not appear likely that such a facility in which both SGEMP

and spacecraft chargin qualification tests could be performed will be constructed in tt :

near future. Thus, on the basis of technical uncertainty, limited test experience,

possible spacecraft damage, this qualification approach is one of high risk.

The potential cost of such a test is also high. Up front, one would have to provide

the radiation sources, data links and satellite handling equipment and integrate them

into a particular test facility. It is hard to quantify these costs because no prior

experience is available to draw upon. However, as part of the SXTF program) TRW

estimated that the cost for an SGEMP system test of one month duration at an external

facility might run as high as $2.3M (in 1980 dollars) (Ref 20). Such a test is probably

more complicated to execute than one for EID. However, the cost breakdown provided

indicates that actual test conduct (at $[I.QK per day) is only about 15 percent of the

total cost. More than half of the total cost is due to shipping, equipment preparation,

setup, inst_llation and checkout of spacecraft and AGE at the test facility and a repeat

of this process at the manufacturer's facility after test. Not included in this cost

estimate is the extra analysis and component testing likely to be performed by the

manufacturer to ensure satisfactory performance during the test. Also not included is

the cost of test fixtures, adapters and equipment unique to the performance of the test.

Such a test would also have a considerable program schedule impact because of

the need for pre and postradiation testing functional checkout, shipping, test planning

and analysis. These activities, would be made more difficult because many of the

aspects of test conduct are not compatible with presently conducted electrical or

thermal vac tests. Thus, there would be time delays associated wtth developing,

learning) and validating nonstandard test procedures.

On balance, a qualification test based on exciting a spacecraft with a simulation

of the charged particle environment is fea-ible. Given the present state of the art such

testing would present high technical risk, cost ._ndschedule impact and is not likely to

be looked on with favor by either manufacturers o, System Program Offices (SPO's).
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2.2.3 Global Electrical Testing

The essence of this technique is to reproduce the electromagnetic responses

evoked by the discharge. One may directly simulate the emission ol electrons produced

by blowoff in EID or generated by X-ray induced photoelectron emission in SGEMP with

the capacitivedirectdrivetechnique(CD[). It may alsobe done by a directcurrent

injectionin a manner which mimics the replacement currents which flow on the

satellite surface. The role of electrical testing in SGEMP hardening is discussed in

References 22 and 23.

The objective is to reproduce as faithfully as possible the external electromag-

netic environment around the POC's. An a!:ernative approach is to in}ect directly it, to

cab;es or pins current pulses which are similar to those produced by the coupling of

external electromagnetic fields into the interior of the spacecraft.

Typically, simulation fidelity for global excitation is measured by how well the

field (_'t), related to surface currents, and the normal displacementtangential magnetic

fiei(l (_n), related to surface charge density, are reproduced as a function of time over
the surface of the spacecraft. These fields represent the response of the object to the

exciting discharge. They are, in a sense, the electromagnetic boundary conditions _or

the fields generated by electron emission through the following equations:

_xE:0
A --4, --did

nxH=K,

A

n • E =(7/Eo, (I)

for ideal conductors. K" is the induced surface current density in amps/m, cr is the

surf.ace charge density (C/m 2) and _ is a unit vector normal to the satellite surface. It

is to be noted that K most clearly corresponds to the concept of replacement current,

typically used to evaluate the simulation fidelity of global electrical excitation

schemes. However, there are cases where the normal electric fields are mor_

important in coupling energy into POE's.

In order to evaluate various simulation approaches, it is useful to briefly

summarize the existing data base. These serve as a baseline for the eva_uatiun of

proposed practical electrical injection schemes. The bulk of _he EID coupl,ng data for

satellite like objects has been obtained in two simulated environment tests of right

circular cylinders, covered on one end with a dielectric, described in References 2 and

_. For the latter series of tests, data was also obtained for two reer_trant geometries
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attached to the cylinder. One was a small solar array panel mounted on a boom

attached to the end of the cylinder. The second was a mesh antenna mounted oll the

end of the cylinder facing the elecron sources, In addition, some information on the

external e!ectromagnetic fields produced by discharges is presented in Reference 21.

Unlortunately, the P78-2 is not well instrumented to provide a direct measure of-K(_,t)

and _(_,t) for discharges produced on surface dielectrics by the space charging

environment. ,All but one of the transient monitoring sensors are separated :tom the

exterior surface by one or more conducting interfaces. Interpretation o[ the transient

data is made difficult because the coupling between the surface electromagnetic fields

and the transient sensors depends not only on the specific geometry but also on the

discharge location. Electrical testing of the SCATSAT (Re[ 3) has shown that the

transfer function which couples discharges produced at various dielectric surfaces on

the satellite into a particular internal sensor can vary by factors of 10 or more. Thus,

it ts difficult to infer discharge amplitudes from these sensors.

The EID coupling data has been discussed in Reference 2 and will only be reviewed

here. There are two key issues: what is the nature of the discharge driver; what are

the responses produced. Based on the ground test data the following picture has

emerged.

I. When a dielectric is irradiated by nonpenetrating electrons (those whose

range is less than the dielectric thickness, the material will reach charge

equilibrium or will breakdown at a threshold voltage VB. Experimental

evidence indicates that VB depends on m_.terial, geometric configuratio.'_,

especially the location of ground planes ar J ,.dges, and the charging environ-

ment in a manner which is not well understood.

2. Should discharge occur, a fraction of the embedded electron charge is blown

out the front surface of the dielectric, and a fraction may flashover to a

conducting edge or substrate.

I. In nearly every case studied, the predominant generator o! electromagnetic

e(fects,replacement currents and surface charge, is the blowoff electrons.

The primary eflect of (Iashover and punchthrough are to decr¢c,se the

dielectricsurface potentialrelative to the conducting frame of the space-

craft. Based on electricaltesting reported m Reference 3, in which the

effect of blowoff was simulated with the capacitive direct drive technique

described below, the blowoff component of the discharge also produces the
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largest internal wire responses in most cases. One exception to this

observation is that strong coupling can occur when a punchthrough or

flashover discharge occurs in close proximity to the wire into which energy is

coupled.

@. The emitted electrons move in the electromagnetic fields whose sources are

electrons trapped in the dielectric, structural replacement currents and

charge and other emitted electrons.

.5. The electrical isolation of the spacecraft during discharge leads to space-

charge limiting of emission for discharges occuring in all but the smallest

area dielectrics. Most of the blown-off electrons return to the structure

although they may travel over distances comparable to a spacecraft dimen-

sion before doing so.

6. Based on ground testing of edge grounded planar samples, a series of scaling

laws have been developed which relate dielectric area to charge removed in a

discharge (Qp), peak blowoff current (Ip) and discharge pulse width (l"p).
These laws are

Qp_ A,

I o_A I/2
p

A 1/2 (2)
TpOC

The scaling laws [or particular dielectrics were derived primarily by measur-

ing the response o[ circular, edge grounded samples exposed to electron

beams of energies of ca. 20 keY, and include fluxes of />1 na/cm 2 and are

summarized in Table @. As the data presented in Reference 2 shows, the

response of individual samples display fluctuations of an order of magnitude

or more about the mean depending on sample configuration and exposure

conditions.

7. The implication to be drawn from the ground tests are that EID in large

dielectric structures can involve peak currents of hundreds of amps and pulse

widths of the order of l _sec or greater. Such pulses are much greater in

pulse width and ampli)',de than the MIL-STD 1541 arc. A key unresolved

issue is whether similarly large discharges occur in spacecraft dielectrics

exposed to the actual space environment. As we have pointed out in
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Table _. Summary of Discharge Scaling Laws

n

lp(amps)=KiA(crn2) nl _'p(n$)-Kl_A(crn2) np Qp(MC)=K_,A(cm 2) Q

Material K i nI Kp , np . KC_ n_ .,

Teflona I0 0.58 16.5 _._8 O.I8 I.06

Kaptona 5.6 0.51 21.9 0.59 0.15 I.O0
Mylar a 10 0.59 18.2 O.q.6 0.21 1.05
Fused Silica b O.81 O.6

aFrom Reference 2_.

bFro,n Re_erence 2.

Reference 2, most of the elements of that environment typically not included

in ground simulations such as distributed low-energy and high-energy

(penetrating) electrons, ions and vacuum UV tend to diminish or even

eliminate discharging in most surface dielectric structures tested to date.

8. The discharge-induced response o_ simple CAN-like objects is reasonably well

understood and therefore an electrical simulation can be developed with

reasonable confidence in its fidelity. The observed surface replacement
,r

currents are comparable in magnitude and pulse width (although narrower and

lower in amplitude) to those of the exciting pulse. The CAN is a nonresonant

low-Q object. The body modes of this object which have resonant

frequencies >--70MHz are only weakly excited. However, the important case

is a highly resonant satellite containing booms, solar panels, and antennae.

As these objects typically hove resonant modes above 20 MHz, they too may

only be weakly excited by the relatively low frequency content of the large

amplitude discharges. The experimental data can be reproduced in a model in

which the response of the object is generated by the self-consistent motion of

blowoff electrons in external electromagnetic fields. A worst case occurs for

the test object grounded to the surrounding environment (plasma or tank).

Here, the surface replacement currents generated can be taken to be

identical to the blowoff discharge current pulse,

9. There are significant gaps in our knowledge of the details of the discharge

emission process in terms of emission energy distribution, spatial distribution,

plasma effects, and configuration effects which make it difficult to predict

the response of a typical spacecraft configuration to an arbitrary EID

excitation. There is little ground test da%a for realistic spacecraft struc-

tures, i.e., those with booms, antennae, solar array panels, etc., on which to
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develop a more accurate model. Attempts to reproduce the observed EID
.i

responses for a structural model with reentrant geometries such as antennae)

have required ad hoc assumptions about the emission characteristics of the

discharge which are not consistent with those made to model the response of

more simple structures, Both the electron spraying experiments reported in

Reference 4 and the electrical testing of the SCATSAT reported in Refer-

ence 5 demonstrate in a quantitative manner how the addition of such

reentrant geometries alters the basic body response.

10. This gap in our knowledge has two implications for the development of

validated electrical test procedures for the EID qualification of spacecraft.

First) a lack of valid discharge models makes it difficult to predict discharge

thresholds for specific material and geometry configurations. One must

depend on poorly validated empirical scaling laws to predict the magnitude of

the discharge drivers which determine the F ID responses. Second) there is a

lack of both a validated coupling model and a detailed experimental data base

by which we can estimate K'(_')t) and o (_,t) on realistic spacecraft structures '

as a basis for development of a comprehensive set of test techniques. Yet

this is the real case of interest.

However) on the basis of electrical and electron spraying tests performed to da_e the

following seems clear =

1. The present MIL-STD 154! arc is a poor simulation of the effects produced

by blcNoff as measured by the amplitudes, pulse widths and distribution of

the surface replacement currents generated and the magl_itude of the

internal wire responses evoked. The existing test data indicates that the

surface current pulse widths are much too narrow (50 ns or less versus 0.1-

5 s for EID) and the amplitude of the replacement currents generated are

two orders of magnitude too low, except possibly close to the exciting arc.

Similarly) the SCATSAT electrical test data indicates that the amplitude of

the internal wire responses evoked by a capacitative direct drive excitation

(CDI) simulation of blowoff are typically much larger per amp of drive

current than those evoked by a MIL-STD 15_1 arc, though the difference

observed is smaller than those found for surface currents. It is to be noted

that this finding remains to be validated by electron spraying of a complex

satellite=like object (or real satellite) containing realistic stru_:tural
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i shielding, cable bundles and electronic box layout.

2. In principle, CDI provides a better simulation of the surface current patterns

produced by a blowoff discharge in a simple symmetric object. The

implications of the electrical testing of the SCATSAT reported in Refer-

ence 3 are that CDI also produces more valid internal cable responses.

Whether it is possible to develop a practical implementation of the CD!

technique which gives proper pulse widths and current amplitudes or whether

some other technique such as direct injection will be examined in Section 2.3.

For a more detailed discussion of these points the reader is referred to References 2

through 5 and Reference I0.

One may summarize the relative advantages of a global system electrical test.

First, if conducted at a high level, it is a true system test which can test the validity ol

all of the design features including structural, cable and box shielding, and current

interface protection. The simulation fidelity of a high level test is only fair with the

available practical test techniques for global simulation, but can be good around

particular local POE's. However, these tests provide a better simulation of EID

electromagnetic responses than any of the presently utilized approaches. The technical

risk involved in such testing is that the specific procedure has not been tried on

satellite models or real satellites. However, similar electrical tests have been

performed successfully for SGEMP qualification. A key test issue is the need for high

voltase pulsers (_50 kV), capable of being operated in a mode in which they are isolated

from ground, and the need for isolated data links. Both of these are required because

the interaction between the satellite and the external environment must be minimized.

However, suitable pulsers and data links exist. These electrical tests are relatively

compatible with standard EMC testing. One possible difference is the requirement to

dielectrically isolate the spacecraft. This means that the spacecraft must be run on

battery power, and that the AGE must be disconnected from the S/C during tests. Data

must be taken with special dielectric isolated sensors and data links and through the

S/C telemetry system. Because these tests are purely electrical, they can be

performed as part of the manufacturers EMC testing with relatively moderate cost ano

schedule impact. In addition to the costs and time devoted to the actual test, some

effort will have to be devoted to developing a pulser, data links, and a test stand.

Given the progress in the development of test hardware of this type, it is likely that by
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the time the test standard is implemented, suitable pulsers and data links will be

available commercially.

2.2.# Subsystem and Component Tes_

Two additional methods of performing qualification testing are by electrical

excitation of complete subsystems comprising several functional units or "boxes"

connected together by their cabling and by the test of individual boxes. In box testing

one may drive all of the box pins simultaneously) or one by one.

The idea behind the use of box testing as a qualification technique is the

following. Surface electron discharges generate electromagnetic fields. These fields

enter the _nterior of the spacecraft through POE's where they can couple into wires in

the cable bundles and into the boxes themselves. For well shielded boxes) the primary

metho_ _f coupling is into cables and connectors. This is somewhat different than the

case for SGEMP where the exciting x rays penetrate the interior of the spacecraft,

generate inter)-al fields through x-ray-induced photoemission (Internal Electromagnetic

Pulse Effect or IEMP) which can then couple into cables or boxes. The x rays can also

directly inject charge into cables or electronics. In this sense, ECEMP is a similar

effect in that it is due to the direct injection of the penetrating high energy electrons

with cable dielectrics or printed circuit boards.

The idea behind subsystem and component testing is that one directly excites the

vulnerable elements, the cables leading to interface circuits and the interface circuits

themselves.

To perform box and component testing the following steps must be taken:

1. Discharge source terms must be developed for possible points of excitation,

This may be done by analysis) by using the guide given in Sections 3.5 and 3.6

or by testing of sample panels.

2. A model must be developed which predicts the response of *,he spacecraft to

the EID and provides the external electromagnetics field environment. This

may be done either analytically using a lumped element approach with an

SGEMP code, or with an EMC code such as IEMCAP.

3. The signals generated on individual wires must be calculated based on the

predicted internal EM environment. One means of performing this analysis is

by modeling the cable bundles and wires in terms of lumped-element trans-

mission lines and solving with a network analysis code such as TRAC. It may
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be possible to combine the modeling effort of Steps 2 and 3. Alternatively,

electrical transfer functions which relate wire responses to external excita-

tions may be determined experimentally.

4. Based on the cable and pin specs computed in Step 3, current injection

techniques (waveshapes, levels, phasing) must be developed to produce the

correct signal levels including the necessary 6 dB overstress. Note that any

analysis uncertainties must be taken into account. Thus, if an analysis

approach has an uncertainty of _+12 dB, critical test points must be driven by

Ig dB above the estimated internal environment.

5. Pulsers to provide the necessary drive levels must be designed and construc-

ted or procured.

Subsystem or functional electrical testing is on its face a very attractive method

of verifying survivability. Such electrical testing is now routinely performed to demon-

strate the SGEMP hardness of satellite electronics. Its major advantages include"

I. Functional simplicity ,

2. Comparability with other subsystem electrical testing

3, Can be an engineering development test so that design faults in components

may be detected and corrected before the entire system is assembled.

4. Critical electrical test points are stressed directly with known signals.

There are several major disadvantages inherent in depending on subsystem tests for

system qualification. Two of these are inherent and two relate to the technical

immaturity of the state of our knowledge about internal EID effects. The major

technicaldeficienciesinclude'.

I. Subsystem and component testingdoes not test those electromechanical

designfeaturessuch as box, cable and °+ructuraJshielding,box and cable

placement,and cableroutingwhich are a=,i)portantpartof electromagnetic

hardening.

2. Subsystem, and, more importantly, box testing may not show upsets which

depend on the interaction of the system as a whole.

The difliculties relating to our state of knowledge about EID coupling include;

I. There is little direct data on the kinds of interior wire responses produced by

EID. While there is a growing but still small transient data base for the
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P78-2, there are two problems in evaluating this data. First, the satellite has

only one sensor (the SCI-# dipole) which can provide information about the

nature of the discharges or the external transient surface electromagnetic

fields generated. Thus the space environment d_.scharge sources are not well

characterized. The transient response produced on interior circuitry depends

on the details of the satellite electromagnetic configuration. A detailed

coupling model has not been prepared for the P78-2 to permit maximum use

of this data.

2. These are inherent and potentially large uncertainties inherent in the

coupling analysis of systems as complicated as a spacecraft. These uncer-

tainties are related to the fact that relatively complicated systems are

modeled with relatively simple coupling models. The dependence on such

analysis increases the error budget associated with determining EID safety

margins. This requires testing and design to survive levels of stress higher

than actually necessary, Specific subsystem test approaches are presented in
v

References 23, 25, and 26.

Thus) while subsystem and box testing is an alternative method of ensuring system

compliance, it does not provide a true unambiguous system test.

2.3 REVIEW OF GLOBAL ELECTRICAL EXCITATION TECHNIQUES

2.3.1 Introduction

The objective of this section is to defi,_e a practical electrical injection technique

which can provide a valid worst case electrical stress of a satellite to simulate the

effects of electron induced discharge. To arrive at the optimum test methodology, a

variety of previous test techniques and test results were reviewed. These included EID

simulation tests as well as SGEMP current injection methods and tests.

From the above, the basic test options available for EID simulation are extracted.

Their relative advantages and disadvantages are characterized. This calculation has

used the limited quantitative data base for the EID response of satellite objects, based

on the ground test data presented in References 2 and 4, and the electrical test data of

Reference 5 and summarized in the preceding section. These data provide a worst case

based on the amplitude, pulse widths and spatial distributions of the surface currents

generated by EID. The output of the feasibility calculations described below have

yielded test methodologies described in Section 3 which, it is felt, will provide the best
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tradeoff between known response characteristics and practical test techniques. We

must reiterate that the existing data base on which the test procedures have been

generated is extremely limited and should be extended by measuring the response of

highly resonant satellite structures with reentrant geometries and by quantitatively

comparing the P75-2 and SCATSAT EID and electrical testing responses.

2.3.2 Comparison with SGEMP

In an attempt to extend the available data base it is valuable to review some of

the testin_ performed to simulate system generated electromagnetic pulse (SGEMP)

effects in satellites. This testing has been used to simulate the replacement currents

and charges induced on a satellite surface when the X-ray pulse created consequent to

the exoatmospheric detonation of a nuclear weapon interacts with the satellite to cause

the expulsion of electrons from its surface. This process is similar in many ways to EID

coupling because in both cases the electromagnetic driver is the electrons emitted from

satellite surfaces that subsequently move in the fields whose sources are replacement

charge induced in the satellite structure and the other emitted charge. In the case of

EID, the satellite dielectric may be initially charged and these embedded charges

themselves also serve as a source for the accelerating fields. Of course, prechargin_ by

space electrons may also aff_:t SGEMP photoelectron motion.

However, there are significant differences in the electron emission characteris-

tics for SGEMP and EID which bear on attempts to develop an electrical simulation.

These differences are summarized in Table 7. It is to be noted that in both cases

spacecharge limiting can occur to diminish charge emission amplitudes and pulse

widths. One of the more significant differences is that the pu.lse widths character}stic

of SGEMP are less than 100 ns, while ground tests imply that those associated with EID

are upward of 100 ns to microseconds for discharges occuring on dielectrics of sizes

typical of that found on spacecraft. A second major difference is in the rate of rise of

the exciting pulses. For EID, these are typically of the order of 108 A/s. For SGEMP,

rates of rise are typically two orders of magnitude higher.

The basic methods of response testing for both SGEMP and EID fall into the five

categories described earlier in this chapter. Several of the tests described in Table 3

were phenomenology tests to study the SGEMP response of satellites and satellite

models. A great deal of work has been carried out to evaluate and define electrical

simulation techniques for SGEMP structural current excitation. A theoretical evalua-

tion of the fidelity of various approaches to electrically simulate SGFMP replacement

3I
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Table 5. Comparison Between SGEMP and EID

EID SGEMP

I. Exciting Source Electrostatic Discharge X-ray photoelectron emission

2. Approximate Scaling
Laws for Emission

l
i a. Emitted Charge Qp o, A Qp oE #, incident X-ray fluence

(17_ l_C for lm 2 SiO2) (~l._ /_C for I cal/m 2, 2 keY

i BE incident on SiO2)

b. Peak Emitted Current lp A 1/2 lpOL Qp/_'x' where Tx is X-ray pulse width

(200A for [ m 2 SiO2) Ip = l_00A for 10 ns pulse

c. Emission Pulse _l/idth _-p oc A 1/2 _pC,1"x <0.1 _s.

3. Electron emission
Characteristics

a. Energy Distribution Unknown (E< 10 eV?) Ba,:kemission: n (E) _ • "E/_ where
_ kBT , X-ray blackbody temperature

b. Angular Distribution Unknown (Isotropic?) Backemission: n(e) o_Cos e, where e ismeasured relative to surface normal

c. Other features Plasma evidently emitted along
with blowoff electrons

_. Parametric dependence Materia_ Material
Geometry (location of ground planes X-ray spectrum

& grounded edges) Fluence
Char gin_i environment Flux
Flux

currents is given in References 27 through 29. Because it was realized that in many

ways EID is simiiar to SCEMP, it was natural to modify and utilize as many of the

analyses and test techniques developed for the latter in this program. For example, the

CDI technique was developed to simulate the spacecharge limited emission and

subsequent motion of X-ray generated photoelectrons. As we have shown in Refer-

ence 2, CDI in principle also simulates reasonably well the surface currents generated

in an isolated satellite driven by the biowoff of electrons. The difficulty, as we shall

see, lies in development of a practical CDI excitation scheme capable of producing the

required pulse widths and amplitudes.

As a background, it is useful to review briefly some of the recent SGEMP and ElF)

electrical tests which have been conducted on satellites and satellite models. All of the

schemes which have been employed to globally excite spacecraft or spacecraft models

fall into two basic categories. In the first, the discharge pulse is capacitiveiy coupled

into the test object. In the second, current is directly driven onto the bcdy of the

satellite (direct drive) through one or more conductors. Current is returned to the

common ground plane either through the capacitative coupling between the test object
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and that plane or by a direct conducting path. Generally, the pulser is based on

charging a capacitor which is rapidly switched into the coupling network. Pulse shaping

is determined not only by the charging switch but also by the electrical characteristics

of the coupling network and the test object.

There is a third category of electrical excitation produced by coupling electro-

magnetic fields onto the object. One example of this is exposure to a plane wave.

More relevant is the MIL-STD 1741 tes!: in which the satellite is excited by the arc

generated electromagnetic fields. Such excitation in both cases produces a relatively

poor simulation of the electromagnetic fields induced on the satellite surface by either

EID or x-ray-induced electron emission Reference 28.

The conclusion of these SGEMP related model studies is that it is very difficult) if

not impossible, to reproduce Ht and Dn everywhere on the satellite surface using a local

excitation. It is possible to reproduce some aspects of these fields reasonably

accurately over limited areas of the satellite surface. The choice of which simulation

approach to take then depends on which aspect of the electrical response is important

in determining coupling into particular POE's (Ref 30). For example, the data presented

in Tables l0 and 11 of Reference 2 indicate that a capacitative discharge excitation of

the dielectric covered surface of the CAN with a pulse shape and amplitude similar to

that for the blowoff discharge reproduces the surface current pattern reasonably well

(factor of 2 or better in amplitude) at points away from the drive wire provided that

one adjusts the drive plate to CAN distance to approximate that over which the blowoff

electrons travel before returning to the CAN. A similar resu;t applies for the

simulation of the SGEMP excitation of a satellite center body. Less well simulated in

the lattercase are the body E fields. In both the E[D case, and for SGEMP the
,-eD

tangential H fields will be much too large while the normal E field will be too small

near the drive wire. The reason that the CDI injection with a pulser isolated Irom

external ground provides a good simulation of the tangential magnetic fields is that this

electric injection technique provides a reasonable simulation of the exciting process,

which is a combination of electron emission and the displacement current created by

the transfer of charge from the satellite surface to the electron cloud; i.e., the surface

currents generated and the charge density on the emitting surface both have the

correct polarity.

For other cases, such as field penetration into small apertures, it may be more

important to simulate the normal electric fields at the aperture to obtain the best

simulation o( coupling to the interior of the spacecraft.
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Clearly, considerably more work is required in both the areas of testing and

modeling of both EID and electrical injection responses invoked in a variety of satellite

geometries containing representative POE's. The approach taken here is that the

limited data base available indicates that it is important to best simulate th(.

electromagnetic response evoked by the blowoff of electrons and that the present

MIL-STD 1541 are a poor simulation of this.

2.3.3 Representative Current Injection Tests

To assess the current state of the ar'c in the global electrical testing of satellites

it is useful to look at some of the recent tests performed. We have taken examples

from three programs. An extensive series of electrical testing was performed on the

STARSAT, a simplified version o£ the DSCS-[II satellite as part of the program which

culminated in the Huron King UGT described in References 13 and 30 through 32. Also

briefly reviewed are the electrical excitations of the SCATSAT and CAN designed to

simulate EID blowofI with the CDI techniques (Refs 2,5). As an example of a system

electrical test designed to qualify a spacecraft against EID, the Voyager tests are

described in References 7 and 33. In the discussion which follows, each test setup has

been modeled using the basic circuit shown in Figure I. In some cases, complete test

reports were not available and as a result, some pertinent test parameter values are not

known.

General Electric performed CDI testing on the STARSAT satellite mockuo while

it was installed in the vacuum tank used in the Huron King Underground Test

(Refs 13,32). The basic _-xcitation was produced by discharging a capacitor or,to the

south solar array paddle through a low impedance current path. The pulse generator

was capacitively coupled to the test object, and the test object was capacitiveiy

coupled to the ground of the pulse generator. Figure 2 shows the basic test setup, the

equivalent electrical circuit, and pertinent test information. The noteworthy points for

this case are:

I. The injected current waveform was determined by the interaction of the

pulse generator electrical parameters and the equivalent _lectrical param-

eters of the test object.

2. To drive threat level currents onto the solar array, a low impedance coupling

path was necessary. This changed the ringing frequency of the STARSAT

3_
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ORIGINALpAQE l$
01: poOR QUALt'TY

--I
R¢ I L R I Ls Rs

Cc I _ I JlI i
-C L............. ._

OBJECTUNDERTEST _ Cs

L

7 7
CAPACITIVEDISCHARGE

PULSE GENERATOR

RT-20911

ADJUSTABLECIRCUITPARAMETERS

V • ADJUSTABLECHARGINGVOLTAGE
0

R • CHARGINGRESISTOR
C

C • DRIVE CAPACITOR

L = ADDED INDUCTANCEFOR WAVESHAPING

R • ADDED RESISTANCEFOR WAVESHAPING

Cc = CAPACITIVECOUPLINGBETWEENPULSEGENERATORAND TEST OBJECT

Ls • rJOMINALINDUCTANCEOF TEST OBJECT

Rs - NOMINALRESISTANCEOFTEST OBJECT

Cs • CAPACITANCEBETWEENTEST OBJECT AND PULSE GENERATORGROUND

I • BODY CURRENTOF TEST OBJECT WHICH IS CHARGINGCURRENTFOR Cs

rOR DIRECTDRIVE,Cc AND Cs ARE REMOVEDFROM CIRCUIT.

RT-20911-I

Figure I. General dischargeinjection model

mode of response excited from 1/2 wavelength or about 19 MHz for the 7.9 M

(tip to tip) long satellite to l/t) wavelength or about 10 MHz.

3. Isolation of the spacecraft structure during the pulse (except for capacitive

coupling between the S/C and tank) was provided by loading the boom through

which signal cables were run with ferrite chokes.

_. A direct injection test was performed on DSCS-III in which a 10-ns rise-time,

_0-ns wide, 300-A peak/peak pulse was driven between points A and B in the

figure, which was viewed as both an ESD and SGEMP qualification test. No

telemetry upsets or state changes were observed or damage detected.

3AYCOR (Ref 30) performed several subthreat level electrical tests on the

STARSAT to exci:, various POE's. Two of the test configurations are shown in

3_
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ORIGINAL r_AC_EiS
OF POOR n_,_ R-Y

1 A

Rc: CHARGINGRESISTOR

C: DRIVEcouPLINGCAPACITOR,cAPACITANcE,UNKNOWNuNKNowNVALUE

Vo R: DAMPINGRESISTOR.501_

a. BASIC TEST SETUP Co:
VALUE

C's: EQUIVALENTCAPACITANCETO
GROUNDCsl + Cs2, _15U pfR

c R L L: TEST OBJECTINDUCTANCE,

Vo C's

b. SIhPLIFIEDEQUIVALENTELECTRICALCIRCUIT

TYPE OF TEST: CAPACITIVEDISCHARGEWITH CAPAC,TIVECOUPLING

CHARGEVOLTAGE,Vo: (25 kV, EXACT VALUE UNKNOWN
PEAK CURRENTDRIVEN: 137 A, ZERO TO PEAK

WAVEFORM: DAMPEDSINIISOID,350 ns LO_'IC,,rr _In ns, RINGINGFREQUENCYPREDICTED
TO BE 10 M_z

INSTRU_4ENTATION:HARDWIREWITHFERRITECORES FOR LI_IITEDISOLATION,S/C TP_ETRY

OTHER INFORHATION:UGT TANK HAD ELECTROMAGNETICDAMPER. ELECTR(sNICSACTIVEDURIrIGTEST.

RT-21031

Figure 2. Setup for General Electric test o! STARSAT in the Huron King undergroundTest tank

Figures 3 and _. In the first, the intent was to selectively excite a solar pane! and

preferentially drive the so.ar array power line penetration into the center body which is

the major POE on the STARS/iT. To decouple the pulses from t_e test object to excite

the natural body resonance, a ! k_ isolation resistor was inserted in series with the

output of the pulser. This significantly reduced the amplitude of the currents on zhe

boom by about a factor o( 7.} compared to the high level test if scaled to equal exciting

pulser voltages. To drive _ simi!ar amount of current on the solar array boom with a

high impedance source of the type used would require a pulser capable of prod.racing
200 kV.

In the second test,the center body was excited via the CD! technique. The

excitingpulsewidthwas not describedinReference 30 but isprobablyabout 1O :_.-.The
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! OF POOR Q_,._;.I,*f
I

f '±R TCs
Q

I ICENTERBODY
a. BASIC TEST SETUP

R : CHARGINGRESISTOR
C

R R: DAMPINGRESISTOR,200
C

[--._/V_,_ i _ _ L: WIR[ AridTEST OBJECT INDUCTANCE

-" C _ (UNKNOWNVALUE)

V°T CS CS: RETURNPATH CAPACITANCE(UNKNOWN
VALUE)

C: DRIVE CAPACITOR(UNKrlOWr_VALUE)

b. SIMPLIFIEDEQUIVALENTELECTRICALCIRCUIT

, TYPE OF TEST: CAPACITIVEDISCHARGE,CAPACITIVEDIRECTDRIVE (CDI)

CHARGEVOLTAGE: Vo ca. ] kV PEAK, _RROW PULSE, EXACTCHARACTERISTICSUNKNOWN
PEAK CURRENTDRIVEN: UNKNOWN(BUT _5 amps)

WAVEFORM: DAMPEDSINUSOID,RINGINGFREQUENCY_20 MHz, 250 ns LONG

INSTRUMENTATION:FIBER OPTIC AND FERRITEISOLATION(LITTLEDIFFERENCEIP TEST DATA NOTED •
AT EARLY TI_S, BUT FERRITEDID AFFECT LATERTIME)

OTHER INFOR_TION: EXACT PULSER CIIARACTERISTICSUNKtlOWN,BUT APPARENTLYA VARIATIONOF
MERCURYWETTED SWITCHINGPULSE GENERATOR,CIRCUITADDED TO SLOW VERY
FAST RISE TIME.

RT-21027

Figure4. Center body excitationtest of STARSAT

electrical testing usng ferrite isolation of pulsers, and data channels. However, the EID

exciting pulses are typically much wider than those associated with SGEMP and it is

not believed that the ferrite isolation approach would work fer EID testing unless the

exciting pulses are narrower than believed. However, as the need to dielectrically

isolate the spacecraft and data recording channels significantly increases the difficulty

of performing the qualification test, the degree to which such isolation is necessary to

preserve correct internal responses should be futher investigated. In the absence of

firm experimental evidence, the conservative approach is to maintain dielectric

isolation of the system under test. This in turn makes the selection of a pulser more

dEfHcult if it is desired to perform a threat level test. As the model studies discussed

later in this section indicate, one would have to specially design a pulser with the

desired characteristics of compact size and dielectric isolation, yet capable of

outputting more than 100 kV.

In support of the SGEMP Analysis Verification and the SCASAT tests, IRT and

NASA LeRC performed both CDI injection and arc excitation of the CAN and SCATSAT
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which are described in detail in References 3, 5, and 34. The basic test setup for the

CDI injection is shown in Figure 5 and for arc injection is shown in Figure 6. The

following points are to be noted,"

1, Away from the location of drive wire, larger responses were produced for the

narrow (10 ns) CDI pulse than wide pulse (30 ns) CDI. This effect can be seen

qualitatively in the data presented in Table II of Reference 2. The reason

for this is that as plate spacing is decreased to increase plate to CAN

capacitance (Cs) , the CDI drive becomes more like that of current injection

by a single wire or an arc discharge. Such direct injection typically produces

a surface current response which is large near the exciting wire or arc but

much smaller elsewhere. This is evident in the arc discharge data summar-
ized in Table 11 of Reference 2.

2 The CDI excites resonant frequencies on the SCATSAT configured with

booms (which makes it a more resonant or higher Q object than a simple

cylinder). The relative strength of the mode excited depends on drive point.
v

It is possible to relate some of the observed modes to structural features of

the model. However, the electrical tests which were performed utilized a

relatively narrrow pulse with significant _[requency content in the range

between 35-200 _4Hz which covers most of the observed structural reso-

nances for the SCATSAT. The observed EID pulse is much wider, and has

significantly less energy in tbat frequency band. Therefore EID or an

electrical simulation thereof is expected to excite these modes much more

weakly. This was evident in the C.&N tests in which it was observed that the

basic body responses followed the exciting pulse. The high frequency

component between 50-70 MHz associated with the excitation of the funda-

mental circumferential mode of the CAN had an amplitude estimated to be

only a few percent of the total pulse.

3. When the capacitance between the return plate and the test object was

increased by decreasing the plate-to-test-object spacing, resonances were

observed which are associated with the combined pulser-test object system

rather than the test object itself.

_. For the arc discharge excitation of the CAN the basic wave shapes observed

using fiber optic and hardwire transmission of B data were similar, Measured

amplitudes differed by up to a factor of 2.
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ANVIL
PULSER

cs.j+" R
I

!

I rl F_S IC F,r)i TEST SE,_U _ 1

Rc R L'

V° SC.

b. SIMPLIFIEDEQUIVALENTELECTRICALCIRCUIT

v

TYPE OF TEST: CAPACITIVEDIRECT DRIVE _CDI)
V : 320 V
0

R : CHARGINGRESISTOR,UNKNOWNVALUEc
C: DRIVE CAPACITOR,1100 pf

R : SOURCE IMPEDANCE,50
S

R: DAMPINGRESISTOR,100(_

L': TEST OBJECTAND DRIVE WIRE _NDUCTANCE(CALCULATEDTO BE 0.1 wH
FOR NARROWPULSE AND 2.1 pH FOR WIDE PULSE)

Cs: CAPACITIVERETURN (CALCULATEDTO BE 10 pf _OR _ARROW PULSE
AND 200 pf _OR WIDE PULSE)

DRIVEPULSE: NARROWPULSE (MEASURED)fr _3 ns, 20 ns FWHM

WIDE PULSE (MEASURED)Tr _10 ns, _5 ns FWHM

DRIVECURRENT: NARROWPULSE _0.9 amp, WIDE PULSE _1.4 amp

RT-2102B

Figure _. IRT CDI test of the CAN and SCATSAT

The 3et Propulsion Laboratory performed an extensive series of tests on the

Voyager Physical Thermal Model (PTM) and the actual flight model. These tests

represent the most comprehensive satellite EID program reported in the literature as it

included extensive analytical predictions of the response of critical circuits to both

laboratory and predicted space discharges, materials testing En a charged particle

_0
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OF POGR QUALITY

CURRENT
POWER,i_ CAPACITOR PROBE
C,UPPL is Ii

GAP

i ,"' .
I _._ .. _ o,,.3B

- ! "_L__. _ T BALANCED .4-1 SENSORS(2)

| CAN"-" _ // _ c_6
_7 0.83 M 1.37 II _J_ SENSORS (3)

TO SCOPE

.......... ,. BALUN

__ _ SINGLE ENDED LINE

1.112M _ TO SCOPE_.13FEET
I__["]

(a) EXPERIMENTALSETUP. THE THICKNESSOF THE CHARGINGCAPACITORAND
GAP SIZE ARE EXAGGERATEDTO SHOW DETAIL.

Rc: CHARGINGRESISTOR,13 5C M_

VOT C _ C: CHARGING CAPACITOR,60 f,F

L: INDUCTANCEOF SPARK GAP AND
TEST OBJECT,VALUE UNKNOWN

(b) EQUIVALENTELECTRICALCIRCUIT

TYPE OF TEST: CAPACITIVEDISCHARGE,DIRECTDRIVE (ARC)
CHARGINGVOLTAGE: Vo : 1.4 kV
PEAK CURRENTDRIVErI:1000 A
WAVEFORM: BIPOLAR,PEAKS -1000A, +750 A, CROSSOVERAT 80 AND 240 ns
INSTRUMENTATION:FIBEROPTIC,HAR_IRE

RT-16397-1

F_gure6. Arcdisch_ exci_tim of CAN

environment, and electrical testing of the entire spacecralt as well as individual

components (Refs 7,33).

Several types of system tests were per(ormed. These included excitation by a

MIL-STD l'iQl arc whose characteristics are shown in Figure 7a where the spacecraIt

was excited by arc generated radiated fields, a contact arc with direct return, and a

contact arc with a remote ground return. The latter procedure was similar to that used

(or SCATSAT testing (Ref 3). The second type o( excitation was an arc discharge o( a

capacitor as shown in Figure 7b. This form o! current injection was similar to that used

(or the CAN electrical tests reported in Reference 5.
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&_ PULSE CHARACTERISTICS

M_,,,_,e L_ "_x'_'°'-m_,,,-am"__':"_'"_" TYPE: CAPACITIVEDISCHARGE;_""_ ,_,,_,i,,I_, RADIATEDOR INJECTEDARC
V : 12 kV
0

",_,_w'x'_m_'_-_ SOURCE: I:"-2rns, WI=20.ns, Ip=ca.30 A"U:mYJL'I"I vlnrrl

a. ARC SOURCE FOR "RADIATED,""CONTACT,"AND
"STRUCTURECURRENT"ESD TESTS

_o_,v_,._ _ PULSE CHARACTERISTICS

__ TYPE: CAPACITIVEDISCHARGE,ARC INJECTION

SOURCE: tr=lOns, W:=I0-20ns, I0=12-37.5A
_-,,,i C: 12-150pf

REPLACEMENTCURRENTS: 2.8-6A "

:=IntoJI_IA_mGIn

b, SURFACEDISCHARGESOURCE

RT-21029

Figure7. Voyager ESD arc dischargesources

The pulsers and scopes were isolated from ground, the former through the use of

batteries as the primary source of power, the latter by an isolation trans'.ormer. The

spacecraft was powered through an external Line. Spacecraft diagnostics were

accomplished via telemetry and monitoring of internal points with high impedance

probes.

The following points are significant:

I. During a test of the PTM in which the MIL-STD 154! arc was remotcL_

returned, the spacecraft suffered extreme failure due to ESD induced latchup

in interface circuits, While upsets were noted for radiated and contact arc

excitation, no circuit failures were noted. This is not surprising as the

electron spraying and electrical tests performed on the CAN and SCATSAT

indicate that the creation of surface currents and associated fields on

_2
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i !
relatively large areas of the spacecraft are more likely to excite POE's and

produce correspondingly large wire responses than those produced by a

localized arc excitation or radiated field coupling. This is why blowofI and

its CDI electrical simulation produce larger internal responses per amp of

drive current than does a MIL-STD t54l arc, even if the arc current is

remotely returned.

2. The observed failure during ESD testing led to an extensive redesign program

to eliminate perceived susceptibility.

3 The final test on the Voyager flight spacecraft was not a true qualification

test as excitation levels at critical points were kept at ]east 3 dB lower than

upset levels.

4. A SEMCAP model calculation was performed in which the response of the

spacecraft was predicted at various monitoring points '.-r excitation with

known electrical sources at specific critical injection points. The mean error

in the predictions (predicted level/measured response) was -12 dB (underpre-

diction). The standard deviation was 20 dB. Thus, even in this case where

the sources were well characterized, the observed average error was twice

the required safety margin. One can expect, that for an EID coupling

analysis in which the characteristics of the exciting sources are not well

known_ the uncertainties in the analysis would be much larger. Based on the

scatter observed in ground test data for discharges induced in different

ii samples of the same material and area_ source uncertainty might add another

_. 20 dB to the analysis error budget. Hence, it does not seem technically sound

to rely on subsystem or box current injection testing, where the drive levels

are determined by analysis, to determine E[DSM. By performing a global

excitation one at least eliminates those uncertainties due to inaccuracies in

the analyticaJ modeling.

2.8 EVALUATION OF PULSERS

The problem to be addressed is how to simulate the levels of discharge responses

produced by EID as represented by available test data. This means that one would like

to produce the correct _t(_,t), or surface current, and _n(r,t), surface charge,

distributions on the structure. To evaluate the various possible sch,_mes for driving

satellites the generalized circuit mode] shown in Figure I is used. This circuit has two

_3
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principal subsystems, a capacitive discharge pulse generator and a generic test object.

All of the proposed or previously utilized excitation sources use such a pulser as it is

conceptually simple, can be used to store large amounts of electrical energy which can

be dumped through a pulse shaping network, and can be run as an isolated source

provided that the charging voltage required to produce the necessary output voltage is

not too high. There are two basic coupling schemes of importance. In the first, the

pulse generator and the test object are capacitively coupled. In the second, this

coupling is replaced by a direct connection between the test object an_ the pulse

generator ground. This permits the direct injection oI current into the test object,

typically at higher current levels per unit charging voltage than for a capacitively

coupied injection.

The Iollowing criteria have been used to evaluate candidate EID simulation

testing techniques.

1. The worst-case electrical stress on a satellite results from charge blowoff.

Simulating the kinds of responses produced by this aspect of the discharge ,.

process is given first priority.

2. Of the various electromagnetic eflects induced on a satellite due to blowoff

(which includes generation of replacement currents, generation of external

EM fields, excitation of the resonant modes ol the satellite, etc.), the most

important is typically the replacement currents. Primary emphasis should be

placed on simulating these currents. Secondary emphasis is placed on

exciting normal electric fields. While it is realized that they may be

important in some cases such as aperture coupling, no quantitative data is

available about their magnitudes and distribution.

3. An upper bound on the magnitude of the replacement current is derived from

the response Ior EID excitation excitation of the grounded test object. A

goal of injecting 200 amperes onto the satellite was chosen based on test

i evidence available to date. It is realized that available ground test data

i measured on large area samples indicate that discharges as high as 1000 Amight be seen on meter sized dielectrics. On the other hand the limited data

I available from the P73-2 and multicomponent ground testing, imply that the

scaling laws presented in Table _ are too stringent. This value has arbitrarily

been used as a baseline wurst case for simulation. Since the electrical

response will depend on the charging voltage, the results can be scaled.

,';
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4. The time history for this replacement current is a pulse having about a one

microsecond rise and fall time (i.e., one microsecond FWHM) and the

simulation should reflect this. Again it is realized that the pulse width scales

with discharge amplitude. The important point is that ground test data

indicates that large area discharge pulse widths are about I _sec rather than

I0-50 nsec.

5. It is desirableto minimize the need to add additionalsensorsby making

maximum useo( S/C sell-diagnosiscapability,supplementedby thatprovided

by theaerospacegroundequipment.

6. The ambiguity about test resultsintroducedby a need to scale the test

resultsshouldbe minimized;i.e.,a threatleveltestisdesired.

7. It is desirable to isolate the test system (test object, pulser, data recorders)

from the external world to minimize stray coupling paths and also minimize

perturbations due to the modification of the test object electrical character-

istics because oI coupling to its surroundings. In space, the satellite is

isolated from the surrounding plasma during the discharge.

The following approaches summarize the various simulation techniques that have

been theoretically considered.

1. Capacitative discharge with capacitive coupling between pulser and test

object and test object and pulser ground. Test setup to generate a low level

(few amperes), narrow (20-#0 nanoseconds FWHM) pulse. This is the present

manner in which the CDI test is performed.

2. Capacitive discharge as in Technique 1, except generate a wide pulse (one

microsecond FWHM) at a low level.

3. Capacitive discharge as in Technique 1, except generate a wide pulse at the

Iull threat level (200 amperes).

#. Capacitive discharge using only direct connection (no capacitive coupling)

between the pulser and the test object and between the test object and the

pulser ground. Test setup to &enerate wide, high level pulse.

5. Arc discharge yielding a narrow pulse (20-60 nanosecond FWHM) as per

current MIL-STD 15#1.

6. Modification oI Technique 5 to yield the wide pulse.

#5
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The feasibility, relative advantages and disadvantages of these test techniques are

briefly summarized in Table 6. Note that the capacitive direct injection scheme is a

subset of the capacitive coupling approach because pulse width is controlled by the

capacitance between pulser and drive plate, which is typically at test system ground,

and the test object.

Test Technique 1 was eliminated from consideration because it fails to provide

the required wide pulse. Test Technique 2 is a possible option but one of limited value

because it requires scaling low level test results to the threat level. Scaling

necessitates a much more complicated test. One must extensively monitor test points

with special sensors to provide a large data base to ensure that al.._lcritical points have

been examined. This would involve extensive modifiction of the satellite cable harness

and box interfaces. In addition uncertainties in the scaling analysis increases the

uncertainty associated with test results. The Arc Discharge Techni,_ue 5 was

,,,mated because it also provides a narrow pulse. Test Technique 6 was eliminated

primarily because, even if achievable, the previous test history indicates that the arc

discharge does not induce the proper global excitation of replacement currents as does

blowoff.

The possibilities that remain include the capacitive discharge technique with

capacitive coupling between pulser and test object, and between test object and pulser

&round, and a capacitive discharge technique using direct injection and direct return.

Model calculations were performed to evaluate whether it was possible to

reproduce the kinds of body currents seen on the surface of the CAN with readily

attainable circuit parameters. The model shown in Figure I was varied for what were

considered a reasonable range of circuit parameters. Those studied included C, the

drive capacitor, C c the capacitor coupling the pulser to the test object, L' = L + Ls, the

combined inductance of the drive wire and test object. The charging resistor Rc was

set at anominal valueof I(3 kfl and R' = R + R s was set at 100 ohms. Altering R by

increasing its value to insure that the pulser was isolated from the test object does not

significantly alter the conclusions presented below, but makes them more pessimistic.

Increasing the value of this resistance serves to reduce the drive current. Based on

realistic satellite geometries, it was decided to limit Cc and C s to T00 pf which may be
overly optimistic. For example, a IM 2 plate placed 2 cm from the satellite surface has

a capacitance of _42 pf. Given the irregularity of most surfaces of satellites, this

seems to be a reasonable upf>er bound. More realistic values for Cc and Cs might be
I00 to 200 pf.

_6
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In the first round of modeling no attempt was made to produce critically damped

or overdamped waveforms. The objective was to find the largest peak values and width

of the first lobe of the c'arrent pulse Ip) and tl, the zere crossing time. Since current

scales with Vo) the charge up voltage was arbitrarily set at one kV. The results of the

model calculation are shown in Table 7. The computed values of Ip, or t I are shown in
Figures 8 through 15.

Table 7. Circuit Parameters for Pulser Evaluation a

Case L 2 3 _ _ 6 7 $

C (pt) I,qO [00 1000 i000 LO00 tO00 [00 [00

L'(IaH) I l I I lO 10 lO 10

Cs(PO [0 _00 ._00 10 10 500 _00 10

Ip(A) 2._ _.9 6._ 2.5 0.9 3.3 2.2 0.9

tl(ns) 10 30 60 tO 32 t2_ 82 30

aRc= 10 kQ, R's = 100g, Cc = 500pF, Vo = ! kV for all cases.

A second set of circuit parameters were exercised to see whether one could

achieve the criterion pulse width and correct levels with realistic but large coupling

capacitances by adjusting the total series inductance L', the charging voltage V° and
the charging capacitance C. The results are presented in Table 8 and the predicted

current waveforms Ior Cases 12 through I5 in Figures 16 through 19. For the data in

the table it can be seen that the desired current ampl:ttude and pulse widths can be

achieved only for extremely large values of L' and high charging voltages. While it is

possible to provide such charging voltages through the use of a Marx generator for

example, the required pulsers would be costly, extremely large and difficult if not

impossible to isolate (tom the external environment. Cases l_ and 15 were run in an

attempt to see whether more modest levels could be. met for narrower pulses (ca. 250

ns) and currents (50 A). It can be seen that even to reach pulses of this amplitude and

width will take a relatively large pulser. If R' is increased to provide critical or

overdampmg, a reasonable pulse can be produced, it is relatively small per kV of drive

voltage.

The following general comments can be made about the parametric circuit

evaluation.

..................................................................... 1983003867-054



Table g. Circuit Parameters for Realistic Coupling Capacitance a
Case 9 i0 il 12 13 1_ [5

C _F 0.01 0.01 0.01 0. i 0.1 0.t 0._

R(kf_ 10 10 l0 10 103 103 103

R'(_) 100 100 100 100 i00 100 l0 _

L'( mH] l _, L5 L L 0. i O. l

Vo(kV) _0 1100 6700 6_ 6_5 5_. _ 500

Ip{ ') 200 200 200 200 200 50 50

t ICes) 0.r$_ 0.8_ 1._5 [.0 1.0 0.3l,s b

aFor all cases C s = C L = 200 pF

bovetdamped, t r = 90 ns, t(L/e) = ".35 /_s.

1. The model evaluated for capacitive coupling and capacitive return (including

CDI) provides for large area excitation of the satellite.

2. It is clear that for realistic circuit parameters and charging voltages, the

pulse amplitude and current criteria cannot be practically met even if the

condition of critical damping were relaxed and ringing permitted. If it is

found from space data that a less s'ringent test was realistic, say 50A @ 200

ns, then it would be possible to achieve such a pulse with a pulser of about 50

kV. For pulses of this width it might be possible to us_, ferrite isolation of

th, data links and pulsers in a manner similar to that described in (Per 28).

3. If one is willing to accept a low level, then a wide pulse excitation is feasible

with a pulser of modest size and achievable circuit elements.

g. The circuit shown in Figure 1 is essentially a series RLC circuit. The

characteristic oscillation frequency f when underdamped is

For the case of under damping, where

1 R'2

L-g'C-<L eq

one can increase the period of oscillation by increasing

c C.l c-k c "l"_ 4. 9
eq s c

I 50
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or L' as the data in Table 7 indicates. Since the three capacitances are

effectively in series it is the smallest which controls the frequency of

oscillation. Increasing Ceq also increases the net current injected while
increasing L or R decreases it. Note that the response is that of the

combined 'ystem consisting of pulsers, coupling network and test object. If

the pri.nary effort of wide pulse EID is to drive the response of the

spacecraft at the characteristic frequency associated with the discharge

pulse, as appears to be the case for non resonant, low-Q objects like the

CAN) then this is not a defect. The resonant t I of the combined system can

be adjusted to be th,at of the predicted discharge pulse. It is true that a

damped sinusoid will be somewhat of an overtest if compared to the EID

response.

5. If R is increased in order to decouple the test object from the pulser) then

the amplitude of the injected current will be diminished. Thus) an ever"

higher voltage pulse than necessary for the low impedance case is required.

6. The problem of exciting the body currents produced by SGEMP is less severe

because the pulse widths are narrower. Thus) it is _e_s[ble to provide a high

level CD! pulse of 10 ns width, and 100 amps in amplitude with pulses where

V0 = 20 kV. While V0 is large, pulser isolation can be achieved so that it is

decoupled from external ground during the excitation.

7. Wide pulse capacitively coupled excitation of satellite models or real

satellites has not been studied in detail either analytically or experimentally.

It is necessary to pursue further analysis with more detailed coupling models

validated by electrical testing to provide a basis for quantitative comparison

with the surface electromagnetic fields produced by EID. The testing should

examine both the external surface and the internal wire responses for simple

objects like the CAN, and for a model more representative of real satellites

like the 5CATSAT.

The large coupling capacitance severely restricts the amount of current available

per unit voltage of charge on the drive capacitor. With these coupling capacitances

eliminated, more amperes per unit charging voltage is available, and gives the best

chance of generating the Iull threat level current with perhaps only a few tens of

kilovolts or less (instead of a few hundreds of kilovolts). A conceptual direct injection

approach ix shown in Figure 20. The intent is to drive the required microsecond wide)
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Figt_re 20. Proposed direct-drive setup for EZD simulation testin 8

several hundred ampere current pulses over large areas of the satellite and return this

current to the pulser in a controlled manner.

The primary drawback to this test technique is that current is in]ected onto the

test object, and pulled off, at discrete points instead of a large area (such as the

capacitive coup[ing provided). To partially offset this disadvantage, the connections of

the pulser to the test object and of the test object to the pulser ground could be

accomplished by using a grid of wires, i.e., make the connection throul_h many points

instead of iust one point.
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The attractiveness of -.his approach is that one can drive the wide pulse width,

high amplitude replacement currents over the body of the spacecraft in a manner

comparable to that observed for the excitation of simple objects by EID. Thus, one can

provide an excitation of the satellite penetrations over a relatively large area. One of

the disadvantages cf MIL-STD lS_l arc as itisnormally executed, isthat the regionof

excitationisextremely limited. A disadvantage of directinjectionwith directreturn is

that it does not provide as good a simulation of the E.ID-induced surface electromag-

netic fields 1_t and Dn" Tile strength of Ht is too large near the drive wires while Dn is

too small. In addition, direct injection does not provide a good simulation of effects

due to alteration of the surface charge distribution during discharge as no charge is

removed from the body. Use of multiple drive and collection wires as shown in

20 will reduce the magnitude of Ht near each w_re, but may also serve to increaseFigure

the area over which the simulation is poor.

Thus, no one practical technique is clearly superior in simulating the kind of

relatively wide, high level threat current pulses created as a consequence of large area

discharges on meter sized dielectrics coupled to simple, highly geometric objects. The Y

best approach would be to scale up the kind of critically damped CDI pulses used to test

the CAN and the SCATSAT. However, the analysis performed above shows that this is

not practical. If it is desired to execute the skin currents created by blowoff electrons

on large areas of the satellite, then direct injection and return is to be preferred. If a

somewhat better simL.!ation of the surface EM fields created by EID is desired, even if

at a much lower level than may be excited by a large area discharge, then some version

of capacitive injection should be chosen. For the purpose of specifying a MIL-STD EID

qualification test, we feel that the direct injection test is more straightforward, can be

run at threat levels and with less extraneous instrumentation.

It is to be underlined that neither of the two recommend electrical excitation

techniques have been explicitly tried experimentally to provide a quantitative compari-

son with the results of EID testing and the P73-2 transient data. There is a significant

amount of risk involved in incorporating such unverified techniques into a MIL-STD

without (urther study. However, the key issue is not whether such testing is feasible,

but how well the EID responses can be simulated. Similar testing has been performed

both at low and threat level excitations as part of the STARSAT program reported on in

Reference 30. A parallel test and analysis program should be performed using a

sophisticated model such as the SCATSAT followed by testing on a real satellite. On

the other hand, it seems clear that either of the tests proposed would be a better
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simulation of the electromagnetic responses evoked by EID than the present version of

MIL-STD 1541 or the surface discharge techniques which have been used to qualify
spacecra£t,
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3. RECOMMENDED TEST PROCEDURES

This section presents a dratt system test procedure for the qualification of

spacecraft against external charging. The procedures chosen are based on the

evaluation of various excitation techniques presented in Section 2._. They are based on

what was known about spacecraft charging when this report was prepared; i.e., late

1981. It is clear that several key issues remain to be addressed. The most important of

which is the degree to which the ground test data on which the test procedure is based

simulate the effects of space discharge produced by the space charged particle and

electromagnetic radiation environment. The format has been cast as much as possible

in a form which is compatible with that of MIL STD-#62. However, that document

describes subsystem and component tests. What is presented here is a general approach

to performing an EID satellite system test. The approach presented is genet _1. The

specifics of the method of execution such as drive levels, pulser coupling and

attachment points will be system specific. However, prescriptions for tailoring the

procedures given in this test specification to particular systems are given. In some

places comments about the recommended test procedure are given which are not part

of the procedure itself. These are separated from the hod7 of the text and printed in

italics.

3.1 SCOPE

3.1.1 Scope

This document provides a set of electrical system test procedures for the

qualification of space vehicles against the inadvertant or unacceptable resoonses

produced in electrical or electronic circuits, functional units or subsystems as a result

of electromagnetic interference generated by space electron induced discharges (EID).

Performance of such systems testing is required to satisfy Section 5.l.I.l

(Electrical/Electronic Compatability Test) of MIL-STD 1541: Spacecraft Charging

Requirements (abbreviated in this Test Procedure as SCA, Ref. 35).
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3.1.2 Applicability

This test is applicable to those vehicles exposed to the natuLaI charged particle

enwronment conducive to the charging and discharging of surface dieLec_cics as defined

in Section 10.2 of SCA. It is not designed to qualify spacecraft against the improper

responses produced oy the chargi,_g and discharge of internal dielectrics such as cables

or printed circuit boards which are be_ter handled by subsystems or component testing.

3.1.3 Units

The international system of units specified in MIL-STD-#63 is used.

3.2 REFERENCED DOCUMENTS

The documents referenced in MIL-STD-L541 including the SCA are incorporated in

this test method.

3.3 DEFINITIONS

The terms used herein art defined in MIL-STD-15_L including *.he SCA and in MIL.-

STD-_63.

3.4 REQUIREMENTS

3.4.1 General Requirements

General requirements pertaining to the applica'_or of this standard and applicable

test limits are specified in MIL-STD-LS_I, SCA. The test procedures contained herein

should be _nsedin :omplying witl, MIL-STD-LS_L, SCA.

3.4.2 Specific Re_luirements for Testing to the Requirement_ of MIL-ST_-i_I, SCA.

Details pertaining to the general performance of the tests contained in this Test

Procedure are presented in this section.

3._.2.1 Preparation of a Test Plan and Performance of Post Test e,nalysis The

requirements for an Electromagnetic Compatibility Test Plan for a system EMC test is

documented !,'l Section a.2 of MLL-E-60}LD, "Military Specification Electromagnetic

Compatibility Requirements, System". These requirements must be _ailored as fcllows

for the special application to system EID qualification tests.
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The test plan shall provide for system EID qualification and acceptance testing

including, but not limited to the following =

a. Analysis methods used to select critical measurement points for monitoring

to demonstrate electron induced discharge safety margins (EIDSM).

b. Methods used for developing failure criteria and limits and a specification of

these.

c. Expected wire and structural responses at monitoring points. These are to be

compared to failure thresholds to determine anticipated safety margins.

These will be based on approved results from design analysis o¢ laboratory

upset threshold tests on subsystems and circuits.

d. Specification of the critical points to be stressed, and rationale for their

choice.

e. Discussion of supporting analysis required to determine expected discharge

points and discharge characterization (pulse width, amplitude, etc.) including ,-

sample calculations, and an error analysis.

f. Test configurations and procedu, es for all e_ectronic and electrical equip-

ment installed in, or associated with, the system and the response for

operations during tests, including switching.

g. A description of all nonstandard equipment such as pulsers, data links, or

sensors which cannot be found in referenced manufacturers' equipment

manuals or data sheets. Where available, appropriate manuals or data sheets,

will be citeC for standard test equipment.

h. Implementation and application of test procedures which include vehicle

configuration, modes of operation and monitoring points for each subsystem

and operation of test equipment.

i. Data recording requirements.

j. Methods and procedures for data measurement avd _nalysis.

k. Personnel required, government, contractor, and vendor; and the necessary

activities to be performed by each group.

1. A safety plan whose objective is to prevent inadvertant damage to the

spacecraft and to ensure personnel safety during the operation of the high

voltage/high current power supplies specified in the test.
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m. The test plan shall distinguish between those measurements and test levels

required for qualification testing and those for the less stringent acceptance

tests of production vehicles.

The test plan including test procedures, test equipment, test and vehicle configuration,

selection of critical test points pass/failure criteria and excitation levels will be

approved by the procuring agency before test conduct. A post test analysis will be

performed in which the measured EIDSM for critical monitoring points will be compared

to predictions. When these margins are negative, impact on vehicle performance will

be described. Where the measured EIDSM _re less than the 6 db (20 db EED) required,

necessary design changes to ensure compliance will be identified.

3._.2.2 Demonstration of Satisfactory Compliance. The manufacturer will

demonstrate satisfactory performance of his system as specified in Section 50.1.1 of

: MIL-STD=ISt)I. For each identified discharge site, a structural current injection test

will be performed which will provide a 6 db (energy) overstress by the injected current

' above that produced by a worst case discharge occurring at that site for the specified

charging environment. Identification of discharge sites, discharge characteristics, and

predicted system structural current responses will be determined by the manufacturer

based on analysis, ground test data or flight data and approved by the procuring agency.

The spacecraft will be required to operate satisfactorily during and for a specified time

after each current injection in a manner to be defined in the system specification. The

manufacturer must demonstrate by analysis and/or testing that the system will also

operate satisfactorily _.fmultiple discharges occur; i.e., at one site or at several sites,

within a system specified time interval.

A representative set of EED circuits will be included in the critical test points

monitored. The manufacturer will demonstrate that there is a 20 dB EIDSM for each

i_ EED by an approved combination of system EID testing, analysis and EED circuit current

injection.

" 3.5 ARRANGEMENT AND OPERATION OF SPACE VEHICLE DURING TEST

3.5.1GeneralTestSetup

The general test setup is shown in Figure 20. The components of the test object

can be separated into three elements: the pulser or current injecting source. These are

described in Section 3.6.1, the test object configuration described in Section 3.5.2, and
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the means of coupling pulser and test object described in Section 3.6. L.3. The test

should be performed in a hil_h bay area rather than with the vehicle in a screen room.

3.5.2 Space Vehicle Conliguration

The space vehicle in its on-orbit configuration should be placed in an open area on

a dielectricaJlv isolated stand as far away from conducting boundaries as possible. It is

recommended that the minimum height of the stand platform be comparable to a

centerbody dimension, that the clear space above the vehicle be similar, that the

minimum clear space around the satellite be comparable to the tip to tip wing

dimension for three axis stabilized spacecraft and several body diameters for a spin

stabilized vehicle. As a rule of thumb, the capacitance o[ the vehicle to ground should

be no more than twice its capacitance to infinity.

3.5.2.1 Electrical Isolation. During electrical injection, the vehicle will be

electrically isolated from its environment except for controlled impedance paths

between the pulser and test object, and test object to common ground as shown in

Figure 20. In some cases, e.g., for capacitatively coupled injection, a test ground plane

may be provided to fix the capacitive coupling between space vehicle and test system

ground.

3.5,..,. Use of Space Vehicle 13atterv. During test performance, the space

vehicle will be powered with its internal batteries.

3.5.2..3 Data Transmission Durin_ Testing. During testing, system command and

telemetry data will be transmitted via the RF Command and Control links betweer the

spacecra{t and ground control equipment used to command the spacecraft.

3.5.2.3.1 Spacecraft Command and Performance Data. Durin_ testing.

system command and telemetry data will be transmitted via the RF Command and

Control links between the spacecraft and ground control equipment used to command

the spacecraft during checkout.

_._.2.3.2 Spacecraft EID Response Data. Special analog electromagnetic

environment data (external surface electric and magnetic fields) and critical test point

data L,lonitored by special sensors will be transmitted via dielectric (fiber optic or

equivalent) data links.
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3.5.3 Alternative System Test Configuration

It is realized that electrical isolation of the spacecraft from its command and

control units or from the EAGE, as well as high voltage pulser isolation, may pose

severe practical problems. The contractor may propose an alternative system

configuration in which the spacecraft is isolated from external ground by a ferrite

loaded stinger as shown in Figure 2l (Refs. 36, 39). High frequency electromagnetic

environment and critical test point data as well as EAGE and command and control

connections to the satellite from the screen room are run via hard wire connections

through the stinger which provides RF shielding. The ferrite provides inductive

isolation of the hard wired data link from the _._tellite for times of the order of several

hundred nanoseconds for an inductance of a fraction of a mH. If this approach is

chosen, primarily where the predicted discharge pulses are relatively short (g200 ns),

then the contractor must demonstrate that its use does not significantly perturb the

response of the spacecraft to the exciting electrical injection pulse.

x'

3.6 INSTRUMENTATION

Representative instrumentation for performing the measurements described below

are summarized in Table 9.

3.6.1 Pulsers

Two basic current injection schemes have been developed to simulate the response

of the spacecraft structure to EID in internal spacecraft dielectrics. Both of these

employ a capacitive discharge pulser as shown in Figure 22. The pulser itself can be a

self contained unit such as the PULSAR 50-Q or one constructed from a high voltage

power supply, and an appropriate charging network. The switch is a remotely triggered

spark gap. For a high level test, the basic pulser must be capable of peak output

voltages of 20-I00 kV, peak currents )f several hundred amps, and a pulse width

(FWHM) of >lpsec. The difference between the two pulse injection techniques

specified lies in the manner of coupling of pulser to test object. In the first, direct

injection, the pulser is connected directly to the satellite and current is returned via a

hardwire connection to the common ground plane as shown in Figure 20. In the second,

the pulser is capacitively _oupled to the test object as shown in Figure 21.
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Figure 22. General capacitive discharge injection model
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3.6.1.I Selection of Current In iection Techniques. The selection of a current

injection scheme for exciting a candidate discharge area will be made on the basis of an

electromagnetic coupling analysis performed by the manufacturer to determine which

aspects of the induced electromagnetic fields are important in exciting points of entry

(POEs) or penetrations for the coupling of EID generated electromagnetic energy into

the spacecraft adjacent to the discharge site. Which technique is utilized depends on

what aspects of the EID induced electromagnetic fields are important in exciting

particular POE's. If it is desired to simulate the surface current excitation m zhanism

(at points away from the drive plate) associated with the circulation of large amplitude

(hundreds of amps), wide (/_s) pulses associated with the blowoff of electrons from large

surfaces, then the direct drive approach is probably better. However, there are cases

where excitation of system resonances or normal electric fields are the important

couplingmodes. Then a capacitiveexcitationLsbetter. Capacitivecouplingin this

sensemeans both the case where C c and C s are nonzero and alsothe case where Cc =

co, Cs finite;i.e.,capacitivedirectinjection(CDD. The CDI techniquegives a

relatively good simulation of blowoff, but its practical implement_tio_ given realistic

circuit parameters is difficult because of a need for higher pulser voltages to drive an

equivalent amount of current through the spacecraft if compared to that for direct

drive.

As we have pointedout,the directinjectionapproach shown in Figure 20, was

chosenbecauseitispossibleto drivemore stops/voltwithdirectcouplingobviatingthe

use of extremely high voltages with charging sources. As the model simu/ations have

demonstrated, it takes extremely high voltages with the capacitive coupling to produce

large amplitude, wide pulses. The coupling capacitors provide a relatively h(qh

impedance at the frequenciesof interest.Pu/se ampli*_udeisfurtherreduced if one

wants to producea criticallydamped waveform of thekindshown inFigure19 because

the damping resistor,which isolatesthe pu/seafrom the system,furtherlimitscurrent

output.

In implementing the basic circuit, it is important to eliminate or maximize stray

coupling paths to control circuit parameters and current paths, Ideally, the pu/ser and

test ob/ect would be connected oniy to the common ground plane shown in Figure 20.

For some electricaltesting,thisplane has been made of heavy copper screeningto

providea welldefinedreferencepoint.However, thepresenceof a nearbygood ground

of thistypa can affectthesatellite0 valueand hence itsringingfrequency. One would

liketosimulatethefreespace case.
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Not shown in the basiccircuitare any detailsabout the switch. This must be a

dielectrically isolated unit with a fast switching time. For voltages up to a few kV and

modest current levels (10's of amps) an SCR stack may be used. This triggering circuit

can be fired by the output of a fiber optic controlled pulser such as the ANVIL 160.

This was the approach taken in the IRT MIL-STD 1541 arc injection test of the

SCATSAT described in Reference 3. At higher voltages a spark gap must be used. This

can be either remote: j triggered or of the adjustable, self-breakdown type.

It is also important to isolate the charging voltage source from external ground.

For relatively high frequencies (i.e., pulse widths <200 rus or so) this may be done by

wrapping power cords around ferrite cores. However, in most cases it will be necessary

to use dc isolated power supplies. For voltages up to a few kV, charging sources can be

dry cells. Higher charging voltages require a power supply. These units can be

operated from a storage battery and an inverter. However, such units become

physically large, and it is difficult to prevent stray capacitance coupling to the pulser.

Mounting also becomes a problem. If very high voltages (more than one hundred kV) and

highcurrentsarerequired,thenone must u_e somethinglikea Marx generator.

3.6.1.2 Selectionof CurrentInjectionPoints.Sections3.1.#,#.6.1,6.1.Iof MIL-

STD 1541 provide definition of critical test points. For'a system EID test of'the type

proposed, these points will generally be external dielectric surface areas which are

susceptible to discharge. Susceptibility can be established by any of the following

methods which are progressively less stringent.

1. Assume that all dielectric surfaces will suffer ot_ orbit discharges and test

accordingly.

2. Stress those materials "whichhave been shown to discharge in tests performed

in ground simulation of the charged particle environment responsib!e for EID.

3. On the basis of the charging analysis performed with a code such as NASCAP

test those dielectrics whose potential relative to the structure of the

spacecraft exceeds established electrical breakdown thresholds.

The most conservative approach is to adopt screening criterion (I). Laboratory tests

indicate that discharge thresholds are a function of many parameters including sample

geometry, the relative locations of ground planes and edges, thickness and exposure

conditions. It is true that some dielectrics such as thermal control paints have

relatively high conductivities (>10 "10 9--i cm -I) so that sufficient charge buildup which
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leads to breakdown cannot occur. Available conductivity and ground electron spraying

data can be used as a guide in this regard. NASCAP analysis is useful in determining

the worst case differential potentials built up in substorm conditions. These values for

the different dielectrics can be used as a screen if compared to breakdown voltages.

There is also an approximate guide for determining breakdown voltages based on

published dielectric breakdown strenffths for common irtsulators. The dielectric

breakdown _rength EB is defined as the applied electric field at which breakdown

occurs. EB can be related to V B for a material of thickness d as

VB = Ead. (S)

E!D breakdown voltages estimated in this way from EB values deduced by electrical

stress measurements typically agree within a factor of two with those measured. Data

for a limited group of measurements are shown in Table 10. Estimates produced in this

rnenner are usually low as electric strenghts are typically measured on relatively thick

samples (ram to cm) with relatively wide pulses. Most spacecraft dielectrics are

typically less than 0.03 cm. Dielectric strengths (measured in Vitro) tend to go up as

sample thickness and pulse width go down. Thus, spacecraft insulators _end to

breakdown at higher surface potentials than predicted. On choosing values of EB for a

g/yen dielectric, the value should be taken for the sample thickness which is closest to

that of the spacecraft material. This argument is on/y approximately correct as

ev/dence from ground testing indicates that lateral surface potential differences are

also _mportant in triggering breakdown.

Table 10. Comparison of Observed EID Breakdown Voltages with Predictions
Basedon EXluation

Material Thlcknes_ Dielectric Strength Predictsd VB Observed VB References
(i0 °) era) (10 6 Vlcm) (kV) (kV)

Teflon FEP 12.7 1.6 a 16 16 2

Kapton 5 2. sa I _ 15 2

Mylar 7.5 1.6 a 12 11 ')

Fused _mrtz l 5 0,25 ].$ 12 2
20 _.1 6.5

Taken from NBS MonoKraph 132, A Compdat,on and Evaluation of Mechan=cal,
Thermal and Electrlc,tl Properties of Polymerq.i_ 197}.
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It was pointed out in Section 2 that none of the proposed pulser desigr_, or for

that matter, any of the existing electrical excitation schemes, will provide a good

global simulation of the EID excited fields on the surface of the spacecraft. The

simulation will be better at some areas than others. Thus, a technique which gives an

incorrect field distribution at one location can be valuable if it gives a good simulation

of fields in the areas of interest; i.e., near POE's significant for coupling. Therefore,

the coupling analysis performed as specified in Section 50.3.2.3 of SCA may suggest

additional points of excitation as the real criterion for the selection of EID drive points

to correctly excite the significant POE's. Here, frequency content and field amplitude

are most important. The discharge sites are the most obvious points of excitation but

not the on/y ones.

3.6.1.3 Attachment oI Pulser to the Spacecraft. The following steps define the

method o[ attachment of the pulser (including pulse shaping circuit elements shown in

Figure 20) to the spacecraft.

I. Based on a charging and coupling analysis, and using the criteria given in

Section 3.6.2.2, the contractor will determine the appropriate locations to

attach the positive and negative leads of the pulse generator (direct

injection) or the position and spacing of the coup}ing plate (capacitive

coupling).

2. For each location, the appropriate number of wires in each grid (direct

injection) and the size and shape of the drive plate (capacitive coupling) will

be determined depending on the area over which current is to be injected,

based on the coupling analysis. The wire grid can be a continuous resistively

loaded structure with a total R' aJ_d L' s_t to provide both pulse shaping and

impedance matching.

3. The connections to the critically stressed area will be designed to inject

current over the same area as participates in the discharge. This may be

assumed to be the entire conductively bounded dielectric surface; e.g., an

entire solar array panel, or thermal blanket would be driven.

_. For each location and its respective wire grid connection to the pulse

generator and return, L'I, L'2, will be calculated or measured. Where current

is returned to the system ground via capacitive coupling, the coupling of the

testobjectto._roundwillbe determinedand adjusted,_srequired.
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5. For direct coupling, the wires will not be attached to the dielectric itself but

to the conducting substrate surrounding the dielectric rurface. The manu-

facturer will specify an attachment procedure which will be approved by the

procuring agency.

6. Conventional circuit analysis will be used to compute the values of Vo, Rc, R,

L, C (and Cc for capacitive injection) required to drive the spacecraft with

the desired current magnitude and waveshape.

7. The test setup of Figure 20 will then be implemented based on the

information generated in Steps 1 through 6.

Note that the entire circuit can be reduced to a charged capacitor being

d/scharged into a series R', L', (and C eq for capacitive coupling) which at. respectively
the sum of the individual element_ shown in Flgures 20 and 22, For the direct-drive

case, _he basic equation for the current flowing on this circuit as a function of time i3:

2Vo n
ezp (-_o t) sinh _o(_ "_- 1)I/2 (6)

l(t)= (_2_ I)I/2R,

R • 2, (7)n = (C/L) I/2 = 1/2 ( "rE/TI//

= (UC)-I/2 = 1 (_1 _-)-1/2F
(8)

o 2 '

"rI = 2L'/R', (9,

T2 = 2R'C (I0)

K

i_: R' is the _um of all reslstances (except for Rc), L' the sum of all inductances, and C the

charging cal_c_.tor in Figure 22.

For capacitive coupling, the circuit becomes a series R, L, C circuit and the

appropriate equatioru/or the load current are:

l(t) = VoCeq(_o/_)exp(-UT 1) cosh(_t + ,_I/_) (11)

. 7."1
1 sinh (_t + _1/_),

77

1983003867-0a?



where

R,2 C

eq_ > i (overdamping), r,!2)4L'

or

I(t)= CeqV o erp (-t/rI)(t/rl), (13)

where

R,2 C
eq
o = 1 (critical damping), (14)

4L"
or

[(t) = VoCeq (90/_) ezp (-t/ r;) [9, s (gt + 91/9) (15)
_ r-1

sin(_t + wi/w)'l ,.I

where

R'2 C eq < 1 (unde.rdamped).
4L '2

In each case

9 = (L'Ceo)-I/2o ' (16)

12R'211/2
- _ (17)

,_= 90 4L,2 '

2L'
= w' (18)

and

= 2 / r1. (19)

The effective capacitance C eq is

= _. + + . (20)C

The effective resistance R' is equal to the sum of all the series resistances, while the

effective inductance L' is equal to the sum of all the Jerles inductance
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3.6.2SENSORS

Generally,satisfactoryperformance willbe determined by post tcstfunctional

testingand telemetere_lstatusmonitoringduringtesting.However, Section6.2.1of

MIL-STD 1541 requiresthatthe vehicleAGE or onboard telemetryshallnot be used as

thesolemeans of demonstratingcompliance.Thissectionspecifiesina genericmanner

the types of e_tra instrumentationsuitablefor providingstatusinformation. It ix

dividedintothreebasiccategories,sourcemea.,°urements,electromagneticenvironment

measurements, satellitefunctionalmonitoring. In gene,'al,the informationspecified

includesthefolluwing:

i. Signalto be measured

2. Signal characteristics

3. Type of sensorto be employed

4. Sensorcharacteristics

5. Location ,

6. Monitoring

7. Connectionto datarecorder

8. Necessaryinterfaceequipment.

Where possible,eeamplesof specificsensorswillbe given. However, which particular

sensorischosenfora particularspacecraftmeasurement isdependenton the specific

chcracteristicand testenvironmeut. In general,the use of par_ivesensors,i.e.,those

requiringno power isto be preferredto activesensors.

3.6.2.1 Source CharacteristicsMeasurements. Basicallytwo piecesof data are

required:the dischargevoltageof the sourceand the drivecurrent. Ifa multipoint

driveisemployed, then the currentthrougheach of me individualdrivf,wires may be

desired.A summary of representativesou,'cemeasurements isgivenin Table ll,and

specificinstrumentationinTable9.

The source measurements need only be mad_ duringcheckout as the output of

electricalpulser._arerelativelyconstant.Both voltageand currentprobesare available

to measure these transients.The currcnt probes must be carefullyisolatedfrom

contact with the discharge pulse line to ensure that the maximum standoff voltage of

the probe is not exceeded. The outputs of the current probes should be transmitted
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back to the recording devices via fiber optic links. If this is not possible and a hard

wire link is used, the signal wire should be well shielded coaxial cable, preferably with a

semi-rigid copper jacket, and run in a manner least perturbing to the electromagnetic

environment.

3.6.2.2 Electromal_netic Environment Measurements. In order to validate the

test results, one must ensure that the desired electromagnetic environment is

reproduced on the outer surface of the sl_acecraft. The critical parameters to be

measured are the tangential magnetic field Ht which is proportional _o the surface

current density K, and the normal electric displacement Dn, related to surface charge
density. In addition, it is useful to measure boom currents. The joints between the

spacecraft and booms on which antennae or the solar array panels are mounted often

serve as a major penetration for the coupling of energy into the interior of the

spacecraft.

The available data on the magnitude of the surface currents can be found in
v

References 2 and 4. Based on review of those references, the kinds of surface currents

expected are in the 1-100 A/M rar,ge or _I fields of the order of 105 - 108 A/M/S.

Observed pulse widths are in the range of one hundred rtsec up to several microseconds.

There is no Dn data. However, one can make estimates of both K and Dn based on the

scaling law data presented in Table 4 and the model assumption data presented in Table

15.

To estimate the magnitude of the surface currents which flow on the satellite

cortsequent to a discharge, we have summarized the average scaling laws for current

Ip(A) = KI A0"55 (cm2), (71)

where 1 _ K I _ 10, and that for pulse width is

"rp(nS)= KpA 0"55 (cm2), (22)

where Kn = 20. It is assumed that area of typical spacecraft dielectrics lies between

100 cm2rand 4m 2. Then the calculated extreme values of expected current and pulse

width can be estimated and are given in Table 12.
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Table 12. Characteristic Discharge Responses

Area (cm 2) Ip(A) Tp(_S) Dn(A/m2/sec) Dn(Clcm2 )

I00 12.6 0.25 105 l.g x I0 -_

4 x I0 # 5190. I0.0 5.103 1.8 x I0 =3

The values for the peak current are undoubtedly an overestimate,as the I
P

calculatedis the emissioncurrent. The experimentaldata indicatethat the body

currentsproducedare onlya fractionof the emittedcurrent.Perhapsa more realistic

upperbound might be Is < I000A, _p < 5 Vs.

The normal electricdisplacemen_J.ieldscan be estimated in a similarmanner.

The normal displacement field Dn produced by a charge separationof + Q is

approximately

Dn = _A (c°ul/m2) = 104KQ _1"8 x I0 =3 C/m 2 (23)
v

The rate of rise is approximately

- -- 9 A-°'5- 8A c/ 2  24>K
P

Order of magnitudeestimatesforD and D can be found inTable i2.n n

It is possible to measure surface currents of sufficiently large magnitude in the

absence of ionizing radiation field using surface current sensors like the Singer 95210-1

or 95210-2. These small, surface mounted sensors have an active area of about 1/4 to

1/2 square inch. If sensitivity is a problem, then B (or 3) sensors which measure the

rate of change of B or magnetic inductlo,, field can be used. Specifications for the

CML Bsensors are provided in Table 9.

One problem to be faced with using sensors that measure time rates of change is

that the relative amplitude of the higher frequency components are magnified, even

though these components contain relatively little energy. Therefore it is advisable to

integrote zhe output of these sensors where possible using active integrators with time

constants long compared to pulse width (about a factor of l0 is recommended).
)

The rate of change of che normal displacement field or surface charge density D• rl

can be measured with a surface mounted sensor like the EG&G CFD D HSD-3 sensors.
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Currents flowing along booms or cable bundles can be measured by clamp-on

current sensors such as those given in Table 9.

Some of t.hese sensors such as the CML tb sensors have differential outputs. A

balun _.r impedance matching transformer is required to convert the output from double

i ended to single ended. The sensors should be mounted directly on the satel'ite surface

or boom. This may pose practical problems in terms of means of adhesion and
,/
: avoidance o£ surface cor,_amination. Signal cables should be run from these sensors to

i the fiber optic data links in a manner least likely to perturb the electromagnetic

environment_ i.e., along ground planes. The use of RF tight, semi-rigid Cujack or

Aljack cable and locking connectors is recommended.

3.6.2.3 Internal Measurements. Section 6.2.[ of MIL-STI3 154l requires that

monitoring of specific response points be made during testing in addition to

performance data which may be received via the EAGE or vehicle telemetry. The

system specific points must be selected by the manufacturer and approved by the
v

procuring agency. Given the mode of EID coupling_ the monitoring points are most

likely to be the currents and voltages on critical signal lines, or at inputs to the

interface circuits of critical functional units. All of the measurements are of two

types, currents on individual wires and input voltages at critical box pins. A variety of

standard current and voltage probes are available to perform these measurements. A

representative set of these is given in Table 9.

These measurements must be implemented without disturbing the operat!on of the

spacecraft. Pract_cally, this may mean modifying cable bundles by including interior

wires on which can be mounted current probes, putting monitorint, points in critical

circuits which can be accessed through box pins, or by providing breakout boxes which

interface between the normal cable harness and the input connectors of the box under

test. These boxes contain necessary current and voltage sensors, coupling circuitry to

isolate tl,e measured cable or test point from the measuring device, and, output con-

nectors. The ou*put of the sensors is then run via separate cables back to a 3-box

located at the satellite where the coaxiai switches and fiber optic or other data

transmission links are gathered. The break'out box approach hos been uaed to perform

SGE,_P electrical testing (Refs. 37, 38).

In addition, it may be desirable to measure the internal electromagnetic environ-

ment of the spacecraft to ensure that it is correctly driven and to locate any POE's.

This may be done with the environment sensors described in Section 3.6.2.2. In
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particular, it is useful to measure the currents flowing on cable bundles using one of the

clamp-on current sensors described in Table 9. This is because a major coupling mode is

through the electrical and magnetic field penetration of cable shields into individual

wires.

3.6.3Data Record]rg
I

The signals to be monitored during testing are of two kinds. Electromagnetic

response data such as surface currents and electromagnetic fields, and satellite ,_

telemetry data. The former is relatively high frequency (I-200 MHz) analog data, while i

the latter consists of much slower cligital data. The preferred test configuration

described in Section 3.5.2 is one in which the spacecraft is electrically isolated except

for current injection and return over paths with controlled characteristics. These

requirements in turn determine the characteristic of the required data systems.

3.6.3.1 Dielectric Data Links. Transmissions of high frequency analog data is to
v

be via wide band analog fiber optic data links. The type of system required consists of =

I. Wideband (0-300 MHz), many in - one out coaxial switches

2. Wideband (.01-150 MHz minimum) analog fiber optic data links

3. Digital Attenuator, 0-60 dB

4. RF Amplifier; 20-26 dB gain, 0.01 to 500 MHz (3 dB bandwidth)

5. Digital Fiber Optic Control Link

6. Digital Control Circuitry.

The function of these systems is to provide a means of monitoring several critical

points with one data link. Because the range of possible signal amplitudes is large it is

necessary to provide both amplification for small signals and attenuation for large ones

as the normal operating range of the LED in the FO transmitter is typically +_5 to _+500

mV and often less. The systems given in Table 13 can monitor signals from ,, few

hundred microvolts to I kV over a bandwidth of 0.01-150 MHz. A bloc_ diagram for the

IRT system is given in Figure 23.

3.6.3.3 Vehicle Status Information. Vehicle status information during testing

will be p_ovided by the spacecraft telemetry system. In order to provide for electrical

isolation, this information will be transmitted via the satellites RF links.
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Table 13. Representative Dielectric Data Systems
Unit II_T AFWL

C_xiafl Switc)_ Mlu'u_ Protrlmm4Cde Nov_k - M_LC:_ !
in - 8 out (0-300 MHz)

Attic _ FO Unit Merit MDL Z_9-20-_30 Commercia_ Unit
0,01 - l_0 MHz (3 d8 BW) Nanoia._ Ma(lel OP-_O

UBW = I_0 MHZ

Attenuator Alan Industries # _0DA63) . IO mV to. [00 v input
- Progrlmm4uble, 0 - 63 dB with 20 dB _ullpiitiet-,

3t l_, 20, _0, HR attenuators

RF Amplifier Avantek, AWL _00, 26 d8, a/_d cona'ols incorporated
Kiln, .001-_00 MHz.
(3 dB BV/)

RF Trinket Swi:c_ Transco 700 C 70100

Di_taJ Fiber Optic Mare XDll00 Xm_
Link RD !lO0 Rcvr

Di_tad Con_'o! Unit Custom 6udt

-LOVi

,.OGIC _[TO_INE TOSF._S_ S
_NTIIO4,,LER _ 'JN1T ""

• ', • , •
:_C - iOV _ _ _

_IC _ "_" I l _ I .... _ _'C,. 8_ __ 0 $F..Nr'_R'_

NITO4I1_ " _ i : ] ...... , ,-- _.

,c ' _ //', " ou_,ur
' .......... -! i /ii! _ !

? L___J_'__ I I' ; ; I _[". L--J _, ; ']s II , 4ti I _'
........... •'_ / / ,._v I i i

1 , t _ i/lit I
','/ {i _11111,i ,

t |

;37_$

Figure 23. IRT Analog Fiber Optic Data Systems
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The iRT system was built out of commercially available components except for

thedigitalcontrolunit.The NanofastModel OP-50 isa commercial system procuredas

a package. The IRT system was designedto be remotely operatedin a vacuum. For

electricaltesting,some simplificationispossible.Tl,eprogrammable coaxialswitch

and attenuatorccouldbe replacedby manual unitsaccessiblefrom thesatellite-signal

lineJ-box. Thiswou/d eliminatetheneed for controlelectronics.

3.6.3.2 Recording of Fast Transient Data. Generally, fast transient data will be

recorded on oscilloscopes and cameras or transient digitizers. Transient digitizers are

preferred as both an analog and digital signal is obtained. The digital signal can be

stored and processed with other data from the vehicle AGF and telemetry. To avoid

degradation, the bandwidth (upper 3 dB point) should be as high as possible. While the

major response currents have characteristic frequencies of I to 20 MHz, vehicle

structural resonances can exceed 150 MHz. It is recommended that transient recording

devices have a minimum bandwidth ol 100 MHz and should preferably be 200 MHz or

above. Representative units are listed in Table 14. '

Table 14. Representative Data Recording Devices

Upplr (3ab) Mmlmum Sen-Jttvtty
Device BW (MHzJ (V/diV) Commenu

Tektronix 770¢ Z_0 10rnV, ImV (100 MHz)
Tektronix 7S_ _00 t0mV, imv (100 MHz) DuAl BeAm
Tektronix 7904 _00 i0mV, lmV (105 MHz)
Tet<tronL_7S34 _C) I0mV, [mY (100 MHz) Storage Scope
HP 171_A 200 _ mV
HP i72_A 27_ 10 mV
HP 1727A 27_ t0 rnV StoraEe Scope

Tran+aent Oi_ittzen

Btomatton 6_00 t00 MHz
Biomation S 100 30 MHz Dual Cha_net,

L£mite_ Value
Tektronix 7912 _00 MHz 10mY, lmV (10._MHz)
Te_ctronuc7612 SOMHz i(,_rnV,_mV (SO:,lHz)

3.G.3._ Data Transmissions for the Alter._ative System Test Configuration. For

the system configuration described in Section 3.5.3, the links between spacecraft and

EAGE and recording instrumentation will be hard wired and run through the inductively

loaded stinger which connects the satellite body to the ground plane.
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3.7 TE5T CONDUCT

3.7.1 General Procedure

The following steps shall form the major elements of the test:

I. A complete pretest functional checkout will be performed using the EAGE.

The nature of the checkout will be specified in the test plan and approved by

the procuring agency.

2. The spacecraft will be disconnected from the EAGE and placed on battery

power and the RF telemetry system for command and status monitoring will

be activated.

3. A series of electrical injections w'll be performed according to the steps

given in Sections 3.7.2. During injection the vehicle will be operated in

representative on-orbit /light modes and in the on crbit configuration as

specified by the manufacturer and approved by the procuring agency: The

spacecraft's on board housekeeping capability will be used to monitor its ,

behavior for out of spec operation according to system performance criteria

defined by thc SPO (see Section 3._.2.2)

t_. At the end of a _eries of injections at a given point and drive level a quick

look functional checkout of the spacecraft will be made before _roceding to

perform tests at the next drive level. The nature of this checkout will be

specified in the test plan and approved by the procuring agency.

5. Following the complete series of electrical injection tests, the spacecraft

will be reconnected to the FAGE and the system functional tests performed

in Step I will be repeated.

3,7.2Current In_ctioa Characteristics

The assump_iorts on which the proposed electrical injection sch_,-nes have teen

hosed have been reviewed in Section 3 and Reference 2. For convenience they are

summarized in Table 15. The primary one is that the principal electromagnetic driver

in generating surface electromagnetic fields is the b/owoff of electrons. From this

premise, it i._ possible to predict the response of satellite like objects if one makes

cer'ain assum_)tions about the emission characteristics of the blowoff charge (magni-

tude, energ-y and angular distributions, surface albedo, presence and characteristics of

an associated plasma). However, these ca/cu/ations have not been able to predict the

87

1983003867-092



response of real satellites,i.e.,those with reentrantgeometries such as booms,

antennae,etc.,largelybecauseof a lackof a wellvalidateddischargemodel,but alsoin

part because of the inaccuraciesinherent in trying to predict the response of

complicatedsystemswithsimplifiedmodels. Inaddition,thenumber of casesfor which

calculationhas been performed isextremelylimited.In a sense,responsepredictionis

initsinfancy.

Thus, one must fallback on the limitedbody of data which connects inferred

dischargecharacteristicsto the observed responseof simple systems such as planar'

dielectricsurfaces. To some degree,the observeddischargeemissioncharacteristics

show the kindof areascalingdescribedinSection2,and summarized inTable 4. Based

on thosearea scalinglaws,the simplecouplingmodels,and the limiteddata base,on_

can derivepredictionsas to theanticipatedskincurrentsgeneratedas a consequenceof

EID. inparticulardielectrics.

Table 15. Summary of A_umptions Used to Derive CurrentSourceTenm
v

i. The predominantmode of excitationisthe blowoffof electrons.

2. Punchthrough and flashoverserve primarilyto reduce the potentialof the
dielectricrelativeto theJtructure.

3. The emittedelectronsmove in field_whose sourcesar_ electronstrappedin the
dielectric,rep!acernentchargesand currents,and otheremittedelectrons.

4. Spacecraftisolationen.quresspacechargelimitingso thatmost electronsreturnto
tilestructure,hence, current f/ow is limited,decreasingin amplitude and
pulsewidthas thedistancefrorlthe dielectricincreases.

5. A worst-caseistaken to be the responseof the satellitegro¢mdedfor which the
skincurrentsare equalto*.heblowoffcurrent_.

6. Replacement currentcharacteristicsare describedby the .,calinglaws presented
inTable4.

Therefore,inthespiritof doingwhat one can at thistime with :he availabledata

base, these scaling laws have been adopted as the _'ovisionalinjectioncurrent

amplitude and pulsew_j,:hcharaeteri_tiesto be providedfor S_ction50.4.2.1of the

provisionalSCA. We wish to emphasize thisprovisionalnature and underlinethisby

restatingthe caveatslistedin Table 16. The specificationas itstandsisincomplete

becau_ no _nformationisgiven on the normal electricf_.e_dsossociatedwith charge

density. The couplingexperime;._sdescribedin References 2 and 4 die not mea_Jre

this quantity. Planar sample measurements reported in Reference 21 indicate that

they can be tens of kV/m. The normal electric fields on the surface of *h_ test objects
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can be calculated with the ,nodelin 9 approach described in References 4 and 5. It would

be useful to publish such data if it exists and to perform additional calculations and

"neasurements for realistic satellite configurations.

Table 18. CtTrent Scaling Law Caveeta

:. Scaling based on monoenergetic, circular samples, .qrotu_ded edges. Real samples
show order of magnitude variations about the mean.

2. Coupling based on limited validation.

3. More complicated environmental simulations (UV, high-energy electrons) typically
diminish or eliminate discharging.

4. Possiblerateeffectsfor typicaltestsfluxes(Ina/cm2),low-fluxthreshold.

5. Real dielectrics do not show regular discharging patterns (edges, seams).

6. Neglectsplasma effects(Debye sceeening).

7. Does nothandlereentrantgeometries.

8. Probablyworst-case.

The questionof emissionpaisecharacteristicshas a crucialbearingon possible

currentinjectionand experimentconf_gtwationi_ues. Ifthe blowoffdischargeswere

smaller(.¢ay<50A), and narrower (<200 rus)it would be more feasibleto employ

capacitivecouplingina threatlevelsimulation.ItmighC alsobe passibletou._eferrite

isolationof power supplies,data linksand the satelliteAGE which wo,dd make

experimentalimplementationmuch lesscomplex.

3.7.2.1 DirectInjectionExcitation

I. The critical _tress points will be driven by a direct current injection

with direct return of the type specified in Section 3.6, i. The pulser

circuit parameters will be adjusted to yield an excitir.s pulse that

will have a maximum peak amplitude Ip and approximately equal

rise and fail times t r = t_ = Tp chosen as foll,Jws in order of
preference:

a. Scaled values of Ip, _'p based on laborator,' electron spraying
measurements on rna;crials of the same type as used on the

spacecr_It. The laboratory data will be scaled according to the

area scaling laws given in Table 17 for I=EP Teflon, Mylar,

fused Quartz and Kapton. For other types of materials it will

be ,.ssumedthat:
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Table 17. Summary of Discharge Scaling Laws

n n Qp(_C)=KQA(Cm2)nQIp(amps)=KiA(cm 2) I rp(ns)=KpA(cm 2) p

Material KI nI Kp np KQ r,Q

Teflon _ 10 0.58 16.5 0.48 0.18 1.06

Kapton a 5.6 0.51 21.9 0.59 0.15 1.00

Mylar a 10 0.59 18.2 0.46 0.21 1.05

Fused Silica b 0.81 0.6

a. Ref. 24
b, Ref, 2

(Drive) A 1/2 (Spacecraft) (23)
rp(Orive) Ip (Measured) = A 1/2 (Test) 'rp(Measured) = Ip

where _p (Measured) and Ip (Measured) are the discharge pulse
widths, and total return currents (edge + backplane) for the test

sample of area A (test). Ip (Drive) and rp (Drive), are the
corresponding current injection peak current amplitude and

pulse widths for an actual spacecraft materia _ configuration

with a dielectric area A (Spacecraft).

b. On the basis of a coupling analysis whose source terms and

method of calculation yield the surface replacement currents

for an excitation over the critically stressed area produced by a

blowoff discharge. The analysis will be approved by the

procuring agency.

In all cases, the value of I so determined shall be increased by
P

3 dB te provide for the 6 dB overstress (energy) above those

levels calculated by Methods a or b.

2. Current will be returned to the pulser at locations remote from the

current injection area. The response produced by the return at

several diflerent locations shall be determined. These locations will

be chosen to provide maximum excitation of points of entry (POE's)

for the coupling of electromagnetic energy into the interior of the

spacecraft adjacent to the excitation location.
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3. The tes, qg will be conducted by injecting current pulses with the

correct _'p, but r.t an initial peak current Ip which is 21 dB below the
amplitude as delined in I. The pulse amplitude will be increased in

approximately 6 dB steps until the level delined in I (Ip + 3 dB) is
reached. The number ol pulses to be injected at each level will be

specilied by the manulacturer and approved by the procuring

agency. However, it is recommended that at least three pulses be

injected at each level for each pair of excitation and return points.

3.7.2.2 Capacitive Injection

I. The critical stress points will be driven by capacitive injection

which may either be through capacitive cout_ling with capacitive

return or direct coupling with capacitive return. The pulser circuit

parameters will be adjusted to yield an exciting pulse which has a

first lobe peak amplitude Ip and time to first zero crossing t I chosen
according to Methods a or b given for direct injection.

2. The capacitive coupler or direct connections to the critically

stressed _rea will be designed to excite the same area as

participates in the discharge. This may be assumed to be the entire

conductively bounded dielectric surface.

3. The current return to the pulser will be through the capacitive

coupling of the test object to the common pulser test object ground

pl_ne, [or direct injection or through either direct or capacitive

coupling for capacitive couphng ol the pulser to the test object.

4. The testing will be conducted by injectlng current pulses with the

correct t I but at an initial peak current Ip which is 21 dB below the
amplitude defined in I. The pulse amplitude will be increased in

approximately 6 dB steps until the smaller oI the maximum

attainable level or 3 dB overstress level is reached. The number ol

pulses injected at each level will be specified by the manufacturer

and approved by the procuring agency. It is recommended that at

least three pulses be injected at each level [or each roint ot

excitation,
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5. II it is not feasible to capacitively drive the spacecraft at I + 3 dB,
P

then additional internal sensors of the type described in Section

3.6.2.4 wil' be added to the spacecraft at internal monitoring l)eints

in su2ficient number to provide data to determine wF,ether the

spacecraft would show improper rasponses if driven at %1i criteria

levels based on the susceotibility thresholds for systems and

subsystems as specilied in MIL-STD 1541, Section 5.1.2.1 6.

Subsystem electrical testing of those system components for which

the above analysis indicates negative safety margins at critical

internal te_,t points is recommended t_ verify the analytical results.

This testing will be conducted in the manner prescribed for

subsystems in Section 50.4.2.1 of the SCA.
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APPENDIX A

REPRESENTATIVE INSTRUMENTATION '_

( b
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Table A l. Tektronix Current andVoltage Probesa
Frr PROBES

Where higher frequencies (above 250 MHz) inpuT LIMITS

are encountered, active FET probes which moetimei Ms= i Uneer _ O¢ thave high input resistance and low input =¢+ : Oynlell¢l Offw! : Reli4,,,
TyIII Alltll length* Pickile Nulllailri loading In n= pK lie i Riligll qelise ; Otll Pll_capacitance through their dynamic range

should be used. ForS0_systems, see adJa- pu4= _xl 8.0 i 010-0232-00std 1MQ lOaF 3.5 :2SV =5V ; NO 2;

cent selection chart of 50 13divider probes. OmlAme _, I I _0 _iu 3 oF =250 v =so v _
; _X! 8.0 i 0104201-015t0 100 I,[1'_ 30F' 0.4 =100v _-0.(iV =5.6V ; YES

,lllrr 1MQ 1.S!oF: =__.200 v -_6v =SSV ! 2

!100XI IMll I.FDF = !"200V =_lV :'200V '

PO=O=A _ 2m i 010_!202-O3Std 10MO 2pF! 0.7 =200V ! =tlV "55V i YES

FrT !100x! :W/010..0084-.00Atn 10M_ 2!_FI 0.7 ;-,-200v ; _(10v -200v , NOi . . , ,

50 _ DIVIDER PROBES. For ues with 50 .elInput ampliflerl

For rise time measurements, the interaction , / INPUT LIMITS
of the probe capacitance with the source _i latex unoer

Olmamlc RO=_.impedxncd is of importance (RC time con- me, .mi
stsnt). For best results, the capacitance T_ Atria Length" PeckiNle Number. Loading , In ne i pk am Range out : Pit

: 6.0 : 010405i_03St¢1 j 500Q 1 pF 0.1 l --lSV -*-18V YESi

shOuld be kept minimal. Typical probe speci- M0M I 10x 010-eose-osOpt I i 2
flcatlons represent their response to s 25 _'l ] 9.0 I = r i

source environment. _10ox _ 010-4o57-03 Sta I 5 KQ I lIF 0.25 I _--50 V _50 V q YES _"

I '' I _,_=7-0so0,, il
, i

*Lengtll in feet except w/le_e sDe¢ifle_.

CURRENT PROSF.._

For meMurlng currents from dc to 1000 A, I Cummt/OlVo SATURA'rlON i lJsee the sdJacent Selection chart for current " s©obe_t ! MAXIMUMCURREN.r

pro,, i ]`"',,-,,Be'"i .,,,.s"",''=+'' =."; Be" ,.,-""*;
I Amp /_m_lli Below ABe. Ampi IICurrent prol:Nm can be used where low load- _ HI to MHi 10 mV/d' ' malay ABN Pm4uet

i2,oing of tim circuit I_ ntceeelry. Loading is pile=/ 20 1MHz 50 l''
AMIO=

typically in the mitllohm to low ohm range. Pilli/ I Hz _.2 kHz 5Okt 2
Current probes can ba used for differential AM so= i I I

with C.r.S ', ' i
measurements, where the probe meMuree 1

1=tl3031 : : j 2
the results of two opposing currents in two AMlli _0G ' 200 ! 20 kHir 500 I 2

i J i
conductors _ the Jsw of the probe. I_lll i i

A current weveform may be yew different Pmi_Term I 15 1:300 Hz 5 MHz 250

from e voltagewaveform in a current-depen- 1=4 _ mA to 1A'i 0.5 0.Sxl0 -_ 15 230 Hi 5 MHz 15 r

dent circuit. Maaxurlng only the voltage will , ' it , I

rot shOW this difference. To obtain the total ¢1'1s I I i =
i_mlll ! I i i I

picture, a measurement of the current wive- Term 120 20 , io or 10 i( i 20 I 0,S =2000 300 Hz 1.2 kHz 50 kii
form is necesaary, c.r.s/_! 12 20 120mAtolk_=l 20 _ 0.5 i2000 230He 1.2kHz 1Sk;

/ '
Tellil ,8. `¢ k 200 1 or 10 i 02 Ilxl0* i . `¢ 3 kHx 10 MHZ 100

i _ I I * " * 1`¢
134 I 100 8`¢ ' 1 mA tO _A" i , 0.2 gxl0'* (I :13 kHZ 10 MHz

i I 'C_-I 0 k 1000 _SmVImA : 0.2 i Ix10.i 1 4 100 i 2
1 i i i i i i

¢1'-,1 tlik 100 I i 1alma i0,2 : S0xl0"* ' ? ' _00 I ;
"$¢o04 it $0 mV/dlv

aFrom Tektronix 198l Instrumentation Catalog.
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Table A2. AIL RF Current Probes for EID Testing a

Model Gap BW (MHz) Pk Current (A) Nominal
(Inches) z. (Ohms)

(lnt_) 50 Ohms)

91550-3 1 - 114 O. 01- 100 500 O. 033
91550-4 1-1/4 0.02-100 500 O. [
91550-5 I-l/it O. 1-100 100 1.0
91550-7 1-l/it l). 002-180 4000 0.002
93686-2 2-5/8 O.3- sO 100 5
93682-3 2-5/8 O, !-litO 100 2
93682-it 2-518 O.005-1 O0 tO0 O.06
93666-4 2-518 O. O01-1 O0 500 O. 06
93686-itm 2-5/8 O. 001 -1O0 4000 O. 005
9it330-1 3/4 1-250 10 7
9it430-2 3/4 0 1-250 50 1
94430-3 3/4 0.01-250 50 O. 1
914430-it 3/it O.01-250 50 O. 05
9itit56-1 it O. 1-50 100 5
941456-2 4 O.1-90 100 1

v

94456-3 it O.Ol-IO0 lO0 O. 1
94it 56-4 4 0 ,,01 - 1O0 1O0 O.06
9521 O- l O. 375x0.230 b O. 1-1 O0 300 3
9521 O-1 O.625x0.374 ° O, I - 1O0 300 3

aFormerly - Singer Instrumentation Data from RF Current Probes Singer Instrumen
! tation, Data Bulletin CDI

bsurface Current Probe

95
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OF POOR QUALITY

Q

CML B-SENSOR (Ground Plane)
(RADIATION HARDENED)

The CML (CylindricalMoebius Loop)B-dot sensors (Models 3, 5, and 6)are small

radi,ttion hardened ha_ cylinder loops mounted on conducting ground plates for positioning

on a ground pla_e to measure the time rate-cf-change of an incident magnetic field in a

gamma radiation environment. These sensors can also be used for _arface current

density measurements. These probes axe passive devices requiring no external power.

These sensors axe cytindricalloops with one gap and the pickoff cables wired in

moebius config_r'4tion. The voltage signal developed across the gap by the changing

magnetic field is sensed in the differential mode by the pickoff cables. The moebms con-

figuration and the differential output provide for common mode rejection of unwanted

signals generated in the ca_les by the gamma radiation and electric field components.

The output cables of _1 CML sensors exit through the ground plane (radia_ version),

norma_ to the cylinder axis.

The X-versions of these sensors have the sensing loop structure formed from a

sparse wire grid. This maximizes the transparency of the sensor to X-rays and photo-

electrons.

PERTINENT EQUATION

Vo = _eq" = sensoroutput (involts)

where
"_ m2_A = sensorequivalentarea(in
eq

B = magneticfluxdensityvector(inteslasl

96 FigureAI. B sensordata
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ORIGINAL PAGE i3

OF POOR (_UALITY

SPE ClFICATIONS

Parameter CML-3 CML-X3 CML -X5 CML-6

Equw,_entArea 5 x 10.4m 2 5 x I0-4 m 2 I x 10-3 m 2 5 x 10.3 m 2

Frequency Response (3 dB point) 632 Ml-lz 700 Mltz 500 M'Hz 175 MHz

Risettme 0.6 ns 0.5 ns 0.7 ns 2 ns

Max'tmum Output = 5 kV peak : 1.5 kV" peak : 1.5 kV* peak : 1.5 kV peak

Maximum FieldChange 2 x 107 tesla/sec 6 x I06 tesla.Sec 3 x 106 teslasec 6 x I0_ tesla/sec

Radiation Level

X-ray (< 20 keV) 101! r'_d/sec 1013 r_l/sec 1013 r-_l/sec 1013 r_l/sec

v-r_y (- 5 MeV) 1011 tad/see 1011 nd/sec 1011 rld/sec t011 rad/sec

M_s 0.730g 600 g 2400g 400 g

Dimensions (cm)

D 8.89 7 94 15.24 15.240

H 2. 032 1.58 2.03 4.50

T 1. 600 1.60 1.60 .935

L up to 7.5m up to 7.5m up to ?.Sin 2.9 (coon)

OutputConnectors Optional Opttona.[ Optional OSM-210-1,
50n

•Based o_ fietd installation of SMA cmmeetors

NOTE: 1) Mass Indlcated for CMI.-X3 and CML-X5 Intrudes lead shielding.
2) Ground piane thickness noted includes lead shield material thickness. v

_ 2.9cm
I CML-8 I III

I ll'q
Assembly_ (I i ---- 2.9cm

H T
q el |

(Data and SpeciIicztions Sub)ect to Change without Notice/

ORDERING INFORMATION:

I=or Price, Availability, or Further Information, Contact:

rl
ELECTROMAGNETICS

FigureAI (Continued) 97

1983003867-102



rl DATA SHEET 1315

OF pOOR{3_-''

IA-200 & IA-300
ACTIVE INTEGRATORS

The EG&G SeriesIA-200 and IA-300integratorsconsist

ofa passiveresistor-capacitorintegratoravailablewithstandard

RC time constantsofI,5,10,or 100microsecondsfollowedbyan

activeFET amplifiersectiontoprovidea highimpedanceloadfor

theintegratorandtoprovidea 50 ohm outputimpedance.

The SeriesIA-200integratorsaredesignedforinst_tllation

insideEG&G microwavetransmitterpackagesand usepower from

themicrowave transmitterbatterypack. IA-300seriesunitsuse

eitherTektronixor Hewlet'tPackard Oscilloscopeprobepower to

eliminatetheneed foran additionalsupply.

98 Figure A2. Typicalactiveintegrators
k
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OR;G_AL It::',_::::{"]_

OF POOR QUALITY

SPECIFICATIONS

13andwidth: dc to 130 MHz (250 MHz on special order)

Input Impedance: 50 ohms

Load Impedance: 50 ohms

InputPower: + 12V (± 10_);60 mA

Input Connector: GR-874 or BNC (IA-300);SMA (IA-200)

Output Connector: GR-874 or BNC CIA-300); SMA (IA-200)

Range: Deviceissaturatedwhen Vout• ± 600 mV

Dimensions (cm) L 1 W h

IA-200 8.4 5.1 1.9 3.3
IA-300 13.9 5.1 1.9 3.3

PERFORMANCE & EQUIVALENT CIRCUIT - The typical response curves and equivalent
circuit for the 1 _s, 5 _s, and 10 _s time constant integrators axe shown below:

1000.0 , l , , '

__-,o=o _\ _xt,_._"'_ /. L--. ._\

I0.0 , .

. I ,,,,
I,0 N

0.01 J,. I

1 Kill 10 Kill 100 Kill I Mill tO MI-iZ 100 _l-ll

_REOUENCY

TRANSFER FUNCTION

Vout(s) I ' :

The transferfunctionoftheintegratorisgivenby.: _ =

Where s = Laplace operator. The transfer function is that of an integrator for sinusotdally
varying voltage ff the frequency is large compared to 1/(2 _RC): or for transient voltages
for times small compared to RC.

(Dataand SpecificationsSubjecttoChange withoutNotice)

ORDERING INFORMATION:

For Price, Availability, or Further Information, Contact:

n
ELEC:TI_C)MAGNE T ICS

Figure A2 (Continued) 99

.................4

1983003867-104



ORg_INAL PA,_E i_$

EG_G OF POOR QUALITY DATA SHEET 1107WASHINGTON ANALYTICAL SERVICES CENTER, INC. September 1980

MGLSURFACECURRENT(j)SENSORS

k(GL- S5 iR'

,,,.... : 7:_, "1i' ....

'_: '; iii _', 'r' L, -S8 tml

i:I,' ,, i:: ..... '!.... : ' _1....... '
' ; ,.

The MGL Multi-Gap Loop) J-dot Sensors (Models $4, S5, $7, and $8)are half-

cylinderloops mounted on conductiveground platesand positionedon conductingsurfaces

to measure the time rate-of-change of the surface current density(Js)by means of the

associatedmagnetic field.The)-are identicaltothe basicMGL B-dot ground planesensors

except for (I)shorter baseplates, which simplifymounting on current carrying surfaces,

and (2)connectors on theradialversions which are on theground plateinsteadof protruding

through it. These sensors are passive devices requiring no power and have been used

extensivelyinEMP testprograms.

The half-cylindersensors have two symmetrically locatedgaps which are combined

by a series-parallelwiring arrangement todrive the coaxialoutputconnector. The output

connector can exiteitheralong the cylinder axis (axialversion}or along a radius {radial

versiun) as shown above. In both cases the connector is atthe edge of the ground plane.

not below itas inthe standard MGL-4(R), 5(R), ?(R), or 8(R) sensors.

PERTINENT EQUATION

dJs

Vo = _o Aeq "-d'f-sin 0 = sensor output (involts)

where _o = permeability of free space (4 _ x 10 "7 H/m)

Aeq = sensor equivalentarea (inm2_

J = surface current density (in Amps/m)s

sin0 --angle between sensor axis and Js vector

100 Figure A3. j sensors
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}
J

SPECIFICATIONS

Par_neter MGL-S4 i MGL-S5 MGL-S7 MGL-S8
l

Aeq (m 2) 1 x 10 "2 1 x 10 -3 1 x 10 "4 1 x 10 -5
Frequency > 230 MHz > 700 MHz >1.8 GHz > 5 GHz
Response
(.3 dB pt)
Risetime • I.5 ns' • 0.5 ns •0.2 ns s.07 ns

(Tr i0,90)

Maximum 5 kV 5 kV 1.0 kV 150V !
O.t'put j
Maximum Field

Change (Teslas/sec_ 5 x 105 5 x 106 I x 107 1.5 x 107 ii
Output GRI3'74L-50_ GR874L- 50_l ARM2054- ARMM
Connector 0000 4064- 0000

Mass 4.5 kg 2_7 kg 80 g 15
Dimensions (cm)

L 41.4 31.5 10.4 7.62
W 36.3 25.4 5.6 2.54
h 13.2 6.1 2.3 1.38
t 0.32 0.38 0.25 0.1

Note: Ground plane dimensions axe
somewhat different between
Radial and Axial versions.

The larger(radial)dimensions
are listed. Axial or Radial

output specifiedby deslgr_tions
MGL-SN(A) and MGL-SN(R).
respectively, where N =4, 5,7, or 8.

Note: '%" for Models 57 and $8 is

connector height.

RAOIALt

(D_ta and Specifications Subject to Change without Notice)
, , i

{D_(D_mIN_ INFORMAT,ON

F_ Pr'w_g. Av,DI4W_I_&V. O¢" F_..w-_,_ _"@Oew_..IOf_. _x2r'_._

n
_1_ E_I_ _ WASHINgtON ANALYTICAL SERVICES CENT., INC.

ELECTROMAGNETICS

Figtme A3 (Continued) t 0 t
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L

¢rD b SENSOn

III

I I I II I I I I I "

The CFD (Conforming Flat Dipole)sensor is a thin, flexible sensor which is

designed to conform to a cylindrical surface, such as an aircraft wing or missile body,

which is used to measure the time rate of change of the electric displacement vector

(dD/dt). It can also be used to measure the time rate of change of surface charge density

(dqs/dt). (l_t_ _teet 1118 describes special qs sensors.) The conforming feature is

_zined at a sacrifice in frequency response and accuracy due to the thinness of the sensor,

and also to the fact that the equivalent area of the sensor changes slightly when curved.

This sacrifice is justified in light of mating any measurement at all on highly curved

surfaces. The sensor is a passive device and requires no externxt power. The sensing

element ts protected by a thin mylar cover.

PE RTIIq'EN'r EQUATION

v° = n _eq dff• T = sensor output (in volts)

_e re

R = Load Resistance (50 ohms)

A'e " Sensor Effective Area (in m 2)q

= Electric Displacement (in Coul m2_

t

102 Figure A;. D sensors
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SPECIFICATIONS
I ....... ]

MODEL CFD-1 Ci _-2

A (m 2) 1 x 10 "3 1 x 10"Z
eq

Frequency Response 300 MHz 67 MHz
(3 dB point)

Risetime (T r 10-90) 1.1 ns 5.2 ns

Maximum Output *I00 V * I00 V

Output Connector ARM 2004- ARM 2004-
7188 7188

Dimensions (cm)

L 15. 2 30.5

W 7.6 20.3

t 0.3 0.3

H 1.3 1.3

W

(Dataand SpecificationsSubjectto Change withoutNotice)

ORDERING INFORMATION:

For Price. Ava,labllity, or _=urthet Information. Contact:

{1
ELECT I=IQM AGNE T ICS

Fibre Ai (Ccmtinued) 10iI
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HSD I]) SENSORS (Ground Plane)

i

These HSD (Hollow _herlcal Dipole) senaors axe mountedon I conductingsurflce

and used to mea_ttre the time rate-of-cha_ge of the electricdlsplacement vector (dD/dt).

They axe used tomeuttre the electric field(E = _o) innumerous EMP simulators such

as ALECS a_l ARES. The HSD can _Iso be used tomeaJture the time rate of change of
d

surface charge density,_ qs" (Data Sheet 1117 clescribesspecia.tqs' sensors).

These sensors axe availablein raditland axialcorffiguration=with the outputcon-

,_ctorexitingthrough the mounting surface inthe axialversion. The sensor isa passive

device and requn-es no power. Fittings are provided to fillthe sermoz interior with high

dielectricstrengthgas , such is nitrogenor SF6, in high fieldapplicationswhere intern=_

axcing could _ecome a problem.

PERTINE yrr EQUATION

dD

V° * R Aeq _ = Sensor Output finvolts)

where

R = Loud Resistance (50 oh,rnsl

2
A = Sensor EffectiveArea _Inrn ,
eq

C
D = Electric Displacement I,n---_,

rn

tot+ Figure A_. Alternate i_ sensors
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OF POOR QUALITY

SPECIFICATIONS

Parameter HE)-1 HSD-3

Aeq (m 2) 1 x 10 "1 1 x 10 .2

Frequency Response (3AB pt) -'130 MHz -)350 MHz

Rit, etime (T r 10-90) -<2.7 n_ _-1 ns

Maximum Output .4 kV =4 kV

Output Connector GR-874L (50_.) GR-874L (50_)

Mass I.8 kg I.4 kg

Dimensions (cm) AxiRI* RadiRl* Axial* Radial*

L -- 58.4 - 47.0

W 28.2 28.2 17.8 I2.7

h 10.4 10.4 I 3.3 3.3
t

t 0.32 0.32 0,16 0.16
D 5.8 -- I 5.8 --

I
i v

•_xiRlor RadialOutput Specifiedby Desigrmtions
HSD-N(A} and HSD-N(R), Respectivelywhere N =I or 3.

(Dat_ and SpecificationsSubject to Change without Noticel

ORDERING iNFORMATiON:

I¢or PTICO. Ava,,18Lility. or Further information. Contact:

n
EL ECTI=IE3PVIAGNE T,CS

Figure A_ (Continued) t05



CPM i SENSORS

CPM 1

CPM 4 CPM 2
CPM 5

CPM3

The CPM tCircular Par_lel Mutual Inductance)sensor isan inductivecurrent

probe used to measure the time rate-of-change ofthe totalcurrentthrough itsaperture.

Itisdesignedfor rugged fielduse inhigh EMP environments, and itissplitintotwo halves

to facilitateinstallationand iransportation. The halves are held togetherby a circum-

ferentialbelthaving -_quick release clasp. The availablesensorapertures range from 10

to 200 cm _lowing current measurements on indtvidu'-'lsignalcables or complete test

objectslikea missile.

PERTINENT EQUATION

._ = sensor output (in volts_V o
M

where
M = mutual inductance (inHenries_

/ I = total current through aperture (in Amps_

L06 Figure A6. i sensors
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J

SPECIFICATIONS

1 2 700 0.5 ± 5kV TCC* 2.3kg 20.3 8.2 10
MHz ns

2 I x 10.8 4 350 1 _ 5kV TCC* 68kg 117.3 15.5 100
M_z ns

3 lx10 .8 4 350 1 _:SkV]TCC* 136kg 224.5 20 200
MH_ ns l

4 lx10 .8 2 700 0.5 = 5kV TCC j 4.3kg 32 9.9 20
MHz ns

5 1 x 10"8 4 350 1 ± _P_V TCC i 10 kg 63.5 10.9 50
MHz ns

"*REF. DATA SHEET 1340
APERTURE

W
I

t

(Data and SpecificationsSubjecttoChange withoutNotice}

ORDERING INFORMATION:

For Price, Availability, or Further Information, Contact:

n
ELECT I:::IOMA GNE T ICS

Figure A6 (Continued) 107
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