
- -
#,4S,4 //J1- 9tf, /j~9 

NASA Technical Memorandum 86429 
NASA-TM-86429 19850017057 

NASA R&T FOR AEROSPACE PLANE VEHICLES - PROGRESS AND PLANS 

S. C. DIXON 

MAY 1985 

NI\S/\ 
National Aeronautics and 
Space Administration 

Langley Research Center 
Hampton, Virginia 23665 

- '..'.J. 

t.'I:'" 

):JVl ro J..l ""-
.. .. ......... .\- .... ,; '£·;:l..U. i.; !;:~ J .,)1'_' -

LIBRARV ~Opy 
f;.::. ' '1' '.' '1.-;05 
itl:'.1 i 1. . .10 

!ANGLEY RESEARCH CENTER 
LIBRARY, NASA 

t'.A.hlElOtl, VIRGINIA 

\\\Ii"\\\!!!~\\~' ----

https://ntrs.nasa.gov/search.jsp?R=19850017057 2020-03-20T19:25:33+00:00Z



~ ( 

~ 

cl 
~ 
~ 

..... 

=i1 

SUMMARY 

The U.S. had extensive programs in the late 1950's and 1960's aimed at various vehicles/missions 
requiring flight at hypersonic speeds. Due to accelerating costs and formidable technical challenges 
most of these programs were terminated, and except for the NASA Space Shuttle Program R&T for aerospace 
plane-type vehicles has been a low priority effort. In spite of this limited activity, mainly conducted 
by NASA, at the langley Research Center, significant progress has been made in key technologies such as 
materials, structures, aerothermodynamics, hypersonic aerodynamics, and hypersonic airbreathing 
propulsion. In addition, advances have been made in more generic, but essential, areas such as active 
controls, flight computer hardware and software, and interdisciplinary analytical design methodology. 
These technology advancements coupled with the development of and experiences with the Space Shuttle now 
make feasible aerospace plane-type vehicles that meet the more demanding requirements of various DOD 
missions and/or an all-weather Shuttle II with reduced launch costs. 

This paper reviews studies of technology needs and high payoff technologies, and the technology 
advancements in control-configured-vehicles, aerothermodynamics, aerothermal loads, and materials and 
structures. The emphasis will be placed on the highest payoff technologies of materials and structures 
including thermal-structural analysis and high temperature test techniques. Plans, in the sense of what 
remains to be done rather than firm program commitments, are also briefly discussed • 
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INTRODUCTION 

The National Aeronautics and Space Administration (NASA), and its predecessor agency the National 
Advisory Committee for Aeronautics (NACA), has worked the problems of high speed flight since the late 
1940'se The U.S. had extensive programs in the 1950·s and 1960's aimed at various vehicles and missions 
requiring flight at hypersonic speeds. Although most of these missions were of a military nature, civil 
programs such as supersonic and hypersonic transports were also studied. Early work by NACA in the 
structures area is summarized in Reference 1. Work on hypersonic transports during the 1950's and early 
1960's is summarized in Reference 2. Due to accelerating costs and formidable technical challenges most 
programs were terminated, and except for the NASA Space Shuttle Program R&T, for aerospace plane type 
vehicles has been a low priority effort. In spite of this limited activity, mainly conducted by NASA at 
the Langley Research Center, significant progress has been made in key technologies such as materials, 
structures, aerothermodynamics, propulsion, structural heat transfer and hypersonic airbreathing 
propulsion (Refs. 3-10). 

In addition, advances have been made in more generic, but essential, areas such as active controls 
(Ref. 11), flight computer hardware and software, and interdisciplinary analytical design methodology 
(Ref. 12). These technology advancements coupled with the development of and experiences with the Space 
Shuttle (Refs. 13 and 14) now make feasible aerospace plane type vehicles that meet the demanding 
requirements of various potential DOD missions and/or an all-weather Shuttle II with reduced launch 

w costs. 

The purpose of this paper is to review current technology needs and high payoff technologies, and to 
summarize technology advancements in aerothermodynamics, control-configured vehicles, aerothermal loads, 
and materials and structures. The emphasis will be placed on the highest payoff technologies of 
materials and structures including thermal-structural analysis and high temperature test techniques. 
Plans, in the sense of what remains to be done rather than firm program commitments, are also briefly 
discussed. 
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MISSION DRIVERS FOR AEROSPACE PLANE VEHICLES 

The mission drivers for both orbit-on-demand and/or priority and rescue vehicles and advanced space 
transportation systems are shown. They share in common the need of low cost per launch, and quick turn 
around time. Significant drivers for the orbit-on-demand vehicle are time to launch and launch and 
landing site requirements. For advanced STS large payloads may be a requirement and thus cost per pound 
to LEO is a significant driver for this class of vehicle. More details for mission requirements may be 
found in Reference 15 for advanced STS and Reference 16 for orbit-on-demand vehicles • 



MISSION DRIVERS FOR AEROSPACE PLANE VEHICLES 

ORBIT-ON-DEMAND/PRIORITY & RESCUE 

o TIME TO LAUNCH 

o COST PER LAUNCH 

o TURN AROUND TIME 

()'1 
o LAUNCH/LANDING SITE REQUIREMENTS 

ADVANCED SPACE TRANSPORTATION SYSTEMS 

o COST PER LAUNCH 

o COST PER POUND PAYLOAD TO LEO 

o TURN AROUND TIME 

Fi gure 1 
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PRIMARY TECHNOLOGY DRIVERS FOR AEROSPACE PLANE VEHICLES 

A number of studies, both in-house and contractual, have been sponsored by NASA over the years to 
assess technology requirements for advanced space transportation systems. Although mission requirements 
have changed somewhat over the years the key technologies have not (Refs. 17, 18, for example) as shown 
on Figure 2. Propulsion and materials and structures are always the highest two priority items for 
advanced technology work. Other areas needing work are aerothermodynamics, guidance and control, and 
automation. 

Propulsion work tends to focus on developing a SSME - derivative advanced LOX/H2 engine, a reusable, 
high performance LOX/HC engine, and, more recently, air breathing hypersonic propulsion systems. 

Materials and structures has a large agenda of work areas including lightweight structural design 
concepts, durable reusable TPS, cryo tank and cryo insulation materials for reuse, thermal management 
systems, for local high heating areas such as leading edges, nose caps, and regeneratively cooled 
propulsion structure. One of the difficulties in this area is the nebulous criteria for "durability" or 
a firm definition of ~all weather" in defining reusability. 



PRI IVERS FOR AEROSPACE PLANE VEHICLES 

PROPULSION 

o HIGH PRI ITY: AFTERNOON SESSION TO COVER 
o ADVANCED LOX/H2 ETO IN ENGINE (SSME) DERIVATIVE 
o REUSABLE I HIGH PERFORMANCE LOX/HC ETO ENGINE 
o HYPERSONIC AIRBREATHING PROPULSION ASSESSMENT 

MATERIALS AND STRUCTURES 

o HIGH PRIORI : MAJOR PART OF THIS PRESENTATION 
o LIGHTWEIGHT THERMOSTRUCTURAL DESIGN CONCEPTS 
o ADVANCED COMPOSITE MATERIALS 
o DURABLE REUSABLE TPS 
o CRYO TANKAGE DESIGN 
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. AEROTHERMODYNAMICS 

o NONEQUILBRIUM CONVECTIVE HEATING WITH WALL CATALYSIS 
o REAL-GAS AERO CHARACTERISTICS 
o BOUNDARY-LAYER TRANSITION 

GUIDANCE AND CONTROL 

o ADAPTIVE G&C SYSTEMS DESIGN 
o STABILITY AUGMENTATION~ CONTROL CONFIGURATION DESIGN 

AUTOMATION 

o AUTOMATED CHECKOUT & COUNT DOWN 
o STATUS MONITORING 
o ON-ORBIT OPERATIONS 

Figure 2 
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WINGED SSTO SUBSYSTEM/CENTER-OF-GRAVITY STUDIES 

Figure 3 shows the application of the CCV design to a single-stage-to-orbit launch vehicle system. 
One problem of SSTO systems that has been identified is their very far aft center of gravities. These 
vehicles are essentially empty fuel tanks with a large mass of engines stuck on the rear. Flying these 
vehicles on entry generally requires tolerating a c.g. as far aft as 75% body length, or more. The 
little graph on the figure points this out and also shows that as the vehicle size is increased the aft 
c.g. problem gets worse. The figure shows single stage vehicles of about the Shuttle size have c.g.'s at 
about 72% while so-called heavy lift systems have c.g.'s as far aft as 76 to 78% body length. These 
c.g. locations will cause the vehicle to be unstable or control configured. The CCV photograph shows the 
technology advances that are required to fly the far aft c.g. vehicles as CCV designs. These include 
lighter thrust to weight ratio engines, high rate control vehicles to fly unstable, etc. More details 
are given in Reference 19. 
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NG ORB P-FIN CONTROLLER 

large amount data e t e ter makes it a cle use 
rposes 

uSing the reaction contra e evans whlCh causes 
n cant lers cant 

ti tip cant ers in ght, 
use of the reaction cant = 7 and easier ing space docking 
vertical tail" Potent; ed incl aerodynamic heating and thermal protection 
systems design, particula the control surface and for the leading edge; crosswind landing 
capability; and the effect on utter, vehicle dynamics, and energy management. The heating and 
aerodynamic and control characteristics results of the study are given in Reference 20 and 21 • 
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ADVANTAGES OF TIP-FIN CONTROLLERS 

Figure 5 points out the advantages of the tip-fin, controllers over the current Shuttle system. 
First the tip fin controller provides control effectiveness at Mach numbers from 7 to landing where the 
vertical tail with rudder, because it is shielded by the wing, does not become effective until Mach 
numbers below 2. Analyses at Langley have shown a potential weight savings for the tip fin controller of 
approximately 2400 pounds. Part of this is in the vehicle structure and part is in RCS fuel savings. 
The tip fin does provide an opportunity to decouple the controls, that is, have a single surface for each 
function (roll, yaw, and pitch). This would provide a much simplified overall control system. More 
details are given in Reference 20 • 
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RESULTS OF P-FIN STUDY FOR SHUTTLE ORBITER 

Figure 6 presents the results the Langley tip-fin controller study. During the study 6-0 
simulations showed that the orbiter th tip-fin controllers could be flown over the entire ent 
responses very similar to those of conventional orbiter. Wind tunnel results coupled 
have shown the aerodynamic heating ronment is thin the capability of existing materials 
(carbon-carbon and RSI). These analyses also demonstrated feasibility with existing technology 
thermo-structures design, and identified a potential weight savings of 2400 pounds. Details of tnls 
study are given in References 20 and 21. 
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RESULTS OF TIP-FIN STUDY SHUTTLE ORBI 

o FLIGHT CONTROL ANALYSES SHOW THAT THE ORBITER WITH TIP-FIN CONTROLLERS IS 
CONTROLLABLE WITH RESPONSES SIMILAR TO THOSE OF THE ORBITER NOMINAL ENTRY. 

o THE AEROHEATING TEMPERATURES ARE WITHIN THE CAPABILITY OF RSI AND CARBON-CARBON. 

o THE RESULTS OF THE THERMO-STRUCTURES ANALYSES HAVE DEMONSTRATED FEASIBILITY 
WITH EXISTING TECHNOLOGY. 

o POTENTIAL WEIGHT SAVINGS FOR THE TIP-FIN CONTROLLER WITH THE VERTICAL TAIL 
REMOVED OF 2400 POUNDS IDENTIFIED. 

Figure 6 
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APPROACH - - A 3 LEGGED STOOL 
AEROTHERMODYNAMICS DYNAMICS R&T 

Computational work emphasizes the development of new techniques and solution methods for CFD as well 
as the utilization of existing methods for specific applications. Codes are divided into two categories: 
benchmark calculation methods for which a premium is placed on rigor, and engineering codes which 
emphasize computational speed. These engineering codes frequently must be "calibrated" ~ comparing to 
the benchmark calculations. Both wind-tunnel and flight tests are necessary in verifying the accuracy of 
computational codes, in developing techniques for extrapolating to other flight conditions, and in 
assessing the importance of real-gas effects since those effects are present in the flight data but 
usually not in the wind-tunnel results. Thus the program is characterize as a 3 legged stool - all three 
"legs" are needed if it is to be useful • 
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The viscous-shock layer method differs from a PNS code in that only terms of the order of 1/RE2 are 
retained. It is a very valuable method because it retains the intrinsic viscous nature of the 
yet is computationally quite rapid. The method is described in References 24. The code VSL8l is 
described in Reference 25 and 26. VSL84 (Ref. 27) has extensive modifications (including some very 
important error corrections), and the code does a good job for the Shuttle under-surface. The 
viscous-shock-layer method cannot march through a region of embedded subsonic flow. Either because of 
this or because of high gradients around the leading edge, some of the computational planes must be 
dropped. After dropping these planes, it is only able to compute the inboard portion of the wing. 

The parabolized Navier Stokes code generally in use is the one described in Reference 28. A number 
of improvements have been made in the code (Ref. 29), including developing a new starting code for the 
nose solution. 
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CFD METHODS FOR THREE-DIMENSIONAL 

o INVISCID + BOUNDARY LAYER 

HALlS 1 
AA3DBL 

HAMILTON & WEILMUENSTER 

o THREE-DIMENSIONAL VISCOUS SHOCK LAYER 

VSL81 LEWIS (VPI) 

VSL84 -- THOMPSON 

o PARABOLIZED NAVIER STOKES 

PNS -- 6NOFFO 

Figure 8 
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ORBITER EXPERI PROGRAM 

ICS EXPERIMENTS 
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ACRONYM TITLE SPONSORING 
CENTER 

• • • • • • • • • • • • eo. • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • • 

SEADS SHUTTLE ENTRY AIR DATA SYSTEM LANGLEY 

SUMS SHUTTLE UPPER ATMOSPHERE MASS SPECTROMETER LANGLEY 

ACIP AERODYNAMIC COEFFICIENT IDENTIFICATION PACKAGE JOHNSON 

SILTS SHUTTLE INFRARED LEESIDE TEMPERATURE SENSING LANGLEY 

AlP AERODYNAMIC INSTRUMENTATION PACKAGE LANGLEY 

TGH TILE GAP HEATING AMES 

CSE CATALYTIC SURFACE EFFECTS AMES 

Fi gure 9 
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SHUTTLE INFRARED LEES IDE TEMPERATURE SENSI 
(SILTS) 

The SILTS experiment has modified a commercially available infrared camera and mounted it in a pod 
at the tip of the vertical tail. It will alternately view the fuselage surface and the left wing through 
two windows in the pod. This cycle is repeated at 10 Hz. SILTS will provide heating data on the leeside 
of the orbiter where current CFO codes are not as effective due to the very complex nature of the flow. 
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HEATING DISTR ALONG SYMMETRY PLANE OF SHUTTLE ORBITER 

A comparison of the predicted and measured heat-transfer distributions along the 
for Mach 9.15 and 34.80 angle of attack on the STS-2 trajectory is shown in Figure 12. The 

centerline 

three-dimensionaal VSL prediction is generally within 10 percent of the measured 
case, exhibit a fair amount of scatter. The decrease in heatinq to the 

the 50 percent axial ocation is evident in 
precludes any statement measu distri 
VSl prediction was 

of i 
symmet c sol ons predict a 

ight data present 

e 
transfer, and are 

, in this 
centerline surface 

the data scatter 
ree-dimensi 
on (Ref .. 39) 

Due to the limitations 
though not shown, the comparison 

comparison shown in Figure 12. 

code, it is only able to compute the inboard portion of the 
the limited flight data is fair, and not as good as the 
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SHUTTLE FLIGHT DATA ANALYSIS RESULTS 

The completion of the first and second flights of the space Shuttle Orbiter has given 
aerodynamicists the first opportunity to test their prediction skills over diverse flight conditions. 
The performance predictions were in excellent agreement th flight performance above Mach 1; however, 
drag was over predicted at the subsonic Mach numbers (Refe 41) 

The trim characteristics were predicted adequately in the Mach range of 2 to 10; however, above 
10 and below Mach 2, the predictions were less than satisfactory. Analysis results of the STS-2 
maneuvers during entry indicate the hypersonic trim discrepancy is due to an error in prediction of the 
basic vehicle pitching moment (Ref. 41) and not an error in prediction of the elevon and body flap 
effectiveness. 

Flight-derived aerodynamic heat-transfer data for the Orbiter leeside centerline and wing surfaces 
have been compared with appropriate ground test results. Heat-transfer rates to these surfaces in flight 
are very low, in general less than 1% of the 1 ft radius sphere reference value (5-10% of windward side 
heating rates). Flight heating levels are, in general, less than those which are inferred from the 
ground test results. This result is apparently due to laminar-to-turbulent transition of the flow in the 
separated region having occurred at a much larger Reynolds number in flight than in the wind tunnel. 
When the state (laminar/turbulent) of the separated flow is the same both in flight and in the 
tunnel, the levels of heat transfer expressed in the form of Stanton number are comparable (Ref. 42) 

Computational methods have been developed to predict the three-dimensional nonequilibrium flowfield . 
past the windward side of the Space Shuttle Orbiter, and numerical solutions have been obtained for 
different flight conditions. The governing equations take into account the finite-rate chemical 
reactions of multicomponent ionizing air. A general nonorthogonal computational grid system is used to 
treat the nonaxisymmetric geometry. The methods solved the viscous nonequilibrium flows over the entire 
Shuttle windward surface in reasonable computing times. The computational results show good agreement 
compared to the STS-2 flight data {Ref. 

A generalized PNS code and a time-dependent blunt-body code have been used success 1y to compute 
the complete flow around the Space Shuttle Orbiter forebody at two different flow conditions. The good 
agreement between the computational results and the experimental data proves the effectiveness of the 
generalized PNS solver (Ref. 44). The complex flow structure that develops near the wing-body region is 
predicted reasonably well by the generalized PNS solver. It is believed that an improved grid will 
permit the computation to continue to the aft portion of the shuttle. 

Computation of the wing region should be possible if the flow outside of the boundary layer is 
supersonic, and there is evidence that this is the case. Regions of reversed axial flow remain a 
problem. 
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SH FLI IS RESULTS 

AERO CHARACTERISTICS: 

o GENERALLY WELL PREDICTED BY TUNNEL DATA 
EXCEPTIONS: - HYPERSONIC PITCH ANOMALY 

-SUBSONIC Cn 
o FLIGHT CONTROL GOOD OVERALL 

EXCEPTIONS: -FCS/NAV COUPLING 
- TRANSONIC TRIM 

HEATING: 

o WINDWARD HEATING GENERALLY WELL PREDICTED 
- NON-CATALYTIC WALL EFFECTS ABOVE 67 KM 
- EQUILIBRIUM BELOW 67 KM 

o TRANSITION CONSISTENT WITH SMOOTH WALLS 
o SEMI-EMPIRICAL THEORY DEVELOPED FOR LEESIDE i 
o LOCALIZED 3 OFF-~ (STREAKS 3 SIDEWALLS) NOW BEING ANALYZED 

BIG QUESTIONS 

o REAL GAS EFFECTS ON AERO? 
o TRANSITION FRONT MOVEMENT? 
o OFF-i LOCALIZED HEATING? 

Figure 14 
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SUMMARY - AEROTHERMODYNAMICS 

The completion of several flights of the Space Shuttle Orbter has given aerothermodynamicists the 
opportunity to test their prediction skills over diverse flight conditions. Flight-derived aerodynamic 
heat-transfer data for the Orbiter leeside centerline and wing surfaces have been compared 
appropriate ground test res ts. ight heating levels are, in general, less than those Wnlcn are 
inferred from the ground test results This result is apparently due to laminar-to-turbulent transition 
of the flow in the separated region having occurred at a much larger Reynolds number in flight than in 
the wind tunnel. When the state (1 nar/turbulent) of the separated flow is the same both in flight 
in the wind tunnel, the levels of heat transfer expressed in the form of Stanton number are comparable. 

though the Orbiter configuration is in no way similar to the Apollo entry capsule, it is interesting to 
note that these results are consistent with those previously observed for the Apollo capsule. the 

ight/wind tunnel data comparisons confirm the appropriateness of the Orbiter thermal protection system 
design approach which utilized wind tunnel results applied directly at flight conditions to define the 

ight leeside aerothermodynamic environment. 

computational methods have been developed to predict the three-dimensional nonequilibrium flowfield 
past the windward side of the Space Shuttle Orbiter, and numberical solutions have been obtained for 
different flight conditions. The methods solved the viscous nonequilibrium flows over the entire Shuttle 
windward surface in reasonable computing times. The computational results show good agreement compared 
to flight data. 

A generalized PNS code and a time-dependent blunt-body code have been used successfully to compute 
the complete flow around the Space Shuttle Orbiter forebody at different flow conditions. The good 
agreement between the computational results and the experimental data proves the effectiveness of the 
generalized PNS solver. The complex flow structure that develops near the ng-body region is predicted 
reasonably well by the generalized PNS solver. 

Computation of the wing region should be possible if the flow outside of the boundary layer is 
supersonic, and there is evidence that this is the case. Regions of reversed axial flow remain a 
problem. 

Future analytical efforts will include comparisons with Shuttle flight data and improved methods to 
account for viscous interactions and nonequilibrium chemistry. More, better, and different types of 
flight data will be obtained in future flights using the SILTS, SEARS, SUMS and AlP OEX experiments. 
Comparisons of flight and wind tunnel data will continue, and the overall improed understanding of 
various aerothermodynamics phenomena will permit more intelligent use of wind tunnels in the future. 
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ANALYSIS 

U EXPLORING RANGE OF APPLICABILITY OF CFll CODES 
- PNS 
- VISCOUS-SHUCK-LAYER 
- INVISCID-PLUS BOUNDARY LAYER 

ICS 

- GOOD COMPARISONS WITH WINDWARD CENTER LINE FLIGHT DATA OVER COMPLETE VEHICLE 
- GOOD COMPARISONS WI LEEWARD CENTER LINE FLIGHT DATA OVER FORWARD PORTION 

o MORE ATTENTION TO HIGH-ALTITUDE EFFECTS IN FUTURE 
- VISCOUS INTERACTION 
- hONEQUILIBRIUM CHEMISTRY 

EXPERIMENT 

o EXPECT MORE AND BETTER FLIGHT DATA 
- SILTS 
- SEADS 
- SUMS 
- AlP 

o CONTINUED USE Of WIND TUNNELS 
- DATA BASE fOR GENERIC CONfIGURATIONS 
- SPECIfiC TESTS FOR INDENTIfIED CONfIGURATIONS 

Figure 15 
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ENTRY VEHICLE TECHNOLOGY ISSUES 

NASA is conducting technology and systems studies of an Entry Research Vehicle (ERV), a potential 
new initiative in the late 1980 1 s. The ERV would be carried to orbit in the Shuttle Orbiter payload 
bay. As shown in Figure 16, technology issues addressed by the ERV include atmospheric uncertainties, 
maneuvering entry/synergetic plane change, aerodynamic and aeroheating data for verification of 
prediction techniques, advanced guidance and navigation, and advanced TPS and thermostructures concepts. 
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TECHNOLOGY ASSESSMENTS STRUCTURES R&T GOALS FOR AEROSPACE PLANE TYPE VEHICLES 

A number of technology assessments have revealed the 
structures communities for aerospace plane type vehicles. 
for a 25 percent reduction in structu mass compared to 
of five increase in mission 1i tion, for some 

higher maximum use temoeratures 1 1 
temperature is 

ssion exibi 
structures are 

to 
nonoptimum structure 
efficient structu 
instrumentation must 
structural performance. 

significant challenges facing the materials 
Briefly stated, systems studies reveal a need 

the current Space Shuttle Orbiter, and a factor 
irements 

use 

ounce 
accurate 

on, test facilities, techniques 
advanced lightweight concepts, and overall 
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Figure 18 gives an outline 

MATERIALS STRUCTURES RESEARCH AREAS 

rest of this paper. Work on ceramics will be presented as a part 
Protection Systems (TPS). Also covered under TPS is heat-pipe-cooled of the overall effort on 

structures (leading edge) 
graphite/polyimide (GR/PI) 

act; cooled structural panels. Primary structures will include on 
ites, titanium, superall and carbon-carbon components. 
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PHASE I CONClUS 

G/EP (A-S/3501) and B/EP (B/5505) should be limited to temperatures lower 
exposures greater than 10,000 hours because of: 

212°F for ative 

1. Early flight simulation test failures (due to compressive loading and 
oxidation induced matrix degradation). 

cycling combined th 

2. loss of residual strength 
induced matrix degradation). 

ight simulation and thermal aging exposures (due to oxidation 

3. Moisture effects on elevated temperature strength (due to matrix degradation). 

G/PI (HT-S/710) should be limited to 450°F for exposures greater than 10,000 hours because of: 

1. loss of residual tensile strength during thermal aging (due to oxidation induced matrix degradation). 

2. loss of residual strength, primarily matrix dominated, during flight simulation exposure (due to 
combined compressive and thermal stressing in conjunction with oxidation induced matrix degradation). 

~ BIAI (B/6061) should be limited to 450°F 9for exposures greater than 10,000 hours because of: 

1. loss of residual tensile strength during thermal aging (due to interface diffusion induced fiber 
degradation). Some loss in strength can occur at temperatures as low as 350°F. 

2. High temperature fatigue effects (matrix surface cracking and oxidation). 

3. loss of residual strength during ight simulation exposure (due to interface diffusion induced fiber 
degradation, matrix surface cracking, and oxidation). 

B/PI (B/P 105 A) is not suitable for this application because of severe matrix degradation during thermal 
aging and short-term flight simulation exposures at 450°F. 
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G/EP (A-S/3501) 

B/EP (B/5505) 

B/AL (B/6061) 

G/PI (HT-S/710) 

B/PI (B/PI05A) 

I \,vnl\,L I 

I RE I TEMPERATURE 
TESTED TO SURVIVE 10;000 HR 

450 K (350° F) 394 K (250° F) MATRIX DEGRADATION 

450 K (350° F) 394 K (250° F) MATRIX DEGRADATION 

FIBER DEGRADATION 
728 K (850° F) 450 K (350° F) 

MATRIX OXIDATION 

561 K (550° F) 505 K (450° F) MATRIX DEGRADATION 

MATERIAL WAS DROPPED EARLY IN PROGRAM DUE TO VERY POOR PERFORMANCE 

Fi gure 20 
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Gr/P( composites. 

to . 
composites. Paper 3 NASA 2079 reports 

contracts were awarded to develop fabrication procedures for each 
s ,6, 7, and 12 in NASA CP 2079 report on the initial contract 

The capability to fabricate structural components has been demonstrated wi Gr/PMR-15 composite. 
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APPLICATION OF CREEP PREDICTION TECHNIQUE TO TPS PANELS 

Early Shuttle system studies indicated that creep could become a significant factor in the desi 
and performance of metallic TPS. The requirements for the Shuttle TPS were in sharp contrast to most 
previous experiences in the area of creep prediction. For example, the Shuttle TPS is subjected to 

tiple, complex missions of combined thermal and pressure loads. Furthermore, TPS designs general 
were fabricated from thin-gage material less than 0.005 inch thick, where the effects of oxidation on 
creep could be pronounced. In addition, the Shuttle TPS deflection criteria limited allowable creep 
strains to 1%, a range where measurement and prediction capability were not well established. 

By 1972, several experimental programs had been conducted to assess creep prediction capability on 
simple tensile specimens subjected to simulated mission cycles. Results for various materials indicated 
that creep predictions were not good (by factors of 2 or more) and, more importantly, predicted strains 
were unconservative. 

As a result of these early experiments, an extensive experimental and analytical creep investigation 
was conducted on candidate TPS materials (Ref. 46). This program evaluated both the steady-state and 
cyclic creep behavior of four alloys in their sheet from: Ti-6Al-4V, Rene· 41, L-605, and TO Ni-20Cr. 
Comparison of test and predictions (which used a strain-hardening rule) for titanium were good, and 
results for L-605 were excellent. The results for Rene l 41 and TO Ni-20Cr did not show such good 
agreement with differences on the order of 40-50%. Although this is not good agreement, it is 
significantly better than the capability that existed in 1972. 

To extend the prediction capability obtained from tensile specimens to more complex TPS heatshields, 
panel segments (2.5" x 12.4 11

) were tested. In order to predict creep deflections resulting from complex 
stress distributions in the built-up panel, a computer program was developed which incorporates the basic 
cyclic correlation equations and hardening rules to calculate panel creep strains and deflections as a 
function of time. An example of the prediction capability for panel segments of L-605 is shown in Figure 
22. The panels were subjected to simulated Shuttle mission cycles, including continuously varying 
temperature and pressure loads. The lower part of the figure compares the measured and predicted creep 
deflections of the panel midpoint as a function of the number of simulated mission cycles. The agreement 
between the predicted deflection and the results from the two panels is considered good. For the four 
materials investigated, the agreement between calculated and test midpoint deflections of the panel 
segments was comparable to the prediction capability for the elemental specimens. 

The results of the panel segment test suggest that, if the tensile cyclic creep behavior of a 
material can be characterized, then the creep deflection predictions can be made for thin-gage sheet 
structures subjected to complex cyclic thermal and bending loads. The current prediction capability, 
although not perfect, is considered adequate for design of metallic TPS panels that are sized by cyclic 
creep deformation criteria. 
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Examination of the panel after the 20,000 cycles revealed no buckling of the skins, a decrease in 
panel dth of 0.10 inch, cracks developed from the elongated holes, and additional wear at the elongated 
holes which were enlarged while the bolts were worn. 

Subsize tensile specimens conforming to the recommended practice of ASTM E-8 (Ref. 51) were machined 
from the corrugated skins of the fatigue panel at the conclusion of the thermal-fatigue tests. The 

gure shows a comparison of room temperature tensile strength and tensile elongations of Rene ' 41 as 
received in the aged condition. The most significant result shown is the large reduction in tensile 
elongation of specimens from the exposed panels compared to the tensile elongation of Rene ' 41 in the 
aged condition. Specimens from the thermal-fatigue panel failed at six percent strain. The yield 
strength was increased somewhat and the ultimate stress was essentially not affected. These changes were 
related to changes in microstructural changes that occurred during the thermal-fatigue exposure (Ref. 
52). 
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IATI IN EMITTANCE/CATALYSIS OF SURFACE 

Superal10ys in metallic Thermal Protection System (TPS) applications must have good hi 
strength and resistance to dynamic oxidation, have a high emittance, and have a low catalytic 

temperature 
activity to 
alloys of the recombination of dissociated oxygen and nitrogen that exist in reentry environments. Two 

potential interest for TPS applications are Inconel 617 and MA 956. Inconel 617, ich is a 
nickel-chromium superal1oy, has been shown to meet the high temperature strength, oxidation resistance 
and high emittance criteria for use in TPS applications (Ref. 53-55). MA 956, which is an oxide 

spersion strengthened, iron base superalloy, also has good high temperature strength and very good 
oxidation resistance (Ref. 56), but it has a relatively low emittance. The catalytic activity of Inconel 
617 and MA 956 exposed to reentry heating conditions is thought to be high due to the presence on the 
exposed surface of naturally occurring oxides of metals which tend to catalyze the recombination 
reactions of dissociated oxygen and nitrogen. The TPS reentry environment contains substantial 
concentrations of these species. 

Figure 25 shows the variation of surface equilibrium temperature as a function of surface 
recombination efficiency (catalysis) for a range of emittance from 0.5 to 0.9 for the conditions shown on 
the figure. MA 956 and Inconel 617 are shown over an estimated range of emittance and surface 
recombination efficiency. For the conditions shown on the figure, the MA 956, with an emittance of 0.5 -
0.6, is seen to reach a temperature of about 2700°F, and the inconel 617, with an emittance of 0.75 -
0.85, is seen to reach a temperature of about 2400°F. These temperatures exceed the maximum use 
temperatures of these materials, thus coatings that will reduce catalicity without decreasing emissivity 
are needed. The Langley Research Center is conducting work in this area with a target for the 
equilibrium temperature of 2000°F. This goal requires a coating with a value of surface recombination 
efficiency in the transition range from oxides to glasses. 
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EFFICI IALS 

is figure shows three levels ca strength efficiency. first, labeled ~nutt e 
material, is the strength level of RCC materi used in the Shuttle thermal protection system. Even 

this material is made th low-strength carbon fibers, its strength efficiency is superior to 
superalloys and ceramics at temperatures above 1800°F. Recent research has led to the development of an 
advanced carbon-carbon (ACC) that is twice as strong as the RCC. This material is currently being 
evaluated by a number of laboratories. The ACC material is made up using woven carbon cloth. If 
unidirectional carbon fiber tapes are interplied with woven cloth to create a hybrid ACC, its strength in 
at least one direction can be increased to 50,000 psi or more. Research on hybrid ACC is just 
beginning. More details are give in Reference 58. 
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In the area metallics for TPS ications, the state-of-the-art has advanced significantly since 
the Shuttle Phase B time frame RS was selected as the TPS of choice. Work on creep prediction has 
demonstrated the feasibility of predicting the performance of complicated, flight-weight TPS. More work 
needs to be done, but it has been demonstrated that cyclic creep prediction of complex structures is 
"doable." The major significance of work to improve the creep performance of H-188 was the fact that the 
improvements were obtained with no alloy chemistry change and no significant reduction in other 
mechanical properties. This should suggest to the industry that there are probably other superalloys 
which can have their properties tailored for particular applications by the IIsmart" development and use 
of advanced thermomechanical processing. 

The feasibility and advantages of non-catalytic coatings for metallic TPS, have been demonstrated. 
The task now is to complete the development of durable, high emittance, non-catalytic coatings. 

Carbon-carbon composites are an exciting new family of structural materials. Recently ACC hybrid 
architectures have been demonstrated with tensile strengths up to 100 psi. From a materials 
point-of-view there is still a great deal to learn about processing science, oxidation protection, impact 
resistance, and a host of other issues. As more potential applications for ACC appear, more resources 
for R&T will be devoted to this exciting class of materials. As our understanding, particularly 
microstructure/property relationships, increases ACC will become a full-fledged member of the aerospace 
structural materials community. 



o CASTS FEASIBllI I STRUCTURES 

o REFINED STATE-OF-THE-ART FOR CREEP OF ICS FOR TPS DEVELOPMENTS 

~ 0 DURABLE 3 HIGH EMITTANCE 1 NON-CATALYTIC COATINGS FOR METALLIC TPS ARE FEASIBLE 

o CARBON/CARBON COMPOSITES ARE A PROMISING NEW FAMILY OF MATERIALS 

Fi gure 29 



0"1 
N 

E 

s 
experience was not an exception is tne r 
on-goi high speed cle ects. Since s 
in a generic sense, a combined experimental and 
and prediction/extrapolation technique for use in 

I B, IES 

ies. 
ect managers of previous 

arities can be anticipated and defined 
cal program is in progress to provide a data base 

design of future high speed vehicles. 



L AEROTHERMAL ENVIRONMENT 
SHUTTLE GAPS UNKNOWN AT 

INITIA lION OF PHASE B 1972 

1970 W!ETING TND 5908 NONE 1968 HAMILTON &: DEAR!NG N,A,$A 04586 
1968 DEARING .& HAMil rON NASA TN 04911 

• EXCESSIVE COST & DELAY IN PROJECT 
• DISRUPTED RESEARCH & CAUSED SCRAMBLE TO 

DEFINE ENViRONMENT 
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the end of the longitudi 
needed to define the overall t 
Reference 62 extended 
tile corner due to 
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45, and 60 degrees. In addition, 
gap width on localized heati 
structural integrity, were 

, identified 
tile's forward face at 

led heating data was 
e tile certification. 

ing on the upstream 
ow angles include 0, 15, 30, 
ickness, Reynolds number, and 

ing which effects the 

In order to obtain the desired heating detail, a highly instrumented thin-wall metallic tile was 
tested in the 81 HTT as shown in the tile array in the figure. A special technique was used to fabricate 
the thin-wall tile (Ref. 63). 

Preliminary results indicating flow angularity effects for laminar and turbulent boundary layers on 
the peak impingement heating for a gap width of 0.070" are shown in Figure 31. The heating rates are 
nondimensionalized to the theoretical flat plate value. For laminar flow, the impingement heating at the 
upstream corner and at the end of the "Til gap are relatively constant for A < 453°. For A > 45°, the 
increased heating probably reflects increasing flow in the uninterrupted gap as the gap becomes more 
closely aligned with the flow. For turbulent flow the behavior of the heating at the corner is very 
similar to that of the laminar flow. However, impingement heating at the end of the "T" gap is 
significantly higher at A = 0° but reduces with flow angle. Typically for turbulent flow, the heating at 
A = 45° was 1.25 times the flat plate value, which correlates well with the Shuttle rule-of-thumb design 
guideline of increasing heating by 20 percent to account for the effects of the tile gaps. 
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cated 
on tne t oor next to the rest of the 

ic heat-transfer tiles, one for the small 
ius chine, 11 be located acent to solid tiles instrumented 

aerothermal effects in the tile gaps. 

~ The Chine Tile-Gap Heating Model fabrication was completed in FY 84 and aerothermal tests in the 8 1 

are scheduled for early FY 86. During the interim, the application of additional newly developed 
instrumentation that will help characterize flow in the gaps is being investigated. 
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AEROTHERMAl TEST WING-STUB/ElEVON JUNCTION 

Shuttl e 
line and at the st 

the edges 
enclosures 

nffipnrHl e to 
c 
t 

evon 
tile.. Tests at 
corresponding 
gap was changed 

in 
evon .. 

j 
pattern between elevons was 
gaps formed by adjacent elevons 
attack, elevon deflection angle, 
proportional to ndward surface 
between the elevons was 30 norron~ 
(Ref. 65). 

During the first ve Shuttle i 
(Ref. 66). According , prior to STS-5, 

s t 

in gure 33 was tested 
layer on the ng and 
ow boundary layers 

se gaps and between elevons. Ine t ow 
heat 1 was determined n the chordwise 

separates the elevons. 
ing in the gaps was general 

to gap width. Maximum heati 
evon surface for a de elevon 

on in the elevon gaps was less than expected 
side installation was replaced wi tiles. Post 

inboard tile overheating; however, the outboard tiles along the 
rough because of melti~g and overheating. The increased 
extend out of the tile gaps, resulting in a localized 

ight inspection revealed no evidence of 
tile edge were glazed and the surface was 
heating is attributed to gap fillers 
disturbed flow (Ref. 66). HRSI tiles have been used for all subsequent flights. 
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UNSEALED WING-ELEVON COVE HEATING CHRACTERISTICS AT M = 6.8 FOR SEPARATED FLOW ON WING 

An extensive investigation was conducted at a free-stream Mach number of 6.8 in the Langley 8 1 HTT 
to define effects of laminar flow separation on aerodynamic heating in a leaking cove of a full-scale 
representation of the wing-elevon juncture (Fig. 34) on the Space Shuttle Orbiter (Ref. 67). The 
investigation is part of an on-going effort to collect information on the nature of cove flow for use in 

ating a method for predicting the response of an unsealed cove structure for nged reent 
vehicles (Ref. 68, 69). 

extent of flow separation was va 
ection (15 0 to 35°), and free-stream 

Pressure and col 1 heating-rate striOutlons 
s on the S1 ed cross-sect; ew at 

cove seal leak gap (0 to 0.5 inch), elevon 
(0.4 x 106 to 1.4 x 106 per ft.). 

ned along the wing, cove, and elevon surfaces 
ght for an angle of attack of 5°. 

ree typical ng-rate stri ions present heating rates referenced to the wing value for 
nar attached ow at the cove entrance for various ow separation distances obtained with 12.5-

50-percent leaks (0.06- and O. gaps) and elevon deflections of 15° and 25° at a free-stream unit 
ds number of 0 x 106 per ft. When laminar ow separation occurs near the cove entrance, 

heating rates under the separated layer decrease sharply from equivalent attached-flow values, 
cove heating rates diminish from the cove entrance by an order of magnitude. Increasing the elevon 

deflection angle extends the length of ow separation, and, as s by the rising wing heating rates, 
the separated laminar boundary layer transitions to turbulent ow ahead of the cove entrance. 
Consequently, cove heating rates are an order-of-magnitude greater for purely laminar ow 
separation at the same cove seal leak gap. However, if the leak gap increases sufficient , 

ayer suction can force the separated boundary layer to reattach, in ch event cove heating 
rates approximate the level of heating for laminar flow separation. As indicated, the agreement between 
test data and calculated values is good. Calculations for cove heating were obtained usinq a simole 

(Ref. 70) ch assumed laminar developing channel flow. Scatter of cove data 
predicted distribution results from abrupt changes in flow oath and cove area which are not accounted for 
by the constant-area channel-flow math model. 
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NASA DRYDEN FLIGHT LOADS RESEARCH FACILITY 

The Flight Loads Research Facility (FLRF) is a has the capabiliy for 
loads and temperatures, 

calibration 
facility 

testing structural components and complete 
as described in Reference 71 and illustrated 
evaluation of flight loads instrumentation 

des close support of to ntegritv testi 
nstrumentation calib is 

unexpected 

rovements to the facil; 
acqulsltlon and control system op 
additional load frame test machines 
future capabilities are currently under 

• These include a new data 
s (in progress), and acquisition 

500K lb) (planned). The foll 

CAPAB 

Cryogeni cs 

Vacuum Chamber 

Very High Temperatures 

Measurement Technology 

DESCRIPTION 

Investigation and development of test capabilities to liquid 
hydrogen temperatures using a combination of LN2 and LHE. 

Develop test capabilities for combined heat, load, cryogenic, and 
vacuum of medium sized (desk size) specimens. 

Expand envelope and develop test capabilities for radiant testing 
at temperatures in the range of 3000 - 4000 Deg. F. 

Investigation and development of temperature and strain measurement 
technology at temperature extremes. 
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STUDY OF THERMAL MODEL SIZE REQUIREMENTS 

The SPAR (Ref. 75) finite element reentry heat transfer analysis of the Space Shuttle Orbiter was 
started by using the most simple model and gradually extended to more complex models. Three wing 
segments, one entire left wing, and one fuselage cross section were selected for setting up the SPAR 
finite element models. A total of nine models were set up, and the four shown on Figure 37 are listed 
below: 

1 .. mensi model WS 240 Bay 3 

2. 2-Dimensional model for entire WS 240 

3. 3-0imensional model for entire WS 240 

4.. 3-Dimensi 

_ yes the most 
the trusses were 

( g .. 37), 
cted from 

more accurate 
ree dimensional 

model for the entire left wlng 

nite difference model for comparison of 
the finite difference methods. The 

re 38 shows the structural temperatures at 
SPAR models. Notice that the 

ecting the existance of both the spar webs 
res because the spar were modeled~ 

res because the heat flow the spar 

, more 
are expected .. 

complete 
close to 

so that 
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EFFECTS OF INTERNAL CONVECTION 

The WS 240 3-D model (see Fig. 37) was used in studying the effect of internal free convection on 
the structural temperatures. Figure 39 shows the STS-5 flight measured temperature at the lower 
upper skin of WS 240 Bay 2 compared th the SPAR predicted values with and without internal free 
convection. Notice that the agreement between the flight data and the SPAR predictions is fairly good 
and that the effect of internal free convection is not insignificant. However, the analyis sti 
overpredicts the measured temperatures on the lower skin after touchdown and on the upper skin from 900 
sec. after entry to just prior to touchdown. The discrepacy for the lower skin could be due to forced 
convection, which is difficult to model accurately. The discrepancy for the upper skin is not 
understood. 
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COMPARATIVE WEIGHTS OF INSULATED HOT STRUCTURES FOR IOUS STRUCTURAL MATERIALS VS. LOAD INTENSITY 

The method of Reference 76 allows the optimization of a simple insulation-structure system based on 
a one-dimensional transient thermal analysis, prescribed inplane loads, and a prescribed surface 
temperature history. The results shown in Figure 40 were obtained by this method for a variety of 
insulation and structural materials. The material properties are based on the temperature expected for 
the loads applied (that is, low temperatures for ascent conditions, etc.). The figure shows that hot 
structures of such materials as Rene 41, advanced carbon-carbon, and a hybrid carbon-carbon provide the 
lowest weight system for the load range covered, which is typical of the loads encountered by aerospace 
plane type vehicles; for higher loads the results suggest that insulated composites would become 
competitive. Obviously, if the flight conditions are such that the maximum use temperature of the hot 
structures are exceeded, then insulated structures will be required. Thus NASA Langley has been 
conducting research on efficient TPS and structural concepts to provide designers options for both hot 
and insulated structures for future high speed vehicles. 
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PHOTOMICROGRAPHS OF SIP 

Results of an investigation on the microstructure of the SIP were reported in Reference 77 and 
typical photomicrographs from that report are shown in Figure 43. The low magnification view of the 
uncoated SIP face reveals a pattern of dimples. The highly magnified view shows that the dimples are 
locations of transverse bundles of nomex fibers. so shown is a cross-section view of the SIP and the 
orientation of the transverse bundles through the SIP thickness. The RTV adhesive transfer coating was 
developed to aid in bonding the SIP to the RSI tile. However, not 1 the transverse fibers are securely 
locked into the transfer coat. The transverse fiber bundles are not perpendicular to the plane of the 
SIP and thus the SIP material has a preferred orientation and a shear-extension coupling. Transverse 
fiber bundles also introduce stress concentrations (Ref. 78) ich cause premature failures in the tile 
at the RSI/SIP interface. A process for densifying the faying surface of the tile has been developed 
which greatly increases the strength of the SIP/tile system (Refs. 79, 80). 
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PHOTOELASTIC STUDY OF SIP LOAD TRANSFER TO RSI 

The ceramic RSI/TPS, being highly brittle, has strain-to-failure performance considerably below the 
yield strain of aluminum, and a low coefficient of linear thermal expansion. Thermal and mechanical 
expansion and contraction of the aluminum skin would cause ceramic material bonded to it to crack. The 
Shuttle designers decided to protect the RSI from excessive strain in two ways. First, the ceramic 
insulation was placed on the aluminum in the form of individual tiles with side dimensions of the order 
of six inches or less. About 30,000 tiles of various sizes and shapes cover slightly over 70% of the 
Orbiter's exterior. Gaps between tiles permit them relative motion as the aluminum skin expands or 
contracts and as the substructure deforms causing skin-surface curvatures. The allowance for relative 
motion alone does not prove sufficient to protect the integrity of the ceramic material. A tile bonded 
directly to the structure will still crack as the aluminum skin under it expands locally or undergoes 
local lateral deformations. Some means must isolate the strain of the aluminum substructure from the 
tile. To do this, the tile was first bonded to a felt pad using an elastomeric, 
room-temperature-vulcanizing (RTV) silicone adhesive and then the tile and pad combination was bonded to 
the aluminum skin with the same adhesive. This strain-isolation pad (SIP), having very low shear and 
extensional moduli, protects the brittle ceramic material from deformations of the aluminum structure. 

Initially, the loads expected on the TPS came well within the strength of RSI and SIP, but as the 
design of the Orbiter progressed, mission requirements became firmer, and load predictions became 
refined, it became obvious that the TPS would have to withstand loads higher than anticipated. Although 
they reduced margins of safety, the loads in most cases caused stresses within the strength of the RSI 
and the SIP as considered independently. However, tests of the RSIjRTVjSIP as a system revealed the 
group tensile strength to be less than the tensile strength of the individual components. This caused 
negative margins of safety over large areas of the Orbiter, and the TPS in certain areas did not have 
sufficient strength to survive the tensile loads of a single mission. 

NASA-Langley conducted a photoelastic study (Ref. 78) to demonstrate that the reduced strength 
occurred because of the pad-transfer mechanisms of the SIP. A highly sensitive photoelastic material 
(giving optical signals proportional to the internal stress level when viewed under polarized light) was 
bonded to the SIP using RTV adhesive. Figure 44 shows the specimen loaded in tension and the resultant 
stress field for RSI bonded to SIP. The SIP/photoelastic-material interface exhibits discrete stress 
risers all along the interface. In contrast, the aluminum/photoelastic material interface shows only 
corner stress concentrations, caused by the differential stiffness of the materials. The stress 
concentrations measured at the SIP/photoelastic-material interface (as high as 1.9) account for the 
reduced strength of the SIP/RSI assemblage. 
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CYCLIC GUE lOR OF 0.16 inch SIP/LI-900 TILE SYSTEM 

A summary of the results of the cyclic fatigue tests of Reference 81 for the SIP/tile system are 
shown in Figure 45 for the 0.160 inch/LI-900 tile densified and undensified system. The stress levels 
are shown as a function of the number of fully reversed (R = 1) cycles to failure for the SPI/tile 
system. The dashed lines on each figure are a least squares fit of the test results where the 
intersection at one cycle (indicated by the lled symbols) is the mean static failure stress of at least 
45 tests performed by Rockwell International, the prime contractor for the shuttle Orbiter. A small 

of static tests were performed during the fatigue program of Reference 81 and results are plotted 
at the one cycle location. 

Cyclic loading results in a relatively large reduction in the stress level that the SIP/tile systems 
can withstand for a small number of cycles. For example, the average static strength of the undensified 
tile system is reduced from 12.5 psi to 9 psi after a thousand cycles. The undensified tile systems have 
a SIP/tile interface failure mode. Densifying the faying surface of the RSI tile strengthens the 
SIP/tile interface sufficiently that cyclic loading failure occurs in the SIP due to complete failure or 
excessive elongation. Each load cycle result in slightly increased elongation of the SIP during the 
tension portion of the cycle until complete separation failure occurs. Mission failure due to excessive 
elongation may occur before complete separation. 

For the densified tile system shown by the circle symbols in Figure 45, failure of the SIP was 
arbitrarily assumed to have occurred when the elongation between the maximum and minimum loads exceeded 
0.25 inch. Once the total elongation reaches 0.25 inch, the specimen rapidly deteriorates under further 
load cycling until complete SIP separation failure occurs. 

Densification of the faying surface increases both the static and fatigue strength of the SIP/tile 
system. The 0.160 inch thick SIP/LI-900 densified tile system at 10 psi has a mean lifetime of 
approximately 15,000 cycles whereas the same system undensified has an expected lifetime of only 100 
cycles at the same stress level. However, even the densified tile systems have a relatively low fatigue 
life due to excessive elongation or complete failure of the SIP. Thus the full benefit of the increased 
static strength of the densified tile system is not achieved in fatigue. Also, since failure occurs due 
to SIP elongation, further improvements in the RSI tile strength alone will not result in any improvement 
in the total system fatigue strength. 
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SIP SHOWS PERMANENT DUE DYNAMIC LOADS 

The TPS tiles experience a variety of random vibrational loads during ascent. These include: main 
engine and solid rocket motor ignition overpressures during liftoff~ substructure motions due to engine 
vibrations and aerodynamic loadings, direct acoustic pressure loads caused by boundary-layer noise, 
differential pressures to shock passages, aerodynamic gradients and gust loads, and tile buffeti 
due to vortex shedding connect; structure. The critical load conditions on the TPS during ascent 
are expected to occur between the time the orbiter reaches transonic speeds (approx y 40 seconds 

liftoff) and the time ter experience maximum dynamic pressure (approximately 65 seconds 
after 1; ). i s critical , TPS on the lower ng and mid-fuselage surfaces 
experience loads caused substructure deformation, shock passage aerodynamic gradients which can cause 
a net tensile force and moment on the tiles, random acoustic loads transmitted to the tiles 

ter base structure. Prior to the rst ight, a series random dynamic load tests were performed 
on undensified tiles to obtain a more realistic evaluation of the expected behavior of the TPS under 
simulated flight load conditions in the windward surface wing and midfuselage region. Results of those 
tests are reported in Reference 8?. 

gure 46 contains a plot of the development of permanent growth of the SIP at the ghest stressed 
corner as the dynamic test progressed. By the conclusion of the test, the SIP had a permanent extension 
at this corner equal to the initial thickness of the SIP (i.e., 100 percent increase in thickness). 
Figure 46 also presents a comparison of the applied stress vs. displacement measured during the +5 psi 
static uniform load tests performed before and after the dynamic test. The peak-to-peak measure-of 0.052 
in. is an indication of the degree to which the SIP has loosened. The tile failed during the fi 
test-to-failure undensified region of the parent RSI material at an ultimate static load of 422 10. InlS 
failure load was 70 percent greater than the original bond verification load. 

load spectrum does represent actual flight conditions, the test data indicate that excessive 
SIP growth may occur within the operational lifetime of the orbiter. This mode of failure under random 
loading is benign if corrective action is taken during ground maintenance between flights. However, if 
loose tiles are not eventually replaced, several unacceptable consequences might result: (1) hot gas may 
be allowed to penetrate between tiles to the filler bar protecting the substructure, (2) chipping of the 
protective coating of the neighboring tiles may occur, and (3) disruption of the airflow could 
prematurely trip the boundary layer causing turbulent flow which would lead to an increase in downstream 
heating. 
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te low temperature (LRSI) tiles and some of the coated Nomex felt (FRSI) 

I) 

ankets were also replaced on Discovery th 2300 Advanced Flexible Reusable Surface Insulation (AFRSI) 
quilts. These new flexi e fibrous, silica quilts have been used in limited areas on previous orbiters, 
butDiscovery is the first to have most of the upper surface so covered. The AFRSI, with a new ceramic 
coating developed by Rockwell International Space Division, offers higher temperature capability than the 
FRSI, and improved durability, simplicity, and lower weight than the LRSI it is replacing. 
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FLEXIBLE CERAMIC TPS 

Figure 48 shows the various advanced exible ceramic TPS currently under development at NASA Ames. 
The AFRSI is currently in use on the Shuttle Orbiters, but work continues on increasing surface 
toughness, weave geometry, and integral woven core structures. These systems offer great potential over 
the rigid and fragile LRSI that they are replacing on the Orbiters, and could find more extensive use as 
the maximum use temperature is increased. One difficulty in developing such materials for aerospace 

ane type vehicles is the lack of a definitive durability criteria that researchers can work towards. 
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CERAMIC THERMAL PROTECTION SYSTEM TECHNOLOGY PROJECTIONS 

Figure 49 shows the NASA Ames projections of material temperature capability for multiple reuse that 
could be expected by 1990. For the rigid RSI a modest but very useful increase in temperature from 
2700°F to 3000°F is projected. For the exible insulations significant increases from 1200o-1800°F to 
1800o-2500°F are projected. If obtai , these insulations could have significant impact on 
designs. For high density materials such as carbon-carbon and Sic/Sic they again project significant 
improvements from 2800o -3200°F to 3800o -4000°F. If these high temperatures are obtained designers will 
have much more freedom in vehicle performance since many proposed missions, which are now temperature 
limited, could obtain significant performance improvements • 
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ORBITER DIRECT-BONO ICATIONS POTENTIAL WEIGHT SAVINGS 

Savings of 25 to 30 percent of the total structure/TPS weight can be realized where 600°F structural 
lowable graphite/polyimide (GR/PI) is used (Ref. 83). In comparison to the baseline aluminum structure 

(350°F structural allowable), GR/PI has reduced TPS requirements and the FRCI TPS tiles can be bonded 
directly to the GRIPI substrate because of the greater strength of the FRCI and thermal compatability and 
the greater strength-to-density and stiffness-to-density ratios of the advanced composite materials. TPS 
weight can be reduced significantly by using the 600°F structural allowable of GR/PI and the direct-bond 
fibrous refractory composite insulation (FRCI) tile concept. The potential weight savings associated 

advanced composite application to the Space Shuttle Orbiter are also summarized in Figure 50. These 
potential weight savings total 15,178 pounds: 4,544 pounds for retrofittable structures and 10,634 
pounds for block change or non-retrofittable structures (Ref. 44). 

The retrofittable structures identified for future structural weight reduction applications with 
advanced composite and direct-bond RSI include the vertical tail, body flap, elevon, main landing-gear 
door, wing leading edge, and nose cap. Block change structures identified for composite materials with 
direct-bond RSI applications include the wing, and forward, mid and aft fuselages • 
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EST IGHT SAVI FOR 0 RSI GR/PI 

Structural weight reduction and orbiter performance gain can be realized by taking advantage of the 
large strength-to-weight and stiffness-to-weight ratios of advanced composites and the increased st 
of FRCI TPS. The weight savings associated with the advanced structure/TPS concept for typical areas on 

lower surface of the orbiter are compared to the baseline in Figure 51. The feasibi 
direct-bond FRCI TPS tile on GR/PI structure is based on structure/TPS thermal compatibili 
similarity of thermal expansion coefficients for small thermal stresses), su 
to preclude RSI tile fracture caused by out-of-plane structural deflection, and the availability at a 
high-temperature (650°F), room temperature curing adhesive. The large stiffness-to-weight ratio of the 
GR/PI composite allows a lightweight structure design with the required stiffness, and GR/PI's 
coefficient of thermal expansion is compatible with that of the ceramic tile. 

Because of the higher strength of FRCI TPS and the higher stiffness of GR/PI, the use of a larger 
tile permits an additional weight decrease compared to the baseline as a result of reducing tile gaps and 
gap heating (less aeroheating). Additional details are given in reference 85. 
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PROBLEMS MUST BE SOLVED? 

The problems to be solved, as might he expected, are the problems currently being worked: increased 
durability and temperature capability. Both rigid and flexible systems need improved durability against 
handling damage and particle and rain impact. The flexible ceramics also need better resistance to 
aeroacoustics and aerothermo environments. Increased temperature capability will probably always be a 
goal of material scientists. 
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METALLIC TPS CIRCA 1972 

Figure 53 shows a partial disassembed metallic TPS CIRCA 1972, the year the decision was made to 
use RSI on the shuttle orbiter. As can be seen from the figure, the metallic systems were complex 
many parts, such as foil packages for the fibrous insulation (life of such packages are still an 
unresolved problem today), and were heavy compared to the RSI systems. But many test programs (Refs. 
86-88) demonstrated their durability; hence work has continued with a goal to achieve simplicity, reduce 
weight, and eliminate short-life components. 
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t4ETALL IC CARBON-CARBON TPS CONCEPTS 

Although the Reuseable Surface Insulation (RSI) currently used on the Space Shuttle is an excellent 
insulation, it may not be durable enough for aerospace plane applications. Figure 54 summarizes a 
program to develop a more durable Thermal Protection System (TPS) using metallic concepts for 
temperatures from 700°F to 2000°F and using Advanced Carbon-Carbon (ACC) above 2000°F. The goals of 
program are to develop TPS that have durable surfaces, are mechanically attached, have covered gaps 
between panels to reduce gap heating, and are mass competitive. The graph in the figure shows that the 
durable TPS concepts indicated by the symbols are mass competitive with RSI indicated by the 
cross-hatched area. 
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METALLIC TPS CONCEPTS 

The two TPS concepts identified in Figure 54 are also shown in more detail in Figure 55. The two 
metallic prepackaged concepts are discrete panels that have a strip of RTV-covered Nomex felt beneath the 
perimeter of each panel to prevent hot gas flow beneath the panels. The titanium multiwall concept 
(maximum surface temperature < 1200°F) consists of layers of dimpled titanium foil Liquid Interface 
Diffusion (LID)* bonded together at the dimples with a flat foil sheet sandwiched between each dimpled 
sheet. The superalloy honeycomb concept (maximum surface temperature < 2000°F) consists of an Inconel 
617 honeycomb outer surface panel, layered fibrous insulation, and a titanium honeycomb inner surface 
panel. The edges of the two metallic concepts are covered with beaded closures to form discrete panels 
nominally 12 inches square. The titanium multiwall and superalloy honeycomb panels are described in 
detail in References R9 and 90 respectively. 

The two types of attachments shown in Figure 55 can be applied to either of the TPS concepts. The 
bayonet-clip attachment, shown with the titanium multiwall concept, consists of two clips and a metal tab 
(bayonet) LID bonded to the lower surface of the panel. One clip is mechanically attached to the vehicle 
surface, and one clip is LID bonded to the lower surface of an adjacent panel. Thus, a single bayonet 
attaches a corner from each of two adjacent panels. The through panel fastener, shown with the 
superalloy honeycomb concept, consists of a thin-walled cylinder through the panel that allows access to 
a bolt which fastens the panel corner to the vehicle structure. The cylinder which contains fibrous 
insulation, is covered with an Inconel 617 threaded plug. These fasteners are described in detail in 
Reference 90 • 

*Proprietary joining process of Rohr Industries. 
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INTERACTION OF DISCIPLINES - EXAMPLE FOR METALLIC TPS DEVELOPMENT 

Figure 56 shows the highly interdisciplinary nature of 
systems requiring a systems approach to successful desi 

design process for TPS, ch really are 
th a concept, illustrated here 

needs to consider materi performance 
, and various environmental tests 

a prepackaged superall honeycomb concept Ref. 90), 
such as surface emittance 

1 
lic TPS 

roughness effects 
be verified concepts ( 
verified analytical des; on 

to resist impact, and lightni strike, etc. 
, or as in example, deform into a pill surface, 

must be determined. The product of such research 
ngs to researchers and project personnel), 
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DAMAGE FROM ACOUSTIC TESTS OF SUPERALLOY HONEYCOMB 

Both the titanium multiwall and the superalloy honeycomb concepts were exposed to acoustic 
environment in a sound chamber at JSC operating at an overall sound pressure level (OASPL) of 161 dB and 
in a progressive wave facility at LaRC operating at 159 dB. The spectrums were representative of the 
launch sound environment for the Space Shuttle. The 2-panel arrays tested at JSC had bayonet-clip 
attachments and were exposed to sound for 15 minutes which is representative of about 25 missions with a 
scatter factor of 4. The single panels tested at LaRC had through-panel fasteners and were tested for 60 
minutes which corresponds to about 100 missions with a scatter factor of 4. 

both types of tests, no damage occurred to the titanium multiwall panels. However, the 
superalloy honeycomb panels did sustain some damage in each type of test. Figure 59 shows an edge Vlew 
of one of the superalloy honeycomb panels tested in the JSC sound chamber. Prior to the test, the 
overhanging lip along the right half of the panel edge shown was bent down (in a pattern which fits a 
human hand), and some buckling along the bottom edge of the side closure occurred. Additionally, as 
pointed out in the figure, this edge was not properly supported by Nomex felt. All other edges were 
supported by a I-inch wide strip of Nomex felt as specified in the concept design. During the tests, 
numerous cracks occurred on the bottom edge of this side closure. Since no other side closures on the 
two panels suffered any damage during the tests, the cracks probably occurred due to the handling damage 
and lack of felt support on the damaged edged. 

~ One side closure of the single superalloy honeycomb panel tested in the LaRC progressive wave 
~ facility was buckled in shipment. The panel was judged to be acceptable for vibration tests since the .. 

damage was limited to only one edge. Upon completion of the vibration tests with no visable damage, the 
panel was exposed to the acoustic load for 60 minutes. After the first 15 minutes, small cracks at the 
bottom of the buckled side closure were noticed. These cracks were monitored during the remaining 
exposure, but negligible growth occurred. A typical crack is shown in the figure. Since the only edge 
to experience these cracks during tests was on the side damaged in shipment, the cracks that developed 
were probably due to the shipping damage. 

Since the titanium multiwall panels showed no damage from the acoustic tests, and the only cracks 
developed on the superalloy honeycomb panels both at JSC and LaRC occurred in areas which had suffered 
handling damage prior to the tests, it appears that both concepts will survive sonic envionments as high 
as 161 dB. However, additional acoustic tests may be required to remove the uncertainty. 
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SIMULATED L NG STRIKE METALLIC TPS 

A titnaium multiwall panel and a superalloy honeycomb panel were exposed to simulated lightning 
strikes as shown in Figure 60. The strike on the titanium multiwall resulted in a conical hole through 
all the layers of the panel with a hole of approximately 1/8 inch diamter in the lower surface (see Fig. 
60). However the damage to the superalloy honeycomb panel was limited to the Inconel surface. A spot 
the size of a dime was indented as though it were hit with a ballpeen hammer. In addition, the face 
sheet was burned away locally, exposing two of the honeycomb cells. The intensity of these strikes (100 
kA) meets the Space Shuttle criteria for lightning strikes on acreage surfaces (Ref. 92) • 
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METALLIC TPS ARRAYS FOR 8-FT HTT TESTS 

A titanium multiwall array and a superalloy honeycomb array were fabricated for radiant and 
aerothermal tests in the 8 1 High Temperature Tunnel (HTT) at LaRC. These arrays, shown in Figure 61, 
consisted of 20 panels and were configured to fit a standard panel holder used in the 8' HTT. The panel 
holder has an opening, 60 in. x 42.5 in., and can accept test-specimen thicknesses up to about 12 
inches. Since the standard metallic TPS panel is 12 inches square and the panel holder is 42.5 inches 
wide, panels approximately 6 inches wide were used to close out the array_ 

The panels, which had vertical beaded edge closures, were installed such that two of their edges 
were parallel to the flow direction. This installation is considered a "worst case" orientation of the 
panel with respect to the flow • 
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c 8-FOOT HIGH-TEMPERATURE 

gure 62 shows a schematic ew of the major components of the 8 1 HTT which is a "blow-down" 
tunnel. The model is held in a pod beneath the test section and covered by radiant heaters 
only preheat the model but also protect the model from tunnel start-up and shut-down loads. 
model is preheated and the tunnel is started, the radiant heaters are turned off and retracted 
hydraulic actuators. The model is then rapidly inserted into the 8-foot diameter test stream by a 
hydraulically-operated I5-ton elevator which raises the model to the test position in approximately 1 
second. For shutdown, the procedure is reversed. The total aerothermal test duration is up to two 
minutes depending on test conditions. Details of test techniques are given in Reference 93 • 
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a 
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trajectory 
imposed an 

desi 

tests, signi cant debondi occurred between the top face sheet 
occurred mainly on the edge tiles which were parti 

c surface of the panel holder which surrounded the 
unrealistic boundary conditions greatly cont 

repaired by spot welding (the tiles were not removed 
was subjected to seven radiant-heating tests and ei 
included a total aerothermal exposure time of 294 s. 

to the 
the 

combi 

The aerothermal tests showed no dence of localized convective heati between tiles 
to the edge of a' to hot-gas ingress. Figure 63 shows cal maximum temperature st 

Ie where gap flow would impinge if it were present. The temperatures are normalized 
the maximum surface temperature Ts measured at the two locations shown. Comparison 
temperatures for radiant heating on temperature from the aerothermal tests i 
any significant hot-gas ingress. 

Detailed inspection of the disassembled array revealed curli 
ine cracks, all of which were on one of the boundary tiles 

of the panel holder. 

of the overhangi 
ch was adjacent to 

average of 
mum 

an absence of 

edge and fi ve 
ceramic surface 

These tests identified minor design changes to be incorporated in future designs to improve the 
fabrication and structural performance of the bonded joints. These changes include (1) slightly larger 
contact nodes, (2) alignment of tiles in an unstaggered manner to allow edge deflections of adjacent 
tiles to be more compatible, (3) use of stronger Ti 6Al-2Sn-4Zr-2Mo alloy in place of Ti 6Al-4V, and (4) 
a vertical edge closure to allow bonding fixtures to improve contact of the bond joints in the overhang 
region and to avoid interference between panels due to thermal deformations (Ref. 95). 
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ow did occur in gaps 

EXPOSURE 

tests was to determine if temperatures in the gaps between 
ow. Such an increase d indicate the panel edge 
itself to prevent gap heating ow is parallel 

an arrav of 1st generation titanium 1 panels 
s were oriented 30° to ow (Ref. 94). 

Surface temperatures at bottom of the gap are shown in Figure 64 for 
_ The curves 

the array was inserted into 
same locations and time i s 
surface and gap temperatures of t 
inserted into the flow, negligible 
indicating no additional gap heati 

during a 200 second portion of an aerothermal test 
solid curves show temperatures recorded at the 

iant heating test. At the time interval shown~ the 
tanium ti 1 model were at equilibrium. When the model was 

temperature perturbation occurred at the bottom of the gap thus 
occurred. 

though the surface of the superalloy honeycomb panel reached equilibrium, the temperature at the 
bottom of the gap, was still approaching equilibrium when the radiant heaters were turned off and the 
model was inserted into the flow. Immediately after the superalloy model was inserted into the flow~ the 
temperature at the bottom of the gap increased to a level considerably greater than it was before the 
tunnel started. This high, quick temperature rise indicates that hot gases flow in the gaps between 
panels. Thus, when the edges of the superalloy panels were parallel to the flow, the overlapping edges 
do not provide an adequate seal. Superalloy honeycomb panels may be more susceptible to gap heati ' 
because the gap is much larger than the gap between titanium multiwall panels. Consequently, when 
thermal expansion closes the top of the gap, the bottom of the gap remains partly open because it is much 
cooler. 



t---> 
W 
t---> 

2000 

1800 

1600 

1400 

-- Radiant Heating Only 
---- Aerothermal Test 

T oF
1200 

emp, I 
1 Ooo~'---"'--e---"""'-\ ( .. ---.. 7 Surface 

" \, 

.----------,-~?------.~ ~ft~a~ 

SAl 

<!II'.' 

~ ~Surface , /; 
, I I 
, , I 

l '. , " \ , , 
\ , , 
\. , 
\ I \ , . \ '. ,.. \ ~ , \\ 

Bottom ! '\ 
of Gap] 

, • ...)1 , 
L. 

~____I _ ___L. __ ~ .. I _ ...... 1 Model Insertion , '! 

700 
lime, sec 

800 400--500 
lime, sec 

Figure 64 



...... 
W 
N 

origi 
included in 

aerothermal test. 
backside of 
does not appear to 

I 

i 
ti 

lightning-damaged loy honeycomb panel could not be installed into a in a t 
manner; therefore, panels already in the array were damaged to simulate the lightning damage. 

the types of damage inflicted on the panels. The two rows of panels in the foreground of the 
gure, which were coated with a ceramic non-catalytic coating (Ref. 96) were the panels that received 

the damage. (The dark panels in the background were coated with a high temperature, high emittance 
paint.) 
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SUPERALLOY TPS PANELS 

cles is at or nearly flat, some locations, 
fabrication of curved TPS panels often presents 
s, and the design of curved panels must i 
inQ to thermal stress ch are normal not 

A curved titanium multi has cated to demonstrate that the tiwall concept 
itself to curved panels , an a of cu superall panels has been fabricated 

tests to evaluate t r performance in a gh-surface-pressure gradient environment. 
20-panel array shown in gure 11 be installed into the cavity of the Curved Surface Test 

(CSTA), so that the surface of the a 11 be ush with the surface of the CSTA. The a 
be instrumented wi thermocouples and pressure sensors and tested in the LaRC 8' HTT to determine 

if heating occurs in the gaps between panels. Metal tabs, one of which is identified on the single panel 
in the figure, are located at the corner intersections of the panels to block flow in the gaps. All of 
the panels are attached with through-panel fasteners. These tests are planned for May-June, 1985 • 
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CURVED SUPERALLOY HONEYCOMB PANEL 

The curved SA/HC panel shown in Figure 68 was fabricated with a gap blocker designed to stop flow 
between panels. Previous tests of flat panels indicate that flow in the gap between panels can occur 
depending on the orientation of the panel edge with respect to flow and on the severity of surface 
pressure gradients. 

Manufacturing costs for curved panels estimated for a production basis are shown on the right. 
Although the most severely contoured panels are estimated to cost $2800/ft 2, average flat panels costs 
are about $2000/ft2 which compares favorably with current costs for RSI which are believed to be 
$2000/ft 2 or greater. Costs for the metallic panels were estimated assuming that one Shuttle shipset 
would be fabricated and that 70 percent of the panels would be one-of-a-kind panels. The remaining 30 
percent were assumed to be two-of-a-kind panels which require less tooling per panel. Additional details 
are given in Reference 98 • 
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PROPOSED TPS TEST MODEL FOR INTERSECTING SURFACES 

Figure 69 shows a sketch of 
ate wing calibration surfacese 

and calibrated it will be modified 
Metallic TPS for such areas are 11 
«2000F) where metallic TPS are 
gas ingress) metallic system for 
addressed, at least not to 1 

curved surface test apparatus (Ref e 64), CSTA, fitted with boiler 
s configuration has been designed but not fabricated. Once built 
accept TPS panels for the intersecti fuselage and ng surfaces. 
as the equilibrium surface temperatures should be in the range 

all TPS concepts (Ref. 99). Design of an r tight (no 
a challenge that apparent has not been previous 

ronmental tests of ightweight hardware. 
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ACCOMPLISHMENTS 

o METALLIC TPS MASS ITIVE WI CURRENT SHUTTLE RSI TPS 
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-- ACOUSTIC 
- LIGHTNING STRIKE 

NEEDS 
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UJ 

o DETERMINE THERMAL AND AEROTHERMAl PERFORMANCE OF CURVED METALLIC TPS 
INCLUDING THERMAL STRESS CHARACTERISTICS 

o EXTEND METALLIC TPS TO 2300°F 

o EVALUATE TPS CONCEPTS FOR INTERSECTING SURFACES 

o SURFACE EROSION 

Figure 70 
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TPS TEST 

The same 1 ft. by 2 ft. test , Figure 72, that was subjected to the thermal vacuum tests was 
also subjected to aerothermal tests. The model is shown in Figure 73 installed in the LaRC 
Aerothermal Arc Tunnel. The model was mounted in a water-cooled holder at 150 angle of attack to the 
stream with a 6-inch transition section between the nozzle and the model. Conditions were selected 
gave a 2300°F surface temperature on the front of the model. Figure 54 shows the model in the test 
stream. Only light being radiated from the model was used to expose the film • 
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EFFECT OF 11...1'1.1"1"11... EXPOSURE GAP TEMPERATURE-Ace POST 

A comparison of temperatures obtained during the arc-tunnel tests with those obtained during a 
thermal/vacuum test is shown in Figure 74. The temperature was measured at the center of the model where 
pieces of 4 separate panels intersect. Thermocouples placed at locations 1, 2, and 3 measured the 
temperature at the ACC skin, at 1/3 of the depth of the model, and at the bottom of the model, 
respectively. The tunnel condition resulted in a surface temperature (1) nearly lOQoF less than that 
obtained during the thermal/vacuum test. However, the temperature measured at (2) during the arc-tunnel 
test was not less than that obtained during the thermal vacuum test, indicating that slight heating due 
to flow occurred in the gap region where one panel overlaps another. A local design change may be 
required if this preliminary conclusion is sustained by additional test results and if the heating is 
found to be significant. The lower teperature measured on the aluminum plate during the tunnel test was 
typical of other locations and probably reflects a larger heat-sink effect caused by a water-cooled 
holder which was not used in the thermal/vacuum tests. 

The ACC model was not damaged by either the thermal/vacuum or arc-tunnel tests. The only change in 
appearance occurred during the arc-tunnel tests when erosion of copper electrodes caused an 
orange-colored copper deposit on part of the model surface. 
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Continued studies (Ref. led to a lighter weight configuration. 
a smooth 0.020 in. outer sk n a corrugated 0.016 in. inner skin. 

pre-formed to the contour of a leading edge, lined screen cki , and 
toget , resulting in 0.5 in. ameter D-shaped channels ng in a 

D-shaped heat pipe cross-section was determined to be optimum from the standpoint 
weight--l.9 lb/ft2, approximately 44% lighter than the circular cross-section 
This weight reduction makes the heat-pipe-cooled leading edge weight-competitive th the carbon-carbon 
design currently on the shuttle, for example, and enhances its utility for stagnation heating areas of 
future high speed vehicles. 
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instantaneous aerodynamic heat load 
proposed partial shiel 

hardware studies Refs. 113-1 
gh level inq. Recent 

siqni cance of 

cation studies nas produced tnree 

to 

panels for st testing. The test structures include a shielded Danel and two 
s of fferent construction. All panels were designed for the same environment. 
ly, each panel was designed for a life of 10 000 hours 20 000 fully reversed 1 t load 

cycles. The panels differed in both structural and cooling concepts but each used aluminum as the 
structural material and a 60/40 glycol water xture as a coolant. The heat shielded configuration 
features a corrugation stiffened Rene i 41 heat ield and an adhesively bonded honeycomb sandwi 
structure with half round coolant tubes. One of the bare configurations uses an adhesively bonded 
stiffened-skin structure with redundant, counter-flow, quarter-ellipse coolant tubes; the other uses a 
brazed plate-fin sandwich with adhesively bonded stiffeners for both the structure and cooling passages. 
Additional characteristics and features of the concepts are presented in Reference 113 and complete 
details of the shielded panel design and fabrication are presented in Reference 117. 
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major show stoppers were found during the investigations and the biggest concern wltn tnls 
concept is the overall system complexities and the high reliability required" Since the mission studied 
was hypersonic cruise at Mach 6.7, applicability of the abort trajectory to an aerospace plane is 
doubtful. 
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hot-structure S1 e-stage-to-orbit vehicle 
desi i of us ng the recently oped Space 

improvements in structural mass fraction. The concept is an integral 
ch combines the functions of fuel containment, thermal protection, and support or venlCle 

rust and aerodynamic loads. The vehicle is designed for a low planform loading, which results in a 
higher altitude entry trajectory than that flown by the Shuttle Orbiter. This high-altitude, gliding 
entry results in maximum surface temperatures of only about 1400°F which are within the operating range 
for the nickel-base superalloy Rene' 41 • 
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structure consists 
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due to ronment. 
ckness of the la 

accommodated in the design. 1 
face sheet on su These slots nate axi compression 
stress which would otherwise occur thermal and pressure oads. (Transverse bending loads are low 
because LOX is carried in the wings. The slots are approximately 0.030 in. wide and are sized to be 
nearly closed when the outer surface of the panel is heated to 1400°F. Pressure load in noncircu ar 
section are carried by tension struts at each frame location (Fig. 82). Although Rene ' 41 is required on 
the hotter, windward surface, a material with a better strength-to-weight ratio may be preferred on the 
cooler leeward surface to save weight. (The study of Ref. 18 considers using titanium honeycomb on this 
surface.) 

Because the outer skin of the sandwich is slotted, the effect of these slots in the cryogenic 
environment during ground hold and boost and in the hypersonic environment during entry is a concern. 
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COMBINED LOADS TEST FIXTURE AND PANEL 

Because thermal stresses are induced by an applied stain rather than an applied force, thermal 
stresses induced in the plastic range will be less than they would be for the same thermal strain in the 
elastic range. Furthermore, if the allowable deformation of a structure is large, and the structural 
stability is not critical, a benign type of failure may occur in which a large part of the thermal 
stresses are relieved at maximum loading (although significant residual stresses may remain after 
unloading). Therefore, it has been recommended that for critical conditions involving combined 
mechanical and thermal loads, the factor of safety used to arrive at ultimate load be applied only to the 
mechanical load and not to the thermally-induced component, regardless of how they are combined 
(Ref. 118). The use of lower load factors for thermal loads can result in higher allowable operating 
stresses for mechanical loads which will save mass. In addition, for a limited-life vehicle, these 
operating stresses may even be in the plastic range which can result in even greater mass saving. 

A Rene· 41 honeycomb panel, 1 ft by 6 ft, was tested under combined thermal and bending loads at the 
NASA Dryden Flight Research Facility. The design and fabrication of the panel is documented in 
Reference 119. The purpose of these tests was to evaluate the life of a panel when exposed to cyclic 
combined thermal and mechanical stresses representative of high elastic stresses seen at a fuselage frame 
attachment. 

The test apparatus and the test panel are shown in Figure 3. The slot down the center of the outer 
~ (hot) face sheet is as previously mentioned, necessary to reduce thermal stresses. The slot is 
~ approximately 0.030 in. wide and is sized to be nearly closed when the outer surface of the panel is 

heated to 1400°F. The panel was instrumented on both face sheets with thermocouples, strain gages and 
deflectometers. 

Quartz lamp heaters were used to produce temperature histories representative of both boost and 
entry cycles. For safety reasons, the cryogenic temperature (-423°F for LH2 fuel) required on the inner 
face sheet during the ascent cycle was represented by using LN2 at -320°F. The use of LN2 in place of 
LH2 has only a small effect on the thermal strains which occur during the test. Nevertheless, hot 
surface temperatures were slightly increased to provide equivalent thermal strain levels to account for 
the small strain difference associated with using the warmer LN2-

Mechanical loads representing fuel pressure loads were applied to the panel through the distribution 
system defined in the figure. Four line-load supports reacted the applied loads. The two internal 
reaction supports simulate the reaction forces which would result from fuselage frames reacting thermal 
and fuel pressure loads in a vehicle. The simulation is incomplete in that at these reaction points, the 
honeycomb core is exposed tcrcompression rather than a net tension load, and the panel is not totally 
constrained from bowing in the transverse direction as it would be if it were continuously attached to a 
frame. 
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Measured temperatures were used the linear analysis. The figure shows results for 
second boost cycle. The measured and calculated strains resulting from the combined 
mechanical loads are in good agreement. The strains on the hot and cold surfaces are 
the thickness of the hot face sheet for panel 1 was chem-milled to provide an increased 
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over 

regions of the reactions. Additionally, the temperature distributions on the two surfaces were 
different. Temperatures on the LN2 side were relatively constant since they were influenced by boiling 
against the specimen surface. The upper surface was hotter in the middle of the specimen than at the 
edges and at the supports. Additional details are given in Reference 120. 
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The non-integral structure is a more advanced concept using a welded metal-matrix composite 
a 400°F closed-cell organic foam providing the cryogenic insulation and an organic composite 

fuselage structure. The foam thickness is varied to meet the insulation function. The foam may be on 
the interior of the tank wall, which is acceptable for LH2- However, the organic foams are sensitive 
to LOX; that is, they burn in the presence of LOX with very little ignition energy. Therefore, for 
tanks the foam insulation is required to be on the exterior tank wall. Additional details of these 
designs are given in References 122 and 123 • 
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A number of paper studies been done for TPS/structure/tank concepts 
the higher temperature missions. A variety of concepts have been studied only a 
reviewed herein. If the concept needs a cryogenic insulation, development of a reusable, 
temperature (> 175°F) material is a gh priority technology need. Composite tanks could be very 
attractive but some difficult problems such as internal liners for organic matrix composite tanks or for 
internal insulation must be solved. In addition, flaw-size crack-growth criteria for aircraft 
applications could impose big weight penalties on some cryogenic tank designs and a reassessment of the 

~ criteria is needed. 
N 
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upper leadi edge, to 

was selected as 
spacecraft 
i. de was desi 

except front spar 
torque box interior. 

cover panels tor tne O~ nave 5-ply celion 6000/LaRC-160 skins on Do70-inch t ck 
ass/polyimide honeycomb cove. The stability ribs have 3-ply skins on 0.5 inch thick honeycomb core. 

rear spar, rib caps, and shear ips are 8-ply quasi-isotropic solid laminates. The TDS was 
subjected to the following tests: RT ultimate load, 500°F ultimate load, 400 limit load cycles at 500°F, 
125 thermal cycles between -160°F to 600°F, and a secondary ultimate load test at 500°F. Extensive 

trasonic and visual NDE did not find any evidence of structural failure as a result of the above 
tests. The results verified that a representative graphite/polyimide structure could be designed and 
fabricated to withstand thermal extremes representative of 100 Space Shuttle Orbiter missions. More 
detailed discussion is given in References 127 and 128 • 
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HYPERSONIC WING TEST STRUCTURE 

Figure 94 shows various phases of a study of hot structure for an hypothetical M = 8 vehicle carried 
out by NASA Dryden that illustrates their capability for hot structure testing and thermal-structu 
analysis. A segment of ng structure 85 FT2 in area was ilt of the TPS and structural concepts 
described in Reference 129 (beaded s and corrugation sti TPS). Reference 130 describes 
design and fabrication of the test hardware. icture in lower left shows structure 

ng radiant heated to a re of about 1800°F. tests rmed the s 
concept. s ower ght s ation measured and calculated 

temperatures for a segment of test model. Additional details this test program are given in 
Reference 131. The model is currently being reinstrumented in preparation for additional tests where 
emphasis will' be given to detailed temperature and stress measurements for verification of current 
thermal-structural analysis codes. 
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num structure is 
the lower and upper 

concept consists of a torque box and tapered, flanged ribs 
rib extends into the torque box to form a bulkhead. Because the 

edge of the is , no signi cant air flow passes over the upper surface of the 
ap, and therefore the 

more heat to be radiated 
design eliminates the RSI tiles 

brous insulation indicated on 
structure of the orbiter .. 

n was removed to save weight. Removal of the upper surface also allows 
lower skin, thereby reducing peak temperatures. The hot structure 

except those left on the leading edge of the flap, which, along the 
the figure, are red to help prevent overheating of the al 

There are several key considerations 
acoustic loads from the main engines during 1i 
pressure, but is subject to hiQh entrv heati 

flap design. The body flap is subjected to high 
.. the structure is lightly loaded by aerodynamic 

Another practical design consideration is the ease of 
retrofitting the replacement 

The concept has been si for static loads and the predicted weight is 610 pound, 850 pounds less 
than the current insulated aluminum body flap weight of 1460 pounds. Structural finite element analysis 
shows the carbon-carbon body flap to be stiffer than the baseline body flap. Thermal finite element 
analysis predicts that the carbon-carbon body flap 11 have a peak temperature of 2370°F, 330°F less 
than the baseline body flap. Moreover, thermal stresses are acceptable in the carbon-carbon body flap 
due to the low coefficient of thermal expansion of carbon-carbon. However, there may be potential 
problems with impact sensitivity as indicated by preliminary results given in Reference 59. More 
detailed information on the body flap design is given in Reference 137. 
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ACC is an attractive materi for high temperature structural applications such as control surfaces 
the other "Jackson Aeroshell" studied for Orbit-on-Demand vehicles. Work on stress-free fasteners 

and impact sensitivity is under way, but much more hardware development is required to trulv assess the 
potential of this new material option to the structural design for airframe applications. 
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obtain reasonable structural life. 

A more detailed study (Ref. 142) of this scramjet concept was undertaken by a major engine 
manufacturer while the effort at Langley concentrated on the fuel-injection strut. 

Fabrication studies to improve thermal fatigue life were successful, and a major engine manufacturer 
is currently building a fuel injection strut for testing at NASA Langley. This test will be followed by 
tests of a flight-weight module, as indicated on the figure. 
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COOLED SCRAMJET STRUCTURE 

All engine surfaces wetted by the airstream are regeneratively cooled by circulating the hydrogen 
fuel through a cooling jacket before injecting the fuel into the combustor. The cooling jacket, which is 
brazed to the primary structure, consists of the aerodynamic skin and multiple straight-fin or pin-fin 
coolant passages; straight-fin passages are shown as part of Figure 102. 

Three basic engine shell concepts were investigated: two frame-stiffened honeycomb-core sandwich 
panels and a deep-core honeycomb sandwich panel. All three concepts have approximately the same mass per 

t capture area of about 84% of the value for the HRE; the HRE was heavier in spite of the more 
structurally efficient circular shell construction. The deep-core honeycomb concept was selected as 
shown in Figure 102 as the baseline design primarily because it exhibits the least deflection in the 
sidewall and nozzle areas and is the least complex structure. The deep-core honeycomb concept has a core 

ckness which varies from 0.24 to 1.97 in. and has two vertical frames. Analytical results indicate 
relative displacements between adjoining components are generally small which permits the panel corners 
to be rigidly joined allowing the use of a simple static seal or even a welded corner. 

The results indicate that the basic shell concepts have a significant temperature gradient through 
the thickness during thermal transients (e.g., maneuvers, combustion shutdown) which may significantly 
impact the final design of both the seals and basic shell structure. 

The fuel-injection struts presented the most formidable cooling and structural problems. The strut's 
must simultaneously support a large side load, contain high-pressure hydrogen at two temperature 
extremes, and withstand the high thermal stresses resulting from complex aerodynamic heating as well as 
convective heating from the hot hydrogen in the internal manifolds. To compound these problems the cross 
sectional area and contour cannot be altered without significantly changing the engine propulsion 
performance. 

The struts have a maximum thickness of 1 in. and chords of 10 in. (center strut) and 12 in. (side 
struts), a span of 18 in. and are swept back 42°. Each strut is subdivided internally into four 
longitudinal compartments. The fore and aft compartments serve as coolant inlet and outlet manifolds 
respectively and the central compartments serve as fuel manifolds for the strut trailing edge (parallel 
to airflow) and wall (perpendicular to airflow) fuel injectors. Coolant in the inlet manifold is 
injected through a slot, impinges on the leading edge, and splits (unequally) to flow along each wall to 
the trailing edge, where it is collected in the outlet manifold. This quadrilateral manifold 
configuration was selected over a more structurally efficient (high pressure containment) tubular 
configuration because the former has a greater volumetric efficiency which results in larger fuel and 
coolant flow areas and thus lower pressure losses. 
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A unique feature of the coolant routing scheme is the commonality of the cooling circuits 
sidewalls of adjoining modules. This scheme minimizes temperature gradients across the sidewall 
component and thus reduces thermal stresses and warpage in the sidewall. However, the p 
is not common to the adjoini e sidewalls in that the frames are split to relieve 

stress allowing si ls to translate laterally relative to each other. 
so simpli as the lateral expansion of on one module need be accommodated. addltlon, modu e 

s are independent and allowed to slip relative to one another. The leading- and t ling-edge 
sections of the sidewall remain integral between adjoining scramjet modules; however, since these 
sections are near ambient temperature, the thermal stresses are acceptable (Refs. 141 and 142). The 
design features expansion joints and seals at the top and bottom of the sidewall and a sliding seal 
between the cowls. This overall freedom to expand precludes any thermal stress due to the absolute 
temperature change from ambient; however, thermal stresses caused by the nonlinear temperature profiles 
can be relieved only by minimizing the thermal gradients. 
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The heat-pipe sandwich panel, shown schematically in Figure 104, consists of a ckable honeycomb 
core, internally ckable facesheets, and a suitable working fluid. The term "wickage ll is defined as 
porous and capable of wicking a working fluid by capillary pumping. For application to the scramjet 

N engine, the working fluids considered are cesium, potassium, and sodium. During operation heating is 
6 absorbed at the heated face by the evaporation of working fluid. The heated vapor flows (see inset) due 

to a pressure differential, to cooler face where it condenses and gives up its stored heat. The 
cycle is completed with the return ow of liquid condensate back to the heated face by the capillary 
pumping action of the wickable core. The core is perforated to allow intracellular vapor flow and is 
notched at both ends to allow intracellular liquid flow along the internally wicked faces. 
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heat-pipe or uid loop systems by over 50% and increasing efficiency from 0.8 to approximately 1 is 
currently being investigated (Ref. ). 



800~T /\ M}M 
600 Ii 60% N 

6T, of DECREASEI "'rNON HEAT PIPE l--' 
w 

400 1« 
HEAT PIPE 
(CES IUM WORKING FLUI D) 

200 

/l, 
o 100 200 300 400 500 

TIME, sec 

Figure 105 



N 
I-' 
+::> 

LIFE 



N 
l--' 
c.J1 

E 

1 
- 1140 K 

~~--~--~~~jl /: 

~ ETCHED FINS ~~ 
~ 

R ICATiO 

102 
TELLOY X I 0 

I ENGINE~ 
r--DES IGN I 

INTEGRATED HYPERSONIC 
11 SCRAMJET RESEARCH ENG.IN 

10 I 
o 100 200 300 400 500 

WALL TEMPERATURE DIFFERENCE, £\T, K 

\ Figure 106 

ilT 
-L 

CHANNEL 
.' .7;·~·;fI;·;·;·;·;·;·;·;·;·;·;·;·;·;·;i·:: !"It···· ............. ~2 . ir9 •••• 9 •••••••••••• ~:; · .... 9··············~t' ~ .. :f.·lllllllll:III.· ... ·:.;J:.~ 

!~:c. .. J •• III •• ,II:IIIII .. 9.1: ~i~; 

•
~ •••••••••• 9.9 ••••• ~ 
<.' ••••••••••••••••• ~~ 

T ••• ~ •••••••••••• ~~ 
.' ................. -
I ................... _ 

PIN FIN 

PHOTO ETCHED 
COOLANT PASSAGES 



N 
I-' 
0'1 

ADVANCED FABRICATION DEVELOPMENT COMPLEMENTS DESIGN STUDY 

Figure 107 shows two struts, the orignal concept based on HRE technology and an improved strut, 
where the improvements are based on either advanced fabrication developments or design studies. Life is 
increased by use of a ckel 201 pin n cooling jacket rather than a Hasteloy X offset fin concept. 
Strut strength is increased by use of Inconel 718 structure rather than Hastelloy X, a result of the 
design study (Ref. 142). The integral manifold ides improved flow distribution compared to tube 
manifolds. Finally, the design study of Reference 141 revealed large temperature differences and thermal 
stresses in the strut primary structure caused by internal convective heating from the hot hydrogen in 
the manifolds. The internal heating, ich is normally negligible compared to the aerodynamic heating, 
is increased significantly by the higher velocities caused by the restricted flow area. Attempts to 
reduce these stresses by rearranging the fuel and cooling manifolds as well as the coolant circuitry 
proved fruitless. However, the addition of a metallic plate-fin thermal buffer in the hot manifolds 
reduced primary structure thermal stresses by approximately 64 percent. The thermal buffer fins are 
oriented transverse to the fuel flow direction to restrict flow and provide essentially stagnant hydrogen 
in the passages between the shield and the strut wall, thereby eliminating direct convective heating to 
the strut wall. 
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The large, approximately 81 diameter by 12-1/2 long, open jet test section will enable the modified 
facility to support both NASA sponsored research on scramjet engines and development tests of DOD 
missiles. 
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PLE '·IVUVI..I.. SCRAMJET TEST CONFIGURATION 

As shown in Figure 110 the facility can accommodate multiple modules of an airframe-integrated 
concept that includes a vehicle forebody/inlet, combustor, and vehicle/afterbody nozzle. Previously LaRC 
efforts to develop a technology base hydrogen and hydrocarbon scramjets have been success 
have been limited by fac;l; size to the testing of single modules including only the i et 
combustor. The larger faci ty 1 t the investigation of (1) potential critical interactions 
between multiple engine modules at es-of-attack and yaw, (2) the effects engine scale on 
nor~nrmance, and (3) the effects on performance of integrated afterbody/nozzle, configurations for 

the airframe provides to 50-percent of the total thrust. The large scale will also permit the 
thermal/structural evaluation of ight-weight, fuel-cooled engine structures. Such tests must be made 

essentially full-scale components since scaling of structure components is generally not applicable 
because of the adverse effects on fabrication and manufacturing techniques. 
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Finally, in those areas where progress has been made, work must continue, probably at an increased 
level in most areas, to bring the technology to maturity in a timely manner. 
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