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TRANSIENT TECHNIQUE FOR MEASURING HEAT TRANSFER COEFFICIENTS

ON STATOR AIRFOILS IN A JET ENGINE ENVIRONMENT

Herbert J. Gladden and Margaret P. Proctor
National Aeronautics and Space Administration
Lewis Research Center
Cleveland, Ohio %4135

Abstract

A transient technique was used herein to mea-
sure heat transfer coefficients on stator airfoils
in a high-temperature annular cascade at “real
engine" conditions. The transient response of thin
film thermocouples on the airfoil surface to step
Cchanges in the gas stream temperature was used to
determine these coefficients. In addition, gardon
gages and paired thermocouples were also utilized
to measure heat flux on the airfoil pressure sur-
face at steady state conditions. The tests were
conducted at exit gas stream Reynolds numbers of
one-half to 1.9 million based on true chord. The
results from the transient techrique show gcod com-
parison with the steady-state results in both trend
and magnitude. In addition, comparison is made
with the STANS boundary layer code and shows good
comparison with the trends. However, the magnitude
of the experimental data is consistently higher
than the analysis.

Nomenclature

A amplituae ratio of the Fourier components
of the wall to gas temperatures

Cp specific heat of wall material, J/kg+K

UTM differential temperature, uv

t frequency of Fourier component, Hz

hg,ss heat transfer coefficient measured with
steady-state instrumentation, W/méeK

ng,T heat transfer coefficient measured with
transient technique, W/méek

k thermal conductivity of wall material,
W/me K

[} distance into airfoil well, m

q heat flux measured by steady-state heat
flux gages, W/mé

t time, sec

T(s,f) amplitude of the Fourier component at
L, K

Tg gas temperature, K

Tg(f) amplitude of the gas temperature Fourier
component, K

Tw vall temperature, K

Tw(f) amplitude of wall temperature Fourier

component, K

x/L normalized distance along vane surface
from leading edge, dimensionless
a thermal diffusivity of wall material,
m¢/sec
[ density of wall material, kg/m3
Introduction

Improved performance of turbojet and turbofan
engines is typically accompanied by increased cycle
pressure ratio and combustor exit gas temperature.
Gas pressure levels of 25 to 30 atm and gas temper-
atures of 1600 K exist in some current operational
engines while pressure levels up to 40 atm with gas
temperatures of 1800 K are anticipated in advanced
commercial engines. These continuing increases in
the turbine entry gas pressure and temperature of
the modern gas turbine engine and the high develop-
ment cost puts a premium on an accurate initial
aerothermal design of the turbine hot section
hardware.

The design ?oals for commercial jet engines
include high cycle efficiency, increased durability
of the hot section components (lower maintenance
costs), and lower operating costs. These goals are
contradictory in that high cycle efficiency
requires minimizing the cooling air requirerents
while increased durability requires metal ‘empera-
tures and temperature gradients to be mininized.

An optimum design can only be realizea through an
improved understanding of the flow field and the
heat transfer process in the turbine gas path.

Sophisticated computer design codes are being
developed which have the potential of providing the
cdesigner with significantly better initial esti-
mates of the flow field and heat loaa on the hot
.ection components. These codes are being evalu-
ated and verified through low temperature and pres-
sure research in cascades and tunnels. However, by
design, these facilities do not model all of the
processes that exist in a real engine environment,
and therefore, the ability of the design codes to
predict the interaction of the various parameters
cannot be fully evaluated.

The Hot Section Facility at the NASA Lewis
Research Center provides a "real-engine" environ-
ment with established boundary conditions and con-
venient access for adavanced instrumentation to
studv the aerothermal performance of turbine hot
sectiun components. The thermal performance and,
ultimately, the life of these components in a rea-
listic application is dependent on the designer's
ability to predict the local r.at load distribu-
tion. The stator airfoil hei¢t transfer coefficient
distribution presents a particularly challenging
situation for the designer because of the complex
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flow field through the turbine. Even though heat
transfer on airfoils has been studied for several
years, there is a limited amount of realistic data
available to verify the analytical models. Mea-
surement of heat flux in both a test rig and an
engine environment is desirable as a means of veri-
fying or improving the designers prediction
capability.

Several techniques have been used to measure
heat flux to (from) turb.ne stator vane airfoils.
These measurements have bven made primarily in test
rigs at simulated engine conditions. Both steady
state tests (using gardon gages, paired thermo-
couples, heater strips, and calorinetry) and trans-
ient tests (using blow-aown tunnels and shock
tubes) have been utilized. In addition, Dilsl!
has suggestea a transient technique using the fluc-
tuating gas temperature as the driver.

This report uses an_adaptation of the Dils
method and that of Berry® and Beacock3 to deter-
mine the heat transfer coefficients on stator air-
foils operating at "real engine" conditions. The
dynaniic response of thin film thermocouples to the
random pulses of the gas temperature were analyzed
and used to determine the local heat transfer coef-
ficients. In addition, gardon gages and paired
thermocouples were used to measure heat flux on the
stator pressure surface.

The tests were conductea in the HSF cascade
rig at gas stream temperatures and pressures up to
1400 K and 13 atm. These conditions correspond to
exit gas stream Reynolds numbers up to 1.9 millicn
pasea on true chord.

The aata are presented as a heat transfer
coefficient distribution around the stator air-
foil. In addition, comparisons are made with the
gardon gages ana paired thermocouples as well as
analytical results from the STAN5 boundary layer
code.

Facility

General Descriptinn

The Hot Section Facility (HSF) is shown in a
perspective view in Fig. 1(a). The HSF is a unique
facility having fully-automated control of the
research rig through an integrated system of mini-
computers ana programmable controllers. The major
components of this facility and how they interface
to provide a real engine environment are discussed
in more detail in Refs. 4 and 5.

Combustion air is providea to the facility at
10 atm through a nonvitiated preheater which modu-
lates the air temperature between ambient and 560 k.
A 20-atm mode of uperation can be selected which
proviaes combustion air at pressures up to 20 atm
and temperatures up to 730 Kk when utilizing the
heat of compression of a 2:1 compressor.

Digital Control Center

The operation ana adata acquisition for the
facility are fully automated through an integratea
aigital minicomputer sygtem callea the Digital
Control Center (DCC).%4»° Four interconnected
mini computers make up the DCC. Each computer has
a dedicated task and is identified according to its
primary task (eg., Input, Control, Operation, and

~

L NN, . e

Research computers). The Control computer was the
key 1ink to the successful completion of the
research described herein.

The Control computer's task is to control 19
highly interactive process variables at update
rates of 20 to 150 times/sec. All test conditions
are stored in the Operations computer prior to a .
test run and are passed to the Control computer i :
when the operator requests a change in conditions.
In addition, the operator can request a step change
in a process variable through the Setpoint Entry . !
Keyboard. This feature was used to create step
changes in the combustor exit temperature at known
frequencies to drive the transient conduction
process.

Cascade Configuration

A cross-sectional schematic of the HSF cascaae
is shown in Fig. 1(b). Tue major components con-
sist of a heat source (combustor), the full annular
vane row, an exhaust duct, a quench system (to
lower temperature of the exhaust gas), and the
exhaust system.

The vane row consists of 36 stator vanes. The
36 vanes are separated into two groups: 10 test
vanes and 26 slave vanes. The test vane and slave
vane cooling air is supplied from two separate
manifolds with the flow rates to each manifold
independently computer controlled. The primary
instrumentation for these tests were in tne slave
vane sector.

Stator Vane

The stator vane configuration used for these
tests was a hollow shell without an insert to aug-
ment the coolant-sice heat transfer. The cooling
air was suppliea to the vane through the vane tip
and exhaustea into a plenum at the vane hub.
Because the leading and trailing edge regions were
undercooled, the combustor exit gas temperature was
restrictea to maintain easonable metal tempera-
tures in the airfoil,

The vane rcw hub ana tip dianeters were 0.432 -~
and 0.506 m, respectively. Both the vane height i
and chord were 3.81 cm. More detailea geometric

data are given in Table 1 and Ref. 5.

Instrumentation

The primary instrumentation used fur these
tests were a dual-element, fast response gas tem-
perature probe and thin film thermocouples to mea-
sure the airfoil surface temperature. Other \
conventinonal steaay state instrumentation such as
gas total temperature ana pressure probes and air-
foil surface temperature and pressure sensors were !
used to monitor the test conditions. Gardon-type !
and paired thermocouple heat flux gages were also
installed on selected airfoil pressure surfaces.

The dual-elenent gas temperature probe was
located at the combustor exit, 263° ccw from top
dead center locking downstream. The probe sensors
are shown in Fig. 2. The two thermal elemnents of
the probe were platinum 30 percent rhodium/platinuni
6 percent rhcdium (type B) ana were 0.076 and
0.25 mm in diameter, respectively. The probe con-
struction is describea in more detail in Ref. ob.




The airfoil surface temperature response was
measured by thin film thermocouples sputtered on
the gas-side surface of four vanes. These vanes
were located circumferentially at 90° ccw +30°.

The thermal elements were platinun/platinum 10 per-
cent rhogium (type S). Each thermal element of the
thermocouple was 1.27 mm wide by 12 ym thick form-
ing a Junct1on of ~1.27 mm in the chorawise direc-
tion, 2.5 te 3.0 um thick substrate of Al203
servea as an insulator between the thin film and
the airfoil wall. A typical application of the
thin film thermocouples is shown in Fig. 3. Typi-
cally, there were four thermocouples on one surface
of the airfoil and two thermocouples on the oppo-
site surface. The distribution of thin film ther-
mocouples is given in Table 2.

Two types of heat flux gages were installed on
the pressure surface of four airfoils. There were
four gardon-type gages on two airfoils and four
paired thermocouple-type gages on each of two air-
foils. These airfoils were located circumferen-
tially at 270" ccw +15°. These gages were
installed and calibratea by Pratt and Whitney Air-
craft following the procedure outlined in Ref. 7.
The location of these gages are given in Table 2.
When heat flux gage data were recorded, the dual-
element probe was replaced with a conventional
aspirated total temperature probe.

Kesearch Data System

The research conputer controls the steady
state gata gathering process or command. During
the data taking cycle, the research computer prepo-
sitions the radially traversed probes, records and
stores raw data, increments the probes to a new
position ana repeats the process until the cycle is
complete. The raw data is then converted to engi-
neering units, packaged, tagyed with a unique num-
ber, and transferred to the Central Data Collector
far further processing and storage.

The purpose of these tests was to determine
heat transfer coefficients through the transient
response of the airfoil wall temperatures to
changes in the gas temperature. To accomplish
this, it was necessary to simultaneously record the
time history of both the dual-element gas temper-
ature probe and the thin film thermocouples as the
gas temperature was stepped at several frequen-
cies. Both the dc and ac outputs of these instru-
ments were recorded simultaneously on FM tape. Low
noise ac and dc amplifiers with gains of 100 to
100U were used to obtain signals with sufficient
magnitude to be recoraded on the FM tape. Because
of FM tape channel limitations only four thin film
thernocouples coula be recorded simultaneously for
a given series of runs.

Experimental Procedure

The gas conditions were established by setting
the combustor inlet total pressure, the vane exit
cuter-raaius static pressure, and the combustor
fuel/air ratio to predetermined input values stored
in the Operations computer. The coolant flow rate
ana temperature were also fixed at predetermined
input values.

The Setpoint Entry Keyboara was then used to
step the combustor exit temperature between the
input value ana a 140 K increment at a given

frequency. The test conditions are summarized in
Table 3.

Analytical Proceaure

Model

The transient heat transfer model of Dilsl
was used to determine the heat transfer coeffi-
cients on the airfoils tested. However, where Dils
usea the inherent gas temperature fluctuation from
the combustion process, the data obtained herein
were the result of imposed step changes in the gas
temperature at known freguencies.

In a semi-infinite solid subject to periodic
temperature boundary conditions, the Fourier compo-
nents of the surface temperature are attenuated
according to the relation:

T(e,f) = Tw(f)exp-(%I L) cos(\/z-z L -2nft) (1)

If the thermal wavelength.‘Vu/-f. is small with
regard to the dimensions of the body and the local
heat transfer coefficient on the surface is con-
stant within the bandwidth of the surface tempera-
ture wave, then the amplitudes of the Fourier
components of the surface temperature ana the gas
tenperature are related by the approximation:

T (f)
" Al (2)

Tg(f) "Z|fDCpk

There is a 45" phase lag between the Fourier com-
ponents of the surface and gas temperature waves.
1f the thermal properties of the airfoil wall are
known ana the amplituae ratio of the Fourier com-
ponents can be determinea, then the local heit
transfer coefficient can also be determined.

Data Reduction

Dynamic measurements of the gas and wall tem-
peratures were recorded on FM tape while the gas
tenperature was ramped between high and Tow t:mper-
atures at several frequencies. The FM tape was
Lhen digitized at a sampling rate twice the highest
frequency of interest or 25 samples/sec. The dc
channels of each digitized reading were stripped
out to iaentify the exact length and location of
each ramping event. This information was entered
in an input file. An IBM 370 was used to read the
input file and the digitized data and to take the
transfer function between the gas tenperature and
the wall temperature (i.e., the dc aual element
channel ana the dc thin film channel). The ampli-
tude ratio, A = T,(f)/Tq(f), was then plotted
against frequency for thgse frequencies where the
phase angle was -45%5° and the coherence was >0.8.
A line with a slope of -1/2 was then drawn through
the cdata as Dils' theory requires and the heat
transfer coefficient was calculatec from £q. (2).

Analysis

The STANSSs9 boundary layer coae was used to
calculate the expected heat transfer coefficient
distribution around the stator airfoil. Since all
tests were made at the same nominal gas temperature
conditions the primary variable was the gas pres-
sure which was used to establish the Reynolds num-
ber. The stator inlet and exit critical velocity




ratios were also kept constant at design values.
The gesign critical velocity ratio aistribution
arourd the airfoil is shown in Fig. 4. Experimen-
tal measurements also shown in Fig. 4 agree well
and justify tne use of this velocity ratio distri-
bution in the STAN5 bounaary layer code. The
stator inlet turbulence level was assumed to be

10 percent.

The boundary layer on the pressure surface was
forced to a turbulent solution at a point forward
of that predicted by the transition models in
STAN5. The start and finish of transition was
assumed to be at an x/L of 0.044 and 0.10,
respectively. The boundary layer transition point
on the suction surface was determined by the Van
Driest and Blumer model while the length of transi-
tion was determined by the Abu-Ghanman and Shaw
moael.

Heat Flux Gage

The heat flux at selected locations on the
airfoil pressure surface was determinea by the mea-
surement of wall temperature and a temperature dif-
ferential and converting these measurements to heat
flux through a sensor calipration.

DTM
" Sensitivity (3)
wl .re the sensitivity is determinea from calibra-
tion and has units of uv/W/mé. Local heat trans-
fer coefficients were then calculated using the gas
tenperature measured at the combustor exit mean
radius and the local r211 temperature.

hg.SS = ql(Tg—Tw) (4)

The gas temperature was measured in the sector
where the heat flux gages were located.

Uncertainty Aralysis

An uncertainty analysis10 was made with the
goal of determining the uncertainty in the measurec
heat transfer coefficient. The heat transfer coef-
ficient, hy 1, is a function of the properties of
the wall %ier1al Mar M-509, frequency and the
amplituge ratio, A The sources of error used to
getermine the uncertainty € the gas emperature at
1255 Kk ana the wall temperature at 810 K are shown
in Table 4. The uncertainty of the rrequency at
1 Hz was assumed to be *0.01 Hz ana the uncertairty
of aensity was assumed to be #0.1 percent. The
uncertainty of the thernal conductivity was derived
from the root mean square of a #4 percent uncer-
tainty due to the aluminum oxide insulator between
the airfoil wall and the thin fi]T a *4 percent
uncertainty in the reportea value*", and a #0.8
percent uncertainty due to the wall temperature
(#1.0 percent). The uncertainty in specific heat
was the root mean square of f +3,0 percent uncer-
taint* in the reported value'! and a #0.4 percent
uncertainty due to the wall temperature. A
+15 percent uncertainty based on the data scatter
was used fcr the amplitude ratio. This resulted in
a total uncertainty of #15.3 percent in the transi-
ent measured heat transfer coefficient. The
uncertainty in the steady state measured heat
transfer coefficient was calculated based on a
%12 percent uncertainty in the heat flux measure-
ment, a #60 K uncertainty in the gas temperature
measurement, and a #1.0 percent 'incertainty in the

wall temperature measurement. This resulted in a
total uncertainty of #18 percent in the steady
state measured heat transfer coefficient.

The spatial location of the thin film thermo-
couples is given in Table 2. The uncertainty in
the location is 1.25 r.i which is within #10 percent
of the x/L locations given.

Results

The purpose of this paper is to present exper-
imentally measurea heat transfer coefficients
obtained in a "real engine" environment by a tran-
sient technique, compare the results with steady
state data and predicted heat transfer coeffi-
cients, and aiscuss the significance of the results.

Thin Film Thermocouples

Heat transfcr coefficients were determinea by
repeatealy ramping the gas temperature between a
low ana a high temperature at several aifferent
frequencies ana recording the transient response of
the wall temperature. A portion of typical wall
ana gas temperature time histories shown in
Fig. 5(a,b) illustrates the magnitude ana shape of
the transient input and the time response of the
thin film thermocouple. Typically, the gas temper-
ature was varied 140 K ana the wall temperature
responaed with a variation of ~30 K. In Fig. 5,
s5ix repetitions of a ¢ sec ramp cycle are followed
by seven repetitions of a 4 sec ramp cycle. These
and other ramp cycle lergths were used to gather
data at fundamental fr.quencies from 0.005 to
0.5 Hz (periods of 200 to 2 sec).

The amplitude ratio of the Fourier components
of the wall to gas temperatures was plotted against
frequency on log-log paper. Data at x/L = 0.262
are shown ln Fig. G?g b,c) for gag Reynolds numbers
of 0.55x100 , 1.20x10° and 1.90x10°, respectively.
Data at fundamental frequencies less than 0.05 Hz
were geletea because the phase lag was less than
45°, thus v1olat1ng a requirement in Dils' approxi-
matlon. The oata in Fig. 6 follow a slope of -1/¢
and has a phase lag of about 45° as Dils' theory
requires, justifying the use of that approximation
to aetermine local heat transfer coefficients. The
coherence function between the gas temperature ramp
ana the wall temperature response was greater than
0.8 which inuicates that there was a significant
relationship. The trend of increasea heat transfer
with increased Reynolas number is also incicatea by
the data.

Heat Transfer Coefficients

The experimental heat transfer coefficients on
the airfoil pressure surface are shown in Fig. 7.
The data are plottea as & function of the dimen-
sionless surface distance, x/L. Also included on
the figure is an analytical solution from the STANS
boundary layer code.

Pressure surface. The Tow Reynolds number data
(0.5beogj are shown in Fig. 7(a). The data from
the transient experiment show generally laminar
characteristics in the midchord region with a tran-
sition to turbulent flow near the trailing edge.
Tne steaay state experimental data from the gardon-
gages and the paired thernocouples also show gener-
ally laminar characteristics in the midchor. region
with a magnitude of ~75 percent of the transie t
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data. The experimental data are also compared with
an analytical solution that has been forced to a
turbulent flow solution near the airfoil leading
edge. This solution compares favorably with the
steaay state heat transfer coefficients but it is
~75 percent of the transient data.

The 1.2x10% Reynolds number data are shown
in Fig. 7(b). The transient experimental data from
the thin film thermocouples in the midchord and
trailing edge region follow a trend suggesting
boundary layer transition. However, the heat
transfer coefficient, from the transient technique,
in the leaaing edge region have relatively large
magnitudes consistent with an augmented laminar
bounaary layer. The two transient measurements at
x/L of 0.35%4 are from different vanes and show a
significant difference in magnitude. Data up to an
x/L of 0.354 are in an apparent transitional region
inaicated by the steep graaient in the heat trans-
fer coefficient. The steaady-state experimental
aata from the garaon-type and pairea-thermocouple
gages generally compares with the transient experi-
nental data. The STAN5 analytis was also .orcea to
a turbulent flow solution near the leading edge for
this keynolas number. The results in Fig. 7(b)
show a good comparison between the analysis and the
experimental data in both magnitude ana trend.

Data for a Reynolas number of 1.9x108 ar
shown in Fig. 7(c). The heat transfer coefficients
from both the transient and the steady-state mea-
surements show the same trend in the midchord
region. However, the steady-state data have a
larger magnitude than the transient data at this
Keynolas number, which is opposite of the relation
shown in Figs. 7(a) and (b). The analytical solu-
tion shows a good comparison with the experimental
heat transfer coefficients when the boundary layer
is forced to a turbulent flow solution near the
leading edge.

Suction surface. Experinental heat transfer
coefficients from the transient technique are shown
in.ig. 8 for the airfoil suction surface. The
analytical solution from STANS follows *he data
reasonably well for all three Reynolas numbers.
aowever, at an x/L of 0.bZ, the experimental heat
transfer coefficient shows a substantial increase
over the trend establishea by the other acata. A
suaaen increase in heat transter on a suction
surface trailing edge is not uncommon and may be
aue to secondary flow effects. In adaition, the
analytical solution generally underpreaicis the
experimental results. And the magnitude of tne
unaerpreaiction increases with decreasinag Reynolds
number.

Discussion

The transient and steady state experimental
oata on both the airfoil pressure surface and the
transient data on the suction surface show increas-
ing magnitude with Reynolds number as would be
expected. In acdition, the experimental data
trends are similar to those predicted by the STANS
boundary layer code. Data from botn transient and
steady-state techniques on the pressure surface
have similar magnitudes and trends. There is, how-
ever, a significant deviation in magnitude between
the experinental heat transfer coefficients and
those predicted by STANS in the laminar ana transi-
tiorial regions.

The strengths of the transient technique are
its relative ease of installation on the airfoil
surface without the precise fabrication steps
required for the gardon-gages and the paired thi.r-
mocouples. This also permits a greater density of
thin film thermocouples to be installed on a given
airfoil without affecting its structural integ-
rity. In addition, the transient technique can
measure the total convective heat transfer coeffi-
cient at the airfoil surface without the one-
dimensional limitations of the steady-state gages.

However, the heat transfer experiment using a
transient technique must be carefully planned to
comply with the semi-infinite wall and constant
coefficient assumptions of the experimental moadel.
The assumption regarding small thermal wavelengths
follows from the semi-ir.finite solia model. The
thermal wavelengths for this study range from
5.32 mm to 1.68 mm for the frequencies (.05 to
0.5 Hz, respectively. These are of the same order
as the airfoil wall thickness of 1.3 mm because of
the low frequency range. However, the low tre-
quency range used satisfies the assumption that the
local heat transfer coefficient on the surface is
constant within the banawiath of the surface tem-
perature wave. The only change in heat transfer
coefficient, while ramping the gas temperature,
would be due to changes in fluid properties which
are minor for a 140 K gas temperature increment.
Also, the different circumferential orientation of
the gas and wall temperature measurements may have
contributed to the uncertainty of the heat transfer
coefficients from the transient technique.

Concluaing Remarks

The results of measuring heat transfer coeffi-
cients on turbine vane airfoils through a transient
technique are presented and conpared with steaay
state measurements anda analysis. The results show
good comparison with the steady state data. In
addition, the experimental data trends are pre-
dicted by the STANS boundary layer code. However,
the magnitude of the experimental measurements were
not predicted by the analysis particularly in lami-
nar and transitional regicns near the leaaing eage.

Inability of the STANS boundary layer coae to
predict the heat transier coefficients may be due
to the difficulty in determining the bounaary layer
transitional region. Lack of close adherence to
the assumptions of the experimental mocel may also
contribute to the uncertainty in experimental heat
transfer coefficients. Other causes may also
include the circumferential separation between the
gas tenperature and the wall temperature measure-
ments which should be made as close together as
possible. Verification of these as sources of
error should be the focus of adaitional experimen-
tation with this technique. Uncertainty analysis,
however, has shown that most of the analytical
results and the steady state measurements are
bracketed by experimentai error bands on the tran-
sient data. Measuring heat transfer coefficients
by a transient technique shows great potential for
hostile environments such as jet engine hot sec-
tions. Particular attzntion, however, must be
given to setting up the experiment within the
assumptions of the experimental model,
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TABLE 1. - STATOK VANE GEOMETKY

. Mean diameter, CM . « « v « « o o o « o« o « « + » o 46,99
Vane helighty €M o & o @ o ) o ie o 2o ol @ o ® o & & 13581
Al chordy €M s s o o % 5o ' & o fo 0 o & o s o JeBL
Axial solidity o &l w G e e w o w e e e 05929
ASPECE YALIO0 o o o aie w @ e we el e e el e 2000
Number of vanes . . « « ¢« ¢ ¢ ¢ o o ¢ o s o o o o 36
Leading edge radius, ¢cm . . . + « « + + + « « « + . 0.508
Trail 1g edge radius, ¢cm . . . + + « « « « « . » 0.08Y

TABLE 2. - THIN FILM THERMOCOUPLE AND
HEAT FLUX GAGE LOCATION

Pressure Surface Suction Surface

Sensor| x/L Type Sensor| x/L Type

TTF34 |0.170 | Thin Film T/C | TTF25 (0.140 | Thin Film T/C
TTF10 | .262| Thin Film T/C | TTF19 | .424
P3 .314 | Heat Flux Gage | TTF20 | .580
TTF22 | .3%4 | Thin Film T/C | TTF28 | .820
TTF35 | .354 | Thin Film T/C
TTF23 | .540 | Thin Film T/C
P4 .587 | Heat Flux Gage
T1F24 | .722 | Thin Film T/C
TTF36 | .816 | Thin Film T/C




R e - .~ - . ——— - . e -

B (duay seh)
_ _ _ _ _ _ _ 31 dndd0w43y;
£°F L7264 0+ S+ 0°9+ N T+ 0°9+ S 0+ 0°T+ G 0+ £°9+ §G271 1u3W3|3-1enn
(Cu3y [rem)
_ — _ _ _ _ _ 31 dno3omaayy
9°v 6°R+ === SEES === ' T+ G2+ "1+ 9°0+ P T+ £°8+ 018 Wiy uty)
A
b1 ) bl A A ‘14t40 ] A
‘u013234409 ‘u011234409) ‘u013294409 ‘uoLS43AU0Y) ¢ 43pa02ay 0432 bl ‘aum | 4, qew
] uoL3dNpuo) | uotieipey K13A022y 34PM}40S ade | 43131 duy [ najsul | oeaq 40Su3g
‘s ] N
Ju3d434 [ |P30) AjuLeyusoun ‘34njeaadws ) Ju3wnNaIsu|
SINIWIUNSYIN FUNLYYIAWIL TTYM ONY SY9 3HL 404 SILVYWILSI AINIVI¥IINA - ‘v 379v1
L
4 [ 6°21 0STT Qr
wie-Qg 90TX06°1 6721 ov21 ey
1°0
‘5070 ‘20°0 ‘10°0
£900°0 “500°0 0°6 0811 q¢
wie-0z 90TIx02°1 0°6 0s21 eg
0°6 0511 q2
wie-Qy q0TX0¢2" 1 0°6 0621 L4 |
S°0 ‘20 ‘170
‘50°0 “20°0 ‘10°0
£900°0 “500°0 2y 0811 aT
wie-Qt 90TX55°0 8L°0 02g £€2°0 A 08¢t el
J43qunu Sniped ueaw b oLjed wye bl
uotjeuado | sploukay | oryeu £1120(3p ‘3anyeiadwa ) AH_uo_ob; “34nssauy ‘adnjeaadws |
ZH jo - )
“Aouanbau 4 3poW G uoijels “3i1x3j uo0jeys ; jue|00) ) b uoLieis “jix3 403Snquwo) | ase) [

SNOTLIGNOD HOMY3SIY IOYISYD 4SH - ¢ 318vL




S BT S . ‘—\f)

ORIGHVAL PAGE IS
OF POOR OUALITY

HIGH PRESSURE AIR SYSTEM—_

CONTROL ROOM—, B s P e N1 oriveRs

<— PREHEATER

"\

TURBINE
COOLING RIG—

(¢
\ - n‘.'

=

3%
»
4

—COMBUSTOR RIG

cCoezsn
(@) Perspective view
STATION 6 SR 2 e
STATION - <RETRACTABLE TURBINE VANE FICER-OPTI
RETRACTABLE TURBINE VANE GAS T VANE ROW EXIT : Ioruat GAS TtMPkRATUERE (LJ; C?AS ‘
TEMPERATURE OR GAS PRESSURE ~1*F— PRESSURE SURVEY
SURVEY PROBE~__ J]iH ™ et
\  VANE COOLING }"' 3
{ 9 | 1 r “" rt-t‘ AIR - i} 4

(b) Schematic of the combustor and the cascade vane row.

Figure 1. - Hot section test facility,
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Figure 2. - Dual-element gas temperature probe.
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Figure 3. - Typical thin film thermcouple installation on an airfoil
pressure surface, Lead wires have nnt been attached.
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Figure 4. - Critical velocity ratio design conditions for the
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(b) Gas temperature ramp measured by the 0. 025 cn.
element of dual - elenient probe.

Figure 5. - Typical tim.e hislories of gas and wa!l temperatures
during 2 and 4 second ramp cycles. Reynolds nun.ber=1. 2x1
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Figure 6. - Amplitude ratio of fourier components
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Figure ¢, - Experimental heat transfer coefficient on the
airfoil pressure surface are compared with STANS,
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Figure 8. - Experimental heat transfer coefficients on
the airfoil suction surface are compared with STAN 5.
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