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SUPERSONIC THROUGH-FLOW FAN DESIGN 

James F. Schmidt, Royce 0. Moore, J e r r y  R. Wood, and Ronald 3 .  Ste inke  
Na t iona l  Aeronaut ics and Space A d m i n i s t r a t i o n  

Lewis Research Center 
Cleveland, Ohio 44135 

Abs t rac t  

The NASA Lewis Research Center has embarked on 
a program t o  e x p e r i m e n t a l l y  prove t h e  concept  o f  a 
supersonic  th rough- f l ow  f a n  which i s  t o  ma in ta in  
supersonic  v e l o c i t i e s  throughout  t h e  compression 
system w i t h  o n l y  weak shock-wave f l o w  losses.  This 
paper desc r ibes  t h e  d e t a i l e d  des ign o f  a supersonic 
th rough- f l ow  f a n  and es t ima ted  o f f -des ign  perform- 
ance w i t h  t h e  use o f  advanced computat ional  codes. 
A m u l t i s t a g e  compressor f a c i l i t y  i s  be ing  modi f ied 
f o r  t h e  newly designed supersonic  th rough- f l ow  fan 
and t h e  ma jo r  aspects o f  t h i s  m o d i f i c a t i o n  a r e  
b r i e f l y  descr ibed.  

I n t r o d u c t i o n  

The c u r r e n t  d e s i r e  t o  f l y  passengers across 
t h e  P a c i f i c  Ocean a t  supersonic  speeds o f  Mach 3 o r  
g r e a t e r 1  has c rea ted  i n t e r e s t  i n  develop ing b e t t e r  
power p l a n t s  t o  s u s t a i n  e f f i c i e n t  supersonic  c ru i se  
f l i g h t .  A t  subsonic speeds, t h e  t u r b o f a n  engine 
has t h e  t h r u s t  p o t e n t i a l  needed f o r  t a k e  o f f  and 
c l i m b  and i s  more e f f i c i e n t  and q u i e t e r  t h a n  t h e  
t u r b o j e t  engine.2 A t  supersonic  c r u i s e ,  the tur-  
b o j e t  eng ine  i s  g e n e r a l l y  more e f f i c i e n t  t han  the 
t u r b o f a n  engine. However, t h e  t u r b o f a n  engine 
equipped w i t h  a supersonic  th rough- f l ow  fan capable 
o f  accep t ing  supersonic  a x i a l  f l o w  f rom t h e  i n l e t  
has t h e  p o t e n t i a l  o f  be ing  v e r y  e f f i c i e n t  a t  super- 
son ic  c r u i s e  c o n d i t i o n s .  I n  a d d i t i o n ,  t h e  super- 
s o n i c  th rough- f l ow  f a n  has t h e  p o t e n t i a l  o f  high 
p ressu re  r a t i o  as w e l l  as t h e  advantage o f  accept ing 
supersonic  i n l e t  Mach numbers w i t h o u t  t h e  l a r g e  
f l o w  losses  u s u a l l y  i n c u r r e d  b y  shock ing down t o  
subsonic f l o w  i n  t h e  i n l e t .  The i n h e r e n t  sho r te r  
and l i g h t e r  weight  coupled w i t h  t h e  advantage o f  
p o t e n t i a l l y  h i g h  pressure r a t i o  w i t h  h i g h  e f f i c i e n c y  
f o r  t h e  supersonic  compression system, makes t h i s  
concept o f  pr ime i n t e r e s t  f o r  advanced h i g h  speed 
p r o p u l s i o n  systems. Even w i t h  v a r i a b l e  geometry 
f o r  o f f - d e s i g n  operat ion,  t h e  r e s u l t i n g  STF f a n  
i n l e t  i s  expected t o  be much s h o r t e r  and l i g h t e r  
t han  a conven t iona l  supersonic  i n l e t .  The super- 
s o n i c  th rough- f l ow  f a n  i s  h e r e i n  r e f e r r e d  t o  as t h e  
STF fan. 

F e r r i 3  was t h e  f i r s t  one t o  i n d i c a t e  t h e  
p o t e n t i a l  advantages o f  h i g h  f a n  pressure r a t i o  ( i n  
s i n g l e  s tage )  and e l i m i n a t i o n  o f  t h e  subsonic p o r -  
t i o n  o f  t h e  supersonic  i n l e t  w i t h  t h e  use o f  an STF 
fan.  Franc iscus4 showed t h a t  t h e  STF f a n  equipped 
engine would s i g n i f i c a n t l y  reduce s p e c i f i c  fuel 
consumption compared w i t h  a conven t iona l  turbofan 
engine f o r  a supersonic c r u i s e  miss ion.  Fo r  a 
supersonic  t anspor t  o p e r a t i n g  a t  a Mach number o f  

o f  o n l y  68 pe rcen t  i s  necessary t o  have a perform- 
ance advantage ove r  a t u r b o j e t  engine. 
mates o f  performance improvement f rom t h e  cyc le  
s t u d i e s  were based on assumed c h a r a c t e r i s t i c s  of 
t h e  STF f a n  ob ta ined  from t r a n s o n i c  f a n  data.  

A l l  o f  these c y c l e  s t u d i e s  have an inherent  
u n c e r t a i n t y  because o f  t h e  l a c k  o f  exper imental  
da ta  f o r  t h e  STF fan. A p r o t o t y p e  STF f a n  r o t o r  

2.7, Tavares 5 suggests t h a t  an STF f a n  e f f i c i e n c y  

These e s t i -  

was designed, b u i l t ,  and t e s t e d  by Breugelmans.6 
However, b e f o r e  t h e  des ign speed c o u l d  be a t t a i n e d N  
a b l a d e  f a i l u r e  was encountered and t h e  l i m i t e d  
da ta  ob ta ined  was i n s u f f i c i e n t  t o  determine i f  
supersonic  th rough- f l ow  was achieved. 

Consider ing t h e  l a r g e  p o t e n t i a l  advantages of 
u s i n g  a STF f a n  i n  advanced p r o p u l s i o n  systems, 
NASA Lewis has embarked on a program t o  experimen- 
t a l l y  prove t h e  concept  o f  an STF f a n  system. 
i s ,  can t h e  supersonic  th rough- f l ow  v e l o c i t i e s  be 
ma in ta ined  throughout  t h e  compression system and 
w i t h  o n l y  weak shock- f low losses?  A m u l t i s t a g e  
compressor f a c i l i t y  i s  be ing  m o d i f i e d  t o  t e s t  a 
r e c e n t l y  designed STF fan.  
t i o n s  e s s e n t i a l l y  c o n s i s t  o f  adding a t r a n s l a t i n g  
n o z z l e  i n l e t  and t r a n s l a t i n g  d i f f u s e r .  
descr ibes t h e  d e t a i l e d  des ign o f  t h e  STF f a n  and 
es t ima ted  o f f - d e s i g n  performance w i t h  t h e  use o f  
advanced computat ional  codes. I n  t h e  absence o f  a 
STF f a n  exper imenta l  d a t a  base, t hese  computat ional  
codes a re  e s s e n t i a l  t o o l s  f o r  s e l e c t i n g  p o t e n t i a l l y  
good b lade shapes. W i th  p rev ious  compressor-design 
exper ience and j u d i c i o u s  aerodynamic des ign choices 
a ided  by t h e  codes, b l a d e  shapes w i t h  poor  perform- 
ance can be avoided. The major  aspects of t h e  mod- 
i f i e d  compressor f a c i l i t y  a re  a l s o  discussed. 
development, m o d i f i c a t i o n ,  and genera l  a p p l i c a b i l i t y  
o f  these advanced computat ional  codes used i n  t h e  
des ign  and a n a l y s i s  o f  t h i s  STF f a n  system has been 
presented b y  Wood, e t  a1 .7 

O v e r a l l  Fan Design Cond i t i ons  

Because o f  t h e  absence o f  a f a n  data-base as 
w e l l  as t h e  l a c k  o f  p r e v i o u s  a n a l y t i c a l  des ign and 
exper imenta l  exper ience f o r  t h e  STF fan, t h e  f o l -  
l o w i n g  des ign c r i t e r i a  were s e l e c t e d  e a r l y  i n  t h e  
research  program. 

o u t  t h e  f a n  s tage  t o  l i m i t  severe three-d imensional  
e f f e c t s .  

2.45 and a r o t o r  t i p  speed o f  1500 f t / s e c  as r e p r e -  
s e n t a t i v e  o f  an STF f a n  f o r  a h i g h  speed power p l a n t  
w i t h o u t  be ing  o v e r l y  aggress ive f o r  t h i s  i n i t i a l  

That  

The f a c i l i t y  m o d i f i c a -  

T h i s  paper 

The 

( 1 )  Set t h e  hub and t i p  r a d i i  cons tan t  through-  

( 2 )  Use a moderate o v e r a l l  p ressu re  r a t i o  o f  

t e s t  exper iment.  

t h roughou t  compression system. 

shock s t r u c t u r e  i s  cap tu red  w i t h i n  t h e  b laded 
passages. 

( 3 )  M a i n t a i n  supersonic  th rough- f l ow  ve loc  

( 4 )  Assure o n l y  weak shock-waves occur  and 

( 5 )  Con t ro l  s u c t i o n  and p ressu re  sur face q 

t i e s  

t h e  

a d i  - 
e n t s  t o ' m i n i m i z e  i n t e r n a l  compression and expansion 
shock system s t r e n g t h .  

r o t o r  t i p  speed, Table 1 l i s t s  o t h e r  fan des ign  
requi rements such as h u b - t i p  r a d i u s  r a t i o  (0.7), 
des ign  weight  f l o w  (31.5 l b / sec ) ,  t i p  d iameter  
(10  i n . ) ,  e tc .  

I n  a d d i t i o n  t o  t h e  o v e r a l l  p ressu re  r a t i o  and 
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Computational Codes 

The fan design system c o n s i s t s  of l inking 
toge ther  t h e  basic  compressor design code (CDP) by 
Crouse and Gorrell8 with an unpublished (in-house) 
blade element code ( B E P )  and a quasi-three- 
dimensional viscous code (RVC03) by Chim~a.~ These 
codes w i l l  now be discussed from t h e  design stand- 
point  of a code "user." 

Compressor Design Code (CDP) a n d  Blade Element Code 
(BEP) 

The C D P  code calculates  the  aerodynamic design 
o f  an axial-flow compressor and a l s o  t h e  associated 
blading geometry t h a t  can be used as input f o r  
in te rna l  blade-to-blade flow analysis  codes. This 
design code assumes steady invisc id  axisymmetric 
flow and uses a streamline curvature  method t o  
determine the ve loc i ty  diagrams a t  the blade edges 
along se lec ted  streamlines of  revolut ion.  A blade 
element i s  associated with each s t reamline of revo- 
lu t ion .  Each blade element has a c e n t e r l i n e  com- 
posed of two segments tangent ia l ly  joined a t  a 
t r a n s i t i o n  point.  The local blade angle var ia t ion  
and blade element thickness d i s t r i b u t i o n  f o r  each 
segment a r e  spec i f ied  w i t h  up t o  a four th  degree 
polynomial funct ion of p a t h  d is tance.  This d e f i n i -  
t i o n  of t h e  blade element permits very general blade 
shapes and e i t h e r  c i rcu lar  o r  e l l i p t i c a l  leading 
and t r a i l i n g  edges can be spec i f ied .  For any 
inputed blade angle and blade thickness  d i s t r i b u t i o n  
an in-house blade element code ( B E P )  with a graphics 
package shows t h e  blade shape and automatically 
gives  t h e  polynomial coef f ic ien ts  needed f o r  the 
design code. 
a r e  def ined,  t h e  blade elements a r e  stacked along a 
prescribed l i n e  (usua l ly  r a d i a l l y )  and t h e  manufac- 
t u r i n g  blade sec t ion  coordinates a r e  defined from 
these stacked blade elements. 

After t h e  blade element coordinates  

Viscous Code (RVC03) 

The RVC03 code solves t h e  unsteady Euler and 
thin-shear- layer  Navier-Stokes equations f o r  a 
quasi-three-dimensional flow. This viscous code 
accounts f o r  t h e  e f f e c t s  of r o t a t i o n ,  radius  change, 
stream sur face  thickness,  and uses t h e  Baldwin- 
Lomax eddy-viscosity model f o r  tu rbulen t  flows. 
The RVC03 code has a graphics package t h a t  displays 
l i n e  p l o t s  of blade st-:pe, s t a t i c  pressure,  Mach 
number, and t o t a l  pressure a s  well as  s t a t i c  pres- 
s u r e  and Mach number contour p l o t s  of t h e  complete 
flow f i e l d .  

Mechanical Design Codes 

The Nastran code was used t o  c a l c u l a t e  t h e  
blade s t r e s s  d i s t r ibu t ion  f o r  t h e  ro tor .  Also, t h e  
r o t o r  was analyzed f o r  a po ten t ia l  f l u t t e r  possi- 
b i l i t y  with an in-house, unpublished f l u t t e r  code. 

Fan Design Calculation Procedure 

The general  design procedure f o r  t h e  r o t o r  and 
s t a t o r  i s  shown in  Fig. 1 and s t a r t s  with t h e  CDP 
code. Overall fan spec i f ica t ions  ( s e e  Table 1 ) ,  
i n i t i a l  incidence and deviation angles ,  i n i t i a l  
blade shape geometry, and number of blades a r e  
needed f o r  the f i r s t  blade design ca lcu la t ion .  
blade geometry depends upon several  blade shape 
parameters described in  the following sec t ion  on 
t h e  fan aerodynamic design. With the ca lcu la ted  
blade geometry and flow conditions a t  t h e  blade 

The 

leading and t r a i l i n g  edges from the design code f o r  
several  blade elements across  span, the RVC03 v is -  
cous code was used t o  determine i f  the following 
acceptable  flow c r i t e r i a  were s a t i s f i e d :  

( 1 )  Severe sur face  s t a t i c  pressure gradients  
do not e x i s t  on t h e  blade elements t h a t  could pro- 
duce s t rong shock-wave formation. 

( 2 )  The s t a t i c  pressure a t  t h e  t r a i l i n g  edge 
of t h e  suct ion and pressure sur faces  a r e  e s s e n t i a l l y  
t h e  same such t h a t  t h e  e x i t i n g  flow from the blades 
wi l l  n o t  have any s t rong shock waves. 

( 3 )  The leading edge shock wave must be weak 
and at tached t o  the leading edge surface.  

( 4 )  From t h e  Mach number contour p l o t s ,  t h e  
unavoidable leading edge weak shock wave i s  con- 
ta ined by the expansion waves from t h e  opposi te  
surface and no st rong shocks a r e  generated i n  t h e  
flow passages o r  e x i t i n g  flow. 

using t h e  o u t l e t  flow angle from the viscous code 
i s  not s i g n i f i c a n t l y  d i f f e r e n t  from the design code 
value. 

( 5 )  A reca lcu la t ion  of the deviat ion angle 

I f  t h e s e  c r i t e r i a  were not s a t i s f i e d ,  t h e  blade 
shape geometry was revised in  the blade element 
code ( B E P )  and t h e  design procedure s t a r t i n g  with 
the design code i s  repeated u n t i l  a blade with the 
desired aerodynamic performance i s  obtained. 
an acceptable  design was achieved, a stress analy- 
s i s  was conducted on t h e  blade t o  determine i f  
mechanical i n t e g r i t y  could be maintained. If  t h e  
stress ana lys i s  indicated t h a t  the blade exceeded 
the acceptable s t r e s s  l i m i t s ,  t h e  blade was rede- 
signed t o  s a t i s f y  both t h e  aerodynamic flow and 
mechanical stress c r i t e r i i .  Before blade f a b r i c a -  
t ion  t h e  f i n a l  design was checked f o r  f l u t t e r  
potent i a1 . 

Fan Aerodynamic Design 

Since an empirical data-base i s  not ava i lab le  
f o r  t h e  supersonic through-flow (STF) fan ,  assumed 
incidence and deviat ion angles plus  estimated t o t a l  
pressure losses  across  t h e  r o t o r  and s t a t o r  were 
used in t h e  design code. Suction surface incidence 
of zero degrees was used t o  minimize t h e  leading 
edge shock wave and t h e  deviat ion angle was obtained 
from t h e  design procedure i t e r a t i o n .  
t o  these  assumptions, t h e  e f f e c t  of the blade geom- 
e t r y  on t h e  aerodynamic blade performance ( t h a t  i s  
s t rongly  a f fec ted  by t h e  shock wave development) i s  
r e l a t i v e l y  unknown in  the compressor environment 
with supersonic axial  i n l e t  flow. However with 
systematic e f f o r t ,  the viscous ana lys i s  code9 can 
be used t o  deduce p o t e n t i a l l y  good engineering 
approximations f o r  incidence angle,  deviat ion angle ,  
and t h e  e f f e c t  of blade geometry on the aerodynamic 
blade performance. 
several  blade parameters (Table 2 )  such as  s o l i d i t y ,  
t h e  maximum thickness  t o  chord r a t i o ,  locat ion of 
t h e  maximum thickness  t o  chord r a t i o ,  and the lead- 
ing and t r a i l i n g  edge r a d i i  t o  chord r a t i o s  plus  
t h e  blade angle and thickness  d i s t r i b u t i o n s  along 
t h e  blade element. The following discussion wi l l  
demonstrate how t h e  blade geometry was se lec ted  f o r  
t h e  STF f a n  t h a t  s a t i s f i e s  t h e  e s s e n t i a l  overal l  
c r i t e r i a  of maintaining supersonic through-flow 
ve loc i tes  throughout t h e  compression system. 

After  

I n  addi t ion 

The blade geometry depend upon 
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Befo re  d i s c u s s i n g  t h e  s e l e c t i o n  o f  t h e  blade 
geometry, t h e  f i r s t  s t e p  i s  e s t a b l i s h i n g  t h e  veloc- 
i t y  (Mach number) diagrams (F ig .  2) which s p e c i f y  
t h e  mass f l o w  and energy a d d i t i o n  g i v e n  t h e  wheel 
speed and f l o w  p a t h  geometry. The r e l a t i v e  r o t o r  
Mach number v a r i e s  f rom 2.36 a t  t h e  hub t o  2.70 a t  
t h e  t i p  w i t h  f l o w  t u r n i n g  o f  32' a t  t h e  hub t o  22.6' 
a t  t h e  t i p  and t h e  s t a t o r  i s  designed t o  remove t h e  
r o t o r  s w i r l .  

Ro to r  -- 
With t h e  use o f  t h e  f a n  des ign  c a l c u l a t i o n  

p rocedure  (F ig .  1 )  and t h e  o n - l i n e  graphics,  changes 
i n  t h e  b l a d e  geometry can q u i c k l y  and e a s i l y  be 
made t o  determine t h e i r  e f f e c t  on t h e  b lade aero- 
dynamic performance. 

E f fec t  o f  S o l i d i t y  

F o r  supersonic  f l o w s  one would expect t h a t  
h i g h  s o l i d i t y  b lades ( O  >> 2.0) w i t h  l onger  
cho rd  shou ld  do a b e t t e r  j o b  o f  h a n d l i n g  t h e  super- 
s o n i c  f l o w  w i t h  a more c o n t r o l l e d  l o n g e r  f l o w  pas- 
sage t h a n  conven t iona l  moderate s o l i d i t y  b lades 
( ~ 1 . 0  t o  2.0). F i g u r e  3 shows t h e  f l o w  f i e l d  f o r  
a low s o l i d i t y  ( ~ 1 . 0 )  r o t o r  b lade  w i th  an a x i a l  
supersonic  Mach number o f  1.5. T h i s  i n i t i a l  b lade 
shape w i t h  a t y p i c a l  t r a n s o n i c  r o t o r  t i p  s o l i d i t y  
o f  1.0 was used o n l y  d u r i n g  m o d i f i c a t i o n  o f  t h e  
v i scous  code f o r  supersonic  through- f low.  From t h e  
s t a t i c  p ressu re  d i s t r i b u t i o n  i n  F ig .  3, a l a r g e  
mismatch o f  t h e  su r face  s t a t i c  pressures occcurs a t  
t h e  t r a i l i n g  edge. 
f o r c e s  t h e  f l o w  t o  a d j u s t  b y  means o f  a s t r o n g  shock 
wave f o r m a t i o n  a t  t h e  t r a i l i n g  edge as i n d i c a t e d  b y  
t h e  Mach number con tou r  p l o t .  Also,  t h e  v e l o c i t y  
v e c t o r  p l o t  a t  t h e  t r a i l i n g  edge ( F i g .  3 )  i n d i c a t e s  
l a r g e  boundary l a y e r  f l o w  separa t i on  and abrupt  
change o f  f l o w  d i r e c t i o n  which i s  a d i r e c t  r e s u l t  
o f  a v e r y  s t r o n g  shock wave fo rma t ion .  
t h e  STF f a n  b lades should be designed w i t h  o n l y  
weak shock waves con ta ined  w i t h i n  t h e  covered blade 
passages. 

I n  o r d e r  t o  determine t h e  va lue  o f  s o l i d i t y  
wh ich  m i g h t  be approp r ia te  f o r  supersonic  through 
f low, b lades  hav ing  t h r e e  d i f f e r e n t  s o l i d i t i e s  were 
analyzed. The v iscous code c a l c u l a t i o n s  showing 
t h e  e f f e c t  o f  b lade  s o l i d i t i e s  f r o m  2.5 t o  3.75 on 
t h e  s t a t i c  p ressu re  d i s t r i b u t i o n  and Mach number 
con tou rs  a r e  presented i n  F ig .  4. 
s o l i d i t y  moved t h e  p o i n t  o f  minimum s t a t i c  pressure 
(maximum Mach number) on t h e  s u c t i o n  s u r f a c e  toward 
t h e  l e a d i n g  edge. 
o f  minimum s t a t i c  p ressu re  i s  l o c a t e d  a t  about 
50 p e r c e n t  cho rd  and t h e  t r a i l i n g  edge s t a t i c  pres- 
sures a r e  about equal  f o r  t h e  s u c t i o n  and pressure 
surfaces. I t  i s  v e r y  impor tan t  t h a t  t h e  s t a t i c  
pressures a t  t h e  t r a i l i n g  edge a r e  e s s e n t i a l l y  equal 
s i n c e  t h e n  t h e  f l o w  can leave  t h e  b lade  almost t an -  
gen t  t o  t h e  b lade  angle and no l a r g e  adjustments 
(such as shock waves) t o  t h e  f l o w  a r e  necessary a t  
t h e  t r a i l i n g  edge o r  downstream o f  t h e  b lade  row.  
A l s o  f r o m  F ig .  4, as t h e  s o l i d i t y  i s  decreased t h e  
Mach number con tou r  l i n e s  shows an increased con- 
c e n t r a t i o n  and t h e n  coalesce t o  fo rm a shock wave 
a t  t h e  l owes t  s o l i d i t y  (2.50). T h i s  shock wave 
would become s t ronger  and move toward t h e  t r a i l i n g  
edge as t h e  s o l i d i t y  i s  f u r t h e r  decreased t o  one. 
The near  hub s e c t i o n  was used f o r  t h i s  s o l i d i t y  
s tudy  because t h e  b lade  i s  t h i c k e s t  i n  t h e  hub 
r e g i o n  w i t h  t h e  l a r g e s t  l e a d i n g  edge wedge angle 
and t h e r e b y  t h e  s t r o n g e s t  l e a d i n g  edge shock wave. 

Th is  s t a t i c  p ressu re  mismatch 

C lea r l y ,  

I n c r e a s i n g  the  

A t  a s o l i d i t y  o f  3.25 t h e  p o i n t  

R e s u l t s  f r o m  t h i s  s o l i d i t y  s tudy  and f u r t h e r  
aerodynamic c a l c u l a t i o n s  f o r  t h e  mean and near  t i p  
s e c t i o n s  o f  t h e  b lade  i n c i d a t e  an e s s e n t i a l l y  con- 
s t a n t  s o l i d i t y  o f  3.25 f rom hub t o  t i p  would be 
des i rab le .  However, t h e  cons tan t  r o t o r  b lade  s o l i d -  
i t y  o f  3.25 presents  a s e r i o u s  mechanical  des ign  
problem because now t h e  t i p  cho rd  must be s i g n i f i -  
c a n t l y  l onger  than  t h e  hub chord.  Th is  l o n g e r  t i p  
cho rd  and hence g r e a t e r  mass of m a t e r i a l  i n  t h e  t i p  
r e g i o n  causes l a r g e  mechanical  s t resses  beyond t h e  
acceptable l i m i t  i n  t h e  hub reg ion.  These l a r g e  
mechanical  hub s t resses  can be reduced somewhat b y  
decreas ing t h e  b lade  t h i c k n e s s  i n  t h e  t i p  r e g i o n  
and/or i n c r e a s i n g  t h e  b lade  t h i c k n e s s  i n  t h e  hub 
reg ion .  However, t h e  b lade  th i ckness  can be 
i nc reased  o n l y  so much b e f o r e  s t r o n g  shock waves 
would r e s u l t  i n  poor  aerodynamic performance. 
occu rs  because t h e  l e a d i n g  edge wedge angle 
i nc reases  w i t h  b lade  th i ckness .  

T h i s  

A f t e r  seve ra l  i t e r a t i o n s  o f  t h e  des ign proce-  
dure, t h e  aerodynamic f l o w  and mechanical  s t r e s s  
c r i t e r i a  were s a t i s f i e d  w i t h  t h e  f o l l o w i n g  pre: imi -  
n a r y  compromise des ign:  

Ro to r  

Blade Max. t h i c k  Blade chord 
s o l i d i t y  chord i n .  

Hub 3.56 0.07 3.56 
T i p  3.11 0.04 4.45 

The v i scous  f low c a l c u l a t i o n s  and t h e  mechan- 
i c a l  s t r e s s  a n a l y s i s  s t r o n g l y  i n d i c a t e  t h a t  t h e  
b lade  s o l i d i t y  i s  t h e  c o n t r o l l i n g  des ign parameter 
f o r  t h e  supersonic  th rough- f l ow  fan .  

E f f e c t  o f  Blade 

A f t e r  de te rm in ing  t h e  b lade  s o l i d i t y  which 
s a t i s f i e d  t h e  d e s i r e d  aerodynamic f l o w  and mechan- 
i c a l  s t r e s s  c r i t e r i a ,  t h e  b l a d e  angle d i s t r i b u t i o n  
was v a r i e d  t o  f i n e  tune  t h e  f l o w  d i s t r i b u t i o n  
ove r  t h e  b lade.  A p r e l i m i n a r y  at tempt  f o r  t h e  
b lade  angle d i s t r i b u t i o n  (F ig .  5) had a f a i r l y  
sudden r i s e  i n  b lade  angle near  t h e  l e a d i n g  edge 
which was used t o  decrease t h e  l e a d i n g  edge wedge 
angle i n  o r d e r  t o  reduce t h e  s t r e n g t h  o f  t h e  l ead -  
i n g  edge shock wave. Th is  r i s e  was f o l l o w e d  by  a 
r a p i d l y  decreas ing b lade  angle u n t i l  mid-chord.  
The r e a r  h a l f  o f  t h e  b lade  had a l i n e a r  b lade  
angle d i s t r i b u t i o n  which produced a l a r g e  s t a t i c  
p ressu re  g r a d i e n t  on t h e  s u c t i o n  su r face  and 
p r a c t i c a l l y  no l o a d i n g  ove r  t h e  l a s t  25 pe rcen t  
o f  t h e  b lade.  The e f f e c t  o f  t h e  s t a t i c  p ressu re  
g r a d i e n t  on t h e  s u c t i o n  s u r f a c e  i s  e v i d e n t  on t h e  
con tou r  p l o t  o f  Mach number b y  a s i g n i f i c a n t  
i nc rease  i n  t h e  v i scous  dominated r e g i o n  down- 
s t ream o f  t h e  l o c a t i o n  where a weak shock impacts  
t h e  s u r f a c e  a t  about 50 pe rcen t  o f  t h e  chord.  
The f i n a l  b lade  angle d i s t r i b u t i o n  shown i n  F ig .  5 
y i e l d s  much smoother s t a t i c  p ressu re  d i s t r i b u -  
t i o n s .  The b lade  i s  loaded a l l  t h e  way t o  t h e  
t r a i l i n g  edge. Also, t h e  s t a t i c  p ressu re  on b o t h  
t h e  s u c t i o n  and p ressu re  su r faces  i s  equal  a t  t h e  
t r a i l i n g  edge so t h a t  no s t r o n g  adjustment o f  t h e  
f l o w  downstream o f  t h e  b lade  ( l i k e  a shock wave) 
i s  requ i red .  
p l o t  a t  t h e  t r a i l i n g  edge shows t h a t  t h e  f l o w  
e x i t s  smoothly f r o m  t h e  b lade.  The r e d u c t i o n  i n  
t h e  s t a t i c  p ressu re  r a d i e n t s  i n  t h e  improved 
b lade  des ign  (F ig .  53 r e s u l t s  i n  Mach number con- 
t o u r s  which i n d i c a t e  a v e r y  t h i n  v i scous  f l o w  

From F i g .  6, t h e  v e l o c i t y  v e c t o r  
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region. Also, t he  leading edge weak shock wave 
i s  completely contained in the  covered flow pas- 
sage and does not impact on the suct ion surface 
of the  adjacent blade. 

Effect  of Thickness Distribution 

Since the  s t rength  of t he  leading edge shock 
wave g r e a t l y  increases  with increasing leading 
edge radius ,  the  radius  was s e t  a t  0.005 in .  ( a  
radius  which was considered the minimum machine- 
able  with reasonable accuracy). 

d i s t r ibu t ion ,  t h e  e f f ec t  of blade thickness d is -  
t r i bu t ion  on the  s t a t i c  pressure var ia t ion  and 
Mach number contours i s  shown in Fig. 7 f o r  t h e  
double c i r cu la r  arc  ( D C A )  a n d  improved polynomial 
curve f i t t e d  thickness d is t r ibu t ion .  The almost 
constant s t a t i c  pressure var ia t ion  in  the  t r a i l i n g  
edge region of t he  blade f o r  the  DCA thickness 
d i s t r i b u t i o n  produces essent ia l ly  no loading over 
t h e  l a s t  20 percent of the blade. Also, t he  Mach 
number contour p lo t  indicates  a weak shock wave 
may be occurring a t  the  t r a i l i n g  edge of t he  
th icker  DCA blade (Fig.  7 ) .  The s t a t i c  pressure 
d i s t r i b u t i o n  f o r  t h e  improved polynomial thickness 
d i s t r i b u t i o n  shows moderate blade loadings and a 
th inner  more streamlined blade (espec ia l ly  evident 
over t he  r ea r  port ion of the blade) as  seen by 
the  Mach number contour p lo t .  

Final Blade Shapes 

Before presenting the f i n a l  ro to r  blade 
design, i t  should be noted t h a t  i t  i s  almost 
impossible t o  determine a l l  possible  combination 
e f f e c t s  of design parameters. Often, multiple 
changes in design parameters produce unexpected 
r e s u l t s ,  espec ia l ly  in a new compressor flow 
regime. Probably only an advanced optimization 
ana lys i s  code would be able t o  s e l e c t  the  best 
optimized design. 

The f i n a l  s t a t i c  pressure d i s t r i b u t i o n s  and 
Mach number contour plots f o r  t he  ro to r  blade 
sec t ions  near the  h u b ,  a t  t h e  mean flow sur face ,  
and near t he  t i p  a re  shown i n  Fig. 8. Each blade 
sec t ion  has s imi la r  s t a t i c  pressure d i s t r ibu t ions  
with l i t t l e  t o  no  difference in s t a t i c  pressure 
between the  suct ion and pressure surfaces  a t  t he  
t r a i l i n g  edge. The Mach number contour p lo t s  
ind ica te  t h a t  t he  leading edge shock wave i s  com- 
p l e t e l y  contained within t h e  flow passage and 
does not impact on t he  adjacent blade surface. 
Wood7 applied a three-dimensional Euler code t o  
t he  f i n a l  rotor design and t h i s  resu l ted  in  very 
s imi la r  aerodynamic solutions as f o r  the  quasi-  
three-dimensional code used in the  design. 

With the  use of t h e  improved blade angle 

S t a t o r  

The same design philosophy used for  the ro tor  
was applied t o  t he  s t a to r  design. 
f low Mach t o  the  s t a t o r  i s  considerably higher 
than the  r e l a t i v e  ro to r  f low Mach number. 
Figure 9 shows the  s t a t i c  pressure d i s t r ibu t ions  
and Mach number contour p lo ts  f o r  t he  s t a t o r  
blade sec t ions  near the  hub ,  mean, and near the  
t i p .  Each blade section has  s imi la r  s t a t i c  
pressure d i s t r i b u t i o n s  with e s s e n t i a l l y  equal 
s t a t i c  pressure f o r  the  suction and pressure 
surfaces  a t  the  t r a i l i n g  edge. The Mach number 
contour p lo t s  show the  thicker  viscous boundary 

The entrance 

layer  region along the  s t a t o r  than f o r  t he  
ro to r .  
Mach number f o r  t he  s t a t o r  b u t  t h e  leading edge 
weak shock wave i s  s t i l l  contained within the  
flow passage and does not impact on the  adjacent 
blade surface.  The higher i n l e t  Mach number f o r  
t he  s t a t o r  (2.66 a t  the  t i p  t o  3.14 a t  t he  h u b )  
necessi ta ted s l i g h t l y  higher blade s o l i d i t i e s  
(3.01 a t  t he  t i p  t o  3.88 a t  t he  h u b )  than f o r  t he  
ro to r  in  order t o  contain the  shock wave within 
the  covered flow passage. The optimum s t a t o r  
s o l i d i t y  would have been even higher b u t  a flow 
ca lcu la t ion  using an unpublished (quasi- three-  
dimensional) off-design code suggested t h a t  t he  
number of s t a t o r  blades should be reduced t o  help 
a l l e v i a t e  a possible  subsonic s t a r t i n g  choke 
problem. 

This i s  ind ica t ive  of t he  higher i n l e t  

Fan Mechanical Design 

The calculated blade s t r e s s e s  f o r  the  desired 
aerodynamic design of t he  STF ro to r  were t o o  high. 
Thus a compromise was reached which reduced the  
r e l a t i v e l y  long t i p  chord t h a t  was causing exces- 
s ive  r o t o r  h u b  s t r e s ses .  
mechanical s t r e s s  d i s t r i b u t i o n  f o r  the  ro tor .  The 
allowable ro to r  s t r e s s  level  f o r  t i tanium i s  
100 000 ps i .  The Campbell diagram f o r  t he  rotor 
(Fig. 1 1 )  shows t h a t  t he  f i r s t  mode bending f r e -  
quency does not cross  the  frequency f o r  the  th ree  
and under exc i ta t ions  per revolution. 

I n  addi t ion,  t he  e f f e c t  of f l u t t e r  on t h e  
ro to r  design was invest igated with the  use of a 
cur ren t  in-house supersonic f l u t t e r  code. This 
study resu l ted  in a 30 percent increase in the  
ro to r  chord across the  s p a n  in order t o  a v o i d  a 
possible  f l u t t e r  problem. 

Figure 10 shows the  

Off-Design Analysis 

Incidence Angle 

A t  design supersonic speed, the  viscous code 
was used t o  determine how the  ro to r  sec t ions  might 
behave in  an off-design mode. 
t he  e f f e c t  of incidence (-5" t o  +5")  on the  Mach 
number contours f o r  the  rotor a t  the  near h u b  
sect ion.  The most obvious r e s u l t  from Fig. 1 2  i s  
t h a t  f o r  t h i s  incidence range the  flow remained 
order ly  t h r o u g h  the  f low passages without any 
s t rong shock wave formation o r  la rge  flow separa- 
t ion .  The range of incidence f o r  t ransonic  com- 
pressors  i s  about 6". 

Figure 1 2  shows 

Fan Performance Map 

Off-design flow ca lcu la t ions  were made f o r  
t h i s  STF fan with the  use of an unpublished o f f -  
design version of t he  axisymmetric design code. 
Figure 13 shows the  predicted fan performance map 
with the  fan pressure r a t i o  p lo t ted  a a ins t  weight 
flow f o r  speed l i nes  from 20 percent ?low sub- 
sonic)  t o  100 percent of design speed (design 
supersonic f low).  
a wider operating range in the  supersonic flow 
region than f o r  t he  subsonic flow region. 
a t  the  t r a n s i t i o n  region between subsonic and  
supersonic flow in Fig. 13, the  off-design code 
predic t s  t h a t  t he  i n l e t  axial  flow wil l  become 
supersonic between approximately 72 t o  75 percent 
of design speed. Thereby, t h i s  off-design calcu-  
l a t ion  predic t s  t h a t  with su f f i c i en t  wheel speed 
and proper back pressure, t he  necessary weight 

This fan performance map shows 

Looking 
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f l o w  w i l l  be ob ta ined  f o r  s t a r t i n g  t h e  supersonic 
f l o w  th rough  t h e  fan. Dur ing  s t a r t  up, i t  i s  
h i g h l y  d e s i r a b l e  t o  have o n l y  a s l i g h t l y  super-  
s o n i c  normal shock wave move th rough  t h e  f a n  such 
t h a t  t h e  s m a l l e s t  p o s s i b l e  sudden p ressu re  d i s -  
turbance w i l l  be exe r ted  on t h e  b lade  rows. 

F a c i l i t y  M o d i f i c a t i o n s  

The Lewis m u l t i s t a g e  compressor f a c i l i t y  
shown i n  F i g .  14 was chosen as t h e  t e s t  f a c i l i t y  
because i t  has p r o v i s i o n s  f o r  p r e s s u r i z e d - d r y  
i n l e t  a i r ,  adequate power (15 000 hp), and a l t i -  
t u d e  exhaust  system. 
t e d  t o  t h e  Lewis c e n t r a l  a i r  supp ly  system 
p r o v i d i n g  p ressu r i zed -d ry  i n l e t  a i r  up t o  25 psia. 
The main m o d i f i c a t i o n  t o  t h i s  f a c i l i t y  w i l l  be t o  
c o n v e r t  t h e  i n l e t  t o  e s s e n t i a l l y  a supersonic  
wind t u n n e l .  T h i s  w i l l  be accompl ished by adding 
a t r a n s l a t i n g  nozz le  i n l e t  which can v a r y  t h e  f a n  
i n l e t  Mach number between low subsonic and 2.1. 
The en t rance  f l o w  t o  t h e  f a n  s tage  i s  c o n t r o l l e d  
by t h i s  t r a n s l a t i n g  i n l e t ,  which i s  designed t o  
produce a u n i f o r m  p a r a l l e l  f l o w  w i t h  a des ign  
a x i a l  Mach number o f  2.0. A t r a n s l a t i n g  d i f f u s e r  
w i l l  be used as a t h r o t t l e  v a l v e  as w e l l  as t h e  
d e v i c e  t o  d i f f u s e  t h e  f l o w  t o  t h e  a l t i t u d e  exhaust 
system. 
F ig.  15 g i v e s  t h e  p h y s i c a l  d e s c r i p t i o n  and l o c a -  
t i o n  o f  t h e  t r a n s l a t i n g  n o z z l e  i n l e t ,  STF fan,  
and t r a n s l a t i n g  d i f f u s e r .  I n  a d d i t i o n ,  b leed- f low 
c a p a b i l i t y  t o  remove t h e  boundary l a y e r  a t  t h e  
f a n  and d i f f u s e r  ent rances w i l l  be designed i n t o  
t h e  STF f a n  t e s t  package t o  h e l p  p reven t  end-wall 
boundary l a y e r  shock-wave i n t e r a c t i o n .  A s t rong  
shock-wave i n  t h e  d i f f u s e r  s e c t i o n  c o u l d  produce 
a r a p i d l y  i n c r e a s i n g  tendency f o r  an u n s t a r t  f l o w  
cond i ti on. 

The i n l e t  plenum i s  connec- 

The STF f a n  t e s t  package as shown i n  

Concluding Remarks 

T h i s  paper has desc r ibed  t h e  d e t a i l e d  design 
o f  a supersonic  th rough- f l ow  (STF) fan .  
ax isymmetr ic  des ign code was used t o  des ign t h e  
fan  and t h e  computat ional  a n a l y s i s  codes have 
become e s s e n t i a l  t o o l s  f o r  assess ing t h e  b lade  
f l o w  performance which r e s u l t s  i n  s e l e c t i n g  good 
f i n a l  b l a d e  shapes. The i t e r a t i o n  between t h e  
aerodynamic v iscous f l o w  and mechanical  s t r e s s  
a n a l y s i s  codes s t r o n g l y  i n d i c a t e  t h a t  t h e  b lade  
s o l i d i t y  i s  t h e  c o n t r o l l i n g  des ign parameter f o r  
t h e  STF fan. The r o t o r  and s t a t o r  f o r  t h i s  STF 
fan  a r e  designed such t h a t  o n l y  weak c o n t r o l l e d  
l e a d i n g  edge shock waves occu r  i n  t h e  b lade  f l o w  
passages. 

The 

These l e a d i n g  edge weak shock waves 

a r e  con ta ined  w i t h i n  t h e  covered f l o w  passages 
w i t h o u t  impact ing on t h e  ad jacen t  b lade  su r faces  
and t h e  f l o w  leaves t h e  b lade  t r a i l i n g  edge 
smooth ly  w i t h o u t  any shock wave adjustments.  

Also,  t h e  o f f - d e s i g n  f l o w  c a l c u l a t i o n s  sug- 
g e s t  t h a t  w i t h  s u f f i c i e n t  wheel speed and p r o p e r  
back pressure,  t h e  necessary weight  f l o w  w i l l  be 
ob ta ined  f o r  s t a r t i n g  t h e  supersonic  f l o w  th rough  
t h e  f a n  i n  t h e  planned t e s t  f a c i l i t y .  
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TABLE I. - OVERALL STF FAN 

DESIGN CONDITIONS 

P r e s s u r e  r a t i o  
W e i g h t  f l o w ,  l b / s e c  
I n l e t  a x i a l  Mach number 
T i p  speed, f t / s e c  
R o t a t i v e  speed, rpm 
D i a m e t e r ,  i n .  
H u b - t i p  r a t i o  

2.45 
31 .5 

2.0 
1 500 

1 7  189 
20 

0.7 

TABLE 11. - ROTOR AND STATOR DESIGN PARAMETERS 

R o t a t i v e  speed 
T o t a l  p r e s s u r e  r a t l o  
T i p  r a d i u s ,  cons tan t .  i n .  
Hub r a d i u s ,  constant ,  I n .  
B lade number 
Aero-chord,  i n .  
Aspect r a t l o ,  span t o  mean cho rd  r a t i o  
S o l l d l t y ,  b l a d e  chord t o  spac ing  r a t i o  
Maximum t h i c k n e s s / c h o r d ,  p e r c e n t  
Leading edge th i ckness /cho rd .  p e r c e n t  
T r a i l l n g  edge th l ckness /cho rd ,  p e r c e n t  

Ro to r  

17 188.7 rpm 
2.1 

10 
7 

44 
4.45 ( t i p )  t o  3.56 (hub)  

0.97 
3.11 ( t i p )  t o  3.56 (hub )  

4 t o  7 
0.15 t o  0.19 

0.27 t o  0.037 

S t a t o r  I 
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DES I GN POINT REQUIREMENTS 

.1 

INTERACTIVE BLADE ELEMENT 
CODE GENERATES: 

0 BLADE THICKNESS AND ANGLE 

0 REVISES BLADE SHAPES 

0 NEW POLYNOMIAL COEFFICIENTS 

DISTRIBUTIONS 

0 STATIC PRESSURE CONTOURS 

0 MACH CONTOURS 

0 BLADE PRESSURE GRADIENTS 

0 DEVIATION ANGLE J 
AND NEW 

J 
NASTRAN CODE 

I FLUTTER CODE I 

I BLADE FABRICATION I 
I I 

FIGURE 1. - FAN DESIGN CALCULATION PROCEDURE. 
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ROTOR /mJ 
FLOW TURNING ( 2 2 . 6 ' ) T  

2.65 
r o . 9 1  

STATOR 

p'" 

MACH NUMBER 

T IP  

1 .07  2.75 1.37 

(26.9') -- 

12.89 

1 
FIGURE 2 .  - STF FAN VECTOR DIAGRAMS. 

7 SUCTION SURFACE 

I I I 

0 .5 1 .o 
STATIC PRESSURE DISTRIBUTION 

INCREMENT = 0.1 

MACH NUMBER CONTOURS I 

VELOCITY VECTORS AT TRAILING EDGE 

FIGURE 3. - RESULTS OBTAINED W I  TH THE VISCOUS CODE FOR THE EXAMPLE BLADE SHAPE (SOLIDITY, 
1.0, AND INLET MACH NUMBER OF 1 . 5 ) .  
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BLADE ANGLE 

30 

W 
J a 
L e 
W n 
4 a 

8 

PRELIMINARY F I NAL 

. 5  1.0 0 .5  
FRACTION OF CHORD 

STAT I C  PRESSURE 

.25- r 

1 .o 

FRACTION OF CHORD 

PACH NUMBER CONTOURS 

I y M  = 2 . 4  I I 

r M  = 2 . 5  I 

0.1 MACH NUMBER (M) INCREMENT 

FIGURE 5 .  - EFFECT OF ROTOR BLADE ANGLE DISTRIBUTION ON THE STATIC PRESSURE DISTRIBUTION 
AND MACH NUMBER CONTOURS FOR THE NEAR HUB SECTION (SOLIDITY. 3 .42 ) .  
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L 

VELOCITY VECTORS AT TRAILING EDGE 
FIGURE 6. - DETAILED FLOW ANALYSIS FROM THE VISCOUS CODE FOR 
THE ROTOR TRAILING EDGE REGION FOR THE NEAR HUB SECTION 
(SOLIDITY. 3.42). 
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BLADE THICKNESS DISTRIBUTION 
IMPROVED POLYNOMINAL DOUBLE CIRCULAR ARC (DCA) 

1.0 0 .5 1.- 0 .5  
REACTION OF CHORD 

STATIC PRESSURE 

5 1 .o 0 .5 1 .o ._  
FRACTION OF CHORD 

0.1 MACH NUMBER (M)  INCREMENT 

FIGURE 7. - EFFtCT OF ROTOR BLADE THICKENS DISTRIBUTION ON THE STATIC PRESSURE DISTRIBUTION AND MACH NUMBER CONTOURS FOR THE 
NEAR HUB SECTION (SOLIDITY, 3.42). 
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FIGURE 10. - CALCULATED STRESS DISTRIBUTION FOR THE ROTOR (STRESS 
I N  KPSI). 

PERCENT DESIGN SPEED 
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FIGURE 11. - CAMPBELL DIAGRAM FOR ROTOR. 
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FIGURE 13. - PREDICTED STF FAN PERFORMANCE MAP. 
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FIGURE 14. - MULTISTAGE COMPRESSOR FACILITY. 
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