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Summary 
Two separate tests have been made on the same 

blended wing-body hydrogen-fueled transport model 
at a Mach number of about 6 and a range of 
Reynolds number (based on theoretical body length) 
of 1.577 x lo6 to  about 55.36 x lo6. The results of 
these tests, made in a conventional hypersonic blow- 
down tiinnel and a hypersonic shock tunnel, are pre- 
sented through range of angle of attack from -lo 
to 8", with an extended study at  a constant an- 
gle of attack of 3'. The model boundary-layer 
flow appeared to  be predominantly turbulent except 
for the low Reynolds number shock tunnel tests. 
Model wall temperatures varied considerably be- 
tween the two tests; the blowdown tunnel varied from 
about 255°F to 340°F, whereas the shock tunnel had 
a constant 70°F model wall temperature. The ex- 
perimental norrnal-force coefficients were essentially 
independent of Reynolds number. A current the- 
oretical computer program was used to  study the 
effect of Reynolds number. Theoretical predictions 
of normal-force coefficients were good, particularly 
at anticipated cruise angles of attack, that is, 2' t o  
5'. Axial-force coefficients were generally underesti- 
mated for the turbulent skin friction conditions and 
pitching-moment coefficients could not be predicted 
reliably. 

Introduction 
The interpretation and application of aerody- 

namic test data from ground test facilities in the de- 
termination of full-scale aerodynamic performance of 
a particular design are the primary goals of configu- 
ration testing. These goals are accomplished by se- 
lecting a design having sufficient volume to  house the 
required fuel and payload, adequate wing area for a 
safe landing, and a shape based on available theory, 
published data, and experience. Such a configuration 
was the liquid-hydrogen-fueled hypersonic transport 
concept (fig. 1) that was extensively tested through 
a wide range of Reynolds number in a conventional 
blowdown wind tunnel and a shock tunnel a t  a Mach 
number of about 8 and reported in references 1 and 2. 

The purpose of this paper is to  report the results 
of further free-transition tests on the same model of 
references 1 and 2 at a lower Mach number of about 6 
in both a blowdown tunnel and a shock tunnel. 

The major difference existing between tests in the 
two tunnels was the ratio of model wall temperature 
to  stagnation temperature. The shock tiinnel data 
were taken with a relatively low model wall tempera- 
ture, whereas the conventional wind-tunnel data were 
taken with a high model wall temperature. 

Presentation of results includes a comparison 
of all experimental longitudinal force and moment 
coefficients measured in a conventional blowdown hy- 
personic tunnel and those measured in a hypersonic 
shock tunnel; experimental data are then compared 
with theoretical predictions made with Gentry's Hy- 
personic Arbitrary-Body Aerodynamics Computer 
Program (Mark I11 Version) (GEIABAP). (See ref. 3.) 
The experimental data were obtained at  a Mach 
number of about 6 through a range of Reynolds num- 
ber (based on theoretical model body length) from 
about 1.577 x lo6 to  about 55.36 x lo6. The range 
of angle of attack was from -1" to about 8'. The re- 
sults of a study of data at a constant angle of attack 
of 3'are also presented. 

Symbols 

C A  

C D  

axial-force coefficient, 5 
D 

'4035 drag coefficient 

C F  average skin friction coefficient 

CL 
lift coefficient, 4035 L 

Crn pitching-moment coefficient, 

& 
C N  normal-force coefficient, 3 
C wing chord 
- 
C mean aerodynamic chord of total 

wing 

D 

F A  

FN 

drag, FN sin Q + FA cos a 

axial force along X-axis (positive 
direction is -X) 

normal force along Z-axis (posi- 
tive direction is -2) 

lift, FN cos cr - FA sin (Y L 

LID lift-drag ratio 

1 reference length (theoretical body 
length), 25.92 in. (see fig. 1)  

M free-stream Mach number 

M Y  moment about Y-axis 

Po stagnation pressure 

900 free-stream dynamic pressure 

R1 Reynolds number based on 
theoretical body length at free- 
stream conditions 



S 

SP 
To 

V 

ck 

Subscripts : 

LE 

T E  

cl 

Abbreviations: 

Exp. 

GHABAP 

HST 

Inv. 

LRC 

M = 6 LRC 20, 

reference area, area of wing 
including fuselage intercept , 
70 in2 
planform area, in 2 

stagnation temperature, OR 

volume, in3 

angle of attack, deg 

leading edge 

trailing edge 

centerline 

experiment 

Gentry's Hypersonic Arbitrary- 
Body Aerodynamics Program 
(Mark I11 Version) 

Hypersonic Shock Tunnel 

inviscid 

Langley Research Center 

Langley 20-Inch Mach 6 Tunnel 

M = 8 LRC VDT Langley Mach 8 Variable-Density 
Tunnel 

T C  

T W  

tangent-cone pressure distribu- 
tion method 

tangent-wedge pressure distribu- 
tion method 

t.p. tangent point 

Fuselage dimensions in table I1 and figure 2: 

A distance between reference line 
and top of fuselage 

H height of fuselage 

rad. B 

rad. E 

rad. LS 

rad. T 

rad. US 

rad. W 

radius of fuselage bottom 

radius of fuselage side 

radius of strake lower surface 

radius of fuselage top 

radius of strake upper surface 

radius of fairing from fuselage to  
wing 

distance from bottom of fuselage 
to strake leading edge 

Sd 

SW distance from side of fuselage to  
strake leading edge 

5 distance from nose of fuselage to  
cross section 

511 body station 

Test Configuration 
The test model was the 1/150-scale hypersonic 

transport concept of references 1 and 2 and is shown 
in figure 1. The fuselage cross-section design was 
semielliptical with a width-height ratio of 2 to  1; the 
cross-sectional area was expanded from the nose to  a 
maximum at  the 0.66 body station according to  the 
Sears-Haack volume distribution equations for mini- 
mum drag bodies of reference 4 and converged to  0 
at station 1.00. Strakes were added to  improve the 
hypersonic lifting capability of this voluminous corn- 
ponent. The fuselage was blended with the strakes 
and the wing to reduce adverse component interfer- 
ence effects. (Details of the configuration tested are 
shown by the solid lines in fig. 1.) The vertical tail 
and engine nacelle were not installed for the present 
tests. The fuselage cross-section design scheme is 
shown in figure 2. All design curves were circular 
arcs to facilitate fabrication. The overall geometric 
characteristics of the model are presented in table I, 
and the detailed fuselage dimensions illustrated in 
figure 2 are presented in table 11. The model was con- 
structed entirely of 4130 steel to provide maximum 
strength in an annealed condition. The model fuse- 
lage was machined to accept a six-component strain 
gauge balance to  measure aerodynamic forces and 
moments during the wind-tunnel tests. 

Apparatus and Tests 
Langley 20-Inch Mach 6 Tunnel 

This investigation was conducted in the Lang- 
ley 20-Inch Mach 6 Tunnel. This tunnel operates 
on a blowdown cycle through a two-dimensional noz- 
zle with a test section 20.5 in. high and 20 in. wide. 
Dry air was used for all tests to  avoid water con- 
densation effects, and it was heated to avoid air liq- 
uefaction and the supersaturated region as defined 
by reference 5. Tests were conducted at free-stream 
Mach numbers of 5.799 to  5.994, stagnation pressures 
of 34.3 to  525 psia, and stagnation temperatures of 
about 784'R to  912'R. These conditions result in an 
average free-stream Reynolds number based on body 
length of 1.577 x lo6 to  18.20 x lo6 (0.7303 x lo6 to  
8.426 x lo6 per foot). 

A six-component water-cooled strain gauge bal- 
ance was installed inside the model body and was 
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attached to  the tunnel variable angle sting support 
system. The angle of attack was set for each test 
point by the reflection of a beam of light from a fixed- 
point source to  a small mirrored prism/lens installed 
flush with the surface of the model to a calibration 
board. Thus, by setting the model at the desired an- 
gle of attack instead of the sting support, no sting 
deflectioii correction was required. Forces and mo- 
ments were measured through a range of angle of 
attack from -1" to  8" at an angle of sideslip of 0'. 
All screw and dowel holes and joints were filled with 
dental plaster before each test run. Base pressures 
were measured and the axial-force component was 
adjusted to  correspond to  a base pressure equal to 
the free-stream static pressure. All tests were con- 
ducted with natural boundary-layer transition. 

Calspan Hypersonic Shock Tunnel 

The Calspari 48-inch leg of the Hypersonic Shock 
Tiinnel, described in reference 6, employs a reflected 
shock to  process air to conditions suitable for sup- 
plying an axially symmetric convergent-divergent 
hypersonic nozzle. The shock-processed air is ex- 
panded through a contoured nozzle, having inter- 
changeable throats, to the desired test conditions at 
the 24-inch exit diameter. Test time varied with con- 
ditions up to  about 13 milliseconds duration. For 
the shock tunnel tests the stagnation pressure varied 
from about 259 to 4093 psia, and stagnation temper- 
ature varied from about 1479"R to 2289"R to tai- 
lor the wide test Reynolds number range a t  Mach 
numbers of 6.13 and 6.58 and to avoid liquefaction. 
These conditions resulted in an average free-stream 
Reynolds number based on body length of 1.64 x lo6 
to 55.36 x lo6 (0.7599 x 10' to  25.63 x lo6 per 
foot). The higher stagnation temperatures were uti- 
lized at the lower stagnation pressures to  help obtain 
the lower Reynolds numbers by increasing viscos- 
ity. The model was mounted on a three-component 
strain gauge balance downstreqm of the contoured 
nozzle exit at a fixed angle of attack for all tests, 
and the final data were corrected for sting deflection. 
The free-stream Mach number was determined from 
pitot pressures measured for each test run by means 
of piezoelectric crystal pressure transducers mounted 
in the test section. Tests were made with free tran- 
sition, and base-pressure corrections were applied as 
described in the previous section on the blowdown 
tunnel. 

Precision of Data 
Estimates of the uncertainties in the measure- 

ment of force and moment coefficients for the 
individual test points are generally based on the 

accuracy of the force balance system, which is 
f 0 . 5  percent of maximum balance loads with all 
components loaded simultaneously. During the 
present tests, only the normal-force, axial-force, and 
pitching-moment components were utilized and the 
balance was check calibrated at full, one-third, and 
one-fifteenth loads. Due to  these precautions, an ac- 
curacy of f0.125 percent of full load is considered a 
more reasonable estimate and is presented as follows 
for the low Reynolds number worst condition: 

C N  . . . . . . . . . . . . . . . . . .  f0.002 
CA . . . . . . . . . . . . . . . . . .  f0.0004 
c, . . . . . . . . . . . . . . . . . .  f0.0002 

The stagnation pressure was measured to  an accu- 
racy of f0.003 to  f 1 . 3  psia for the pressure range 
of 35 to 525 psia and the angle of attack was set to  
f O .  10". 

Theoretical Methods 
The theoretical studies made in the present report 

consist of, first, computerized calculations predict- 
ing the various longitudinal aerodynamic coefficients 
at appropriate flow conditions for angles of attack 
up to 8 O  and, second, an investigation of the normal 
and axial forces with variation in Reynolds number 
at  a constant angle of attack of 3". The computer 
program was also used to evaluate the induced pres- 
sure effects on axial-force coefficients under laminar 
boundary conditions. 

Inviscid Aerodynamics 
The theoretical studies make major use of 

Gentry's Hypersonic Arbitrary-Body Aerodynamics 
Program (Mark I11 Version) (GHABAP). (See ref. 3.) 
The aircraft configuration was divided into approxi- 
mately 800 elements, as shown in figure 3, for the cal- 
culation of both the inviscid and viscid aerodynam- 
ics. This program has available a variety of optional 
calculation methods for inviscid pressure versus flow 
deflection in both the impact flow and the shadow 
flow regions, which may be arbitrarily applied to  
individual model panels. Various methods and dis- 
tributions were tried on the present configuration 
including the tangent-cone, tangent-wedge, and the 
shock-expansion methods for the impact flow re- 
gions while using the Prandtl-Meyer expansion from 
free stream to all shadow regions. The most suc- 
cessful combination was found to  be the use of the 
tangent-cone pressure distribution on the forward 
hselage and strakes ahead of the wing-fuselage junc- 
tion and the tangent-wedge method on the wings 
and that portion of the fuselage aft of the wing- 
fuselage junction as discussed subsequently. This 
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distribution methods gave normal- and axial-force 
coefficients on the complete configuration that were 
essentially the saiiie as those predicted by the use 
of thc tnngent-cone option on the fuselage and the 
shock-expansion option 011 the wings arid strakes, as 
presented in reference 1, but gave much more realistic 
pitching-moment coefficients at M = 8 (ref. 2). This 
coiiiproniise in selection of inviscid pressure distribu- 
tion calculation methods is reasonable when consid- 
eration is given to  the flattened conical shape of the 
forward fuselage and to the relatively small average 
thickness ratio of the aft blended wing-body cross 
section. Wing and fuselage leading-edge axial-force 
contributions were assessed from the results of the 
circular-cylinder study of reference 7. A base pres- 
sure coefficient of -I/M2 (ref. 8) was assumed to 
exist on the blunt-wing trailing edge. 

Skin Friction 

Laminar skin friction was calculated within the 
GH.4BA4P by the T’-theory (the refererice tempera- 
tiirc iiiethod of Monaghan in ref. 9). A discussion of 
this reference temperature calculation was presented 
in  reference 2 .  

Turhulent skin friction was calculated within 
the GHABAP by the method of Spalding and Chi 
(ref. 10). Adiabatic wall temperature was assumed 
for both laminar arid turbulent calculations of vis- 
cous effects for the Mach 6 blowdown tunnel tests. 
For the shock tunnel estimates, the measured wall 
temperature of 70°F (530’R) was used. 

Induced Pressure 

The buildup of a boundary layer on an aerody- 
namic surface effectively alters the surface contour; 
consequently. the resulting airflow is displaced out- 
ward from the surface which changes the pressure dis- 
tribution. The boundary layer of some of the present 
tests was laminar, and due to  the effective surface 
contour changes and additional effective blunting of 
the leading edges, there were marked local flow de- 
flections and, therefore, high local pressures, which 
decreased rapidly downstream to levels somewhat 
higher than would be expected for inviscid flow. (See 
refs. 2 and 11.) To account for this change in sur- 
face pressures on hoth wings arid body, the induced 
prcssurc option available in the GHABAP was used 
to  provide est iiiiates for comparisons between theory 
and experiment with angle of attack. It is gener- 
al ly  recognized that turbulent boundary layers are 
eqiially capable of inducing surface pressure changes 
l) i i t  little experimental effort has been made to  tin- 
tlcrstand t his important phenomenon. References 12 
and 1 3  arc soiiie examples of comparison between 
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theory and experiment under laminar, transitional, 
and turbulent conditions. No configuration aerody- 
namics prograrn incorporates pressure effects induced 
by boundary layers at  this time, arid no estimates 
were made for the present tests. 

Blunted leading edges of the model may also 
be expected to induce surface pressure variations; 
however, no estimates were made for the 0.003-inch- 
radius leading edges or nose radius of the present test 
model. (See ref. 11.) 

Viscous Interaction 
The large induced pressure gradient (falling pres- 

sures) discussed in the preceding section has an ad- 
verse effect on the laminar skin friction and is here- 
after referred to  as “viscous interaction.” As with 
the induced pressure calculations, the GHABAP was 
utilized to  account for this viscous interaction. This 
aerodynamic program normally tabulates the lam- 
inar skin friction in combination with an estimate 
of the viscous interaction. For the present analysis, 
this program was modified to tabulate the skin fric- 
tion without the viscous-interaction increment. The 
increment of viscous interaction was therefore the dif- 
ference between the original and the modified coni- 
puter program results. These increments were used 
in combination with the induced pressure increment 
and the leadirig-edge and trailing-edge drag. No es- 
timates of the viscous interaction were made for tur- 
bulent boundary-layer conditions. 

Results and Discussion 
Experimental results at  Mach 6 for seven different 

Reynolds number tests through a range of angle of 
attack from -1’ to  8’ from a conventional blowdown 
wind tunnel and a shock tunnel are presented in 
figures 4 and 5 for the wing-body hypersonic concept 
and compared with theoretical estimates from the 
GHABAP. Numerous tests were made at a = 3’ 
through a range of Reynolds number from 1 . 5 7 7 ~  lo6 
to 1 8 . 1 9 9 ~  10” in the blowdown tunnel, and two tests 
were made in the shock tunnel at Rl = 1.906 x 10” 
and 52.963 x lo6. These data are presented in 
figures 6 and 7, along with GHABAP estimates. 

Normal Force 
Experimental normal-force coefficients, presented 

against angle of attack in figure 4(a), show only 
a slight variation between facilities and Reynolds 
numbers. The largest variation occurred for the 
shock tunnel cold wall test at  low Reynolds number. 
Each cold wall data point was the result of a separate 
shock tunnel test made during a period of several 
days on the same model; this may have contributed 



to the data scatter. The change in the slope of 
the normal-force curve with Reynolds number was 
due in part to  the variation of tunnel test Mach 
numbers with stagnation pressure. It is evident that  
the wide range of model surface temperature and 
stagnation temperature between the blowdown and 
shock tunnels had only minimal effect on the normal 
force. The GHABAP estimates are good at cruise 
angles of attack (2” to  5”) and adequate at higher 
angles of attack. 

Axial Force 
The axial-force coefficients from both the blow- 

down and shock tunnel tests are shown in figure 4(b) 
and are compared with theoretical estimates com- 
puted with the GHABAP. See the section “Theoret- 
ical Methods” for a description of the present ap- 
plication of turbulent and laminar skin friction and 
reference 2 for a detailed discussion of the effects of 
model wall temperature on the axial force. A study 
of the left side of figure 4(b) shows that the experi- 
mental data taken in the conventional blowdown tun- 
nel with hot model wall temperatures were generally 
underpredicted by the GHABAP, particularly at the 
lower angles of attack. For these predictions a tur- 
bulent skin friction was assumed although laminar- 
boundary-layer conditions would be expected to  exist 
at the lower Reynolds numbers. This apparent early 
transition is discussed subsequently. The present 
turbulent skin friction estimates do not contain ei- 
ther induced pressure or viscous interaction incre- 
ments as included in the laminar estimates. (See sec- 
tion “Theoretical Methods.”) Furthermore, it is not 
known with what accuracy the inviscid axial-force 
coefficients were calculated by the GHABAP. In ref- 
erence 2, the predicted inviscid axial-force coefficients 
at a = 3” were substantiated by extrapolation of ex- 
perimental data taken at  low Reynolds number test 
conditions to very high Reynolds numbers. Such an 
extrapolation can only be done under laminar condi- 
tions where the skin friction parameters are propor- 
tional to (Reynolds The turbulent skin 
friction parameter may also be considered to be pro- 
portional to  (Reynolds number)n but in turn n varies 
with Reynolds number, thus making simple extrap- 
olation over wide ranges of Reynolds number unreli- 
able if not impossible (ref. 14). It should be pointed 
out that the turbulent skin friction varies much more 
with Mach number than does the laminar skin fric- 
tion; therefore, this contributes to  the less than desir- 
able accuracy in predicting configuration axial force 
with codes that do not take into account local Mach 
number variations. 

The right side of figure 4(b) shows the two avail- 
able angle-of-attack sweeps from the shock tunnel a t  

widely different Reynolds numbers. Correlation with 
the GHABAP shows that the lower Reynolds num- 
ber data may be considered to  have been taken with 
a laminar boundary layer and the higher Reynolds 
number data with a predominantly turbulent bound- 
ary layer. The accuracy of prediction of axial-force 
coefficients for shock tunnel conditions was superior 
to  those for the blowdown tunnel due in part to  the 
knowledge of the precise model wall temperature. At 
Reynolds numbers of the order of lo7 and above, the 
Spalding and Chi turbulent skin friction predictions 
are subject to considerable variation with wall tem- 
perature. This variation is sufficient t o  bring the the- 
oretical estimates up to the experimental points at 
the higher angles of attack for the blowdown tunnel 
data at Rl = 18.45 x lo6 (fig. 4(b)) if the unrealistic 
low wall temperature of 80°F is assumed (ref. 10). 

Lift 
The lift coefficients for the present wing-body 

concept are presented in figure 4(c) with GHABAP 
estimates. Little difference may be seen between 
Reynolds numbers in the same test facility and/or 
between facilities except at the highest shock tun- 
nel Reynolds number. Predictions by the GHABAP 
tend to  overpredict the lift, particularly a t  the higher 
angles of attack. This overprediction is partially be- 
cause of the inability of the program to accurately 
account for the effective airfoil geometry changes due 
to  boundary-layer buildup. Two-dimensional calcu- 
lations have shown that the addition of displacement 
boundary-layer contours to  a wedge-slab-wedge air- 
foil will not only increase the pressure axial force and 
augment the skin friction but will slightly reduce the 
normal force. Both of these forces contribute to  a 
decrease in lift coefficient a t  a given angle of attack, 
which results in a lower lift-curve slope. 

Drag 
Comparisons of experimental drag coefficients 

and estimates by the GHABAP are presented in fig- 
ure 4(d) for all test Reynolds numbers. Because drag 
is a combination of normal force and axial force and 
the prediction of normal force was superior t o  axial 
force, the difference between theory and experiment 
was due primarily to the errors in the axial-force pre- 
diction. The shock tunnel results were better pre- 
dicted than the blowdown tunnel results, particularly 
a t  the lower angles of attack. 

Lift-Drag Ratio 
The lift-drag ratios for z!1 tests are presented in 

figure 4(e) plotted against angle of attack. All es- 
timates by the GHABAP were higher than the ex- 
perimental data except the turbulent estimate for 
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the shock tunnel test at the lower Reynolds num- 
ber. This overprediction is again primarily due to  
the inaccurate axial-force predictions that,  in turn, 
were due to  a variety of reasons discussed previously, 
including the lack of knowledge of the model wall 
temperature distribution, the assumption within the 
computer program that the flow on the model is al- 
ways streamwise for pressure calculations and lon- 
gitudinal on the model with no cross flow for skin 
friction estimates, and inadequate estimates of in- 
duced pressure effects. Also, local areas of transition 
and/or separation were not taken into account by the 
present computer program. 

Pitching Moment 
Pitching moments are presented in figure 4(f) for 

the various Reynolds numbers. The experimental 
data exhibited a degree of stability a t  angles of at- 
tack up to  about 4’ where the configuration became 
neutrally stable and then showed a slight pitch-up 
at the highest test angles of attack. The theoret- 
ical estimates by GHABAP underpredicted the ex- 
periment a t  all angles of attack but did predict the 
correct slope at  the lower angles of attack. Addi- 
tional experimental testing will be required to deter- 
mine the reason for the undesirable change in the 
slope of the pitching-moment curve with angle of at- 
tack. As mentioned in the section “Theoretical Meth- 
ods,” the results obtained from the GHABAP are a 
function of which options for pressure versus flow de- 
flection were selected. Presented in figure 5 are ex- 
perimental pitching-moment data at various Mach 
numbers on the present wing-body configuration 
compared with inviscid estimates from the GHABAP 
using two different pressure versus flow deflection op- 
tions. The upper portion of figure 5 shows the results 
of pitching-moment calculations with the tangent- 
cone option on the fuselage and the shock-expansion 
option on the wings and strakes, and the bottom por- 
tion of figure 5 shows the tangent-cone option on the 
forward fuselage and strakes and the tangent-wedge 
option on the wings and aft fuselage. For Mach 6 the 
tangent-conelshock-expansion option used in refer- 
ence 1 overpredicted the experimental data about as 
much as the tangent-cone/tangent-wedge (TC/TW) 
option underpredicted it. The TCITW option was 
superior a t  M = 8 and was used in both reference 2 
and the present report. The inset plan views show 
the regions of the model, both upper and lower sur- 
faces, covered by the respective pressure distribution 
options. 

It may be concluded that the tailoring of a specific 
pressure distribution option scheme in the GHABAP 
can make possible the reasonable prediction of pitch- 
ing moments on a specific model under a given set of 

flow conditions, but no assurance can be assumed for 
the same model under another set of flow conditions. 

The GHABAP estimates, however, do show that 
the pitch stability is reduced with increasing Mach 
number. The present experimental data indicate that 
the change in pitching moment with Mach number is 
less than predicted. Reference 15 shows similar sta- 
bility results on the delta-wing X-15 concept tested 
in the same wind tunnels from which the data in fig- 
ure 5 were obtained. Additional experimental data at 
Mach numbers up to 6 may be found in reference 16, 
along with theoretical estimates, on a similar hyper- 
sonic cruise concept. These data were obtained on 
a larger cast aluminum model with less dimensional 
accuracy than the present machined model. 

Comparison of Experiment and Theory at a 
Constant Angle of Attack 

In parallel with the study carried out in refer- 
ence 2, a series of tests was carried out at a con- 
stant angle of attack of 3’ through the widest possi- 
ble range of Reynolds number in the Langley 20-Inch 
Mach 6 Tunnel. Two data points were also avail- 
able from the Calspan Hypersonic Shock Tunnel a t  
M = 6.13 and 6.58. 

The normal-force and axial-force coefficients from 
these tests are presented in figure 6 and compared 
with theoretical estimates utilizing both laminar and 
turbulent skin friction generated by the GHABAP. 
The normal-force coefficient is essentially indepen- 
dent of Reynolds number, a conclusion also deter- 
mined at  M = 8 in reference 2. The small decrease 
in normal-force coefficient with Reynolds number was 
due to  the increase in test Mach number with stag- 
nation pressure. The effect of Reynolds number re- 
ductions is primarily one of the thickening of the 
boundary layer. As boundary layers tend to  effec- 
tively alter the surface contours of the configuration, 
there is an accompanying variation in the surface 
pressures. These surface pressure variations always 
increase the axial force but show minimal effect on 
normal force at low angles of attack because pres- 
sures are induced on both upper and lower surfaces. 
Excellent predictions of the normal-force coefficients 
on the wing-body configuration with Reynolds num- 
ber by the GHABAP are shown. The tangent- 
coneltangent-wedge pressure distribution options as 
illustrated in figure 5 were used for these estimates. 
The tangent-cone/shock-expansion options produced 
slightly lower normal-force coefficients. 

As the Reynolds number was reduced during 
these tests, the aerodynamic forces were also reduced 
because of the decrease in dynamic pressure, which 
is a function of both the stagnation pressure and the 
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measured average Mach number. Plots of the tun- 
nel parameters for the tests at cr = 3’ in the Langley 
20-Inch Mach 6 Tunnel are shown in figure 8. The 
Mach numbers shown were derived from the stag- 
nation pressures shown and a pitot pressure taken 
prior to  the force balance measurements for each data 
point. The pitot probe was located in the test sec- 
tion at  a point determined by wide range calibra- 
tions to  give an average Mach number at all tun- 
nel stagnation pressures (ref. 17). Thus, there was 
about a 0.23 variation in Mach number from the 
lowest to  the highest Reynolds number, which cor- 
responded to  about an 8-percent change in dynamic 
pressure caused by Mach number variations alone. 
It is worth noting that the scatter in the measured 
Mach numbers with Reynolds number is greater than 
in the normal-force coefficients, which are sensitive 
to not only Mach number but to  the accuracy of 
the measurement of pressures and of the setting of 
the angle of attack. This imparts additional confi- 
dence that the Mach number measurement was ac- 
curate and that the independence of normal-force co- 
efficient with Reynolds number is a valid conclusion. 
These observations indicate that the use of a stan- 
dardized model of known aerodynamic characteris- 
tics with Mach number might be used for wind-tunnel 
calibration where the average Mach number is de- 
sired and time is unavailable for customary lengthy 
pitot pressure distribution measurements and inte- 
gration procedures. 

The axial-force coefficient a t  a constant angle of 
attack of 3’ is shown in the bottom plot of figure 6. 
Theoretical estimates using the GHABAP are pre- 
sented for comparison with the experimental data. 
Estimates were made for the inviscid axial-force co- 
efficient which decreases slightly with Reynolds num- 
ber only because the tunnel average Mach number 
increased as the stagnation pressure was increased 
to make possible tests at higher Reynolds numbers. 
The increments in axial-force coefficient due to  the 
wing leading and trailing edges were made as de- 
scribed in the section “Theoretical Methods.” The 
curves for total laminar theory are the sum of the in- 
viscid, leading- and trailing-edge increments and the 
GHABAP estimates of laminar skin friction, induced 
pressure, and viscous interaction. A comparison of 
these program-generated laminar parameters and a 
more precise but laborious method may be found in 
reference 2. The curves for total turbulent theory are 
the sum of the inviscid, leading- and trailing-edge in- 
crements, and GHABAP estimates of turbulent skin 
friction by the Spalding and Chi method. 

A comparison of experimental axial-force coeffi- 
cients a t  cr = 3 O  with the theoretical estimates in 

figure 6 indicates that the Mach 6 tunnel data were 
recorded on a model that  was experiencing a predom- 
inance of turbulent-boundary-layer flow. The sin- 
gle data point a t  cr = 3’ from the Calspan shock 
tunnel a t  a low Reynolds number appears to  have 
been recorded with a predominance of laminar flow. 
The data point a t  a high Reynolds number from the 
Calspan tests, on the other hand, appears to  have ex- 
perienced turbulent flow. With the exception of the 
data point at a high Reynolds number from Calspan, 
all data were underpredicted. Part of this underpre- 
diction may well be an inaccurate estimate of the 
inviscid axial-force coefficient at cr = 3O. As previ- 
ously discussed, there is no way that this estimate 
can be substantiated. The lack of induced pressure 
and viscous interaction estimates for the turbulent 
estimates and the simplified program estimates for 
the laminar estimates could also contribute to the 
underpredict ions. 

. The apparent early transition that occurred on 
the model during tests in the Langley 20-Inch Mach 6 
Tunnel is a subject for future study and present 
speculation. It is known that the transition Reynolds 
number can be decreased by a variety of phenomena 
including 

Tunnel noise emanating from wall 
boundary layer 

Tunnel noise emanating from upstream 
turbulence in settling chamber 

Tunnel size decrease 
Tunnel wall temperature increase 
Model wall temperature increase 
Unit Reynolds number decrease in 

Mach number decrease above M E 3 
Leading-edge sweep increase 
Leading-edge and nose-diameter decrease 
Tests in the M = 1 to  3 region 
Surface roughness 

given tunnel 

Detailed discussions of transition at hypersonic 
speeds may be found in references 17 to  23. It is 
not known how many of these or other more obscure 
transition factors affected the present blowdown tun- 
nel data. Further, different Reynolds number tests 
on configuration-type models in a variety of facilities 
may be needed to  resolve the question. The result- 
ing lift, drag, and lift-drag ratio obtained by resolving 
the normal and axial forces of figure 6 at an angle of 
attack of 3O are presented in figure 7. The estimates 
of lift and drag coefficients by the GHABAP follow 
the same trends as did the predictions of normal- 
and axial-force coefficients in figure 6. The prediction 
of lift-drag ratio tends to  smooth out the variations 
between the experiment and theory such that the 
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overpredictions for the blowdown tunnel hot wall 
tests varied only from ahout 4 to  5 percent, and vari- 
ations for the Calspan cold wall tests were somewhat 
less. 

Conclusions 
An analysis of experimental data for a hydrogen- 

fueled, blended wing-body hypersonic transport 
concept from a conventional wind tunnel and a shock 
tunnel at  a Mach nuniber of about 6 through a range 
of Reynolds number (based on fuselage theoretical 
length) froin 1.577 x lo6 to about 55.36 x lo6 leads 
to  the following conclusions: 

1. There were only slight variations of normal- 
force coefficients with Reynolds number through an 
angle-of-attack range of -1" to 8" in the blowdown 
tunnel with hot model wall conditions. 

2. Gentry's Hypersonic Arbitrary-Body Aerody- 
naniics Program (Mark 111 Version) (GHABAP) pro- 
vided good theoretical predictions of the normal- 
force coefficients with angle of attack and with 
Reynolds nuinber, particularly a t  anticipated cruise 
angles of attack, that is, 2" to  5". 

3.  All tests conducted in the Langley 20-Inch 
Mach 6 Tunnel and the high Reynolds number test 
in the Calspan Hypersonic Shock Tunnel appeared 
to  have been made with predominantly turbulent 
boundary-layer conditions. 

4. The accuracy of the GHABAP estimates of 
the inviscid axial-force coefficients could not be 
determined. 

5. The GHABAP underestimated all axial-force 
data at  low angles of attack when turbulent skin 
friction was assumed, except for the high Reynolds 
number cold wall shock tunnel data. 

6. The GHABAP underestimated the axial-force 
coefficients of the low Reynolds number cold wall 
Calspan test while using laminar skin friction, plus 
the induced pressure and viscous interaction options. 

7. Pitching-moment coefficients cannot be pre- 
dicted reliably with the present GHABAP methods, 
although the program does predict the trends with 
Mach number. 

NASA Langley Research Center 
Hampton, Virginia 23665-5225 
June 18, 1987 
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Table I . Geometric Characteristics of Model 

Wing: 
Reference area (includes area projected to fuselage centerline). in2 . . . . .  70.00 
Exposed area outboard of strakes. in2 . . . . . . . . . . . . . . . . . .  30.23 

Wetted area. in2 . . . . . . . . . . . . . . . . . . . . . . . . . . .  60.42 
Span. in . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  9.730 
Aspect ratio . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  1.353 
Root chord (on fuselage centerline). in . . . . . . . . . . . . . . . . .  13.086 
Tip chord. in . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  1.308 
Taper ratio . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  0.099 
Mean aerodynamic chord of total wing. in . . . . . . . . . . . . . . . .  8.810 
Sweepback angle, deg of- 

Leading edge . . . . . . . . . . . . . . . . . . . . . . . . . . .  65.0 
25-percent chord line . . . . . . . . . . . . . . . . . . . . . . . .  56.99 

Dihedral angle (airfoil mean line). deg . . . . . . . . . . . . . . . . . . .  0 
Incidence angle. deg . . . . . . . . . . . . . . . . . . . . . . . . . . .  0 
Thickness ratio of wing airfoil section (see fig . 1) at - 

Exposed root . . . . . . . . . . . . . . . . . . . . . . . . . . .  0.03 
Tip . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  0.03 

Fuselage centerline chord . . . . . . . . . . . . . . . . . . . . . .  0.003 
Tip . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  0.003 

Trailing-edge height . . . . . . . . . . . . . . . . . . . . . . . . .  0.006 

Trailing edge . . . . . . . . . . . . . . . . . . . . . . . . . .  - 15.4 

Leading-edge radius. in., at  ~ 

Center fin proposed (vertical tail): 
Area (exposed), in2 . . . . . . . . . . . . . . . . . . . . . . . . .  12.399 
Span (exposed), in . . . . . . . . . . . . . . . . . . . . . . . . . . .  3.672 
Aspect ratio of exposed area . . . . . . . . . . . . . . . . . . . . . .  1.09 
Root chord (fuselage surface line). in . . . . . . . . . . . . . . . . . . .  5.353 
Tip chord, in . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  1.390 
Taper ratio . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  0.259 
Mean aerodynamic chord of exposed area. in . . . . . . . . . . . . . . .  3.759 
Sweepback angle. deg. of ~ 

Leading edge . . . . . . . . . . . . . . . . . . . . . . . . . . . .  60 
Trailing edge . . . . . . . . . . . . . . . . . . . . . . . . . . .  -30 

Tip . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  0.06 
Root . . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  0.06 

Leading-edge radius, in . . . . . . . . . . . . . . . . . . . . . . . . .  0.003 

Thickness ratio of fin airfoil section at ~ 

Fuselage: 
Length of theoretical model, in . . . . . . . . . . . . . . . . . . . . .  25.92 
Length of test model. in . . . . . . . . . . . . . . . . . . . . . . . .  23.61 
Maximum height, in . . . . . . . . . . . . . . . . . . . . . . . . . .  1.428 
Maxiniiim width excluding strakes. in . . . . . . . . . . . . . . . . . .  2.856 
Nose radius, in . . . . . . . . . . . . . . . . . . . . . . . . . . . .  0.003 
Fineness ratio of equivalent round body (excluding strakes) . . . . . . . .  13.0 



Base area. in2 . . . . . . . . . . . . . . . . . . . . . . . . . . . .  1.710 

Complete model (excluding vertical tail and engine): 
Planform area of theoretical model. in2 . . . . . . . . . . . . . . . .  100.541 

Planform area of test model. in2 . . . . . . . . . . . . . . . . . . .  98.268 
Aspect ratio of theoretical-model planform . . . . . . . . . . . . . . .  0.942 
Aspect ratio of test-model planform . . . . . . . . . . . . . . . . . .  0.963 
Wetted area. approximate. in2 

Model scramjet engine (proposed): 

. . . . . . . . . . . . . . . . . . . . . .  225.0 

Frontal area. 2 percent wing area. in2 . . . . . . . . . . . . . . . . . .  1.40 
Chord ratio of width to  height . . . . . . . . . . . . . . . . . . . . . .  4.8 

Volume of test model. in3 . . . . . . . . . . . . . . . . . . . . . . . .  54.70 

V 2 j 3 / S P  (test model) . . . . . . . . . . . . . . . . . . . . . . . . . .  0.146 
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Table 11. Cross-Sectional Dimensions of Fuselage 

[All values are in inches] 

X I 1  

.067 

.133 
,200 
,267 
.333 
.400 
.467 
.533 
.600 
,667 
.700 
.733 
,767 
300 
333 
.867 
,900 
.933 
.967 

1.000 

X 
0 
I .  728 
3.456 
5.184 
6.912 
8.639 

10.368 
12.096 
13.824 
15.552 
17.279 
18.144 
19.008 
19.872 
20.736 
21.599 
22.464 
23.328 
24.192 
25.056 
25.920 

H 

,411 
.663 
362 

1.022 
1.151 
1.253 
1.316 
1.379 
1.426 
1.428 
1.426 
1.378 
1.316 
1.253 
1.151 
1.022 
,862 
,663 
,411 

1 

A 
0.396 

.194 

.083 
,025 

1 
1 
1 
1 
1 
1 
1 
1 

.007 

.032 

.076 
,126 
.180 
,230 
.284 
,338 
,396 

.ad. B 
0 
1.508 
2.436 
3.164 
3.751 
4.233 
4.597 
4.828 
5.058 
5.234 
5.242 
5.234 
5.058 
4.828 
4.597 
4.223 
3.751 
3.164 
2.436 
1.508 

0 

rad. T 

.465 

.752 

.977 
1.158 
1.304 
1.419 
1.491 
1.562 
1.616 
1.618 
1.616 
1.562 
1.491 
1.419 
1.304 
1.158 
.977 
.752 
.465 

0 

0 

.ad. US 

.084 

.389 

.457 
,533 
.547 
.590 
.644 
.634 

a.522 
a .392 
a .389 
a .432 
a .457 
a.529 
a.601 
0 

0 
.ad. LS 

0 
.632 

1.264 
1.897 
2.529 
3.161 
3.791 
4.424 
5.058 
5.234 

a d .  E 
0 

,103 
.166 
.216 
.255 
.288 
.313 
.329 
.345 
.357 
357 
.356 
.345 
329  
.313 
.288 
.256 
.216 
,166 
. lo3 

0 

sa 
.lo1 
.163 
.212 
.251 
.283 
.308 
.324 
.339 
.353 
.351 
.342 
.313 
.281 
.245 
,198 
.117 

1 
SW 

.084 

.154 

.216 

.274 

.332 

.383 

.429 

.465 
b1.014 
b1.819 
b2.224 
b2.676 
b3.141 
b3.607 
b3. 174 
2.485 

0 
-ad. W 

1.440 
3.870 
4.320 
1.800 
1.080 
1.800 
2.016 
2.808 

"Fairing to wing. 
"Distance to leading edge or tip. 
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Reference line 

Figure 2. Detail of fuselage cross section and strake design. Dimensions are listed in table 11. 
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Figure 4. Concluded. 
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Figure 5. Comparison of experimental pitching moments with estimates from GHABAP using different pressure 
distribution methods. 
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