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SUMMARY

Afterbody and nozzle pressures
measured on a 1/12-scale model and in
flight on a twin-jet fighter aircraft
were compared as Mach number varied from
0.6 to 1.2, Reynolds number varied from
17.5 million to 302.5 million, and angle
of attack varied from 1° to 7°.

At Mach 0.6 and 0.8, nozzle pressure
coefficient distributions and nozzle
axial force coefficients agreed and
showed good recompression.

At Mach 0,9 and 1.2, flow complex-
ity caused a loss in recompression
for both flight and wind tunnel nozzle
data. The flight data exhibited less
negative values of pressure coefficient
and lower axial force coefficients than
did the wind tunnel data. Reynolds
number effects were noted only at these
Mach numbers. Jet temperature and mass
flux ratio did not affect the compari-
sons of nozzle axial force coefficient.

At subsonic speeds, the levels of
pressure coefficient distributions on the
upper fuselage and lower nacelle surfaces
for flight were less negative than those
for the model.

The model boundary layer thickness at
the aft rake station exceeded that for
the forward rake station and increased
with increasing angle of attack. The
flight boundary layer thickness at the
aft rake station was less than that for
the forward rake station and decreased
with increasing angle of attack.

INTRODUCTION

Integrating a propulsion system into
a new twin-jet fighter aircraft continues
to require extensive development efforts.
Blending the inlets and nozzles with the
airframe frequently creates flow inter-
ferences not amenable to analytical pre-
diction and for which experimental data
may be lacking. 1In the nozzle-afterbody
region, several factors contribute to
flow interference. They include close

nozzles, afterbody, and

geometry and sensitiv-
ity of the local flows to Mach number,
Reynolds number, angle of attack, and the
hot jet efflux are additional factors.
Similar flow complexities exist in the
inlet forebody region. Accordingly,
experimental research programs are neces-—
sary to acquire a better understanding of
propulsion system and airframe flow
interference.

proximity of the
tails. Variable

To improve the technology base for
future fighter aircraft and to acquire a
better understanding of propulsion system
and airframe flow interference, the U.S.
Air Force and NASA have completed an
experimental program involving wind tun-
nel tests using subscale F-15 airplane
models and flight tests with the full-
scale F-15 airplane. The objective was
to create data bases from which compari-
sons of wind tunnel and flight test data
could be made. Reference 1 presents
selected results of the overall program,
and reference 2 presents a comparison
of measurements made in the inlet air-
frame region.

For the nozzle-afterbody region, wind
tunnel tests were conducted at the NASA
Langley Research Center using a propul-
sion model, and flight tests were con-
ducted at the Dryden Flight Research
Facility of the NASA Ames Research Center.
The tests were carefully coordinated so
that the test configurations, instrumenta-
tion locations, and test conditions of
the model and aircraft were as similar as
possible, This was done to reduce dif-
ferences in the test results that could
be attributed to these factors. Refer-
ences 3 to 7 present results from the
model and flight tests of the nozzle and
afterbody region that were previously
obtained from this program. Tests were
also conducted in a water tunnel using a
separate flow visualization model to
provide additional test data.

The purpose of this report is to com-
pare and analyze model and flight data
obtained for the nozzle and afterbody



regions of the F-15 airplane. These data
include surface pressures on the aft
fuselage and nozzle, boundary layer sur-
veys on the upper nacelles, and flow
visualization on the upper fuselage.
Excluding the low-speed water tunnel
tests, the Mach number range of the cor-
relation extended from 0.6 to 1.2 over an
angle-of-attack range of 1° to 7°., The
test Reynolds number range extended from
17.5 million for the propulsion model to
302.5 million in flight, based on the
length of the fuselage. Sideslip angle
was essentially zero.

To provide a range of test values,
several nozzle boattail angles were in-
cluded in the comparison. At subsonic
speeds, the largest boattail angle was a
nominal 18.4°, corresponding to the dry
or military power throttle setting and
the smallest opening at the nozzle exit.
Also included was a nominal boattail
angle of 15.1°, corresponding to a low
afterburning throttle setting and a
larger nozzle opening. At Mach number
M = 1,2, the boattail angle was a nom-
inal 7.7°, corresponding to a higher
afterburning throttle setting and a
still larger nozzle opening. Nozzle
pressure ratio varied from unity (jet
off) to about 7. The effects of the
major test variables on each compari-
son were systematically investigated
and analyzed.

NOMENCLATURE

An projected area in the axial
direction assigned to each of
the 42 nozzle surface pres-
sures, cm2

BTL boattail chord angle of the left
nozzle for airplane, or ter-
minal boattail angle for

model, deg

BTR boattail chord angle of the
right nozzle for airplane, or
terminal boattail angle for
model, deg

C constant

Ca

MFRA

MFRM

M

left nozzle axial force coeffi-
cient referenced to wing area,

42 X A —)
__E‘.____“
nz-—-

pressure coefficient,

pressure coefficient at sonic
speed,

2)3.5

0.7547 (1 + 0.2M - 1.4286

2

(-]

M

average value of pressure coef-
ficient, for either first or
last nozzle orifice

fuselage station, cm

height of boundary layer rake
probe above fuselage sur-
face, cm

pressure altitude, geopoten-
tial, m

distance from airplane nose to
end of tailboom, 19.05 m

distance from model nose to end
of tailboom, 158.689 cm

Mach number in boundary layer at
height H

ratio of jet mass flux to free-
stream mass flux, airplane

ratio of jet mass flux to free-
stream mass flux, model

free-stream Mach number; in this
report, also assumed to be the
Mach number at the edge of the
boundary layer



NPRL

Re

Re,

Rep

left nozzle total pressure
divided by P_

surface static pressure, N/cm2

pitot pressure in boundary layer
at height H, N/cm2

free-stream static pressure,
N/cm2

total pressure in the boundary
layer at height H, N/cm2

free-stream total pressure,
N/cm2

pitot pressure ratio in the
boundary layer at height H,

N/cm2

free-stream dynamic pressure,
N/cm2

gas constant
Reynolds number

Reynolds number for airplane,
based on L,

Reynolds number for model, based
on Lp

wing area (airplane, 55.839 m2;
model, 0,3923 m2)

static temperature in boundary
layer at height H, K

total temperature of jet
exhaust, airplane, K

total temperature of jet
exhaust, model, K

static temperature in free
stream; in this report, also
assumed to be the static tem-
perature at the edge of the
boundary layer, K

X/L

Y/L

total temperature in the free
stream, K

local velocity in the boundary
layer at height H, m/sec

free-stream velocity; in this
report, also assumed to be the
local velocity in the boundary
layer at a given boundary
layer thickness 6, m/sec

distance from airplane nose, m,

and distance from model nose,
cm

nondimensional distance from

nose for the airplane (X/Lj,)
and the model (X/Lp)

transverse distance from airplane

plane of symmetry, m, and
distance from model plane of
symmetry, cm

nondimensional transverse dis-
tance from fuselage plane of

symmetry for the airplane
(Y/L,) and for the model (Y/Lp)

angle of attack, deg

ratio of specific heats

incremental change

a measure of average recompres-
sion on the external surface
of the nozzle

boundary layer thickness, cm

circumferential angle around the

left nozzle measured clockwise
when viewed from the rear, deqg

DESCRIPTION OF APPARATUS

16~-Foot Transonic Wind Tunnel

Wind tunnel tests compared in this

report were conducted in the NASA Langley
16=-Foot Transonic Wind Tunnel, which is




a single-return, continuous-flow, atmos-
pheric wind tunnel with a slotted octa-
gonal test section measuring 4.8 m dia-
metrically to midflat centerline. With
the aid of a compressor system, which
draws air out through slots in the test
section for Mach numbers greater than
1.05, the test section airspeed is con-
tinuously variable from subsonic speeds
up to Mach 1.3, Additional details of
the wind tunnel and its operation are
given in reference 8.

Propulsion Model

Figure 1 is a photograph of the
1/t2-scale F-15 aircraft propulsion
model mounted on a strut in the NASA
Langley 16-Foot Transonic Wind Tunnel,
and figure 2 shows geometric details of
the model. Room-temperature air at high
pressure was used to simulate the jet
exhaust. The air was ducted through the
support strut, routed internally in the
model, and exhausted through the test
nozzles., There was no inlet flow through
the model; fairings were placed on the
model where the inlets were normally
located on the airplane. The model was
tested with and without a noseboom,
afterburner fuel vent fairings, nozzle
flap actuator fairings, and a 0.127-cm
step upstream of each nozzle simulating
the engine bay vent on the airplane.

The model contained a six-component
afterbody balance that measured the net
force and moment on all surfaces down-
stream of the metric break (fig., 2),
including the afterbody, test nozzles,
and tail surfaces.

Figure 3 is a photograph illustrat-
ing afterbody details and the dry, or
military, power nozzles. The afterbody
consists of closely spaced nozzles,
widely spaced tailbooms, and large ver-
tical and horizontal tail surfaces. A
wedge-shaped interfairing is located
between the two nozzles. The wedge has
a 20° included angle and terminates close
to the exit plane of the nozzle. The
development of this configuration is
discussed in reference 9. Additional

details of the model are given in refer-—
ences 3 and 7.

Figure 4 shows geometric details of
the three test nozzles used in the cor-
relation: the military power nozzle
(fig. 4(a)) with a terminal boattail angle
of 18,4° and the two partial afterburning
power nozzles with terminal boattail angles
of 15.1° (fig, 4(b)) and 7.7° (fig. 4(c)).
The internal geometry and area ratio of
these nozzles simulated those for the full-
scale nozzles,

F-15 Airplane

The F-15 is an air-superiority
fighter airplane capable of transonic
cruise and supersonic dash to speeds
greater than Mach 2. Distinguishing air-
plane features include a high-mounted
sweptback wing, twin vertical stabili-
zers, and a large horizontal stabilator.
A photograph and a three-view drawing of
the airplane are shown in fiqures 5 and
6, respectively. The variable-geometry
inlets use horizontal ramps mounted
at the wing level. Each inlet is
automatically controlled using inde-
pendent controllers; however, the left
inlet was manually controllable in the
test airplane.

The powerplants for the F-15 airplane
are two prototype Pratt and Whitney F100-
PW~-100 engines that are twin-spool,
afterburning turbofans in the 110,000-N
thrust class. Both the fan and the com-
pressor use variable geometry for high
performance and distortion attenuation.
The nominal bypass ratio is approximately
0.7 for military (maximum nonaugmented)
power at sea-level, standard-day condi-
tions. The engine controls consist of a
hydromechanical unit and a supervisory
digital control unit.

Figure 7 is a rear-view photograph
of the F-15 airplane. Exhaust nozzles
are variable geometry with a convergent-
divergent internal flow path. To vary
the nozzle geometry, the engine control
continuously maintains a scheduled rela-



tionship between the throat area and the
ratio of the exit area to the throat
area. Nozzle surfaces consist of vari-
able flaps and seals that slide in a cir-
cumferential direction to maintain a
circular internal path at the throat and
exit as the geometry is varied.

Details of the nozzle geometry are
shown in figure 8., The three-dimensional
fuselage surface ends at nondimensional
distance X/L = 0.886. Aft of this sta-
tion, the exposed nozzle is axisymmetric.
The nozzle is fixed geometry forward of
X/L = 0.900 where the terminal angle is
13.2°, Nozzle geometry varies with power
setting downstream of X/L = 0.900. This
variation results in a discrete change
in nozzle external shape at X/L = 0.900.
The nozzle boattail angle ranges from
about 18.4° at military power to about
1° to 2° with full afterburning power.

In determining the nozzle boattail
angle, the nozzle flaps are assumed to
be straight lines. Additional F-15 air-
plane details are given in reference 6.

Comparison of Propulsion Model
and Airplane

Although the overall program was
closely coordinated, there were some
unavoidable differences between the pro-
pulsion model and the airplane. Figure 9
compares the model and airplane inlets.
For the model (fig. 9(a)), the inlet was
replaced with a fairing that extended
forward on the forebody. Figures 9(b)
and 9(c) show one of the airplane's
inlets and its external variable geom~
etry, which consisted of a variable-
angle cowl and a two-position bypass
door. The model inlet simulated an
undeflected cowl; therefore, as shown
in figure 9(c), flight tests were made
with the cowl aligned with the nacelle
surface and with the bypass door closed.

Photographs of the engine compartment
vent on the airplane and its simulation
on the model are shown in figure 10. The
model simulated the rearward-facing step
created by the vent but did not simulate

the flow exiting from the vent and flow-
ing downstream over the nozzle. As pre-
viously mentioned, the model jets simu-
lated the airplane's hot jet exhaust with
room-temperature air.

Figure 11 compares the airplane and
model nozzle external surfaces. The
wind tunnel model nozzles were smoothly
machined, whereas the airplane nozzle
had variable flaps and seals., The flaps
and seals resulted in gaps near the
trailing edge that varied with nozzle
boattail angle.

Flow Visualization Model

Because the differences in the inlet
configurations of the propulsion model
and airplane were thought to affect the
boundary layer profiles on the upper
fuselage, a flow visualization study was
conducted. The 1/48-scale flow visual-
ization model of the F-15 airplane used
in reference 10 was suitably modified to
simulate the propulsion model and the
airplane. Figure 12(a) shows the faired-
inlet configuration, and figure 12(b)
shows the flowing-inlet configuration.
With the inlet fairing installed, there
was no internal flow. The model was
equipped with surface orifices through
which various colored dyes were ejected
from inside the model to flow downstream
over the fuselage surface, thus illus-
trating the flow patterns.

INSTRUMENTAT ION

Figure 13 shows the locations of the
surface pressure orifices on the upper
and lower fuselage of the model and air-
plane. The locations are shown in terms
of nondimensional distances X/L, measured
downstream from the nose, and Y/L, meas-
ured from the plane of symmetry. Table 1
lists the locations in tabular form and
shows the good agreement between the model
and airplane for surface pressure orifice
locations. Note that on the upper na-
celle, the airplane had four more orifices
than the model. These were installed for
the companion inlet-airframe interactions
program (ref. 2).




Figure 13(a) also shows the locations
of the boundary layer rake on each of
the upper nacelles. Drawings and photo-
graphs of the model and airplane rakes
shown in figure 14 display differences
in the rake configurations. The model
rakes (figs. 14(a) and 14(b)) used five
pitot tubes, with the uppermost pitot
tube of each rake about 2.5 cm above the
model surface. This value scales to
about 30.0 cm (when multiplied by 12) to
compare with the airplane rakes. Heights
of the individual pitot tubes varied
slightly between the two model rakes.
The airplane rakes (figs. 14(c) and
14(d)) used 10 pitot tubes, with the
uppermost tube 38.4 cm above the air-
plane surface. The model rakes used
a tube that measured static pressure
at the top of the rake; the tube was
lacking on the airplane rake.

Figure 15 shows the angular loca-
tions of the eight rows of surface
pressure orifices on the left nozzles
of the model and airplane. The axial
locations, in terms of X/L, of the
42 pressure orifices are given in
table 2 for each of the angular rows.
The model and airplane orifice loca-
tions show excellent agreement.

In addition to the fuselage, bound-
ary layer, and nozzle pressures, numer-
ous other parameters were measured
during the model and flight tests.
the model tests, these included the
free-stream parameters, horizontal tail
deflection, and jet nozzle parameters.
For the flight tests, free-stream
parameters, surface deflections, inlet
parameters, and engine parameters were
measured. A detailed discussion of
these measurements is presented in
references 3, 6, and 7.

For

TESTS
Propulsion Model Tests

Two test series were planned and
conducted to obtain pressure distribu-
tions for the model data base. The
first series conducted before the flight

tests yielded a matrix of Mach number and
angle-of-attack test points using several
test nozzles. These were to be matched
during the flight tests. The test points
were attempted in flight, but several
could not be flown because of g limita-
tions and the inability to stabilize

the airplane transonically because of
excess thrust at the partial afterburning
power settings.

Following the flight tests, the sec-
ond model test series was conducted. In
this series the exact test points that
were flown were duplicated in the tunnel
using smaller nozzles. In addition,

a noseboom was added and other model
changes were made to better match the
airplane configuration. The data from
these tests were used in the comparison
presented in this paper.

Model data were taken at Mach 0.60,
0.80, 0.87, 0.90, and 1.2. Data were
obtained with the boundary layer rakes
mounted and removed. Model angle of
attack varied from -2° to 7°., The ratio
of jet total pressure to free-stream
static pressure was varied from 1, jet
off, to about 7. Horizontal tail or
stabilator angle varied from 2.5° to
-4,0° leading edge down. For the com-
parison, data at horizontal tail angle
settings of -2°, 0°, and 2° were used.
Reynolds number varied from 17.5 million
to 21 million for the Mach number range
tested. Force and moment data were not
obtained. Additional test information
is given in references 3 and 7.

Flight Tests

Although the Mach number range for
this comparison is 0.60 to 1.2, the
flight test Mach number range extended
from 0,60 to 2.0 (ref. 6). The flight
tests were conducted to obtain quasi-
steady-state data to match the model
data. To aid the pilot in stabilizing
on a test point, in-flight measurements
of airplane parameters were transmitted
in real time by way of a telemetry down-
link to the ground-station computer.
Ground-computed parameters in real time



were uplinked to the pilot's console,
allowing him to make rapid corrections
to his flightpath and thus stabilize on
the desired test point. This technique
proved successful in stabilizing Mach
number, altitude, angle of attack, and
angle of sideslip at the desired values.
Details of this technique are given in
reference 11.

To achieve a variation in Reynolds
number, nominal test altitudes of 6100,
10,700, and 13,700 m were flown. As
shown in fiqure 16, the flight test
Reynolds number range for the data
presented herein extended from less
than 80 million to 302.5 million. Com-
paring the Reynolds number test ranges
for model and flight reveals the large
range in Reynolds number that existed
for the comparison.

The boattail angle of the instrumen-
ted left nozzle was calculated in real
time in the ground-station computer using
the downlinked measurement of the nozzle
throat area. This value was then up-
linked to a pilot display. The relation
between boattail angle and throat area
was obtained from a ground calibration
prior to the flight tests. For each test
point, the pilot set the left nozzle
boattail angle by adjusting the throttle
and observing his display. Figure 17
shows typical variations of test values
of the left nozzle boattail angle as a
function of Mach number. The four boat-
tail angles are identified by the hori-
zontal lines designated as 18.4°, 14,6°,
9.5°, and 7.7°. From a free-stream Mach
number M, of 0.6 to 1.2, with a boat-

tail chord angle BTL of 18.4°, 14.6°,
and 7.7°, the data show the pilot was
able to set the boattail angle to within
%p.5° of the target values the majority
of the time.

In most cases the right engine power
settings, and hence the nozzle boattail
angle, closely matched those for the left
engine. Although the nozzle pressure
ratio was systematically varied in the

wind tunnel tests, this was not possible
for the flight tests. The ratio was
generally fixed by the test point. Fig-
ure 18, obtained from reference 6, shows
a typical variation of left nozzle total
pressure (NPRL) with M_ for a number of

test points., The data represent several
boattail angles.,

The left inlet cowl was set to 0° and
the bypass door closed to simulate the
faired-inlet configuration of the model.
However, the right cowl and bypass door
were in the automatic control mode, sub-
jecting the upper fuselage flow field to
slight geometric asymmetry.

In flying the test points, the sta-
bilator and rudders were varied as
required. The average stabilator posi-
tion varied from 2.1° leading edge up to
3.2° leading edge down, and the average
rudder trailing edge position varied from
2.5° airplane nose right to 1.4° airplane
nose left.

Water Tunnel Tests

The flow visualization model was
tested in the water tunnel described in
reference 10, The purpose of the tests
was to identify similarities and differ-
ences in the flow patterns on the upper
fuselage caused by the difference in
inlet configurations. Colored dye was
ejected from orifices on the forebody,
nacelle, and wing leading edges to create
flow patterns that were photographed
under steady test conditions. The angle
of attack extended from 0° to 10°, and
the angle of sideslip was 0°, The test
Reynolds number was 40,000, based on the
length of the model.

DATA REDUCTION
Axial Force Coefficient

All data presented in this report
were obtained during stabilized test

conditions. Surface pressures were
reduced to pressure coefficients Cp.




To determine nozzle axial force coef-
ficient, each of the 42 orifices was
assigned the appropriate aft-facing
projected area predetermined from a
nozzle calibration. This area varied
with the nozzle boattail angle. The
axial force coefficient was obtained
by summing the 42 products of the
local area and the pressure coeffi-
cient and then dividing that sum by
the wing area.

Boundary Layer Profiles

Profiles of pitot pressure ratio were
obtained from the boundary layer rakes.
Individual pitot pressures were divided
by the respective free-stream total pres-
sure Py from model or flight test, and

[+ -]

the ratios were plotted as a function of
pitot tube position. To compare model
and flight data, the pitot tube positions
for the model rake were multiplied by 12
because the model was 1/12-scale size,
Both sets of data were compared with a
reference boundary layer profile. This
reference profile was calculated using
the boundary layer thickness obtained
from the flight test condition and an
assumed turbulent velocity distribution.
The derivation of the expression for this
profile is given in the appendix.

Boundary layer thicknesses for the
flight data were obtained from velocity
ratio profiles as discussed in refer-
ence 6, For the model, the thicknesses
were obtained by inspecting the profiles

of pitot pressure ratio since the instru-
mentation was insufficient to calculate
velocity ratio profiles.

Nozzle Pressure Ratio

For the model, nozzle pressure ratio
was obtained by dividing the measured
nozzle entrance pressure by free-stream
static pressure P_. For the airplane,
the appropriate F100-PW-100 engine
status deck was used to obtain nozzle
entrance pressure as well as other
engine parameters, These were obtained
as a function of Mach number, pressure
altitude, and power setting for a given
test point.

Additional discussion of the data
reduction procedures is given in refer-
ences 3, 5, and 6.

UNCERTAINTY
Model

Accuracies of several parameters
obtained in the wind tunnel tests were
determined by the root-sum-square method
for combining errors from independent
sources. The errors are given in the
table below.

Airplane
Reference 6 presents a detailed dis-

cussion and analysis of the estimated
errors for the measured and calculated

Mco
0.60 0.80 0.90 1.2
Parameter
Standard deviation error

M, +0.0017 +0.0016 £0.0016 $0.0019

Ca +0.00009 | *0.00006 +0.00005 +0.00004

Cp +0.009 +0,006 +0.006 +0.004
By, N/cm2 | %0.001 +0.0006 +0.0005 $0.0003
d,, N/em2 | %£0.0014 +0.0014 $0.0014 £0.0016




quantities in flight. The results of
this analysis are summarized in fig-
ure 19, which is a plot of the left

nozzle Cp and left nozzle axial force
coefficient (Ca) errors as functions
of free-stream dynamic pressure q_.

Both errors show a strong dependency
on q,. The errors corresponding to

four nominal test points are shown on
each error curve, The highest errors
occur at low q_, corresponding to low
M, at the higher altitudes (for example,
M, = 0.6 at 10,700 m).

lowest errors occur at high q_, corres-
ponding to flight at high M at the
lower altitudes (for example, M_ = 0,9

at 6,000 m). For these latter con-
ditions, the error in Cp is less than

Conversely, the

00

0.015, while the error in C4; remains

less than 0.0001,
the model errors.

These errors approach

RESULTS AND DISCUSSION
Presentation of Results

The results in this paper are pre-
sented as follows: comparisons of
afterbody pressure coefficient distri-
butions, boundary layer profiles and
thicknesses, and flow visualization.
These are followed by comparisons of
afterbody and nozzle pressure coef-
ficient distributions, pressure coef-
ficient distributions on the nozzle
external surface, recompression on the
nozzle, and nozzle axial force.

To analyze the effects of the
several test variables on the com-
parisons, the data were organized and
plotted so that only one test variable
changed while the other test variables
were relatively constant. Similarities
and differences between the model and
flight data, therefore, became functions
of the particular test variable that
changed. The test variables analyzed in
this way were Mach number, angle of
attack, left nozzle boattail angle and
pressure ratio, and Reynolds number.

The test conditions for the model
and flight data are presented in table 3
for surface pressures and in table 4 for
boundary laver profiles. Table 5 lists
the pitot pressure ratios from the
boundary layer tests., Table 6 lists
the several boundary layer thicknesses
for the flight boundary layer profiles
presented., Table 7 lists the data
figures, content of the figures, and the
test conditions selected from tables 3
and 4 used in each of the figures.
Table 7 aids in relating the plotted and
tabulated data.

Pressure coefficient distributions
on the external surfaces of the after-
body and nozzle are plotted against X/L.
Except for model test points 21 to 25
of table 3, these data were obtained
with the boundry layer rakes removed,
As indicated in reference 7, the addition
of the boundary layer rakes generally did
not change the surface pressure distribu-
tions on the left afterbody and nozzle.

Comparison of Afterbody Pressure
Coefficient Distributions

Afterbody pressure coefficient
distributions from model and flight were
analyzed and interpreted. The local flow
fields were then classified as being
either compression or expansion fields.
The compression or expansion was caused
by interference flows from nearby sur-
faces as well as the local surface curva-
ture. In figqure 20, the flow field clas-
sifications are shown, along with the
adjacent vehicle components influencing
them. On the upper fuselage, the up-
stream expansion field (fig. 20(a)) is
believed to be influenced by the forward
portion of the wing. Farther downstream,
the observed compression field, as inter-
preted, illustrates the effects of the
nacelle curvature and wing trailing edge
shock waves. In the afterbody and nozzle
region, either an expansion-recompression
or an expansion field is indicated.
Interference effects from the tail sur-
faces, tailboom, nozzle interfairings,
afterbody boattailing, and variable~



geometry nozzles all influence the com-
plex flow effects observed. Fiqure 20(b)
shows a similar interpretation for the
lower fuselage.

Effect of Mach Number

The effect of Mach number on the
comparison of afterbody pressure coef-
ficient distributions is shown in fig-
ure 21, Data are presented at angle of
attack a = 1° for BTL ® 18.4° at subsonic
speeds and for BTL = 7.7° at M, = 1.2 for

an NPRL test range of 2.0 to 5.0.

In figure 21(a) the afterbody pres-
sure coefficient distributions for

M, = 0.6 and & ® 1° may be used to illus-

trate the interpretations discussed in
figures 20(a) and 20(b). Thus for the
upper fuselage in figure 21(a), both sets
of data are similar and show the expan-
sion and compression regions between

X/L = 0.456 and X/L = 0.684. These are
followed by the expansion and subsequent
recompression to near ambient pressure
downstream of X/L = 0.900.

The upper nacelle data are similar to
the upper fuselage data downstream of
X/L = 0.530 with the negative gradients
steeper for flight. The greater steep-
ness is believed to be due to the closer
proximity, and therefore stronger influ-
ence, of the expansion field of the
leading edge of the vertical tail. The
flow field for the upper left tailboom
shows a steep recompression to near ambi-
ent pressure at the last orifice. This
is believed to be influenced by the com-
pression field of the trailing edge of
the vertical tail.

The lower fuselage distributions for
model and flight illustrate the expan-
sion-recompression field downstream of
X/L = 0.684., For the lower nacelle, both
sets of data also show a compression
followed by an expansion. The fuel dump
vent at X/LL = 0.800 causes only a slight
effect on the pressure distributions.
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In fiqure 21(b), at M =~ 0.8, the

overall pressure distribution trends for
both sets of data resemble those at
M, = 0.6. On all three upper surfaces,

the reductions in Cp for stations down-

stream of X/L = 0.800 are probably due
to compressibility effects caused by the
increase in free-stream Mach number from
M, ® 0.6 to M_ = 0.8.

On the lower surfaces, the model
data exhibit minimal change from the data
at M, = 0.6. The flight data exhibit

slightly more negative values of Cp than
for M, ® 0.6 at all values of X/L. On

the lower nacelle, flow losses caused
by the fuel dump vent for both sets of
data are increased compared to those at
M, = 0.6.

In figure 21(c), as Mach number
increases to M, ® 0.9, compressibility

effects on the pressure coefficient dis-
tributions are more pronounced. Local
Mach numbers become supersonic over the
upper nacelle and tailboom because the
local flow expansions reduce the Cp

levels below the pressure coefficient
at sonic speed (Cp*). The model data

do not become as negative as the flight
data, The sharp rises in Cp at X/L =

0.870 on the upper tailboom are attrib-
uted to standing shock waves recompress-
ing the flow; this may be partially
caused by the compression field of the
vertical tail. The rise for the flight
data exceeds the rise for the model data,
suggesting a higher local Mach number
immediately preceding the shock wave for
the airplane than for the model.

On the lower fuselage

the flight data exhibit a loss of recom-
pression beyond X/L # 0.800. Other
changes for both sets of data are minimal
except for the flow losses caused by the
fuel dump vent, which increase from those
at M, = 0.8,

at M_ =~ 0,9,



At M, = 1.2 (fig. 21(d)) both sets

of upper fuselage and upper nacelle data
display steeper gradients in Cp relative

to M, * 0.9. The gradients induced by

flow expansion and compression are
increased; those caused by compression
are probably intensified by standing
local shock waves. On the upper tail-
boom the standing shock wave evident at
M_ = 0.9 has disappeared.

(]

On the lower surfaces, both sets of
data also demonstrate steep gradients
similar to those on the upper surfaces.
On the lower fuselage, the flow acceler-
ates downstream of X/I. = 0,684, causing
large reductions in Cpe The expansion

for the flight data exceeds that for
the model data.

Effect of Angle of Attack

The effect of angle of attack on

the comparison of afterbody pressure
coefficient distributions for M_ ~ 0.8 is

shown in figure 22, Data are presented
for angles of attack of 1°, 3°, 5°, and
7° (figs. 22(a) to 22(d), respectively),
at BTL = 18.,4°, and with NPRL ranging
from 2.5 to 3.7. The increase in angle
of attack from 1° to 7° produced the
following results. On the upper fuselage
and nacelle the shapes of the pressure
coefficient distributions for the model
and flight data do not change signifi-
cantly. Upstream of X/L. = 0.800, the
level of Cp decreases with increasing
angle of attack; downstream of X/L =
0.800, a minimal change is noted. On
the upper tailboom, the effect of the
angle-of-attack change is small.

For the lower nacelle, the level
of Cp increases slightly upstream of
X/L = 0,700 for both sets of data. For
the flight data on the lower fuselage,
increasing the angle of attack slightly
increases the level of pressure coeffi-
cient upstream of X/L = 0,800, Simulta-
neously, the aftmost Cp level is reduced

from positive values to negative values.

Effect of Left Nozzle Boattail Angle

Figure 23 presents the effects of
an increase in the left nozzle boattail
angle on afterbody pressure coefficient
distributions for an angle-of-attack
range of 1° to 2° and an NPRL range of
2.5 to 5.0. 1In figures 23(a) and
23(b), data are shown for M_ = 0.6,

illustrating BTL values of 15.1° and
18.4°, respectively. Changes in CP

level are minimal at locations imme-
diately upstream of the nozzle. 1In
figures 23(c) and 23(4), BTL values of
15.1° and 18.4°, respectively, are
presented for M_ = 0.9. The effects

of the boattail angle change are mini-
mal at locations immediately upstream
of the nozzle.

Summary

The effects of the test variables on
the comparison of pressure coefficient
distribution on the afterbody surfaces
are summarized as follows. The Cp pat-

terns for model and flight data are simi-
lar over the Mach number test range. On
the upper surfaces and the lower nacelle
at subsonic speeds, the flight values of
Cp are generally less negative than those

of the model. The effects of the varia-
tions in angle of attack and boattail

angle on the level and trend of afterbody
pressure coefficient distributions are

generally small.

Comparison of Boundary Layer Profiles
and Thicknesses

The effects of Mach number and angle
of attack on the comparison of pitot
pressure ratios, boundary layer profiles,
and boundary layer thicknesses were deter-
mined and are shown in figures 24 and 25.
Data are presented for several boattail
angles in military and partial after-
burning power and an NPRL range of 2.0 to
5.0. For the model data, the measured
heights of the pitot tubes were multi-
plied by 12 to compare them with the

1



flight data. Also shown in these figures
is the reference turbulent boundary layer
profile; its height is the boundary layer
thickness measured in flight.

Effect of Mach Number

The effect of Mach number on boundary
layer profiles and thicknesses for an
angle of attack of approximately 3° is
shown in figure 24. At the forward rake
location (fig. 24(a)) and at M_ = 0.6,

the model, flight, and reference turbu-
lent profiles agree closely. As Mach
number increases, there is increasing
disagreement between the three curves.
At M_ = 0.8 and 0.9, the model data dis-

play higher pitot pressure ratios than
either the flight data or the reference
profile, except near the fuselage sur-
face. At M, = 1.2 the model profile
undergoes a dramatic loss in pitot pres-
sure ratio relative to the flight and
reference profiles. The model boundary
layer thickness is insensitive to Mach
number at subsonic speeds and increases
at M, = 1.2,

As shown in the flight data in
figure 24(a), an increase in M causes
an increased loss in the pitot pressure
ratio in the boundary layer (Pi/th)

relative to a reference turbulent pro-
file, particularly near the surface.
This result suggests flow losses near
the surface in excess of those attribut-
able to a turbulent boundary layer. The
flight boundary thicknesses are rela-
tively insensitive to Mach number.

At the aft rake location (fig. 24(b)),
the model levels of Pj /Py exhibit a
[ ]

greater sensitivity to Mach number than
was the case at the forward rake. The
model profiles have the lowest levels of
Pi/Pt°° relative to the flight and turbu-
lent profiles for all test Mach numbers
and show an increasing departure from a
turbulent shape as M increases from 0.6

to 1.2, The trend of Pi/Pt°° above 24 cm
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shows that interference effects from the
fuselage flow field are negligible at
M_ = 0.6 and increase slightly as M

increases from 0.8 to 1.2. The flight
pitot pressure profiles have a turbulent
boundary layer shape and display an
increasing loss relative to the reference
turbulent profiles with an increase in
Mach number. The thicknesses for the
model data do not change as Mach number
is increased. The flight data display

a small decrease in thickness as Mach
number is increased. The model data
thickness exceeds that for flight at

all Mach numbers.

Effect of Angle of Attack

Figure 25 presents the effect of
angle of attack on boundary layer pro-
files and thickness for M = 0.8. 1In

figure 25(a), at the forward rake loca-
tion, profiles for model and flight show
reasonable agreement with the reference
turbulent profile as angle of attack
increases from 1° to 7°., At a = 7°,
interference from the fuselage flow
field reduces Pi/Pt°° above a height of

24 cm for the flight data (ref. 6).
Boundary layer thickness for the model is
constant with increasing angle of attack,
but the thickness for flight decreases
with increasing angle of attack above 3°,
At an angle of attack of 7°, the thick-
ness for the flight is less than the
model thickness.

As shown in figure 25(b), both sets
of data indicate that angle-of-attack
effects on the aft rake exceed those on
the forward rake. As angle of attack
increases, the model profiles increas-
ingly fall below the reference turbulent
and flight profiles. This indicates flow
losses near the model surface exceeding
those for a turbulent boundary layer.
With increasing angle of attack, bound-
ary layer thickness increases markedly
for the model. The flight profiles have
a turbulent shape and agree with the
reference profiles throughout the angle-



of-attack range. Interference effects
from the fuselage are noted at a = 3°
and 7°, and thickness decreases as angle
of attack increases from 3° to 7°.
Reference 6 presents additional data on
boundary layer thickness measured in
flight.

Summary

Mach number and angle of attack
affected the model boundary layer pro-
files and thicknesses more than for
the flight profiles and thicknesses at
both rake stations. For the model, an
increase in Mach number reduced Pi/th

near the fuselage surface for both rakes.
An increase in angle of attack had a
similar effect on the aft rake. The
boundary layer thickness at the aft rake
station exceeded that for the forward
rake station and increased markedly with
angle of attack.

For the flight data, an increase in
Mach number reduced the level of Pi/Ptm

for both rakes, but the effect was less
than that for the model data. An in-
crease in angle of attack from 3° to 7°
reduced boundary layer thickness for both
rakes, an effect opposite of that for the
model., Boundary layer thickness at the
aft rake station was less than that for
the forward rake station and, relative to
scale, was considerably less than the
boundary layer thickness at the aft rake
station on the model.

Flow Visualization

An insight into the flow behavior
on the fuselage upper surface can be
obtained by examining the flow visuali-
zation photographs obtained from the
water tunnel tests. Figures 26 and 27
show plan and side views of the flowing-
inlet and faired-inlet configurations,
respectively, photographed in the water
tunnel at angles of attack of 1°, 3°,
and 7°. The flow patterns are illus-
trated by the paths traced by the dye

streams as they flow downstream over the
model surfaces.

As indicated on the figures, the
dve ports are located on the upper cowl,
the juncture of the wing and the glove,
the forward portion of the inlet fair-
ing, and the forebody. A dye port is
located at each of the boundary layer
rake locations. The dye streams issuing
from the boundary layer rake locations
are useful in interpreting flow direc-
tion at the forward and aft boundary
layer rake locations.

For the flowing-inlet configuration,
which is similar to that of the airplane
(figs. 26(a) to 26(c)), increasing the
angle of attack causes an increase in
spanwise wing flow outboard near the wing
trailing edge. This is evident immedi-
ately ahead of the flow channel created
by the twin vertical tails. An examina-
tion of the side views indicates that the
spanwise wing flow lifts upward from the
wing surface with increasing angle of
attack (figs. 26(d) to 26(f)).

The dye stream issuing from the
location of the forward rake initially
shows an outboard flow direction
(figs. 26{(a) to 26(c)). Farther down-
stream between the two vertical tails
the flow is deflected into a streamwise
direction. Finally, near the nozzle,
the flow exhibits a sharp change in flow
direction outboard and downward. This
trend is duplicated at the location of
the aft rake. Another factor that may
influence the flow pattern between the
vertical tails is flow that propagates
downstream from the boundary layer
diverter, the gap located between the
inlet and the forebody.

It is believed that the boundary
layer at the forward rake location is
reduced in thickness by the increasing
spanwise wing flow with increasing angle
of attack. At the aft rake location the
additional reduction in boundary layer
thickness may be caused by the large
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increase in outboard and downward flow as
angle of attack is increased.

For the faired-inlet configuration
(figs. 27(a) to 27(c)), which is similar
to the propulsion model, the effect of
an increase in angle of attack on the
spanwise wing flow differs from the
flowing~inlet configuration. Although
the flow patterns are similar at o ~ 1°
(figs. 26(a) and 27(a)), they begin to
differ at o = 3° (figs. 26(b) and 27(b)).
For the faired-inlet configuration, the
flow in the outboard direction begins
to break down as noted by the inboard
streamlines on each wing. At a = 7°
(fig. 27(c)), the spanwise flow is
reversed and flows inboard toward the
channel created by the vertical tails.
Examining the side views (figs. 27(d)
to 27(f)), the flow on top of the fuse-
lage at a = 7° (fig. 27(f)) appears to
be separating from the surface, which
could result in a boundary layer having
low energy.

Corresponding changes in flow direc~
tion are noted at the dye streams origi-
nating at the locations of the boundary
layer rakes. At o » 1° (fig. 27{(a)), the
dye streams are flowing directly down-
stream. At a = 3° (fig. 27(b)), the flow
changes to an inboard direction, partic~
ularly at the aft rake. Finally, at
a = 7° (fig. 27(c)), the flow shows a
strong inboard flow direction for both
dye streams.

For the faired-inlet configuration,
it is believed that the thickening of
the boundary layer at the aft rake with
increasing angle of attack is influenced
by the wing flow. As angle of attack
increases, the wing flow near the trail-
ing edge reverses from a generally out-
board direction to an inboard direction.
The flow is channeled by the vertical
tails toward the center of the airplane
and the nozzles. The general flow direc-
tion between the vertical tails is in-
board, as opposed to outboard for the
flowing-inlet configuration. This appar-
ently thickens the boundary layer. A
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vortex shed from the leading edge of
the inlet fairing may also contribute
to the flow pattern between the two
vertical tails.

Comparison of Afterbody and Nozzle
Pressure Coefficient Distributions

As shown in figure 20, flow inter-
actions between nacelle and nozzle can
influence the pressure coefficient
distributions obtained from model and
flight tests. Figure 28 illustrates
several possible variations in pressure
coefficient distribution. Curve 1 shows
that the flow expanding over the after-
body reaches a minimum level upstream
of the afterbody and nozzle juncture.
The subsequent pressure rise downstream
of the juncture to a positive value of
Cp illustrates good recompression and

attached flow.

Curve 2 is the same as curve 1
except for the downstream nozzle flow.
The decrease in slope and lack of recom-
pression suggests flow separation. Note
that the loss in pressure is due entirely
to flow over the nozzle and not to any
change in the upstream flow.

Curve 3 illustrates a lower minimum
pressure than curves 1 and 2, followed by
a sharp pressure jump. The sharp jump
indicates a standing compression shock
wave, Following the shock wave, the flow
separates in a manner similar to curve 2.
Note that downstream of the separation
point the level of Cp for curve 3 may lie

below that for curve 2 because of the
lower value of Cp immediately ahead of

Consequently, the
curve 1 to curve 3

the separation point.
large loss in CP from

is due to an upstream influence as well
as flow losses on the nozzle.,

Effect of Mach Number

The effect of Mach number on the com-
parison of afterbody and nozzle pressure
coefficient distributions at a = 1° is
shown in figure 29. Data are presented



for an NPRL test range of 2.0 to 5.0
at BTL ® 18.4° for subsonic speeds and
BTL ® 7.7° at M, ® 1.2.

Figure 29(a) presents data for
M, ® 0.6, BTL ® 18.4°, and NPRL ® 2.0

to 3.0. Data are presented for the upper
nacelle and nozzle row 350° and for the
lower nacelle and nozzle row 182°, Note
the break in the X/I. axis and the scale
increase for the nozzle pressure dis-
tribution. This allows a more detailed
examination of the variation in Cp on the

nozzle. The data at X/L = 0.897 (the
first nozzle pressure orifice) appear on
both sides of the plots for the flight
data and for nozzle row 182° for the
model data.

The pressure distributions shown for
the upper and lower surfaces illustrate
the example of curve 1 in figure 28,
namely, good recompression to positive
levels of Cp on the downstream portion of

the nozzle., As previously discussed, on
the nacelle surfaces the C, level for the

flight data is greater than that for the
model, that is, the values of Cp are less

negative. The difference in the fuselage
vent configurations between model and
flight may be contributing to the lower
pressure coefficients immediately up-
stream of the nozzle for the model. As
discussed in reference 6, when the vent
gap was sealed to prevent outflow, the
pressure coefficients on the first and
second nozzle orifices were reduced.
This nonflowing vent configuration was
simulated on the model,

Despite the slightly larger levels of
Cp at X/L greater than 0.850 shown by the
flight data on the nacelle surfaces, the
recompression processes on both nozzle
rows are very similar for both sets of
data. The flight data exhibit slightly
higher values,

As Mach number increases to 0.8

(fig. 29(b)) the trends are similar to
those shown in figure 29(a). At

X/L = 0.897 on nozzle row 182°, the
flight value of CP exceeds that for

the model, although recompression is
similar for both sets of data. On the
upper nacelle the recompression for the
model is slightly more efficient, yield-
ing a slightly greater value of Cp at
X/L = 0,937 than for flight.

For a Mach number of 0.9 (fig. 29(c)),
both sets of data indicate that the dif-
ference in levels of Cp for both nozzle

rows exceeds that at M, ® 0.8, On the

upper nacelle the flight data exhibit a
standing shock wave immediately ahead

of the nozzle. Downstream of the shock
wave there is a large loss in recompres-
sion compared to that at M, ® 0.8; this

loss is attributed to flow separation.
The amount of recompression does not
differ greatly between model and flight;
that is, the distributions are roughly
parallel. As a result, the difference
in Cp existing at upstream nozzle loca-

tions remains about the same everywhere
along the nozzle.

Similar results are evident on the
lower nacelle and nozzle. The recompres-
sion at My, ® 0.9 is about the same for

model and flight., The flight data are
less negative than the model data at
X/L = 0.897 and remain this way as X/L
increases; that is, the distributions
are roughly parallel. Therefore, it
would appear that the differences in the

pressure distributions are caused by
upstream influences.

At My ® 1.2 (fig. 29(d)), recompres-
sion deteriorates on both nozzle surfaces
for the model and flight data. The flight
data indicate that a standing shock wave
is located downstream of the first nozzle
orifice, that is, downstream of the junc-
ture between the fixed and movable noz-
zles., This is indicated by the sharp rise
in Cp. The model data also show this

result for nozzle row 182°, The flow
separates downstream of this orifice for
model and flight because of the shock
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wave. The level of Cp for flight is less

negative than for the model downstream
of the juncture on both surfaces. The
average level of Cp on the lower nozzle

surface is less negative than the average
level of Cp on the upper nozzle surface

for both sets of data.
Effect of Angle of Attack

The effect of angle of attack on the
comparison of afterbody nozzle pressure
coefficient distributions at M_ =~ 0.8

is presented in figure 30 for angles of
attack of 1°, 3°, 5°, and 6° to 7°.

The overall effects of angle of attack
on recompression on the upper and lower
surfaces are small for both sets of
data.

Effect of Left Nozzle Boattail Angle

The effect of left nozzle boattail
angle on the comparison of afterbody
nozzle pressure coefficient distribu-
tions is illustrated in figure 31 for an
angle-of-attack range of 1° to 2° and an
NPRL range of 2,5 to 5.0. Figures 31(a)
and 31(b) present data at M_ = 0.6 for

nominal boattail angles of 15,1° and
18,4°, respectively. On nozzle row
350°, for both sets of data, a loss in
recovery (that is, a decrease in slope)
is noted for X/IL. greater than 0.920 as
boattail angle is increased.

Figures 31(c) and 31(d) show corre-
sponding data at M, = 0.9. A decrease
in slope is shown for both nozzle rows
because of the boattail angle increase.
The loss in recompression is larger for
nozzle row 350° than it is for nozzle
row 182°,

Summary

The effects of the test variables

on the comparisons of afterbody nozzle
pressure coefficient distributions are
summarized as follows. Flight Cp levels
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on the upstream nozzle orifices were
generally less negative than those for
the model because of the upstream nacelle
flow. For both model and flight data

at M_ = 0,6 and 0.8, good recompression

existed for nozzle rows 182° and 350°,
At M_ = 0.9 and 1.2, recompression

deteriorated because of flow separation
and flow complexity. The upstream dif-
ferences in the Cp levels between model

and flight were retained along both
nozzle surfaces. These results demon-
strate upstream influences on the nozzle
pressures. At M_ = 0.6 and 0.9, increas-

ing boattail angle reduced the recompres-
sion at both nozzle rows, but the effect
was larger at nozzle row 350°., The
effects of angle of attack were small.

Comparison of Pressure Coefficient
Distributions on the Nozzle
External Surface

The effects of the test variables on
all eight rows of the surface pressure
orifices of the nozzles are discussed in
the following sections.

Effect of Mach Number

Figure 32 shows the effect of Mach
number on nozzle pressure coefficient
distributions for the eight nozzle rows.
Data are presented at a = 1° for an NPRL
range of 2.0 to 5.0, for BTL ® 18.4° and
BTL =~ 7.7°. For M_ = 0.6 (fig. 32(a)),

the pressure coefficient distributions
for both sets of data agree reasonably
well, Highest recompression is at the
bottom rows (for example, rows 230°,
182°, and 134°) and the top rows (302°
and 350°), For the model, row 86°
appears to be separated. The value of
Cp is positive for all eight rows at the

last orifice. Where data are available
at X/ = 0.897, Cp for flight exceeds Cp

for the model except for the separated
row. This is attributed to upstream

effects.



At M, = 0.8 (fig. 32(b)), model and

flight data exhibit a slight loss of
recompression compared with M_ = 0.6 on

all rows; agreement is good. At all rows
for both sets of data, the value of CP

at the last orifice is smaller than at
M_ = 0.,6. At row 86°, both sets of data

indicate separation.

At M_ = 0.9 (fig. 32(c)), the pres-

sure coefficient distributions show a
significant loss of recompression for
both sets of data (except for row 182°),
The flat profiles for several of the
rows suggest an increasing amount of
separated flow on the nozzle surface.
The model and flight Cp profiles appear

to be almost parallel rather than coin=-
cident, which was the case at M = 0.8.

Row 182° shows a positive value of Cp at
X/l = 0.931; the values of Cp for all

other rows at X/L. = 0.931 are either
zZero or negative,

At M_ = 1.2 (fig. 32(d)), the pres-

sure coefficient distributions for both
sets of data at all rows exhibit larger
negative Cp levels, as well as increased

flow complexity relative to the subsonic
data (figs. 32(a), (b), and (c)). At all
rows, the profiles for the flight data
are less negative than those for the
model data. Row 182° reveals a standing
shock wave and shock~induced separation
for both model and flight.

Effect of Angle of Attack

The effect of angle of attack on the
comparison of nozzle pressure coefficient
distributions is shown in figure 33 for
angles of attack of 1°, 3°, 5°, and 6°
to 7°. The model and flight data show
reasonable agreement in level and trend
for all angles of attack. The angle~of-
attack variation has minimal effect on
both sets of data.

Effect of Left Nozzle Boattail Angle

Figure 34 displays the effect of
left nozzle boattail angle on the com-
parison of nozzle pressure coefficient
distribution for an angle-of-attack range
of 1° to 2° and an NPRL range of 2.5 to
5.0. Figures 34(a) and 34(b) present
data at M_ = 0.6 for nominal boattail
angles of 15.1° and 18.4°, respectively.
The profiles indicate that overall recom-
pression is reduced as the boattail
angle is increased at all nozzle rows
except 182° and 230°, For the flight
data in fiqures 34(c) and 34(4), for
M_ = 0.9, the results also display a

oo

loss in recompression as the boattail
angle is increased as well as an
increasing tendency toward separation.

Summary

The effects of the test variables
on the comparisons of pressure coef-
ficient distributions on the nozzle
external surface are summarized as
follows. At M, = 0.6 and 0.8, there

was reasonably good agreement between
the model and flight in level and trend.
At M, = 0.9 and 1.2, both sets of data

showed increasing evidence of flow sep-
aration, flow complexity, and a loss in
recompression. The trends exhibited by
the model and flight data were the same,
but the flight data exhibited less neg-
ative levels of Cp than the model on all
the nozzle rows. This is attributed to
upstream effects. Increasing left nozzle
boattail angle generally caused losses
in recompression for all rows, except
rows 182° and 230°., The effects of
angle of attack on the data were minimal.

Comparison of Recompression on the
Nozzle External Surface

The comparison of recompression on
the nozzle external surface and the
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effects of Mach number and left nozzle
boattail angle are discussed in the
following sections.

Effect of Mach Number

The effect of Mach number on nozzle

recompression is shown in figure 35,

The pressure coefficients for the first
and last nozzle orifices of each row are
plotted against circumferential position
on the nozzle for several test Mach num-
bers (figs. 35(a) to 35(d)) and against
Mach number (fig. 35(e)).

Available data are presented for the
eight rows at @ ranging from 1° to 2°,
BTL ® 18.4° and 7.7°, and an NPRL range
of 2,0 to 5.0. Shown to the right of
each distribution (as a solid symbol) is
the average value for each of the cir-
cumferential distributions. The lengths
and relative heights of the vertical
lines connecting the solid symbols for
the first and last orifices are inter-
preted as a measure of the recompression
on the nozzle for model and flight.
Therefore, comparing the vertical lines
yields a comparison of recompression on
the nozzle.

At M, ® 0.6 with BTL ® 18.4°
(fig. 35(a)), the Cp at the first nozzle
orifices for flight are less negative
than those for the model, except at
$ = 86°. Figure 32(a) shows that the
model flow is separated at row 86°.
figure 35(a), it is believed that the
positive level of Cp near the nozzle

exit at row 86° for the model propagate
upstream in the subsonic field through

the separated region, raising the level
of Cp at the first nozzle orifice.

In

Otherwise, the level would be more
negative than that for flight.

The Cp levels for the last nozzle

orifice agree reasonably well for model
and flight. Highest Cp levels are noted

for orifice row 182° at the bottom of the
nacelle., This row is farthest from
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interference effects of the tails, tail-
boom, or nozzle interfairing than are
any of the other nozzle rows. Therefore,
the highest pressure coefficients are
achieved. The vertical recompression
lines show that recompression for flight
exceeds that for the model.

At M, ® 0.8 with BTL ® 18.4°

(fig. 35(b)), the data show slightly
less recompression than at M_ # 0,6 for

model and flight, as indicated by the
shorter vertical lines. The shapes of
the Cp plots against ¢ are not greatly
changed from those at My ® 0.6 for model
and flight.

The data in figure 35(c) are for
Mo ® 0.9 with BTL ® 18.4° and show an
increasing loss in recompression com-
pared with M, ® 0.8 for both sets of
data, as indicated by the shorter ver-
tical lines. In addition, the model
Cp profile for the first orifice is
considerably more negative than that
for flight except at row 86°, the row
with separated flow. At the last nozzle
orifice the flight Cp profile is con-
sistently less negative than the model
Cp profile.

At M, ® 1.2 and BTL ® 7.7°
(fig. 35(d)), the levels of recompres-
sion indicated by the vertical lines do

not differ greatly, for either set of
data, from the respective values at

Mg ® 0.9. Therefore, the more negative
Cp values at the last nozzle orifice

relative to M, = 0.9 (fig. 35(c)) are
caused by the more negative Cp occurring
at the first nozzle orifice., This is
true for both sets of data.

Figure 35(e) summarizes the effect
of Mach number on nozzle recompression
for an @ range of 1° to 2°, an NPRL range
of 2.0 to 5.0, and BTL ® 18.4° and 7.7°.
Data are shown for the test conditions
of figures 35(a) to (d) and the addi-



tional test conditions shown in table 7.

The data were averaged for the several

test conditions of the eight nozzle ori-
i i i i values

fice rows yielding single (Cpavg)

for the pressure coefficients at the
first and last orifices at each Mach
number. As defined in the upper part
of fiqure 35(e), ACp is a measure of

the average recompression on the nozzle.

For subsonic speeds at the first

nozzle orifice, Cpavg for flight exceeds

that for the
ly with Mach

increment of

model and increases slight-
number. At M, ® 1.2 the

Cpavg for flight over

that for the model is greatly increased.
The increments for subsonic speeds and
My, ® 1.2 are attributed to upstream

effects.

For subsonic speeds at the last ori-
fice, Cpavg for flight slightly exceeds

for the model. Both values of

Cp
avg
CPavg exhibit a steady decrease with M,
and at M, ® 0.84 to 0.85 the values

At My, ® 1.2, the

points are more negative than

become negative.

Cp
avg
those at subsonic speeds particularly
for the model.

The recompression curves, that is,
the Acp curves, show a steady loss in

recompression over the subsonic Mach
number range. Recompression for the

model exceeds that for flight. At
M, ® 1.2, recompression for model and

flight agree and are comparable to the
flight value for M, ® 0.9.

Effect of Left Nozzle Boattail Angle

The effect of left nozzle boattail

angle on the comparison of nozzle recom-
pression is shown in fiqure 36.

of 15.1° and 18.4° and M, ® 0.6 and 0.9.
Angles of attack ranged from 1° to 2°,

Data are
presented for left nozzle boattail angles

and NPRL ranged from 2.5 to 5.0. At

My ® 0.6, the average Cp level at the
first orifice is approximately the same
for both boattail angles for the model
and flight data. A slight loss in recom
pression results from the increase in
boattail angle and is about the same for
the model and flight data. At M, = 0.9,

the loss in recompression caused by the
boattail angle increase exceeds that at
M, ® 0.6, This is particularly true for

the flight data.
Summary

The effects of the test variables on
the comparison of nozzle recompression
are summarized as follows. An increase
in subsonic Mach number caused a steady
loss in nozzle recompression for the
model and flight data. At M, ® 0.84 to

0.85, the average CP at the last nozzle

orifice went from positive to negative,
At M, ® 0.6 and 0.9, an increase in boat
tail angle from 15.1° to 18.4° caused a
loss in recompression.

Comparison of Nozzle Axial
Force Coefficient

The effects of the test variables
on nozzle axial force coefficient are
discussed in the following sections.

Effect of Mach Number and Left
Nozzle Boattail Angle

Figure 37 shows the effects of Mach
number and left nozzle boattail angle
on the comparison of nozzle axial force
coefficient C;. In fiqure 37(a), data
are shown for @ ® 1° to 2° and for
BTL ® 18.4° and 7.7° over an NPRL range
of 2.5 to 5.0. The fairing for the
flight data gives more weight to the
6100-m data points because the data at
10,700 m are subject to greater error
(fig. 19). For BTL ® 18.4° and M,

ranging from 0.6 to 0.8, the faired
values of the model and flight data
agree and increase slightly with Mach
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number. The increase in C,; is caused
by the increasingly negative Cp levels
with Mach number increase shown in

figures 32(a) and 32(b) and the loss in
recompression shown in figure 35(e),

As M_ increases to 0.9, Cy for
both sets of data increases, but C,
for the model data increases more than
for the flight data. As indicated in
figure 32(c), levels of Cp for the model
data are considerably lower than those
for the flight data. This is attributed
to upstream effects., As shown in fig-
ure 35(e), both sets of data exhibit a
loss in recompression as M, increases
from 0.8 to 0.9.

In figure 37(a), at M_ =~ 1.2 with
BTL = 7.7°, C; values for both sets of

data exceed the respective subsonic
levels. C, for the model is greater

than the C; level for the flight data.

This result is also explained by fig-
ures 32(4) and 35(e).

Figure 37(b) shows the effect of left
nozzle boattail angle on nozzle axial
force coefficient for subsonic Mach num-
bers. The lines shown are the fairings
of fiqure 37(a) for BTL =~ 18.4°; the data
points are for the lower boattail angles.
At M_ = 0.6, C; for the lower boattail
angles is only slightly less than C for
BTL *~ 18.4°, with good agreement noted
between the model and flight points. At
M, = 0.9, the decrement in Cy is about

3 x 10~4 units because of the reduction
in boattail angle. The decrement is the
same for the model and flight data.

Effect of Angle of Attack

The effect of angle of attack on the
comparison of nozzle axial force coef-
ficient is shown in figure 38 for three
subsonic Mach numbers with BTL ® 18.4°
and an NPRL range of 2,5 to 5.0. At
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M, = 0.6, no effect of angle of attack

is evident; at M_ = 0.8, C, increases
slightly as angle of attack increases

from 1° to 7°. At M_ # 0.9, the data

scatter and small variation in angle
of attack preclude any interpretation.

Effect of Nozzle Pressure Ratio

The effect of nozzle pressure ratio
(NPRL) on the comparison of nozzle axial
force coefficient is shown in figure 39,
Test data are for a = 1° to 2° and BTL =
18.4° and 7.7° for several test Mach num-
bers. The design pressure ratio shown
for each nozzle is the solid vertical
line. In figures 39(a) to 39(c), for the
subsonic test points, the model data were
obtained over an NPRL range extending
from jet off, through the overexpanded

region where NPRL is greater than approx-
imately 1.9 and less than the design

NPRL, into the underexpanded region where
NPRL is greater than the design value.

With the jet operating, peak levels
of C3 occur near the design value of

NPRL = 3.4. As explained in refer-

ences 12, 13, and 14, jet interference
effects for values of NPRL less than that
at peak C; are influenced primarily by

entrainment of the nozzle external flow
caused by viscous shear and mixing.
Entrainment tends to reduce the pressure
on the nozzle external surface. As NPRL
increases, jet interference effects are
increasingly influenced by the physical
presence of the jet plume acting as a
solid body and less by entrainment. The
jet plume increases in size after leaving
the nozzle and tends to raise the pres-
sure on the nozzle external surface,
thereby reducing C3. These jet flow

phenomena appear to explain the varia-
tion in C; exhibited by the model data.

Flight test data are shown in fig-

ures 39(a) to 39(c) for two altitudes at
values of NPRL close to the design value.



The fairing for the four test points in
figure 39(c) for M_ = 0.9 favors the data

[+ -]

obtained at 6100 m. Figure 39 also shows
the jet temperature and mass flux ratio
for a model and a flight test point for
each of the four correlations (that is,
the eight shaded points). As discussed
in references 13 and 14, the product of
the jet gas constant and the jet temper-
ature and the ratio of the jet-to-free-
stream mass flux are two parameters that
can be used to analyze the effects of jet
temperature on nozzle axial force during
overexpanded flow., In this study, only
the jet temperature was used because the
gas constant for the model and the flight
data are virtually identical (table 3).

At M_ » 0.6 and 0.8 (figs. 39(a) and
39(b), respectively), excellent agreement
in C5 exists between the flight data at
6100 m and the model data. At M = 0.9
(fig. 39(c)), the model data exceed the
faired flight data by about 5 x 1074
units of C3. These results suggest there
is no apparent effect of jet temperature
on the agreement of C; between model and
flight., There is negligible change in
the jet parameters going from M_ = 0.8
to M, ® 0.9, yet the agreement is excel-
lent at M_ = 0.8 and relatively poor
at M = 0.9,

Figure 39(d) shows Cz as a func-
tion of NPRL obtained at M, # 1.2. The

NPRL test range for the model data
extended from 5.0 to 7.0, which includes
the design NPRL of 6.1. Over this range,

the model C; decreases from 20 x 1074

to 15 x 10-4 units, indicating that jet
interference is dominated by the jet
plume shape rather than by entrainment.
This is explained as follows. As shown
in figure 21(d4), model and flight fuse-
lage pressure coefficient distributions
close to the jet exhaust are at large
negative levels. Since the jet is
exhausting into a region where pressure
is considerably less than atmospheric

pressure, the effective nozzle pressure
ratio probably exceeds the calculated
values., This causes the jet to be under-
expanded and explains the sharp reduction
in C,.

At an NPRL value of 5.0 (fig. 39(d)),
the flight level of C, is about 5 x 10~4

units less than the model data. This
disagreement is the same as that noted
at M_ = 0,9, Examining the jet parame-

ters from M = 0.9 to 1.2, the data show

there is essentially no change for the
model parameters, but there is an
increase in jet temperature and a reduc-
tion in mass flux ratio for the flight
test data. Because the jet is operating
in an underexpanded condition, any change
in entrainment caused by the change in
jet mass flux ratio for the flight data
is not considered to be significant. In
addition, since there is no change in
the difference in C; between model and

flight, and despite the increase in jet
temperature going from M_ = 0.9 to 1.2,

the increase in jet temperature is like-
wise not considered to be significant.

Effect of Reynolds Number

Figure 40 shows the effect of Reyn-
olds number on nozzle axial force coef-
ficient. Data are presented for several

Mach numbers at a = 1° to 2°., The NPRL
range is from 2.0 to 3.6 at BTL =~ 18.4°

(figs. 40(a), 40(b), and 40(c)); the NPRL
is 5.0 for BTL = 7.7° (fig. 40(d)). 1In
fiqures 40(a) and 40(b), for M, = 0.6
and 0.8, respectively, there appears to
be a negligible effect of Reynolds number
on the data. This result follows from
the good agreement of model and flight
values of C; shown in figure 39 at these
Mach numbers. At M_ * 0.9 (fig. 40(c))
and at M * 1.2 (fig. 40(d)) the data

indicate a decrease in C; of approxi-

mately 4 x 104 to 5 x 10~4 units over
the test range. The decreases in Cy

shown are attributed to differences in
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the upstream flows between the model and
the flight data.

Effect of Mach Number on the
Sensitivity of Axial Force
Coefficient to Reynolds Number

The effect of Mach number on the
sensitivity of nozzle axial force coef-
ficient to Reynolds number (AC,/ARe) is

shown in figure 41, The parameter
AC,/ARe was obtained by taking the

slopes of the fairings in figure 40,
As indicated in figure 41, the rate of
change of C; with Re is zero up to

M, ® 0.8, decreases to a minimum at

M_ = 0.9, and increases slightly with

o
further increase in M  to 1.2.

Summary

The effects of the test variables on
nozzle axial force coefficient are sum-
marized as follows. As M_ increased from

0.6 to 0.8, at & ® 1° to 2°, model and
flight C; obtained at 6100 m agreed

closely and increased slightly. Above
M_ = 0.8, C; increased for both sets of

00
data; the model data were 4 to 5 x 10~4
units higher than the flight data at
M, * 0.9 and 1.2, At M, ®* 0.6 and 0.9,

‘o0
reducing the BTL reduced C,. At sub-

sonic speeds, peak values of Cy oc-
curred near the design pressure ratio

for the model data. At M_ =~ 1,2, the

jet appeared to be expanding into a
region well below atmospheric pressure,
which increased the effective nozzle
pressure ratio. Reynolds number effects
were noted only for M = 0.9 and 1.2, and

jet temperature, mass flux ratio, and
angle of attack had negligible effects on
nozzle axial force.

CONCLUS IONS
Aft fuselage, boundary layer, and

nozzle pressures were measured on a
1/12-scale propulsion model in a wind
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tunnel and in flight on a twin-jet
fighter aircraft over a Mach number range
of 0.6 to 1.2, a Reynolds number range

of 17,5 million to 302.5 million, and an
angle-of-attack range of 1° to 7°. These
tests provided data bases from which data
were selected and compared to yield the
following conclusions.,

1. For Mach 0.6 and 0.8, at an
angle of attack of 1° to 2°, model values
of nozzle axial force coefficient agreed
closely with flight values obtained at an
altitude of 6100 m. Above Mach 0.8,
nozzle axial force coefficients increased
for both sets of data, but the model data

were 5 x 10~4 units higher than the flight
data at Mach 0.9 and 1.2. Reynolds num-
ber effects on nozzle axial force coeffi-
cient were noted only at Mach 0.9 and 1.2.
Variations in jet temperature and mass
flux ratio did not affect the comparisons
of nozzle axial force coefficient.

2. For Mach 0.6 and 0.8, pressure
coefficient distributions on the external
nozzle surface of the left nozzles of the
model and the airplane agreed in level
and trend. Recompression was good. At
Mach 0.9 and 1.2, both sets of data
showed flow separation, increasing flow
complexity, and a loss in recompression.
Although pressure distributions agreed
in trend, differences in the level of
pressure coefficient caused by effects
upstream of the nozzle propagated
along the nozzle surface. This caused
the flight data to exhibit less negative
levels of pressure coefficient than the
model data on all the nozzle rows.

3. Pressure coefficient distribu-
tions on the aft fuselage surfaces for
model and flight were similar over the
Mach number and angle-of-attack test
ranges. At subsonic speeds, flight
levels of Cp were generally less nega-

tive than those of the model on the upper
surfaces and the lower nacelle.

4. Mach number and angle of attack
affected the model boundary layer pro-



files and thicknesses at the forward and
aft rake stations more than for flight.

For the model, boundary layer thick-
ness at the aft rake station exceeded
that at the forward rake station and
increased markedly with angle of attack.
In flight, the boundary layer thickness
at the aft rake station was less than
that at the forward rake station and
decreased with angle of attack.

5. Except for the effect of angle of
attack on the boundary layer parameters,
its overall effects on the comparisons
of the pressure coefficient distributions
and nozzle axial force were small.

Ames Research Center

Dryden Flight Research Facility

National Aeronautics and Space
Administration

Edwards, California, April 11, 1984
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APPENDIX — DERIVATION OF PITOT PRESSURE 2\1/2 (5 M 2)1/2
RATIO IN THE BOUNDARY LAYER FOR AN (5 + M ) _ o 1
ASSUMED VELOCITY RATIO DISTRIBUTION M Mm H 1/n
?)
2 5 + M
5 + M o 1
P ’ M ’ U ] ’ ’ 1 = =
toe” 09 T ® Poo Ttoo Too 2 2 2/n ¢
()
/—From flight §
d test
P.
Py M U Poo. Ttoo’TS i T l where
H
Y 5 + M 2
® 1
c =
2
M, (E)Z/H
§
The Mach number in the boundary layer is 2 2
first derived as follows. Assume a 5+ M =CM
velocity distribution with index n:
M2 - CM2 = =5
(g)‘/ n oy (1) )
§ T Uy, M®(1 - C) = =5
Dlso assume that the total temperature M2 = e 3
and static pressure in the boundarv layer
are equal to the free-stream values:
M= = (2)
M ﬁVTt - C - 1
(3)1/"‘ _ M WRT o
6 M, VYRT_ Mw\/Tw\/Tg” M was evaluated in the boundary laver
by equation (2), using values of H from O
to § wh ) i
MA[Ty /T o where M and were obtained from
_ w *® the flight test point. The value of n
M Tr /T selected was 9.
oov tco/
2\1/2 To calculate the pitot pressure ratio
M(1 + 0.2M ) with M subsonic,
= 2\1/2
Mw(1 + 0.2M ) / Pi = P
. . Py,
Rearranging gives i
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= (1 + 0.2n112)3'51>,,°
th

th = F;_ Py

= (1 + 0-2Mm2>3.5P
P; (5 + M2)3.5P°°
Pteo (5 + Mm2>3'5Pm
Pi - 5 + M2 3.5
Pt 5 + sz

With M supersonic,

(3)

Pi N 6M2 3.5 6 2-5
Pey 5 + M2 7M2 -1
P4 i Pi Pti
P,
Pe, t; Pt
) < M2 3.5 6 2.5
5 + M2 ™2 - 1
(5 w2 3.5
5+M2
[- -]
P M2 3.5 6 2.5 (4)
P - 2
t 5 + M, ™2 - 1
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TABLE 1. — LOCATIONS OF SURFACE PRESSURE

ORIFICES ON FUSELAGE

(a) Upper fuselage centerline

Model Airplane

X/L Y/L X/L Y/L
0.077 0 0.079 0
0.155 0 0.154 0
0.217 0 a —
0.297 0 a —-—
0.382 0 a -
0.456 0 0. 455 (o}
0.534 0 0.533 o}
0.611 0 0.597 0
0.684 0] 0.684 0.004
0.808 (¢} 0.810 0.004
0.843 0 0. 840 0.003
0.913 0 0.929 0

(b) Lower fuselage centerline

Model Airplane

X/L Y/L X/L Y/L
0.684 0] 0.684 0
0.808 0 0.807 0]
0.843 0] 0. 844 0
0.913 0 0.930 0

(c) Upper left nacelle centerline

(d) Lower left nacelle centerline

Model Airplane
X/L Y/L X/L Y/L
0.534 -0.038 0.531 ~0.039
0.611 -0.038 0.611 -0.038
0.684 -0.038 0.684 -0.038
0.808 -0.036 0.836€ -0.036
0.845 -0.037 0.849 -0.036
0.873 -0.035 0.870 -0.035

(e) Upper right nacelle centerline

Model

Airplane

X/L Y/L

X/L Y/L

0.684 0.038

0.684 | 0.037
0.867° | 0.037

(f) Lower right nacelle centerline

Model

Airplane

X/L Y/L

X/L Y/AL

0.684 0.038

0.684 0.037

(g) Left side

Model Airplane
X/L Y/L X/L Y/L
0.534 -0.038 0.533 -0.,038
0.611 | -0.038 | 0.609 -0.038
-—- -—- 0.781b | -0.036
0.808 -0.036 0.808 -0,036
_— _— 0.829b | -0.036
0.845 -0,036 0.845 -0.036
- —-— 0.857P | -0.036
0.873 -0,035 0.872 -0,035
_— —— 0.882b | -0.035

Model Airplane
X/L Y/L X/L Y/L
0.611 -0.134 0.611 -0.134
0.684 -0.134 0.184 -0.134

(h) Right side

Model

Airplane

X/L Y/L

X/L Y/L

0.684 0.134

0.684 0.134

Acanopy area not instrumented on the airplane.

binstalled for inlet interactions program (ref. 2).

CRelocated to clear afterburner vent.




28

TABLE 1. — Concluded

(i) Upper left tailboom

Model Airplane
X/L Y/L X/L Y/L
0.843 -0.076 0.839 -0.077
0.873 -0.076 0.871 -0.076
0.913 -0.076 0.919 -0.081
TABLE 2. — LOCATIONS OF SURFACE

PRESSURE ORIFICES ON NOZZLE

(a) BTL = 18.4° and BTL

(1) rRows 350°, 62°, 182°
X/L
Model Airplane
0.8982 0.897a
0.904 0.904
0.912 0.911
0.919 0.919
0.924 0.924
0.931 0.931
(2) Rows 86°, 230°, 278°
X/L
Model Airplane
0.8982 0.8972
0.912 0.911
0.925 0.924
0.932 0.931

15.10

(3) Row 134°

X/L
Model Airplane
0.912 0.911
0.919 0.919
0.925 0.924
0.932 0.931

(4) Row 302°

X/L
Model Airplane
0.8982 0.8972
0.904 0.904
0.912 0.911
0.919 0.919
0.924 0.924
0.928 0.928
0.931 0.931
0.934 0.934

@ Located on the fixed portion of the nozzle; all other loca-
tions are on the variable portion of the nozzle.




TABLE 2. — Concluded

(b) BTL

(1) Rows 350°, 62°, 182°

X/L
Model Airplane
0.8982 0.8972
0.904 0.904
0.912 0.911
0.919 0.919
‘ 0.925 0.924
‘ 0.932 0.931
\
!
(2) Rows 86°, 230°, 278°
| X/L
} Model Airplane
0.8982 0.897a
0.912 0.911
} 0.925 0.924
0.932 0.931
aLocated

= 7.7°

(3) Row 134°

X/L
Model Airplane
0.912 0.911
0.919 0.919
0.925 0.924
0.932 0.931

(4) Row 302°

X/L
Model Airplane
0.8982 0.8972
0.904 0.904
0.912 0.911
0.919 0.919
0.925 0.924
0.928 0.928
0.932 0.931
0,935 0.934

on the fixed portion of the nozzle; all other loca-

tions are on the variable portion of the nozzle.




TABLE 3. — TEST CONDITIONS USED FOR THE COMPARISONS

(a) Model test conditions for comparisons of

surface pressures?

1 0.60 | 0.99 | 18.4 18.4 1.00 17.7 8
2 0.60 | 1.00 | 18.4 18.4 1.50 17.8 3
3 0.60 | 0.99 | 18.4 18.4 2,00 17.8 5
4 0.60 | 0.99 | 18.4 18.4 3,00 17.9 6
5 0.60 | 0.97 | 18.4 18.4 3.90 17.9 5
6 0.60 | 2.98 | 18.4 18.4 3.00 17.9 6
7 0.60 | 4.98 | 18.4 18.4 3.00 17.8 6
8 0.8 | 1.00 | 18.4 18.4 1.00 20.3 13
9 0.8 | 1.00 | 18.4 18.4 2.50 20,3 8
10 0. 80 1. 01 18.4 18. 4 3.50 20.3 8
1 0.80 | 1.00 | 18.4 18.4 4.60 20.4 7
12 0.80 | 3.00 | 18.4 18.4 2.50 20.3 9
13 0.80 | 4.99 | 18.4 18.4 2.50 20.3 9
14 0.80 | 7.01 | 18.4 18.4 3.50 20.3 10
15 0.90 | 1.00 | 18.4 18. 4 0.99 21.8 17
16 0.90 | 0.99 | 18.4 18.4 2.50 21.4 15
17 0.90 | 0.99 | 18.4 18.4 3.60 21.3 16
18 0.90 | 1.01 | 18.4 18.4 4.50 21.2 15
19 0.90 | 1.01 | 18.4 18.4 5.03 21.1 14
20 0.90 | 2.98 | 18.4 18.4 2.51 21.4 17
21b 0.60 | 1.00 | 1541 18. 4 3.90 171 4
22b 0.90 | 1.97 | 15.1 18.4 5,00 20,2 12
23b 1.20 | 1.00 7.72 7.72 | 4.99 21.0 20
24b 1.20 | 1.00 7.72 7.72 | 6.53 20.8 16
2s5b 1.20 | 1.00 7.72 7.72 | 7.05 20.7 15

astabilator position was 0° for these tests.
brakes were installed.



TABLE 3. — Continued

(b) Airplane test conditions for comparison of surface pressures
H - -
gg;’gt M, dZé P g’ggr g’g’i' NPRL | Rea x 1076 Ca x 10-4

1 0.63 1.09 6,266 18,2 19.5 2.65 143.8 6

2 0.63 1.23 6, 251 18,2 19.5 2,65 143.1 5

3 0.64 1.00 10,169 18.1 19.7 2.84 100.0 8
4 0.60 3.11 6,081 17.8 19.7 2.76 148.1 7
5 0. 61 3.22 6,120 18.2 19.6 2,42 139.4 7
6 0.60 3.00 10,279 18.1 19.5 2,86 92.5 4
7 0.60 5.05 6,303 18,2 19.6 2,57 136.9 8

8 0.60 5.19 6,155 17.8 19.6 2.79 146.9 8
9 0.61 5.38 6,331 18.2 19.6 2.58 137.5 6
10 0.61 5.79 10,520 18.1 19.6 2.74 91.3 6
11 0.81 1.1 6,075 18.8 19.5 2.95 194.4 8
12 0. 81 1.12 6,082 18.8 19.6 2,96 193.8 8
13 0.79 1.55 6, 291 18.8 19.6 2.59 178.8 8
14 0. 82 3.09 6,132 18.0 16.0 2.54 189.4 9
15 0. 80 3.12 6,216 17.8 19.6 3. 31 194.4 9
16 0.82 3.17 6,151 18.0 16,2 2.55 188.8 9
17 0.80 3.01 10,637 18.2 19.6 2.94 115.6 9
18 0.79 3.02 13,180 17.8 19.3 2.92 82.5 9
19 0.81 5.01 10,660 18.1 18.6 3.29 118.8 10
20 0. 81 5.02 10,655 18.1 18.6 3.29 119.4 10
21 0.80 5.00 13,639 17.8 19,2 4,06 75.0 9
22 0. 80 5.01 13,713 17.7 19.2 3.74 78.1 9
23 0.80 6.23 13,635 17.8 18.5 3.14 78.8 9
24 0. 88 0.89 6,397 18.9 19.7 3.05 201.3 10
25 0. 87 0.98 6,402 18.9 19.7 3.05 200.0 9
26 0.9 1.05 6,385 18.1 15. 4 2,87 203.8 1
27 0.90 1.20 10,699 18.1 19.3 3.63 131.9 14
28 0.91 3.05 5,912 17.9 19.3 4,19 228, 1 15
29 0.90 3.10 6,146 17.9 19.2 4,32 221.9 14
30 0. 89 3.08 10,663 18.1 19,2 3.61 131.3 13
31 0.89 3.09 10,669 18.1 19.4 3.62 131.3 12
32 0.89 3.09 13,764 17.9 18.5 3.53 86,9 12
33 0.90 3.42 13,565 17.8 19.3 4,20 85.6 13
34 0. 61 1.00 10,894 14.1 19.6 4.01 87.5 5
35 0.91 2,20 10,624 14,7 19.5 5.14 130.7 8
36 1.19 0.84 6,008 73 8.0 5.00 295,0 15
37 1.22 0.84 6,272 7.2 7.9 4,97 302.5 14

31
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TABLE 3. — Concluded

{c) Thermodynamic properties of jet for
selected test conditions of figure 39

(1) Model tests

Test Tm., Gas constant, Ratio of MFRM
point X J/kg K specific heats
4 307 287.1 1.4 2.39
9 317 287.1 1.4 1.44
16 282 287.1 1.4 1.30
23 298 287.1 1.4 1.44
(2) Flight tests
Test Tar Gas constant, Ratio of MFRA
point K J/kg K specific heats
3 541 287.2 1.38 1.25
11 580 287.2 1.37 1.04
24 620 287, 2 1.37 1.07
37 1824 287.5 1.27 0.54




TABLE 4.

(a) Model tests

— TEST CONDITIONS FOR COMPARISON OF
BOUNDARY LAYER PROFILES

Pt Y2 Tt r
Test M, a, BTL, BTR, -6 () ©
point deg deg deg NPRL | Rep X 10 N/cm2 K
262 0.60 2.99 18.4 18.4 2,00 17.5 10,23 310
27a 0.80 1.00 18.4 18.4 3. 51 20.0 10.23 320
28a 0. 80 2,98 18.4 18.4 3.50 20,0 10.24 320
29a 0.80 6.99 18.4 18. 4 3.52 20.0 10. 24 320
302 0.90 2.99 18.4 18.4 3.60 20.9 10. 24 322
31b 1.20 2.90 7.72 7.72 5. 01 20.9 10. 20 336
astabilator position is -2°,
bgtabilator position is 2°.
(b) Flight tests
Pe o+ Te o
Test M ] Hp, BTL BTR, - w w
point T deé m deg' deg NPRL | Rea X 1076 N/cm2 K
38 0.60 3.50 10,684 18.0 19.6 3.1 81.3 2.38 251
39 0.82 1.28 5,910 18.1 19.6 2.8 203.8 7. 26 281
40 0. 80 3.14 10,581 18.0 19.5 2.0 125.0 2,42 241
41 0. 80 6.97 10,686 17.9 19.2 4.4 109.4 2,38 264
42 0.91 3.10 5,949 17.7 19.6 3.7 224.4 7.95 288
43 1. 21 2.50 13,884 12,3 9.7 3.4 108.9 3.50 285

33
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TABLE 5. — PITOT PRESSURE RATIOS OBTAINED
FROM BOUNDARY LAYER RAKES

(a) Model

(1) Forward rake

H,a Test point
cm 26 27 28 29 30 31
0 0.7822b 0.6667 0.6577 0.6435 0. 5995 0.4736
1.82 0. 8982 0. 8491 0. 8363 0. 8035 0. 8097 0.6778
11.58 0.9958 0.9929 0.9926 0.9837 0.9879 0.8430
17.98 0.9969 0.9931 0.9937 0.9927 0.9891 0. 8624
23,46 0.9987 0.9958 0.9965 0.9957 0.9906 0.8901
29.56 0.9946 0.9896 0.9903 0.9898 0.9827 0.8910
41.45 0.7768C 0.6681 0.6613 0. 6446 0.6117 0.4826
agcaled to flight.
bsurface static pressure divided by Py .
©o
CStatic pressure divided by Py .
00
(2) Aft rake
H, Test point
cnm 26 27 28 29 30 31
0 _—— — ——— _—— _— ——
3.05 0.8947 0. 8480 0.8207 0.8086 0.7753 0.6063
12,19 0.9640 0.9691 0.9224 0.8800 0.8904 0.7499
18.29 0.9864 0.9905 0.9684 0.9055 0.9523 0. 8261
24.38 0. 9946 0.9899 0.9880 0.9427 0.9776 0.9003
30.48 0.9877 0.9569 0.9354 0.9388 0.9312 0. 8490
41.45 0.7524¢] 0.6507 0.6414 0.6318 0.6176 0.4114

Cstatic pressure divided by Py ,
- -]




TABLE 5. — Concluded
(b) Flight

(1) Forward rake

H, Test point
cm 38 39 40 a 42 43
0 0.795P | 0.666 | 0.672 | 0.664 | 0.611 | 0,491
0.76 | 0.903 0.814 0. 826 0.835 0.768 0.647
1.40 0.911 0. 823 0. 831 0.856 0. 781 0.662
3.99 | 0.942 0.864 | 0.879 | 0.914 | 0.824 | 0.738
7.87 0.968 0.913 0.928 0.962 0. 869 0.824
13.46 0.986 0.974 0.975 0.988 0.937 0.930
19.18 | 0,997 0,995 | 0.995 | 0.992 0.980 | 0.978
24,64 1.006 1.001 0.999 0.991 0.997 0.984
29. 41 1. 005 1.003 1.001 0.983 1.001 0.985
33,93 1.007 1.001 0.999 0,975 0.999 0.987
38.43 0.998 0.999 0.991 0.962 0.997 0.985
bsurface static pressure divided by Py .
o
(2) Aft rake
H, Test point
cm 38 39 40 4 42 43
0 0.754P| 0.622 0.626 0.624 0.590 0.432
0.76 0. 887 0.815 0.818 0.829 0.773 0.622
1.40 0.914 0.845 0.847 0.868 0.804 0.660
3.94 0.950 0.930 0.929 0.958 0.894 0.819
7.77 0.981 0.973 0.970 0.983 0. 951 0.923
13.41 0.990 | 0.997 | 0.990 | 0.978 | 0.990 | 0.955
19.18 0.996 0.997 0.992 0. 965 0.995 0.956
24.89 0.997 0.998 0. 996 0.951 0.991 0.958
29. 11 0.995 0.999 0.987 0.940 0.987 0,955
33.83 0,991 0.998 0.977 0.935 0.984 0.956
38.43 | 0.987 1,001 0.969 | 0.929 | 0.987 | 0.954

bsurface static pressure divided by Py .
©0

TABLE 6. — BOUNDARY LAYER THICKNESSES MEASURED IN FLIGHT

Test Thickness, cm Displacement thickness, cm Momentum thickness, cm
point | porward rake Aft rake Forward rake Aft rake Forward rake | Aft rake
38 23.1 17.5 1.8 1.0 1.4 0.7
39 22.3 12.3 2.3 1.0 1.5 0.7
40 22.0 16.1 2.1 0.9 1.4 0.7
41 13.3 7.0 1.1 0.5 0.8 0.4
42 25.5 12.1 3.0 1.0 1.9 0.7
43 20.5 12.4 2.9 1.3 1.6 0.7
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TABLE 7. — FIGURE CONTENT AND TEST CONDITIONS OF

FIGURES IN RESULTS AND DISCUSSION SECTION

Figure

Figure content

Test points

Model

Flight

21, 29, 32

22, 30, 33

23, 31, 34

24

25

35(a), (b),

(e), (4)

35(e)

36

37

38

39

40

41

Comparisons of surface pressure
coefficient distributions as
Mach number is varied

Comparisons of surface pressure
coefficient distributions as
angle of attack is varied

Comparisons of surface pressure
coefficient distributions,
nozzle recompression, and
nozzle axial force as left
boattail angle is varied

Comparison of boundary layer
profiles and thicknesses as
Mach number is varied

Comparison of boundary layer
profiles and thicknesses as
angle of attack is varied

Comparison of recompression on
the nozzle circumference as
Mach number is varied at
a = 1° to 2°

Comparison of recompression on
the nozzle circumference as
Mach number is varied at
a = 1° to 2°

Comparison of recompression on
the nozzle as left boattail
angle is varied ata = 1° to 2°

Effect of Mach number and left
boattail angle on the compar-
ison of nozzle axial force
coefficient at a = 1° to 2°,
NPRL ® 2.5 to 5.0

Effect of angle of attack on the
comparison of nozzle axial
force coefficient at
NPRL ®# 2,5 to 5.0

Effect of nozzle pressure ratio
on the comparison of nozzle
axial force coefficient at
a = 1°

Effect of Reynolds number on
nozzle axial force coefficient

Effect of Mach number on the rate
of change of nozzle axial force
coefficient with Reynolds number

4, 9, 16, 23

9, 12 to 14

4, 16, 21, 22

26, 28, 30, 3

27 to 29

4, 9, 16, 23

3to5, 9 to 11,
16 to 19, 23

4, 16, 21, 22

3 to5, 9 to 11,
16 to 19,
21 to 23

3 to 7, 9 to 14,
16 to 20

1 to 5, 8 to 11,
15 to 19,
23 to 25

3, 4, 9, 10, 16,
17, 23

3, 4, 9, 10, 16,
17, 23

2, 11, 25, 37

1, 14, 22, 23

2, 26, 34, 35

38, 40, 42, 43

39 to 41

2, 11, 25, 37

1 to 3, 11 to
13, 24 to 27,
36, 37

2, 26, 34, 35

1 to 3, 11 to
13, 24 to 27,
34 to 37

1 to 33

1 to 3, 11 to
13, 24 to 27,
36, 37

1 to 3, 11 to
13, 24 to 27,
36, 37

1 to 3, 11 to
13, 24 to 27,
36, 37

36
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OF POOR MIALITY

L-81-10,410

Figure 1. 1/12-scale F-15 propulsion model in the NASA Langley tran-
sonic wind tunnel.
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GAGE 1S F.S. F.S. 157.134

ORIGINAL PA“’&TY 101.915 /

OF POOR ‘QUA \ F.S. 183.302
+ ya 16.299 | Interfairing

! \\—Tail 35.878

boom
22 543 d /
= 54.364

Lg 851
- =
~~ 14.464

s 6.481
150.495 -
\ A
F.S. 138.107 A
\I | 26.213
F.S !
NN
28613 / 165.423
I

158.689 L Metric
X break

<€
g

Figure 2. Details of F-15 propulsion model
geometry (dimensions in centimeters).

L-81-10,408

Figure 3. View of F-15 propulsion model showing afterbody details and
military power test nozzle; BTL = 18.4°.
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_—F.5.165.423

- 8.120 -
28.201°
0.381
->’ i
N f
7.026 $A\_2 056 5126
diameter 4.811 3.
diameter diameter
- 4.387 — 5.202
diameter
[ \

F.S. 165.423 N

T ~—1s.4a5°

(a) Military power setting, BTL = 18.4°.

0.386
p— 4
Wy —-‘ ——
1 21.983°
[}
A 5.954
T 3-117\° diameter
5.476
diameter
- - - =
7.026 - 4.384 —>»| 6.030
diameter diameter
Y
Y
e T~ 15.053°

(b) Partial afterburning power setting,

BTL = 15.1°.

Figure 4. Drawings of the model nozzles used in the
comparison (dimensions in centimeters).
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*S. 165.423
< 8.313 >

AN
2,405 l«——— 5.908 ——»
g [
— ] ) P 0.399
i wallas
o
14.919 - y ]
+ + 7.412
8.722x /;iameter
7.026 6.081
diameter _ | diameter _
+——4.341—> 7.488
diameter
* Y
A i Y
I ~—7.717°
~— F.S. 167.828
(c) Partial afterburning power setting,
ORIGINAL PAGE IS BTL = 7.7°.

R ‘QUATITY
OF POO Figure 4. Concluded.

ECN 9325

Figure 5. Photograph of the F-15 airplane in flight.
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I—X->~

Figure 6.

Three-view drawing of the F-15 airplane (dimensions in meters).
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ECN 40415-001

Figure 7. Airplane afterbody showing nozzles in the military power nozzle
setting.

Three-dimensional-<—|—Axisymmetric
fuselage nozzle

Variable boattail angle,
: / BTL or BTR
E?é /—Nozzle surface is
— assumed to be
Segmented |+ <13.2° a straight line
flexible [
fairings — ||
g _\: Fixed Variable part
— part of of nozzle
u nozzle
I I 1 I | | | l | |
86 87 88 89 .90 91 92 93 94 95
X/L

Figure 8. Details of airplane nozzle geometry.
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Faired inletEeN
%

(a) Model inlet replaced by fairing.

(b)

Figure 9.

Airplane inlet.

Model and airplane inlets.

AL PAGE I

R QuaLrty

L-81-10,749

E 29406
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Inlet

reference .
line Variable- Bypass door,
_\ / angle cowl / open or closed
— x
Cowl rotation

point

(c) Inlet variable geometry.

Figure 9. Concluded.

Vent air exit

Variable {laps

Segmented flexible
iring

E 35115
(a) Rear view of the engine compartment air vent of F-15 airplane.

Figure 10. Engine compartment air vent.
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(b)

ORIGINAL PACE 18

v

OF POOR QUALITY

L

L-81-10,454
Simulation of air vent on model with a rearward facing step.

Figure 10. Concluded.

(a) Airplane. (b) Model.

Figure 11. External nozzle surfaces.

45



ECN 24134

(a) Faired-inlet configuration.

ECN 24136

(b) Flowing-inlet configuration.

Figure 12. 1/48-scale flow visualization model.
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Static pressure orifice
Boundary layer rake
Airplane only
Model only
XX Region over which com-
parisons are made in
_ this report

B Upper fuselage—\E_/

N R
D TN NN
Upper nacelle

00eo

L Upper tailboom
I I | | I | I I [ 1
0 A 2 3 4 5 6 7 8 9 1.0

(a) Upper surface.

o Static pressure orifice
XXX Region over which com-
parisons are made in
this report

- Fuel dump

L N\

SNAY § AunnaNY,

&%

B =
[ I N AN NS NN E (N S I —
o 1 2 3 4 5 6 7 8 9 10
XIL

(b) Lower surface.

Figure 13. Fuselage surface pressure orifices.



XIL = 0.693

\\ XIL = 0.707
0.6357 _
"‘ \::_><.2.286
/ —
3.454T——/ 3.556

—— =
2.463 9}55 L 443°
1498 0965__Y |

Model 0.152 Parallel t
surface nacelle

centerline

Left nacelle, X/L = 0.684

XIL = 0.871
—\]

1. 524 3 048 XIL = 0.881

T 0. 762
3. 454 Parallel to
. nacelle
3.632 | centerline

s U l i
surface \ T

Right nacelle, X/L = 0.867

(a) Drawings of model rakes.

Figure 14. Boundary layer rakes (dimensions in
centimeters).
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(b) Rakes installed on the model.

Figure 14. Continued.

L-81-10,754
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Y

/Airplane

surface

(c)

Parallel
to nacelle
centerline

7/

Drawing of forward airplane rake.

Figure 14.

Continued.
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(d) Forward airplane rake on the left
nacelle.

Figure 14. Concluded.

= °
350°, ©=0

6 orifices—\ \

302°, 62°
8 orifices s
_\ 6 orifices
278°, Be

86°,
4 orifices

4 orifices-\

230°,

4 orifices/ \_134‘,,

182°, _/ 4 orifices
6 orifices i

Figure 15. Angular locations of the 42 ori-
fices on the left nozzle surfaces of the model
and airplane (looking forward).
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350 x 106

O Flight, Hp= 6,100 m
O Flight, Hp = 10,700 m ; Nominal
300 — O Flight, Hp = 13,700 m
A Model
—— Fairing
250 —
200 —
Reynolds
number
150 —
50 —
mAL -L——/ A
0 T Y S S
5 .6 7 8 9 10 11 12 13

Mach number

Figure 16. Variation of test Reynolds number
with Mach number.

2 — Test
8 values
18 |— Q A of BTL
O 00g © 4 O ML
© 8 O 14.6°
Oo0 .
16 — O 95°
A 7.7°
14 |— B B 8 u@ B g 1:j] O —— Target
BTL, values
de
9 12 —
I o
8 A N
ry 5 &85 2
S I T RN N N M B R
4 6 8 1.0 12 14 1.6 1.8 20 2.2

Figure 17. Typical values of left nozzle boattail angle from
flight tests (from ref. 6).



12 — BTL, deg
0 18.1 (MIL) §I1
10 — 0 14.6 8o
O 95 o@
A 17 !E
8 —
goo?
NPRL 6 [— oA
&
o f
[ 8§ 98
0 RN RN SR IS S N R B
4 6 8 10 12 14 16 18 20 22
Moo

Figure 18. Variation of nozzle pressure ratio with
flight test Mach number (ref. 6).
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Moo= 06 H = 10,700 m
+.04
el /-Moo = 0.6,H, = 6,100m
rror = (. =
iy Mo, = 08,H_ = 10,700 m
cor b o\M°° = 09,H = 6100m
+.01 — o
. I N T
+5 x 10~4
My =06, Hy = 10,700 m
+4 |-
Py = /Moo = 0.6,H, = 6,100 m
inC, Me,= 0.9, H, = 10,700 m
+2
Moo =08, H, = 6,100 m
1
| | | | |
0 1 2 3 4 5

doy» Nicm?2

Figure 19. Variation of errors in C, and Cp

with free-stream dynamic pressure (as obtained
in ref. 6).



XL .

-2 = influencing flow flow field

0 A
A /\
Vehicle component Type of

< o
4
Wing Expansion
5 — /]
6
7 Nacelle, wing m Compression
8
Vertical tail,
fuselage and Expansion-
9 |- nozzle intertairing, recompression
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Figure 25. Comparison of boundary layer profiles and thick-
nesses as angle of attack is varied. M, = 0.8°; BTL = 18.4°
to 17.9°; BTR ® 18.4° to 19.6°; and NPRL = 2.0 to 4.4.
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(a) Plan view at o = 1°,

Figure 26. Effect of angle of attack on flow patterns of
flowing-inlet configuration.
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(b) Plan view at a

3°.

Figure 26. Continued.
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(c) Plan view at a = 7°.

Figure 26.

Continued.
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(d) Side view at a = 1°.

Figure 26. Continued.
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(e) Side view at a =3

Figure 26.

Continued.
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(f) Side view at a = 7°,

Figure 26.

Concluded.
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(a) Plan view at a = 1°.

Figure 27. Effect of angle of attack on flow patterns of
faired-inlet configuration.
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(b) Plan view at a = 3°.

Figure 27. Continued.
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(c) Plan view at a

7°.

Figure 27. Continued.
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(d) Side view at a = 1°.

Figure 27. Continued.
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(e) Side view at a = 3°.

Figure 27.

Continued.
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’ (f) Side view at a = 7°,

Figure 27. Concluded.
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Figure 28. Variations in pressure coefficient
associated with afterbody and nozzle flow
interactions.
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(d) a = 6° to 7°; BTL = 18.4°; BTR ® 18.4°; and

NPRL = 3.0 to 3.5.

Figure 33.

Concluded.
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(a) M_ = 0.6; BTL *~ 15.1°; BTR = 18.4 to 19.5°;
and NPRL = 4.0.

Figure 34. Comparison of nozzle pressure coeffi-
cient distributions as the left nozzle boattail
angle is varied at a *= 1° to 2°.
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(b) M = 0.6; BTL ® 18.4; BTR = 18.4 to 19.5°; and

NPRL = 3.0.

Figure 34.

Continued.
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Figure 34. Continued.
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(d) M_ = 0.9; BTL = 18.4°; BTR = 18.4 to 15.4°;

and NPRL = 2.5 to 2.9.

Figure 34. Concluded.
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(b) M_ = 0.8; BTL = 18.4°; BTR = 18.4° to
19.5°; and NPRL ®= 2.5 to 3.0.

Figure 35. Comparison of recompression on the
nozzle circumference as Mach number is varied

at a = 1° to 2°.
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(d) M =1.2; BTL = 7.7°; BTR = 7.7°; and
NPRL = 5.0°.

Figure 35. Continued.
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Figure 35. Concluded.
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(b) M_ = 0.6; BTL ~ 18.4°; BTR = 18.4° to
19.5°; and NPRL = 3.0.

Figure 36. Comparison of recompression on the

nozzle circumference as the left nozzle boat-
tail angle is varied at a = 1° to 2°.



O Flight

O Model

Solid symbol indicates
average value

2 —
Last nozzle orifice
in each row
0 S
CP
-2
\[First
nozzle orifice in

_4 leach row | | |

o 90 180 270 360

®, deg

(c) M_ =~ 0.9; BTL » 15.1°; BTR ~ 18.4° to
19.5°; and NPRL = 5.0.

O Flight

O Model

Solid symbol indicates
average value

2 Last nozzie orifice
T in each ro7
’ M
c, I
-2
First nozzle
orifice in
-4 | I | each row |
0 90 180 270 360
®, deg
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Figure 36. Concluded.
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(b) Effect of left nozzle boattail angle.

Figure 37. Effect of Mach number and left

nozzle boattail angle on the comparison of
nozzle axial force coefficient at a = 1° to 2°
and NPRL = 2.5 to 5.0.
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Figure 38. Effect of angle of
attack on the comparison of
nozzle axial force coefficient
at BTL = 18.4° and NPRL = 2.5
to 5.0.
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Figure 39. Effect of nozzle pres-
sure ratio on the comparison of
nozzle axial force coefficient at
o= 1° to 2°.
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(d) M_ = 1.2; BTL = 7.7°.

Figure 39. Concluded.
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Figure 40. Effect of Reynolds number on nozzle axial
force coefficient at a = 1° to 2°.
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Figure 40. Concluded.
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