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Abstract

Results arc presented which define unstcady flow
conditions associated with high dynamic response experi-
enced on a high aspect ratio elastic supercritical wing at
transonic test conditions while being tested in the NASA
Langley Transonic Dynamics Tunnel. The supercritical
wing, designed for a cruise Mach number of 0.80, experi-
cnced the high dynamic response in the Mach number range
from 0.90 to 0.94 with the maximum response occurring at
a Mach number of approximatcly 0.92. At the maximum
wing response condition the forcing function appears to be
the oscillatory chordwisc movement of strong shocks lo-
cated on both the wing upper and lower surfaces in conjunc-
tion with the flow separating and reattaching in the trailing
cdge region.

Nomenclature

C, pressure coefficient
Cp’ critical pressure cocfficient, two dimensional

value
G acccleration / gravitational constant
Hz Hertz, cycles/sccond
M free strcam Mach number
q free strcam dynamic pressure, psf
SGB  output of wing root strain gage bridge
x/c fraction of local chord
M fraction of semispan

Introduction

The clastic supercritical wing uscd in the prescent
test is the full-scale right scmispan of the second Aeroclastic
Rescarch Wing (ARW-2). This rescarch wing was designed
to be flown on a drone flight aircraft for the investigation of
active control systcms for mancuver load alleviation, gust
load allcviation, and fluttcr suppression (reference 1). The
flight wing structural design was bascd on an iterative
procedure which took into account the load and stiffness
reduction bencefits provided by the active control systems.
This integrated design process resulted in a wing with more
flexibility than othcrwise would have occurred. A delay in
the planned drone [light-test program provided the opportu-
nity to usc the instrumented flight wing as a flexible model
for testing in the Langley Transonic Dynamics Tunnel
(TDT)aspartof acontinuing scrics of tests for measurement

of unsteady transonic acrodynamic characteristics on vari-
ous wing planforms and airfoil shapes (reference 2). In
preparation for flight tests of the flexible wing there were
wind-tunnel tests of a structurally stiff 0.237-scale model of
the flight wing and drone fuselage (references 3 and 4).
These scale-model tests identified that the drag-divergence
Mach number for this supercritical wing configuration oc-
curs in the Mach number range 0.81 10 0.83. Drag-diver-
gence is an indicator of the onset of the breakdown in
attached flow conditions.

During the initial wind-tunnel test of this elastic
wing (reference 5) a region of high dynamic response char-
acterized by wing first bending motion was unexpectedly
encountered near M=0.90. Analysis of wing response data
using a subcritical response technique appeared to predict an
instability boundary at an almost constant Mach number of
0.90 for all test dynamic pressures. Consequently, further
testing was limited to M=0.88 or Iess to prevent-possible
damage to the wing which was still considered to be a flight
article. Although a change in flow characteristics at Mach
numbers higher than drag-divergence was expected, the
occurrence of large amplitude wing response motion, and
the resulting prediction of an instability boundary, were not
anticipated.

Asaresultof continued interest in the large ampli-
tude wing response experienced during the first tunnel test
and the subsequent cancellation of the flight-test program, a
second tunncl test was conducted without a Mach number
limitation to specifically investigate the region of large wing
response. No instability boundary was found during the
second test, butrather anarrow Mach numberregion through
which the wing experiences high dynamic response (refer-
ence 6). The response, which increased in magnitude as the
testdynamic pressure was increased, is centered neara Mach
number of 0.92,

The goal for the second tunnel test was not only to
fully explore the region of large wing response and deter-
mine if an instability boundary existed but also to define the
unsteady flow conditions forcing the response. The flexible
ARW-2 wing was instrumented for the measurement of
unsteady pressures on the outboard portion of the right
semispan in preparation for the drone flight-test program.,
Measurement requirements for the first wind-tunnel test
resulted in the data being recorded for discrete test points to
provide mean pressure values for static test conditions and
transfer function magnitude and phasc information for con-
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trol surface oscillation tests. In order to provide better
information on wing surface flow conditions the data acqui-
sition proccdure was modified for the second test so that
continuous wing surface pressure time history measure-
ments were recorded. A summary of initial results from the
sccond tunncl test were reported in reference 6. The conclu-
sion that the driving mechanism appears to be related to
chordwise shock movement in conjunction with flow scpa-
ration and reattachment on both the wing upper and lower
surfuces resulted from evaluation of the measured surface
pressure time historics.

This paper presents sample results from an ongoing
cvaluation of the measured wing motions and wing surface-
pressure time histories. Chordwise pressure distributions as
well as pressure time histories arc presented to show the
degree of flow unsteadiness through the transonic speed
rangc where the high dynamic response was encountered.
The effccts of changes in test dynamic pressure and model
angle of attack on mean valuc pressure distributions are also
presented.

Modcl

The right semispan of the full-scale wing used as
the test model is shown mounted on the TDT test-section
sidewall in figurc 1. The supcrcritical wing model has a
semispan length of 9.5 ft., an aspect ratio of 10.3, and a
leading cdge sweep angle of 28.8 degrees. The half-body
fusclage has ojive nosc and tail scctions but is of cylindrical
shapc with a diameter of 25 inches in the region of the wing
mounting. Wing planform and dimensional data are pre-
sented in figure 2, The wing frequency response character-
istics measured in still air are shown in figure 3. The four
nodal frequencics noted in figure 3 are for the wing first
bending, wing sccond bending, fore and aft in plane, and
wing first torsion modecs, respectively.

Instrumecntation

Locations for the wing surface-pressure orifices
and the accclecrometers are presented in the planform layout
of figurc 2. The wing surfacc pressures were measured
using a scparate clectronically scanned pressure (ESP)
mecasurcment system (reference 7) for cach orifice row.
Each ESP module contained 32 pressure transducers all of
which had a common reference pressure port. For this test
sctup the reference pressure was the tunnel static pressure.
The wing surface orifices were connected to the pressure
transduccrs by matched metal and plastic tubes having an
innerdiameter 0f0.040 inch and alength of 18 inches. There
were 16 orifices on both the upper and lower surfaces of the
inboard orificc row and 15 orificcs each on the upper and
lower surfaccs of the other five orifice rows fora total of 182
wing surfacc pressure measurements. An additional eight

in-situ pressure transducers were located side by side with
some of the fifth row orifices for calibration purposes.

Wing vertical response motion was measurcd us-
ing tcn accelerometers located along the wing front and rcar
spars with the distribution shown in figurc 2. Although not
shown in figurce 2 the wing was also cquipped with scveral
strain-gage bridges calibrated for the measurement of shear,
bending moment, and torsion loads (reference 8).

Data Acquisiti

Data from the three inboard rows of orifices were
acquired at a rate of 31.25 samples per second while for the
three outboard rows of orifices the data were acquired at a
rate of 250 samples per second. Data from the outboard six
accelerometers and for four strain-gage bridges were also
taken at a rate of 250 samples per second. The four strain-

gage bridges used were located two each on the front and

rear spars near the wing root. Data from the three outboard
orifice rows, the wing tip lcading edge accelerometer, and
the wing root rear spar bending moment strain-gage bridge
were used for the analysis results presented herein.

Wind Tunnc]

The model was tested in the Langley Research
Centcr Transonic Dynamics Tunnel (TDT) whichisaclosed
circuit continuous-flow tunncl with a 16-foot square test
section with slots in all four walls. Mach number and
dynamic pressure can be varied simultancously, or inde-
pendently, with either air or Frcon as the test medium. Freon
was used for the testing reported herein,

Test Results and Di .

The supercritical wing model was tested by making
runs at three different dynamic pressure (q) levels as a
function of Mach number as shown by the data in figure 4.
The tunnel was operated by setting a total pressure and then
increasing the motor fan speed until the desired test condi-
tion was reached. As a result the test dynamic pressure
increased slightly with Mach number during each run as
shown inthe figure. The dynamic pressure at M=0,92 for the
low q, medium q, and high q test conditions were 78 psf, 152
psf, and 318 psf, respectively. Also shown in figure 4 is the
region where high dynamic wing motion response was
observed and measured as well as the predicted linear theory
flutter boundary which is located at a much higher dynamic
pressure level than where the wing was tested.

At the low q test conditions all data were acquired
at an angle of attack of zero degrees. For the medium q test
conditions the angle of attack was varied from -2 to +2



degrees in onc degree increments.  For the high q test
condition thc primary angle of attack was zcro degrees
although a fcw test points werc obtained at+/- 1 degree angle
of attack. Unlcss otherwise stated the data presented are for
an anglc of attack of zcro degrees.

Accclcrometer measurement time histories and
results from rcal time response analysis of the accelerome-
ter signals are presented in figure S for the high q test
condition to illustrate the rapid growth and then the equally
rapid decay of wing response as Mach number was increased
from 0.80 up to 0.96. The test Mach numbers selected are
representative of conditions before any significant wing
motion occurrcd (M=0.80), during buildup of wing motion
(M=0.88), near maximum wing response (M=0.92), and
after wing motion had subsided (M=0.96). The response
mcasurcments show that the frequencies for the large wing
responses were in the 8 to 10 Hz range, which indicates that
wing first bending mode type motion was occurring,

During post test analysis, a 10.24 second record of
data was analyzcd to definc a power spectral density (PSD)
curve for each of the test conditions shown previously in
figurc 4. For cach test condition the maximum accelerome-
ter PSD value in the 8 to 10 Hz frequency range was
cstablished. These maximum or peak PSD values are pre-
sented in figure 6 as a function of Mach number for each of
the three dynamic pressure test conditions to show the
narrow Mach number rangc through which the wing experi-
enced the high dynamic response. The results presented in
figurc 6 also show that the peak values incrcased in magni-
tude as the test dynamic pressure increased and that the
maximum wing response occurred ncar M=0.92 for all three
dynamic pressure test conditions.

Presentation of Surface Pressurg Measurements

Wing surface-pressure mcasurements are most of-
ten prescented as chordwise distributions of time averaged or
mean values of pressure cocfficients for specific test condi-
tions. Mcan value results may be used because of instrumen-
tation limitations which preclude getting valid time history
mcasurcments, or mean valuc pressures may be used simply
as away to presenta large number of results inacompact and
cfficicnt manncr.  Unfortunatcly, such a presentation
mcthod can mask time varying or unstcady flow conditions
that can be identificd by looking at pressure measurement
time historics. To illustrate this point, figure 7 presents both
chordwisc distributions of pressure coefficient mean values
and samples of pressurc coefficient time history mecasure-
ments from four typical orifice locations on the wing upper
and lower surfaccs as shown on the airfoil schematic. The
CP’ value shown on the chordwise pressure distributions is
the pressure cocfficient at which the flow would reach sonic
velocity on a model as determined for two dimensional flow

conditions. It is an approximate value for the three dimen-
sional flow conditions of this test series. However, it is a
good indicator that supersonic flow conditions exist when
the pressure cocfficient incrcases above this value. The
measurements are for wing scmispan station n = .87 (fifth
row of pressure orifices). Data are presented for the four
Mach numbers which span the transonic speed range of
interest. The results are for the high q test conditions for
which wing-response accclerometer measurcments were
presented previously in figure 5.

At M=0.80 the chordwise distribution shows that
the pressure coefficient mean values are near the C * value
for the forward portion of the chord. The time histories of
pressure coefficient for this test condition show some flow
unsteadiness at all locations but with the largest response at
location 1. No coherent low frequency content is noticeable
in the pressure measurcments nor was any significant wing
motion observed. At M=0.88 the chordwise pressure distri-
bution shows that the flow is supersonic over the forward
portion of the chord. From the sample time histories of
pressure cocfficients we can getan idea of just how unstable
the flow is for this test condition. Atlocation 1, which is just
ahead of the strong shock on the upper surface, the flow is
quite smooth. However, the situation is substantially differ-
ent for locations 2, 3, and 4 wherc very large variations in
pressure cocfficients arc occurring. Although the measured
pressure variations at the M=0.88 test condition are large the
wing motion was considercd moderate and not of sufficient
magnitude to cause concern. For the M=0.92 test condition
the chordwise distribution of pressure coefficient mean
values indicates that a strong shock has developed on both
the wing upper and lower surfaces. The flow is quite smooth
at locations 1 and 3 which are ahead of the shocks but very
unsteady at locations 2 and 4 which are in the region of the
shocks. The M=0.92 test condition is where the large
amplitude wing motions of concern were experienced. At
M=0.96 the chordwise pressure distribution indicates the
flow is supersonic over the entire chord and the time histories
indicate smooth flow at each of the four sample orifice
locations. Wing motion at the M=0.96 test condition was
insignificant.

The mean value chordwise pressure distributions
of figure 7 also give information on when trailing edge flow
separation occurs. For this supercritical airfoil the upper
surface pressure cocfficient curve should cross from above
10 below the zero line necar x/c = .95 for attached flow
conditions. Separated flow conditions are dcfinitely indi-
cated if the upper surface trailing edge pressure measure-
ment at x/c = .99 approaches or crosses to the upper side of
the zero line. Using this criteria the mean-value pressure
coefficients indicate that the upper surface trailing edge flow
is attached at M=0.80 and 0.88, a slight change is observed
for M=0.92, and the flow has definitely separated at M=0.96.
For the wing lower surface, attached flow through the
trailing edge cove region of the supercritical airfoil produces



the trailing edge pressure cocfficicnt profile shown for the
M=().80 and 0.88 tcst conditions. When the flow on the
lower surface scparates the pressure coclficients for the cove
rcgion move up toward the zcro line. Using this criteria the
mcan-valuc pressure cocfficients indicate that the lower
surface trailing edge flow has separated for the M=0.92 test
condition. For the M=0.96 test condition the region of {low
scparation on the lower surface trailing cdge incrcased
further causing the pressure coefficients to go above the zero
linc as shown. Wool tufts mounted on the wing surfaces (ref-
ercnce 6) were used to give a visual confirmation of when
flow scparation occurred.

Chordwisc P Distribui

From the data of ligure 7itis obvious thatitis uscful
1o look at both the mecan value of the pressure cocfficicnts
and to have an idca of the magnitude of the pressure variation
that is occurring at each mcasurement location. Chordwise
pressure distributions showing the pressure cocfficient
measurcment range at cach orifice location as well as the
mean values arc presented in figure 8 for spanwise stationn
= .87 for the same four high q test conditions shown previ-
ously in figurcs § and 7. The pressure cocfficient measure-
ment range is shown in the form of a vertical bar which goes
from the maximum to the minimum value mcasured at each
orifice location. The mean values and the range between
minimum and maximum values were determined for a four-
second time interval for cach test condition. Range was
sclected as the method to show the pressure variations
becausc of the nonperiodic form of the measurements at
scveral locations. The upper surface and lower surface
pressure measurcments are shown scparately in order to
prevent overlapping of data.

The data prescented in figure 8 show that cven at
M=0.80 there is a large region of unsteady flow on the wing
upper surface (x/c = 0.29 to (.58). Becausc M=0.80 was the
design cruise Mach number for the flight wing this region of
flow unstcadincss was not expected although it did not scem
to causc any significant wing response motion as was dis-
cusscd carlicr. At M=0.88 the upper surfacc mcasurcment
ranges arc largest at and ncar the shock location. For the
wing lower surface the range of measurcd pressure vari-
ations is quite large in the midchord region (x/c = 0.30 to
0.51) which may represent shock movement over a large
chordlength. Both the trailing edge pressure cocfficient
measurcments and the wool tufts indicated that the flow
remaincd attached in the outboard region of the wing for this
test condition. Although the pressure measurcment ranges
arc very large at M=0.88 the wing expericnced only moder-
ate rcsponsc motion at this test condition as was mentioned
carlier,

The pressure distributions of figure 8 for M=0.92
show a large region of stable supersonic {low followed by a
strong shock onboth the wing upper and lower surfaces. The

largest measurement ranges occur at the shock locations
with smaller, but still significant, mcasurcment ranges oc-
curring inthe trailing edge region behind the shocks, particu-
larly for the wing lower surface. The pressurc-measurcment
range at the wing upper surface trailing edge location indi-
cates that the flow is alternating between attached and
detached flow conditions. On the lower surface from x/c =
.68 to the trailing edge the ranges for the pressure measure-
ments indicate that there is alternating separated and at-
tached flow throughout the lower surface cove region. The
wool tufts (reference 6) indicated separated flow from x/c =
0.7 to 1.0 on the wing upper surface and from 0.6 to 1.0 on
the lower surface for the entire outboard wing region. The
M=0.92 test condition is where the largest amplitude wing
response motions occurred. At M=0.96, where wing motion
is very small, the flow is supcrsonic over the entire chord on
both the wing upper and lower surfaces. Even so there still
seems to be a strong shock at x/c = .74 on the upper surface
and between x/c =.74 and .83 on the lower surface. The only
large measurement range obscrved occurs on the wing upper
surface at the strong shock location. The wool tufts (rcfer-
ence 6) indicated separated flow from x/c=0.6t0 1.0 for both
the upper and lower surfaces.

The chordwisc pressure distribution presentation
format of figure 8 does provide a good understanding of the
overall flow condition at the wing station and an idea of the
location and magnitude of local pressure variations. How-
ever, it does not provide information on frequency content,
phasing, or coherency of any of the pressure oscillations that
are occurring. A better understanding of the oscillatory
characteristics of each measurement can be obtained by
looking directly at the surface pressurc measurement time
histories as presented in the next section.

Surface P M Time Histori

Examples of wing surfacc pressure coefficient
measurement time histories are presented in figures 9 and 10
for the Mach number 0.88 and 0.92 high q test conditions,
respectively, These arc the test conditions where large
ranges in measured pressures were observed for chordwise
pressure distribution results at semispan stationn = .87 (fig.
8). The three columns of time-history measurements in
figures 9 and 10 are for all three outboard orifice rows where
high sample rate measurements were obtained. As indicated
on the figures, the upper 15 pressure measurements in each
column are from the wing upper surface and the lower 15
from the wing lower surface. The zero pressure coefficient
locations and the x/c positions are provided for each pressure
trace as well as a scale applicable to all of the pressure
cocfficient measurements. No pressure measurements are
given for the first three orifice locations on the lower surface
at the inboard station because they were found to be invalid.
The purpose of presenting measurcments from all three
outboard orifice rows is to show that there are also some
significant spanwise variations in unstcady pressures ateach



testcondition. The output of the wing root rear spar bending
moment strain-gage bridge (SGB) is presented at the bottom
of cach column of pressurc measurements to show the
rclationship between local pressure oscillations and wing
motion. For wing first bending mode motion, wing root
bending moment is proportional to wing deflection.,

Chordwise distributions of pressure cocfficent
mean values are presented in figure 11 for the same orifice
rows and test conditions as the time-history measurements of
figures 9 and 10. Correlation of pressure coeflicent time-
history mcasurcments of figures 9 and 10 with the mean
valuc chordwisc distributions of figure 11 assists in visual-
izing shock locations and other flow conditions influencing
vertical spacing of the time-history measurements.

The pressure cocfficicnt time histories presented in
figurc 9 for M=0.88 show that large amplitude pressure
variations arc occurring at scveral locations on cach orifice
row. A predominate featurc for the wing upper surface is the
large vertical spacing between measurements associated
with strong shock locations. At =.71 the large vertical
spacing between measurcments at x/c = .66 and .74 results
from the large negative pressure gradient associated with the
strong shock situated between these two measurement loca-
tions. The large vertical spikes in the measurement at x/c =
.74 occur when the shock moves across and aft of that
mcasurcment location. A noticcable spanwise variation is
that the shock location moves progressively further forward
for the middle and outboard orifice rows. On the wing lower
surface there is a large pressure gradient at the outboard
orificc row (1 =.97) between x/c = .29 and .36 indicating the
existence of a strong shock. However, at the two more
inboard stations (n = .71 and .87) the existence of a strong
shock is not as obvious. Rather, it appcars that a large
pressure wave is oscillating back and forth across several
orifice locations (x/c = .30 to .57 forn = .87). Even though
therc arc many orificc locations where large amplitude
pressurc oscitlations arc occurring the wing motionas shown
by the SGB output was very moderate.

The predominate feature of the pressure time histo-
ries presented in figure 10 for M=0.92 are the large ampli-
tude pressure oscillations associatcd with the strong shocks
on both the wing upper and lower surfaces at all three
scmispan stations. Pressure oscillations at other x/c loca-
tions appear to increase in amplitude from the inboard to the
outboard station. The SGB mcasuremcent shows the wing
motion for comparison with wing surfacce pressure oscilla-
tions. As stated previously the response motion for this test
condition was very large resulting in concem for the struc-
tural safcty of the wing.

A few obscrvations can be made conceming the
time-history mcasurements of figure 10. Because the SGB
mcasurcment is proportional to wing deflection the down-
ward slopc of the SGB trace corresponds to plunge motion

resulting in an increase in local angle of attack. Conversely,
thc upward slope of SGB corresponds to heave motion and
a dccrease in local angle of attack. The largest wing-
deflection motion and, thercfore, the largest effect of local
angle of attack changes would be at the wing-tip station (n =
97) for first bending motion. Furthermorce, the largest
effccts due to angle of attack changes would be expected in
the wing lcading edge rcgion. As can be seen, the wing
leading cdge pressure time-history oscillations arc largest
for the wing outboard station and they do correlate with the
wing motion. For the wing upper surface leading edge (x/c
= .02 t0.23) the increased amplitude portion of the pressure
oscillation correlates with plunge motion or increased angle
of attack. Conversely, for the lower surface (x/c=.02 t0 .36)
the increased amplitude portion of the pressure oscillation
correlates with heave motion or a decrease in local angle of
attack. Further, it is observed that the pressure oscillation
associated with shock movement on the wing upper surface
(x/c=.56)is out of phase with the pressure oscillations in the
wing leading edge arca indicating that the shock moves
forward with increasing angle of attack (plunge) and aft with
decreasingangle of attack (heave). The pressure oscillations
associated with the strong shocks on the lower surface at
each semispan do not corrclate well with the other pressurc
oscillations. However, the pressurc oscillations aft of the
shocks on both the wing upper and lower surfaces are
coherent but doshow varying phase shifts. Determination of
the significance of the pressurc oscillations and their com-
bined effect in forcing wing response is the major remaining
task in the evaluation process.

The effects of changes in test dynamic pressurc on
the chordwise distribution of pressure coefficient mean
values are presented in figure 12 for spanwise stationn =.87
for Mach numbers 0.85 and 0.92. The pressure coefficient
mean value is the calculated avcrage of the measurements at
each orifice location for a four second data interval. The
Mach number selected for presentation of data prior to
maximum wing response was changed from M=0.88 to
M=0.85 because data was not available for the low q test
condition at M=0.88.

AtM=0.85 the mcan valuc pressure cocfficients for
the forward portion of the chord indicate that the airfoil
scction is effectively twisting downward to a more negative
angle of attack as the dynamic pressure is increased. This is
consistent with washout duc to bending foran aft swept wing
subjected to increased loading. At M=0.92 the largest
differences in mean value pressure cocfficicnt chordwise
distributions for the upper surface are at the strong shock
locationandinthe trailing edge region. The data do notshow
aconsistent trend since the upper surface shock is farthest aft
for the medium q test condition. On the lower surface at
M=0.92 the small changes in mean value pressure coeffi-
cients for the forward portion of the chord are consistent with



decreasing local angle of attack with increasing test dynamic
pressure,  More significant diffcrences occur on the aft
portion of the chordline where the negative pressure gradient
is much steeper for the two higher g test conditions and at the
high q test condition the upward movement of the pressure
cocfficients in the trailing cdge region indicate that signifi-
cant flow scparation has occurred.

0 Variati i e of Atac]

The cffects of changes in angle of attack on the
chordwisc distribution of pressure cocfficient mean values
arc presented in figure 13 for spanwise station 1 = .87 for the
medium q test condition for Mach numbers 0.85 and 0.92.
Forboth Mach numbers the mean value pressure coefficients
on the forward portion of the chord increase with angle of
attack on the upper surface and decrease with angle of attack
on the lower surface as would be expected.

At M=(.85 thc mcan value pressure distributions
show the existence of a strong shock on the upper surface for
the two higher angles of attack. Also at M=0.85 the mean
valuc pressurc cocfficients on the aft portion of the chord are
cssentially independentof angle of attack as is normal for the
supercritical airfoil shape. However, at M=0.92 there are
some angle of autack effccts on the wing lower surface mean
valuc pressurc distribution at the aft portion of the chord for

At M=0.85 thc mean-value pressure distributions
show the existence of a strong shock on the upper surface for
the two higher angles of attack. Also at M=0.85 the mcan
valuc pressurc cocfficients on the aft portion of the chord are
cssentially independentof angle of attack as is normal for the
supercritical airfoil shape. However, at M=0.92 there are
some angle of attack cffects on the wing lower surface mean-
value pressure distribution at the alt portion of the chord for
the two most negative angles. Itis believed that the changes
result from more extensive flow scparation at the lower
surlace trailing cdge region for the more negative angles of
attack.

Concluding Remarks

The high-aspect ratio flexible supcrcritical wing
was tested in the Langley Transonic Dynamics Tunnel to
investigate a region of large wing responsc that occurred in
the transonic speed range. Accelerometer measurements
indicated that significant wing-tip motions occurrcd be-
tween test Mach numbers of 0.90 and 0.94 with the peak
response occurring at about M=0.92. Variation of test dy-
namic pressure revealed that the Mach number region of
high responsc remained the same and that the magnitude of
wing-tip motion incrcased as the test dynamic pressure was
incrcased. At the pcak-response test condition the wing
motion was of sulficient magnitude to causc concern for the
structural safcty of the wing.

Continuous wing surfacc pressure time-history
measurcments werc obtaincd as part of an c[forttodcfinc the
unsteady flow conditions forcing the response motion. The
lime-history measurements revealed that some unsteady
flow cxisted even at the wing design cruisc Mach number of
0.80 although no significant wing motion occurred. As the
Mach number was increascd to 0.88, thc wing upper surface
developed steady supersonic flow over the forward chord
followed by a strong shock whose location oscillated back
and forth across at least one orifice location. Pressurc
measurementson the wing lower surfaceat M=0.88 revealed
large variations at scveral midchord measurement locations
at each span station. Although the measured pressure
variations were very large at M=0.88 the wing experienced
only moderate response motion at this test condition. As the
Mach number was increased to 0.92, the wing developed
supersonic flow over the forward portion of the chord
followed by strong shocks on both the wing upper and lower
surfaces. The largest amplitude pressure variations occurred
at the strong shock locations with smaller variations primar-
ily aft of the shock in the trailing edge region where flow
separation was occurring, particularly on the wing lower
surface. As stated previously, the wing motion at this test
condition was of sufficient magnitude to cause concern for
wing structural safety. When the test Mach number was
increased to M=0.96, the pressure measurements exhibited
very small dynamic variations and the wing motion essen-
tially disappeared.

Steady and unsteady flow conditions have been
defined for the test conditions where maximum wing dy-
namic response occurred. The forcing (unction appearstobe
the oscillatory chordwise movement of strong shocks lo-
cated on both the wing upper and lower surfaces in conjunc-
tion with the flow scparating and reattaching in the trailing
edge region. Sevcral significant spanwise variations in
steady and unsteady pressures were noted. Future efforts
will be directed toward deflining the phase relationships
between the unsteady pressures, the integrated pressure
forces, and the wing motion.
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Figure 1.- Wing mounted in TDT test scction.
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Figure 3.- Wing frequency response characteristics
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Figure 6.- Accelerometer PSD peak responses.
Figure 5.- Wing response measurements for high q
test condition.
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