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FOREWORD

The principal objectives of NASA-LeRC contract number NAS3-25468, "Fiber-Reinforced
Ceramic Composites for Earth-to-Orbit Rocket Engine Turbines", -are to identify the
benefits and assess the potential for application of fiber-reinforced ceramic matrix
composites (FRCMC) in future generation earth-to-orbit rocket engine turbines, The
Rocketdyne Division of Rockwell International recently completed Phase I of this contract
with the support of three sub-contractors, Willims International (WI), Societe Europeenne
de Propulsion (SEP) and E. 1. Du Pont De Nemours & Co., Inc. (DuPont). Phase I, with a start
date of Nov. 1, 1988, was a 16-month effort with technical activity completed Feb. 28,
1990. Phase I scope includes identification of the key technical issues with regard to the
intended applications of FRCMC, demonstration of critical sub-components, and
development of a plan to address the key unresolved technical issues.

The authors express their appreciation to a number of personnel for their contributions to
this program. They especially thank Joe Halada and the many personne!l at WI as well as
those at SEP who have enthusiastically supported a broad range of the program tasks.
Within Rocketdyne, they thank Jim Tellier (Turbomachinery), Linsey Orr (Stress), Gary
Tuttle (Design) and Al Martinez (Systems Engineering) as well as the other team members
involved. Finally, a special thank you to Dr. T. P. Herbell and other key personnel at the
NASA Lewis Research Center (NASA-LeRC) who have provided invaluable advice and
support.
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FRCMC are emerging materials systems that offer considerable potential for ‘improvement of

liquid rocket engines. ~ Potential advantages of these materials in rocket engine

turbomachinery include:  higher performance due to higher turbine inlet temperature
(TIT),  reduced launch costs, reduced maintenance with associated cost benefits and
reduced weight. FRCMC materials have not been fully characterized for rocket engine use;
consequently, this program was initiated to assess the state of their development and to

propose a plan for their implementation into liquid rocket engine turbomachinery.

A complete range of FRCMC matcrials was investigated relative to their development status
and feasibility for use in the hot gas path of earth-to-orbit rocket engine turbomachinery.
Of the candidate systems, carbon fiber-reinforced silicon carbide (C/SiC) was determined
to offer the greatest near-term potential. Detailed evaluations were made of the feasibility
and advantages for use of C/SiC in advanced earth-to-orbit turbomachinery. Critical hot
gas path components were identified, and the first stage inlet nozzle and turbine rotor of
the fuel turbopump for the liquid oxygen/hydrogen (LOX/H3) propelled Space
Transportation Main Engine (STME) were selected for conceptual design and analysis.

Substantial performance increases can be achieved by using FRCMC turbine components
which allow higher turbine inlet temperatures without component cooling and resultant
performance and flow losses. The critical issues associated with the use of FRCMC for
these applications were identified, and sub-components (turbine blades) were designed,
analyzed and fabricated illustrating FRCMC fabrication features.

The assessment of FRCMC status when compared to liquid rocket engine requirements
resulted in the determination of key unresolved technical issues. The "Technology
Development Plan" which was completed previously as Task V of this program provides a
course of action for resolution of these issues and is included within this final report.
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OBJECTIVES

The objectives of this contract are to identify the benefits and assess the potential
for application of FRCMC in advanced earth-to-orbit liquid rocket engine turbines.
Within Phase I several key issues were addressed with the objectives of assessing
the state of development of FRCMC and determining their feasibility of application.
Phase 1 tasks were planned to: select components for design, provide a design
methodology for FRCMC, select preferred materials based on current technology,
design and analyze components for selected engine systems, and demonstrate
existing capabilities for the fabrication of sub-components. Principal program
outputs have included sub-components which have been analyzed and a "Technology
Development Plan", which identifies the cffort required to resolve the key technical
issues identified in this contract.

CONCLUSIONS

This contract effort has determined that FRCMC technology can provide significant
performance benefits when used for rocket engine turbomachinery and that current
technology is capable of demonstrating selected, critical components. Specifically,
turbine rotors and nozzles are well-suited to FRCMC manufacturing capabilities and
offer considerable potential performance benefit. FRCMC technology has advanced
rapidly in recent years as demonstrated by successful FRCMC thruster tests, by
manufacture of complex blisks and inlet nozzles, and by improved materials
properties. Of the existing FRCMC systems, multifilament fiber-reinforced
materials, especially C/SiC, have the best combination of properties (App. A) and
near term producibility for the timely production of advanced liquid rocket engine
components. Further improvement of existing FRCMC systems, development of new
systems, and refinement of design and analysis methods are continuing.

Phase I of this program quantitatively assessed the potential benefits of FRCMC
application to earth-to-orbit rocket engines (App. B). The status of FRCMC
development was evaluated relative to rocket propulsion needs, and key technical
issues were identified. Sub-components were fabricated which demonstrate critical
design features and manufacturing feasibility. A plan was developed which provides
a course of action for resolution of the remaining technical issues identified during
the program.

Benefits from FRCMC use in liquid rocket engines are expected in several areas:

1. Increases in turbine inlet temperature (TIT) will result in significantly higher
efficiency for gas generator engines. For example, an increase in TIT from a baseline
of 870°C (1600°F) to an FRCMC compatible temperature of 1200°C (2200°F) with
LOX/Hy propellants results in a specific impulse (Is) gain of over 5 sec. This
performance improvement will significantly reduce the costs of transporting
payloads into space and can be realized by: increasing payload for a specified
vehicle configuration, reconfiguring the vehicle to reduce vehicle weight, or
reconfiguring the engine to reduce nozzle exit area and engine weight.

2. Improvements in operating margin and component life will result in sngmf)cant
reductions in maintenance and refurbishment costs for reusable engines. For the
staged combustion, Space Shuttle Main Engine (SSME) this benefit was shown to be



dramatic (Ref. 1), and analogous benefits would be expected for other engine cycles.
The ability to achieve these improvements in component life by application of FRCMC
requires verification by additional testing.

3. The high specific strength of FRCMC reduces component weight. This advantage
was not quantified. '

Advantages of increased TIT were quantified for various engine cycles and
propellant combinations. Previous studies (Ref. 2) had shown that increasing TIT for .

staged combustion cycle, LOX/H; propéilar}t, earth-to-orbit engines (e.g. SSME)
would result in limited efficiency gains. Expander cycle engines do not require

high TIT operation; therefore, benefits were not evaluated for this cycle. Parametric
engine balances were run for gas generator cycle, earth-to-orbit -engine
configurations using both liquid oxygen/methane (LOX/CH4) and LOX/H;
propellants. These engine types are under consideration for advanced earth-to-orbit
engines, including variants of the Space Transportation Booster Engine (STBE) and
the STME. Significant gains in Ig were achievable with either propellant by
increasing TIT from a baseline value of 870°C (1600°F) to an FRCMC allowable use
limit of 1200°C (2200°F). These Iy gains resulted in potential payload gains (Fig. 1)
with significant potential cost benefits.

FIG.1~
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For each engine (STBE and STME) the payload gain was determined for the baseline
configuration, for a minimum weight configuration and for a maximum performance
configuration, The payload gains achieved with higher performance were
significantly greater than engine weight savings. Consequently, greater emphasis
was placed on the higher performance variants in order to gain the greatest payback.

Dramatic cost advantages were previously shown to be achievable through gains in
component life for SSME-type engine turbine components (Ref. 1), and analogous
benefits would be expected for other reusable engine systems. Life related
properties data for existing FRCMC systems are insufficient to quantify these

benefits, and additional data must be developed.




Reductions in individual component weights are specific to the detailed design and
operating parameters for that component. These benefits were not quantified.

Achieving the benefits of FRCMC application will require a series of developments.
The assessment of FRCMC status relative to rocket engine needs determined which
developments are needed. These are specified within this plan as well as a course of
action for their resolution.

ROCKETDYNE DEVELOPMENT PLAN

The development status assessment required identification of materials limitations
with respect to liquid rocket engine mneeds. Based on these limitations, critical
issues were defined which are addressed herein. It was determined that an
integrated plan is needed to evaluate critical design, analysis, producibility and
performance issues. The integrated plan will ultimately demonstrate FRCMC
feasibility by full-up turbopump testing.

Phase II of the NASA FRCMC development program is the first step in the integrated
test plan which will demonstrate a high temperature turbine. Phase II is a 44-
month, $2M program which will design, fabricate and test a full-scale component in
a simulated rocket engine environment to demonstrate operational capability under
selected test conditions. The long term plan integrates the Phase II component with
other critical FRCMC components into an operational turbopump to verify FRCMC
feasibility and capabilities.



OBIECTIVES

The overall objectives of this program are to identify the benefits and assess the
potential for application of FRCMC in advanced earth-to-orbit liquid rocket engine
turbomachinery.

PHASE I APPROACH

The technical plan for Phase I was structured into five technical tasks:

Task I: Environmental and Structural Requirements
Task II; Material Selection o L
Task III: Preliminary Design/Benefits Analysis
Task IV: Prototype Component Fabrication

Task V: Technology Development Plan S ——

The approach taken to achieve the task requirements is shown in Fig. 2. .

To assess critical material requirements and to choose materials and components for
further study, an initial benefits analysis was performed (Task III) and was refined
by iteration of Tasks I through III prior to component fabrication (Task IV). The
inputs of Tasks I through IV were combined to assess the FRCMC development status
which was compared to liquid rocket engine needs in order to identify the key
technical issues which are addressed in the plan.




FIG. 2

FLOW DIAGRAM
|
TASK 1 (3.1.1) e TASK (3.1.2) g TASK 1 (3.1.3)

) . . (3.1.2.1) Choose 3.1.3.1) Develop Co |
Define Critical Material : . . (3.1.3.1) Develop Conceptua
Requirements for Fiber/Matrix Systems Designs*

Selected Components (3.1.2.2) Update FRCMC (3.1.3.2) Assess Producibility
Data Base and Quantify Benefits
(3.1.2.3) Recommend (3.1.3.3) Recommend FRCMC
Component/Materials for System and Fabrication
Preliminary Design/Benefit Methods; Identify Other
Analysis Necessary Components;
Components for Study

TASK IV (3.1.4) - TASKV (3.1.5)

(3.1.4.1) Select Supplier Formulate Technology

for Specified Component* ] Development Plan

(3.1.4.2) Evaluate Component
by Approved* Procedures
(3.1.4.3) Deliver Prototypes to
NASA-LeRC
() Contract SOW Numbers
* NASA-LeRC Approvals

To reach the objectives most efficiently, a team approach was taken. WI had been
identified as a leader in the evaluation of FRCMC for air-breathing turbine
applications and has participated in the areas of materials selection, design and
analysis. SEP is the leading producer of FRCMC for rocket applications; and, through
their U.S. licensee, DuPont, SEP provided materials for Phase I sub-component
evaluations.

Rocketdyne's in-house materials properties data base was supplemented by both WI
and SEP materials properties data. The materials systems evaluated were limited to
those with current experience levels and near term expectations compatible with the
program timing. Engine systems were limited to those which were currently under
consideration and for which Rocketdyne had a baseline configuration and data base.



STATUS

An overview of the selections made in Tasks I through III is given in Tbl. 1. These
selections were made based on consideration of a matrix of engine types and cycles,
propellant combinations, components and materials systems (Tbl, 2). For

quantitative assessments, the materials properties as detailed in a following section
were used to provide operating limits for FRCMC components.

ROCKETDYNE RECOMMENDATIONS

I. ENVIRONMENTAL
AND STRUCTURAL
REQUIREMENTS

COMPONENTS: First stage nozzle and rotor for STME
PROPELLANTS: LOXH,

OPERATING TEMPERATURE: 1200°C (2200°F)
STRESSES: Preliminary values consistent with C/SiC
disk and blade stress limits

TRANSIENTS: Comparable to SSME

. MATERIAL
SELECTION

PRIME CANDIDATE: C/SiC, fine filamant structure, polar
woven for both components

ALTERNATE CANDIDATE: C/SiC, pseudo-isotropic lay-up
for both components

DATA BASE: Per attached

Ill. PRELIMINARY
DESIGN/BENEFRIT
ANALYSIS

BENEFITS: Preliminary analyses of STBE (LOX/CH », STME
(LOX/H,), and SSME show principal advantages of elevated
temperature for gas generator cycle (STME or STBE); payload
weight trades indicate maximum advantage with maximum
performance versus minimum weight configuration

FABRICATION: Matrix infiltration by CVD/CVI of fiber pre-form




TBL. 2
ENGINE/COMPONENT/MATERIALS SELECTION N\ATRIX

ENGINE CYCLE PROPELLANT SPECIFIC COMPONENT FIBER/MATRIX
COMBINATION ENGINE SYSTEM

LOXH, STME cisic

GAS GENERATOR LOX/CHy

STAGED LOXH,
COMBUSTION

STAGED LOX/CH,
COMBUSTION

EXPANDER
CYCLE

)/
* - Both rotating (rotor) and non-rotating (nozzle) components considered
** - C/SiC, SiC/SiC, SiC/SigNy4, C/C considered
*** - Benefits of LOX/CH,4 evaluated but CHy4 not actually used for SSME

C/SiC was selected as the principal materials system due to its combination of high
strength at elevated temperature, good cnvironmental resistance and relatively high
level of development. Although polar woven architectures are desirable for selected
components, the technology lags conventional 2D process technology. 2D layup
properties meet program needs, are more highly developed, and are better suited to
sub-component demonstration, particularly in the near term. Both the first-stage
rotor and nozzle of the STME demonstrate many of the critical performance and
production characteristics identified in Phase I, and both are considered for
component demonstration in following stages of the plan,

The plans presented later in this report provide a step-wise progression, first
through simulated rocket engine testing of a full-scale component (Phase II) and
continuing through full-up demonstration of an advanced, high temperature
‘turbopump.



Conventional materials used in Tiquid rocket'ehgltfé components include a broad .

“array of  highly engineered materials that contmue to be refined and lmproved

Relative to potential appllcatlon ‘of FRCMC, hot gas path ¢ components are prmcxpally'_

of interest. The primary materials used in the hot gas path of existing engines are
superalloys. These alloys are gaining improved capabilities and reliability by alloy
improvements, fiber reinforcement, and single crystal alloy development. Such
improvements are limited in the gains achievable in temperature capability and
environmental resistance and can do little relative to weight reduction due to their

high density. As a result, new systems, such as FRCMC, need development to achlevel

dramatic gains. . o

| emperature

The maximum operatmg temperature of convemlonal superalloys is  limited to about—'

870°C (1600°F) due to the rapid decrease in strength above this temperature (Ref. 3).
Use of fiber reinforcement technology, recent developments in single crystal
technology, and other superalloy improvements are expected to increase this by
about 100°C (200°F). For further increases which, in turn, will result in significant
efficiency gains, other materials must be developed (Fig. 3). Carbon/carbon (C/C)
composites are usable at high temperatures bu!t' are subject to environmental attack
unless protected by coatings, which have not yet been reliably demonstrated for
sustained operating times and/or for repeated cycling in the rocket engine
environment.  Thus, ceramic matrix composites, which are environmentally stable
and maintain mechanical properties to temperatures above 1100°C (2000°F), are of
interest. (The ceramic matrix only partially protects the carbon fiber
reinforcement, and additional coatings may be neceded for long-term use, especially
at temperatures which do not allow full closure of matrix microcracks, as discussed
in following sections.)



FIG. 3
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Superalloys are further limited by their reduced fatigue lives as operating stresses
approach the high temperature yield stress. Both low cycle (e.g. from thermal
transients or mission cycles) and high cycle fatigue must be considered. Added
consideration must also be given to creep and stress rupture for long-life
applications as the maximum use temperature is approached. In cases requiring use
of conventional materials near their maximum operating temperature, useful
operating life becomes severely limited, which results in significant inspection and
maintenance needs for reusable engine components.

m her

LOX/H7 propellant rocket engine operating environments can be highly degradative
to superalloys. Hydrogen-rich environments are known to embrittle a wide range of
metallic systems by various alloy specific and _environment specific mechanisms
often referred to as hydrogen environment embrittlement (HEE). This degradation
severely restricts the range of applicable alloys and further restricts the life of
certain of the alloys that are used.

Degradation is not limited to hydrogen attack or to attack of metallic systems.
Oxidative conditions can occur with subsequent degradation, which in some cases
can be catastrophic. Stress assisted grain boundary oxidation (SAGBO) has been
observed in metallic systems. C/C, as noted above, is subject to oxidation with rapid
weight loss and properties degradation at high temperatures in the combustion
environment unless protected by coatings.



FRCMC, such as C/SiC, are less susceptible to degradation by the combustion
environment., The SiC matrix microcracks upon cooling when processed, but these
cracks close in use at temperatures near the processing temperature. Consequently,
at high temperatures, the SiC matrix protects the embedded carbon fibers. At lower
temperatures, oxidation of the carbon fibers can occur and should be guarded
against with protective coatings. Also, care must be taken to avoid exposing fibers
directly to the environment either by machining of or damage to the surface. The SiC
matrix is not readily attacked by either hydrogen-rich or oxidizing environments at
1200°C (2200°F). NASA-LeRC thermodynamic studies under hydrogen-rich steam
conditions show SiC to be relatively unstable but protected by surface oxides at
these temperatures (Ref. 4). Experimental studies of SiC when exposed to a hydrogen
environment indicated that impurities accumulated at grain boundaries are
especially wvulnerable to degradation. Lower purity materials showed some
degradation at high temperatures, but this is not expected to be a significant
problem for higher purity chemical vapor deposited (CVD) SiC matrix at 1200°C
(2200°F). NASA thermodynamic studies indicated various other oxide matrices,
including alumina (Al2013), were relatively stable, but these systems lack the
required thermal shock resistance and are not well characterized or highly
developed as composite matrices, .

Densi { S h-to-Weight Rali
The need for materials with high strength and strength-to-weight ratio at high
temperatures has proven to be a significant limitation for advanced rocket engines
(Ref. 5). Strength-to-weight ratio is especially important for rotating components
because this ratio effectively limits the tip speeds achievable.  Superalloys are
especially limited. Fiber reinforcement improves the maximum temperature

capability, but the recinforcement fibers are high density which mitigates the

advantages to the strength-to-weight ratio. Advanced carbon/carbon (C/C) offers

long-term potential, but the very high, anticipated strength-to-weight values for C/C
are for selected systems not representative of typical currently available C/C.
Present generation C/C composites are generally lower in strength than these
advanced C/C composites. Also, the nced for protective coatings limits C/C's near
term utility, again emphasizing the need for FRCMC development.

SUMMARY OF FRCMC PROPERTIES

A broad range of FRCMC materials systems was initially considered including glass
matrix and oxide matrix composites (Tbl. 3). Oxide matrix materials were generally
considered incapable of enduring the severe thermal shock transients, and most were
inadequately developed for consideration at this time. Glass matrix materials were
unacceptable relative to minimum operating temperature requirements (1200°C
(2200°F)). The non-oxide matrix systems combined preferred properties. Of these
systems, SiC matrix and silicon nitride (Si3N4) matrix materials offered the best
combination of mechanical properties, environmental resistance, thermal shock
resistance and fabrication experience. In order to fabricate complex, near-net
shapes, and to maintain acceptable off-axis and out-of-plane properties, it was
necessary to use multifilament fiber-reinforced materials rather than monofilament,
uniaxially reinforced materials.  These restrictions limited the field to C/SiC,
silicon carbide fiber-reinforced silicon carbide (SiC/SiC), and silicon carbide fiber-
reinforced silicon nitride (SiC/Si3Ng4).

10




TBL.3

SiC/Lithium-alumino-silicate Maximum operating temperature
SiC/Magnesium-alumino-silicate

SiC/Calcium-alumino-silicate Thermal shock resistance
SiC/Black glass

SiC/Borosilicate Environmental resistance
SiC/Silica

CiLithium-alumino-silicate Ultimate tensile strength
C/Borosilicate

C/Silica‘ Fracture toughness
C/Alumina i

SiC/Silicon nitride Fabricability
SiCsSiC
C/SiC Maturity
C/C

CANDIDATE SYSTEMS SELECTED:

THER. | ENVIRO.
SHOCK] RESIST.

SiC/Silicon nitride 1 1 4

SiC/SiC 1 1 2
C/SiC 1 2 1

c/iC 1 2" 1-2
1-ACCEPTABLE 2-MARGINAL 3-NOT ACCEPTABLE 4-NOT KNOWN
*-COATING NECESSARY

o

FIBER/MATRIX MATURITY

The SiC/Si3N4 system appears promising for the future, but the development status
of this system was considered too immature for timely inclusion within this
program. Properties of the remaining candidates, C/SiC and SiC/SiC, were evaluated
in detail and are compared to a typical current generation C/C in Tbl. 4. The
properties shown are for materials produced by the chemical vapor infiltration (CVI)
of a continuous fiber pre-form followed by a final CVD of the matrix which ensures
protection of the fibers from the environment.
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TBL. 4
SUMMARY OF FRCMC PROPERTIES

MATERIAL
PROPERTY

c/sic SIC/sIC ciC

Density [g/cm3 (Ib/in3)) 2.2(0.08) 2.50 (0.09) 1.94 (0.07)

UTS [MPa (ksi)] at 20°C (70°F) 317 (46) * 193 (28) ** 150 (22) *

Strength/density [x10° cm(in)] at 20°C (70°F]  14.4(6.6) * 79@3@.1) " | 80(3.14)*

UTS [MPa (ksi)] at 1200°C (2200°F) 427 (62) * 214 (31) ** 150 (22) *

Str./den. [x10°cm (in)] at 1200°C (2200°F) | 19.4(7.75) " 8.6(34)" | 80(3.14)"

Maximum Operating Temperature [°C (°F)] 1650 (3000) 1430 (2600) >2200 (>4000)

Young's Modulus [GPa {msi)] 90 (13) 230 (33) 83 (12)

Tensile Elongation [%] 0.9 0.3 N/A

35 (32) 30 (27) N/A

SAAEES 4L

*. 2D, in-plane
** - cross-ply, in-plane

The properties shown were used in Rocketdyne empirical formulas to determine
turbine operating limits which were used in the benefits analyses discussed in the
next section. These limits were subsequently verified by comparison to design
allowable properties which had been dctermined by SEP based on their experience.
For this program, it was found that the higher mechanical strength of C/SiC was
needed to achieve performance targets for the highly stressed rotating components.
SiC/SiC could still be considered for lower stress applications.

RMAN TURB

Benefits of FRCMC use were possible in several areas as discussed above.
Improvements due to increased TIT can be readily quantified and were a natural
consideration based on the high temperature capabilities of ceramics.  Analyses
were run for both LOX/Hy and LOX/CH4 propellant combinations with gas generator
cycle Advanced Launch System (ALS) engines. These analyses are summarized here
and discussed in dectail in Appendix B. For staged combustion cycle, earth-to-orbit
engines (e.g. SSME), analyses had been run previously (Ref. 2). Expander cycle
engines do not use high TIT, and benefits for this cycle were not analyzed.

The staged combustion cycle, SSME analyses showed limited Ig gain with increased
TIT for LOX/H2 propellants. Greater incremental gains were possible with LOX/CHg.
The principal advantage to SSME was found to be for increased component life rather

12
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than higher performance, although performance (I5) gains of approximately 2.5 sec.
and 0.5 sec. were possible for LOX/CH4 and LOX/Hy respectively (Ref. 2).

For gas generator cycle, ALS engines, considerable gains in Is were achievable by
increasing TIT with either propellant combination (Tbl. 5). These gains were used to
estimate payload gains (Fig. 1) for a specific configuration. Also, several engine
variations (minimum weight engine configuration, baseline configuration, and
maximum performance configuration) were evaluated. The payload gains resulting
from Ig gains with either the baseline or the maximum performance versions far
exceeded the weight savings possible with the minimum weight configuration.
Consequently, the higher performance variations were considered to offer a better
payback.

TBL.5
PERFORMANCE CHANGES WITH INCREASED TURBINE INLET TEMPERATURE

e L R R S SR R R R
O

PERFORMANCE INCREASES AT VACUUM FOR TIT INCREASE FROM 620-1400°C (1140-2540°F

ENGINE CONFIGURATION LOX/CH,4 STBE LOX/Hy STME

Maximum Performance Engine |y Gain, sec 10.3 6.6

Baseline Engine | Gain, sec

Minimum Weight Engine I Gain, sec

{ SEA LEVELPERFORMANCE INCREASES FOR TIT INCREASE FROM 620-1400°C (1140-2540°F)

ENGINE CONFIGURATION LOX/CH, STBE LOX/H, STME

Maximum Performance Engine g Gain, sec 14.3 12.0

Baseline Engine | Gain, sec 9.7

6.7

Although LOX/CHg4 gave a higher incremental gain than LOX/H2, the LOX/H2 had
greater overall performance capability and is the propellant currently under
consideration for most STBE and STME engine configurations. Consequently, the
LOX/H7 environment was considered in following studies.

v PERA 1

The propertics data needed to design and analyze a turbine disk, or bladed disk
(blisk), are summarized in Tbl. 6. In addition to fast fracture properties, delayed

13



failure and reliability criteria are needed to estimate component life. Delayed
failure data for FRCMC are limited in quantity and scope. SEP has performed a
limited number of fatigue tests on their C/SiC and SiC/SiC materials. Tests were run
to 1 million cycles at stresses to 60% of ultimate without failure and with retained

strength after cycling equal to “or greater than uncycled strength. This indicates
that damage, if any, due to cycling was limited. This test does not simultaneously

assess environmental degradation or low cycle, thermal stress effects. Tests have

also been run to 10 million cycles at stresses to 30% of ultimate with similar -

results. Life tests on exit cones show very good environmental durability, Although
encouraging, these data are insufficient for quantitative analysis. High cycle fatigue
data are needed to 1 billion cycles, if life prediction models are not available, and
simultaneous consideration must be given to environmental and low cycle fatigue
effects.

14



TBL.6
FRCMC MATERIAL CHARACTERIZATION
BLISK PROPERTIES DATA NEEDS

MECHANICAL PROPERTIES

FAST FRACTURE DELAYED FAILURE

ULTIMATE TENSILE STRENGTH FATIGUE

Young's Modulus High Cycle

Poisson's Ratio Low Cycle

Strain-to-Failure STRESS RUPTURE

Elastic Limit 7 CREEP

MODULUS OF RUPTURE RELIABILITY

INTERLAMINAR SHEAR STRENGTH

FRACTURE TOCUGHNESS

R SRR SRR R 23550 ARSI RS ﬁ
B O S R S N TS e B A S 53 3A85IINITAT NI, 2950 Ny SR SRS YL AT AN SN ASAINEST
A AR O D D P A e e L L S AN N S

THERMAL/ENVIRONMENTAL PROPERTIES

THERMAL ' ENVIRONMENTAL

IVITY (BY DIFFERENTIAL
THERMAL CONDUCTIVITY ?EQS;XL AN(ALYSIS)E

WEIGHT CHANGE (BY

SPECIFIC HEAT OXIDATION STABILITY

COST ADVANTAGES

Areas of potential cost benefit include launch costs and maintenance costs. FRCMC
component costs are currently higher than conventional counterparts, but higher
production rates and improved processing are expected to reduce this differential in
the future.

Launch Costs )

Considering payload gains (Fig. 1) without consideration of other factors (e.g.
vehicle reconfiguration) allows for a simplified estimate of launch cost advantages.

15



Current SSME launch costs are estimated between $4.4K/Kg and $8.8K/Kg ($2K/lb
and $4K/Ib). Targets for advanced, low cost launch systems have not been reached
but are as low as $660/Kg ($300/1b). For a 2700Kg (6000 1b) payload increase, this
results in a gain of from $1.8M per launch based on low cost launch system targets to
as high as $12M to $24M per launch based on current shuttle launch costs.

inten

Maintenance and refurbishment costs which are the result of the limited life of
existing turbine blades (Ref. 1) are high. Improvements in component lifetimes
would dramatically reduce these costs for reusable engines. The limited life data
available for FRCMC, as discussed previously, preclude quantitative life estimates of
FRCMC components, The potential for increased life remains encouraging but
demands verification.

Weight reduction can be realized by direct reductions in component weight or by
reconfiguration to take advantage of higher performance. FRCMC densities are
typically about one-third the densities of superalloys, and the elevated temperature
strength-to-weight ratio of FRCMC is also much better than superalloys.
Consequently, direct substitution of components would reduce weight with a
resultant reduction in centrifugal loading of rotating components.

A review of the principal components in a turbopump (Tbl. 7) provides an overview

of the potential advantages of FRCMC for specﬁxrf' ¢ components. _ For illustration ...

purposes, a small gas generator cyc!e engine wasﬂrevxewed BoWever, the =

recommendations would generally apply to other turbopumps Based on this review,

most turbine components could benefit in some manner from FRCMC application.
Titanium inducers, impellers and spacers showed no apparent benefit because of the
high specific strength of titanium alloys at cryogenic temperatures. The most
realistic near-term opportunities for FRCMC are in the hot gas path which would
especially benefit from FRCMC substitutions for the rotor and nozzle. With further
development to reduce permeability, FRCMC turbine manifolds and tip seals would
also be advantageous and are needed for the demonstration of a high temperature,
flightweight turbopump.
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COMPONENT

TBL. 7
CONVENTIONAL TURBOMACHINERY COMPONENTS

CONVENTIONAL

MATERIAL

COMPONENT

CONVENTIONAL
MATERIAL

Turbine Rotor

Astroloy

Pump Side B'ring Sp.

410 CRES

Turbine Manifold

Haynes 188

Impeller

Inoq 718

Nozzle

Haynes 188

Volute/Housing

Inco 718

Stator

Haynes 188

Slinger

Inco 718

Turbine Tip Seals

Inconel-X Honeycomb

Laby Ring

Inco 718

Turbine Seal Ring

P5N Carbon

Inducer

Titanium

Turbine Seal H's'ng

321 CRES

Backflow Deflector

Hastalloy B

Turbine Ht. Shield

Inconel

Inlet Housing

Inco 718

Tur. Side Mating Ring

Inconel-X, Chrome PI.

Crossover

Inco 718

Laby Spacer Ring

410 CRES

Ring

Inconel-X

Laby Seal

410 CRES

Diffuser

Inco 718

Tur. Side B'ring Carr'r

Hastalloy B

Low P Seal, Carrier

321 CRES

Spring Pins

420 CRES

Low Pressure Seal

Barium

Inco 718, Chrome PI.

Pump S. B'ring Carr'f

Hastalloy B

K-Monel

Spacer

Titanium

440C & Armalon

- " -
R S A S RS SR BT

SRR RS
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FRCMC CONCEPTUAL AND DETAIL DESIGNS
ENGINE/COMPONENT SELECTION

The gas generator variant of the STME evaluated in this program was based on the
Mark 29 fuel turbopump (Mk29F) used previously in the J2S program, A comparison
of the Mk29F with the STME fuel turbopump is given in Appendix Cl with the Mk29F
blade path and disk profile. The turbine parameters for the Mk29F and the STME
fuel turbopumps are very similar such that designs based on the Mk29F will closely
represent the STME design requirements.

Both the first stage nozzle and rotor were considered in the conceptual design stage
as reviewed in Appendix C2. These components were compatible with FRCMC
fabrication capabilities, and both represented a number of design, analysis and
fabrication features critical to this program. The need for a high temperature
capability manifold was also factored into the conceptual design. Due to
permeability and fabrication constraints, FRCMC are not considered immediately
viable for manifold applications, and manifolds were not considered for detailed
design,

As dlscussed above the first stage nozzle and rotor of the Mk29F were found to be
viable candidates for component conceptual design. Detailed designs were to be
performed on selected sub-components which for the selected components could be
either nozzle vanes or turbine blades. In practice, it is expected that the nozzle
would be made with integral vanes and the rotor would have integral blades for this
turbopump. Consequently, a representative sub-component would be integral to the
structure and would not incorporate attachment features, such as a firtree. The
detailed design was, as a result, based on an integral coupon structure, and a rotor
blade coupon was designed with multiple blades integral to a base to represent the
component structure. This design has the added benefit of demonstrating the gas
path features that could not be represented with discrete blades or vanes.

DETAIL DESIGN

The Mk29F turbine blade coupon which was selected for detailed design consisted of
a 3-blade element with all blades integral to a common base as shown in Appendix
D1. Coupon details and blade profiles correspond to the design constraints
discussed in the following section on "Producibility”. The associated specification
(Appendix D2) had been developed as part of a Rocketdyne IR&D task for general
use. This preliminary specification incorporates those features required for the
detailed specification of FRCMC materials as discussed in the "Design" development
status review. For the coupon structure, it was necessary to use a 2D lay-up rather
than a polar weave. Polar weaving requires a larger, circular structure, such as a
blisk. To machine smaller coupons from a larger disk of infiltrated, polar woven
material would be cost prohibitive., However, polar weaving will still be considered
for full-scale components.

18



SUB-COMPONENT FABRICATION
SELECTION AND SPECIFICATION

To demonstrate sub-component fabrication capabilities, an existing turbine blade
coupon design was used (Appendix EI) that included features comparable to the
Mk29F design. Specifically, an existing SEP design was used that was fabricated
from partially infiltrated pre-forms that were already available.  This approach
minimized time required for sub-component fabrication. Materials specification for
this coupon was the same as that discussed in Appendix D2.

RI 1

Fabrication of the coupons was by CVI of a 2D, plain woven, rectangular preform.
Details of the CVI process are proprietary to SEP but consistent with specification
requirements. Following machining of the infiltrated preform, a final CVD coating of
the matrix material was applied. Both intermediate and final machining details are
SEP proprictary but are consistent with specification requirements including needs
to avoid exposure of the fibers to the environment.

Sub-components were first inspected visually and by low magnification optical
microscopy (Appendix E2). Surface quality and surface finish were very good with
no apparent imperfections such as machining damage, exposed fibers, or surface-
connected delaminations. Each of the 3 coupons were consistent in appearance,
geometry, color and weight indicating reproducibility of the processing. Orientation
of the outer weave layers was discernible visibly which allowed determination of
fiber misalignment. Discrete, surface connected porosity was observed as expected
from the CVI processing and was especially evident viewed from the rear of the
blades.

Scanning electron microscopy on fracture surfaces of comparable materials from SEP
indicated relatively uniform distribution of fibers, matrix and porosity. A high
degree of fiber pullout was also observed at the fracture surface which would
contribute to fracture toughness. Also observed was an apparent interfacial layer
between the carbon fibers and the SiC matrix, Chemistry of this interface was not
determined.

CAT scans were run on the coupons by DuPont at a frequency of 2.25 MHz and are
shown in Appendix E3. The CAT scan data were supplemented by real-time
microfocus x-ray. Neither technique revealed apparent defects or delaminations
within the coupons.

Dimensional inspections were performed wusing low magnification optical
microscopy. These inspections showed the samples to conform to overall geometry
requirements and, again, showed a high level of consistency of fabrication. Fiber
misalignment observed in the surface layers was less than 3° from nominal (within
the specified 5° limit) for all coupons. Quality of leading and trailing edge surfaces
was excellent with no apparent machining flaws.
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FRCMC STATE OF DEVELOPMENT
ERCMC MATERIALS AND PROPERTIES

Tables 8 and 9 plus Appendix A constitute the detailed design properties used for
the FRCMC components. A summary of these properties is given in Tbl. 4, The
FRCMC data shown are typical for SEP materials produced by the CVI process.
Design allowable properties were calculated from the ultimate properties as
discussed previously and were used in the initial engine balances. These values
were determined to be in good agreement with SEP's estimates of design limits. To
utilize these properties for design, component operating conditions must be
specified (Tbl. 10). Properties of SEP's 2D C/SiC were compatible with the
component needs and were used in subsequent analyses.

For relatively thick (i.e. >6mm (0.25" thick)) laminates, 2D layups can have

essentially orthotropic behavior with approximately the same in-plane strength as a -

polar woven reinforcement with equivalent radial and circumferential fiber
contents. However, the high tensile hoop stress generated at the bore of a turbine
rotor necessitates a high concentration of radial fibers at or near the bore to prevent
burst. This is, in principle, best accomplished by polar weaving. Also, as polar
weaving technology advances, it is expected to be more readily automated than 2D
layup technology. In the near term, due to its higher level of production experience,
2D technology gives nominally equivalent performance to polar weaving with fewer
production problems. Polar weaving is preferred in the longer term for selected
components provided reliable weaving capability is demonstrated.
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TBL. 8
2D C/SIC PROPERTIES

TEMPERATURE

DIRECTION | CHARACTERISTIC | 20°C 500°C | 1000°C | 1500°C
(70°F) | (930°F)| (1830°F| (2730°F

LY. Mod.. GPa {(msi) _90(13)] 100 (15) | 100 (15} } 100 (15)
_S-Fail. MPa (ksi) 350 (51) 1350 (51) | 350(51) | 350 (51)
TENSILE S-Des. MPa (ksi} 250 (36) | 250 (36) | 250 (36) | 250 (36)
Y. Mod,, GPa (msi) 20 (3) 20(3) | 20(3)
| S-Fail.. MPa (ksi) 20 (3) 20 (3) 20 (3)
S.DNes MPa (ksi) 1015 o018 1005

| Y. Mod. GPa(msit ] 120(17) | 120(17) | 120 (17) | 11«
S-Eail. MPa (ksi) 580 (84) 1600 (87) |600(87) {700 (102

S-Des. MPa (ksiy | 400 (58) | 400 (58) | 400 (58) | 400 (58)
| Y. Mod_GPamsih | 7000 70010)] 70(10) ’
S-Fail MPa (ks 1420 (61) | 450 (65) | 450 (65)
SDes Moagksi 1300 {300 (4a | 300 (aa)

COMPRESSIVE

Y. Mod.. GPa (msi) 15(2) | 15(2) | 15(2)
S-Fail. MPa (ksi) 35(5) | 35(5) | 35(5)
S:Das Moa (ksil 20 | 200 | 2003

Spec, Heat 620 1200 1400
Diffusivity 8 7

THERMAL Diffusivity 3 2

Thermal Exp G (eE)) O 1.5(0.8) [3.0(1.7)

T ——
Poisson's Coefficients: 1-2 = 0.05; 1-3 = 2-3 = 0.25
Y. Mod. = Young's Modulus

S-Fail. = Ultimate Failure Stress; S-Des. = Design Allowable Stress
Spec. Heat = Specific Heat, J. kg-K

Diffusivity = Thermal Diffusivity, 10-6m2/sec

Thermal Exp. = Total Linear Thermal Expansion
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TBL.9

NOVOLTEX/SIC PROPERTIES

R

TEMPERATURE

DIRECTION

CHARACTERISTIC

500°C
(930°F)

1000°C
(1830°F)

TENSILE

| Y. Mod.. GPa (msi)

75 (11)

80 (12)

85 (12)

| S-Fail.. MPa (ksi)

80 (12)

90 (13)

100 (15)

S:Des., MPa (ksi)

60 (9)

65 (9)

65 {(9)

| Y. Mod.. GPa (msi)

60 (9)

65 (9)

65 (9)

|__S-Fail MPa (ksi)

50 (7)

50 (7)

55 (8)

S:Des MPa (ksi)

35 (5)

35 (5)

35 (5)

Y. Mod.. GPa (msi})

100 (15)

100 (15)

100 (15)

| S-Fail. MPa (ksi)

650 (94)

700 (102)

700 (102)

S-Des., MPa (ksi)

500 (73)

500 (73}

500 (73)

COMPRESSIVE

100 (15)

100 (15)

100 (15)

Y. Mod.. GPa (msi)
|_S-Fail. MPa (ksi)

650 (94)

700 (102)

700 (102)

S-Das_Mpa (ksi)

500 (73)

500 (73)

500 (73)

Y Maod.. GPa {msi)

10(1.5

10 (1.5)

10 (1.5)

S-Fail.. MPa (ksi)

60 (9)

50 (7)

40 (6)

S-Des. Maa (ksi}

40 (6)

35 (5)

30 (4}

Spec. Heat

620

1200

1400

Diffusivity,

6

5

THERMAL

Diffusivity

5

4

Thermal Fxp il o (PF)

0.9 (0.5)

2.1(1.2)

Y. Mod. = Young's Modulus

Poisson's Coefficients: 1-2 =0.25; 1-3 =2-3 = 0.20

S-Fail. = Ultimate Failure Stress; S-Des. = Design Allowable Stress

Spec. Heat = Specific Heat, J. /kg-K

Diffusivity = Thermal Diffusivity, 10-6m2/sec
Thermal Exp. = Total Linear Thermal Expansion
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TBL.10
FRCMC MATER!ALS CHARACTERIZATION
OPERATING ENVIRONMENT PARAMETERS

S S R S S S R S R B R SRR R e R

PARAMETER RANGE OF SPECIFIED VALUES

ATMOSPHERE Nominal and expected variations

TEMPERATURE Typical, maximum, dT/dt

PRESSURE Typical and maximum

MECHANICAL STRESS Nominal + and - cyclic

THERMAL STRESS Transient and steady state

DURATIONALIFE Total operating time, including test time

NO. OF CYCLES Total no. of starts and stops, including tests

FRCMC VENDORS

Rocketdyne, in previous and on-going programs, has reviewed the capabilities of
FRCMC vendors. Through these studies and through consultations with personnel at
WI, it was determined that the leading supplier of FRCMC components is SEP.

SEP's development of composites was started in response to their needs for improved
organic matrix materials to be used as solid rocket motor casings. Using their
background developed with these materials, SEP continued to develop other
composite materials, including C/C and ceramic matrix composites which also
supported their liquid rocket engine developments. By combining their capabilities
for materials design, analysis and production, SEP has demonstrated the expertise
essential to the engineering and production of FRCMC for advanced liquid rocket
engine components. Other materials suppliers are developing improved capabilities
but have not yet demonstrated component production capabilities equivalent to SEP.

PRODUCIBILITY

Producibility of FRCMC components, even by the most advanced producers, is
constrained by a number of factors (Tbl. 11).
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TBL. 11
FRCMC FABRICATION LIMITATIONS

* Hole required in disc center for polar woven parts
* Minimum leading and trailing edge radius of 0.15 to 0.20 mm (0.006 to 0.008")

* Blade heightblade gap < or = to 7/1 with minimum blade gap of 2 mm (0.08") for milling

* Minimum recommended trailing edge thickness of 0.4 mm (0.016")

* Fabrication of slightly tapered hub feasible

* Minimum 0.20 mm (0.008") fillet radius recommended at hub of blade; prefer larger

* Integral shrouds not feasible

* All machining in oxidizing areas must be done prior to final CVD to ensure fiber protection
* Final machining possible in non-oxidizing areas

* Rework capability severely limited (final CVD difficult to effectively repeat)

* Blade and vane shapes limited to positive taper with shadowed tips

* Cannot be used for absolute pressure containment

* 1 year lead time typical for prototypes

R

R R e R 2o

The size and uniformity (temperature and atmosphere) of available, production CVI
reactors limit the component exterior dimensions. Maximum diameters of 0.93m
(37") have been demonstrated to date for components produced in a 1.4m (55")
diameter reactor. Maximum length is about 2-3m (6-8'). SEP is developing and
installing a reactor with a nominal 2.5m (100") maximum diameter which is

expected to be on-line in approximately 6 months.

Polar weave technology requires that a bore hole be maintained in the structure.
Present weaving capabilities allow bore holes as small as 25mm (1") in a 150mm (6")
diameter rotor. This 6:1 ratio is typical of current technology limits. Further, SEP
indicates that the bore hole is advantageous for efficient processing. Reaction times
and density/microstructure/porosity distribution limits in thick polar woven cross-
sections (wall thicknesses of 25mm (1")) are improved by bore holes which aid
infiltration of the reactant gases. Relatively thin 2D layups do not require a bore
hole, but for thick sections bore holes may be needed for effective infiltration. Wall
thicknesses much greater than 25mm (1) are not feasible due to non-uniformity and
long reaction times (weeks to months).

Minimum radii are constrained largely by the fiber tow type and the ability to
maintain composite mechanical properties in thin sections. Smaller tows facilitate
finer structur