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Symbols, Abbreviations and Acronyms

ACRV

ACS

AFE
A&I
A1
/d.,ARA
ALS
ALSPE

an3
AR
ARGPER
ARS
art-g
asc

ASE
AU

Advancedc_w recoveryvc_cic-
Attitudecontrolsystem
Acro_ Flight_nt

Attachment and integration
Aluminum

As low asreasonablyachievable

Advanced Launch System

Anomalously largesolarprotonevent
Atomic mass (unit)
Area rmio

Argument ofperigee
Atmosphericrevitalizationsystem

Artificialgravity
Ascent

Advanced spaceengine
AstronomicalUnit (=149.6millionkin)

BIT
BITE
BLAP
BFO

Built-in t_st

Built-ha t_st equipment
Boundary Layer Analysis Program
Blood-forming organs :

C
CAB
CAD/C.AM
CAP

Cd
CELSS
CHC
CG

CL

c/m
CM
c/o
C off

conj
COSPAR

CO2

Cryo
C3

Degrees Celsius
Cryogcniaaerubrake
Compt_r-aid_ design/computer-aidedmanufactming

Cryogenicall-propulsive

Drag coefficient
Closed Environmental Life Support System
Crew health care

Canter of gravity
Liftcodi_.cicnt

Centimeter= 0.01meter

C_w module
Center of mass
C'hcckout
Cost of facilities

Conjunction
Commitr_ on Spacc Research of the Intm'national Council of ScicnRfic

Unions
Carbondioxide
Cryogenic
HyperbolicexcessvelocityScluamd(inkm2/s2)

d
DDT&.E
DE

d_g
dcsc
DMS
dV

days
Design, development, testing, and evaluation
Dose equivalent
Degrees
Descent

Data management sys_m
Velocitychange (AV)
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EA
Earr
Ec
ECCV
ECWS
ECLSS
EP
ESA

C.S.O.
ET
ETO
EVA

Fc

Few

Ff
F_a
Fi
Fl
F.
Fo

F_
FSE

Fs
F_
N
Fv
FY88

g
GCNR
GCR
GEO
ON2
GN&C
GPS

Gy

hab
HD
HEI
HLLV
krs

hyg w
I-IZE
I-I2

H20

Earth arrival
Earth arrival

Modulus of elasticity in compression
Earth crew capture vehicle
Element control work station

Environment control and life support system
Electric propulsion
European Space Agency
Enginesumoppommity
Exmmal Tank
Earth-to-orbit

Extra-vehicular activity

Circulation efficiency factor
F'_ DetectionandDifferentiation
Life support weight factor
Specific floor count factor
Specific floor area factor
Aembra_/nu_gradon factor
Specie leagth factor
Normalized spatial unit count factor
Path options factor
Useful perimeter factor
Parts count factor
Proximity convenience factor
Plan aspect ratio factor
Section aspect ratio factor
Flight support equipment
Vault facu_"

Safe-haven split factor
Spatial unit number factor
Volume range factor

Fiscal Year 1988 (=October 1, 1987 to September 30, 1988.
other years)

Acceleration in Earth gravities (=_.celeration/9.80665m/s 2)
Gas corenuclearrocket

Galacticcosmic rays
Gcosynchronous EarthOrbit

Gaseous nitrogen

Guidance, navigation, and control
Global PositioningSystem

Gray (SIunitofabsorbedradiationenergy = 104erg/gm)

Habitation

High Density
Human Exploration Initiative (obsolete for SEI)
Heavy lift launch vehicle
Hours

Hygeine wamr

High atomicnumber and energyparticle
Hydrogen
Wmm-

Similarly for
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ICRP

IMI_O
in.

mb
IP_ED

Isp
ISRU

k
k_V

kg
klb
klbf
km
KM
KM/Sec
KM/$EC
ksi

I./D
LD
LDM
LEO
LET
LEV
I.EVCM
Level II
LH2
LiOH
LID
LM
LOR
LOX
LS
LTV
LTVCM
1,2

m

[MarsGram
[MARSnq
MASE
MAV
M/C 
MCRV

me
MEOP
lVIcV

Inmmational Commission on Radiation Protection
Initial mass in low Earth orbit
Inches
Inbound

Implementation Plan and Element Description
Independant researchand development
Specificimpulse (=thrust/massflow rate)
In-situ resource utilization

Japan Experiment Module (of SSF)
Johnson Space Center

klb
Thousand electron volt

Kilograms
Kilopounds (thousands of pounds. Conversion to SI units--4448 N/klb)
Kilopound force
Kilometers
Kilometers

Kilometers per second
Kilometers per second
Kilopounds per square inch

Lift-to-drag ratio
Low density
Long duration mission
Low _ orbit
Linear energy transfer
Lunar excursion vehicle
Lunar excursion vehicle crew module

Space Exploration Initiative project office, Johnson Space Center
Liquid hydrogen
Lithium hydroxide
Low Lunar orbit

Lamar Module -
Lunar orbit rendezvous

Liquid oxygen
Lunar surface
Lunar transfer vehicle
Lunar transfer vehicle crew module

Lagrange point 2. A point behind the Moon as seen from the Earth which
has the same orbital period as the moon.

Merlin's

Western Union interplanetaryt_legram]

Martian pornography]
Mission analysis and systems engineering (same as Level II q.v.)
Mars ascent vehicle

Bani._tic coefficient (mass / drag coefficient times area)
Modified crew recovery vehicle
Mass of electron

Maximum expectedoperatingpressm'_
Million electron volt

V
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MEV

MLI

rlrfn

MMH
MMV
MOC
MOI
rood
M&P
MPS
MR
mmc
MSFC
Msi
mt

nat
MTBF
MTV
MWc

m3

N
n/a
NASA
NCRP
NEP
NERVA
NSO
NTR
N204

OSE
OTIS
outb
O2

PBR
Pc
PEEK
PEGA
P/L
IK)TV

pot w
PPU

prop
psi
PV

Q
Q

RAAN
RCS

Mars excursion vehicle

Multi-layer insulation
Millimem" (=0.001 meter)
Monomcthylhydrazinc
Manned Mars vekiclc

Mars orbit captu_
Mars orbit insertion
Module"

Mamrials and processes
Main propulsionsystem
Mixmm ratio

Mcmrs per second
Marshall Space Flight Center
Million pounds per square inch
Metric tons (thousands of kilograms)
Metric tons
Mean time between failures
Mars transfervehicle

Megawatts electric

Cubic Mom's

Newton. Kilogram-metersper second squared

Not applicable
Nadonal Aeronauticsand Space Administration
NationalCouncilon RadiationProtection

Nuclear-electricpropulsion
Nuclearengineforrocketvehicleapplication
Nuclear safe orbit
Nuclear thermal rocket

Nitrogen tea'oxide

Orbital support equipment
Optimal Trajectories by Implicit Simulation program
Outbound

Oxygen

Particle bed re.actor

Chamber pressure
Polycthcr-ethcr ketone
Powcr_ Earth gravity assist
Payload
Personnd orbital transfervehicle

Potablewater
Power processing unit
Prol_Llant
Pounds per squa_ inch
Photovoltaic

Heat flux (Joules per square centimeter)
Radiation quality factor

Right ascension of ascending node
Reaction controlsystem

D615-10026-4 7



Re
RF
RMI._O
RPM
RWA
R&D

Reynolds number
Radio frequency
Rcsupply mass in low Earth orbit
Revolutions per minute

Relative wind angle
Research and Development
Rendezvous and dock

SAA
SAIC
SEI
SEP
SI
SiC
SMA
sol
SPE
SRB
SSF
SSME

STCAEM

stg
surf
Sv
Sl
$2
$3

South Atlantic Anomaly
Science Applications International Corporation
Space Exploration Initiative
Solar-clectdc propulsion
Internationalsystem of units(mcwic system)
Siliconcarbide

Semimajor axis
Solarday (24.6hours forMars)

Soalrprotonevents
SolidRocket Booster

Space StationFreedom
Space Shuttle Main Engine
Space Transfer Concepts and Analysis for Exploration Missions

Stage
Surface
Sicvicrt (SI unit of dose equivalent = Gy x Q)
Distance alongacrobrakcsurfaceforward of thestagnationpoint
Distancealong aerobrakcsurfaceaftof thestagnationpoint
Distancealongaerobrakcsurfacestarboardof thestagnationpoint

t*

TBD
Tc
TCS
TEI
TEIS
t.f.
THC
TMI
TMIS
TPS
TI'&C
T/W

UN-W/25Re

Mcwic tons(1000kg)
To be decrmincd

Chamber mmperamm
Thermal controlsystem

Trans-Earthinjection
Trans-Famh injectionstage

Tank weight factor
Tcmperarme and humiditycontrol
Trans-Mars injection

Trans-iV_¢sinjection stage
Thermal protection system
Tracking, telemetry, and conm)l
'nmm to weight ratio

Uranium ni=ide-Tungstcn/25% Rhenium r_actorfuel

VAB

VCS
Vinf

WBe2C/B4C .
WMS

W/O
WP-01

w/sq cm

VehicleAssembly Building

Vapor cooUcd shield

Velocityatinfinity

Tungsten bcryRium cabide/Boron cabide composite
Waste management system
Without '-

Work package 1 (of SSF)

Watts per squarecentimeter(shouldbe Wcm "2)

V

V
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Z

zcrog

Atomic number
An unacc¢lerate, d f:ramc of reference, free-fall

[order:. numbers followed by gz_k letters]

100K
7a7
_k

..¢
AV

a

_g

<i00,000 particlesper cubicmeter largerthan0.5 micron indiameter

Where n=(0,2-6):Boeing Company jettransportmodel numbers

Kelvin(K)
Positive charge equal to charge on electron
Chargc on electron

Changc invelocity

Standarddeviation

Microgravity
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-_j
EVOLUTION OF THE SOLAR ELECTRIC PROPULSION (SEP) VEHICLE

TECHNICAL ARCHITECTURE PRESUMED LEVEL I REQUIREMENTS-

During the course of the STCAEM study, and particularly during the 90 Day Study, many SEI

(then HE/) transportation requirements were generated by Office of Exploration Level II. These

arc reported as appropriate and necessary in various sections of this report, as well as in the

STCAEM Implementation Plan & Element Description Document technical volumes. Here, space

only permits a summary discussion of the Level I requirements adopted by STCAEM as they

evolved during the course of the study. The concepts developed and analyzed ultimately were to

accommodate the in-space transportation functions required to support the buildup of a permanent

presence on the Moon and initial human exploration of Mars. Thus, our Level I requirement was

simply to deliver cargo reliably to the surfaces of the Moon and Mars, and to get

people to those places and back safely. Vehicles in support of missions to other

destinations axe not part of SEI per se, and were not addressed by STCAEM. Planet surface

system characteristics and Earth-to-orbit (ETO) launch vehicle characteristics were adopted as

needed for manifesting purposes, largely intact from other sources. No design work was

performed for these two categories. In addition, the mission planning horizon was limited to the

year 2025, about 35 years from now.

The chief Level IT requirement governing the dimensions of the vehicle concepts we

developed came to us during the 90 Day Study, and was a crew size of 4 for Mars missions.

Subsequently, STCAEM performed a simple skill mix analysis or these long-duration missions.

Our result was that doubling up on critical skills (for redundancy), given reasonable expectations

of how many skills each crew member could become expert in, requires in fact a minimum of 6 -

7 crew members for Mars missions. For the sake of consistency, our vehicle concepts are

shown comparable to the 90 Day Study results, sized for four crew. Impacts accruing from

larger crew sizes arc discussed in Section x.3.

CONCEPT DEVELOPMENT METHODOLOGY - A vehicle concept emerges gradually

through the iterative combination of requirements analysis, subsystems analysis, mass synthesis,

performance analysis and configuration design. Because of the cascading, cause-and-effect nature

of specific technical decisions in this cyclic process, the ability for a particular concept to remain

fully parametric is incrementally lost, sacrificed for depth of detailing. The need to penetrate

deeply even at the conceptual stage is twofold: (1) to uncover subtle integration interactions

D615-10026-4
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whose ramifications fundamentally revise the concept as they reflect back up the information

hierarchy; and (2) to enable the production of graphical images of the concepts capable of being

communicated widely but grounded firmly in engineering detail. If circumstances allow the

concept development process to engage many cycles of reflexive adjustment, from requirements all

the way down through subsystem detailing, the design osciLlations subside eventually and the

product that emerges is a robust and defensible concept. Basic differences in problems posed and

solutions engineered lead concept developments in different directions. "Like" problems and

solutions gravitate together; their recombination and resolution results in distinct, identifiable

vehicle concepts which constitute veh/cle archetypes. A concept is archetypal if it spawns concept

progeny whose ancestry is clear, and ff in so doing its salient features recognizably survive

subsequent refinement, development and scaling. The ultimate purpose of the STCAEM Concepts

and Evolution tasks was to generate, analyze, evaluate and describe such vehicle archetypes, and

the role they could play in human space exploration missions.

The STCAEM architecture analysis identified seven major classes of transportation

architecture for SEI lunar and Mars missions. Some are derived from different propulsion

technology candidates; some are derived from distinct mission philosophies independent of

propulsion method; most have many sub-options. Vehicle archetypes are keyed more closely to

propulsion method than to mission mode, however, so we found that all seven SEI transportation

architectures can be accomplished by derivative combinations of just five archetypal Mars transfer

vehicle (MTV) concepts, two archetypal Mars excursion vehicle (MEV) concepts, and one

archetypal lunar transportation family (LTF) concept. The concept evolution of these archetypes is

outlined in the Major Trades IP&ED book.

DESIGN AND NECKDOWN CRITERIA - STCAEM concept development was punctuated

by four "neckdowns", which winnowed down the option candidates generated at each successive

level of detail throughout the study. The four neckdowns were intended to result in: (1) feasible

options, based on promising propulsion technologies capable of performing SEI-class missions;

(2) preferred options, representing the handful of candidates whose performance and

technological readiness were judged to warrant detailed study; (3) integrated concepts, vehicle

archetypes developed sufficiently to uncover their major integration concerns and architectural

context ; and (4) detailed concepts, based on the reconciled integration of traded subsystems.

The 90 Day Study occurred such that the fast two neckdowns were effectively reversed;

cryogenically propelled, aerobraking technology was necessarily preferred at that time, due to

D615-10026-4 16



depthof understanding. However, STCAEM later rounded out the picture by completing all four

neckdown activities, in an ongoing manner throughout the study.

Studying the program architecture implications of various technology options for SEI

missions led to the conclusion that the most generally accessible discriminators, cost and risk, are

driven by more subtle technical discriminators than, for instance, initial mass in low Earth orbit

(IMLEO). These can be grouped into three broad categories: feasibility, flexibility, and multi-use

design. As indicated above, feasibility was the f'trst filter for all concepts considered by STCAEM.

Flexibility has three components: (1) robustness, which is the ability to perform nominally

despite variable or unanticipated conditions; (2) resiliency, which is the ability to recover from

accidental delays or mishaps; and (3) evolution, which is an adaptation over time to changing

requirements. Flexibility is thus a measure of a program's technical strength and safety in the face

of variable extrinsic factors. Multi-use design has two components: (1) re-usability, which

means using the same hardware item more than once; and (2) commonality, which means using

the same hardware design in more than one setting. Multi-use design is thus a measure of a

program's cost-effectiveness and intrinsic longevity. These two key architecture drivers were

paramount in interpreting the results of STCAEM's technical trade studies, and figured

prominently in the development of element concepts.

MARS TRANSPORTATION - Four Mars transfer propulsion candidates survived all

STCAEM neckdowns: cryogenic chemical, nuclear thermal, nuclear electric, and solar electric.

Analysis of aerobraking resulted in two performance ranges of interest for Mars entry (hypersonic

L/D = 0.5, and L/D = 1.0), as well as the use of high-energy aerobraking (t-IEAB) for capture at

Mars. Consequently, the five archetypal MTV concepts are based respectively on:

cryogenic/aerobrak/ng (CAB), cryogenic all-propulsive (CAP), nuclear thermal rocket (NTR),

nuclear electric (NEP), and solar electric (SEP) propulsion technologies. The two archetypal MEW

concepts are based on the "low" and "high" L/D performance ranges analyzed.

x.../

SEP - Solar electric propulsion represents a non-nuclear, "decentralized" and extremely redundant

STCAEM approach to advanced propulsion for SEI missions. It is not, however, a "low-tech"

solution to Mars transportation as is commonly held. First, the technology associated with large

electric engines is the same for SEP as it is for NEP, because in each case individual 1 MWe

engines are ganged together to achieve the appropriate power level. Second, SEP challenges our

lightweight, large space structures (LSS) technology more than any other SEI concept. The

reference SEP is 203 m on a side, covering an area equivalent to 9.24 football fields; yet its
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supporting su'ucture must have a mass on the order of only 15 t. Surface accuracy requirements

are orders of magnitude less stringent for the SEP photovoltaic (PV) arrays than for high-

precision, large space antennas studied in the LSS literature, but the design, fabrication,

deployment and maintenance of LSS of SEP-scale remains unvalidated empirically. Third, the

size, fragility and unit-repetition appropriate for SEP concepts absolutely requires robotic-mediated

maintenance. The positive side of this is that addressing robotic requirements for SEP may help us

face up to the necessity and utility of state-of-the-art automation for other vehicle concepts as well

Finally, high-performance, robust, sufficiently lightweight and low-cost PV assemblies have yet to

be demonstrated either. The usefulness of SEP hinges critically on our ability to fabricate acres of

advanced PV assemblies economically.

Early STCAEM versions of SEP vehicle concepts presumed motorized unfurling of

diaphanous, flexible PV blankets across a skeleton of ribs diagonalized by cables. Engine plume

impingement of the arrays and structure was avoided by locating two engine assemblies at opposite

ends of a long, truss outrigger. The thermal rejection system for the electrical power management

and distribution (PMAD) system was centralized in two areas with dedicated radiators. Further

investigation of current thinking on practical concepts for LSS led us to adopt the area-truss

approach as the only way to get requisite stiffness and remain lightweight. The bay size selected

was 7 m, as this limits parts count while not exceeding a reasonable span for projected,

strengthened PV blanket technology. The blankets themselves consist of an iso-stress mesh of

kevlar fibers to which are bonded stiffened, 4 cm advanced tandem solar ceils. The need for

engine outriggers was avoided by locating the twin engine assemblies at opposite comers of the

square vehicle structure. The vehicle thus sweeps back at 45" angles from the nominal thrust line,

and our presumed impingement envelope (a combination of +_.20" for plume spreading and -t- 20"

for engine gimballing) was only 40". To fast order, the thrust line is in-plane with the vehicle

because the solar arrays must be sun-facing, while the thrust must average tangential to the transfer

orbit.

The STCAEM SEP reference vehicle has an extremely large number of identical parts, and

was developed along with a matching robotic assembly, deployment and maintenance scenario.

Two kinds of robots are envisioned: (1) a dextrous truss-builder with the ability to move about the

vehicle, top or bottom, inspect critical systems and change out defective components; and (2) an

array-paver, capable of accepting cassettes consisting of pre-integratext, rolled PV blankets. The

paver would attach the blanket to the vehicle structure, removing and roiling up the blanket's

protective packaging sheet as it progressed in one-bay-wide strips. On the SEP's first flight, the
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paver would deploy thesacrificialtransferarray,undcploy itonce beyond thevan Allen belts,and

subsequentlyd_ploy thefull,main arrayforintcrplanctaryflight.

ARTIFICIAL GRAVITY (SEP) - The need for artificialgravity on long-duration

kn.tcrplanctarytransfershas not been cstabhshed.Ncitherhas thelackof such a need,however, so

STCAEM was obligatedtoexamine thepcnalticsincurredby requiringcontinuousartificialgravity

en route between Earth and Mars. Various approaches to rotatingartificialgravityhave been

proposed; STCAEM assessedallof thcm, and invcntcdsome new ones. The fundamental design

problems associatedwithartificialgravityderivefrom: (I)theneed fora countermassforrotation;

and (2)the high mass costof prccessingthe angularmomentum vectorof a systcm having large

rotationalenergy. Elegant solutionstoboth arc elusive,and vary widely with propulsionoption.

Secondary complicationsarc communications and navigationpointing,flightstructuressizedto

hang heavy vehicles,and possibly materialfatigue. The fundamental operations problcms

associatedwith artificialgravityinvolvecrew EVAs duringrotation,roboticmaintenance in thc

vehicle'sgravityfield,crew physiologicaland psychologicalresponsestoa rotatingenvironment,

performing minor course-correctionpropulsivemaneuvers and testingthe capabilitypriorto

departure.Our work has verifiedthatartificialgravityappearsfeasibleforMars-classmissions,

forallpropulsionoptions,atfairlymodest mass penalties.

Vehiclesbased on electricpropulsionpose thetoughestintegrationchallengeof all

for artificialgravity.Being low-thrustsystems,they must bum fora substantialfractionof the

transfertime. One simple approach isto rotatethe vehicleonly during the mid-transfercoast

period(i -2 months) and upon arrivalatMars (ifa conjunctionprofileisused toallow long stay

times inMars space).Incaseintermittentartificialgravityisan insufficientsolution,however, itis

importanttodevelop full-blownalternatives.STCAEM examined severalconfigurationoptions.

Required thrustvectorhistoriesforlow-thrusttransfersarcnot completelyunderstoodatthistime.

Another simpleapproach would be tokeep thethrustvectorattitudeconstantin space,avoidinga

need forspin-vectorprocession.To firstorder,however, itappearsthatsuch rcpointingwould bc

required,and itisexpensive pmpulsively. We examined using a "cross-product"electricengine

locatedon a long outrigger,even with generous configurationassumptions,themass penaltyis

about 10 % of IMLEO. Ifthe spinvectorisnormal tothe transferplane,littlercpointingwould

bc required,and wc selectedthisoptionforbothNEP and SEP. Wc solvedtheproblem of what to

use for countcrmass (particularlyacute for the SEP) by basclininga new inventioncallcdthe

"eccentricrotator".With thisapproach,everythingon thevehicleexceptthehabitableand payload

systems isthecountermass. This leadstothedespun electricenginesthemselvestracingout small

circlesrathcrthanlyingalongthe spinaxis.However, thcirattitude(allthatcountsforlow-thrust
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propulsion) c_m_ cOnst_t, and the C M exc_!onis typically small (of order a few meters

for NEP and a few tens of meters for SEP)so tl_egravity ions On _e pro_sioffsyst_m _

small. The dynamics of such rotating vehicles are not yet fully studied. Mass penalties as well as

trip-time penalties appear small, of order 5 % of IMLEO for NEP including a spinup/spindown

propellant budget presuming efficient electric thrusting for that purpose. SEP suffers more

complications because its distributed structure is so fragile. Effects of the 4 rpm cyclic loading,

and the bending moment introduced into the fragile structure by the unbalanced rotor, remain

unstudied. Gravity loading of the main truss structure in the eccentric rotator configuration is as

high as 0.46 g, and preliminary estimates of the vehicle's structure mass were increased 20 %

over the microgravity version to accommodate this (because the SEP structure amounts to only

14 % of the vehicle inerts, however, this results in an inerts increase of 2.6 %).
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Low-LID Mars Excursion V_hicle fMEV) - The MEV archetype development began during, and

was resolved just following, the NASA 90 Day Study. It was originally conceived as a means of

delivering 25 t of tmdefmed payload to the surface of Mars. However, the specification of crew

cab provisions, the analysis of vehicle mass balance, and consequently the configuration design of

the vehicle all depend on specifics of the payload manifest. We assumed a 20 t reference surface

module as an integral part of the MEV. This led to a "Mars campsite" design intended to support a

crew of four for 30 - 60 d and became or standard lander design. Chief departures from the

lunar campsite mode of operation were:

1) The MEV arrives with the crew already onboard, and so is capable of a really self-

contained mission.

2) The MEV also brings with it an ascent vehicle (MAV) with a separate propulsion system,

configured optimally for the ascent phase (or ascent after breakaway from the descent stage during

a descent abort). The crew cab for the MAV is the operations bridge for the MEV during all its

mission phases.

3) The MEV is configured for packaging within an L/D = 0.5 aerobrake. For CAB

missions, this brake captures the as-yet unmanned MEV into Mars orbit autonomously, before

rendezvous with the MTV, and is used again for the descent. For CAP and other types of

missions with propulsive Mars orbit capture, this brake is used only for descent. In all design

cases, terminal descent engines are extended through ports in the windward surface of the brake at

low Math number, and the brake is jettisoned subsequently, prior to touchdown.

M.,J

The MEV configuration was developed to permit later removal and relocation of the surface

habi_t module, with the aid of surface construction equipment. A variant of the MEV, without

either surface module or MAV, was analyzed for delivery of heavy cargo on unmanned missions.

A quick assessment was made of the feasibility of re-using an MEV, presuming in situ production

of oxygen and retention of the aerobrake until touchdown. The outcome was positive, although:

(1) additional brake hatches appeared necessary for landing gear deployment, crew egress, and

cargo offloading;, and (2) a lightweight top-shroud appeared advisable due to aerodynamic drag on

ascent, and to permit the crew bridge to protrude beyond the presumed wake-protection limit for

direct surface viewing during terminal approach. Configuration options for a "split-stage" MEV,
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in which the same, or a portion of the same, propulsion system is used for ascent as for terminal

descent, were also investigated, and shown to be simple variations of the archetype.

Our baseline aerobrake assembly concept presumed robotic-mediated final assembly of pre-

f'mished, rigid aerobrake segments at Freedom. Packaging such segments efficiently by nesting

them in an ETO launch shroud is made challenging because of: (1) the aerobrake's asymmetrical,

deep-bowl shape, in which the maximum depth of a typical "slice" is comparable to reasonable

shroud diameters; and (2) the aerobrake's lip, required for both aerodynamic performance and

structural stiffening around the free brake edge. Subsequent manifesting analysis, in which

segments were configured according to an initial rib-and-spar slructure concept, indicated that two

ETO flights would be required to launch a single aerobrake in several pieces. Such extremely

volume-limited and volume-inefficient manifesting is an unacceptably poor use of the expensively

developed capability that a heavy-lift E'I'O system represents.

In response to this manifesting problem, STCAEM proposed the "integral launch" concept,

in which a fully assembled, integrated aerobrake is launched external/y, mounted on the side of the

launch vehicle exactly analogous to current STS operations. The low-L/D brake is comparable to

the STS orbiter in linear dimensions, and is hght enough to launch two at once, with capacity to

spare for other, shrouded payload as well. Ascent performance of such a flight configuration

requires study; the critical question is whether ascent loads would size the aerobrake structure out

of the competitive mass range for the mission itself.

Our structural analysis indicates that since the deep bowl-shaped aerobrake loads like a

doubly-curved shell, it may be possible to construct an actual "aeroshelr' without resorting to ribs

and spars or some other articulated skeletal structure system. The shell would be made of a

relatively thin honeycomb-type material system with integral TPS. However, lip buckling would

still require a s_ff rim, probably facilimmd by a closed-tube-section structure. Such a brake may be

lighter, and certainly simpler, but the thickened rim would still cause packaging problems due to

nesting interference.

V

V

V
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High-L/D Reusable Mars Excursion Vehicle (RMEV_ - The RMEV archetype development

occurred in response to three drivers:

(1) Analysis so far indicates that LID = 0.5 is sufficient at Mars for controlling an aero-

vehicle at Mars. However, the existence of some mission design studies in the literature which

advocate L/D > 1.5 for Mars, combined with our preliminary understanding of controllability

under Mars conditions, make it important to know in detail how different the configuration

constraints imposed by higher L/D would be from those imposed by the lower L/D (which by

1989 had come to be regarded generally as appropriate).

2) As the 90 Day Study stimulated thinking about what the purpose of SEI Mars surface

missions should be, concern developed that global, or at least wide, access to the surface of Mars

was potentially important. High-thrust Mars transfer propulsion systems (chemical or NTR) tend

to be mass-constrained by arrival and departure vector geometry to certain parking orbit conditions.

Although there is no lack of interesting (scientifically important) landing sites accessible from the

periapsis of any orbit at Mars, the fact that performance-optimized parking orbits are unique for

each high-thrust opportunity causes a site-access problem if returning to the same surface site is

required (for base buildup). Thus for high-thrust transfer propulsion options particularly, an

ability to achieve cross-range on lander entry may be important. High L/D enables greater cross-

range capability.

3) Certain Mars lander issues not imposed as requirements during the 90 Day Study required

analysis and design validation. Developing a new MEV concept, substantially different from the

baseline MEV, allowed us to investigate those issues simultaneously and thoroughly. Specifically,

we addressed: (1) a deep aerobrake structure concept, of interest for maximum structural

efficiency and therefore reduced brake mass; (2) the ability to deliver large-envelope cargo

manifests, represented in our design by a long-duration surface habitat module sized for 10 crew;

and (3) re-usability of the MEV, based on in situ production of cryogenic propellant.

The vehicle shape represented by the RMEV has applications for other interesting mission

modes, concepts for which have yet to be investigated in detail. Three examples are: (1) a smaller

RMEV, sized commensurately with the MEV to be a modest cargo-delivery vehicle; (2) a direct-

landing MTV, whose return propellant would be manufactured in situ on Mars; and (3) re-usable

aerobraked "taxi" vehicles capable of performing the Earth-Mars cycler embark/debark function.
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__/ Solar Electric Propulsion (SEP)

The SEP vehicle uses thrust obtained as a result of charged particles accelerated

through an electricfield.Argon propellantis firstionized in the thrusterdischarge

chamber. The propellant,which isin a plasma state,iscontainedwithin the discharge

chamber by a magnetic field. The propellantthen "drifts" towards the acceleratinggrid

where the charged particlesarcrclmlledout atan extremely high velocity.The charged

particlesmust then bc neutralizedto preventthem from coming back to the spacecraft,

which would negate thrust.An issue confrontingthe propulsion system involves the

expected lifetimeof the thrustersdue to cathode and griderosion. Expected thruster

lifetimeis I0,000-20,000hrs.

The SEP createselectricalpower necessaryforthepropulsionsystem by converting

energy from thesun intoelecwicitythrough theuse of photovolticsolararrays.The solar

arrayisconfiguredinmultiplestringstoinsureredundancy. The lossof individualcellsto

debris and degradation damage is taken into account within the design. Dir_t screen drive

enables the elimination of high voltage (2000 volts DC) power processors. Low voltage

(20-32 volts DC) power processors are stiI1 needed for heaters, ionizing potential, and

other misc. The power generated from the arrays is piped to the thruster pods wber_ the

ion engines are locate& Expected power plant lifetime is 10 years.

From the missionanalysisforvariousforms of thevehicleindicatethatreasonablepower

levelsof 8-15 MW with triptimesof 540-620 days, atvehiclespecificmass (alpha)from

8-12 kg/kW willyieldreasonablylow IMI.,EOs.The use ofcertaintypesof gravityassists

inflight,around theMoon, Earthand Mars may be employed toreducetriptime orvehicle

preservation(flybyand recover).Other techniques,such as an expendable solararrayfor

transferthrough the van Allen belts,or stagingatL2 may be used toreduce the stresson

thevehicle.
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-v Solar Electric Propulsion Vehicle

Reference Configuration

The solar electric propulsion (SEP) Mars transfer concept is the only non-nuclear

advanced propulsion option. Itoffersadvantages of the lowest IMLEO of the four

referencevehicles;a reusable,extremely high Isp(5,000sec)system; a fullypropulsive

capture at Mars and Earth which avoids the need for high energy aerobraking;good

mission flexibility(relativeinsensitivityto mission opportunity, capture orbit

astrodynamics,or changes inpayload mass) and low resupplymass (theargon propeUent

required amounts to roughly a thirdof totalvehicle mass). Disadvantages include

uncertaintyabout how economical theproductionof acresof solararrayscan become, and

the nccd todeploy and controla relativelyfragilevehicle,which isbiggerthansixfootball

fields,in space.

Nominal Mission Outline

* The SEP vehicleisassembled and checked outinLEO

• TMI isa slow spiralout ofEarth'sgravitywell

, JustpriortoEarthescape,thecrew transfersonboard usingan LTV

• Thrustcontinuesthroughouttheinterplanetarytransfcn',Rrstaccclcradngrelative

to Earth and then decelerating relative to Mars, except for a 45 - 60 day no-

thrust hiatus enroutc.

• MTV flies by Mars with low relative encounter velocity

• MEV separates from MTV for aeroentry

• MEV descends tosurface,jettisoningacrobrakepriortolanding

. Su_dace operations ensue

• MTV continues decclcrafing into loosely captured, highly elliptical orbit

• Ascent vehicle leaves descent stage and surface payload on surface

• MAV rendezvous occurs at MTV periapsis; lambing and crew transfer

• MAV jettisoned in Mars orbit

• Reversal of interplanetary acceleration / coast / deceleration sequence

• Crew departs MTV for direct entry at Earth

• MTV spirals back to LEO for refurbishment (optional loose capture at L2 is

attractive, if refurbishment infzastrucnae is available there and if resupply trips

from LEO use EP or beamed power propulsion for high efficiency)
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Vehicle Systems

Primary vehicle systems are: power plant; main propulsion; vehicle bus; and

crew systems.

- The power plant consists primarily of a field of solar arrays kept normal to

the sun line at all times. The solar array area required to produce I0 MWe of power is

- 35,000 m 2 and is maintained sufficiently rigid and in position by a deployable area

truss (spaceframe) one bay deep. Details of deployment of the lightweight solar cell

blankets across the su'uctu_ are not yet worked out.

- The propulsion system includes engine assembly, propellant storage

subsystem, and plumbing components, split into two identical modules located at distal

ends of thevehiclebus. Each engineassembly has five individualion thrusters(thetotai

of ten includes two spares)in a 5 x 8 rectangular array. Each thruster is 1 m wide by

5 m long;beam neutralizersarc locatedbetween the thrusters.The argon propellantis

storedcryogenicallyin insulated,sphericaltanks,mounted on the forward'sidesof the

engine assemblies via structuraland fluidquick-disconnects. Including tanks,the

propellantstoragesystem masses about 35% overailVehicleIMLEO. This relativelylow

propellantmass isa strongresupplyadvantage.

Y_c.hif,lg.._ - Thrust loads are extremely low for the electricpropulsion (EP) system.

Probable maximum loadingisfrom impulses likeattatudecontrolsystem (ACS) f'Ldngs,

berthingoperations,and constructionand maintenance activity.The primary vehiclebus

sn'ucmre has two components: the areamass covered by the solararrayfield,and truss

outriggersextending sufficientlyfarbeyond theedge of thesolararraythattheion engine

plumes do not impinge on, and thereforeerode,thepower system.The crew systems arc

attached to the underbelly of the area truss (in the centerfor mass balance). Two

communications satellitesarc also attachedto the trussnear the crew systems, to be

deployed inMars orbitformaintainingcommunication with Earth. Also mounted to the

trussnearthe habitationsystem arethermalradiatorsforthepower conditioningequipmcnu

D615-10026-4 34



_dg..Lgglg.,l_-Thecrowsystemsconsistof a long.duration transit habitat and one or more

MEVs (the reference design shows one MEV). All habitable volumes are contiguous

throughout each mission. Electric propulsion has the least sensitivity to increased payload

mass, so an important option is provision for multiple MEVs. A multiple docking adapter

(not shown), would allow several MEVs to be used without altering the vehicle

configuration (additional propellant tanks would be required).
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Architecture Matrix
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Reference Matrix to Alternative Architectures

In considering a complex task, it is useful to organize it into a heirarchy of levels. The
higher levels are more important or more encompassings., while the lower levels include
more detail or are more specific. Conswaints (e.g., requu'ements and schedules) flow
down from the higher levels and solutions or implementations build up from the lower
levels. The first figure shows a heirarchy of six levels from national goals to performing
subsystems. The following section discusses the fourth level, exploration architectures, in
terms of the lower levels: element concepts and performing subsystems. Selection of

preferred architectures will require the Government (the National Space Council, the
President, and the Congress) to first define the top three levels.

Implementation Architectures

Seven architectures have been selected for examination: four different propulsion .types
(Cryogenic/Aerobrake, NEP, SEP, and NTR); two variations of In-Situ Resource
Utilization (ISRU) for propellants with Cryogenic/Aerobrake propulsion (Lam'ange point 2
refueIing and Mars surface refueling); and a cycling spacecraft concept. Three basic levels
of program scope are identified: small, moderate, and ambitious.

Multiple options can be generated within the basic architectures, varying launch vehicle
capacity, orbital node type, and mission profile and propulsion type for the various Lunar
and Mars vehicles.

Aerobraking is found to be applicable to all seven architectures, placing it as a 'critical'
technology. Electric propulsion leads to the lowest reference vehicle mass, and also almost
the lowest resupply mass. ISRU/Cryo leads to the lowest estimated resupply mass since
most of the prupeUant is derived locally rather than coming from Earth.

Cost Models

Cost estimation is being performed using "parametric" methods. This technique uses a
parameter, usually weight, as an input to empirically derived equations that relate the
parameter to cost. It should be recognized that the source data for the cost models is past
program experience, while the hardware being estimated will be built one or two decades
from now. Therefore these cost estimates should be assumed to have a standard deviation
on the order of +-100%. Hardware at t_hnology readiness level 5 may be assumed to
have a standard deviation in cost estimate of +-30%. No revenues from sale of products,

services, or rights (i.e. patent rights, data rights), or commercial investment, are assumed
in the cost estimates. These might appear in a scenario such as the Energy Enterprise.

Aa an example, the cost estimate for a NEP architecture shows an average annual funding
level of $8 billion per year after initial ramp-up.

The principal cost drivers identified include number of development projects, reuseability,
mass in Earth orbit, and mission/operational flexibility.

Analysis Methods

Individual trade studies are performed within each architecture to optimize it against
evaluation criteria. The principal evaluation criteria to date has been initial mass in low
Earth orbit, as a proxy for cost. The results of this optimization will then be compared to.
each other in groups. The early Mars group will compare all-propulsive, aerobraking,
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direct travel, and nuclear thermal among themselves. The electric propulsion group will

compare SEP and NEP. The innovative _oup will compare Lunar oxygen to cycler orbits.
These concepts may both be retained if it is advantageous to do so. Finally, the choice
between early Mars and Late/Evolving Mars will need to be made on the basis of cost, risk.

and performance, while combining the best features from each group.
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Reference and Alternate Missions

Note: Contains material formerly in Mission Analysis
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J SEP Mission Analysis

Contained within this section are the following:

• Crroundrules for the Mars SEP study

• Propulsion option comparison assumptions

• Propulsion opdon comparison

• SEP missionprofileschematic

• Low thrustmissionanalysismethodology

• SEP performance parameters

• Trajectory optimization

• Earth gravity wellspiralanalysis

• Transfer array trade results

• Gravity assist definitions

• Gravity assist results

• Optimum low thrust round trip Earth-Mars mission and

system d_sign parameters: Byrd Tuc.k_,SRS,Dec. 27, 1990

Our initialobjectiveforSEP missionanalysiswas todeterminean optimum power

level and Isp for a range of projectedvehiclealpha's. This information was used to

develop a vehicleconcept of thatclass.The resultsof our initialanalysisshowed thata

vehiclealphaof 10 kg/kW would have an optimum power Icvclinthc 10 MWc range.This

power level would permit manned triptimes that were competitive with chemical

propulsion for and assumed 121 tpayload. Previous SEP Mars mission studieswere

primarilyaimed atlower power levelsbecauseelectricpropulsionwas thoughtof asacargo

carrieronly. Our analysis,in conjunction with the other propulsion option analysis,

showed thatSEP isa seriouscontenderform_'med Mars missions.As time progressesa

more dcmilod vehiclewillbc developed,allowingmore accurateanalysistobe performed.

Further analysiswillstillrevealsolutionsthataxe in the same classas currentanalysis.

Since vehiclealpha'splay such an importantrolein vehicleperformance,thistechnology

areashouldb¢ given seriousattentionc_ly inthedevelopment program.

D615-I0026-4

PREGEDIP,=G PAGE BLANK NOT FILMED

139



Missionanalysis for various vehicles has revealed that power levels around 8-15

MW offer reasonable trip times and low IMLEO. Increasing power raises the thrust level,

but the vehicle alpha (vehicle specific mass, kg/kW) remains the same, resulting in a higher

vehicle mass. When both the power plant mass and the power level increase you enter the

dilemma of more power to push more mass. In other words, there is a point where

increasing power level doesn't buy much since the mass has gone up as well. Since the

vehicle is dominated by solar arrays, stracna'e, and ion engines, the vehicle alpha doesn't

decrease as it does for the NEP. Typical vehicle alpha's associated with SEP are in the 8-

12 kg/kW for muki-megawatt vehicles. Typical trip times for these types of vehicles are on

the order of 540-620 days.

Certain gravity assists offer significant benefits for electric propulsion, without

imposing launch window restrictions. The gravity assists that offer benefits are a Lunar,

Mars, and Earth fy-bys. During Earth Escape The vehicle swings by the moon to gain a

velocity boost on the order of 600-1000 m/s. During a Mars fy-by, the vehicle approaches

Mars with excess velocity, drops the MEV off, and continues in heliocentric space in close

proximity to Mars. When the vehicle decelerates enough to capture at Mars, The vehicle

enters a highly elliptic orbit to allow the MEV multiple attempts to rendezvous with the

transfer vehicle. The time frame for vehicle deceleration and Mars capture is calculated to

be the same as the surface stay time. An Earth fly-by is similar to a Mars fly-by in the

sense that the vehicle starts the deceleration phase of the mission leg later than it normally

would. As the transfer vehicle approaches the Earth with excess velocity, the crew is

dropped off and the vehicle continues in heliocentric space. When an Earth fly-by is

employed, the wamfer vehicle cannot rendezvous hack with the Earth for a considerable

length of time (--200 days). This length of time may be detrimental to thruster lifetime.

Therefeze, the recommended gravity assists are Lunar and Mars fly-bys. These fly-bys can

offer trip time reductions on the order of 40 days total.

A major operational issue confronting the SEP involves the Earth escape spiral.

The baseline operational mode calls for crew rendezvous _th the SEP a few days prior to

Earth escape via Lunar Transfer Vehicle. The Earth escape spiral takes 50-100 days in the

10 MW range, spending to much time in the Van Allen belts for possible crew exposure.

Radiation associated with the Van Allen belts causes considerable damage to the solar array

while the SEP passes through the belts. Due to this degradation, the SEP must somehow

get through the belts without the in_rplanetary array. Three possible solutions to this

V
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dilemma is (1) transfer by chemical boost stage, (2) u'ansfer array scenario, or (3) transfer

by a beamed power EOTV. A chemical boost stage would effectively double the IMI..EO of

the SEP, and is not re.commended as a solution. The SEP truss sn'uctu_ is also not sized

for the loads of a high thrust system. A promising solution is to carry 2 arrays; one army

for the intarplanetary transfer and one array for the Earth escape spiral. Once the vehicle

has passed through the belts, it drops the transfer array at a location where the array could

possibly _ used by another operation (beamed power) and deploys the main array. On

mbse.ClUent missions, the SF..P can stage at L2 arid have rcsupply requirements furnished by

a Mamed power EOTV.
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Discussion:

Trade studies were performed for the proposed conjunction class manned Mars mission

using solar electric propulsion. A nominal case for the 2016 opportunity was generated with

rendezvous conditions at all encpunters, and the result of adding a Mars flyby legwas studied.

Trades were then performed in which power level and vehicle specific mass were varied, and

specific impulse was varied for each power level at a fixed specific mass. Using a baseline case of

10 MW, specific impulse (Isp) of 6500 seconds and a vehicle specific mass (alpha) of 10 kg/kW,

trajectories were generated for each of the opportunities between the years 2010 and 2026. Four

different power degradation (with distance from the Sun) curves were then compared for a given

vehicle.

Assumptions for the study were as follows:

• Variables included flyby leg duration, is'p, initial mass in orbit, power level,

alpha, launch date and power degradation curve.

• Trip time was def'med as Earth escape to Mars and return to Earth. Mars residence

was not included.

• The equation used to calculate thruster efficiency was:
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_- BB

LIsp*goJ

where DDT=22..96 and BB=0.835, constants from CHEBYTOP (Reference 1).

* Outbound payload of 1I6 MT

• Inbound payload of 43 MT

• Tankage mass equal to 10% of propellant mass

• Earth spiral to escape delta V of 4000 meter_%econd (GEO to escape)

•High eUiptical Earth capture orbit

• Mars capture orbit of 24.5 hour (one Martian day) period with perigee altitude of

360 kin.

• Vehicle alpha was defined as the ratio of the total inert weight to the power

delivered to the thrusters.

The following tables i, 2, and 3 show the flyby benefits, vehicle masses, alphas, specific impulses

and trip durations for 600 day Mars residence missions, 2016 opportunity:

Hyperbolic Excess Velocity

(kin/see)
,,] ,,

1.93

Flyby Leg Duration

(days)

600

DeliveredPayload

(MT)

50.2

2.16 500 44.4

1.97 400 44.0

0 300 42.8

1.40 200 48.2

100
i i

0

1.48 48.2

43.0

Table 1 Nominal Case and Flyby Benefits

The nominal case in Table I consisted of an outbound trip to Mars, 600 day Mars residence time

and a return trip to Earth. A I0 MW vehicle operating at an Isp of 5000 seconds was chosen as the

starting point for the solar elec:ric propulsion (SEP) conjunction class mission study. The vehicle

alpha was I0 kg/kW and its initial mass in geosynchmnous Earth orbit (GEO) was 355 MT,

enabling it to deliver the desired payloads to Mars (116 Mr) and back to Earth (43 MT). The

vehicle was then allowed to fly by Mars at a finite (optimized) speed and remm a specified duration

D615-I0026--4



later, reducing the delta V required for the first leg and thus reducing the required propellant mass.

As a result, the payloads delivered to Earth upon return are higher for the flyby cases, and are

shown in Table 1. Note that the payload for the 300 day flyby leg is nearly identical to the no

flyby case, as the flyby velocity optimizes (?) to be zero. The zero value could be a result of the

optimizer stopping on a local minimum. In any case, the flyby leg generally reduces the delta V

requirement of the Earth to Mars leg. However, from a mission practicality/safety standpoint, the

benefit may not be worth the inconvenience of not having a return vehicle nearby.

Initial Mass in Low

Earth Orbit (Mr)

Power Total Vehicle Alpha

15473 12

408 15 10 438
II

363 15 8 420
. ,. ,..1 1,

Trip Time

(days)

460

390 10 12

355

457

I0 I0 430

326 I0 8 410

295 5 12 555

256 5 I0 525
llw_l 1,, .

253 5 8 500

V

Table 2 SEP Power Level Trades

Trades of initial mass versus trip time for three different power levels are shown in Table 2. The

vehicle alpha was varied for each power level, and a Mars residence of 600 days was used. Due to

lower initial power levels and additional power degradation near Mars (power decreases roughly

with the square of the distance from the sun), the SEP vehicles do not have nearly the flexibility in

initial mass versus trip time that the NEP vehicles do. The combination of high Isps and low

power levels limits the total available delta V, forcing the SEP vehicles to fly on low energy

trajectories. As a result, increasing the propellant weight does not necessarily decrease the trip

time, since the total available delta V is thrust-constrained rather than propellant mass-constrained.

Each power level and vehicle combination therefore flies best within a relatively narrow range of

propellant mass fractions. A representative sample is shown above.
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Initial Mass in Low

Earth Orbit

309

319

363

262

265
i

326

218

253

Specific Impulse

(sec)

IO,OOO

7500

5OO0

IO,OOO

7500

50OO

7500

5OO0

_owel"

(MW)

15

15

15

10

10

10

Trip Time

(days)

445

445

420

490

470

410

5 568

5 5OO

Table 3 SEP Isp Trades

Table 3 shows the effect of varying specific impulse for a given power level. All vehicles used an

alpha of 8 kg/kW, since at higher Isps, a low alpha was the only way the 5 MW vehicle could get

to Mars. For the 5 MW vehicle, an Isp of 5000 is the practical upper limit. Higher Isps result in

such low thrust that the vehicle must lengthen its trip time to well beyond the Hohmann transfer

trip time simply to allow the thrusters enough time to gencrat_ the required delta V to complet_ the

transfer. At 15 MW, an Lopof 10,000 seconds reduces the initial mass in orbit substantially while

maintaining a reasonable trip time. The 10 MW vehicle operat_ best at an Isp between 5000 and

10,OO0 seconds, and for the remainder of the study a vehicle with an Isp of 6500 seconds was

chosen as a good compromise between low initial mass and reasonable trip times. Factors that

could affect this choice are cost of delivering mass to orbit, feasibility of ex_mely large su'ucmres

for higher power levels, and human tolerance to extended _ in space.
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Oppormaity Launch Date

(year) (lulim, Date-2,_t0000)

2010 15110

2012 15875

2018
i |l

tt_

Trip "1"mac

(days)

535 .

520

Stay Tinae

!days)
450

470

2014 16657 463 500
r,

2016 17452 401 550
i

60018233

19032

19800

20570

21340

2020

2022

372
II

418
i

505

530

530

550

5OO
im

2024
i

2026

450
II

45O

Table 4 Trajectory Summaries for 10 MW SEP Vehicle, Various Opportunities

Using the baseline vehicle (10 MW, alpha=10 kg/kW, Isp=6500 seconds) and trajectory, a trade

was performed in which the year of opportunity was varied through the entire Earth-Mars

opportunity cycle. Results are summarized in Table 4. When arrival and departure from Mars

occurs near the apoapsis of the Martian orbit, Mars is further away from and Earth and is traveling

slower. Both of these factors require a corresponding increase in necessary total delta V for the

same trajectory geometry. As a result, longer trip times and higher inimal masses in LEO are

required for some of the oppositions than others. The St_ vehicles cannot make up for higher

energy requirements by increasing the delta V (the propel}ant mass available), so shortening the

stay time is used as a way of maintaining relatively efficient paths on the "more difficult"

opportunities.
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600

4OO

2OO

0
2010 2012 2014 2016 2018 2020 2022 2024 2026

Opportunity

Figure 1 Trip Time and Stay Time for Various Earth-Mars Opportunities

The Mars residencedmc and triptime asa functionofopportunityisillustratedinFigureI. The

vehicleinitialmass inGEO was 322 NiT forallcases,and staytime and triptimewere variedin

ordertoproduce therequiredpayloads. The 2018 launchoppornmity representedintheprevious

dataisone of the "easier"opportunitiesinthatMars isnearperigeewhen the SEP vehiclearrives

and departs.The totaldistancetraveledisshorterand therequireddeltaV islower.

Correspondingly,triptimeislow and staytimecan bc inc_as_ toatleast(500days while still

maintainingrelativelyefficientpathstoand fzom Mats. For thedifficultopportunities,thedeltaV

limitationsrequi_ thatthevehiclestravelalong longer,morn efffcientpaths.To maintainefficient

geometry, staydmc isreduced. For an opportunitythatrequiressignificandymore deltaV, such

as the 2010 opportunity,a higherpower levelmay bc beneficialduc tothrustinglimitationson

lower-powered vehicles.
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Opportunity

2018

2018

2018

Power Curve

(see below)

1

2

3

TripTune

(cla_,s)

372

383

•388

Stay Th'ne

(c_,s)

6OO

6OO

6OO

2018 4 380 600

2026 1 530 450

2026 2

2026

2026

3

4

538
i

538

531

435

442

Table 5 Trip Time Variations with Power Degradation Curves

Four power degradation curves were used in this study:

Power Curve 1:

Power Curve 2:

Power Curve 3:

Power Cttrve 4:

Reference JPL-50, used in previous studies

P/Po: 5.5989-8.5331*R+5.0004*R**2-1.0463"R*'3

P/Po = 5.2461-7.8198 R+4.5087 R 2-0.9352 R 3

P/Po--" 4.4917-6.1930*R+3.3679*R**2-0.6667*R**3

where R-_ dis-tafice from the Sun in A. U.'s.

The effectof thedifferentpower degradationcurveson triptimeisshown inTable 5. The initial

mass was held fixedat322 MT and thest@-fftfi-eWas allowcd_to_,_yforthe2026 opportum_\

The power curves afS"ected the trip _dsmy _e to some eX_nt_ i_ut _ no easedid they: force a

different power level or vehicle a/pha to be used.

V

D615-10026-4

V



Conclusions:

For the more efficient opportunities (e. g. 2016, 2018), a 10 MW vehicle provides a good

compromise between low initial mass in Earth orbit and short travel times to and from Mars. For

the opportunities which requi_ substantially more energy, a higher power vehicle may improve the

overall performance for the mission.
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1.0 INTRODUCTION

The objective of this task is to determine optimum mission and system design

parameters for both Nuclear Electric Propulsion (NEP) and Solar Electric Propulsion

(SEP) systems performing round trip E_anh-Mars. missions in the 2011 to 2028 time

frame, subject to a variety of both equality and inequality constraints. The following

constraints are enforced throughout the entire study:

• Payload at Mars arrival is 124,300 (kgs).

• Propellant reserves and tankage is 10% of the propellant loading.

• Mass dropped at Mats is 84000 (kgs), plus the propellant reserves and tankage

for the Earth-to-Mars leg of the mission (including the Earth escape and Mars capture

spirals).

• Payload at Earth return is 40300 (kgs).

• Stay time at Mars is 30 days. It is assumed that the crew will exit the low thrust

vehicle and descend to the Mars surface (using a high thrust system) in a relatively

short time The crew will also ascend using a high thrust system, and will rendezvous

with the low thrust vehicle for the Mars-to-Earth return leg of the trip. However, the

low thrust dcscem and ascent spiral propellants are included as part of the low thrust

system being optimized. At Earth departure, it is also assumed that the crew will use a

high thrust system to rendezvous with the low thrust vehicle just before Earth escape.

At Earth return, the crew will leave the low thrusI vehicle before spiralling down into

Earth orbit. Thus, the Earth escape and capture spiral propel}ants are charged to the

low thrust system mass, but the spiral times are not counted as part of the mission.

• Minimum acceptable distance of the spacecraft from the sun is 0.3 AU, on

either the outbound or inbound leg of the mission. This constraint never becomes a

factor in this study because the minimum distance on all missions examined is about 0.5

AU.

2.0 $1ML_ATION AND OPTIMIZATION PROCEDURES

A parameter optimization program, _as POP, is used to drive the

optimizationprocess.POP is an acronym for "Parameter Optimization Program." It can be

interfacedwith any system mod_l and,when theparametersarecommunicated properlybetween the

system model and POP, itwilldrivethesimulationtofindthesetofparan_m" valuesthatsatisfiesall

of the definedconstraintsand minimizes a costfunctional.Both equalityand inequalitytype

constraintsarc acceptable.System parametersmay be designatedas fixed(inwhich casePOP

2
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-x._.../ ignores them in its optimization search) or variable (in which case POP allows them to vary. in its

optimization search). The theoretical foundation for POP is given in Reference I.

It is well known that SIMPLEX only solves Linear systems of equations; thus, an obvious

question is "How is SIMPLEX used to solve nonlinear problems.'?" The answer is that all the

required partiial derivatives are supplied to SIMPLEX. as the coefficients in its system of linear

equations, and the search is constrained to a "linear neighborhood" of the current system states. In

this way, on any one call to SIMPLEX a linear system of equations is solved and the answers are

returned to POP, which then reevaluates all relevant relationships, with all their nonlinearities, and

sets up to take another step with SIMPLEX. This procedure of sequentially feeding SIMPLEX small

linear chunks of a large nonlinear problem ultimately results in a solution of the large nonlinear

problem It is quite surprising how robust POP is in this role. Reference I exhibits some results for a

difficult and highy nonlinear problem, but over the years since POP was first d_veloped, it has been

used to solve a host of difficult nonlinear problems.

One advantage of using POP over several other optimization techniques is the ease with

which the cost functional, the constraints (both equality and inequality types), and the parameters to

be fixed or variable dttring the optimization can be changed. Any variable in the sys_m model can be

used as a parameter by equivalencing it to a member of the parameter set. Any parameter in the set

can be fixed by simply setting an input flag properly for that parameter. The cost functional or

constraints can be changed by changing the proper equations in the constraint subroutine and

recompiling.

Performing system optimization is somewhat like walking through a mine field, "You never

know what might happen aftra" the next st_p[" Optimization with POP is no different. The user must

be wary of several potential problem areas.

Estimating the partial derivatives is one potential problem area. The partials are estimated

empiricaily, as indicale.xl in the following equation:

Spj

where Ci (as i = 1,...,N') represent the cost functional and all the constraints, and pj (as j =

1.... ,M) represent all variable system parameters. The user must input values for 8pj, and the value

for each "Spj" must be chosen such that the resulting matrix of partial derivatives adequately

approximates the matrix of true but unknown partial derivatives. This is not a trivial exercise for

problems that you are not familiar with. POP allows you to set a DEBUG flag in the input so that

you can see the results of Ci (pjo+_j) and Ci (pjo) and in_racrively change the _Pj to find values
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thatresultin credibleapproximationsforthepartials.You should inputvaluesfor $pj such thatthe

differences in the numerator in the equation for the partials retains 4 or 5 significant digits. Failure to

do this properly can result in much wasted manhours and computer time.

Determining a linear neighborhood of the current system statescan also be difficult. POP

uses input variables called BFAC to control the search region for POP. BFAC is ,'t multiple of 5Pj ,

which defines the region within which POP is allowed to vary each Pj on one iteration. POP then

dynamically adjusts BFAC based upon the Iinearity of the cost functional during each search.When

the cost functional increases with respect to BFAC, POP reduces BFAC by (0.75*BFAC).

V

A maximum (BFMAX) value and a minimum (BFMIN) value are also input. These values

restrict the range of values within which BFAC can vary. BFMIN should be 1.0 if the 5pj values

have been chosen reasonably. BFMAX is not so easy to specify, and can have a great influence on

the optimization process. If BFMAX is too large it is possible for the process to bounce around from

one local "valley" to another, and perhaps never really converge. If Bb'MAX is too small the process

may move very slowly toward the minimum of a local valley, which may not be the best valley

anyway. POP has no facility for assuring that the local minimum it finds is the global minimum. The

user is responsible for analysing the results and the problem to decide whether the results arc in fact

the desiredopRmum.

Figure 1 shows a macroflow diagram of the POP optimization procedure. After '_

input and initialization, it calls the system simulation routine with "nominal" values

for all of the parameters to determine nominal system performance. It then varies

each "free" parameter by a prescribed "delta" amount and uses divided fifferences to

empirically estimate the partial derivative of each constraint (i.e. the cost functional,

all equality constraints, and all inequality constraints) with respect to each free

parameter.

_ --
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P A R A METE R_O Irl'l MIZATI ON_ I'ROG I_A M_ i

INTERFACI._I) WITH SYSTEM SIMULATIt )N :_

\

/I_'_UT AND -_

SIMULATE NOMINAL SYSTEM 1

ESTIMATE PARTIALS OF
(Ci]Pj) VIA DIVIDED

DIFFERENCES

ESTIMATE DELTA Pj REQUIRED TO
SATISFY ALL Ci AND MINIMIZE THE

COST FUNCTIONAL USING T_
SIMPLEX ALGORITHM

Figure 1. Macroflow Diagram of The

(POP)

MItTTISSIONPARAMETERS 1
, DED, TOUT, TSTAY

RAE, RPE, RAM, RPM,...

f- COST FUNCTIONAL (first)"

Minimize(HTT)

• EQUALITY CONSTRAINTS

mpi d -- Irlpl d

• INEQUALITY CONSTRAINTS

Rs.,, > Rs,m

Rs,o > Rs_

Parameter Optimization Program

The SYSTEM subroutine used in this study is structured using low thrust escape

and capture spiral subroutines based on the results of Reference 2, and low thrust

Earth-Mars and Mars-Earth trajectory subroutines based on the CHEBYTOP development

by The Boeing Company in the late 1960s and early 1970s, as documented in Reference

3.

Figure 2 presents a macroflow diagram of the system subroutine used for this

study. Departure is always from a circular Earth orbit, and the spiral is simulated out to

5
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escape (C3E = 0)'. CHEBYTOP routines are then called to simulate the trajectory to Mars

capture (C3M = 0). The arrival spiral subroutine simulates the trajectory from C3M = 0

to the specified circular Mars orbit. If the departure or arrival orbit is

r

V

EARTH DEPARTURE SPIRAL

OUTBOUND.CHEBYTOP

VTMODE: Variable Thrust Solution-

CTMODE: Constant Thrust Solution

(assumes CT trajectory is not

greatly different from VT

trajectory)

MARS DEPARTURE SPIRAL

INBOUND CHEBYTOP

VTMODE: Variable Thrust Solution

CTMODE: Constant Thrust Solution

(assumes CT trajectory is not

greatly different from VT

trajectory)

Figure 2. Macroflow of the Low Thrust Round-Trip Earth-Mars

Mission Simulation

6
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elliptical, the spiral subroutine uses the semi-major axis as if it were the radius of a

circular orbit. This approximation is made because the spiral subroutines are

developed for departure from and arrival at circular orbits.

CHEBYTOP is used in this analysis primarily as a trajectory generator. It

optimizes the thrust attitude angles and coast arcs when it generates a trajectory, but

nothing else. POP is used to optimize all of the other mission and system parameters. A

significant problem surfaced during this analysis as POP kept stressing the system to

minimize the cost functional. Since CHEBYTOP assumes that the VTMODE trajectory is

not greatly different from the CTMODE trajectory, and POP keeps pushing the system to

its limits, even for the VTMODE, it gets to a point where the CTMODE approximation does

not converge, and in this analysis we are primarily interested in CTMODE performance

results. Thus, the question arose: "How can the optimization search volume be

constrained to a region such that the CTMODE always converges?" This was

accomplished by constraining both the outbound and inbound CTMODE payload mass

fractions to desired values.

To be more specific, suppose that POP is minimizing the total heliocentric travel

time, and a particular iteration results in a CTMODE payload mass of 30,000 (kgs). Since

the desired payload value of 40,300 (kgs) is different from that achieved on that

iteration, the desired payload mass fraction is computed using the desired payload mass

with all the mission and trajectory data from the iteration. The difference in the

desired mass fraction and the mass fraction achieved on the iteration is entered as an

error in the constraint subroutine. This is done on both the outbound and inbound legs

of the mission. It is evident that the desired mass fraction value changes from one

iteration to the next because the mission and trajectory data change, but this "floating"

of the desired value has caused no discemable difficulty. This "floating end condition"

concept was used successfully on an Apollo lunar targctting problem (see Reference

4).

This scheme accomplished the desired results, i.e. it kept the iteration

constrained to a region in which the CTMODE was close enough to the VTMODE results to

converge. However, the user should bc aware that this reduced the search volume to

accomodate the CTMODE approximations, and it may be possible to achieve better results

with an unconstrained trajectory generator. It is not likely, however, that such

improvement would be sufficiently large to change the trends or trades resulting from

this analysis.

7
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3.0 EARTH-MARS ROUND TRIP MIS,qlON PARAMETERS

The mission begins with the Earth departure spiral out from an Earth orbit to

C3E = 0. The orbit is specified by input of its apogee and perigee radii, RAED and RPED.

As was mentioned earlier, the spiral algorithm assumes departure from circular orbit.

If apogee radius is different from perigee radius, the algorithm uses the semimajor

axis as the radius of the circular orbit. The spiral out time is ignored, but the

propellant required is included as a part of the low thrust system mass.

At escape (C3E ffi 0 ) CHEBYTOP computes the outbound leg of the heliocentric

portion of the flight. Beginning time of this outbound leg is called the "date of Earth

departure, DED," and is an input. The "heliocentric travel time, HTT," is input and is the

sum of the outbound Earth-to-Mars trip time (from C3E = 0 to C3M = 0 ) and the inbound

Mars-to-Earth trip time (from C3M ffi 0 to C3E = 0 ). Note that HTT does not include stay

time at Mars or any of the spiral times.

The "outbound trip time, TOUT," is also input, and the inbound trip time is

computed as TIN = HT]" - TOUT. The Mars arrival date is DMA = DED + TOUT. The arrival

spiral is from C3M = 0 to a Mars orbit specified by its apoapsis and periapsis radii,

RAMA and RPMA. If they have different values the algorithm uses the semimajor axis.

Again, the spiral down time is ignored, but the spiral down propellant is considered

part of the outbound propellant requirement. At Mars, the input value for drop mass

[84,000 (kgs)] is dropped, along with the outbound tankage and reserves, which is 10%

of the sum of propellants used in the Earth escape spiral, the outbound heliocentric

leg, and the Mars capture spiral.

The Mars departure date is DMD ffi DMA + TSTAY. where TSTAY is input. The Mars

departure orbit is specified by input of RPMD and RAMD, periapsis and apoapsis radii of

the departure orbit. The Mars departure spiral is out to C3M = 0 and the propellant used

is a pan of the inbound prope|i_=for =the +syStem.+ " + =::::

Earth arrival date is DEA = DMD + TIN. CHEBYTOP computes the inbound

heliocentric leg of the mission from C3M = 0 to C3E = 0 in time TIN. The Ear,.h capture

spiral is from C3E = 0 down to an Earth orbit specified by input of RPEA and RAEA. The

spiral down time is ignored, but the propellant used is included in the inbound

propellant requirements for the system.

Two versions of POP were used: one minimizes HTT; the other minimizes the

initial mass in Earth orbit, IMEO, with HTT fixed at a desired value. Mission parameters

that are available for POP to use in its optimizau.'on arc:

• DED: Date of Earth departure

• TOUT: Heliocentric outbound travel time (from C3E = 0 to C3M = 0 )

8
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• HTT: Sum of outbound and inbound heliocentric travel time

• TSTAY: Stay time at Mars (from C3M= 0 at arrival to C3M = 0 at depanurc)

4.0 LOW THRUST SYSTEM PARAMETERS

The fundamental relationships for modelling the low thrust system are listed

below:

T
J = a 2 dt , (trajectory optimization parameter)

= _ + ___i_ (mass related to trajectory parameters)21"1Po '

raps = CCPo , (power system mass; a = specific mass; Po = initial power)

c = ge Isp , (exhaust velocity)

11 = T! (Isp) , (Thruster efficiency)

213 Po , (initial acceleration)
ao = Cmo

mp = mo - mr, (propellant mass)
mtr = kmp , (tankage & reserves)

mpi = me - (l+k)mp- raps , (payload mass)

The system design parameters available to POP for use in its optimization are

listed below:

• IMEO: Initial mass in Earth orbit

• HISP: Specific impulse of the low thrust system

• PO: Initial power of the low thrust system

Note that the "specific mass, ALPHAW or cz," is an input but is never varied in the

optimization.

5.0 NUCLEAR ELECTRIC PROPULSION (NEP) RESULTS

Design parameters for the NEP system are its (1) initial power, Po, (2) specific

mass, a, and (3) specific impulse, Isp. In some of the following NEP results Isp is

optimized, but specific mass and Po are held constant.

Thruster efficiency, 11, was specified as a tabulated function of Isp. Thus, when

Isp is optimized it is neccessary that the _](Isp) be represented functionally so that the

partial derivative can be evaluated. The tabulated data was fit with the following fourth

order polynomial for that purpose:

71 = -0.082668 + 2.6251e-4*Isp - 3.087e-8*Isp**2 + 1.8047e-12*Isp**3

-4.3169e- 17*Isp**4

9
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The tabulated rl(Isp) data only extends to an Isp value of about 12500 (sec). Thus, any

time the NEP Isp value is optimized, it is constrained such that its value is less than or

equal to 12500 (sec).

All these NEP results assume Earth departure and return at a "nuclear safe orbit"

of radius 7070 (kin), i.e. about 700 (kin) altitude; Mars arrival and departure is at a

circular orbit of radius 23000 (kin).

V

5.1 NEP SYSTEM DESIGN PARAMETRICS FOR THE 2016 OPPOSITION

This section _resents parametric data for the 3/2016 launch

onoortunitv for various NEP system dcsit, n options. Detailed optimization results for
v .

this section are presented in the following tables:

For the Polo = 120/3 System
HTr *302.042 325 400 500 600

DED 17470.46 17470.80 17459.48 17428.49 17404.25
155.195, 202.428 245.647TOUT 126.834 129.300.

IMEO 997.689 865.390

HISP 10000 10000
ETA .83 .83

For the Po/_ = 80/4 System
H'I'F *342.049

r,,

DED

TOUT

IMEO

HISP

ETA

4O0

737_102! 676.761
10000! 10000

.831 .83 .83

5001 60O

17462.80 17459.74 17427.82! 17403.00

142.822 156.637 205.568! 249.653

854.930 694.094 627.5541

10000
.83

10000

.83

For the Po/n = 40/4 System
HTI" "359.262 400

17458.42
i

156.242

548.281

17458.07

161.844

, 3.88 
10000

100O01

DED

TOUT

IMEO

HISP

ETA

10000

.83

5O0
.Hi

17437.6

203.7

396.197
I0000

652.971
10000

602.483
1

10o00

.83

.83

600

17401.00

256.093
379.753

10000

700

17365.96

302.327

375.463
10000

.83 .83 .83 .83
ii

For the Polo = 24/6 System
.439.964' 500

174a,0.79

203.105

60O

17401.42DED

TOUT

IMEO

, I-IISP
ETA

261.I78
384.341 363.858

10000 10000

.83

17456.85

189.924

448.792

I0000

.83
i

.83

700

I7354.13 _

321.480

358.385
i

10000

.83

V
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For the Polc_ = 10/12 System

HTT

DED

TOUT
IMEO

HISP

ETA

"610.319 650 700 800

17431.76 17404.75 17390.34 17346.97

270.478 272.068 297.456 349.266
377.595 345.701 342.290 342.310

10000 10000 10000

.83
I0000

.83 .83 ".83

The first value in each table (with the asterisk, *) is the minimum HTT value

achievable with that NEP system design and launch opportunity. The other HTT values

are fixed and ihe IMEO values are the minima for those HTT values.

Figure 3 shows the minimum IMEO required for various NEP design options to

perform missions of various durations (various H'rT values). Keep in mind that all these

NEP designs are assumed to have Isp = 10000 (see) with an efficiency of about 0.83.

The minimum value of HTT shown in Figure 3 is the minimum HTT value achievable

with that NEP design, characterized by its Po, Isp, and ALPHA. Suppose that a mission of

HTT = 302 days is required. Figure 3 shows that the only one of these NEP designs that

has that capability is the Po = 120 with a = 3 It is also evident from the figure that

the NEP system having the lowest Po value will perform any HTT mission with the

minimum IMEO, if it can achieve the desired H'I'F value. For example, if an HTT of 600

days is required, it is cheaper in terms of IMEO to perform the mission with the (24,6)

_. (120,3) _ (Po, pMaAt)
4_

E 900 •

° \0
tan _-- •

,= 700 .... _ _ _
\41

LU •

e 500 _,

m= 140,

i

ig
!
4_-- 300=
-- 300

Wo ,"T'27-

400 500 600

Total Heliocentric Travel Time (days)

700 800

Figure 3. Initial Mass Required in Earth Orbit for Various Missions and

Nep System Designs
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system than with any other system examined. That mission can't be done with the

(I0,12) system; the figure shows that the minimum HTT achievable with th e (I0,12)

system is about 610 days.

Figures 4 and 5 are companions of Figure 3, showing the optimum Date of Earth

Departure (DED), and duration of the outbound leg.. of the mission (TOUT), for the same

se_ of mission and NEP system design opzions.

g _ e,,s , p
_0 an ae =L_,,J24 6) _

17,5o -. _ _ ..
:), 121

@

_ "'-.,,.o

17350 ' I

D

17300
300 400 500 600 700 800

uJ Total Heliocentric Travel Time (days)

Figure 4. Date of Earth Departure for Various Mission and NEP System

Design Options

400F i i i I I it.,
,_ I. / I I
- I' I I"= (pp,SpM,,) , .

" I TM r i 1
OO

10o= F (1=0.3_ !
"_ 3oo _oo 500 6oo 700 8oo
0

Total Heliocentric Travel Time (daya)

Figure 5. Duration or the Earth-to-Mars Leg of Various Missions Using

Various NEP System Design Options

V
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Figures 4 and 5 show that the FIT'I" value primarily controls the value of DED and

TOUT, with the (Po, a) combination of the NEP system having a second order effect.

5.2 OPTIMUM PARAMETERS FOR A (40,4) NEP SYSTEM OVER AN

EARTH-MARS SYNODICAL CYCLE ..

This section of NEP results shows the capability of the (40.4) NEP _ystem

design to Derform various HTT duration missions at every opposition opportulaity

throughout an entire Earth-Mars synodical cycle (about 17 years). Another difference

in this section is that here POP is required to optimize the Isp value instead of using a

fixed input value. A detailed tabulation of the optimization results is presented in the

following tables, one for each opportunity in the cycle.

For the 22/2012
393.284HTT

DED

TOUT

IMEO

HISP
Po/a

15911.07
177.700

608.13
9239.51

40/4

For the 1/2014 O

H'I'F 377.693

DED 16677.06
TOUT
IMEO

HISP

Pola

For
HTT
DED

TOUT
IMEO
HISP

172.036
576.664

9087.88

40/4

the 312016 0

)pportunity
415

15909.21

186.952
487.949

11845.98

4(}/4

pportunitT,
400

16682.42

178.599

473.663

11755.01

40/4

ii i,|1|,1 i . .

450
15917.801

191.998

424.472
12500.0

40/4

450

16662.38
195.820

408.957

11704.17

40/4

_portunitv

Pola

For the
HTT

DED

TOUT

IMEO
HISP

Po/a

351.920
17461.44

150.521
576.191

8712.68
i

40/4

$12018 01

337.232
18256.64

132.650

59&977,

,8161.83
40/4

375
,i

17463.78

159.026

479.979
11562.10

40/4

_portunit 7
360

450

17445.94

192.566

389.350
12485.21

40/4

450

500 600
17442.81 17436.37

209.839

40/4

373.980
12500.0

40/4

500

262.106

365.636
12337.92

40/4

600

18256.78 18244.99 18232,53 18219.99
139.945 168.746 183.692 234.245

i

488.938 383.935 371.391 361.997
10814.83 12481.89 12438.91 12500.0

40/4 40/4 40/4
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.... _F.or the 7/2020 O' )portunity

i

DED

TOUT

IMEO
HISP

Po/ct

379.002
i

19054.95

145.916

542.929

....9992.22

4014

4OO

152.106

467.359

12456.85

40/4

, ,450
19057.82

II

174:,737
405.551

12500.0
w

4,0/4
7

For the
wrr
DED

TOUT
IMEO

HISP

Po/_

For the

_HTTI
DED

TOUT
i

IMEO

HISP
Po/ct

For the
rrrr
DED

TOUT

IMEO
HISP

Po/a
__ i i

9/2022 O

39,L025
1

19839.79
162.840

ssl im

641.69 i

.8519.58
40t4

415
19837.23

170.467

505.436

11167.38

)portunity.
450

19845.02

180.965

430.601
12500.0

40/4 40/4

10/2024

4 ! 0.990
20608.18

179.339

568.,192
10082.04

_ 4014

1212026

-397.610
21376.39
,m

178.7_84
615,834

9045.30
4014

m

)pportunity
430 450

20608.66

187.531
i

480.936

I2424r57
40/4

)ppqrtunlty
415

21374,78
188.840

511.763

11097.85

40/4

=

20603.76

200.715
440.611

12493.19

40/4

 5"o
2.1376.02

206.339
432.825

12452.05

40/4

i,= ,

m

,n i

i

i|

|

This database of optimum NEP parameters for an entire Earth-Mars synodical

period can be used to generate a multitude of interesting plots. The following plot is

just one example of the kind of plots that might be of interest. It is clear from the plot

that optimum specific impulse values do not form a consistent pattern with minimum

achievable HTT. There is most likely a dependence on Earth-Mars distance that is not

shown in the plot. (Earth-Mars distance is not included in the database).
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Po --- 40 (MWe), ALPHA -- 4 (kg/kWe)

Optimum Specific Impulse

= 12/2026

"_ 10/2024
O
eL
=. 9/2022
O

j= 7/2020
o
c
•_ 5/2018
IB
--1

3/2016
c
O

1/2014
m
O
eL 12/2011
a.
0

0 100 200 300

Minimum Achievable Heliocentric

Travel Time (days)

871."
I

162 I -

400 500

5.3 CONTINGENCY OPTIONS FOR A NEP REACTOR FAILURE AT MARS

The Boeing Company raised the question: "How can a mission be planned

so that the mission can still be accomplished if one of the reactors goes out at Mars

(assuming a dual reactor NEP system)?"

The first option considered was the possibility of carrying enough extra

propellant to allow the return leg to be completed with only half of the outbound

power, Po. The second option considered was to change the stay time at Mars from 30

days to a different value that would allow the return leg to be completed with the

nominal propellant loading. It was somewhat surprising that both options handle the

problem with minor changes from the nominal. The following table lists the

propellant required and the masses to be dropped for the various trajectory segments.

Using IMEO to handle the problem requires that an extra 1777.8 (kgs) of

propellant be carried out to Mars. If the reactor does not fail, then the extra propellant

would be offloaded and the nominal return trajectory would be flown. If one of the

factors does fail at Mars, then the extra propellant would be utilized as shown in

Column 3 of the table to successfully execute the return trajectory.

Using stay time at Mars, TSTAY, to handle the problem results in the values

shown in Column 4 of the table. All of the propellant loadings are at their nominal

values, but the stay time is reduced to 28.852 days (instead of 30 ) which

15
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distributes the propellant usage as shown in Column 4. Differences between the two

contingency plans and the nominal are shown in Columns S and 6.

INITIAL MASS IN
EARTH ORBIT
EARTH ESCAPE
SPIRAL PROP

NOMINAL
VALUES
479898.5

28027.669

REACTOR
OUT/IMEO

i

481676.3

28134.028

REACTOR
OUT/TSTA

¢79898.5

28027.669

DIFF. FOR
IMEO

1 777.8

lO .: 59

DIFF. FOR
TSTAY

OUTBOUND HELLO 65545.948 66349.384 65545.948 803.436 0
PROPELLANT
MARS CAPT=u RE 3245.529 3245.529 8.'054 0

84000

i

96819.146

9681.9 ' ;6

2351.625

SPIRAL PROP
MASS DROPPED
AT MARS
TOTAL OUTBOUND
PROPELLANT

3253.583

84000

97736.995

9773.6995

2535.767

66236.571

12923.688

81696.026

8169.6026

40299.977

OUTBOUND TANKS
AND RESERVES
MARS ESCAPE
SPIRAL PROP
INBOUND HELLO
PROPELLANT

84000

96819.146

9681.9146

2528.435

65550.059

12919.243

80997.737

8099.7737

40299.929

EARTH CAPTURE
SP.[RAL PROP
TOTAL INBOUND
PROPELLANT
INBOUND TANKS
AND RESERVES
PAYLOAD AT
EARTH RETURN

0

917.849

91.7849

18, .'142

255.071

259.134

698.347

69.8347!

-0.0156

65981.5

12664.954

80997.679

8099.7679

40299.992

0

0

0

176.81

-431.441

254.689

0.058

0.0058

-0.0638

V

6.0 SOLAR ]_I.F.CTRIC PROPULSION (SEP_ RESULTS

The solar electric propulsion (SEP) system in this analysis differs from the NEP

system only in the _(Isp) function, and in the power profile as a function of distance

from the sun (power is constant for the _ system). Both of these are specified for the

SEP system by the following equations:

_l(Isp) = 80.193*Isp**2/(96.04*isp**2 + 5.067¢8) ..............

P/Po = ( 1.763 - 0.8865/R + 0.0592/R*'2 )/[ R**'2 ( 1 - 0.II71 R + 0.0528 R**2 )]

ALPHA, or a , i.e. specific mass, is assumed to be 10 (kg/kwe) for all these SEP

results.

For SEP missions Earth departure and return is assumed to be at a

geosynchronous orbit of radius 42241(km); Mars arrival and departure is at a circular

orbit radius of 23000 (km).
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6.1 OPTIMUM SEP SYSTEMS FOR 2016 OPPORTUNITY MISSIONS

This section presents optimum SEP system designs for performing various HTT

duration missions at the 2016 launch opportunity. Specific mass is always fixed at

10 (kgs/kwe) for these SEP systems. Detailed optimization results are presented in the

following tables (the value with the asterisk, * , .js the minimum achievable HTT with

that SEP design):

For the Po/a = 10/10 SEP System
x-rrr -549.011 6bo 650 700
DED

TOUT
IMEO

HISP

Po

17410.93

489.382i

4569.95i

100001 10000

17429.39! 17426.76 17391.33
237.493 249.244 272.514 300.179

354.204 352.331 335.492

5521.95 5023.71 5527.80
10000 I0000

For ct = 10_ With £
HTT 520

DED 17442.4.4

,ptimum Po and Isp SEP System
549

17434.35

570

17430.22

600

17425.

TOUT 214.211 232.164 240.661 255.401

IMEO 578.197 492.843 372.044 319.656

HISP 4191.12 5931.11 6328.13

Po 9611.809919.88

5597.12

18212.79 7644.50

650

17410.72

280.790

297.859!

4883.08!
4424.60'

Figures 6 throught 10 are for these SEP systems performing missions for the

2016 launch opportunity. Figure 6 shows the minimum IMEO required for the SEP

600

500

0

t

= 2O0
500

\

\

6OO

Total Heliocentric Travel "rime (days)

700

Figure 6. Minimum Initial Mass in Earth Orbit for SEP System to Perform

Various HTT Missions With Optimum Po and Isp
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system to fly various HTT duration missions, with both the initial power level. Po, and

Isp values optimized.

Figures 7 and 8 are companion charts that show optimum Po and Isp values

associated with the HTT missions shown in Figure 6.

20000 " _

I__.___L__J

"-'o 16000 _

= I
v 12000
=,..
o
J=
O
a. 80oo

,=

-= 4000

0
500 600 700

Total Heliocentric Travel Time (days)

Figure 7. Optimum Initial Power Values for Missions Having Various

Heliocentric Travel Times (HTT)

7000 1
I

"g" .......... t

..... _f ' X_ 6_o .... p-

= 2 .../ N

-  ,ii-u 5ooo 1
o
= \ / ,_

- \ 1 .....
=- ' ',,,,._/ II,IJ
¢t_ ==

4000
500 600

I

i|

700

Total Heliocentric Travel Tlme (days)

Figure 8. Optimum Specific Impulse Values for Missions Having Various

Heliocentric Travel Times (HTT)
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Figure 8 exhibits an optimum Isp value for H'IT = 549 days that appears to be

inconsistent with all of the other values. This problem has not been analysed further

to determine what causes the inconsistency.

Similarly, Figures 9 and 10 are companion charts that show optimum Earth

departure date (DED) and optimum outbound heliocentric trip time (TOUT) for the same

missions shown in Figures 6, 7, and 8.

17450

17440

17430

17420
mq,
=._.

_ 17410
.¢=

m 17400
I.U

l"'j t f

,,,,.

17390 t
500 600 700

Total Heliocentric Travel Time (clays)

Figure 9. Optimum Earth Departure Dates for Missions Having Various

Heliocentric Travel Times (HTT)
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o
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Figure 10. Optimum Outbound Trip Time for Missions Having Various
Heliocentric Travel Times (HTT)

19

D615-I0026-4



6.2 LOW EARTH ORBIT (I,EO) TO GEOCENTRIC EARTH ORBIT (GEO_ TRANSFERq

The Boeing Company suggested the possibility of making the LEO to GEO transfer

with a disposable solar array. This would allow the array to be discarded at GEO due to

expected damage caused by passage through the Van Allen radiation belt. Boeing

estimated the mas_ of the disposable array to be about 28000 (kgs).

Relationships developed in Reference 5 are used to (1) estimate the mass

required in LEO to transfer a specified mass to GEO, and (2) the time required to

accomplish that transfer. Thus, the IMEO requirements presented earlier in this

survey for the SEP system to perform various missions of HTT duration would become

the specified mass to be transferred to GEO. The computational procedure for this LEO to

GEO transfer estimation is as follows:

mw= Po c_(power plantmass)

mp_ = msm -nh, (payloadmass forthen'ansfcr)

rest= 28000(kgs) (sn'ucturalmass forthe ...)

mf = tnpld+rnst(finalrna_Sfort.hc...)

mr

7 = __]L_. = _ (ratio of propcUant mass to mass in LEO)
I+R mtm

AV = Va.. - V_,= (transfer velocity mqui_)

V¢ = _ (characmdsficvelocity)

_, = m., (massrequiredinLEO)
<v-÷)

T = V_¢a (timerr.qui.m.d..days)
2OOO(864OO)

V

V

The following tables list detailed results of a parametric survey showing the

mass required in LEO to transfer desired quantities of mass to GEO, and the time (in

days) required to accomplish that transfer, using various power levels.
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Mass Re_ uired in LEO to Transfer Desired

Po/mgo t_50 300 350 375 400 425

1

2

3

4

5

6

7

8

9

10

288.37 338.31 388.27 413.25

299.55 349.30 399.12 424.04

311.63 361.02 410.59 435.41

324.72 373.55 422.73 447.41

338.97 386.99 435.62 460.08

354.51 40 .43 449.32 473.50

371.56 416.99 463.91 487.71

390.32 433.81 479.48 502.81

411.09 452.03 496.13 518.88

434.18 471.86 513.97 536.00

viass (m_o) to GEO

450

488.21438.24 463.23

448.98 473.92 498.87

48"5.13

496.87

509.20

460.26

472.12

510.01

484.61

497.78 522.16 546.61

511.69 535.79 560.01

526.39 550.16 574.08

565.31541.96

558.49 581.33

521.65

533.84

588.88

604.45

500 550

538.19 588.18

548.79 598.72

559.81 609.64

571.28 620.97

583.23 632.73

595.69 644.95

608.70 657.65

,,622.29 670.85

636.49 684.60

651.36 698.92

Days

Po/mgo 250

1

2

3

4 59.17

5 37.87

6 26.30 36.61

7 19.32 26.90
i

8 14.79 20.59

9 11.69 16.27

1 0 9.47 13.!,8

to Transfer Desired Mass to GEO

300 350 375 400 425 450 500 550

946.78 1318.0 1750.4 1989.6 2244.1 2514.0 2799.1 3415.3 4092.8

236.70 329.49 437.61 497.41 561.03 628.49 699.77 853.82 1023.2

105.20 146.44 194.49 221.07 249.35 279.33 311.01 379.48 454.75

82.37

52.72 70.02 79.59 89.77

48.62 55.27 62.34

35.72 40.61 45.80

27.35 31.09 35.06

21.61 24.56 27.71

17.50 19.90 22.44

109.40 124.35 140.26 157.12 174.94 213.46 255.80

100.56 111.96 136.61 163.71

69.83 77.75 94.87 113.69

51.31 57.12 69.70 83.53

39.28 43.74 53.36

31.04 34.56 42.16

25.14 .....27.99 34.15

63.95

50.53

40.93

Figures II and 12 show plots of the parametric survey tabulated above.

Figure 11 shows the mass required to transfervarious desired mass values from

a geocentric circular orbit of radius 6770(km) to a geosynchronous orbit of radius

42241(km), using various power levels, and Figure 12 shows the time required to

accomplish the same transfers.
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Figure 11, Orbit Transfer Mass Requirements for SEP System Using a

Disposable Solar Array
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Figure 12. Orbit Transfer Time Requirements for SEP System Using a

Disposable Solar Array
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Figures 11 and 12 provide the user with a means of trading the time reauired to

transfer various mass values from LEO to GEO" with the initial mass reouired in LEO to

accomplish the transfer, using various SEP power levels. Reference 5 assumes a

constant acceleration in deriving the estimating .. ralationships.

As a specific example, assume that a total manned trip of 600 days is desired. This

implies HTT = 570 days ( HTT = 600. - TSTAY). Figure 6 shows that the minimum IMEO

required at GEO is about 375(mt), Figure 7 shows the optimum Isp value is about 5925

(see), and Figure 8 shows the optimum Po value is about 9.6(MW). Now, the LEO to GEO

transfer is not required to use the same Po value as the interplanetary phase. Thus, we

can still trade Po values to get required IMLEO and time to make the transfer. Suppose

that it is desired that the IMLEO be no more than about 450 (rot). Figure 11 shows that a

Po value of about 4(MW) requires about 450(rot) in LEO to transfer 375(mt) to GEO, and

Figure 12 shows that it takes about 125(days) to make the transfer.
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x._/ Solar Electric Propulsion (SEP) - System Requirements

During the course of the Space Transfer Concepts and Analyses for Exploration Missions contract
(STCAEM), Boeing's Advanced Civil Space Systems group (ACSS) has conducted regular review
meetings in order m define and derive requirements, conditions and assumptions for system
currently being developed.

As system def'mition and development progresses, technical experts provide documentation and
rationale for requirements that have been dea'ived. This real-time capturing prevents requirements
and their associated rationale from being lost or neglected. For example, a vehicle configurator
may see the need for providing a minimum passage dimension for vehicle egress or ingress. This
requirement would then be captured at an early development stage and would provide a history for
the decision. This seemingly simple requi_ment may have large impacts on the design down the
road and its traceability is important.

Derived rexluiremcnts and rationale arc later transfcred to the Madison Research Corporation
(MRC) where they arc then entered into the system data base which has been developed for ACSS

usin.g ACIUS's 4th Dimension@ software. The data base allows for easy access and traceability of
rcqmrements.

The charts that are contained within this docmmnt represent two collated copies of principal
requirements and assumptions for February 2, and May 30, 1990. The systems defined include:
(1) the Mars Transfer Vehicle (MTV), (2) Mars Excursion Vehicle (MEV), (3) Trans-Mars
Injection Stage (TMIS), and the Earth Crew Capture Vehicle (ECCV). Each system is then broken
down into subsystem headings of: (1) design integration, (2) guidance, navigation and control
(GN&C), (3) electrical power, (4) man systems, (5) structure and mechanisms, (6) propulsion, (7)
ECL_S, (8) and command and data handling (C&DH). The initials of each of the technical experts
responsible for developing the supporting rationale for each of the requirements is indicated
parenthetically next to each entry.

Although themajorityofthederivedrcqui_ments listedaredkr_y applicabletoallvehiclessuch

asthosepowered by NuclearElectricpropulsion(NEP), NuclearThermal Rockets (NTR), Solar
Electricpropulsion(SEP) and referenceCryo, therearesome thatarcnot.Those requirementsthat

areonlydirectlyapplicabletoa specificvehiclet_,eareindicatedwithintheentry.The italicized
entriesindicatea modificationtoan originalrequirementpriortothesecondrevisionofMay 30,
1990.

Defining and re-examination of derived requirements will continue through the current contract.
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Derived Requirements
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Guidelines and Assumptions
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Ill. Operating Modes and Options
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SEP Operating Modes

As the vehicle is slowly spiraling towards Ea.nh escape, the crew will rendezvous

with the SEP by a LTV class vehicle a few days prior to escape. Just prior to escape, the

SEP vehicle will perform a Lunar fly-by to gain a delta V boost. After Earth escape the

vehicle will continue thn_sfing just prior to the "haLfway" point. After a short coast time

(20 - 40 days), the vehicle begins the deceleration portion of the interplanetary leg. The

deceleration portion is started a little later than normal, since the vehicle will be performing

a Mars fly-by. The vehicle does not capture at Mars upon arrival due to an excess delta V,

but does drop the MEV containing the crew at Mars. The excess delta V is low and does

not impose any significant impacts to the MEV acrobraking scenario. The vehicle

continues in heliocentric space, in close proximity to the planet, until it is able to capture

into a loose rendezvous orbit. The amount of time the vehicle continues in heliocenmc

space will be designed to be synonymous with the crew surface stay time. At the end of

the surface stay, the crew wiU return to orbit in the MEV ascent cab. After crew

rendezvous, the SEP vehicle will return to Earth. At Earth capuLre, the crew will depart the

SEP and return to Earth by an ECCV or a L'rv. A parking orbit for refurbishment

requirements is TBD ....
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IV. System Description of the Vehicle
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SEP System Description

Contained within this section are the following:

• Block diagram for d_'ect screen drive

• Power path efficiency

• Parts description

• Vehicle and payload mass statements

The vehiclecan be broken out intofour main subsystems:(I)power (2)propulsion(3)

support systems (4) payload. The payload iscommon to allpropulsion systems with

minor adjustmentsforeach optionsuch asattachments,nip time implications,and power

sources. The vehiclesupportsystems such as communications, avionics,and structure,

are notnecessarilyuniquetothe SEP and hence no detailwillbc covered here. For a more

detaileddescriptionof thesesystems,refertothevehicleconfigurationsection.

The power system isunique tothe SEP vehicleand isthe largestsubsystem from a

mass and area smndpoinu The solararraynecessaryforpower generationisthe design

drivingpointof the vehicle.A GaAs/CIS tandem junctioncellhas been basclinedforthe

arraydue toitshigh efficiencyand low specificmass. The high efficiencyallowsfor a

relativelysmallarraywhen compared toa siliconarrayofthe same power. The arrayisa

flexibleplanararraybased on 26% efficiency,460 W/kg, and 10 yearlife.A concentrator

array was not chosen due to the pointing accuracy required and the P/Po performance of the

array throughout the trajectory. Several other concepts have been looked at such as a

planararraywith concentrationratio'sof I-4. MSFC performed analysisof theselower

levelconcentrationratiocellscompared to the JPL 50 curve (Siliconarray,CR=I) and

determined thattherewere no benefitsto using the CR=1,2,3,or 4 arrays.Temperature

playsan importantroleintheP/Po curve and itwas found thateven though thehigherCR

arraysperformed betteraround 1.5AU, theylostpower around 1 AU due totemperature

restraintsand cosinelosses.Therefore'aplanararraywith CR=I was chosen.

The power subsystem isalsocomposed ofthePower Management and Distribution

(PMAD) circuitry.The PMAD comprise a sizableweightpercentageofthewhole vehicle.

One method to decrease the PMAD mass is to employ directscreen drive (DSD).

Designing thevehicleforDSD willsavemass,but thevehiclewillnotoperateintheplasma

environment about the Earth. The plasma environment will cause arcing if potentials get

above -200 volts. One alternative that would allow the mass savings of DSD would be to

design the vehicle for DSD and use a boost vehicle to get through the plasma environment.
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The propulsion subsystem is composed of Im X 5m ion thrusters and the argon

propellant subsystem. The thrusters use electrical power generated by the solar array and

conditioned by the PMAD to ionize and repel the argon ions at an exu'emely high velocity.
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Solar Electric Propulsion Vehicle

Artificial Gravity Configuration

The solar electric vehicle (SEP) artificial gravity (gO concept presents comphcations

not present in the lower-performance propulsion concepts. For futl-fledged ga conditions,

EP vehiclespose the problem of spinningwhile thrusting.[An alternative,operational

solutionmay be tofly p.g formost of thetrajectory,spinningonly during themidflight

coast intervals(25 to 60 days) and upon arrivalat Mars. For STCAEM purposes,

however, itisessentialto pursue theoutcome of a vehiclerequiredto provide artificial

gravi W for the entire flight.] Because the thrust vector must average tangential to the flight

path, the fundamental configuration trade-off is between rotating, high-power transfer

assemblies (for the spin vector normal to the ecliptic) and spin-vector precession (for any

other orientation).

Of the many possible configuration options identified by STCAEM, the one was

chosen thatissimilarboth tothe gg SEP and totheNEP ga concept. Thisconfiguration

concept, called an eccentric rotator,avoids tethers,complex extendiblebooms or

deployabletrusses.All components am rigidand thedesignissimple.

The fundamentalconceptisthat'thelargesolararrayissplitintwo,leavinga gap or

slotwithinwhich spinsa rigidboom supportingthehabitablesystems. The optimalshape

of thetwo solararrayhalveshas not yetbeen determined.A single,double-endedslipring

assembly (which transmitsonly habitation-systempower levels)isused to despin the

vehiclebus. No deployment mechanism isrequiredtochange thehabitatsystem separation

when theMEV mass islost.Instead,the rotationrate isadjustedtoprovide Ig in the

centerof the long-durationhabitat,according to the habitat'sactualseparationfrom the

currentvehiclemass center,which shiftsafterMEV operations.Thus themass centeris

not necessarilyaxiallyalignedwith theengine outriggeror geometriccenterof the solar
:=

array, although it always remains at the zenith relative to the habitat floors. When the mass

center is not along the outrigger axis, the outrigger and solar array also orbits the mass

center. The engine assemblies therefore trace out circles_ they thrust, although the thrust

vector orientation remains fixed. For low-thrust systems in particular, this is expected to

cause no problems. The solar array, main structure and engine assemblies are used as the

counmrmass to thecrew systems.
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Support Systems for the Mars Solar Electric Propulsion Vehicle.

The support systems necessary for the Mars Solar Electric Propulsion Vehicle are very
similar in nature to those of the Mars Cryo/Aerobrake Transfer Vehicle. The discussion

provided for the latter vehicle also applies generally for the SEP; howeva', detailed analysis
for the specific systems needed to support the SEP have not been completed. It is
currently assumed that this study will mainly consist of only deltas fi'om the
Cryo/Aerobrake Vddcle. Some manifesting work has been done for the major components
of the SEP (as given on the following pages) using two different HLLV scenarios (each
assumes the integrated aerobrake "Ninja Turtle" launch concept):

1) 10 meter x 30 meter shroud, 140 metric ton payload capacity

2) Mixed fleet consisting of."
a) 7.6 meter x 30 meter shroud, 120 metric ton payload capacity; and,
b) 10 meter x 30 meter shroud, 84 metric ton payload capacity

The total number of assembly missions for Scenario One is 5, while Scenario Two requires
6 flights. For the mixed fleet option, only the first assembly mission utilizes the 120 mt
payload carrier. This is due to SEP launch packages being much more limited by volume
rather than by mass. Scenario One and Two also differ in that the first assumed that the

MTV Hab should come up early (to assist in man-tended assembly operations) and the
second Nought up the MTV Hab late (for use in ground test and verification). The

constraints of volume and MTV Hab sequencing were the major factors in the additional
launch for Scenario Two.

The manifests given within have not yet been based on detailed ground processing and on-
orbit assembly analyses. The philosophies and facilities chosen for ground operations (test
and verification plans, payload processing, integrated assembly & checkout fad/ides, etc.)
and assembly operations (Assembly Node location and capabilities, robotic and man-tended
provisions, etc.) will obviously mature this manifesting.
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Technology Issues - SEP

I. Introduction

Technology issues relating to the SEP vehicle axe presented in this section. Some of
the charts are also included in the Cryo, NTR, and NEP IP&ED documents. The focus of
this section will be to bring out those issues impcm, ant to the SEP from these charts, and to
present a series of technology level requirements necessary for the reference SEP
vehicle.The most important technology development needs for SEP are in the areas of
power production and handling, and electric propulsion.

II. Technology commonality Issues

The followingnine charts lay out the important technology commonality issues

between the major propulsion options as well as across the seven major mission
architecturesidentifiedinthisstudy.The SEP vehicleexhibitscommonality to theother

vehicles in several important areas. The transfer crew module is substantially the same as
for all the other options, especially those flying conjunction missions. The MEV is identical
across all vehicle options, except for the cryogenic propellant management and storage
system, which must provide storage for the outbound trip, instead of transfen'ing it from
larger tanks prior to landing. The argon propellant storage system will be similar to the
oxygen storage system employed on the cryogenic vehicles (Lunar & Mars). The ion
propulsion system will employ the same thrusters as the NEP vehicle, which increases the
amount of parallel development which can take place before a full scale development
decision must be made.

The seven identified Lunar/Mars mission architectures verses the required
component technologies, enabling and enhancing, are shown on the next set of charts and
facing page text. Many of these component technology issues are common across the Listed
architectmes. These issues are for the ent£re integrated architectures, and do not necessarily
refer specifically to the SEP vehicle in all cases. The areas of high power solar arrays and
power distribution (at the multi-MW level), axe the primary areas of technology
development concern for the SEP option. Many of the other areas, however, axe common
to the initial cryogenic vehicles, indicating that the SEP could become an am'active Mars
growth option.

HI. Technology Development Concerns

As noted before,many of the identifiedcriticaland high leverage technology

development issuesare common acrossallfourmajor vehicleoptions.Common critical
technology issuesinclude low-g human factors,autonomous system healthmonitoring,

long term cryogenicstorageand management (Argon and landerH2 & O2),long duration
ECLSS, radiationsheltermaterialand configuration,and in-spaceassembly.Unique SEP

technology issuesincludelow costsolarcells,and low mass, efficient,power conversion

equipment. Enhancing technologiesincludecryogenicrefrigeration(landertanks),O2-H2

RCS, advanced in-spaceassembly techniques,and advanced materialsdevelopment.
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IV. SEP Vehicle Technology Requirements

Technology performance levelsrequiredforthe SEP referencevehiclearcour.lined
inthe next sixcharts.These arenot intendedtobc thelevelsneeded forany SEP vehicle,

but serve mainly todocument the levcisrequiredto accomplish the identifiedreference

mission profde with the vehicle model as configured.Changes to these specifications

would not necessarilyaffectthe feasibilityof a SEP mission, but would change the
referencevehicleconfiguration.The listalsoincludesoperationalrequirementswhich could

drive technology development or advanced development. An example of thiswould be

requirements for in-space assembly and testingwhich could drive in-space assembly

facilitydesignand capability.

V. Ion engine & Solar Array Technology Development

The technology issuesrelatingto an integratedion propulsion subsystem are
presented,along with performance projectionsforboth ion engines and solararrays.The
performance parameters includepresentlevels,nearterm and farterm levels,and in the

case of the ion engine,a conservativeand optimisticprojectionof futurespecificmasses
(kg/kW).

VL SEP Technology Development Schedule

The finalchartinthissectionisa proposed technology development schedulefor

thesolarelectricpropulsionoption.The scheduleshows that,given aFY '91 start,the SEP

vehiclecould bc ready fora Mars missionin_c 2010 tim_c. A fullscaledecisionpoint
isalsohighlightedatthebeginningof year7.Thisisthepointwhere a commiuncnt should

be made for full scale funding and development of the program.

{

V

D615- i0026-4 434



==

...=

,,, ==: _.'= =._ == =.

D615-10026-4



V

V

D615-10026-4 ,1:36



in

I

,0

• O+ •

• • • • • •

• • • • • •

• o • . • o

D615-10026-4 437



h

V

V

V

D615-I0026-4 438



0

• • • • • ._

! !

• • • eO

• • •

• _0 •

• • •

• • • • •

• • • • •

• • • • •

_,,, _ ,_ _
" _ _ _ _,_._ '_,_ __.__

D615-10026-4
439



D615-10026-4 440



_i _ ._c, o o o o o
•_ j_+ • , ,
._ • 0

._
j [_|

J ,,,C_

v_

0

()

__ • • • • • •

_,_._ .

_ o o o o o o o

__ . . . . . .

°- •
-°__ _

D615- I0026--4 441



V

m am

_m

_ u "_

oso_
_I_.__ w'_._

D615-I0026-,4

442

V



• • • • •

• • • • •

• • • • •

• • • • •

• • • • •

• • • • •

_.,= I _._ "_= z_

. D615-10026-4 443



@
i

D615- I0026-4

v



!

,..: e4

_ _ _ " .

O D615-I0026-.4 445 !





x_./

0

C_ Tm

• "" o ._

D615-10026-4 447 _



V

m



D615-10026-4

i
449



V

V

D615-I0026-4 450



451



D615-10026-4

]

452



===
g_ r_

.=.-_

i ill

: _.= _o

_._

--_ ._

= _

| _r-.:,

°I

=_

.=

!I

i ,u •

r_

-_ =

• i ¢P3

"_ _. _'_

I

r/J

10026-4 453



I

m

U
m

i _

I

L

• =

v

454



I I
|

I

!
2.--

g

/
!_

w

455

D615-10026..4

pRIEdI_r.."_NG PAGE BLANK NOT RLMED



L

=,_

m

m

m

m

b,

V

D615-I0026-4
456

--÷



457
D615-10026-4

pI:_E_'iG PAGE BL.AH.K DIQT FtLME.I)



V

m

m

m
m

H

D615-I0026-4 458



Schedules

D615-I0026--4 459

pRE_G PAGE BLP.NK I_OT FILMED



m

m

m

V

D615-10026-4 460

V

°.



Technology Development Concerns and Schedules - Solar Electric

Propulsion (SEP)

Critical technology development issues relating to the reference SEP vehicle are
presented in this section. Where applicable, the same charts are also included in the CAB,
CAP, NEP, and SEP IP&ED documents. The focus of this section will be to bring out the
most important issues relating to the reference _ vehicle, and to present preliminary
technology development schedules for these issues. The issues are presented here in outline
form, beginning with the most important, with accompanying schedules wherever
possible.

Solar Power System Technology Development
One of the two most important areas of technology and advanced development for

this vehicle option is the development of an integrated solar electric power system. The
most important area of development for the SEP option is the design, integration, and life
testing of a space qualified multi-megawatt solar power system, consisting of high
efficiency solar arrays. Major challenges to be overcome in the achievement of a long life
efficient System lie in efficient solar array development, and efficient power processing and
delivery systems. Long term life testing must be carried out for the power system in order
to verify long term system reliability. A _lated technology developmem challenge for the
program may be test facility design and development. Solar electric propulsion offers a
potential performance which may be superior to the any of the other advanced propulsion
options, at the expense of a more cosdy and lengthy technology and advanced development
program.

Electric Propulsion PPU/Thruster Technology Development
The second major area of technology development for the SEP is in large scale

electric power processing unit (PPU), and thruster design and development. The power
system technology development schedule presented in the NEP IP&ED book includes a
dmeline for electric thruster design. The developmem of long life PPURh.,'uster systems on
a larger scale than currently available (MW level thrusters needed) is the major area of
concern relating to the SEP concept. Thruster lifetimes on the order of a year or more
(continuous) will be required for thrusters on the MW level in scale. Test facilities must be
developed which are capable of supporting the long term life tests for these high power
level thrusters. Finally, high temperature power processing equipment must be developed
toincreasesystemefficiencyandreliability.

Life Support
A reliable, redundant long term life support system will be enabling for future

exploration missions. The degree of closure of, and the reliability of the system are the
major technology development concerns. Low-g human factors determination will also be
an important technology consideration which will drive vehicle design. An integrated
schedule of the major areas of the life support technology development task are presented.
It includes radiation shielding and materials, regenerative life support, and EVA systems
development. As before, the points where Lunar and Mars full scale development decisions
can logically be made in the technology program are highlighted.

Aerobraking (lowenergy)
Low energy aerobrakingwilloffermissionbenefitsin theareasof decreased

demands on thedescentpropulsionsystem,andimprovedcrossrangecapability.Thisarea
presentsa varietyofissuesfortechnologydevelopmem includinghighstrengthtomass
ratiostrucnwalmaterials,hightemperaturethermalprotectionsystems(althoughnotashigh
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as for high energy aerobraking),avionics,assembly and operations,hypersonic test

facilitiesand computer codes,and Mars atmosphere prediction.High strengthstructural
materialoptionsincludemetal matrixcomposite,organicmatrixcomposite,and advanced
carbon-carbon elements. Other sn'ucturalconsiderationsinclude load distributionand

attachmentof payload foracrocapture,and ETO launch and assembly of largestructures.

Thermal protectionsystemsissuesincludelow mass ablativeand reradiatingmaterials,and
strucm_/TPS integrationissues.The acrobrakcmaneuver willplaceconsiderabledemands

on the vehicleavionicssystem with the need forrealtime trajectoryanalysis,and vehicle

guidance and control.The launchand assembly ofthelargeaerobrakestructurewillpresent

ground and space assembly and ops problems which willrequi_ technologyand advanced
development in both the areasof design and operations.Finally,computational analysis

and atmosphere p_ction capabilitywillbe criticalin the development of a man-rated

acrobrakeforMars use.A preliminarydevelopment scheduleforLunar and Mars acrobrake
technologydevelopment ispresented.Itincludesthemajor milestonesforbothground and

flighttesting.The pointswhere aLunar and Mars fullscaledevelopment decisioncan be
made arealsohighlightedon the schedule.Itshouldbc noted thatthisschedule was built

with high energy aerobrakinginmind, and willpossiblybe compressed to some deg_e if

only low energy acrobrakingisdeveloped.

Vehicle Avionics and Software

Although the technologyreadinesslevelof vehicleavionicsand softwareisahead

of many of the othertechnologyareaslistedinsome respects,thedemands on the system

in the areas of processing rate,accuracy, autonomous operation,and status/health
monitoring willdrivetechnologyand advanced development m areasnot fullydefinedat
thispoint.Softwarerequirementscannotbe fullydetermineduntilthevehicledesignisata
more finished stage than the cun'entlevels.A preliminaryschedule for autonomous

systems development ispresented.The decisionpointsforfullscaledevelopment The
communications system optionscan bc more fullydefinedbeforea finalvehicledesign is

produced,however. A technologydevelopment schedule foradvanced communications is
presented.The SEP vehiclemay not placethesame levelofdemand on theavionicssystem
inthe areaof trajectoryanalysis,but willlikelyplacemore demands on the system inthe
areasof statusand healthmonitoring,faultdiagnosis,and correction.

In-Space Assembly and Processing
The in-space assembly and processing of large space transfer vehicles will present a

variety of technology advanced development challenges, particularly for the large LTV and
MEV aerobrakes,and SEP vehicle.The largesolararraystructure,along with the larg.e
amount of wiring and electricalconnections will present a varietyof challenges m

technology development (e.g.in-spacewelding),and assembly operations(e.g.robotics).
As shown on the accompanying schedule,extensiveground testsmust occur beforeany

orbitalwork can be initiated.The vehicledesignswillbe drivento a largedegree by the

assembly facilitiesand technologiesseen as being availableduring the vehiclebuildup

sequence.Itshould bc noted thatthe schedule was not developed specificallyfor an NEP
vehicle.Advances derivedfrom thisdevelopment process along with flightexperiencein

earliermissions leading up to thisevolutionaryscenariocould possiblyacceleratethe

development planconsiderably.

Cryogenic Fluid Management
The levelof concern for technology development in the areasof cryogenicfluid

management and storagewillnotbe asforelectricpropulsionvehiclesas forthehigh thrust

systems,althoughmany ofthe areasstillremain importantfortheSEP vehicle.The Argon
(orZenon) propellantutilizedfortheelectricpropulsionsystem willbc ina cryogenicliquid

state,and willrequi_ longterm storageand management technologylevelssimilartothose

rr_#,

V
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for liquid oxygen storage for the chemical vehicles. Cryogenic storage issues relating to
ECLSS fluids and lander/ascent vehicle propellants will remain as well. A preliminary
technology schedule is presented for cryogenic fluid system development for Mars mission
applications. The cryogenic fluid systems schedule includes Earth-based thermal control
and selected component fluid management (tank pressure control, liquid acquisition device
effectiveness, etc.) tests, as well as planned flight experiments to carry out system and
subsystem development (selected components) and verification/validation tests. Many of
the technology issues will be answered during the technology/advanced development work
to be carried out for a Lunar program. The major technology obstacles to be overcome by
an NEP storage system are in the areas of high reliability long term thermal control systems
(particularily for the lander/ascent tanks), and orbital/flight operations (fluid transfer,
acquisition, etc.).

Summary.
As noted before, some of the identified critical and high leverage technology

development issues are common across all of the major vehicle options. Common critical
technology issues include low-g human factors, autonomous system health monitoring,
long term cryogenic storage and management @I2, and possibly O2 for ECLSS), long
duration ECLSS, radiation shelter material and configuration, and in-space assembly.
Unique SEP technology issues center around efficient solar power systems and electric
thruster/PPU development. Common enhancing technologies include cryogenic
refrigeration (lander tanks), O2-I-I2 RCS, advanced in-space assembly techniques, higher
Isp cryogenic engines, and advanced structural matedals development.
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Facilities

The facility needs have only been identified in this study; the extent of the impact is yet to
be determined. A "bona fide" facility development plan has not been done as some of the
requirements are only at a top-level needs evaluation. Therefore, the exact nature of the
subsystems and their support facilities are undetermined. When these determinations have
been made for the final NASA selected vehicle, the results must be integrated with the
vehicle development schedule.

In addition to the information here, additional facility and equipment detail is shown in
Ground subsection of the Support Systems section of this text. A current listing of the
additional required facilities and equipment is shown in the "Special Ground and On-Orbit
Processing Facility and Equipment Requirements" chart for processing the advanced
vehicles. These requirements will impact the volumes shown for assembly, storage, and
launch processing in the "Facilities Requirements" chart as well as the processing time
shown in the "Assembly Time per Mission" chart. The information there is for the baseline
Cryo/Aerobrake vehicle. All impacts will be to increase the processing time and working

. volumes required. Any facility requirements must be viewed in the light of and
incorporated into the National Launch Facility Plan.

M.J
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Facility Requirements

1
2
3
4

Assembly Volume, Storage Volume
20694.13 _ 0!
20694.13 0
42233.11 Ol
56989.01 0

5.
6
7

8
9

1 0
11_
12
13

14
15
16
17
18
19

.20
21

22
23
24
25
26
27
28
29
3O
31

32

69879.77
54623.87

'7

39222.88
39222.88
49351.93

2.0694.13
20694.13
20694.13_

206.947131
39481.261
39481.26

ol
18528.7,5
18528.75

0

0
0
0
0

21207.95
21207.95

0
0
0
0
0
0
0
0
0

33

34
35

36

10129.05

10129.05
25031.66

25031.661
14902.611
25031,66
34296.04

i

34296.04
25031.66

25031.66
25031.66

,q

.. 25031.66
25031.66
10129.05

Launch Processing
o
0
0
0
0
0

4626.85
0
0

18528.75

Oi
9264.38

01

0i
16912.131

0
0

18528.7525031.66
34296.04 0

3429r6:04., 0
25031.66 9264"38
25031.66 0
25031.661 0
10129.05! 14902.61

10129.05 0
30387.15

30387.15

0
21207.95
10129.05
10129.05

20258.1 10129.05
20258.1 10129.05

20258.1 10129.05

20258.1 10,129.05
10129.05 1,0129.05
10129.05 10129.05

V

D615-I0026-4 476



',,...j

D615-I0026-4

477



l

I

I
I

m

m_

D515-!0026-4 478



Costs

D615-10026-4 479

pRE_NG pfIGE BL_,I"IK NOT FILMED



I

m
m

D615-I0026-4

480

V

V



Solar Electric Propulsion

Programmatics

The objectives of the Programmatics task during the current phase of the study were: (1)

realistic initial schedules that include initial critical path program elements; (2) initial

descriptions of new or unique facilities requirements; (3) development of a stable, clear,

responsive work breakdown structure (WBS) and WBS dictionary; (4) initial realistic

estimates of vehicle, mission and program costs, cost uncertainties, and funding profile

requirements; (5) initial risk analysis, and (6) early and continuing infusion of

programmadcs data into other study tasks to drive requirements/design/trade decisions.

The issues addressed during the study to date included: (I) capturing all potential long-lead

program items such as precursor missions, technology advancement and advanced

development, related infrastructure development, support systems and new or modified

facility construction, since these are as important as cost and funding in assessing goal

achievability; (2) incorporating sufficient operating margin in schedules to obtain high

probability of making the relatively brief Mars launch windows; (3) the work breakdown

structure must support key study goals such as commonality and (4) cost estimating

accuracy and uncertainty am recurring issues in concept definition studies.

Introduction

The study flow, as required by MSFC's statement of work, began with a set of strawman

concepts, introduced others as appropriate, conducted "neckdowns", and concluded with a

resulting set of concepts and associated recommendations.

As the study progressed, much discussion among the SEI community centered on

"architectures". In this study, architectures were more or less synonymous with concepts,

since the statement of work required that each concept be fully developed including

operations, support, technology, and so forth.

We started with ten concepts as shown in the "Overall Study Flow" chart. After the

"neckdown" was completed, significant effort was put into programmatics.
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As was indicated earlier, we established three levels of activity to evaluate in-space

transportation options. The minimum was just enough to meet the President's objectives;

in fact "return to the Moon to stay" was interpreted as permanent facilities but not

permanent human presence. The minimum program had only three missions to Mars. The

median (full science) program aimed at satisfying most of the published science objectives

for Lunar and Mars exploration. The maximum program aimed for industrialization of the

Moon, for return of practical benefits to Earth, and for the beginnings of colonization of

Mars. The range of activity levels, as measured by people and materiel delivered to

planetary surfaces, was about a factor of 10. The range of Earth-to-orbit launch rates was

less, since we adopted results of preliminary trade studies, selecting more advanced in

space transportation technologies as baselines for greater activity levels. The high level

schedules developed for these thre e level s of activity are shown in the "Minimum

Program", "Full-Science Program" and" Industrialization and S_ment Program" and a

comparison of them for both Lunar and Mars is shown in the "Lunar Program

Comparison" and "Mars Program Comparison" charts.

Schedule/Network Development Methodology

A PC system called Open Plan by WST Corporation was used, which allows direct control

and lower cost over a larger (mainfi'ame) system. The network was purposely kept simple.

Summary activities were used in development of the networks. When detailed to a lower

level, some activities will require a different calendar than we used. One calendar with a

five day work week - no holiday was used. Utilizing multicalendars on a summary

network could confuse the (ievelopment. The Preliminary WBS Structure Level 7 was

followed for selection of work to be detailed. An example of Level 7 is: MEV Ascent

Vehicle Structure/Mechanisms. We then developed a generic logic string of activities with

standard durations for like activities. This logic was then applied against each WBS Level

7 element. To establish interface ties between logic strings and determination of major

events, we used the Upper Level Summary Schedule and Summary Level Technology

Schedule.

V
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Goals/Purpose

There were two goalsfortheschedule/networkdevelopment. These were:

a. Guidelines for Future Development. The schedules are a preliminary road map to

follow in the development program.

b. Layout Basis Framework for Network. The networks can be used for future detail

network development. This development can be in phases retaining unattended logic for

areas which can be be detailed.

Status

J

Six preliminary networks have been developed. They am:

- Lunar minimum

- Lunar fullscience

- Lunar industrialization

- Mars missions

- Mars fullscience

Mars settlement

These networks will be further developed as information becomes available The technology

development plan schedules are shown in the Schedules section of this text ; an example of

the standard 6 year program phase C/D schedule is shown in the " Reference 6 yr. Full

Scale Development Schedule" chart. The network schedules developed during the study

are available in the Final Report Costs Data Book.

Facilities

The facility requirements and approaches are discussed in the Facilities section of this text.
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Development Implementation

The integrated technology advancement and full-scale development schedules for the NEP

is shown in the "NEP Development Program". The MEV is developed according to the

above mentioned standard 6-year FSD schedule. The Man-rating schedules for critical

systems, that must be accomplished before f'_t flight, are given in the next several man-

rating charts. The long-duration Mars Tansit Habitat, and its critical subsystems, will

require operational testing in space to qualify for the Mars mission. How all development

and testing is actually done depends on program interrelationships between lunar and Mars

missions.

V

Work Breakdown Structure

The approach to developing a WBS tree and dictionary was to use the Space Station

Freedom Work Package One WBS as a point of departure to capture commonality,

modularity and evolution potentials. We worked with MSFC to evolve the W'BS illustrated

in the six WBS charts presented in this section. The WBS dictionary details are provided

with the W'BS tree in a separate deliverable document.

V

Cost Data

Overall Approach

Space transfer concept cost estimates were developed through parametric and detail

estimating techniques using program/scenario plans and hardware and software

descriptions combined with NASA and subcontractor data. Our estimating approach

simulates the aerospace development and production environment. It also reflects program

options not typical of aerospace programs. This flexibility allows assessment of innovative

program planning concepts.
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Several tools were employed in this analysis. For developing estimates the Boeing

Parametric Cost Model (PCM) designed specifically for advanced system estimating was

used. It utilizes a company-wide, uniform computerized data base containing historical

data complied since 1969. The second major tool is a Boeing developed Life Cycle Cost

Model. The third tool is the Boeing developed Return on Investment (gOI) Analyses.

The approach to cost estimating was to use the PCM to establish DDT&E and

manufacturing cost of major hardware components or to use other estimates, (e.g. Nuclear

Working Group estimator) if they were considered superior and then feed them to the LCC

model. Variations on equipment hardware or mission alternatives can be run through the

LCC and then compared for a return on investment. This flow is illustrated in the "Costing

Methodology Flow" chart. We were able to investigate alternative concepts quickly, giving

system designers more data for evolving scenario/mission responsive concepts.

Transportation concepts, trade studies, and "neckdown" efforts were supported by this

approach.

Parametric Cost Model

PCM develops cost from the subsystem level and builds upward to obtain total program

cost. Costs are estimated from physical hardware descriptions (e.g., weights and

complexities) and program parameters (e.g., quantities, learning curves, and integration

levels). Known costs are input directly into the estimate when available; the model

assesses the necessary system engineering and system test efforts needed for integration

into the program. The PCM working unit is roan'hours, which allows relationships that tie

physical hardware descriptions fast to design engineering or basic factory labor, and then

through the organizational structure to pick up functional areas such as systems

engineering, test, and development shop. Using man-hours instead of dollars for

estimating relationships enables more reliable estimates. The PCM features, main inputs,

and results are shown in the "Boeing Parametric Cost Model (PCM)" chart. The

applicable PCM results, in constant 1990 dollars, are then put into the Life Cycle Cost

Model to obtain cost spreads for the various missions/programs. The various hardware

components costed for the three different missions/programs are shown in the "LCCM

Hardware Assignments" chart.
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The development of space hardware and components needed to accomplish the three

different Lunar/Mars missions were identified. These components are grouped into three

different categories defined below.

HLLV(Heavy Lift Launch Vehicle) is the booster required to lift personnel, cargo and

fuels into LEO and support the LEO node operations.

Propulsion Includes the space propulsion system required to transfer people, cargo and

equipment out of LEO and into space. Space means Lunar, Mars and Earth destinations.

Propulsion Systems also include an all-propulsive cryogenic Trans Mars Injection System

(TMIS) for the Minimum Mission, the Nuclear Electric Propulsion Stage for the

Settlement/industrial Missions.

Modules Include the space systems that are required to transfer people, cargo and

equipment from LEO to Lunar and Mars orbit; to de-orbit and sustain life and operations on

the Lunar and Mars Surface; and, finally, to return personnel and equipment to LEO.

Cost Buildups

The PCM cost Model can be used directly to obtain complete DDT&E cost, including

production of major test articles, by entering into the manufacturing section the equivalent

numbers of units for each item, including the first flight article. However, when operated in

this way, PCM does not give the fin'st unit cost. To save time, we operated PCM so as to

give first unit cost, which we needed for life cycle cost analyses, and used the first unit cost

to manually estimate the test hardware content of the DDT&E program. The "wrap factors"

shown in the cost buildup sheets were derived from the PCM runs as the factor that is

applied to design engineering cost to obtain complete design and development costs, e.g.

including non-recurring items such as sysmms engineering and tooling development.

Life Cycle Cost Model

The LCCM cost data is a composite of HLLV costs, launch base facilities cost estimate

based on $/sq. ft. and parametric estimates derived from the Parametric Cost Model. The

principal source of information is from the PCM. All hardware cost estimams, with the

exception of HLLV, have been developed with this model.
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TheLCCM consistsof threeindividualmodels.Onemodelis for theMinimum Program

Scale;the secondis for theFull ScienceProgramScale;while thethird modelis for the
Settlement/IndustrializationProgramScale.TheMinimumProgrammeetsthePresident's

SpaceExplorationInitiative(SEI)objectives.ThesecapabilitiesincludepermanentLunar
facilitiesbutnotpermanenthumanpresenceandthreemissionsto Mars. TheFull Science
programnot only meetsthePresident'sSEIobjectivesbut alsoprovidesfor tong term

basesfor far-ranging surfaceexploration. The Settlement/Industrialization program

accomplishes the objectives of the Minimum and Full Science program scales and

additionally returns practical benefits to Earth. These models were developed using the

three architecture leVels described in the Boeing manifest worksheets. Total cost for each

system are tabulated by year and each year's totals feed into a summary sheet that calculates

the total program cost for each level. Since the LCCM results are mission related, not just

vehicle related, they are not provided here but are available in the Final Report Cost Data

Book. The LCCM was developed using Microsoft Excel version 2.2 for the Macintosh

computer. Any Macintosh equipped with Excel 2.2 can be used to execute the model.

Return On Investment

One of the principal uses of the LCCM is to develop trades and return on investment for

technology options. As shown in the "Costing Methodology Flow" chart, two separate

life cycle cost models (which include DDT&E and production cost data derived from the

parametric cost models ) must be developed for each ROI case; a reference, and a case

utilizing a technology option. The two life cycle cost streams are separately entered, and

the ROI model is executed. The flow also illustrates that not all of the data entered into the

life cycle cost model is derived from available costing software. Technical analysis must

accompany this data. For example, the number of units which must be produced for the

DDT&E program must be determined. This is done at the subsystem level based on

knowledge of past programs, and proposed system/subsystem tests. Since the ROI

analysis is mission related, not just vehicle related, the data is not presented here but is

available in the Final Report Cost Data Book.

Results

It should be noted that the solar array and ion thruster costs for the NEP are not included in

the PCM results but are included in the the cost build ups. A summary of the cost data
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producedby the PCM for the vehicle aregiven in the "Mars SEPPreliminaryPCM
Summary"and"Mars SEPPreliminaryPCM Summary- continued"charts. ThePCM
programwas usedto produceDDT&E andproductioncost estimatesfor eachof our
referenceMarsandlunarvehiclesto thesubsystemlevel. TheDDT&E costsgeneratedby
thePCMdo not includeall of thenecessaryhardwarefor thefin:stmissionvehicle.Hence

all necessaryadditionalunits (prototypes,testunits, lab units,etc.)wereaddedinto the

vehiclecost buildupsasshownin the threeseparate"SEPCostBuildup" chart tables.
Thesethreefiguresrepresentcostsfor solararray efficiencies of $100/watt, $500/watt and

$1000/watt respectively. As shown the total DDT&E includes additional costs(e.g..

additional units in the DDT&E program), contractor fees and the engineering wrap factor.

The total DDT&E from the cost buildup and the unit cost from the PCM arc the primary

vehicle cost inputs to the LCC model

Risk Analyses

Risk analyses were conducted to develop an initial risk assessment for the various

architectures. This presentation of risk analysis results considers development risk, man-

rating requirements, and several aspects of mission and operations risk.

Development Risk

All of the architectures and technologies investigated in this study incur some degree of

development risk; none are comprised entirely of fully developed technology.

Development risks are correlated directly with technological uncertainties. We identified

the following principal risks: .......

Cryogenics - High-performance insulation systems involve a great many layers of multi-

layer insulation (M.LI), and one or more vapor-cooled shields, Analyses and experiments

have indicated the efficacy of these, but demonstration that such insulation systems can be

fabricated at light weight, capable of surviving launch g and acoustics loads, remains to be

accomplished. In addition, there are issues associated with propellant transfer and zero-g

gauging. These, however, can be avoided for early lunar systems by proper choice of

configuration and operations, e.g. the tandem-direct system recommended elsewhere in this
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report.Thispresentsthe opportunity to evolve these technologies with operations of initial

flight systems.

Engines - There is little risk of being able to provide some sort of cryogenic engine for

lunar and Mars missions. The RL- 10 could be modified to serve with little risk; deep

throttling of this engine has already been demonstrated on the test stand. The risk of

developing more advanced engines is also minimal. An advanced development program in

this area serves mainly to reduce development cost by pioneering the critical features prior

to full-scale development.

Aerocapmre and aerobraking. There are six potential functions, given here in approximate

ascending order of development risk: aero descent and landing of crew capsules returning

from the Moon, aerocapture to low Earth orbit of returning reusable lunar vehicles, landing

of Mars excursion vehicles from Mars orbit, aero descent and landing of crew capsules

returning from Mars, aerocapture to .low Earth orbit of returning Mars vehicles, and

aerocapture to Mars orbit of Mars excursion and Mars transfer vehicles. The "Development

Risk Assessment for Aerobraking by Function" chart provides a qualitative development

risk comparison for these six functions.

Aerocapmre of vehicles requires large aerobrakes. For these to be efficient, low mass per

unit area is required, demanding efficient structures made from very high performance

materials as well as efficient, low mass thermal protection materials. By comparison, the

crew capsules benefit much less from high performance strucau'es and TPS.

Launch packaging and on-orbit assembly of large aerobrakes presents a significant

development risk that has not yet been solved even in a conceptual design sense. Existing

concepts package poorly or are difficult to assemble or both. While the design challenge

can probably be met, aerobrake assembly is a difficult design and development challenge,

representing an important area of risk.

Nuclear thermal rockets - The basic technology of nuclear thermal rockets was developed

and demonstrated during the 1960s and early 1970s. The development risk to reproduce

this technology is minimal, except in testing as described below. Current studies are

recommending advances in engine performance, both ha specific impulse (higher reactor

temperature) and in thrust-to-weight ratio (higher reactor power density). The risks in
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achievingthesearemodestinasmuchasperformancetargetscan be adjusted to technology

performance.

Reactor and engine tests during the I960s jetted hot, slightly radioactive hydrogen directly

into the atmosphere. Stricter environmental controls since that time prohibit discharge of

nuclear engine effluent into the atmosphere. Design and development of full containment

test facilities presents a greater development risk than obtaining the needed performance

from nuclear reactors and engines. Full- containment facilities will be required to contain all

the hydrogen effluent, presumably oxidize it to water, and remove the radioactivity.

Electric Propulsion Power Management and Thrusters - Power management and thrusters

are common to any electric propulsion power source (nuclear, solar, or beamed power).

Unique power management development needs for electric propulsion are (1)_nimum

mass and long life, (2) high power compared to space experience, i.e. megawatts instead of

kilowatts, (3) fast arc suppression for protection of thrusters. Minimizing mass of power

distribution leads to high distribution voltage and potential problems with plasma losses,

arcing, and EMI. Thus while power management is a mature technology, the unique

requirements of electric propulsion introduce a number of development risks beyond those

usually experienced in space power systems.

Electric thruster technology has been under development since the beginning of the space

program. Small thrusters are now operational, such as the resistance-heat-augmented

hydrazine thrusters on certain communications spacecraft. _ Small arc and ion thrusters are

nearing operational use for satellite stationkeeping.

Space transfer demands on electric propulsion performance place a premium on high power

in the jet per unit mass of electric propulsion system. This in turn places a premium on

thruster efficiency; power in the jet, not electrical power, propels spaceships. Space

transfer electric propulsion also requires specific impulse in the range 5000 to 10,000

seconds. Only ion thrusters and magnetoplasmadynamic (MPD) arc thrusters can deliver

this performance. Ion thrusters have acceptable efficiency but relatively low power per unit

of ion beam emitting area. MPD thruster technology can deliver the needed Isp with high

power per thruster, but has not yet reached efficiencies of interest. Circular ion thrusters

have been built up to 50 cm diameter, with spherical segment ion beam grids. These can

absorb on the order of 50 kWe each. A 10 MWe system would need 200 operating

thrusters. The development alternatives all have significant risk: (1) Advance the state of
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the art of MPD thrusters to achieve high efficiency; (2) Develop propulsion systems with

large numbers of thrusters and control systems; or (3) Advance the state of the art of ion

thrusters to much larger size per thruster.

Nuclear power for electric propulsion - Space power reactor technology now under

development (SP-100) may be adequate; needed advances are modest. Advanced power

conversion systems are required to obtain power-to-mass ratios of interest. The SP-100

baseline is thermoelectric, which has no hope of meeting propulsion system performance

needs. The most likely candidates are the closed Brayton (gas) cycle and the potassium

Rankine (liquid/vapor) cycle. (Potassium provides the best match of liquid/vapor fluid

properties to desired cycle temperatures.) Stifling cycle, thermionics, and a high-

temperature thermally-driven fuel cell are possibilities. The basic technology for Brayton

and Rankine cycles are mature; both are in widespread industrial use. Prototype space

power Brayton and Rankine turbines have ru n successfully for thousands of hours in

laboratories. The development risk here is that these are very complex systems; there is no

experience base for coupling a space power reactor to a dynamic power conversion cycle;

there is no space power experience base at the power levels needed; and these systems, at

power levels of interest for SEI space transfer application, are large enough to require in-

space assembly and checkout. Space welding will be required for fluid systems assembly.

Solar power for space transfer propulsion - Solar power systems for space propulsion must

attain much higher power-to-mass ratios than heretofore achieved. This implies a

combination of advanced solar cells, probably multi-band-gap, and lightweight structural

support systems. Required array areas are very large. Low-cost arrays, e.g. $100/watt,

are necessary for affordable system costs, and automated construction of the large area

structures, arrays, and power distribution systems appears also necessary. Where the

nuclear electric systems are high development risk because of complexity and the lack of

experience base at relevant power levels and with the space power conversion technologies,

most of the solar power risk appears as technology advancement risk. If the technology

advancements can be demonstrated, development risk appears moderate.

Avionics and software - Avionics and software requirements for space transfer systems are

generally within the state of the art. New capability needs arc mainly in the area of vehicle

and subsystem health monitoring. This is in part an integration problem, but new

techniques such as expert and neural systems are likely to play an important role.
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An imponamfactorin avionicsandsoftwaredevelopmentis thatseveralvehicleelements
havingsimilar requirementswill bedeveloped,someconcurrently.A majorreductionin
costand integrationrisk for avionicscan beachievedby advanceddevelopmentof a
"standard"avionicsandsoftwaresuite,fromwhichall vehicleelementswoulddepart.

Furthersignificantcostsavings are expected from advancements in software development

methods and environments.

Environmental Control and Life Support (ECLS) - The main development risk in ECLS is

for the Mars transfer habitat system. Other SEI space transfer systems have short enough

operating durations that shuttle and Space Station Freedom ECLS system derivatives will

be adequate. The Mars transfer requirement is for a highly closed physio-chemical system

capable of 3 years' safe and dependable operation without resupply from Earth. The

development risk arises from the necessity tO demonstrate long life operation with high

confidence; this may be expensive in cost and development schedule.

Man.Rating Approach

Man-rating includes three elements: (1) Design of systems to manned flight failure tolerance

standards, (2) Qualification of subsystems according to normal man-rating requirements,

and (3) Flight demonstration of critical performance capabilities and functions prior to

placing crews at risk. Several briefing charts follow: the first summarizes a recommended

approach and lists the subsystems and elements for which man-rating is needed;

subsequent charts present recommended man-rating plans.

Mission and Operations Risk

These risk categories include Earth launch, space assembly and orbital launch, launch

windows, mission risk, and mitigation of ionizing radiation and _ro-g risks.

Earth launch - The Earth launch risk to in-space transportation is the risk of losing a

payload because of a launch failure. Assembly sequences are arranged to minimize the

impact of a loss, and schedules include allowances for one make-up launch each mission

opportunity.
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Assembly and Orbital Launch Operations - Four sub-areas are covered: assembly, test and

on-orbit checkout, debris, and inadvertent re-entry.

Assembly operations risk is reduced by verifying interfaces on the ground prior to launch

of elements. Assembly operations equipment such as robot arms and manipulators will

undergo space testing at the node to qualify critical capabilities and performance prior to

initiating assembly operations on an actual vehicle.

Assembly risk varies widely with space transfer technology. Nuclear thermal rocket

vehicles appear to pose minimum assembly risk; cryo/aerobraking are intermediate, and

nuclear and solar electric systems pose the highest risk.

Test and on-orbit checkout must deal with consequences of test failures and equipment

failures. This risk is difficult to quantify with the present state of knowledge. Indications

are: (1) large space transfer systems will experience several failures or anomalies per day.

Dealing with failures and anomalies must be a routine, not exceptional, part of the

operations or the operations will not be able to launch space transfer systems from orbit; (2)

vehicles must have highly capable self-test systems and must be designed for repair,

remove and replace by robotics where possible and for ease of repair by people where

robotics cannot do the job; (3) test and on-orbit checkout will run concurrently with

propellant loading and launch countdowns. These cannot take place on Space Station

Freedom. Since the most difficult part of the assembly, test and checkout job must take

place off Space Station Freedom the rest of the job probably should also,

Orbital debris presents risk to on-orbit operations. Probabilities of collision are large for

SEI-class space transfer systems in low Earth orbit for typical durations of a year or more.

Shielding is mandatory. The shielding should be designed to be removed before orbital

launch and used again on the next assembly project.

Creation of debris must also be dealt with. This means that (1) debris shielding should be

designed to minimize creation of additional debris, especially particles of dangerous size,

and (2) operations need to be rigorously controlled to prevent an inadvertent loss of tools

and equipment that will become a debris hazard.

Inadvertent re-entry is a low but possible risk. Some of the systems, especially electric

propulsion systems, can have very low ballistic coefficient and therefore rapid orbital decay
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rate.Any of theSEIspacetransfersystemswill havemoderatelylow ballisticcoefficient
whennot loadedwithpropellant.While designdetailsarenot far enoughalongto makea

quantitativeassessment,partsof thesevehicleswouldprobablysurvivereentryto become

groundimpacthazardsin caseof inadvertentreentry. For nuclearsystems,it will be
necessaryto providespecialsupport systems and infrastructure to drive the probability of

inadvertent reentry to extremely low levels.

Launch Windows - Launch windows for single-burn high-thrust departures from low Earth

orbit are no more than a few days because regression of the parking orbit line of nodes

causes relatively rapid misalignment of the orbit plane and departure vector. For lunar

missions, windows recur at about 9-day intervals.

For Mars, the recurrence is less frequent, and the interplanetary window only lasts 30 to 60

days. It is important to enable Mars launch from orbit during the entire interplanetary

window. Three-impulse Mars departures make this possible; a plane change at apogee of

the intermediate parking orbit provides alignment with the departure vector. Further

analysis of the three-burn scheme is needed to assess penalties and identify circumstances

where it does not work.

Launch window problems are generally minimal for low-thrust (electric propulsion)

systems.

Mission Risk - Comparative mission risk was analyzed by building risk trees and

performing semi-quantitative analysis. The next chart presents a comparison of several

mission modes; after that are the risk trees for these modes.

Ionizing Radiations and Zero G - The threat from ionizing radiations is presented elsewhere

in this document. Presented here are the mitigating strategies for ionizing radiations and

zero g.

Nuclear systems operations present little risk to flight crews. Studies by University of

Texas at Austin showed that radiation dose to a space station crew from departing nuclear

vehicles is very small provided that sensible launch and flight strategies are used. On-

board crews are protected by suitable shielding and by arrangement of the vehicle, i.e.

hardware and propellant between reactors and the crew and adequate separation distances.

After nuclear engines are shut off, radiation levels drop rapidly so that maneuvers such as
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departureor returnof a Marsexcursionvehiclearenota problem. On-orbit operations
aroundareturnednuclearvehiclearedeferreduntil a monthor two after shutdown,by

which8rne radioactivity of the engine is greatly reduced.

Reactor disposal has not been completely studied. Options include solar system escape and

parking in stable heliocentric orbits between Earth and Venus.

Crew radiation dose abatement employs "storm shelters" for solar flares, and either added

shielding of the entire vehicle or fast transfers (or both) to reduce galactic cosmic ray

exposure. Assessments are in progress; tradeoffs of shielding versus fast trips have yet to

be completed. Expected impact for lunar missions is negligible and for Mars missions,

modest.
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