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NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

TECHNICAL NOTE NO . 1633 

AN EVALUATION OF THE CHARACTERISTICS OF A 10-PERCENT-THICK NACA 66-SERIES 

AIRFOIL SECTION WITH A SPECIAL MEAN -C.o.MBER LINE DESIGNED 

TO PRODUCE A HIGH CRITICAL M.Il..CH NUMBER 

By Laurence K. Loftin, Jr., and Kenneth S. Cohen 

SUMMARY 

The low-speed aerodynamic characteristic s of the 

[
a := 1.0, ci :c 0.6 l 

NACA 66 ) -210 i J' airfoil section were determined 
(09 I a = 0.6, c1 = -0.4 

L- i 
from tests in the Langley two-dimens i onal low- turbulence pressure t unnel. 
These data and similar data for the NACA 66 -210,a=1.0 airfoil are 
presented . By the use of these low-speed data and hi gh- speed data 

obtained in the Ames 1- by ~-foot high-speed tunnel, a compari son of the 
2 

1.0, cl :: 0.61 
i . and NACA 66 -210,a=1.0 airfoils was 

0.6, c
ii 

= -0.4 -'\ 

made at both l ow and high speeds . The high-speed dat a indicated that· 
the airfoil wi th the special mean line had a drag-divergence Mach 
number at the design lift coeffic ient sl ightly higher than that of 
the NACA 66-210,a=1.0 airfoil section, but t his increa se was not so 
great as that shown by calculations ba sed on l ow-speed data of the 
critical Mach numbers for the two airfoils. With the exception o~ a 
negative increase of about 50 percent in the pitching moment, t he low
speed characteristics of the airfoil with the special mean line were in 
essential agreemen t with those of the same airfoil having t he 
a = 1.0 mean line. 

INTRODUCTION 

The mean-cam~er line of an airfoil may be so designed t hat the 
induced velocities resulting f r om the cam~er will occur over that pA.r t of 
t he airfoil chord Fl.lon t~ 'Which t he i nduced ve l oci ti es r es'J.l ting ~rom the 
bas i c thickness fo rm are small . Th'lS, by 9. proper combination of meen 
line and basic thickne s s form, the cr itical Mach number of a cambered 
a i rfoil may be increased above that '..l9u3.11y predicted for an 9,irfoil 
cam~ered with a more conventional - type mp-an line such as the a = 1.0. 
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Lift was measured by taking the d i fference betw~een the pressure 
reaction upon the floor ani ceiling of the tunnel; drag was determined by 
t he wake-survey method; and pitching moments were measured by a torque 
balance. Measurements of the pressure distribution about the airfoil 
were made by means of small pressure orifices located on the upper ani 
lowe r surfaces of the model midway bet.ween the vertical walls of the 
t~~el. A more complete description of the tunnel and t he methods of 
obtaining and reducing t he data are contained in reference 4. 

Lift, drag, and pitching-moment measurements were made for the plain 

airfoil in the smooth condition at Reynolds numbers of 3 .0 X 106, 
6 .0 X 106 , and g.O X 106 . The lift and moment characteristics of the 
airfoil equipped with a simulated split flap ieflected 600 were !neasured 

at a Reynolds number of 6.0 X 106 • In order to show the effect of surface 
condl tion up:.Jn the aerodynamic characteri sties, 11ft and. drag test.s of the 
airfoil were made with standard roughness applied to the leading edge of 
the model. The roughness employed on the 24-inch-ehord model consisted of 
O.Oll-inch-diameter carborundum grains spread over a surface length 
of o.oBc behind the leading edse of the airfoil on the upper ani lower 
surfaces. The grains were thinly spread to cover from 7 to 10 percent of 
this area. The pressure distributions corresponding to a range of angle 
of attack extending from the positive to the negative stall were deter-

mined for the ronooth plain airfoil at a Reynolds number of 6.0 X 106 • 

RESULTS ftND DISCUSSION 

The influence of the tunneJ boundaries has been removed from all the 
aerodynamic data by means of the following relations (developed in 
reference 4) : 

c! = 0.g74c! r 

0.0 = 1.0150.0 

, 

c = o .g8oc ' 
mc /4 mc /4 

Cd = O.98~cd' 

where the primed quanti ties represent the measured coefficients . The 
corrections made to he pressure dat~ were derived on the s~e basis and 
were of t he same order of ma~l1itud.e as t hose made to t he cOAff·clents. 
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Cri t ica l- speed charac ter i s t !cs.- The crit ica l - s pa ed data predi cted 
from theoretical low- speed pre ssure di stri buti on s b~; t he method of 
reference 5 indicate t ha t t he airfoil with the special mean l ine has 
critical Mach numbers wh i ch are about 0.015 larger t han those of t he 
same airfoil with the a = 1.0 mean line (fig . 4). This 1ncrease is 
only apparent within that range of lift coefficient over whi ch t he 
critical Mach number varies linearly. 

The center of that range of 11ft coefnc i ent within which t he 
cri tical Mach number varies linearl.y wi t h li ft coefficient changes to a 
value les8 than the theoretical design l ift c oefficient when t he exper1-
mental rather than the theoretical low-speed pressure distri b uti ons are 
used for predicting t he critical Mach numbers (fig. 4). The t erm 
"effective design lift coefficient" is used when referring to this 
experimental center. A decrease in the extent of the high critical Mach 
number range and an increase in the values of the critical Mach numbers 
within this range are also evident when the critical-speed curve predicted 
from the experimental pressure distribution is compared wlth that 
predicted from the theoretical pressure distributions. These same trends 
are noted in the results for some of the airfoils discussed in refer-
ence 1. 

Some insight into the differences between the critical-speed charac
teristics of the airfoil as predicted from theoretical and experimental 
low-speed pressure distributions may be gained from figure 5. Shown in 
figure 5 are data representing the experimental pressure distribut i on for 
which the gradients most nearly agree over the forward part of the air
foil with those calculated theoretically for the design-lift condi t ion. 
The failure of the theoretical load distribution to be realized experi
mentally for this condition (fig. 5) is responsible for the previously 
mentioned differences between the theoretical and effective design lift 
coefficients. A study of figure 6 indicates the formation of negative 
pressure peaks near the leading edge to be responsible for the short 
range of lift coefficient through which the critical Mach number varies 
linearly. The experimental peak negative pressure for the effective 
design-lift condition is less than that for the theoretical design lift 
coefficient (fig. 5), which accounts for the difference in magnitude of 
the critical Mach numbers corresponding to the theoretical and effective 
design lift coefficients (fig. 4). 

The experimental pressure distributions of airfoils with the 
a = 1.0 type mean line agree quite well with those predicted theoreti
cally (reference 3). The critiCal-speed charac t er i stics of the airfoil 
with t he spec i al mean line, rela.tive to those of the airfoil with the 
a = 1.0 type mean 1 ina, would seem therefore to depend. upon which t ype 
of pre ssure di stri but ion, t heore t ical or exper imental, is cons i dered a s 
a ba.sis for predi c t ing t he cri t ical Mach numbers. Fortunat ely, in view 
of t he confusing cri t i cal-speed results, high-speed data exist (refer
ence 2) which permit an evaluation of t he airfoil with the special mean 
line on the basis of drag-divergence Mach numbers. HiE"}l-speed data are 
presented i n reference 2 for a spec ial mean-line a irfo:l similar t o the 
ai rfoil considered i n t.he present invest i ga ti on, ex(:ept that the rear 



8 

I 

:~ACA 

ThBLE I 

ORDINATES OF THE 

66 (09 )-210 Fa : 1.
6
°, La - 0. , 

AIRFOIL SECTION 

[ Stations and ordinates given 
in percent of airfoil chord] 

-----------.- -- ---- --

NACA TN :10 . 1633 

-- -
1- ___ yppe~_ surface Lower surface 

Station Ordinate Station Ordinate 

° ° 0 0 
.1.1-75 .7~ .52~ ::~~g ·722 ·9 .7~ 1.220 1.1 7 1.2 ° -1.101 

2.46~ 1.590 2·531 -1.J+50 
4.46 2. 205 5.032 -1.9~3 
7· 69 2.687 7·531 -2.3 7 

J .971 3·095 10.029 -2.741 
. ·975 e·752 15·025 -3·310 

1~.9~9 .251 20.021 -3·751 
24 ·9 3 4.634 25.017 -4. 0~2 
24.985 4.925 30.01~ -4. 3 ~9 
3 .986 5.135 25. 01u -4.527 
~.985 5·271 ~ 0.O15 -4.633 

.980 5. 336 45.020 -4.662 
4G·971 5.3g3 50. 029 -~ .611 
5 ·955 5.2 5 55. 0~5 -4.471 
g4:§§g ~.131 60.0 7 -4.209 

.891 65.1J4 -3·731 
64.901 4.522 70.09.9. -3.09.4 
7 .934 4. 029 ~5.066 -2.363 
~9.973 3.425 0.027 -1.603 
5.009 2·721 84.991 -.859 

90•030 1·917 84.970 -.219 
95.029 1.033 9 ·971 -.203 

100.000 0 100.000 0 

L.E. radius: 0.643 
Slope of radius through L.E.: 0.033 
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1.O'~------~------.-------,-------,-----~ 

oL-------L-------L-______ L-______ ~ ____ ~ 

(a) Load distribution of the NACA 

mean line. 
a = 1.0, = 0.6 

_1.0'L-----~L-----~-------L-------L----~ 

(b) Load distribution of the NACA a = 0.6, c~1 = -0.4 
mean line. 

1.0 

o 
o 

(c) 

Figure 1.-

./" 

P 
~ 

20 40 60 80 100 
Peroent chord g = 1.0, c~i = 0'3 Load distribution of the NACA 

a = 0.6, c~i = -0. 

mean line (formed by superposition of the load 
distributions of the NACA a = 1.0, cL = 0.6 

i 
and NACA a = 0.6, c Li = -0.4 mean 11nes). 

~
= 1.0, eLi = 

Load distribution of the mean line NACA - 0 6 = 
a - ., CL

i 
and component mean lines from which 1t is tormed. 

9 

o.f( 
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Drag-dlvergence Mach numbers (referenoe 2) 

(modified) 

Crltloal Mach numbers predloted from experimental 
pressure dlstrlbutlons 

~ = 1.0, OIl = 0.6Y HACA 66(09)-210 - 0 6 - 0 l a - . , 0'1 - - .~ 

Critloal Maoh numbers predloted from theoretloal 
pressure distrlbutions 

- - - - HAC!. 66-210, a = 1.0 
:"i ]if I!.. .,., : 

~ = 1 0 OIl = 0.6~ --- HAC!. 66(09) - 210 _. , 
~ - 0.6, Oil = -0.4 

J II j ? L I 1 1J J .1 Ii 1 .1 I '. , I';'; 

" 0, I-"P--~ ~...}:<;~;·~t+H;th;thr, lli 
I I I' Il"t!· I r~f'T II r' I1li; 

'peed 
~,::;,.: l:ii" 

1': 1";' I ·· ··" IHf< I I I I I 

Flgure 4.- Comparlson of crlti ca l and drag dlvergence Mach numbers of the 

~ = 1.0, 01 = O.~ 
HACA 66 (09 )-210 _ 0 6 1 = 0 4 and the HACA 66-21.0, a = 1.0 a - ., Cl

1 
_. 

alrfoll sectlons. 
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Figure 5.- Comparlson of the experlmental pressure distribution of the 

L
a = l.0, cLi = 0.6 ~ 

NACA 66(09 )-210 _ 0 6 - 0 4\ airfoil at the effective a - ., cLi - - • U 
design 11ft coefficient with the theoretical pres sure distribution 
at the design lift coeffiCient. 

90 

13 

~ 
\ 

\ 

\ 

- ,/ 

~ 

100 



16 

s 

NACA TN No . 1633 

2.S~--+---~--~---+--~----~--+---~--~--~ 

2.6 r---+---~--~---+--~--~~--~--+---~--~ 
.] 

2.4f11---~--+---+---~--~--~---+---+---4----/ 

2.2H~--+---~--~---+--~--~~--~--+---~--~ 

2.0 

loS 

1.6 

1.4 

l~ . 
I 'U..J:'] I r-- Lower surface 
~~ 

1.2 

1.0 

.S 

.6 

.4 
I 

~ 
.2 

o~--~--~--~--~--~--~~--~--~--~---J 

o 10 20 30 40 50 60 70 So 90 100 
Percent cho rd 

Figure 6.- Continued. 
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Figure 6.- Continued. 
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Figure 8.- Aerodynamic characteristics of the NACA 66-210 airfoil section, 24-inch chord. 
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