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NATTIONAL ADVISORY COMMITTEE FOR AERONAUTICS

RESEARCH MEMORANDUM

AN INVESTIGATION OF A SUPERSONIC AIRCRAFT CONFIGURATION
HAVING A TAPERED WING WITH CIRCULAR-ARC

SECTIONS AND 40° SWEEPBACK

A PRESSURE-DISTRIBUTION STUDY OF THE AERODYNAMIC
CHARACTERISTICS OF THE WING AT
MACH NUMBER 1.59

By Morton Cooper and M. Leroy Spearman
SUMMARY

A pressure-distribution investigation of the wing (in the presence

-of the fuselage) of a complete supersonic aircraft configuration has

been conducted in the Langley 4- by U-foot supersopic tunnel at a Mach
number of 1.59 and a Reynolds number of 0.575 X 10® based on the mean
aerodynamic chord. The wing was swept back 40° and had an aspect ratio
of 4, a taper ratio of 0.5, and 10-percent-thick circular-arc sections
perpendicular to the quarter-chord line. For the Mach number of the
present investigation, the wing had both supersonic leading and trailing
edges; the leading edge, however, had a detached shock wave throughout
the angle-of-attack range.

The experimental 1ift and drag coefficients were less than those
predicted by linear theory. The discrepancies resulted principally
from the existence of large regions of separated flow at the rear and
at the outboard stations of the wing and in part from the presence of
a detached leading-edge shock which is neglected in the linear theory.
In addition, there was a pronounced interference effect of the fuselage
on the wing at the inboard stations but this effect diminished fairly
rapidly outboard.

The maximum lift-drag ratio of 5.3 obtained experimentally agreed

very well with the theoretical value of 5.1. This agreement, however,
was partially the result of compensating discrepancies in both the 1lift
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and drag coefficients. The pitching moment was considerably less stable
than predicted by theory primarily as a result of the separation over
the outboard region of the wing. This separation phenomenon appears

to be of primary concern for uncambered and untwisted swept wings, such
as the wing of the present investigation, where the spanwise gradients
and their effects on the boundary layer are large.

INTRODUCTION

A comprehensive investigation of a supersonic aircraft configura-
tion having a tapered wing with circular-arc sections, aspect ratio b,
and 40° sweepback has been conducted in the Langley U4- by L-foot super-
sonic tunnel. In order to obtain a detailed knowledge of the flow over
the model as well as to determine the general aerodynamic characteristics,
extensive tests were conducted on both a large-scale force and pressure
model of the complete configuration and of various components at Mach
numbers of 1.40 and 1.59. The results of the pressure-distribution study
of the fuselage and its canopies are reported in reference 1 for a Mach
number of 1.59 and in reference 2 for a Mach number of 1.40. The first
phase of the force-model investigation, which evaluated the static longi-
tudinal stability and control characteristics at a Mach number of 1.0,
has been reported in reference 3.

The present report presents the results of the pressure-distribution 3
study of the wing obtained during tests of the complete pressure model

at a Mach number of 1.59 and a Reynolds number of 0.575 X 106 based on
the mean aerodynamic chord. For this Mach number, the wing had both
supersonic leading and trailing edges; the leading edge, however, had a
detached shock wave throughout the angle-of-attack range. The pressure
data have been analyzed in terms of section and over-all wing character-
istics, and the experimental results have been compared throughout the
paper with linear theoretical calculations to evaluate differences
between the theory and experiment.

SYMBOLS
Free-stream conditions:
o) mass density of air
) airspeed
a speed of sound in air
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p

Mach number (V/a)

dynamic pressure (%pvg)

static pressure

Wing geometry:

S

b

a

area extended through the fuselage
span
aspect ratio (b°/s)

airfoil chord at any spanwise station

b/2 "
mean aerodynamic chord g f c~dy
0

mean chord (S/b)

chordwise distance measured streamwise from the airfoil
leading edge

spanwise distance measured from the plane of symmetry of
the wing

normal distance measured from the airfoil chord line

angle of attack of the wing, degrees

Pressure data:

Py
P

local static pressure

pressure coefficient (gl_:_g)
q

l \
section normal-force coefficient jﬁ (?L' - PU>d(x/c)
0
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it
section chord-force coefficient (?gé> - <sz> d(z)

section 1ift coefficient (cp cos a - ¢, sin a)
section pressure-drag coefficient (cn gin a + c, ‘cos a)

section pitching-moment coefficient, due to normal forces,
about the 25-percent position of the airfoil chord

(o - 2]

gsection pitching-moment coefficient, due to normal forces,
about a line perpendicular to the plane of symmetry and
passing through the 25-percent position of the mean aero-

i
dynamic chord (PL' - P <f£ 2 f)d(f)
0 U\ c c

distance from the leading edge of each spanwise station to
a line perpendicular to the plane of symmetry and passing
through the 25-percent position of mean aerodynamic chord
(positive rearward from leading edge)

)5

(%) - =)

wing pitching-moment coefficient about a line perpendicular
to the plane of symmetry and passing through the 25-
percent position of the mean aerodynamic chord

2

e c
mxl _ Pitching moment
af—Y¥_\=
0 ce b/2 gsct

arlo

1
wing 1ift coefficient (%L = J[ (&)
0

[e]] Ke)

1
wing drag coefficient Gk)= ]F cq
0

3 g
m C'
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ch spanwise location of the center of pressure of the normal

force flcnc 4 d(y) /lillc_d(—;-)
e b/2 "\b/2 s ABR

n, chordwise location of the wing aerodynamic center

025 = EEE
oCy,

Subscripts:

L | lower surface

U upper surface

a value at angle of attack

a=0 value at 0° angle of attack

APPARATUS

Tunnel.- The Langley 4- by L-foot supersonic tunnel is a rectangu-
lar, closed-throat, single-return wind tunnel designed for a nominal
Mach number range from 1.2 to 2.2. The test section Mach number is
varied by deflecting horizontal flexible walls against a series of fixed
interchangeable templates which have been designed to produce uniform
flow in the test section. For the present investigation, the nozzle
walls were get for a test section Mach number of 1.59. For this Mach
number, the test section has a width of 4.5 feet and a height of L.l feet.
A detailed description of the tunnel, together with the calibration data
of the test section at this Mach number, is presented in reference 1.

Model.- The test model, shown in figure 1 prior to installation in
the tunnel, was constructed to the dimensions shown in figure 2. The
complete model contained a total of 254 orifices which were lo.ated on
the wing, fuselage, and horizontal tail surfaces. During the tests,
pressures were measured simultaneously over the entire model. As pointed
out in the introduction, however, this paper will be concerned only with
the wing of the configuration and will deal with other components of the
model only insofar as they affect the flow over the wing.
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The wing was constructed with a steel core and has steel leading
and trailing edges. The wing surface between approximately the 10-
percent and 98-percent chordwise location was made of bismuth and tin.
The geometry of the wing is as follows:

Bpan,=Teeh il ot ol b5 do by tel @i el BT e 30 el 18 s gl SRl Win el e 22155
Area extended through the fuselage, square feet . . . « ¢« . « « . 1,158
Mean chord, feet o' ('eie & s (o oo a’s @ 6 » o @ o @ wissis o ¢ s 093
Mean aerodynamic chord, feet . . . « ¢ ¢« ¢ ¢ ¢ ¢ ¢ o 0 o ¢ o o o ORI
Aspect ratio (wing extended to fuselage center Tme) o ns 3l o e wa L
Sweepback of quarter-chord line, degrees '« . « « « « « &« o « o o - Lo
TaperePatlo e L6l vl % s e sy » A e Bide e e e @tiien e e et el BN Ol
AirFoll BectiOons « o« o o.c o o o o .6 oo o Symetrical circular arcs-in
planes perpendicular to the
quarter-chord line
Thickness ratio:
Section perpendicular to quarter-chord line, percent . . o o o o 10
Section parallel to air-stream direction, percent . . . . « . & 8
Location of maximum thickness:
Section perpendicular to quarter-chord line, percent . . . . . . 50
Section parallel to air-stream direction, percent . . . . . . . He

Geometric twist, degrees s e ST O e oo T s Ao i e A o el o e 0
Dihedral of quarter-chord line in a plane normal to the
chord plane, dEgYEE8 « « « o o« o o o s o o o o o o o o o o o o o S

The left semispan of the model contained 116 orifices divided
approximately equally among each of four gstreamwise stations. The
locations of the streamwise stations (shown in fig. 3 and indicated in
fig. 1 by the white lines on the left wing) at 18.6, 43.6, 68.6, and
93.7 percent of the wing semispan were selected to present a representa-
tive picture of the flow over the wing. In addition to these orifices,
two rows of orifices (figs. 1 and 3), containing a total of 30 orifices,
were located at two oblique stations perpendicular to the quarter-chord
line of the right wing semispan.

The wing was mounted on a fuselage which consisted of a body of
revolution, upon which upper- and lower-surface canopies (fig. 2) were
installed. The fuselage has a length of 2.522 feet and a fineness
ratio of 9.4 without canopies. A complete description of the fuselage,
together with coordinates, is presented in reference 1. The wing was
set at a fixed incidence of 3° relative to the fuselage axis. Since
this paper presents primarily wing data, the angle of attack has been
referenced to the wing chord line; hence, a given angle of attack is
indicated as being 3° higher than the corresponding angle in references 1
17(6) 5

During all the tests, the model was frequently inspected and
polished in an attempt to maintain an aerodynamically smooth surface.
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Installation.- The model was sting supported with the wing in a
vertical plane as shown in figure 4. The angle of attack was varied
through fixed increments by rotating the model about the 59-percent
position of the fuselage. This axial location corresponds to the
0.25-chord position of the mean aerodynamic chord. The pressure tubes
from the orifices were brought out from the wing through the fuselage
and the sting to multiple-tube manometers.

TESTS

The basic pressure data over the wing were obtained for an angle-
of-attack range from -2° to 13° at a Mach number of 1.59 and a Reynolds
number of 575,000 based on the mean aerodynamic chord. The aerodynamic
data have been obtained at tunnel stagnation conditions of: pressure,
0.25 atmosphere; temperature, 130 F; and dew point, -350 F. TFor these
test conditions, the calibration data (reference 1) of the test section
indicate that the effects of condensation on the flow over the model
are probably extremely small.

CORRECTIONS AND ACCURACY

Since the magnitudes of the flow angle, Mach number, and pressure
gradients are small in the vicinity of the model, no corrections due to
these sources have been applied to the data. Furthermore, from optical
measurements obtained during these tests, it was found that the wing
twist under load was negligible, amounting to less than 0.05° for all
angles of attack. Consequently, no corrections for twist have been

applied.

It is estimated that the accuracy of the wing data is as follows:

Shnc ciMachEaumberiic s e 0L Ui el el e et SR e e s el el e el o oL
Angle of attack:
Geometric measurement (probable erTuR); e@ree . il v e 5w p 002
Mepeimumifillone tere gulliard by, degree e (TR G NS SUE il o s el e SR 0010
AbEelatte valuer of pregsure-coefficient fol <L el e oot o el oh o s o 20010

PRESENTATION OF RESULTS

The basic pressure data for the wing, obtained during tests of the
complete model, are presented for the four streamwise and two oblique
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stations in figures 5 and 6, respectively, for angles of attack of -20,
0%, 19, 3°, 59, 79, 9°, 11°, and 13°, 1In these figures, as in all other
figures, flagged symbols have been used to designate the lower-surface
data. In order to facilitate the use of these data for other purposes,
the numerical values of all the pressure data plotted in figures 5 and 6
are tabulated in tables I and II. In addition to the pressure distri-
butions (presented in figs. 5 and 6) which are indicative of the normal
loads, the distribution of chordwise load is presented in figure T for
the streamwise stations for representative angles of attack of S R0
50, and 13°. In this figure, the unit chord-force coefficient at each
position along the chord has been defined as the product of the local
pressure coefficient and the local slope in the streamwise direction.

The pressure data of figure 5 are compared with linear theoretical
calculations for 0° angle of attack in figure 8 and for angle of attack
in figure 9. The theoretical calculations for 0° were obtained by the
method of reference L4 as applied in reference 5. In obtaining the
theoretical curves for angle of attack (fig. 9), the method of refer-
ence 6 was used for stations 0.186, 0.436, and 0.686; for station 0.937
the method of reference T which accounts for the tip effect was used in
addition to reference 6. In the calculation of the theoretical wing
pressures, the fuselage side was assumed to impose a physical reflection
plane, and, as such, was arbitrarily selected as the origin of calcula-
tions. In figure 9, detailed data have been presented for station 0.436.
Since the other stations exhibit similar trends, only representative
data have been included for stations 0.186, 0.686, and 0.937. Since
the theoretical surface lifting-pressure coefficient per unit angle of
attack for a given station is equal for both surfaces, these data (fig. 9)
could have been compared against a single theoretical curve for each
gstation. However, inasmuch as a fundamemtal purpose of this investi-
gation has been to evaluate differences between theory and experiment,
the experimental data have been separated into expansion and compression
surfaces by defining the surface lifting-pressure coefficient as

57.3 (Fa. = Pamo

| o]
of attack and the lower surface at a negative angle of attack are con-
sidered equivalent.

. In this way, the upper surface at a positive angle

The section normal-force, chord-force, and pitching-moment coeffi-
cients at the four spanwise stations have been obtained by integrating
the pressure data of figures 5 and 7 and are presented in figure 10.

The section 1lift and drag coefficients, also presented in this figure,
were obtained from a resolution of the normal- and chord-force coeffi-
cients. In each case, the coefficients presented in figure 10 have been
compared with the results obtained from linear theory. Since the drag
coefficients were obtained from integrated pressure data, the direct
effects of skin friction are not included; and therefore the experimental
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drag coefficients are on a comparable basgsis with the theoretical drag
calculations. These same data have been presented in figures 11, 12,

and 13 to show the spanwise distribution of the section coefficient and
load parameters for normal force, drag, and pitching moment. In these
figures, only one theoretical curve has been shown for reference purposes.
The theoretical curves for other conditions can be obtained from fig-

ure 10. TFor the pitching-moment data of figure 13, the coefficients have
been referenced to the quarter-chord line of the individual sections
while the loading parameters have been referenced to a line which is
perpendicular to the plane of symmetry of the model and passes through
the 25-percent position of the mean aerodynamic chord. Figure 14, which
has been derived from figures 11 and 13, presents a comparison of the
experimental and theoretical locations of the centers of pressure of the
normal forces at each spanwise station.

The over-all wing characteristics, obtained from integration of the
spanwise distributions, are presented in figure 15 as a function of the
wing angle of attack. In this presentation, the experimental and
theoretical curves were obtained by extrapolating the data from the wing-
fuselage Jjunction to the center line of the model. This method, there-
fore, leads to coefficients which are more equivalent to a wing-alonec
configuration than to a wing-body combination. For application of these
results to wing-body combinations, the primary change would occur in the
pitching-moment coefficient (fig. 15) which would be more stable than
indicated in this paper since the 1lift carry-over region in the presence
of a fuselage would be farther rearward (references 8, 9, and 10).

Figure 16 presents the experimental and theoretical wing lift-drag ratios
(obtained from fig. 15) and compares these results with the lift-drag
ratios obtained during force tests of the complete model and of the
wing-fuselage combination (unpublished data). Figure 17 presents a
comparison of the experimental and theoretical location of the lateral

Ye
center of pressure 372, and the aerodynamic center n, to indicate

quantitatively the accuracy with which the root bending moments and the
margin of static stability of the wing can be predicted.

DISCUSSION

Limitations of experimental and theoretical comparison.- In the
analysis of the experimental results, the data have been compared
throughout the paper with linear theoretical calculations to indicate
the accuracy with which the wing characteristics can be estimated at
the present time. In interpreting this comparison, it must be fully
appreciated that the application of theoretical calculations for an
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igolated wing to the wing of a complete model entails fundamental
assumptions in addition to those inherent in the linear theory. The
combined effect of these additional approximations, the neglecting of
the fuselage flow field together with the nose cone and canopy shocks,
will in part be evident. Another, and perhaps more important, limita-
tion on the theoretical-experimental comparison involves the shock-
detachment phenomenon. For the present combination of Mach number,
sweep angle, and leading-edge angle of the airfoil section, the shock
wave at the wing leading edge is detached for all angles of attack
including the 0° condition. Thus, though the leading edge is supersonic
in the usual s~nse (the ratio of the cotangent of the sweep angle to the
tangent of the Mach angle is l.3h), this detached shock leads to a small
region of subsonic flow in the immediate vicinity of the leading edge,

a phenomenon which will be apparent in the data and which violates a
fundamental assumption of the linear theory. Thus the comparison of the
present paper will provide some additional information on the practical
importance of this latter limitation.

Section Pressure Characteristics

Shock-detachment phenomena.- The pressure data (figs. 5 and 6)

immediately reflect the influence of the detached shock wave in the :
vicinity of the leading edge. The pressure peak at the nose of the

airfoil is particularly evident for stations 0.186 and 0.436 at 5° angle

of attack and for stations 0.686 and 0.937 at 3° angle of attack or ¢
higher. This pressure peak is characteristic of flow around sharp

corners at subsonic speeds and would not occur if the leading-edge shock

waves were attached. This phenomenon has been previously reported in

reference 11 for sharp-nose airfoils at high subsonic speeds. The

gradual compression shown behind this peak at all the stations indfcates

a very small separated region followed by an oblique shock (reference 11).

Even at the highest angles of attack where the angle of attack is larger

than the half-angle of the leading edge of the airfoil, the significant

effects of the subsonic flow region on the leading edge of the upper

surface can be seen, particularly for station 0.186,

Wing-body interference.- The effect of the presence of the body on
the wing pressure data can be seen clearly for zero angle of attack from
figure 8. These data show that, for the root section, the upper-surface
pressures are more positive than the lower-surface pressures; this effect
diminishes fairly rapidly outboard. Attempts to predict the magnitude
of the discrepancy between the upper- and lower-surface pressure distri-
butions by superposing the fuselage flow field on the wing field were
inadequate, principally because of the mixed nature of the flow in this
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vicinity of the wing. A similar effect of the body on the wing can be
observed at angles of attack (fig. 5) by noting that the angle of attack
for the leading-edge pressure peaks is lower at the outboard statioms.

It should be noted that the primary body interference effect upon
the flow over the wing for this configuration is restricted to gradual
changes rather than the discrete and finite disturbances which might
have been anticipated. From an examination of unpublished schlieren
photographs taken at a Mach number of 1.55 in the Langley 9-inch
supersonic tunnel during tests of a small-scale model of the same con-
figuration (reference 12), it is clearly evident that the shock wave
from the nose and canopies did not cross the wing to produce any dis-
continuous disturbances up to angles of attack of 5°(the limit of tests
in reference 12). Since there are no unexpected regions of rapidly
increasing pressure at the higher angles of attack, it is quite probable
that the wing was clear of the nose and canopy shock for the complete
range of angles of attack of the investigation.

The extremely rapid increase in pressure indicated by the last
orifice on station 0.186 (fig. 5) and, to a lesser extent, on station A
(fig. 6) appears to be caused by a fuselage interference effect.

Separation effects.- The experimental data for zero angle of attack
(fig. 8) show surprisingly good agreement with the theoretical calcula-
tions for the inboard station, 0.186, with progressively poorer agreement
outboard. Since the effects of the fuselage diminigh fairly rapidly
outboard, the discrepancies in the outboard region must result mainly
from the approximations of the linear wing theory. Hence, the better
agreement inboard may be taken as indicative of the fact that the mutual
wing-fuselage interference effects occurring inboard appear to compensate,
in part, in the present application for the approximations in the wing
theory.

The data of figure 8 also show, for zero angle of attack, a pro-
gressive build-up of laminar separation from about the rear 15 percent
of the chord at the root to about the rear 30 percent of the chord at
the tip. This separation occurs in spite of an apparent favorable chord-
wise pressure gradient upon the boundary layer. However, the effect of
the rapid increase in pressure caused by the shock wave at the wing
trailing edge is transmitted upstream through the boundary layer and
induces separation. This trailing-edge-separation phenomenon occurs for
all angles of attack (figs. 5 and 6). It exists on the upper surface to
a small degree for negative angles of attack, and increases progressively
as the angle of attack is increased (trailing-edge shock is increased).
The reverse occurrence, as would be expected, exists for the lower surface.
This phenomenon of boundary-layer separation induced by the trailing-edge
shock has been noted many times previously and is discussed, for example,
in reference 13. The greater extent of the separation at the outer
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stations is attributed to the spanwise flow which increases the boundary-
layer thickness at the outboard stations. At the highest angles of
attack there appear to be large regions of essentially zero pressure
change with chordwise position. Theoretically, however, there is a
continually decreasing chordwise pressure except in the immediate
vicinity of the Mach line (for example, about 25 percent of the chord
at station 0.436). Hence, these regions of no pressure change seem to
indicate completely separated flow. In considering this problem, it
should be noted that the linear theory, when applied even to estimate
the pressures at these high angles, predicts that a vacuum (P = -0.565)
exists at the trailing edge of station 0.436 for an angle of attack

of 130. Hence an absolute physical limit to the theory is reached at
this point; a more realistic 1limit, however, occurs at a much lower
angle of attack.

Lifting pressures.- The experimental lifting-pressure data of
figure 9 indicate, in general, that the expansion surface produces
slightly more 1lift than the compression surface. This effect appears
to be directly related to the subsonic nature of the flow at the
immediate vicinity of the leading edge and the associated pressure
peaks. TIn this figure, as in figure 8, the root section again appears
to give the best agreement with theory. Because of the detached shock
coupled with the interference and viscous effects, the large pressure
variations in the vicinity of the root and tip Mach lines are not present.
Insofar as the tip section is concerned, the effects of the detached
shock at the leading edge, together with laminar boundary-layer separation
farther rearward, completely dominate the flow field. From an over-all
examination of the data of figure 9 some idea of the degree of non-
linearity of the problem of computing the flow over comparable wing
installations having similar flow fields can be gained. If the lowest
angles (~2P1%s 39) are neglected because of the limitations on the
precision of the surface lifting pressures in this range, there appear
to be only small regions for which the flow varies linearly with angle
of attack. At the leading- and trailing-edge portions of the chord,
subgonic flow and viscous effects, respectively, appear to invalidate
any linear considerations of the problem.

Section Characteristics

From a general consideration of the effects of the leading-edge
subgonic region and the laminar separation at the rear and outboard
stations, as shown in figures 5, 6, and 9, it would be expected that
the section drag would be reduced and the pitching moment would become
less stable than predicted theoretically. The section lift would be
expected to decrease if the loss in 1lift resulting from the separation
phenomena outweighs the effects of the pressure peaks caused by the
detached flow at the leading edge. Of course, these considerations are
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necessarily limited by the fact that only linear considerations were
used to obtain the theoretical curves. In general, figure 10 verifies
these trends in the section characteristics; the lower 1lift coefficients
for the four stations indicate the predominance of the boundary-layer
separation as compared to the leading-edge subsonic flow region. Both
the section drag coefficients and the stability (as indicated by the
slope of the pitching-moment-coefficient curve) are less than predicted
in all cases. It can also be seen that the chord-force coefficient is
less than the theoretical value due to the laminar separation but that
the coefficient is relatively constant, as predicted. In general, the
section drag coefficients (fig. 10) for stations 0.436, 0.686, and 0.937
indicate reasonably close agreement with each other. The drag coeffi-
cients for station 0.186, however, are lower for the same angle of
attack. This is probably, in part, a result of interference of the
fuselage on the wing. If the drags for the individual stations are
compared on the basis of the same 1ift, the agreement between the inboard
station and the outboard stations is improved, indicating that the
interference effect is primarily a downwash caused by the fuselage. In
addition, since the minimum drag coefficients at the inboard stations
are less than those of the outboard stations, there may also be a slight
horizontal bouyancy effect of the pressure field of the body on the root
sections.

Spanwise Characteristics

The experimental span-load curves of figure 11 reflect the same
overestimation of the 1lift that was indicated in figure 10. In addition,
the experimental center of pressure of the normal forces is farther
inboard than predicted by theory by approximately 4 percent of the wing
semispan as shown in figure 17. From structural considerations, this
latter effect will result in too conservative an estimate of the wing
bending moments.

Both the pitching-moment-coefficient and the pitching-moment-
parameter curves presented in figure 13 indicate the inadequacy of the
theory for predicting either the pitching moment on the wing or the
wing twisting moment for structural purposes. The linear theory predicts

too negative a pitching-moment coefficient throughout the wing semispan.

On the other hand, the theoretical pitching-moment parameter, which
determines the over-all wing pitching moment, is too negative for
approximately the outboard two-thirds of the wing semispan and agrees
relatively well for the remainder of the wing. This inboard agreement,
however, is coincidental since it results from compensating discrepancies
in both the magnitude (fig. 11) and location (fig. 14) of the section
normal forces in this region.
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In addition to affecting the pitching moments, the fact that the
experimental centers of pressure are forward of the theoretical locations
(fig. 14) will have a slight effect on the downwash. On the basis of
the theory of reference 14, it is estimated that this effect will be
small, amounting to an overestimation of the downwash by about 4 percent
for the present configuration.

Over-All Wing Characteristics

In comparing the over-all wing lift and drag coefficients,
figure 15, it can be seen that both the wing lift and drag are lower
than the theoretical values. The experimental lift-curve slope is
about 0.044 as compared to a theoretical value of 0.053. This reduction
in 1ift is believed to be primarily an effect of the laminar separation
from the rear and the outboard part of the wing. The minimum drag coef-
ficient is about 0.023 compared to a theoretical value of 0.030; the
comparison in both cases is based on pressure drag. The experimental
drag-rise factor ACD/ACL2 is approximately 0.366 (based on Cj, values

of -0.016 and 0.3), compared to 0.329 (the reciprocal of the theoretical
lift-curve slope) as given by theory. This indicates a higher rate of
increase of drag with lift coefficient than predicted by theory. If

the experimental lift-curve slope were used in estimating the drag-rise
factor, then the value would be 0.397. This indicates that the actual
drag-rise factor is slightly more favorable than the value obtained from
superposition with the assumption that the chord force is independent

of the angle of attack. In comparing experimental and theoretical drag-
rise factors, it should be noted that the experimental value depends
significantly upon the two 1ift coefficients used since the experimental
drag curve is not a true parabola as assumed.

The pitching-moment comparison of figure 15 for the complete wing
clearly indicates the overestimation of the pitching moment that was
foreshadowed in figure 13. As previously noted, this discrepancy results
primarily from the inability to predict the flow over the outboard two-
thirds of the wing semispan because of the large amounts of separated
flow in this vicinity. In general, the magnitude of the pitching-moment
coefficient is fairly large, resulting in a high static margin of
stability, as can be seen from the aerodynamic-center location (Fig. 17).1
These high values of the stability of the wing have resulted in a
limitation of the trim 1lift coefficient of the complete configuration
(unpublished data) to a value of 0.35.

lFor this consideration, the center of gravity has been agsumed to
be located at 25 percent of the mean aerodynamic chord to satisfy low-
speed stability requirements.
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The general comparison of the 1ift and drag has indicated experi-
mental values less than theoretical values for a given angle of attack.
Hence a comparison of these coefficients on the basis of equal 1ift
would show much better agreement. This is essentially the result shown
in figure 16 where the agreement between the experimental and theoretical
lift-drag ratios is quite good. The maximum L/D of 5.3 obtained
experimentally and 5.1 obtained theoretically serve to indicate the low
lift-drag ratios which will result for the complete configuration. Even
these values are somewhat idealized since they represent wing-alone
characteristics with the effects of skin friction neglected. To illus-
trate this point, force characteristics obtained from as yet unpublished
data for the complete model and for the wing and body are presented to
show the results to be expected from more complete configurations of
this model. The difference between the experimental wing and wing-body
lift-drag ratios represents a difference in drag coefficient of approxi-
mately 0.019 in the range of low 1lift coefficients. This value of 0.019
must therefore account for the body and part of the wing-body interference
drag together with the skin-friction drag of the wing. ©Since the body
drag alone was approximately 0.013, it appears that the skin-friction
drag of the wing is low, tending to substantiate the assumption that the
flow in the boundary layer over the wing is almost completely laminar.
It appears, therefore, that the low maximum lift-drag ratios are pri-
marily associated with a combination of thick wing sectiomns (8 percent
in the streamwise direction) and inadequate sweep for this Mach number.

Yrom the viewpoint of improving the maximum lift-drag racio, if
maximum lift-drag ratio is of primary interest at this Mach number, the
principal opportunity appears to be in increasing the sweep angle to a
value of about 65° with corresponding reductions in section thicknesses
consistent with structural limitations. (See references 15 and 16.) It
also appears that in order to minimize the adverse spanwise flow effects
which might seriously hamper and reduce the lateral control effectiveness,
the use of a cambered wing would materislly improve the flow.

CONCLUDING REMARKS

A pressure-distribution investigation of the wing (in the presence
of the fuselage) of a complete supersonic aircraft configuration has
been conducted in the Langley 4- by L-foot supersonic tunnel at a Mach
number of 1.59 and a Reynolds number of 0.575 X lO6 based on the mean
aerodynamic chord. The wing was swept back 40° and had an aspect ratio
of 4, a taper ratio of 0.5, and 1l0-percent-thick circular-arc sections
perpendicular to the quarter-chord line. For the Mach number of the
present investigation, the wing had both supersonic leading and trailing
edges; the leading edge, however, had a detached shock wave throughout
the angle-of-attack range.
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The experimental 1ift and drag coefficients were less than those
predicted by linear*theory. The discrepancies resulted principally from
the existence of large regions of separated flow at the rear and at the
outboard stations of the wing and in part from the presence of a detached
leading-edge shock which is neglected in the linear theory. In addition,
there was a pronounced interference effect of the fuselage on the wing
at the inboard stations but this effect diminished fairly rapidly
outboard.

The maximum lift-drag ratio of 5.3 obtained experimentally agreed
very well with the theoretical value of 5.1. This agreement, however,
was materially aided by compensating discrepancies in both the 1ift and
drag coefficients. The pitching moment was considerably less stable
than predicted by theory primarily as a result of the separation over
the outboard region of the wing. This separation phenomenon appears to
be of primary concern for uncambered and untwisted swept wings, such
as the wing of the present investigation, where the spanwise gradients
and their effects on the boundary layer are large.

Langley Aeronautical Laboratory
National Advisory Committee for Aeronautics
Langley Air Force Base, Va.
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TABLE I.-~ PRESSURE-COEFFICIENT DATA FOR

FOUR STREAMWISE STATIONS

(a) i%ﬁ = 0.186

Percent chord

Pressure coefficient, P, for angle of attack of -

upper
surface -0 0° 1° 30 50 T° g 112 30
1.020 0.508 0.411 0.3% 0.166 -0.023 -0.205 -0.301 -0.326 -0.375
2.549 .4o3 .321 .282 .139 .034 -.132 =242 -.299 -.367
k.97 .34 27T .24 L1k .036 -.085 -.200 =271 -.3%
[Te52L .283 .222 : .200 .098 .026 -.068 =:18p =.256 -.318
9.943 .259 .201 .178 .088 .020 -.054 -.165 -.23k -.300
11.727 2h2 A7 .167 .076 .010 -.053 =153 -.216 -.290
13.512 .213 150 .128 .059 ~.003 -.065 -.153 -.191 i
19.885 «135 .090 .055 .00k ~.0k7 -.103 -.151 -.202 -.257
25.876 .085 .0k1 .007 -.0k47 ~.096 -.150 -.194 -.22h =277
ko.790 .015 -.009 -.050 -.111 ~.1k49 -+195 -.240 -.260 -.310
50.988 -.018 -.043 -.07T -.131 -.175 -.212 -.252 =0T -.322
60.293 -.0l43 -.051 -.091 -.148 ~< 175 -.220 =277 -.269 -.31k
72.020 -.102 -.101 -.136 -.189 -~.210 -.248 =277 -.281 -.32k
82.473 =142 -.136 =171 -.221 ~.230 -.269 -.291 -.293 -.328
89. 48k -.169 -.128 -.151 -.199 ~.200 -.265 -.299 -.293 -.328
97.132 =171 -.120 -1k -.184 -.198 -.24h -.223 -.212 =.251
Percent chord
lower
surface
2.040 0.071 0.201 0.243 0.327 0.399 0.461 .51 0.571 0.614
6.119 .069 155 T4 .2k . .298 .353 Lok 457 .509
11.090 .032 .105 116 Tk .223 275 .331 .390 R
18.228 .001 .068 .079 .131 .176 .230 .28k >33 .383
23.072 -.01k <051 .059 .106 <152 .198 247 .297 .346
29.955 -.145 .016 .018 .065 07 Y .148 .193 <252 s 32l
46,526 -.088 -.0k -.0kL -.006 .03k4 .079 A2 .183 .2l
55.959 -.125 =.057 -.06k -.029 .014 .058 .107 .156 .205
66.794 -.146 -.082 -.089 -.0k9 ~.011 .026 .070 <218 .16k
76.864 -.175 -.112 -.122 -.090 ~.058 -.023 .016 .063 .102
84,895 -.204 -.1l -.151 -.125 ~.092 -.060 =025 .020 .059
91.396 -.169 -.136 -.159 -.146 ~. 11k -.089 -.050 -.008 .030
97.387 ~.179 -.128 -.157 -.172 ~.1k49 i -.075 -.0k -.002
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TABLE I.- PRESSURE-COEFFICIENT DATA FOR

FOUR STREAMWISE STATIONS - CONTINUED

(v) 5$§ = 0.436

02

Percent chord
upper

Pressure coefficient, P, for angle of attack of -

(]

(o)

TVILINHATANOD

surface 22 0° il 3 5 7 9 11 13
5.477 0.376 0.290 0.243 0.131 -0.040 -0.160 -0.256 -0.283 =0.350
20.429 <213 155 .128 061 .003 -.109 -.198 -.2k -+310
26.351 gt .101 .07 .01k -.032 =117 =207 -.252 -<31N
30.348 .102 oko .028 -.058 -.087 -.146 -.223 -.269 -.322
33.309 .073 -.016 -.001 -.103 ~.123 -.173 -.231 -.279 -.328
40.266 .027 -.047 -.0Lk -.137 58 -.197 -.2L8 -.293 -.338
46.780 -.010 -.055 -.0T7 -.158 ~.165 -.212 -.26k4 -.289 -.350
51.369 -.03k4 -.097 -.085 -.195 -.203 -.248 -.264 -.305 -.346
60.992 -.076 -.097 -.128 -.213 -.203 -.261 -.285 -.297 -.362
67.358 -.092 -.143 -.132 -+23k ~237 -.285 =«291 =297 -.350
77.276 -.138 -1k =177 =215 ~+235 -.273 -.310 =297 ~.35M
85.270 =179 -.159 -.183 =+213 sl -.261 -.293 -.273 =.350
90.007 -.200 -.130 -.165 -.217 ~20L =%238 -.272 -.27T1 -.334
97.557 -.208 =.151 -.268 -.326
Percent chord
lower
surface
3.593 0.153 0.296 0.340 0.413 0.482 0.545 0.601 0.652 0.699
T.254 .139 .230 .266 <335 o2 467 2525 579 .632
11.695 .096 .184 221 .282 3h7 ko6 161 .516 565
34,493 -.051 .026 038 .073 , 195 73 226 .276 L334
42,783 -.092 -.01k -.003 .023 Koy 118 Silyal .223 .282
48,409 =117 -.045 -.03k4 -.008 .0ko .083 .136 .195 245
55.366 -.146 -.070 -.066 -.045 .001 N .09k 154 .201
63.360 =177 -.101 -.099 ~.076 -.03k4 .005 .061 L1k 156
T1.799 -.208 -.128 -.128 -.119 -.070 -.032 .016 .065 .105
86.751 -.224 -.155 -.185 -.18% =.133 -.101 -.066 -.023 .016
92.228 =2208 -.136 -.165 =201 =152 -.128 -.093 -.0k9 -.016
96.817 -.200 -.134 ~.15T -.213 -.172 -.156 -.120 -.080 -.046
LS L ¥
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TABLE I.- PRESSURE-COEFFICIENT DATA FOR

FOUR STREAMWISE STATIONS - CONTINUED

(c) Wyﬁ = 0.686

Percent chord

Pressure coefficient, P, for angle of attack of -

upper
surface 20 0° 10 30 50 7° 90 110 130
2.476 0.488 0.390 0.286 0.016 -0.151 -0.259 -0.295 -0.328 -0.387
L. 775 k2o .319 .262 112 -.096 =207 -.233 -.317 -.383
10.080 .337 .265 221 114 -.037 -.150 -.217 -.265 -.330
20.159 .230 167 «185 .061 -.037 -.1h0 -.227 =254 -.318
33.245 o112 .065 .038 -.027 -.072 -.167 -.260 -.252 -.302
39.965 .05k .013 =40L7 -.076 -.108 -.205 =277 -.281 -.33k
46.508 .013 -.020 -.050 -.111 -.135 -.214 -.289 -.287 -.336
50.928 -<01% -.0k47 -.077 -.133 =157 -.232 -.293 -.289 -.348
55.880 -.03k -.059 -.087 -.156 -.167 =227 -.318 -.297 -.34
66.844 -.09k =113 -o1hh =20k -.212 -.269 -.299 -.307 -.338
72.325 -.123 -.122 -.155 =227 -.218 -e257 -.291 -.289 -.324
79.929 -.162 -.170 -.190 -.260 -.216 -.2k2 -.285 -.293 -.326
8L,881 =187 -.1h47 -.155 -+258 -.198 -.236 -.281 -.283 -.322
90.186 -.20k -.122 -.1%0 -.236 -.190 -.234 -.281 -277 -.310
97.259 -.181 -.126 -.1l2 -.219 -.194 -.228 -.271 -.314
Percent chord
lower
surface
2.476 0.166 0.315 0.377 0.473 0.550 0.609 0.661 0.709 0.748
T.k27 .135 246 .291 .366 e 493 +550 .536 .648
11.848 .116 .207 .23 <311 .379 410 182 L8h .58k
16,446 .09k .190 .213 .262 .330 .380 o6 .351 .533
30.062 .003 .068 .092 .137 .198 .2k9 .296 .305 .4o3
36.428 -.03k4 .030 048 .09k 154 .200 2h7 .256 «355
k2,971 -.072 -.001 .012 045 .109 .153 2197 .219 .308
148,806 -.101 -.039 -.021 .012 .070 216 .160 .191 .265
53.581 =121 -.045 -.038 -4017 .046 .085 31 .158 .235
58.179 -.146 -.078 -.071 -.043 .01k 05k .098 .120 .203
63.837 —< 1T ~.103 =3097 -.076 -.019 .022 .063 .087 .168
69.850 -.198 -.13k -.128 ~.107 -.051 -.013 .030 LOlh .130
76.923 -.21h =15 -.1k9 -1k -.08L4 -.052 -.005 -.012 .087
87.533 -.181 -.143 =175 -.189 -.129 -.101 -.060 -.037 .02k
93.015 -.179 -.13k4 -.159 ~+205 -.1k7 -.122 -.083 -.082 -.016
97.436 -.179 -.136 -.153 -.225 -.177 -.156 -.126 -.055
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TABLE I.- PRESSURE-COEFFICIENT DATA FOR

FOUR STREAMWISE STATIONS - CONCLUDED

(a) g5 = 0.937

Percent chord

Pressure coefficient, P, for angle of attack of -

upper
surface =00 02 12 32 50 7o 92 11° 132
2.420 0.506 0.382 0.299 -0.002 =0.171 -0.269 -0.343 -0.348 -0. ko7
9.901 .345 .265 .217 .102 -.068 -.169 -.248 -.323 -.350
13.641 .296 .219 .176 .086 -.064 =164 -.2ko 2T -.3k2
20.242 .23k Noy¢ .0kl <057, -.043 =.1h2 =2002 -.224 -.283
30.363 .122 Noye .oko -.010 -.092 =171 -.2k0 =223 -.330
33.223 .089 .032 .005 -.025 -.088 -.167 —L2oT -.250 -.308
36. 744 .052 011 ~.013 -.045 0] o9 -.2ko -.263 -.319
4o, 264 .023 -.030 =.052 -.066 -,112 -.183 -.240 -.263 -.316
46.865 -.016 -.109 =13k -.098 -.139 -.201 -.24k - 27T, -.318
67.327 -.123 -.138 -.161 -.182 -.192 -.254 =297, -.299 -.3k2
T7.228 -.171 -.126 -.1ke -.223 -.216 -.273 -.318 -.309 -.350
85.369 -.198 ~:118 —%130 -2k -.218 =275 —a22 -.313 -.356
92.629 -.179 -.136 =.201 -.198 -.2k2 -.318 -.291 -+350
98.350 -.162 -.190 -.291 -.3k2
Percent chord
lower
surface
2.860 0.106 0.313 0.375 0.468 0.538 0.594 0.638 0.687 0.727
T.701 1o .29k L334 .399 RYE D25 573 .622 .665
12.321 135 .232 .268 .336 .bo2 Jb55 .502 =551 .60k
16.722 .110 .190 .225 .286 <353 .Lo6 153 .508 557
23,322 .069 .1ko .167 .219 .282 .332 .381 135 L8k
28.383 02T .095 G112 .157 Szl 267 <313 .370 .3
31.903 .007 .070 .085 .119 .180 226 272 .327 .371
35. 424 -.018 .032 .0k6 .078 <135 .181 222 .278 .322
38.504 -.03% .024 .032 .053 .109 150 .193 248 .290
43,564 -.059 -.012 -.005 .012 .06k .101 L4 .195 .233
49.505 -.080 -.030 -.034 -.025 .020 .05k .092 k2 .180
56.326 -.123 -.076 -.0T1 -.068 =.025 .005 .0kl .089 .12k
64,466 -.154 -.08k4 -.093 -.107 -.064 -.048 ~.013 .03k .065
88.009 -.167 -.118 -.1hk -.209 =.171 S -.143 -.10k -.079
93.729 -.165 ~.113 -.134 -+221 =.185 -.183 =165 -.126 =.105
98.350 -.162 -.126 -.1k2 -.201 -.198 -.220 -.215 -.181 -.168
« L 2

2c
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TABLE II.- PRESSURE-COEFFICIENT DATA

FOR TWO OBLIQUE STATIONS

(a) Station A

Percent chord
upper

Pressure coefficient, P, for angle of attack of -

TV LINAQT INOD

surface -p0 0° 1© 30 50 70 90 110 130
2.273 0.451 03T 0.295 0.102 -0 1OL -0.226 -0.295 -0.303 -0.35k4
8.902 327 .263 .196 BNl =039 el S ~.285 -.346

29.545 .104 .072 .026 - 025 -.080 —. 169 Szl 2T a0

36.364 .048 .018 ~%025 -.072 -.128 —2189 — 260 ~, 291 - 34k

63.068 =109 Sl ~.159 =, 211 = 2h5 =5 elel — 210 ~.334 — 265

80.114 =75 ~ sk ~.188 -.24) = =302 -.328 < 2B -.369

93.939 -.212 =1L = G -:193 =226 ~.246 L el =258 = ol

Percent chord
lower

surface
4, 356 0.160 0.28L 0.321 0.417 0.481 0.541 0.597 0.648 0.693

OO <071 .099 .108 .164 .209 .263 .313 .370 423

46.591 i 1081 T -.086 -,093 -.00k4 <050 .081 STLEHT SO 2Ly

56.250 =it <z — Gl 206k =1023 .018 .070 .126 172

73.295 —. 216 — bl =.188 = akin -.096 -.056 =013 .032 <05

87.879 «,191 —eilse S5 =560 — i — 135 — O =:083 002

96.402 =, 18T -.2ko el -.156 =.120 -.082 —olz

t\:—/—\'—"M
= MAS&,/
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TABLE II.- PRESSURE-COEFFICIENT DATA FOR TWO

OBLIQUE STATIONS - CONCLUDED

(b) Station B

fic

TVIINAITIANOD

Percent chord Pressure coefficient, P, for angle of attack of =

upper

surface ap® o° 1 cia B it 9° a5 13°
12.077 0.306 0.246 0.190 0.116 -0.064 -0.162 -0.240 =0vRbils -0.34k
23,188 176 L134 .087 .02k -.084 =D -.2ko -, 281 -.336
36.473 075 ol iy .001 -.053 =125 =205 -.266 4,265 -.338
47.101 .003 -.01k =058 ~:169 =153 ~.236 =291 = 30T =356
63.043 -.088 =y ORI el o 28 -2 18k =321l ~. 260 =303 Seioy ER3s2
Tl Sl =13k =D L5255 ol - 252 =285 -.293 =i382
82.609 Sqilisy =153 -.163 -.266 = 0Bl ~. 248 5285 20297 -.336
9k.203 =, 190 e -.168 =255 - 227 S =292 sl Sel8

Percent chord

lower

surface

i1l Ol D33 0.409 0.503 05 5576) 0.626 0.679 072l 0.761
8.937 .143 S <29 .350 2 LL68 s525 555 L2
14(e633 .079 T 150 .186 246 .303 L .13 463 518
5950 =L 012 OB .08Y4 . 135 .189 .239 .294 245 .397
56.522 =157 =107 -.086 -.04kk .002 .05 .093 .143 SIKeR
68.599 -.209 -.169 -.1k9 Stk =070 =031 JOLT .063 .108
80.193 ST, =197 ket =.165 <12k -.089 -.0k0 .002 .043
93.961 kg =159 ~SN6T =219 K184 25150 ey -.068 5027
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INCHES

Figure 1.- Pressure model of the supersonic aircraft configuration tested
in the Langley 4- by 4-foot supersonic tunnel.
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Figure 2.- Details of model of supersonic aircraft configuration. Dimen-
gions are in inches unless otherwise noted.
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Figure 3.- Schematic view of wing showing orifice stations and Mach lines.
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Figure U4.- Downstream view of test model mounted in the Langley k-
by U4-foot supersonic tunnel.
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Figure 5.- Variation of pressure distribution with angle of attack at four
streamwise stations. Flagged symbols denote lower surface. M = 1.59.
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Figure 6.- Variation of pressure distribution with angle of attack at two
oblique stations.
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Figure 7.- Variation of unit chordwise-force coefficient with angle of
attack at four streamwise stations. Flagged symbols denote lower
surface. M. .= 1.959.
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Figure 8.- Comparison of experimental and theoretical pressure distribu-
tion for zero angle of attack at four streamwise stations. Flagged

symbols denote lower surface.

M=1.59.
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streamwise stations. Flagged symbols denote lower surface. M = 1.59.
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