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SUMMARY 

An analysis  has been made t o  determine the  effects  of various tu- 
bojet  design and operating  variables as well  as  various combinations  of 
pertinent engine variables, o r  type of engine, on supersonic  fighter  or 
interceptor  airplane performance. To cover the extremes of probable 
cozdbat missions, two different  types of flight plan were considered; 

% one that involved  primarily climb, acceleration, and supersonic combat, 
I and a  second that  included 400 miles of cruise t o  combat  and 30 minutes 

.I combat Mach numbers of 1.8 and 1.35 were considered,  wlth  principal 
of hold or loiter time. A combat a l t i t ude  of 50,000 f e e t  was wed and 

emphasis on the Mach  number 1.8. 

The su i t ab i l i t y  o r  merit of the  various  engine  designs and the  
re la t ive  importance of the  different  engine  design  variables  are  evalu- 
ated by the  various  airplane performance parameters.  For  engines  pro- 
viding  adequate  take-off and climb characterist ics,  and with  fixed gross 
weight,  pay  load, and maneuverability  requirements,  the combat endurance 
affords a par t icu lar ly   c r i t i ca l   f igure  of merit. Engine designs  yield- 
ing  greatest combat endurance are  a lso capable of f u l f i l l i n g  a given 
combat mission  with  a minimum airplane gross weight. 

The engine  variables considerPd were compressor pressure  ratio,  
compressor efficiency,  turbine-inlet  temperature,  afterburner-outlet 
temperature,  engine  specific w e i g h t ,  air-handling  capacity,  type of  ex- 
haust  nozzle, and type of engine ins ta l la t ion   ( ins ta l led   in   nace l les  
o r  submerged in   the   fuse lage) .  With each  change i n  engine  variable, 
appropriate changes i n  the  airplane w e r e  made. The effects  of individ- 
ual  variations  in engine  variables were studied; and, in  addition, 
cer ta in   interrelated  effects ,  such as the  influenee  of  variations of 

ri compressor variables on combustor velocities,  are  considered. 
"- 

The resu l t s  show 
portant  engine-design 
generally encountered 

I 
generally  that engine  weight i s  an extremely im- 
variable. Component efficiencies over  the range 
in  present  designs have somewhat less effect  on 
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performance than engine w e i g h t .  The use  of a variable-area, convergent- 
divergent  exhaust  nozzle  rather  than a convergent  nozzle,  increases i n  
turbine-inlet  temperature, and increases i n  air-handling  capacity  pro- i 
duce large  gains  in performance. 

Engines harLng component performance typical of currently  available 
engines, that is, a turbine-inlet  temperature of 200O0 R, an air flow of 
27 pounds per second per  square foot of compressor-tip  area, and a peak 
compressor efficiency of  85 percent, had an optimum afterburner tempera- 
tu re  of 3500' R for  both  types  of  flight  plan  considered. Performance 
was generally  not  greatly  affected by compressor pressure  ratio. The 
insens i t iv i ty   to  compressor pressure  ratio was unaltered by changes i n  
turbine-inlet  temperature,  air-handling  capacity,  or  type of exhaust 
nozzle. 

For an engine with a turbine-inlet  temperature of 2500° R o r  
higher, an air-handling  capacity of 33 pounds or   mre   per  second per 
square  foot, and a variable-area,  convergent-divergent  exhaust  nozzle, 
an  afterburner may not be required. 

Approximately the  same type of  engine  provided m a x i m u m  combat 
endurance, o r  minimum airplane grosa weight,  whether Fnstalled  in 
nacelles  or submerged in  the  fuselage.   Similarly,   variations  in combat 
Mach  number from 1.35 t o  1.8 had only a small effect  on the type of 
engine  provfding best combat endurance. If engines  with advanced com- 
ponents a re  used, a combat endurance of 5 minutes may be realized for 
the  short-range,  or  local  defense, misaion  without  appreciable  cruise 
o r  l o i t e r   v i t h  an in i t ia l   a i rp lane  gross weight of 11,000 POWIdsj and 
fo r   t he  longer-range  mission, w i t h  400 miles of cruise  radius  plus  hold 
o r  l o i t e r  t i m e ,  with an i n i t i a l  gross weight of 20,000 pounds. 

INTRODUCTION 

With the advent of the  turbojet  engine, suff ic ient  power per  unit  
e x i n e   s i z e  became available  to permit  sustained  supersonic f l i gh t .  
Concurrent advancements i n  airframe  design have made supersonic f l i g h t  
a rea l i ty .  For the  potent ia l i t ies  of the turbojet engine t o  be f u l l y  
realized  for  supersonic  propulsion,  both  the  over-all engine  design and 
the  operating  conditions of i t s  components  must be  properly  selected 
for  the  particular  f l ight  conditions and propulsion  requirements. 

The high  degree of interdependence of engfne and airframe  charac- 
t e r i s t i c s   a t  supersonic flight speeds  precludes  adequate  determination 
of engine  design  factors  without  consideration of the aerodynamic char- 
ac te r i s t ics  of  the airplane  in which it i s  installed.  An analysis of 
aircraft  propulsion systems must therefore  be  properly and completely 
integrated  both with the characterist ics of the  airframe and with the 
particular  propulsion  requirements of the  f l ight  plan.  One generalized 

z 
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analysis of this type  covering a wide range of flight and engine  condi- 
t ions is given in  reference 1. The highly  generalized  nature of this 
work, however, while  enabling a wide range of conditions t o  be covered, 
prevents  dfrect  application of the   resu l t s  t o  specific  airplane  types 
and the  treatment of cer ta in   interrelated componerrt operating limits. 

An analysis has accordingly  been conducted at the  NACA Lewis lab- 
oratory to determine the effects  of various  engine.design and operating 
parameters  as w e l l  as various combinations of pertinent,  engine  variables 
on the  performance of supersonic a i r c ra f t  having various  specific flight 
plans and t a c t i c a l  missions. These airplanes  include  fighter or  in te r -  
ceptor  types  having  several  different  flight  plans  as w e l l  as long-range 
bombers. This report  presents the resu l t s  of the  portion of the analy- 
sis dealing  with  the  interceptor  airplanes. 

The most appropriate  mission f o r  these  airplanes from t ac t i ca l ,  
strategic,  and ecoTl0mic considerations is a matter of controversy and 
doubtless will vary  as  time and the  state of the art progress. For the 
present  investigation,  therefore, two different missions  covering a 
range  of cruise radii and clinib and maneuverability  capabilities have 
been  considered. These flight plans cover the extremes of probable 
conibat missions and the resul ts  of the analyses w i l l  therefore  bracket 
or  include  the  requirements of intermediate flight plans. A combat 
a l t i tude  of 50,000 f ee t  was used and combat Mach numbers of 1.8 and 1.35 
were considered, with principal emphasis on the  Mach  number 1.8. 

Representative  airplane  configurations were selected and the  effect  
on the  airplane performance of individual  variations of the  principal 
engine-design  variables was computed. The sui tabi l i ty   or   meri t  of  the 
various  engine  designs and the   re la t ive  importance of the  different 
engine  design  variables i s  judged  by the various  airplane performance 
parameters, such 88 take-off  distance, time t o  combat,  and  combat 
endurance. For  engines  providing  adequate take-off and  climb  charac- 
t e r i s t i c s  and with fixed pay load and maneuverability  requirements, 
the conibat endurance affords a pa r t i cu la r ly   c r i t i ca l   f i gu re  of m e r i t ;  
conversely,  engine  designs that provide a m a i i m u m  combat endurance for  
a given  airplane gross weight are  also  capable of f u l f i l l i n g  a specified 
combat mission  with an airplane of m i n i m u m  gross w e i g h t .  

"Qe engine-deeign variables  considered-were compressor pressure 
r a t io ,  compressor efficiency,  turbine-inlet  temperature,  afterburner- 
out le t  temperature,  engine specific w e i g h t ,  and engine-air-handling 
capacity. Engines  equipped with convergent and convergent-divergent 
exhaust  nozzles  were.investigated. With each change tn engine  design 
variable,  appropriate changes i n  the airframe w e r e  made, although  with 
few exceptions  the  general  configuration remained the same. These ex- 
ceptions  included  investigations  into the effects  of nacelle or sub- 
merged instal la t ions.  
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ANALYSIS 

Two basic flight plans,   differing  principally  in the amount of sub- 
sonic flight, were considered. The first of these flight plans did not 
include  subsonic  cruise,  loiter,  or  hold  provisions,  but w a s  confined 
primarily  to  take-off,  climb, acceleration, and supersonic combat. This 
mission is considered t o  be the extreme example of  defense of localized 
areas from closely  associated  bases. The second mission  included sub- 
sonic  cruise  or  loiter  together with appropriate  hold and reserve  pro- 
visions and is considered  representative of the  flight plan of a 
f i g h k e r  or  interceptor  having  the range capabilities  necessasy  to defend 
the perimeter  of a large area from  widely separated  bases. 

N EI) 

Ln cu 

For the first type of mission, combat Mach numbers of 1.8 and 1.35 
were considered. The flight plans for   the  two  combat  Mach  numbers were 
similar and are i l l u s t r a t e d   i n  figure 1. The flight was aseumed to occur 
i n  the following sequence: 

(a) The airplane made a ground run  unt i l  i t s  speed was 1.2 times 
the  stall speed, at which speed  take-off was accomplished. The airplane 
continued to   accelerate   a t  sea leve l   un t i l  it reached a Mach  number of 
0.8. # 

(b) A t  a constant Mach  number of 0.8 the airplane climbed t o  
35,000 f ee t .  

(c)  A second period of acceleration at constant  altitude of  35,000 
f e e t  brought the fighter t o  design flight speed. 

(d) The climb t o  combat condition,  altitude of 50,000 feet, was 
made at  the  design Mach number. 

(e)  Consistent with the probable  requirement of high rate of climb 
and maneuverability fo r  a local  defense  interceptor,  sufficient power 
was installed i n  the airplane  to  permit a 2g turn at the combat condi- 
t i on  without loss of speed or   a l t i tude.  When the combat a l t i tude  had 
been  reached the  plane went into a 2g maneuver. The t u r n  radius at 
50,000 feet i n  a 2g maneuver at a constant flight Mach  number of 1.8 
is 10.4 miles and at a constant  flight Mach  number of 1.35 is 5.8 miles. 
The engine thrust  was held  constant so that   these  radi i  decreased as the 
gross w e i g h t  of the -lane decreased  because of the  reduction  in 
&poss w e i g h t  due to   t he  consumption of fuel. The airplane was assumed 
t o  conibat u n t i l  i ts  f u e l  supply was exhausted.  Afterburning was used 
throughout t he   f l i gh t .  

The flight plan  for  the second type of mission is  shown in   f i gu re  
2, wherein a l t i tude  i s  shown as a function of distance.  Take-off, 
acceleration, and climb t o  35,000 f ee t  w e r e  the  same as for   the first 
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interceptor mission. A t  35,000 f ee t  and a flight Mach number of 0.9 the 
airplane  started a  Breguet cruise which covered 400 nautical  miles. A t  
the end of cruise,  acceleration  to  the combat Mach  number of 1.8 occurred 
followed  by climb to   t he  couibat a l t i tude  of 50,000 fee t .  In view of the 
Subsonic cruise  provisions and the reduced premium on very high r a t e  of 
climb f o r  this type of mission, the power loading w a ~  reduced f romthat  
of the  local  defense  airplane. Accordingly, this airplane was powered 
to  permit about  a 1.5g tu rn  at the combat condition  without 1068 of 
speed o r  a l t i tude.  The airplane was assumed t o  combat in a 1.5g t u rn   a t  
a , f l i g h t  Mach  number of 1.8 and an  alt i tude of 50,000 f ee t .  A t  the  
conclusion of combat, return t o  the  base  occurred  at  subsonic speed. 
Hold times of 15 minutes at 35,000 f e e t  and a flight Mach  number of 0.8 
and 15 minutes at sea  level at a flight Mach  number of 0.3 were included. 
Afterburning was used i n  climb, acceleration, and combat, but a l l  cruise 
and hold flight was with  the  afterburner  inoperative. 

Purplane  Configurations 

For all calculations  except  those in which the  effect  of gross 
weight was investigated,  the  airplane  take-off gross weight was assumed 
t o  be 40,000 pounds and the pay load (pilot ,   electronic equipment, and 
armament) was 3000 pounds. In an analysis of this type it is  possible 
t o  fix initial gross weight and compute endurance o r  couibat time, o r  t o  
fix combat t i m e  and compute i n i t i a l  gross weight. Both methods have 
some advantages. Im will be shown, however, the  effects  of variations 
i n   t h e  engine  pammeters and consequently the  result ing engine  designs 
for 'greatest combat endurance o r  minimum airplane gross weight aze 
nearly  the same. Because the assumption of constant i n i t i a l  gross 
weight is used pr inc ipa l ly   in   th i s   repor t ,   the   resu l t ing  combat times 
are i n  some cases  considerably  greater  than  required.  For  these  cases 
initial gross weight  could  be  reduced  (not in  direct   proportion, how- 
ever)   unt i l   the  conibat time was decreased to the required  value. I n  
t h i s  manner combat t i m e  becomes a measure of the  s ize  o r  initial gross 
weight of the  airplane as w e l l  as a measure of i ts  endurance. 

Representative airplane configurations were chosen fo r  each combat 
Mach nmiber. For the 1.8 Mach  number airplane a straight  tapered wing 
with mdif   ied hexagonal plan form and an aspeck r a t io  of 3 .O was used. 
The  wing thickness-chord r a t i o  was 0.045. The drag of the tail was 
assumed t o  be 20 percent of the zero lift wing drag. A structure t o  
gross weight r a t i o  of 0.3 was  assumed, consistent  with contemporazy 
fighter  design. The structural  w e i g h t  was defined as gross weight 
minus engine weight, pay load, and fue l  and f u e l  tank weights. "he 
fuel  tank weight was taken t o  be 0.1 of t he   fue l  weight. 

A tapered wing swept back 60' a t   t he  midchord and with a double- 
wedge section was  used on the  interceptor  designed  to conibat a t  a Mach 
number of 1.35. The wing had an  aspect r a t io  of 3.5 and a thickness- 
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chord r a t i o  of 0.05. The s t ruc tu ra l   t o  gross w e i g h t  r a t i o  w a s  increased 
t o  0.35 t o  account f o r  the additional w e i g h t  of the swept  wing. The t a i l  
surface  drag and fuel-tank w e i g h t  assumptions were the same as for   the . 
1.8 Mach number airplanes. 

L 

Two types of engine ins ta i la t ion  were considered,  nacelle and sub- 
merged. For the  nacelle  installation it was assumed that two engines 
were used; and fo r  the eubmerged installation, one engine w a s  used. 
For the nacelle instal la t ions the fuselage w a s  assumed t o  be a low-drag 
body with a length-diameter r a t i o  of 12 and a frontal  area of 13.3 
square  feet. The f ronta l  area w a s  chosen a8 approximately the minimum 
required  for  the  pilot ,  ermament, and radar equipment. The fuselage 
i n  all configurations was assumed t o  house most of the fuel .  

The englne  nacelles had a length-diameter r a t i o  of 9, and the 
f ronta l  area of the  nacelles was 1.3 times the   f ronta l  area of the 
engine. The area swept by the compressor t i p  and the nacelle  area were 
in'the  proportion 1:1.8, and the areas of  both the primary combustors 
and the  afterburner were enlarged t o  m a k e  the  area of a circle  enclosing 
these combustors 1.385 times the  area s w e p t  out by the compressor t i p .  

For those  configurations i n  which the power plant was  eubmerged i n  
the fuselage, the fuselage had t o  be enlarged to accommodate the engine 
as w e l l  as pilot ,   electronic equipment, armament, and most of  the  fuel .  
The  method of selection of fuselage  frontal  area i s  discussed i n  appen- 
dix B. (The symbols used i n  appendix B and elsewhere are  defined  in 
appendix A . )  This fuselage  frontal area, fo r  the s ize  of engines en- 
countered, af'forded the necessary  space fo r  engine and pay load with 
sufficient  clearance around the engine for  mounting  and cooling. The 
afterburner  area was increased t o  1.5 times the compressor t ip   area.  

The  wing loadings of the airplanes  for  the two different  interceptor 
missions were set in   d i f fe ren t  manners. For the first type of mission, 
t ha t  of a local  defense  interceptor,  the wing loading X&B selected by 
the procedure  described i n  appendix D so tha t   l i f t -d rag   r a t io s   i n   l eve l  
flight and i n  a 2g  maneuver were equal at the beginning of combat. 
T h i s  practice  ensured  adequate aerodynamic efficiency in both  level 
f l i gh t  and  maneuvers  and resul ted  in  wing loading8 ranging around 120 
pounds per square  foot.  For the second, o r  area defense  type of  f ighter,  
the optimum wing loadings for subsonic  cruise and supersonic combat are 
comiderably  different. A study of the effects  of wing loading w&s 
therefore made and as a resu l t  of this  study a fixed wing loading of 
100 pounds per  square  foot was found t o  be a good  compromise value and 
was used exclusively  for this airplane. 

Range of Engine Variables 

cu M 

m cu 

The thrust of the engines was fixed by the drag of the airplane 
during  the  required combat  maneuver at the  conibat condition. The 
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size,  weight, and f u e l  consumption of the engines were dependent, how- 
ever, upon the engine  design  variables. The effects  on airplane  per- 
formance of independently  varying the following engine  design  vmiables 
were computed: 

Compressor pressure  ratio at sea level,  zero ram . . . . . . .  3 t o  15 
Maximum compressor adiabatic  efficiency. . . . . . . . .  0.85 and 0.75 
Air f low per unit of compreseor f rontal  area (mea 

swept by compressor tip),  (lb/sec)/sq ft . . . . . . . . . .  18 t o  36 
aTurbine-inlet  temperature, % . . . . . . . . . . . . . .  2000 t o  3000 
Afterburner-outlet 

temperature, OR. . . . . . . . . .  turbine-outlet  temperature to 4000 
Engine specific weight, lb/sq f t  compressor 

frontal   area . . . . . . . . . . . . . . . . . . . . . . .  400 t o  800 
Exhaust-nozzle velocity  coefficient.  . . . . . . . . . . . .  1.0 t o  0.9 

The following  variables were held at the  given  constant  values: 

Primsry-combustor efficiency . . . . . . . . . . . . . . . . . .  0.95 
Rat io  of primary-conibustor total   pressure loss to 

i n l e t  total preseure . . . . . . . . . . . . . . . . . . . . .  0.05 
Ratio of primary-couibustor diameter to merburner  diameter. . .  1.00 
Ratio of inner  to  outer diameter of primary  couibustor. . . . . .  0.40 
Turbine  efficiency . . . . . . . . . . . . . . . . . . . . . . .  0.85 
Ratio of afterburner  friction  pressure drop to burner 

i n l e t  dynamic head . . . . . . . . . . . . . . . . . . . . . . .  2 
Afterburner combustion efficiency. . . . . . . . . . . . . . . . .  0.85 

For most of the  calculations,  use of 8 variable-area convergent 
exhaust nozzle was assumed. The effects  on performance of using 
convergent-divergent  nozzles with ei ther  a variable-area  throat and 
a fixed-outlet  area o r  with  completely  variable  throat and out le t  
geometry were also determined. The performance with  convergent- 
divergent  exhaust  nozzles was investigated assuming idea l  one-dimensional 
flow i n   t h e  nozzle and also under actual  experimentally determined f l o w  
conditions. 

The engine in le t   d i f fuser  was assumed t o  be of the  spike type  with 
a translating  spike.  The spike  position was varied  to  minimize additive 
drag i n   t h e  manner discussed i n  appendix C .  The subsonic  pressure re- 
covery was assumed t o  be 0.95 of t he  t o t a l  pressure  after  supersonic 
diffusion. 

%or turbine-inlet  temperatures of 2500' and 30000 R, respectively, 
2 and 5 percent of the engine air flow w e r e  assumed t o  be bled from the 
compressor discharge f o r  turbine  cooling. 
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It was assumed that the engines  operated at maximum indicated  engine T 

speed and turbine-inlet temperature and with a constant  afterburner- 
out le t  temperature throughout the climb, acceleration, and  combat portion 
of the flight plan. As the flight Mach  number and a l t i tude  varied 
along the flight path,  the  compressor-inlet  temperature and hence cor- 
rected  engine  speed  varied. &e var ia t ions  in  compressor efficiency 
and air flow  with  corrected  engine  speed  given i n  reference 2 and i n  
appendix C of this report were used to   ca lcu la te  engine  performance dur- 
ing  the flight. The compressor pressure  ratio also varied  with  corrected 
engine  speed or  flight condition and was conrputed from the  a i r  flow and 
turbine-inlet  temperature  with the assumption tha t  the turbine  nozzles 
were choked. Details of the  assumed component behavior are  given i n  ' 

appendix C.  

to 
N 
v)  
N 

From t h i s  analysis it w a s  possible  to determine the independent 
effect on airplane performance of each of  the  engine  design v a r i d l e s .  

RESULTS AND DISCUSSION 

A detailed  discussion of the  effect  of the independent variation 
af  engine  design  parameters on the  performance of both the local and 
area  defense  interceptors  designed t o  combat at a f l i g h t  Mach  number of 
1.8 fs first  presented. Any difference  in performance trends  with 
engine  parameters between the 1.8 and 1.35 Mach  number design  local 
defense  airplanes is then shown.  The principal  discussion  centers 
around the  airplanes with power plants mounted in  nacelles.  Small 
changes i n  engine  design  brought  about by  submerging the engine in   the  
fuselage are also  discussed.  Finally, the effect  of simultaneous changes 
o r  improvements i n  engine  design  variables,. that might be anticipated 
for  future engines, i s  discussed. 

Performance of Airplanes Designed f o r  Mach  Number of 1.8 

Effect of afterburner  temperature. - The first power-plant param- 
eter  investigated was the  afterburner  temperature.  Increasing  after- 
burner  temperature  with  other  engine  design  variables  held  constant 
increases  engine  thrust  per  unit  frontal  area and a t   t he  same time 
increases  specific  fuel consumption. The higher  the  afterburner tem-  
perature the smaller and lighter the engine  necessary t o  supply the 
thrus t   for  the airplane combat conditions. A double  advantage is  
thus  gained as afterburner  temperature is increased. The engine be- 
comes lighter, which permits  carrying more fuel; and the  engine becomes 
smaller, which reduces drag. The increased  fuel consumption, however, 
tends t o  counteract  these  advantages. 

The effect  on the performance of the local defense interceptor of 
changing the afterburner  temperature, and hence engine s i z e ,  i s  shown 
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quant i ta t ively  in   f igure 3 where three  airplane performance  pazameters, 
take-off  distance,  time  required to reach  the  design  point, and couibat 
time, are  plotted  against  afterburner  temperature. The other power- 
plant  parameters were fixed at the  following  values: 

Compressor pressure  ratio at sea  level,  zero rem . . . . . . . . . .  5 
Maximum compressor efficiency . . . . . . . . . . . . . . . . .  0.85 
Turbine-inlet  temper&ture, ?R . . . . . . . . . . . . . . . . .  2000 

pressor  frontal area) . . . . . . . . . . . . . . . . . . . . .  27 
Engine air-handling  capacity, lb/( sec)  (sq f t  com- 

B u s t  nozzle . . . . . . . .  variable-area convergent  without  losses 
Engine specific weight, lb/sq f t  (corresponang 

t o  a specLfic  weight at sea  level,  zero ram of 
0.448 lb/lb t h rus t  without  afterburning) . . . . . . . . . . . .  650 

In a l l  succeeding  discussion, the compressor pressure  ratio i s  given as 
the  value at sea-level, zero-ream conditions, and the  compressor effi- 
ciency is given 88 the d m u m  value. 

The take-off  distance and t i m e  required to  reach  design  point  both 
increase  as  the  afterburner  temperature i s  raised, as shown in figure 3. 
The maxLmum take-off  distance shown is  2250 f e e t  and the maximum time 
required t o  reach  design  point is almost 4 minutes. Both these  values 
are probably satisfactory f o r  the  type of interceptor  mission under con- 
sideration, and therefore  neither of these performance parameters limits 
the  afterburner  temperature  within  the range being  considered. 

The effect  of changing the  afterburner  temperature on the  take-off 
distance and the t i m e  required t o  reach  design  point,  both  quantities 
involving  portions of the flight plan i n  which the flight Mach number 
i s  less  than  the  design Mach nuxriber, can be  explained by  examining the 
effect  of Mach  number on the  thrust augmentation ratio  obtained from 
afterburning.  For a given  afterburner  temperature  the  thrust augmenta- 
tion  ratio  incresses  with  increasing Mach number. Further, the rate of 
increase of t h rus t  augmentation ratio w i t h  Mach  number increases  with 
elevated  efterburner  temperature. As a resu l t ,  i f  two engines are 
capable of delivering the same thrust at the  design Mach number, the 
one with the lower afterburner  temperature will have the  higher th rus t  
in the l o w  Mach  nuniber region of the flight plan and will give shorter 
take-off  distance and require less time t o  reach  the  design  point. 

The  combat time ( f ig .  3) increases  continuously, but at a decreas- 
ing rate, as  the  afterburner  temperature i s  r a i sed   apve  a minimum value 
of 24000 R. With an afterburner  temperature of 3500 R, about 11.1 
minutes of combat time are afforded.  Increasing the afterburner tem- 
perature an additional 50O0, or  t o  a  value of 40000 R, increases  the 
combat time  only 1.5 minutes. 
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The combat time, as previously mentioned, i s  intimately connected 
with  the gross w e i g h t  of the  airplane. The airplane under study had a 
gross w e i g h t  of 40,000 pounds and a conibat time  of 11.1 minutes. If' a 
combat time of only 5 minutes w e r e  desired,  the gross w e i g h t  could  be 
reduced t o  about 23,000 pounds$. 

The effect  of afterburner  temperature on the performance of  the 
interceptor when the  cruise and loiter  provisions are included i n  the 
f l igh t   p lan  i s  shown i n  figure 4 .  For these  calculations  the same val- 
ues of  engine  design  variables that were used for  the  local  defense 
airplane  in   f igure 3 were specified  except that the  rated compressor 
pressure  ratio was 7 .  The trends of take-off  distance,  time  to  design, 
and couibat time with e e r b u r n e r  temperature  are similar t o  those  for 
the local  defense  interceptor. Both take-off  distance and time t o  
design  axe, however, greater   for   the mea defense  airplane. Take-off 
distances up t o  3200 f e e t  and times t o  design as high as 7.5 minutes 
are obtained. For this airplane,  the time t o  design i s  defined as the 
t i m e  t o  reach  design  altitude and f l i gh t  speed if  the airplane  follows 
the local  defense flight plan. The increases in  these  values over  those 
f o r  the local  defense  airplanes  are  largely due t o   t he  reduced power 
loading  (discussed  in  the ANALYSIS section) of the area  defense air- 
plane. A take-off  distance of the order of 300Q f ee t  i s  probably  not 
excessive and time t o  design of 7 t o  7.5 minutes,  although  probably  not 
acceptable  for an airplane  involving  the  defense of a highly  localized 
region, i s  reasonable for an area  defense  airplane that involves a 
greater radius of action. The  combat time, shown i n  the lower curve of 
figure 4, reaches a maximum value at an afterburner temperature between 
3800° and 40000 R. A m a x i m u m  conibat time of 6.5 minutes, or about one- 
ha l f   tha t   for  the local  defense  interceptor, may be  obtained  for  the 
area defense  airplane. 

I n  general, a comparison of figures 3 and 4 shows that even though 
the magnitudes of the  airplane performance parameters differ   the   t rends 
of  performance are similar for   the two types  of  airplane and that the 
afterburner  temperatures  for maximum  combat t i m e  are about the same. 

Because the  increase  in combat time w i t h  an increase i n  afterburner 
temperature from 35000 t o  4000' R i s  small, and because the  afterburner 
cooling problem i s  greatly  intensified as the gas  temperature i s  in- 
creased  over the aforementioned  range, much of the remaining analysis 
has been computed fo r  an afterburner  temperature of 35000 R. This tem- 
perature i s  considered t o  be a good  compromise between the optimum  shown 
by the  analysis and practical  considerations. 

ETfect of compressor pressure  ratio and compressor efficiency  ( local 
defense  airplane). - m e   e f f e c t  of compressor pressure  ratio and  compres- 
sor efficiency on the  local  defense  airplane performance parameters i s  
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shown in   f igure  5. The variation of compressor efficiency and corrected 
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air f l o w  with engine speed is  assumed, i n  this analysis, to be  inde- 
pendent of rated compressor pressure  ratio  (see  f igs.  39 and 40). With 
a rated  pressure  ratio of 5, a maximum compressor efficiency of 0.85, 
and an afterburner  temperature of 350O0 R, the take-off  distance is  
2000 fee t ,  the time  required  to  reach  design  point is 3.6 minutes, and 
the combat time i s  11.1 minutes. A decrease i n  compressor efficiency 
decreases  the performance of the  airplane, with a reduction of 10 points 
i n  maximum compressor efficiency  reducing the combat t i m e  by about 10 
percent. These same trends  me  also  applicable  to changes in   turbine 
efficiency. 

All three airplane performance parameters are  relatively  unaffected 
by changes in  pressure r a t i o  f r o m  5 to 9.  As pressure ratios decrease 
below 5, the  take-off  distance and time t o  reach  design  increase  while 
the conibat time  decreases  only  slightly. On the  basis of airplane  per- 
formance alane there i s  l i t t l e   t o  choose between compressor pressure 
ra t ios  of 5 and 9 f o r  a given specific engine  weight. 

Effect of engine  specific w e i g h t  ( local  defense airplane).  - Engine 
weight is extremely  important i n  a high-performance interceptor. This 
f a c t  i s  i l l u s t r a t e d   i n  figure 6(a)   in  which combat t ime  for  three dif- 
ferent. engine weights  per  unlt of compressor area i s  plotted  against  
compressor pressure r a t i o  f o r  a compressor efficiency of 0.85. I n  an 
airplane  in  which the gross w e i g h t  i s  fixed,  additional  engine w e i g h t  
must displace f u e l  and reduce the combat t i m e .  An increase  in  engine 
weight of 33 percent, from 600 t o  800  pounds per  squme  foot of com- 
pressor  area,  reduces the couibat time from 12.2 to 8 minutes, or  approxi- 
mately 35 percent.  This change i n  combat t i m e  is about three times the 
change i n   c o d a t  t i m e  occurring when the  pressure  ratio is varied from 
3 t o  9 at a fixed engine w e i g h t .  

In the event t ha t  engine specific weight vasied  with compressor 
pressure  ratio, th is  factor  would have t o  be considered in  evaluating 
the effect  of compressor pressure  ratio on airplane performance. Such 
an evaluation  could be made by use of a figure similar to   f i gu re  6. 

The re la t ive  importance of engine w e i g h t  and compressor efficiency 
can  be seen from figure  6(b). If, by a change i n  compressor design, 
the  engine  weight  can  be  reduced 10 percent  without  reducing the com- 
pressor  efficiency mre than 0.10, a net  gain  in conibat time can  be 
realized.  Figure 5 has shown tha t  such a reduction i n  compressor e f f i -  
ciency does not  increase  either  the  take-off  distance  or the time t o  
design t o  excessive o r  undesirable  values. 

Primary conibustor and afterburner  velocity  considerations. - There 
are  other  factors  besides  airplane performance which should be  considered 
i n   t h e  choice of compressor pressure ratio. Burner-inlet  velocities  are 
of great importance if' high combustion efficiencies are t o  be  attained. 
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The primary-couibustor-inlet velocity and the  afterburner-inlet  velocity 
a t  the design  condition are shown in   f i gu re  7 as functions of the com- 
pressor  pressure  ratio  for a combustor f ronta l  area 1.38 times the com- 
pressor   t ip  area. Both velocities  decrease as the compressor pressure 
r a t i o  is  increased. If, f o r  example, it is desired t a  l i m i t  the  
combustor-inlet  velocity t o  a value of about 100 feet   per  second, which 
is representative of some present  design  practices, a compressor pres- 
sure r a t i o  of about 6 i s  required  for  an  engine with an air flow of 
27 pounds per second per  square  foot of compressor area and the  given 
area relations.  

Couibustion efficiencies of 0.85 have been measured in  afterburners 
with  inlet   veloci t ies  up t o  500 feet   per  second (ref. 3) . For the 
engine  considered in figure 6, the  afterburner-inlet  velocity i s  less  
than 500 feet  per second for  compressor pressure  ratios  greater  than 
3.5. Reduction  of the compressor efficiency from 0.85 t o  0.75 increases 
the afterburner  velocities  approximately 60 feet   per second, so tha t  a 
compressor pressure  ratio of approximately  4.5 i s  required  to reduce 
the  velocity below 500 feet   per  second. 

Consideration  of  the  velocity  alone a t  the afterburner  inlet  may 
be  misleading. The inlet   pressure i s  also  important, and the parameter 
FT/V i n  some instances has been shown t o  be pertinent  (ref.  4 ) .  Both 
the  inlet  total  pressure,  expressed &g the  tail-pipe  pressure  ratio, 
and the  parameter PT/V are  plotted  against compressor pressure  ratio 
in figure 8 .  Both functions maximize a t  compressor pressure  ratios 
between 6.5 and 7 .  Within th i s  range  of compressor pressure  ratios the 
afterburner couibustion efficiency  should be a maximum, with other  factors, 
such as burner length or   fuel-air  r a t i o ,  being  constant. 
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The previous  discussion  has  been  based on engine and nacelle geom- 
e t r y   i n  which the   f ronta l  area of the primary combustor  and af te rbuner  
w m  assumed to be 38 percent  larger  than  the  frontal area swept by the 
compressor blade t i p s .  In  order  to  provide  clearance  for  structure, 
accessories, and cooling  passages, a r a t i o  of nacel le   to  compressor 
f ron ta l  area of 1.8 was  provided. O f  course, the drag of the  nacelle 
wlth these  engine  proportions is greater  than it would be if  the com- 
bustor  diameters  could be reduced and erigine.accessories  relocated so 
that nacelle diameter  could mre   c lose ly  approach compressor diameter. 
In  order t o  u t i l i z e  smaller diameter codmstors without  increasing 
inlet   velocit ies,   higher combustor-inlet  pressures would be required. 
These higher  pressures  could be provided  only  by  increasing compressor 
pressure  ratio,  The effect  of  reducing the   ra t io  of combustion-chamber 
diameter t o  compressor diameter was investigated  for  both  the  nacelle 
and fuselage  cases. It was found tha t  f o r  both  cases, at compressor 
pressure  ratios  greater  than 5, reducing  the  ratio of couibustion- 
chmiber diameter t o  compressor diameter t o  a value of 1.0 had a rela- 
t i v e l y  slight effect  on combat time. For compressor pressure  ratios 
less  than 5, rather  large  decreases  in combat time occurred for the 

. .  " 
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case where combustor diameter was equal to compressor diameter, due t o  
the occurrence of thermal choking and the  necessity f o r  operating at 
reduced afterburner  temperatures. 

Effect of compressor design and engine weight (area  defense air- 
plane) . - As shown in   f igure  9 the  trends of coukat  time  with  pressure 
rat io   for   the  a i rplane with the cru ise and loi ter   provis ions  in  the 
f l ight   plan  are  similar to  those of the  local  def erne  airplane.  For 
a constant  engine-weight  per  unit of frontal   area,  conibat time i s  not 
sensit ive t o  pressure r a t io .  Increasing engine weight from 600 t o  800 
pounds per  square  foot  results  in a decrease i n  combat t i m e  f rom 7.5 
t o  3 minutes o r  about 57 percent. Engine  weight i s  therefore of great 
importance f o r  both the  area  defense and local  defense  airplanes. A s  
shown by  the dashed l i n e   i n  figure 9, compressor efficiency also has a 
very  large  effect on the  combat t i m e .  A decrease i n  compressor e f f i -  
ciency from 0.85 t o  0.75 r e su l t s   i n  a  decrease i n  maximum combat t i m e  
f r o m  12  t o  3 minutes o r  75 percent f o r  an  engine w e i g h t  of 400 pounds 
per  square  foot. The very  large  effect of  compressor efficiency on the  
area  defense  airplane as compared with the moderate effect  on the   local  
defense  airplane i s  due to  the  greater  proportion of subsonic f l i g h t  and 
associated  sensit ivity t o  specif ic   fuel  consumption of the  area  defense 
fighter . 

Effect of turbine-inlet  te-erature. - I n  a turbo jet engine with 
a fixed  afterburner temperature, the jet thrust  of the engine is  a 
function of the  pressure r a t i o  across  the exhaust nozzle. If the 
turbine-inlet  temperature i s  raised, the same compressor work require- 
ments w i l l  resu l t  In  a smaller  pressure  drop  across the turbine and a 
consequent increase  in  the  thrust   output of the  engine. 

The effect  of increased  turbine-lnlet  temperature on airplane  per- 
formance was evaluated. All the  increased  engine th rus t  calculated 
from simple thermodynamfc analysis is not  available,  because some losses 
are associated with bleeding the compressor-discharge air required t o  
cool the turbine. The analysis of reference 5 was used as a basis f o r  
the assumption that a 5-percent  bleed was required  for a turbine-inlet  
temperature of 30000 R, 2 percent f o r  2500O R, and no coolillg air f o r  
2000’ R. After  the air bled from the  compressor had been  used t o  cool 
the  turbine it was returned t o  the t a i l  pipe. The ef fec t  of this com- 
pressor air bleed on power-plant  performance is included in   the   resu l t s  
presented. 

The effect  of turbine-inlet  temperature is shown i n  figure 10 
wherein the three airplane performance parameters are  plotted  against 
turbine-inlet  temperature  for an engine with a compressor pressure r a t i o  
of 5  and an  afterburner  temperature of 3506 R. If it were possible to 
increase  the  turbine-inlet  temperature from 20000 t o  30000 R, the  take- 
off  distance would be  reduced from 2000 t o  1600 feet. The  same change 
in  turbine-inlet  temperature would reduce the t i m e  to  design about 
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1/4 minute.  Combat  time  (solid  line)  would  be  increased  almost 18 per- 
cent  from 11.1 to 13.1 minutes.  Thus,  it  can  be  seen  that  increasing 
the  turbine-inlet  temperature  affords a means  of  simultaneously  improv- 
ing  all  three  of  the  airplane  performance  parameters. Most of the 
improvement  can  be  realized  by  increasing  the  turbine-inlet  temperature 
to 2500' R. For  this  temperature,  the  combat  time,  time  to  reach  design, 
and  take-off  distance  are 12.8 minutes, 3.3 minutes,  and 1650 feet, 
respectively. 

I 

In figure ll, the  effect of rated  compressor  pressure  ratio on com- 
bat  time of both  the long- and short-range  airplanes  is shown for  sev- 
era1  engine  specific  weights  and  for a turbine-inlet  temperature of 
25000 R. An afterburner  temperature of 3500° R is  assumed  for all con- 
ditione.  The  performance  for  the  longer-range  interceptor  is  shown  in 
part  (a)  and  for  the  shorter-range-  airplane,  in  part  (b) . The effect 
on co&at  time of increasing  the  turbine-inlet  temperature  from 2O0O0 
is  evident  from a comparison  of  figures 6 and 9 with  figure ll. For a 
given  engine  specific  weight,  increasing  the  turbine-inlet  temperature 
provides  somewhat  larger  increases  in  combat  time f o r  the long range 
interceptor  than  for  the  shorter  range  airplane.  Whereas  the  combat 
time,  for a given  engine  specific  weight, ts virtually  unaffected  by 
changes  in  compressor  pressure  ratio  from 5 to 15 for  the  short-range 
airplane,  combat  time  for  the  longer-rarqe  airplane,  at a constant 
engine  specific  weight  of 600 pounds per  square  foot,  is  approximately 
doubled  by  increasing  the  compressor  pressure  ratio  from 5 to 12. 

In figure 12, combat  time  is shown as a function  of  rated  compres- 
sor  pressure  ratio  for  both  the long- and  6hort-range  airplanes.  An 
afterburner  temperature  of 35000 R was assumed,  and  curves  are shown 
for  turbine-inlet  temperatures  of 200° and 25W0 R. The  engine  spe- 
cific  weight  for  these  calculations was independent  of  compressor  pres- 
sure ratio or turbine-inlet  temperature  and was 650 pounds  per square 
foot.  Figure 12 illustrates  the  rather  large gsim made  possible  by 
increasing  the  turbine-inlet  temperature.  For  'a  compressor  pressure 
ratio  of 12, increasing  the  turbine-inlet  temperature  from 2000° to 
2500° R increases  the  combat  time  for  the  area  defense  airplane  from 
5.5 to 11.2 minutes.  The  corresponding  increase  for  the  local  defense 
interceptor  is  from 10.4 to 14 minutes. 

At  the  top of figure 12 are  shown afterburner-inlet  velocities  for 
turbine-inlet  temperatures  of 250O0 and ZOO@ R. The  engines  considered 
(having  air-flow-handling  capacity of 27 lb/sec/sq ft) have  afterburner- 
inlet  velocities of less than 500 feet  per  second  for  all  compressor 
pressure  ratios  greater  than 5. The primary-coaibustor-inlet velocities 
are, of course,  unaffected  by  turbine-inlet  temperature,  except for the 
small decrease  brought  about  by bleeding cooling  air.  Consequently, a 
compressor  pressure  ratio of 6 or  higher  should  provide  both  satisfac- 
tory  primary-combustor-inlet  velocities  and  sa+isfactory  afterburner 
velocities for '8. range of turbine-inlet  temperatures  up  to 25000 R. 
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The effect  of turbine-inlet  temperature on airplane performance 
has been i l l u s t r a t ed  for an afterburner temperature of 35000 R. O f  
course, as turbine-inlet  temperature  increases,  afterburner-inlet  or 
turbine-outlet  tenrperatures also increase. It might be expected, there- 
fore, that the optimum Bfterburner  temperature would decrease  with 
increasing  turbine-inlet  temperature, and it i s  conceivable that with 
very high turbine-inlet  temperatures  the  nonafterburning  engine would 
equal  the  afterburning  engine i n  performance. A study of the  effect  
of afterburner  temperature at turbine-inlet  temperatures up to 30000 R 
showed,  however, t ha t  performance without  afterburning w a s  infer ior  t o  
that with  efterburning, and that the  best  afterburner temperature re- 
mined about 35000 R i f  the engine were equipped Kith a convergent ex- 
haust  nozzle. As w i l l  be shown, the use of a convergent-divergent 
nozzle a l t e r s   t he   r e su l t s  completely. 

Eefect of convergent-divergent  nozzle. - A large  pressure r a t i o  
across  the  exhaust  nozzle is developed by turbojet  engines  operating 
at Mach numbers of 1.8. Exhaust-nozzle pressure  ratios  greater  than 
8 are  shown in   f igure  8 f o r  engines  with compressor pressure  ratios 
between 5 and 9. A convergent-divergent exhaust nozzle u t i l i z e s   t h i s  
pressure  energy mre effectively  than does a simple convergent  nozzle 
and thereby  produces  increased th rus t .  The enlarged exhaust nozzle 
outlet   area also reduces the   boa t t a i l  drag, as indicated  in appendix B. 

Some of the effects  on the performance of the  short-range  intercep- 
t o r  of using a continuously  variable  convergent-divergent  nozzle with- 
out  losses  rather  than a convergent nozzle  are shown i n  figure 13, 
where the  three  airplane performance  pazameters are  plotted  against  
afterburner  temperature. The engine  design  variables used in   these  
calculations were compressor pressure  ratio, 5; turbine-inlet tempera- 
ture,  ZOO@ R; air  f l o w  per unit compressor area, 27 pounds per second 
per square foot; maximum compressor efficiency, 0.85; and specific 
engine  weight, 650 pounds per  square  foot. Because the engine t h r u s t  
with a convergent-divergent  nozzle i s  markedly improved over the  thrust  
with a convergent  nozzle at high Mach numbers, smaller engines may be 
used.  Consequently, a deter iorat ion  in  low-speed performance occurs. 
The take-off  distance i s  increased by approximately 300 f ee t  and the 
t i m e  t o  reach  design  point is increased  about 1 minute  by the  use of 
a convergent-divergent  nozzle. The  combat t i m e  i s  increased smut 6 
minutes, o r  approximately 50 percent,  for an afterburner  temperature 
of 35000 R. Because the low-speed  performance of the engine with a 
cowergent  nozzle i s  good, the  penalties  put on take-off  distance and 
time t o  design by the use of a convergent-divergent  nozzle may not be 
so important as the  increase in couibat time. 

The th rus t  produced  by an afterburning  turbojet  engine maximizes, 
and the specif ic   fuel  consumption  minimizes, except f o r  secondary ef-  
fects   resul t ing from differences  in combustion efficiency between the 
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primary and afterburner combustors, at that compressor pressure  ratio 
which provides ntaximum pressure  ratio  across the exhaust  nozzle. The 
variation of thrust and specific  fuel consumption with compressor pres- 
sure r a t io  is similar f o r  an  engine  equipped with ei ther  a converger+,- 
divergent  nozzle o r  a convergent  nozzle. The vmiat ion of combat time 
with compressor pressure  ratio  for  an  afterburning engine  equipped with 
a convergent-divergent  nozile will be similar t o  that previously shown 
in figure 6. 

Computations were also made of the performance of the local  defense 
airplane when equipped wlth an engine using  elevated  turbine-inlet tem- 
peratures and a convergent-divergent  nozzle  but no afterburner. The spe- 
c i f i c  engine w e i g h t  was assumed t o  be reduced  16 percent  by  the  elimina- 
t i on  of the afterburner. A compsrison of the performance with two  non- 
afterburning  engines and one afterburning engine i s  shown i n   t h e  f o l -  
lowing table.  All engines used a compressor pressure  ratio of 5 and a 
compreseor efficiency of 0.85. 

Power plant Airplane performance 
Turbine-inlet Take-off' Time t o  Combat Afterburner 
temperature t i m e  distance  desi temperature 

(OR)  (OR1 
2000 

17.9 , 3.40 1460 82580 3000 
11.4 2.98  1390 "2150 2500 
17.2 4.55 2300 3500 

"rao arfterburner used. 

The foregoing  table shows the 3000' R turbine-inlet  temperature, non- 
afterburning engine to  give  superior performance a s  compared with the 
2000' R ,  afterburning  engine i n  a l l  respects when a convergent-divergent 
nozzle is used. The low-speed performance of the 25000 R, nonafterburn- 
ing engine is swer io r  to t ha t  of either of the  other two engines,  but 
the combat endurance i s  less. The  2500° R engines are the  largest  of 
the  three engines. It is  of interest  that the 3000° R engine i s  most 
economical of f u e l   i n  terms of fuel  required  per minute of  combat. 
The three  engines, i n  order  of  decreasing  turbine-inlet  temperature, 
burn 755,  862, and 881 pounds of fuel   per  minute of combat, respectively. 

The resul ts  just presented were obtained  with a continuously  vari-. 
able  nozzle  with no losses. The effect of nozzle losses,  expressed i n  
terms of velocity  coefficient, is shown i n  figure 14. The engine used 
had a compressor pressure  ratio of 5, a compressor efffciency of 0.85, 
a turbine-inlet  temperature of 20000 R, and an afterburner  temperature 
of 3500° R. A convergent-divergent  nozzle  with a velocity  coefficient 
of 0.92 gives  essentially  the same  combat time as a loss-free convergent 
nozzle. 
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Because a convergent-divergent  exhaust  nozzle  with  both  throat  and 
exit  areas  continuously  variable  may  not be mechanically  realizable,  the 
local  defense  airplane  performance was computed  for a power  plant  with 
a nozzle  having a variable  throat  area  and a fixed  exLt  area.  The  per- 
formance  calculations  were  repeated  for a series of different  sized  exit 
areas. For each of these  exit  areas  there was a flight  Mach  number in 
the  tropopause  at  which  expansion  of  the  exhaust  gases  to  ambient  pres- 
sure was complete. This flight  Mach  number  has  been  used  as  the  abscissa 
in  figure 15. The  nozzle  throat was continuously  varied  to  maintain  con- 
stant  rotational  speed  and  turbine-inlet  temperature  within  the  engine. 

The flow from an engine  equipped  with a convergent-divergent  nozzle 
designed  to  give  complete  -expansion  at a flight  Mach  number  of 1.8 will 
be  considerably  overexpanded  at  low  Mach  numbers  such  as  those  encountered 
in  take-off  and  climb.  Severe  thrust  losses  result  if  the  flow  expands 
according  to  one-dimensional  flow  theory,  and  the  static  pressure  shocks 
up  to  ambient  pressure.  Airplane  performance  wlth  an  e&aust  nozzle in 
which  the  flow  follows  one-dimensional  theory  is  Indicated by the  curves 
=ked  "one-dimensional" on figure 15. 

The  Morementioned  curves  are  of  strictly  academic  value  for  in  an 
actual  convergent-divergent  nozzle  in  which  the  pressure  ratio  across 
the  nozzle  and  the  ratio  between  the  throat  and  exhaust  area  are  such 
that  overexpansion  exists,  the adient pressure  is  propagated  upstream 
through  the  boundary  layer.  The  boundasy  layer  is  thus  thickened,  the 
expansion  ratio  is  effectively  reduced,  and  the  Mach  number  at  which 
shock  occurs  is  also  reduced.  Convergent-divergent  nozzle  performance 
with  pressure  ratios  less  than  the  design  value is given  in  reference 6. 
These  data  were  used in computing  the  airplane  performance  for  the  curves 
marked  "actual"  in  figure 15. 

On that  same  figure  airplane  performance  with a continuously  vari- 
able  convergent-divergent  nozzle  is  indicated  by "X," and  performance 
with a variable-area  convergent  nozzle  is  approximated  at an abscissa 
value of 0.2. 

An examination  of  figure 15 shows  that  the  performance  of  the  air- 
plane  without  cruise  or  loiter  provisions  equipped  with a fixed-exit 
convergent-divergent  exhaust  nozzle  is  nearly  equal  to  the  performance 
which  would be obtained  if a continuously  variable  convergent-divergent 
nozzle  were  used.  The  take-off  distance  with a fixed-exhaust-area, 
variable-throat,  convergent-divergent  nozzle  designed  for  complete ex- 
pansion  at a Mach  number  of.l.8  is 2570 feet, 270 feet mre than  for 
a continuously  variable  convergent-divergent  nozzle.  The  corresponding 
times  to  reach  design  conditions  are 5.25 and 4.55 minutes.  The  combat 
time with the  fixed-exit  nozzle  is 17.2 minutes,  just 0.6 minute  less 
than  that  available with .a continuously  variable  nozzle.  The differ- 
ence  in  combat  time  comes  from  the  fuel  saved  during  climb  and  accelera- 
tion  by  use  of a continuously  variable  convergent-divergent  nozzle. 
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Because the time t o  reach the design  point  taken from figure L5 f o r  . 
e fixed-exit-area  nozzle  designed f o r  complete  expansion at a flight Mach 
number of 1.8 is  considered  marginal, some compromise i n  nozzle  design 
may be i n  order. If the  expansion r a t io  i s  reduced so  tha t  complete 
expansion  occurs at a f l imt Kach nmiber of 1.4, the  airplane perform- 
ance i s  modified, as shown i n   t h e  following  tabulation of  performance 
d t h  a fixed-exit-area,  variable-throat,  convergent-divergent  nozzle: 

Flight Mach  number 

b i n )  (mid (ft) expansion 

Combat Time t o  Take-off 
fo r  complete t i m e  design distance 

1.8 
15.4 4.7 2300 1.4 
16.2 5.25 2570 

This comparison shows that f o r  a sacr i f ice  of about 1 minute of combat 
time, 1/2 minute can be saved i n  reaching  the  design  point. 

The preceding  discussion of the fixed-exhaust area, variable-throat, 
cowergent-divergent  nozzle has been limited t o  the performance of the  
local  defense  airplane. In  the  area  defense  airplane wherein  about  equal 
amounts of fue l   a re  burned in subsonic  cruise and i n  combat, the thrust  
losses due t o  overexpansion become  more significant.  The effects  of 
adding  divergence t o  the nozzle and thereby improving the  combat per- 
formance and penalizing  the  cruise performance a re  so balanced that 
changing the  nozzle from a variable-area convergent  nozzle t o  a variable- 
throat,  fixed-exhaust-area,  convergent-divergent  nozzle  designed  for 
complete expansion at a Mach  number of 1.4 has almost no effect  on com- 
bat time ( f ig .  16) . Because adding  divergence t o  the exhaust nozzle 
increases  only  the  take-off  distance and time t o  design, it i s  concluded 
that if nozzle  fabrication  difficult ies permit  only  the  throat of a 
convergent-divergent exhaust nozzle t o  be  variable, it is better t o  use 
a convergent  nozzle on the  area  defense  airplane. Some improvement i n  
combat t i m e  couId be realized with a continuously  variable convergent- 
divergent  nozzle. 

- 

Effect  of  air-handling  capacity. - The principal remaining power- 
plant  design  factor  investigated is  the  air-handling  capacity of the 
engine. The advantage of increasing  air  flow and thereby  reducing 
power-plant w e i g h t  and nacelle  drag  for a given thrust  is obvious. 
Increased  burner  velocities and attendsnt  pressure  losses, however, 
also accompany the  increased air flow. The presence of favorable and 
unfavorable  effects on performance associated with a change i n  air- 
handling  capacity  suggests the necessity of compromise and warrants 
an investigation of the  effect  of air-handling  capacity on airplane 
performance. 

Use of a power plant  with  increased  air-handling  capacity  results 
in decreased drag: The aerodynamically cleaner airplane has decreased 
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power requirements at high Mach numbers. This decreased drag is  more 
e f fec t ive   in  reducing power requirements at high  f l ight  speeds  than at 
low, with the   resu l t   tha t   the  low-speed performance  of the  cleaner air- 
plane is penalized. 

The resu l t  is  i l l u s t r a t ed   i n   f i gu re  17 wherein take-off  distance, 
time t o  reach the design  point, and combat time me   p lo t t ed  against  ra ted 
a i r  f low per unit of compressor area f o r  three  different engine compressor 
pressure  ratios. The take-off  distance shows a minimum for   the two 
pressure ratios 5 and 7, while the  time t o  reach  the  design  point  in- 
creases  continuously  with air flow f o r  all pressure  ratios.  For a com- 
pressor  pressure  ratio of 7, the  take-off  distance  increases from 1600 
fee t  at an air flow of 27 pounds per second per  square  foot of compressor 
area t o  a value  of. 2200 f e e t  at an air f l o w  of 36 pounds per second per 
square  foot. For t h i s  same compressor pressure  ratio and over the same 
range of a i r  flows,  the t i m e  t o  reach  design  point  increases from 3.4 
minutes t o  4.1 minutes. 

These  changes i n  low-speed performance probably do not  jeopardize 
the low-speed  performance sufficiently  to  render it marginal. The 
effect  of air-handling  capacity on the cambat time, however, i s  very 
great. For a compressor efficiency of 0.85, increasing  the  air-handling 
capacity from 27 t o  36  pounds per second per  square  foot of  compressor 
area increases  the conibat time  from ll. 1 t o  17.2 minutes. The  couibat 
time with an engine  having an air flow of 22 pounds per second per  square 
foot is one-third  the combat t i m e  available with an  engine which handles 
36 pounds of air per second per  square  foot. 

The data  presented i n  figure 17 i l l u s t r a t e   t h e   f a c t  that high air- 
handling  capacity is beneficial  only if compressor efficiency i s  not 
sacrificed. No performance gain can  be realized if by  increasing  the 
air-handling  capacity from 29 to 33  pounds per second per  square  foot 
of  compressor area the  compressor efficiency is dropped f r o m  0.85 to 
0.75.. With the. l ow compressor efficiency,  thermal choking i n  the after- 
burner  occur^ as the air-handling  capacity is  raised. With an after- 
burner  temperature of 3500° R, thermal choking occurs at air flows be- 
tween 30 and 32 pounds per second per squaxe foot  over a range of com- 
pressor  pressure ratios from 3 t o  7 with an efficiency of 0.75. Were 
the air flow to  be  increased  to 36 pounds per second per  squase  foot, 
the  afterburner  temperatures at xhich  choking  occurred would be  reduced 
t o  between 2400' and 270O0 R. With a compressor efficiency of 0.85, 
thermal choking  occurs below a compressor pressure  ratio of 3, at  an 
afterburner  teqperature of 350O0 R, and an air flow of 32 pounds per 
second per squsre foot .  

As shown in figure 18, afterburner- and primary-combustor-inlet 
veloci t ies  are proportional t o  air-handling  capacity. If, f o r  example, 
it is  necessary t o  keep the  afterburner  velocity below 500 feet per 
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second witb 8 compressor pressure  ratio  of 5, the meximum permissible 
air f l o w  i s  30.5 pounds per second per square foot. The result ing com- 
ba t  time is  14.4 minutes. U s e  of a compressor pressure  ratio of 7 per- 
mits a i r  flows as high as 33 pounds per second per  square  foot  before an 
afterburner  velocity of 500 feet per second is exceeded. The corre- 
sponding combat time has increased to 16.8 minutes. Primary-combustor- 
in le t   ve loc i t ies  of about 115 feet   per second resu l t .  

The foregoing  discussion has centered mound the parameter rated 
air  flow per  unit  of comgressor mea. The rather  arbitrary  choice of 
this parameter for  describing  air-handling  capacity is  permissible i n  
a power plant and nacelle  design i n  which the geometry i s  fixed. One 
of the causes f o r  the decreasing  slopes of the curves of combat time 
against air flow with  increasing  air-handling  capacity i n  figure 17 is 
the pressure  losses  associated  with  high air flows i n  the afterburner. 
These losses and the  afterburner  velocity shown i n  figure 18 are   direct  
functions of the afterburner area. Essentially,  then, the primary con- 
cern   in  a consideration of the air-handling  capacity is the  air  flow 
per  unit  of  primary combustor  and afterburner  areas. I n  t h i s  fixed- 
geometry analysis, air flow  per unit of compressor area can be converted 
d i r e c t l y   t o  air flow  per  unit of afterburner  area. An air flow  capacity 
of 30 poulEds per second per square  foot of compressor area i s  equivalent 
t o  21.7 pounds per second per  square  foot of afterburner  area. 

Effect of submerged or  fuselage engine instal la t ion.  - The combined 
f r i c t i o n  and pressure drags of airplanes with engines in  nacelles  are 
greater  than  for  airplanes  with  engines submerged i n  the  fuselage. As 
a re su l t ,   f o r  a given volume of power plant, pay load, and fuel,   the 
lift-drag rat ios  of  the  airplanes with fuselage  engine  installations 
ere greater  than f o r  the nacelle  type. In addition,  the  space  available 
f o r  the afterburner  in  the aft portion of the  fuselage  permits  the  use 
of an afterburner diameter which is  larger   ( resul t ing  in  lower pressure 
losses) r e l a t ive   t o  the compressor diameter  than i n  the nacelle  case. 
In  this analysis the afterburner  flow area w a s  assumed t o  be 8 percent 
greater  for the fuselage  installation  than  for  the-nacelle  installation. 

The principal  effects,  therefore, of submerging the engines in   the  
fuselage on the optimum engine  design and on the  airplane performance 
a r e  the effects  of higher  airplane  l if t-drag  ratios and reduced Flfter- 
burner  pressure  losses. Although an  exact  evaluation of the magnitude 
of increase  in   l i f t -drag r a t i o  i s  d i f f i c u l t   t o  make, it is  believed that 
the methods of analysis  given i n  appendixes B, C ,  and D yield  suff ic ient ly  
accurate  results  to demonstrate the significant  trends. 

The comparison between the  local  defense  airplane performance with 
fuselage and nacelle-engine  installations i s  given in   f i gu re  19. Take- 
off distance, t i m e  t o  reach the design  point, and combat t i m e  are 
plotted  against  the compressor pressure  ratio  for an engine  having a 
turbine-inlet  temperature o f . 2 0 0 °  R m d  an Uterburner  temperature of 
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3500° R. The take-off  distance and time t o  design  are  affected only 
s l igh t ly  by the type of engine ins ta l la t ion  and the couibat time is about 
20 percent  greater  for the fuselage  installation. The curves show, how- 
ever, that the optimum compressor pressure  ratio is unchanged. Fig- 
ure 19 shows performance with a constant  specific  engine  weight. “he 
increase i n  e9terburner flaw mea of 8 percent f o r  the  fuselage  instal-  
l a t ion   resu l t s   in  a corresponding  decrease in  afterburner-inlet  veloc- 
i t i e s .  A t  a compressor pressure  ratio of 4 the  afterburner-inlet  veloc- 
i t y  is less  than 500 feet   per second. 

The effect  of afterburner  temperature on the airplane performance 
for  fuselage and nacelle i n s t a l l a t i o n s  is shown i n  figure 20. The trends 
are similar i n  both cases  but  the conibat t i m e  optimizes at a  lightly 
lower value of afterburner  temperature f o r  the  fuselage  installation. 
A similar resu l t  i s  shown in figure 2 1  in  mich   the   e f fec ts  of air- 
handling  capacity +re compared f o r  the two types of ins ta l la t ion .  In  
the  fuselage  installation  the  gains  in performance f o r  increases  in 
air-handling  capacity are somewhat less  than  those f o r  the  nacelle 
instal la t ion.  

These r e su l t s   a l l   i nd ica t e   t ha t ,  although the combat time capabil- 
i t i e s  of the  airplane nLth a fuselage  installed engine are superior t o  
those of the  airplane with a nacelle  installation,  the optimum engine 
design is  l i t t l e   a f f ec t ed .  In addition,  consideration must also be 
given to   the   s ize  of the engine  involved. Inasmuch as two engines are 
used in the nacelle  installation and only one in   the  fuselage  instal la-  
t ion,  an engine of approximately  twice  the s i z e  of the nacelle  engines 
is required  for  the  fuselage  installation f o r  the same gross-weight a i r -  
planes. In order t o  execute a 2g  maneuver at an a l t i tude  of 50,OOO f e e t  
and a flight Mach  number of 1.8, a 40,000-pound gross-weight airplane 
requires an unaugmented thrust  of approximately 25,000  pounds a t  take- 
o f f .  

Effect of Conibat Mach  Number 

In order t o   i l l u s t r a t e   t he   e f f ec t  of design flight speed on optimum 
turbojet power-plant design,  portions of the  analysis  previously des- 
cribed  for  the  local defense  airplane wlth a design flight Mach  number 
of 1.8 were repeated f o r  a design flight Mach  number of 1.35. Decreas- 
ing the  design flight Mach  number resu l ted   in  a substantial  decrease in 
power-plant size;  the  required  sea-level, zero Mach  number unaugmented 
thrust  output  decreased from 25,000 pounds f o r  the 1.8 Mach  number in te r -  
ceptor t o  18,000 pounds f o r  the  interceptor  designed for a flight Mach 
number of 1.35. 

The re la t ive  performance of the  short-range  interceptor  -craft 
designed f o r  flight Mach numbers of 1.35 and 1.8, respectively, can be 
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seen  by comparison of figures 3 and 22. For a i r c ra f t  powered by  engines 
having an afterburner-outlet  temperature of 3500' R, the two airplanes 
have approxhately  equal  take-off  distances. Because of the lower 
thrust requirements  of the 1.35 Mach  nuuiber design  airplane, 5.5 minutes 
are required  to  reach the design  condition as compared with 3.6  minutes 
f o r  the 1.8 Mach number design  airplane.  For  an  engine  specific weight 
of 600  pouhds per  square  foot of compressor area, the combat time f o r  
the lowersspeed airplane is 27.7 minutes as' compared with 12.2 minutes 
fo r  the higher-speed  airplane. The increased combat t i m e  is due par t ly  
to the  decreased f u e l  consumption at the lower design Mach  number and 
par t ly   to   the  increased  fuel  w e i g h t  c a r r i e d   i n  the 40,000-pound airplane 
at the  lower design Mach number. The fue l  w e i g h t  increases  for the lower 
design speed  became  the  engine  size and w e i g h t  are  reduced, as pre- 
viously  discwed..  

Effect of afterburner  temperature. - The effect  of afterburner tem- 
perature on take-off  distance, t i m e  t o  reach  design  condition, and com- 
bat time is  shown in   f i gu re  22. I n  general,  the  effects are similar t o  
those  presented  in figure 3 for   the  1.8 Mach  number design  airplane. 
For  an  engine  specific weight of 600 pounds per  square  foot  of compressor 
area, the combat time for   the  1.35 Mach  number design  reaches 8 maximum 
at  an  afterburner  temperature of about 3700° R, although combat time is 
relatively  insensit ive  to  afterburner  temperature  in the range from 
33000 to 40000 R. 

Effect of engine specific w e i g h t .  - The effec% of engine  specific 
w e i g h t  on combat t i m e  i s  also shown i n  figure 22, where combat time is  
shown as a function of afterburner teurperature fo r  engine  specific 
weights of 400, 600,. and 800 pounds per square foot of compressor mea. 
Time t o  reach  the  design  condition and take-off  distance are unaffected 
by changes in engine  specific weight, inasmuch as increases  or  decreases 
i n  engine w e i g h t  merely increase  or  decrease  the  available  fuel load 
without  affecting  the  engine power requirements.  For  the  basic  engine 
configuration with an afterburner  temperature of 350O0 R, increasing 
the engine specific w e i g h t  from 600 t o  800 pounds per  square  foot of 
compressor mea, or 33 percent,  decreases  the combat time from 27.7 t o  
21.3 minutes, a decrease  of about 23 percent. For the 1.8 Mach  number 
design,  with the same engine  configuration, a similar inc-rease i n  
engine  specffic weight  produced a reduction i n  couibat time of  33 per- 
cent. The somewhat reduced effect  of  engine  specific w e i g h t  at the 
lower flight Mach n&er is a r e s u l t  of the decreased  engine  size; be- 
cause the engine  weight i s  a smaller  percentage of the gross weight, a 
given change i n  engine specific weight has less effect  on combat time. 

Effect of compressor pressure  ratio and compressor efficiency. - 
The previously  discussed  effects of afterburner  temperature and engine 
specific w e i g h t  have been Eased on &z1 engine  having a rated compressor 
pressure  ratio of 5 and a compressor efficiency of 0.85. In  figure 23, 
the take-off  distance,  time t o  reach design condition, and combat t i m e  
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aze each shown as a function of rated engine  compressor pressure ratio 
fo r  compressor efficiencies of 0.85  and 0.75 and several  engine  specific 
weights. A turbine-inlet  temperature of ZOO@ R, an afterburner tem- 
perature of 35000 R, and an air-handling  capacity of 27 pounds per  sec- 
ond per square foot of compressor frontal   area have  been assumed. The 
time t o  reach  design and the  take-off  distance  both  decrease somewhat 
as the compressor pressure  ratio i s  increased f o r  a compressor efficiency 
of 0.85. For a compressor efficiency of 0.75, both  the t i m e  t o  reach 
design and the  take-off  distance  are  increased over corresponding val- 
ues f o r  the 0.85 efficiency  case  for all rated compressor pressure  ratios. 

Decreasing the maximum compressor efficiency from 0.85 t o  0.75 re- 
duces the combat time by 4 and 7 minutes at rated compressor pressure 
ratios of 3 and 9, respectively.  For  the  airplane  designed f o r  a Mach 
number of 1.8 the effect  of compressor efficiency is  considersbly  less. 
A decrease i n  compressor efficiency from 0.85 t o  0.75 reduces the com- 
bat t i m e  1 and 2.5 minutes at rated compressor pressure  ratios of 3 and 
9, respectively. For a constant  engine  specific weight, the combat time 
is  relat ively  insensi t ive  to   ra ted compressor pressure  ra t io   in   the 
range from 5 t o  9. 

Effect of other engine design vartables for 1.35 design Msch num- 
ber. - - Portions of the  analysis  for the 1.8 Mach rider design were also 
repeated f o r  the 1.35 Mach  nuniber design t o  determine the  effects  of 
turbine-inlet  temperature and air-handling  capacity. Although these 
resul ts  are not shown herein  the  general  trends  for  both design Mach 
numbers  were similar. Appreciable  gains i n   c o d a t  t i m e  may be realized 
f o r  the 1.35 Mach  number de8ign airplane by increasing  both  air-handling 
capacity and turbine-inlet  temperature. It is of in te res t   to   no te   tha t  
f o r  the 1.35 combat Mach number, the engine with a turbine-inlet tem- 
perature of 3O0O0 R and no sfterburning  has at least  equivalent perform- 
ance t o   t h e  engine with optimum afterburning  temperature,  regardless 
of the  type of exhaust  nozzle  used. 

The optimum engines for   the 1.35 Mach  number interceptor  without 
cruise o r  loiter  provisions  are,   in  general ,  similer to  those f o r  the 
1.8 Mach  number airplane. Although an  analysis of the  effect  of couibat 
Mach number on the  desirable engine character is t ics   for  the interceptor 
including  cruise and loiter  provisions  in the flight plan has not  been 
made, it would be  expected that an equal  degree of congruity would 
ex is t .  

ETfects of Simultaneous Variations  in Design Variables 

The results  discussed  in  the  foregoing  sections have indicated the 
effects  on airplane performasce of independently  varying the  different 
engine  design  variables i n  an ef for t  t o  indicate  the most desirable 
engine f o r  applicatLon t o  a supersonic  interceptor-type  airplane using 
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currently  available components. In   the  succeeding sections,  the  effects 
on airplane performance of simultaneously  varying  several  engine  design 
variables will be  discussed in an effor t   to   indicate   the most desirable 
design  characteristics  to be incorporated in   future  engines for  super- 
sonic  interceptor  application. 

Effect  of  turbine-inlet  temperature. - The effect  of turbine-inlet 
temperature on the optimum afterburner  temperature  for  both  the  short- 
and long-range interceptors with nacelle-mounted engines i s  shown i n  
figure 24. The engines  considered have continuously  variable  convergent- cu 
divergent  exhaust  nozzles, an air-handling  capacity of 33 pounds per 2 
second per squeze foot, a peak compressor efficiency of 0.85, and a 
compressor pressure  ratio of 7. Lines axe shown f o r  the combat time 
available  with  engines  having  afterburner-outlet  temperatures of 3500' R 
and those  having no afterburner. The elimination of the  afterburner 
has been assumed t o  reduce the engine  weight 16 percent. As shown by 
the upper lines,  the  afterburner is necessary to provide optimum  combat 
time for  the  local  defense  airplanes  for  turbine-inlet  temperatures 
less  than 2750° R. With a turbine-inlet  temperature of 2500° R and an 
afterburneratemperature of 3500° R, the combat time is  25.9 minutes. 
Eliminating  the  afterburner and increasing  the  turbine-inlet tempera- 
ture to' 3000° R r e su l t s   i n  a  combat time of 28.0.minutes. 

m 

For the longer-range  airplanes  the  intersection of the  afterburning 
and nonaFterburning  curves  occurs at a lower turbine-inlet  temperature. 
The  couibat t i m e  for   this   a i rplane without  afterburning is greater  than 
the combat time  with  afterburning  for a l l   turbine- inlet  temperatures 
higher  than 24oO0 R.  

The resul ts  of figure 24 demonstrate tha t  engines  having advanced 
components may not  require  afterburners  for any application  within  the 
range  covered by the assumed' flight plans i f  the  turbine-inlet tempera- 
tures axe 2500° R or  higher; however, the inclusion of an afterburner 
may st i l l  be  desirable as an augmentation method t o  allow  short  periods 
of increased performance. I n  order to  define completely  the  desirable 
components of these advanced engines,  an  examination  of the  effects  of 
compressor pressure  ratio is required. 

Effect of compressor pressure  ratio. - Figures 25 and 26 i l l u s t r a t e  
the  effects of compressor pressure  ratio on the  performance of the 
short- and long-range interceptors,  respectively,  for  the advanced 
engines of figure 24. "he turbine-inlet  temperature is 250@ R and no 
afterburning is used. As discussed  previously,  the  attainment of 
satisfactory  velocit ies  into  the primary combustors of t h i s  high air 
flow  engine would probably  require compressor pressure ratios of a t  
l eas t  7 or  8. For an engine specific weight of 600 pounds per  square 
foot,  the longer-range  izrterceptor ( f ig .  26) has a maximum combat time 
of about 20 minutes a t  a compressor pressure  ratio of 12 .  
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E f f e c t  of gross w e i g h t .  - A s  shown in   f i gu res  25 and 26, couibat 
times of over 20 minutes for  the  1ocal.defense  airplane and over 17  min- 
utes   for   the area defense  airplane are possible fo; the assumed initial 
gross weight of 40,000 pounds i f  these advanced engines  are  used. These 
couibat times are considerably  'greater  than  the combat t i m e  required  for 
a normal fighter or  interceptor  mission. If combat t i m e  is reduced, 
airplane  gross w e i g h t  may be  reduced, as shown i n  figure 27. Combat 
time i s  plotted  against initial gross weight for  both  types of inter-  
ceptor  mission. The engines considered in  these  calculations are the  
advanced engines  with  air-handling  capacity of 33, peak compressor e f f i -  
ciency of 0.85, continuously  variable  convergent-divergent  exhaust noz- 
z l e s ,  compressor pressure  ra t io  of 7, and turbine-inlet  temperature of 
250O0 R. Although an afterburner temgerature of 3500° R was  used, 
approximately the same resu l t s  would be obtained if no afterburner were 
used. The gross w e i g h t  of the Local  defense  airplane may be  reduced t o  
about ll,OOO pounds i f  combat t i m e  is reduced t o  5 minutes, and the 
gross w e i g h t  of the  area  defense  airplane may be  reduced t o  about 20,000 
pounds f o r  a reduction i n  combat t i m e  t o  5 minutes. It i s  of in te res t  
that at these low gross weights, a t  which  combat time is re la t ive ly  
sens i t ive   to  gross weight, a difference  in couibat t i m e  of 1 minute o r  
about 20 percent  results  in a difference  in gross weight of a b u t  5 
percent. 

In view of the  large  difference  in gross w e i g h t  between the   o r ig i -  
nally assumed value of 40,000 pounds and the  gross w e i g h t s  required  for 
5 minutes of combat t i m e  if advanced engines are used, some of the  cal-  
culations of the   e f fec t  of  engine  design  variables on airplane perform- 
ance  have  been repeated  for a reduced gross weight i n  order   to  demon- 
strate the  val idi ty  of the performance trends  established  for  the  higher 
gross weights. The resu l t s  of these  calculations f o r  an init ial  gross 
weight  of 13,000 pounds are shown i n  figures 28 and 29. 

I n  figure 28  combat t i m e  for  the  short-range  interceptor i s  plotted 
against afterburner temperature and l ines  are shown f o r   i n i t i a l  gross 
w e i g h t s  of 40,000 and 13,000 pounds. The engine  considered had  an air- 
handling  capacity  of 33 pounds per second per square f o o t  of compressor 
f ronta l  area, a turbine-inlet  temperature of 25000 R, a peak compressor 
efficiency of 0.85, a compressor pressure  ratio of 7, and a continuously 
variable  convergent-divergent  exhaust  nozzle. The slope  of the curve 
fo r  13,000 pounds gross weight i s  greater  than  the  slope of the  curve 
f o r  the  higher gross weight. The difference  in  slope i s  due t o   t h e  
relat ively greater effect  of engine  weight on performance of the  light- 
weight airplane. For the  lower gross weight, the  engine  weight i s  a 
greater  proportion of t h e   t o t a l  weight;  hence a given  percentage change 
i n  engine weight has a proportionately  larger  effect on performance-. 
For  both gross weights, however, nearly optimum performance i s  obtained 
at an  afterburner  temperature of 35000 R. Thus the  essential   trends of 
airplane performance w i t h  afterburner  temperature  are  not altered 
appreciably by changes i n  gross w e i g h t .  
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The performance of both the l igh t  and heavy airplanes  with  nonafter- 
burning  engines is shown by the  circled  points.  The nonafterburning 
engine,  because of i t s  lower thrust  output, is, of course,  heavier  than - 
t he  engine with a 3500' R afterburner  temperature. Engine weight effects  
are therefore  accentuated  for  the  nonafterburning  engine and become of 
greater importance as gross  weight i s  decreased. With the 2500° R 
turbine-inlet  tenrperature assumed, the  reduction  in conibat time i f  an 
afterburner i s  not  used (as  indicated by the  point  labeled A) i s  l e s s  
than 15 percent  for an i n i t i a l  gross weight of 40,000 pounds, as pre- 
viously shown in   f igure  24. A t  the  gross weight of 13,000 pounds, how- 
ever, a reduction i n  combat time  (point B) of over 60 percent must be 
taken if  an  afterburner i s  not  used. The turbine-inlet  temperature  for 
equal combat t i m e  with and without  afterburning  for  the  local  defense 
interceptor would probably  not change appreciably, however, from the 
value  given i n  figure 24.  These effects,  although  not  negligible, do. 
not  invalidate  the  general  trends and results  previously  presented  for 
a fixed 40,000-pound i n i t i a l  gross weight. 

The e f fec t  of compressor pressure  ra t io  on combat time for the  short-  
range  interceptor with init ial  gross weights of 40,000 and 13,000 pounds 
i 8  shown in figure 29. In these  curves  engine  weight i s  constant at a 
value of 650 pounds per  square  foot of  compressor t i p  area, and the  
engine  design  variables  are  the same a s  those  for  figure 30. An af te r -  
burner  temperature of  3500° R was assumed. In general,  the  trends  are 
the same for  both gross weights. 

The r e su l t s  of figures 28 and 29 show that   the  general   airplane 
performance trends  with changes i n  engine  design f o r  a wide range of 
airplane gross weights we  similm,  although  the  effects of engine  weight 
are accentuated. 

SUMMARY OF RESULTS AND CONCLUSIONS 

An analysis  has  been made t o  determine the ef fec ts  of turbojet  
design and operating  variables on the performance of high a l t i t ude  
supersonic  interceptor  or  fighter  airplanes. This analysts indicates 
t h a t  engine w e i g h t  i s  one of the most important  parameters i n  the 
selection of the  interceptor  power plant .  w i n e  component eff ic iencies  
within  the range of variation encountered in   cur ren t  engine designs 
a re   l e s s  important than engine  weight. The other  engine  design  vari- 
ables,  such as compressor pressure  ratio,  turbine-inlet  temperature, 
afterburner  temperature, and air-handling  capacity,  interact i n  a cm-  
pl icated manner, and individual optimum values  of  design  variables 
may not be  selected  unless all other  design  parameters are specified. 
For example, any chenge i n  an englne  pmameter,  such as turbine-Inlet 
temperature or  air-handling  capacity, that r e s u l t s   i n  a l igh ter  engine 
f o r   t h e  same thrust output  reduces  the optimum afterburner temperature. 

. 
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Due consideration must a lso be given to   t he   e f f ec t  of changes i n  engine 
design  variables on the operating  conditions  of  the components, such as 
the  velocity and pressure at -the inlet of the primary combustor and the  
afterburner. 

Currently  available components are, i n  general,  limited  to  turbine- 
i n l e t  temperatures of 20000 t o  2200° R, air flows of 27 t o  30 pounds per 
second per  square  foot of compressor f ronta l  area, and a maximum  com- 
pressor  efficiency of 0.85. For  engines  having  these component limi- 
tations,  an afterburner  temperature of 3500° R i s  most deslrable f o r  
both the short- and  long-range interception  missions. 

Advancements i n  engine  design tha t  would make realizable  the  use 
of a continuously  variable  convergent-divergent  exhaust  nozzle w i l l  re- 
s u l t   i n  a large  increase  in combat t i m e  at some expense of low-speed 
performance. 

Increasing  the  turbine-inlet  temperature  affords a means of improv- 
ing the performance of  both  the  local  defense and area defense  airplanes 
i n  a l l  phases  investigated. The best afterburner  temperature is  3500° R 
for  both  airplanes if a convergent  nozzle is used. 

If air-handling  capacity is increased  to 33 pounda per second per 
square  foot of  compressor t i p  area, a compressor pressure  ratio of a t  
leas t  7 is probably  required to   obtain  sat isfactory primary-combustor- 
in le t   ve loc i t ies .  

The use  of a high  turbine-inlet  temperature i n  connection with in- 
creased  air-handling  capacity and a convergent-divergent  exhaust  nozzle 
may provide optimum airplane performance wLthout an afterburner. If 
the turbine-inlet  temperature is increased t o  about 250O0 R fo r   t he  
long-range interceptor and t o  about 2750' R for  the  short-range  inter-  
ceptor,  the same combat time i s  obtained with or  without  afterburning. 
Further  increases  in  turbine-inlet  temperature make the performance 
wlthout  afterburning  superior t o  the performance with  afterburning. 

For the assumption  used i n  t h i s  analysis, t ha t   t he  off-design per- 
formance of the compressor and the engine w e i g h t  are independent of ra ted 
compressor pressure  ratio,  the effect  of compressor pressure  ratio on 
airplane performance w a s  secondary in comparison with  the effects of 
engine specific weight and specific air flow. 

The short-range  interceptor  with the advanced engines would have 
a combat t i m e  of a b u t  5 minutes f o r  an init ial  gross weight  of ll,OOO 
pounds. -The longer-range  interceptor w i t h  the same engines would have 
5 minutes combat time f o r  an i n i t i a l  gross w e i g h t  of about 20,000 
pounds. 
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The general  trends and resu l t s  of the  analysis of the  effect  of 
engine  design  variables on airplane performance are  substantially  inde- 
pendent of a i rp l ane   i n i t i a l  gross weight; the principal  exception i s  
tha t   the   e f fec ts  of engine w e i g h t  m e  somewhat accentuated  for  lower 
i n i t i a l  gross weights. 

For  the  short-range  interceptor, Frrrprovements i n  performance  approach- 
ing that obtainable  with a convergent-divergent  exhaust  nozzle  having 
both  variable  throat and expansion r-atio may be  obtained  with a fixed- tQ 

exhaust-mea,  variable-throat  nozzle. In  the  longer-range  interceptor, N 
however, the  large  losses in nozzle  efficiency  during  subsonic  flight 3 
if a fixed-area  convergent-divergent  exhaust  nozzle i s  used  penalize 
the performance t o  the  degree  that no benefit  may be  obtained by using 
a convergent-divergent  exhaust  nozzle  unless it has both  vaziable  throat 
and expansion r a t io .  

Ins ta l la t ion  of the  engines in   e i ther   nacel les   or   fuselages  resul ts  
i n  approximately  the same  optimum engine  designs. The values of engine 
design  variables which provide msJdmum couibat t ime  for the 1.35 Mach 
number airplane  are similar t o  those for the engine i n   t h e  1.8 Mach 
number airplane.  

Lewis F l i e t  Propulsion  Laboratory 
National Advisory Committee fo r  Aeronautics 

Cleveland, Ohio, September 16, 1953 
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AR 
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C, C" 

D 
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SYMBOLS 

The following synibols are used i n  this   report :  

L 

M 

Subscripts : 

a 

b 

bt  

C 

area 

aspect rat i o  

constant in expression for  fuselage  frontal  area, 
13.3 sq ft 

aerodynamic coefficients 

drag 

wing  efficiency 

net thrust 

constants 

lift 

Mach  number 

dynamic pressure 

wetted area 

air f l o w  

airplane gross weight at beginning of combat 

additive 

fusel-e 

boattail 

comgressor 
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CP 

D 

f 

i 

J 

L 

n 

r 

W 

0 

cowl pressure 

*w3 
friction 

in le t  

Jet 

lift 

nacelle 

maneuverability  factor 

win43 

zero l i f t  

N 
M 

N 
Ir) 
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The  following  assumptions  were  made  in  regard to the  geometry,  drag, 
and  lift of the  component  parts  of  the  airplanes  used  in  the  analysis. 

Fuselage  for  Airplane  with  Engines in Nacelles 
N 
UI 
IX w The  fuselage  for  the  airplane  with  the  engines  in  the  nacelles was 

assumed to be a low-drag  body  with a fineness  ratio of 12 and a maximum 
frontal  area  of 13.3 square  feet.  The  pressure  drag  coefficient  was 
computed  for a Haack body  by  means  of  equation (14) in  reference 7 .  
'?his drag  coefficient was assumed  valid  at a flight  Mach  number of 1.5, 
and was assumed  to  vary  inversely with the  square  root  of  the  Mach num- 
ber  (ref. 8) for Mach numbers  greater than approximately 1.1. The 
pressure  drag was assumed to reach  zero  at a Wch number  of 0.95. The 
assumed  variation of pressure  drag  with  Mach  number  is  shown  in  figure 
30. The  friction  drag  coefficient was computed  from  equation  (sa)  in 
reference 9. The  Reynolds  number was computed for an  average  altitude 
of 35, OOO feet  and a length of 36 feet  and  varied  with  Mach  number. 
The  variation  of  friction  drag  coefficient  based on wetted  area  is 
shown in figure 31. The  total  drag  coefficient  for  the  fuselage  based 
on frontal  area  is shown in figure 32. 

Nacelles 

The  nacelles  were  assumed,  for  ease in drag  calculations,  to  con- 
sist  of  three  sections  with  an  over-all  fineness  ratio  of 9. The 
forebody  had a fineness  ratio  of 3. The  center  section was cylindrical 
in  shape  with a fineness  ratio  of 3. The  aft  section  had a similar 
fineness  ratio  and was of uniform  diameter  except  for a 7.03O boattail 
which  reduced  the  jet  area  to  the  required  size. 

Cowl pressure  drag. - The  cowl  pressure  drag  at any Mach  number 
was assumed  to  vary  linearly  with  the  inlet  area  ratioj  that  is,  the 
ratio  between  the  cross-sectional  area  at  the  lip  of  the  diffuser  and 
the  maximum  frontal  area.  The  cowl  pressure  drag  coefficient,  based on 
maximum  frontal  area,  for a Mach  number  of 1.8 is  shown  in  figure 33 as 
a function  of  inlet  area  ratio.  The  drag  coefficient  is  zero  at an 
area  ratio of unity.  Experimental  data  points  for  cowl  pressure  drag 
taken  from  references 10 to 12 are shown on figure 33. Because  spillage 
at  the  inlet was always  behind  an  oblique  shock  and  because  mass-flow 
ratios  exceeded 0.85, the small variation of cowl  pressure  drag  coef- 
ficient  with  mass-flow  ratio was neglected.  Variation  of  cowl  pressure 
drag  coefficient  with  Mach  number  is as shown  in  figure 30. 
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Boattai l  drag. - Experimental  pressure  coefficients on a boa t t a i l  
a t  a Mach  number of 1 .91 were taken from figure 9(b) of reference 13. 
Average values of the pressure  coefficients were integrgted  to  give  the 
drag  coefficient,  based on f ronta l  area (shown i n   f i g .  34), as a function 
of the   boa t ta i l   a res   ra t io .  The variation of boattail   pressure  drag 
coefficient with Mach  number is the same as that of  cowl pressure  drag 
coefficient  with h e h  number. 

-. 

Friction  drag. - The f r i c t i o n  drag coefficient,  based on wetted M 
area, was the same as for  the  fuselage  in  . the  nacelle  airplane  (fig.  31). ' 0  
This coefficient was multlplied by the   ra t io  of the wetted area to the 
f ron ta l  area to give  the  drag  coefficient  based on f rontal   area.  

(v 

cu 

Fuselage for  Airplane with Engine Submerged 

The fuselage  for the submerged-engine airplane .yas considerably 
larger than the fuselage  required for the  airplane  with.engines mounted 
i n  nacelles. Although the  absolute magnitude of fuselage  frontal a r e  
is  a principal  factor i n  determining  airplane r a g  and hence the  absolute 
leve l  of airplane performance, it was reasoned. th&t in .this case, i n  
which .the  trends or variat ions  in   a i rplane perfo-ce + th  engine s i z e  
were o f  greatest  importance, t o  establish a valid variation ,of fuselage 
frontal   area with engine frontal   area %-s-.a. pri-&ry requirement. Because 
very l i t t l e  data on the drag6 of the cDmponent parts of-fuselages with 
scoop-type inlets were available, a brief study of fiselages with nose- 
type inlets was undertaken.  Layouts of several  fuselage  arrangements 
were made with the  specification that the air velocity in the  engine 
inlet   ducts passing the   p i lo t  should be  reasonable. S t  was found that 
the  variation in fuselage  frontal  area w i t h  compressor frontal area - 

could be closely approximated  by the re la t ion  

5 

". 

This re la t ion  is  l imi t edy ip  appli-tion to   the  range of engine and 
airplane  sizes covered herein.  1f"encine  .s?ze .becomes very small or 
very  large  relative to the  airplane g i z e ,  a . l inear   varb t ion  is  no 
longer valid. .. . I .. . . .  

. .  

For ease  in   calculat ing  the .drag of the,fuselage,  it was assumed 
t o  be made up of .three  sections - an open-nose .cowl w i t ; h  a fineness r a t i o  
of 3, a center  section of constant  diameter  and"fine&s r a t i o  of 6, and -.  .. 

an af t  section of .constant diameter with. a 7..03O b a a t t a i l  of length 
su f f i c i en t   t o  reduce .the exit. .area t o  its- requixed V a l ~ j  the  fineness. 
r a t io .  of the .aft  section.:"^ 3-. Pressure and friction.di-ags were com- 
puted from figures 31, 33, and 34 -as 'for.'the &c&e. . 

- .. . 
.I 

- ." . .. . 

L 

Checks of the drag  calculati-ops 6 t h  the draa coefficients of air- 
plane  fuselages  available  in  the literature indicated 8 very  close - 

agreement. 
I._ . . 
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Wing for  1.8 Mach  Number Airplane 

The 1.8 Mach  number airplane had a straight, tapered wing of modi- 
f i ed  hexagonal section. It had an  aspect  ratio  of 3, a taper  ratio  of 
0.4, and a thiclmess-chord r a t i o  of 0.045. Interference effects betwgen 
wing and fuselage were considered  by assuming the   effect ive area of  the 
wing t o  extend t o  the  fuselage  center line. In computing the  pressure 
drag and friction  drag of the wing and tail, the combined area was taken 
as 1.2 times the wing area. The drag  coefficient  of  the wing at  zero 
l i f t  %,o,w was taken from figure 5 of reference 14. 

The tot81  drag  coefficient  for  the wlng and tail w a ~  then computed 
from 

where 

in  the  supersonic  region, and 

i n  the subsonic  region. The wing efficiency e was assumed t o  be 0.93 
f o r  M '1.1, and 7 f o r  M c  0.95. The assumed drag a t  zero lift and 
drag due t o  l i f t  as f'unctions  of Mach  number are shown i n  figures 35 
and  36, respectively. 

Wing fo r  1.35 Mach number Airplanes 

A tapered wing, swept €0' at  the midchord and with a 5 percent  thick 
double-wedge section, was used on the 1.35 Mach  number airplane. The 
wing had an aspect   ra t io  of 3.5. The t a i l  area was assumed t o  be 0.20 
of the wing area. The pressure  drag f o r  wind and tail a t  zero l i f t  was 
taken from Sigure 2 of reference 7. A constant  friction  coefficient  of 
0.003 was assumed f o r  the range of  Mach  number considered. The drag 
due t o  l i f t  was taken from figure 7 of reference 15 and figure 1 2  of 
reference 16. The variatfon i n  the drag due t o  lift with lift coeffi- 
cient was approximated by the analytical  expression 

cDYL K ' c ~ ~  + K V ~  + K'" 

where K', K", and K"' are  functions of flight Mach number and w i n g  
plan form and were evaluated  empirically. - 
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POWER- PLANT ASSUMPTIONS 

The  power-plant  performance  at  rated  engine  speed was computed in 
terms  of  thrust  per  unit  air f l o w  and  specific  fuel  consumption  over a 
range  of  flight  Mach  number  from 0 to 2.0. Assumptions on component 
behavior  were as follows. 

Diffuser 

A spike  diffuser was used on all engines.  The  inlet  area was 
chosen  to  give a mass-flow ratio  of  unity  at  the  design  point. For 
Mach  numbers  and  altitudes  other  than  design  the  spike was adjueted 
to give minimum  additive drag (ref. 17). Under  these  assumptions  the 
additive  drag  coefficient  based on inlet  area  as a function  of  flight 
Mach  number was as shown in  figure 37. 

The  supersonic  pressure  recovery  for  the  diffuser was calculated 
assuming  the  oblique  shock  and  the normal shock  to  stand at the  lip  of 
the  diffuser. A subsonic  pressure  recovery  of 0.95 was assumed.  The 
total-pressure  recovery  for  the  diffuser  is  shown  in  figure 38. The 
pressure  recovery was assumed  to  be  the  same  for  both  nacelle  and  fuse- 
lage  engine  installations. 

Compressor 

Consideration is given  to  the  off-design  performance  of  the  com- 
pressor.  The  pressure  ratio  quoted in the  text  or  used on the  figures 
is  the  design  pressure  ratio, or the  pressure  ratio  at  rated  speed, 
standard  sea-level  conditions  and  zero  flight Mach number.  The 
compressor-outlet  pressure was computed  from  the  engine gas flow  and 
turbine-inlet  temperature  with  the  assumption  of a choked  turbine 
nozzle.  Engines having design  pressure  ratios  from 3 to 15 were 
considered. 

The  air flow expressed in terms  of  rated  air  flow,  that  is,  the 
air flow at  rated  speed,  zero  Mach  number  at  sea  level,  is shown as a 
function  of  generalized  engine  speed  in  figure 39. Two maximum 
compressor  efficiencies, 0.85 and 0.75, were  used  in  the  analysis. 
Changes  in  compressor  efficiency  with  engine  speed  are shown in  figure 4 

40 expressed  in  terms of the  ratio of compressor  efficiency  to r a x i n ; u m  
efficiency  and  the  ratio  of  generalized  engine  speed  to the generalized 
engine  speed  at  which  maximum  efficiency  occurred  (ref. 2) .  Peak 
efficiency was assumed  at 0.80 rated  generalized  engine  speed. 
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Primary  Combustor 
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Combustion  efficiency wtbs assumed  constant  at 0.95. The  total- 
pressure loss across  the  combustor was 0.05. Heating  value of the fuel 
was 18,700 Btu  per  pound.  The  fuel  consumption was computed  from  the. 
f’uel-air  ratio  charts  of  reference 18. 

Turbine 

%cause  operation  of  the  engine was always considered  at  rated 
engine  speed,  the  turbine  nozzle  was  assumed  to  be  always  choked. 
Turbine  efficlency was constant  at 0.85. 

Afterburner 

Both  friction  and  momentum  pressure  losses  were  computed  for  the 
afterburner.  The  friction drop was equal to twice  the  dynamic  pressure 
at  the  inlet  to  the  afterburner.  The  momentum  pressure  drop was based 
on the  inlet  Mach  number  and  the  temperature  ratio  across  the  afterburner. 
Combustion  efficiency  in  the  afterburner was 0.85. 

Exhaust  Nozzle 

Exhaust  nozzles of both  the  convergent  and  convergent-divergent 
type  were  used.  The  minimum  area was determined  to  provide  rated  engine 
speed  and  turbine-inlet  temperature,  irrespective  of  the amount of after- 
burning  employed.  The  exit  area  of  the  convergent-divergent  nozzle was 
corrected  to  provide  complete  expansion  down  to  ambient  pressure,  except 
in those  instances  where a nozzle  of  fixed  exit  area was used. A range 
of  velocity  coefficient  from 0.9 to 1.0 was  employed  in  the  analysis. 

Fuel  System 

The  fuel tank weight w&s assumed  to be 10 percent of the  weight of 
fuel on board  at  take-off . 
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MATCHING OF POWER PIX?" AND AIRPLANE 
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The  problem of matching  power  plant and airplane wl,ng size  arises 
from  the  interdependence  of  power  plant  and  airplane.  The  thrust ' 

required  is  determined  by  the  airplane  drag,  but  this drag  is  depend- 
ent in part on the drag  of  the  power-plant  housing,  which,  of cour~e, 
is a function  of  the  power-plant  size.  It  therefore  is  desirable to 
secure a set  of  analytical  relations  between  power  plant  and  airplane 
parameters  which  yields a solution to power-plant  size and airplane 
drag.  This  procedure  is  outlined  in  this  appendix. 

Short-Range  Interceptor  with  Power  Plant  in  Nacelles 

1.8 Mach  number  design. - Three  fundamental  relations  were  used  as 
a starting  point.  The  firet  of  these  related  the  airplane  drag to the 
drag  at  zero  lift asd the  drag  due to lift. 

where K is a function of the wing plan  and K C L ~  is  identical  to 

C ~ , ~  in  equatim (B3). The second  of  these was the  relation  between 
drag  coefficient,  lift  coefficient,  and  lift-drag  ratio. 

CL 
cD = L/D 

The  third  expressed  the  assumption  that  the  lift-drag  ratio  at  the 
design Mach number and  altitude  axe  the same when  the  airplane  is in 
level flight m d  in  a 2g turn. 

Simultaneous  solution of the  three  foregoing  equations  resulted in 
solutions  for  CL in level  flight  and L/S in  terms  of CD,o a n d K  
only. 
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(The lift-drag  ratio as determined by eq. (D5) was within 6 percent of 
the maxFmum lift-drag ratio.)  Determination of cDJ0 would  result in 
a ccanplete  solution  for  lift  coefficient  and Uft-drag ratio. 

The drag coefficient  at  zero  lift was written as 

in  which  the  fuselage-wing and nacelle-wing  area  ratios  are unknuwn. 
But 

and 

Because  the  thrust  required  for a 2g turn must be twice  that in level 
flight,  the msxFmum thrust  requirement  for  the  engine was given by 

F 2wg 
A , = -  

Substituting  equations (D8) , (D4) , and (D5) into  equation (D9) md the 
resulting  equation  into  equation (D7) resulted in 

where  Wa/An and F/Wa are knm parameters of the power plant  under 
consideratiun. 



38 - NACA RM ES2F17 

Fram  equations (D8) and (D4) the  ratio of fuselage  to wing areas 
was written  as 

When equations (D10) and (DU) were  substituted  into  equation (D6) 
the  result  was  the  equation i n  CD,o and known power-plant  parameters 
which was solved  for  CD,O: 

cD,O = 

( 3:;) 

2 1 - - -  

o,w( 

In this  equation all terms  are  constant  for a given  flight  condition 

except  the  parameter 
F ' e  
CD'n and  the  gross  weight. The solution  to 
" 

Wa An 
the  equation  is  presented  graphically in figure Q1. The  zero-lift 
drag  is  insensitive  to amall variations in g r o s s  weight. 

W i t h  the  determination of CD,O the cqlete airplane  configu- 
ration  was  obtained fram the foregoing  equations, and enough was known 
to determine  the  airplane  drag  at any Mach  number. 

1.35 Mach  number  design. - A similar  matching  procedure was used 
for  the  airplane  designed  for a Mach  number  of 1.35 with a sweptbeck 
wing.  The  total  drag  coefficient  for the airplane was modified in 
accordance  with  the  expression for drag  due  to  lift  for  the  swept 
win@;  (es. (=I)  

CD = cD,o + K'CL2 + K' 'CL + K' ' (Dl3 1 

Short-Range  Interceptor  with  Power  Plant  Submerged in Fuselage 

. 

x 

I 

For the  airplane  with  the  engine  submerged in the fueslage  the c 

matching  procedure  had to be  modified  to provide an analytical  deter- 
mination  of  the  airplane  drag  coefficient.  The  three  fundamental  equ8- 
tions (Dl), (DZ), and (D3) are  valid  for t h e  fiselage  installation;  and 5 
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- 2  tan 6 

where 8 is  boattail  angle. For the  fuselage  with  the  engine  submerged 
therein,  geametrically  constructed as described in appendix B, the  ratio cu 
of  surface  area  to  frontal  area  could  be  approximated  by a linear  rela- 
tion  involving  the  inlet and outlet  area  ratios  with 8 = 7'. 

K) 

LC) cv 

A 
= 40.56 + 3.88 + 6.12 Ai Ab Ab Ab 

The M e t  and outlet  area  ratios,  Ai/Ab and AJ/Ab,  were  written 
8s  fUctimB Of Ai/Ac, AJ/A~, Wg, F/Wa, WJAc, B, K, and CD,o, a l l  . 

of which were known except  CD,o. 

where 

A, 6W- 
L 

With  the  help  of the relations (D16), (D17) ,  (D18), and (D20), the 
fuselage drag coefficient was written as 

3 

a single  equation w i t h  two unknowns. 

Another equation involving the two unknowns CD,b and CD,O was 
evolved  from  the combbation of equations (M), (D5), (D8), (D14), and 
(D15), and  the  equation  for  air  flow 

t 
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Thus, 

co 
I 

5- 

The  right-hand  sides  of  equations  (D23)  and  (D25)  were  set  equaJ-  to 
each  other  and  solved  for  Ai/Ac  with  the  aid  of  equations  (D21)  and 
(D22).  The  area  ratio Ai/Ac is a function of AJ/Ac,  F/Ac,  and CD,o. 
For a given  airplane  and  flight  condition, Wg, CD,f, CD,~~, K, K1, K2, 
CD,o,w, B, and q are all fixed. The ratio  Ai/Ac  was  plotted  against 
CD,~, and  cross  plots  yielded  CD,O  as a function of F/Ac and Aj/Ac 
for a selected  Ai/Ac.  With  the  assumed  inlet  configuration  the  flight 
Hach d e r  and  air-handling  capacity W$Ac determine 4/Ac. In fig- 
ure 42, cD,O  is  plotted  against  F/Ac  for  several  values  of  AJ/A,. 
"his  figure  is  for a Mach  number  of 1.8, an altitude  of 50,000 feet, 
and  an  air-handling  capacity of 27 pounds  per  second  per  square  foot. 
For any engine  under  consideration, F/Ac and  AJ/Ac  are known and 
the  drag  coefficient  at  zero  lift  can  be  determined from a figure 
similar  to  figure  42. 

The determination  of  CD,o  together  with  equations (D4), (DS), 
(D8), (D15), and (D24)  makes  possible  the  determination of the  cam- 
plete  airplane  configuration. 

Long-Range  Interceptor  with  Power  Plant iri Nacelles 

For  the  longer-range  interceptor  the  wing  loading  was  held  at a 
fixed  value. This necessitated a modification in the  analytical  pro- 
cedure  for  matching  the  airplane and power  plant.  The  total  drag 
coefficient of the  airplane was written as the sum of  the  drag  coef- 
ficients  of  the wing and  tail,  the  body,  and  the  nacelles,  multiplied 
by  appropriate  area  ratios.  Thus 

Ab An 
cD = CD,w+t + %,b + A, 'D,n 
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A substitution for the  drag  coefficient of 
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the wing  and  tail  yields 

The  Bame  equation  can  be mitten in  terms of the  airplane drag q and 
the  wing area as followB : 

Equation  (D28)  may  be  solved for Ad&;  and  when  the  thrust  is  sub- 
stituted f o r  the  drag,  the following equation  results: 

" 
11 - W 

where 60 and 6 are  the  ratios of the  ambient  static  pressure  and  the 4 

compressor-inlet  total  pressure,  respectively,  to  NACA  standard  sea-level 
static  pressure.  Because  the  flight  conditions,  wing  loading,  and  engine 
parameters  are all known or assumed  for  any  particular  power  plant  and 
flight  plan  all  the  quantities  in  equations  (D29)  and  (D26)  are 
determined. 
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Afterburner temperature, 9 

Figure 3. - Effect of afterburner  temperature on performance of 
interceptor  without  cruise or loiter provisions.  Compressor 
pressure  ratio, 5; compressor  efficiency, 0.85; turbine-inlet 
temperature, 2000° R; air flaw per unit  compressor mea, 
27 pounds per second per  square foot; engine  specific  weight, 
650 pound's per square foot; convergent  nozzle. Design Mach 
number, 1.8. 
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Figure 4. - Effect of afterburner  temperature on performance 
of interceptor  with  cruise and loiter  provisions. Com- 
pressor  pressure ratio, 7; compressor efficiency, U.85; 
turbine-inlet  temperature, 200O0 R; air flow per unit c m -  
pressor area, 27 pounds per  second  per  square foot; .engine 
specific weight, 650 pounds per square foot;  convergent 
nozzle. Design  Mach number, 1.8. 
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Figure 5. - Effect of ccmpressor  pressure  ratio aml ccmpressor  efficiency on per- 
formance of interceptor  without  cruise  or  loiter  provisions.  Turbine-inlet 
temperature, 20W0 R; afterburner  temperature, 3500' R; air flow per unit com- 
pressor  area,  27 pounds per  second per square  foot;  engine  specific  weight, 
650 pounde  per  square foot; convergent  nozzle. Design  Mach number, 1.8. 
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Compressor premure ratio 

(b) Engine specific weight aid compreeeor effioiency. 

Figure 6. - Effect 0.f engine specific weight and campreasor efficiency on can- 
738% time of interceptor  without Cr~i6e or loiter proviaion8 for range Of 
canpressor pressure rattos. Turbine-inlet temperature, 2000' R; afterburner 
temperature, 3500' R; air flow per unit canpressor area, 27 pounds  per 
second per square foot; convergent nozzle. Design Mach number, 1.8. 

. 

(a) Specifio engine weight. 

c 
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Figure 7. - Effect of ccrmpressor pressure ratio and canpressor  efficiency on 
burner velocities. Turbine-inlet temperature, 200O0 R; air flow per unit 
campressor area, 27 pounds per second per square. foot. Design Mach 
number, 1.8. 
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Figure 8. - Effect  of  compressor  pressur.C-tio on afterburner  inlet condl-tions.- 
Compreesor  efficiency, 0.85; turbine-inlet  temperature, 2000° 8; air flow per 
unit  compressor area, 27 pounds per second per square  foot. Design h c h  
number, 1.8. 
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Figure 9. - Effect of cqressor efficiency and engine  specific  weight on 
ccmbat  time of interceptor with cruise and loiter provisions for a range 
of campressor  pressure ratios.  Turbine-irilet  temperature, 2ooOo R; 
afterburner  temperature, 3500' R; air flow per  unit  compressor  area, 
27 pounds per second  per  square  foot;  convergent  nozzle. Design k c h  
number, 1.8. 
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Figure lo., - Effect of tudine-inlet temperature 011 performance of interceptor 
without  cruise  or  loiter  provisions. Cmpressor pressure  ratio, 5; ccpnpres- 
sor  efficiency, 0.85; afterburner  temperature, 350O0 R; air flow per unit 
compressor  area, 27 p m d s  per  second  per  square  foot;  engine  specific 
weight, 650 pounds per s q s e  foot; convergent  nozzle. Design Mach 
number, 1.8. 
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. (a) Interceptor  with cruise and loiter  provisions.  
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(b) Interceptor  without  cruise or  loi ter   provis ions.  a' 

Figure Il. - Effect of ccsnpressor pressure  ratio and engine  specFfic 
weight on airplane performance for  elevated  turbine-inlet tempera- 
ture. Turbine-inlet  temperature, 250O0 R; canpressor  efficiency, 
0.85; afterburner  temperature, 350O0 R; a i r  flow per unit compres- 
sor  area, 27 pounds per second per  square  foot;-convergent  nozzle. 
Design h c h  number, 1.8. 
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Figure 12. - Effect of turbine-inlet  temperature and ccanpreseor  pressure  ratio 
on performance of both long- and short-range  airplanes.  Compressor effi- 
ciency, 0.85; afterburner  temperature, 5500' R; ah- flow per Unit ccpqpressor 
area, 27 pounds per  second  per  square  .foot;  engine  specific weight, 650 
pounds  per  square  foot; cowergent nozzle. Design Mach  number, 1.8. 
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Figure 13. - Comparison of performance of interceptor  without 
cruise or loiter provisions equipped w i t h  convergent  and 
convergent-divergent  exhaust noz'zles. Compressor pressure 
ratio, 5; compressor efficiency, 0.85; turbine-inlet tem- 
perature,  2O0O0 R; afterburner temperature, 3500° R; air 
flow per unit  canpressor  area,  27 pounds per  second per 
square  foot;  engine  specific  weight, 650 pounds per square 
foot. Design Mach nunfber, 1.8. 



58 

Velocity  coefficient 

Figure 14. - Effect of exhaust-nozzle velocity  coefficient on combat; time 
of interceptor without  cruise  or  loiter  provisions. Compressor pres- 
sure  ratio, 5; compressor efficiency, 0.85; turbine-inlet  temperature, 
2000' R; afterburner  temperature, 3500' R; air flow p e r   u n i t   c q r e s s o r  
area, 27 pounds per second per square foot;  engine  specific  weight, 
650 pisunds per  square foot.  Design Mach nmiber, 1.8.. - " " 
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Nozzle  design  Mach number 

Figure 15. - Effect of exhaust-nozzle configura.tion on performance  of.inter- 
ceptor  without  cruise or loiter  provisions.  Canpressor  pressure  ratio, 5; 
compressor  efficiency, 0.85; turbine-inlet  temperature, 2ooOo R; after- 
burner  temperature, 3 W 0  R; air flow per  unit  compressor ea, 27 pounds 
per  second per square  foot;  engine  specific  weight, 650 pounds per square 
foot.  Design K c h  nurnber, 1.8. - 
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Figure 16. - Effect of convergent-divergent nozzle design Mach number 
on performance of interceptor  includigg cr+se.. and .loiter provi- 
sions. Compressor pressure ratio, 7; compressor  efficiency, 0.85; 
turbine-inlet temperat-,- 2000° R; afterburner temperature, 
55000 R; air flow per unLt"compressor area, 27 pounds per second 
per square foot;  engine  specific  weight, 650 pounds per square 
foot. Design Mach number, 1.8. 
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Figure 17. - Effect a0 air-handling  capacity and compressor  pressure 
ratio on performance  of  interceptor  without  cruise  or  loiter  pro- 
visions.  Turbine-inlet  temperature, 2000° R; afterburner  tempera- 
ture, 350° R; engine  Bpecflic  weight, 650 pounds per  square  foot; 
convergent  nozzle.  Design  Mach number, 1.8. 
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Figure 18. - Effect of- air-handling  capacity on burner  velocities. 
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Figure 19. - Cmarison of performance of interceptor  without  cruise or loiter prwi- 
sions with engines  mounted in nacelles and submerged in fuselage.  Compressor  effi- 
ciency,  0.85;- turbine-inlet  temperature, 2000° R; afterburner  temperature,  350O0 R; 
air flow per  unit  canpressor  area, 27 pounds per second per square  foot;  engine 
specific  weight, 650 pounds per square  foot;  convergent  nozzle. Design Mach 
number, 1.8. 
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Figure 20. - Effect..& afterburner  tenqerature on perfo-kce  trends of interceptor 
wlthout crulse._ar..Ufter proviaions with engines- in nacelles imd vlth engine sub- 
merged In fuselage. Ccrmpressor~pi.e@sure rdcio, 5; conipessor efficiency, 6.85; 
turbine-inlet temperature, 2000O R; air flow per mt ccm@ressor area, 27 pcunds 
per second  per  square foot; engine specific w e i g h t , .  650'poiuicle per fdctj 
canvergent nozzle. Design h c h  number, 1.8 .  . . . :. . .. . . . . . . . . . . .  

* 
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Figure 21. -- Effect  of  air-handling  capacity on performance  trends of inter- 
ceptor  without  cruise or LoFter provisions  with  engines in nacelles and 
engine  submerged  in  fuselage.  Compressor  pressure  ratio, 5; compressor 
efficiency, 0.85; turbine-inlet  temperature, 200O0 R; afterburner  tempera- 
ture, 3500' R; engine  specific  weight, 650 pounds  per  square  foot;  conver- 
gent  nozzle. Design m c h  nunber, 1.8. 
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Figure 22. - Effect af dterbw%er M e r a t u r e  and engine specific wei&t. on performance -of 
interceptor without cruise or loiter  provisions. Canpressor pressure ra%io, 5; ccmpres- * 
?or efficiency, 0.85; turbine-inlet temperature, 20CX1° R; air flow per unit compressor 
area, 27 pounds pex.'second ger square foot; convergent .nozzle.. Dee lgq  Mach number, 1.35. 
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'igure 23. - Effect  of  canpressor  pressure  ratio,  compressor  efficiency,  and 
engine  s-pecffic  weight on performance of interceptor without cruise or 
loiter prwisions. Turbine-inlet  temperature, 2O0O0 R; afterburner tem- 
perature, 350O0 R; air flow per unit compressor  area, 27 pounds  per  second 
per  square foot; convergent  nozzle.  Design Mach number, 1.35. 
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Figure 24. - Conparison of  effect  of  turbine-inlet  temperature and after- 
burner temperature on combat time of twa different  interceptor  flight 
missions with advanced  engine. Cconpressor pressure  ratio, 7; ccptrpres- 
sor efficiency, 0.85; air flow  per unit  compressor area) 33 pounds per 
second per square foot;  engine  specific weight, 650 pounds  per square' 
foot;  convergent-divergent nozzle. Design Mach number, 1.8. 
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Fated compressox pressure r a t i o  

Figure 25. - Effect  of compressor  pressure r a t i o  4~ combat time of 
interceptor  without  cruiee or l o i t e r   p r w i s i o n s  with nonafter- 
burning, advanced engine. Comgressor ef l ic iency,  0.85; turbine- 
inlet   temperature,  2500' R; air  flar per  unit campressor area, 
33 pounds per  second  per square foot; convergent-divergent noz- 
zle. Design  Mach number, 1.8. 
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Figure 26. - Effect of compressor  pressure  ratio on ccdet time o f  
Interceptor with cruiae and l o i t e r  provisions with nonafterburn- 
tog, advanced engine. Compressor  efficiency, 0.85; turbine-inlet 
temperature, 250O0 R; air flow per unit carpressor area, 33 pounds 
per  second per square footj  convergent-divergent  nozile. Desi@ 
Mach  number, 1.8. 
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Figure 27. - H f e c t  of initial gross weight on ccmibat time of two different  interceptor missions 
with advanced engines. Compressor pressure  ratio, 7; c o ~ $ ~ e s s a p  efficiency, 0.85; turbine- 
W e t  temperature, 25W0 R; afterburner tempefature, 3500 R; air flow per unit compressor 
area, 33 pounds per second per square foot; engine specific Weight, 650 pounds per square 
foot; convergent-divergen-b nozzle. Design k c h  number, 1.8. 
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Figure 28. - Effect of initial gross weight on afterburner  temperature for 
maximum ccanbat time of interceptor  without  cruise 'or loiter with advanced 
engine.  Campressor  pressure  ratio, 7; ccqressor effldiency, 0.85; 
turbine-inlet  temperature, 250O0 R; air flow  per unit ccqressor area, 
33 pounds per second  per square foot; e w e  Bpeciflc  velght, 650 poUnas 
per square foot; convergent-divergent  nozzle. Design Mach nuuber, 1.8. 
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Figure 29. - Effect of initial gross weight on cqressor pressure  ratio 
for maxhm combat  time of interceptor  without  cruise  or  loiter with 
advanced  engine.  Compressor  efficiency, 0.85; turbine-inlet  tempera- 
ture, 2500° R; afterburner  temperature, 3500' R; air flow per unit 
compressor  area, 33 pounds per second per square foot;  engine  speci- 
fic weight, 650 pounds per square foot; convergent-divergent  nozzle. 
Design Mach  number, 1.8. 
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Figure 30. - Assumed pressure drag variation with flight Wch number. E 
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1- 31. - Assumed variation of f r ic t ion drag coefficient for h e m e  and nacelle based on wetted 
area u i th  flight ME& number. 
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Figure 32. - A E S W d  fuselage drag coefficient based on fuselage frontal. mea aa funoticm of fliept 
h c h  number. 
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Figure 33. - Assumed variation of cowl pressure drag coefficient based on frontal 
area as function  of  ratio of inlet area to frontal area. hhch number, 1.8. 
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Figure 37. - Assumed  additive drag coefficient as f’unction 
of flight Mach number. 
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Figure 38. - Assumed  inlet d i f m e r  total-pressure  recovery  ratio as function of 
flsght Mach number. 
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Figure 39. - Assumed variat ion of corrected air flow x i t h  corrected 
engine speed. 
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Figure 40. - Assupled vsrfation of compressor efficiency with corrected  engine 
speed. 
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Figure 41. - Drag coefficient of short-range  interceptor  at zero lift a6 function 

of nacelle-drag  parameter.  Altitude, 50,000 feet; .flight Mach number, 1.8. 
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Figure 42. - Drag coefficlent of short-range  interceptor at zero lift (submerged 
engine instal la t ion)  as function of engine thrust   per  unit  ccanpressor area. 
Altitude, 50,000 fee t ;   f l igh t  Mach n d e r ,  1.8; air flow per unit cmpressor 
area, 27 pounds per second per  square foot. - 
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