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EXPERIMENTAL INVESTIGATION AT HIGH SUBSONIC SPEEDS
TO DETERMINE THE ROLLING-STABILITY DERIVATIVES
OF THREE WING-FUSELAGE CONFIGURATIONS

By William C. Sleeman, Jr.

SUMMARY

Rolling-stability derivatives are presented for three wing config-
urations, which were tested on the same fuselage, over a Mach number
range from 0.50 to 0.92 and for angles of attack up to approximately 13°.
These wings were assorted plan-form configurations of current interest
and were not part of a geometrically related series of plan forms. Two
of the wings were of aspect ratio 3 with NACA 65A004 airfoil sections
parallel to the plane of symmetry and had quarter-chord sweep angles of
12.53° and 30°. An aspect-ratio-} wing was tested which had 45° sweep-
back and had NACA 65A006 airfoil sections.

Even though the test wings were not related geometrically, the
damping-in-roll data for the three plan forms showed slmilar trends with
1ift and Mach number in that appreciable losses in damping occurred as
the 11ft coefficient increased from moderate to high values for the test
Mach number range. Unstable damping in roll was indicated for the aspect-
ratio-3 wings in the higher 1ift range for several Mach numbers.

The rolling derivatives through the angle-of-attack range could be
estimated with good accuracy by using static-force data to account for
nonpotential-flow effects for lifting conditions.

INTRODUCTION

Recent experimental results at high subsonic speeds have indicated
that some wings become unstable with regard to damping in roll at moder-
ate angles of attack (refs. 1 and 2). The present investigation was
undertaken to provide information on the rolling derivatives of several
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wing confilgurations of current interest for a Mach number range from
0.50 to 0.92 and for angles of attack up to approximately 130,

Results obtained in the Langley high-speed T7- by 1O0-foot tunnel are
presented for three wing configurations which were tested on the same
fuselage using the forced steady-roll test technique. Two of the wings
were of aspect ratio 3 with NACA 65A004 airfoil sections and had quarter-
chord sweep angles of 12.53° and 30°. The other wing was an aspect-
ratio-4 wing with 45° sweep and had NACA 654006 airfoil sections.

COEFFICIENTS AND SYMBOLS

The results of this investigation are referred to the stability
system of axes indicated in figure 1, which shows the positive directlion
of forces, moments, and velocities. Moments are referred to & center-of-
gravity location on the fuselage center line and at a longitudinal positlon
correspgnding to 25-percent mean aserodynamic chord for each wing. (See
fig. 2.

A wing aspect ratio, b2/S

b wing span, £t

Cp drag coefficient, Drag/qS

Ap drag coefficlent due to 1ift, Cp - Cpp_,
CDL= drag coefficient at zero 1lift

Cy, 1ift coefficlent, Lift/gS

CZ rolling-moment coefficient, Rollinisgoment
Cp yewing-moment coefficient, Yawiﬁisgoment
Cy lateral-force coefficient, Leteral force

asS

C = BCZ per radian
' = 3lop/2V)’
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3¢,

Cny = ————
P 3(pv/2v)

, per radian

oCy

Cy

(/)

P~ 3(pb/2v)

, per-radian

ooy,

Correction factors for compressibility

(CYR/CL)M=O ’ (CnB/CL)M=O effects obtained from reference 10

Lo N SN ¢ |

Q

pb/2V

A

Subscript:

PF

wing chord, ft

mean serodynemic chord, £t
induced drag factor

Mach number

rolling velocity, radians/sec

2
dynemic pressure, Eg—, 1b/sq £t

wing-tip helix 'angle, radians

Reynolds number, based on mean aerodynaemic chord
wing area, s8q ft

free-stream velocity, ft/sec

angle of attack, deg

mass density of air, slugs/cu ft

sweep angle at quarter-chord line, deg

potential-fiow theory
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MODEL AND APPARATUS

A drawing of the three wings tested and details of the fuselage
used with these wings 1s given as figure 2. The wings which were con-
gtructed of 24S-T aluminum alloy were positioned on the fuselage center
line in a manner so that the longitudinal position of the 25-percent
mean aerodynemic chord point for each wing corresponded with the strain-
gage belance moment center which was fixed in the fuselage. Two wings
of aspect ratio 3 with NACA 65A00% airfoil sections parallel to the plane
of symmetry were tested. One of these wings had a quarter-chord sweep
angle of 12.550.(unswept half chord) and a taper ratio of 0.20, and the
other was swept 30° with a taper ratio of 0.50. The L45° gwept wing had
an aspect ratio of 4, a taper ratio of 0.30, and had NACA 65A006 airfoll
sections parallel to the plane of symmetry. All the wings had zero dihe-
dral and were positioned on the fuselage with zero incidence.

The models were tested in steady roll on the forced-roll sting sup-
port shown In figure 3. Deteils of this test technique are given in
reference 3. Various fixed angles of attack were obtained by use of
offset sting adapters behind the model which were designed to allow the
model to rotate about the moment reference center at each angle of attack.

TESTS AND RESULTS

Test conditlions.- Tests were made 1n'the Lengley high-speed T- by
10-foot tunnel over a Mach number range from 0.50 to 0.92 and through an
angle-of-attack range from 0° to approximastely 13°. The variation of
mean test Reynolds number and maximm wing-tip helix angle pb/2V with
Mech number is shown in figure 4 for the configurations investigated.

Correctlons.- Jet-boundary corrections applied to the angle of attack
end drag coefficlents were determined from reference 4. Blockage correc-
tions applled to Mach number and dynamic pressure were determined from
reference 5. The angles of attack of the model have also been corrected
for deflection of the model and support system under load.

The support system deflected under load end these deflections com-
bined with any initial displacement of the mass center of gravity of the
model from the roll axis introduced centrifugsl forces and moments when
the model was rotated. Corrections for these forces and moments have
been applied to the data.

Corrections for Jet-boundary effects on rotary derivatives were
found to be small and were not applied to the data. Corrections for wing
distortion have not been applied to the data. These corrections were

‘CONF IDENT A
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negligible for the aspect-ratio-3 wings. For the aspect-ratio-4% wing,
the maximum correction to Czp at zero 1lift was estimated to be approxi-

mately -0.02 at the highest test Mach number. This correction decreases
rapidly with a decrease in damping and Mach number (ref. 3). Sting-
support tares were not evaluated for the test models; however, sting
tare effects for tail-off tests of other models (refs. 1 and 2) have

been found negligible.

Results.- The basic results of this investigation were obtained as
variations of forces and moments wlth wing-tip helix angle; however,
since these variations were linear in most cases, only the derivatives
are presented herein. Rolling derivatives of the three wing-fuselage
configurations are presented in figures 5 to 7. Damping-in-roll bound-
aries for the test range of 1ift coefficient and Mach number obtained
from the aforementioned derlvatives and the static-force data of ref-
erence 6 is given in figure 8. Comparisons between experimental and
estimated derivatives, along with some parameters pertinent to the esti-
mations, are presented in figures 9 to 1k. Estimated effects of Reynolds
number at low speed are given in figures 15 and 16 for the 450 swept wing.

DISCUSSION

Basic Damping-in-Roll Results

The stability derivatives of this investigation were obtained by
rotation of the model about the longitudinal stability axis and these
results can be used with other derivatives with respect to the stability-
axes system in the complete equations of motion in assesgsing sirplane
dynsmic behavior. An airplane in free flight, however, following =&
rolling disturbance, would be expected to roll initially sbout an axis
more closely alined with the principsl longitudinal axis than with the
stability axis. Results of the present investigation are believed to
be indicative of the wing damping that would be present if the airplane
wes assumed to roll about the principel axis, inasmuch as the differences
expected between the damping values about the stability axis and about the
prineipal axis would be very small within the relatively low angle-of-
attack range covered in the present tests. '

Experimentsl trends of the variation of damping in roll with angle
of attack for the three test wings were consistent in that, as the angle
of attack was incressed from 0°, the dsmping initially increased and then
decreased at the higher angles of attack (figs. 5(a), 6(a), and 7(a)).
Results for the 12.53° swept wing showed unstable regions of damping in
roll et M =0.50 and M = 0.85 (fig. 5(a)). At a Mach mumber of 0.70,

SO —.
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instability was encountered for this wing above an angle of attack of 12°
and this instebility was so severe that data could not be obtained for
this condition.

Test results perteining to damping in roll obtained for all the
wings of this investigation are summarized in figure 8 which presents
boundaries for which the damping in roll for lifting conditions is half
the value at zero 1lift and for which the damping i1s zero or unstable.
The dotted boundery shows the highest 1ift coefficlent attained in the
rolling tests through the Mach number range. Lines of constant altitude
for level flight and an arbitrarily assumed wing loading of 100 pounds
per square foot are shown to illustrate possible flight conditions, where
appreciable losses in damping would be expected to occur for the wing plan
forms tested.

The results in figure 8 show eppreciable losses in damping for all
the wings over a fairly large Mach number range. These damping losses
are indlcated by the presence of the dashed curves which show combinations
of 1ift coefficient and Mach number for which the damping in roll has
decreased to one-half the initial damping at zero lift. Reference to
the constant-altitude lines indicates that these losses in damping would
be expected to occur at reasonsble operationsl altitudes in level flight.
Although interpretation of these damping losses in terms of aircraft
dynamic behavior is beyond the scope of the present paper, the desir-
abllity of avolding conditions of neutral or negative dsmping in roll is
apparent. Results for both the 12.53° and 30° swept wings show regions
of unstable damping that would be encountered at the altitudes indicated
for level flight or at lower sltitudes for maneuvering conditions.
Although regions of unsteble damping are not indicated for the 459 swept
wing within the range of 1ift coefflcient tested, the assumption could
not be made that this plan form would be satisfactory for flight conditions
beyond the test limits,

Estimation of Rolling Derivatives

Rolling moment due to rolling.- A comparison of experimental and
estimated CZp st zero 11ft is given in figure 9. Estimated results

were obtained from the charts of reference 7 by using the indicated plan-
form transformations to account for compressibility effects. Good overall
agreement with regard to Mach number effects is shown between experiment
and theory; however, values of estimated damping were somewhat lower than
experiment.

Experimental and estimated damping in roll through the 11ft range
are compared in figure 10 for the three highest test Mach numbers. The
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estimated curves were determined from the relationships presented in
reference 8 in which the experimental 1ift and drag date from reference 6
were used to account for effects of induced drag, profile drag, and vari-
ations in lift-curve slope through the angle-of-attack range.

" From overall conslderations, the trends with angle of attack shown
by the calculated curves are 1n good agreement with experimental results
(fig. 10); however, the reduction in estimated damping which occurred
between moderate and high 1ift was more gradusl and of smaller magnitude
than was obtalned experimentally. The occurrence of negative damping

positive CZP) was not indicated in the estimates (figs. 10(a) and 10(b))

but a large decrease in damping was shown for conditions where test results
indicated instability.

Lateral force due to rolling.- Experimental and estimated variations
of lateral force due to rolling with lift coefficient are given in figure 11
for the three test wings. Comparison of test results with estimates based
on potential-flow theory (ref. 9) corrected for Mach number effects
(ref. 10), where

A+ cos A ion A (CYP/CLQM (1)

CYp =L 7% cos A (CYP/CL)M=O

indicates that these estimates afford sgreement with experiment near zero
1ift only and very large discrepancies are evident at high 1ift for the
wings having apprecisble sweep. These differences may be interpreted as

an indication of the nonpotential nature of the flow over the wing for
1lifting conditions. A method has been developed (ref. 1) which accounts
for these nonpotential-flow effects by multiplying values of CYP obteined
from equation (1) by a factor K as determined from experimental 1ift

and drag data obtained in the ususl static-force tests. Estimates based

on this method show very good agreement with experimental results through
the lift-coefficient range tested (fig. 11).

In reference 1, development and explanation of the method for esti-
mating Cnp and CYp by use of an induced drag factor K was concerned

primarily with the more straightforward application to Cnp- Some dis-
cussion of the concepts associated with the use of this induced-drag factor
with regard to CYP might be desirable here. The factor KX applied to
both the aforementioned derivatives can be considered as a ratio which
expresses effects of inclination of the resultant-force vector on the

wing for test conditions, relative to two given flow conditions. For
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assumed conditions of potential flow, the resultant-force vector would be
inelined toward the wing leading edge. This inclination for a swept wing
results in a lateral component of the resultant force and for rolling
flight the lateral force due to roll arises from differences in this
lateral-force component on the upgoing and downgoing wing panels as
illustrated in the following sketch:

Lateral component of N\ Lateral component of
resuttant force on (: resultant force on
left wing right wing

Resultant vector on right
wing inclined toward
leading edge

Upgoing left wing Downgoing right wing

The resulting lateral force due to rolling is directed toward the
downgoing wing and the value of this force 1s given by equation (1).

A nonpotential-flow condition which may be assumed is that for which
the resultant force vector is normel to the wing surface. For this con-
dition there would be no lateral component of the resultant force and,
consequently, the lateral force due to rolling would be zero {tip suction
belng neglected).

Thue far the inclination of the resultant force vector has been
discussed with regard to two assumed flow conditions for which values of
CYP may be readily obtained and it remasins to be determined where the

flow conditions encountered experimentally and the corresponding vector
inclination lie relative to these two assumed conditions. The component
of the resultant force parallel to the local sweep line would be expected




NACA RM LS4HIL ehaNSRRE T 9

to be relatively invariant with angle of attack and the measured drag
due to lift in the stream direction would then be proportional to the
drag in the plane normal to the local sweep line. Therefore, the exper-
imental drag results can be considered indicative of effects of inclina-
tion of the resultant force vector in that plane. Estimates of CY?

based on potential-flow theory would be expected to apply therefore if
the experimental drag due to 1ift was in agreement with theoretical
values as given by Cr2/wA. In like manner, ‘Cyp, would be expected to
be zero if the experimental drag due to lift corresponded to that given
by Cp, tan @ for the case where the resultant force is normal to the
wing surface. The following expression for K 1s used to account for
nonpotential-flow effects through the angle-of-attack range: '

BA(CL tan cr.) _ a( MD)

K = Ja o
3 (Cr, tan @) ) B(CLz/nA)
o &

Inspection of this expression indicates that, when the variation of exper-
imental drag with angle of attack is equal to the variaton of (g, tan a«,

K 1is zero and no lateral force due to rolling would be expected. A
value of unity for K would indicate that the experimental flow condition
encountered corresponded to that for potential flow.

Experimental drag due to 1lift for the three test wings is presented
in figure 12 and values of K determined from these results are given
in figure 13 for two Mach numbers. The variation of K with angle of
attack shows similer trends for the three wings, and the values of K
decrease in going from low to moderate angles of attack, as would be
expected. Values of K at the lowest angles, however, do not approach
unity as might be expected but, in some cases, appear to approach zero.
This variation at low angles is believed to be associated with Reynolds
number effects on drag due to lift and will be discussed later.

Yawing moment due to rolling.- A comparison of experimental and
estimated yewing moment due to rolling is presented in figure 14. Esti-
mates based on potential-flow theory (ref. 7) corrected for compressibility
effects (ref. 10) agree fairly well with experiment at low 1lift; however,
eppreciable departures are evident at moderate 1ift coefficients. Esti-
mates based on the method of reference 1, where




10 CONELDFUihbiing NACA RM L54H11

. c
_ . an o - p (Cop/Cr)u
Cnp = -Cyp, & K |-Cy CL<CL )PF C (2)

vere generally in very good agreement with test results through the 1ift-
coefflclient range. Some of the discrepancies shown between experiment

end estimates by using the method of reference 1 are attributable to dif-
ferences in estimated and test values for damping in roll at high angles.

Estimated Effects of Reynolds Number

Experience in estimating rolling-stability derivatives for e number
of wing plan forms having considerable differences in geometry and for
Mach numbers up to 0.92 has indicated that these derivatives can be pre-
dicted with reasonable accuracy by using experimental static-force data
to account for nonpotential-flow effects. It would, therefore, be desir-
able to use these estimation procedures to assess effects which could
not be determined experimentally with existing equipment. One problem
of interest which has not been investigated experimentally is that of
the effects of Reynolds number on rolling-stablility derivatives for a
large Reynolds number range. Static-force data from which these effects
can be estimated at low speed are presented in reference 1! for several
wings of aspect ratio 4, one of which corresponds to the 45° swept wing
of the present tests. BSignificant Reynolds number effects were 1ndicated
on drag due to 1ift for this wing particularly at low angles of attack
and the effects might be expected to persist in the rolling derivatives.

Values of the factor K were determined for Reynolds numbers of

approximately 3.0 X 106, 6.0 x 106, end 12.0 x 100 and these results are
given in figure 15. Results at the lowest Reynolds number show decreasing
values of K as the 1ift coeffielent decreases from about 0.2; whereas
velues for the highest Reynolds number approach unity et very low 1lift
coefficients. These results indicate that flow conditions closely corre-
sponding to potential flow would be expected only at high Reynolds numbers
and low lift for this wing; whereas, at high angles of attack, values of

K were not appreciably affected by Reynolds number because the flow was
separated.

Effects of Reynolds number on the rolling derivatives for the
45° gswept wing are presented in figure 16 and show trends thet would be
expected from the preceding discussion of K. Estimates at the highest
Reynolds number for all the rolling derlvatives are in good agreement
with potential-flow theory up to a 1lift coefficient of 0.2 whereas results

- v SONTTDRRM.
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at R = 3.0 X 106 for Cn_p and CYP were not in agreement with potential-
flow theory. At high 1ift, Reynolds number effects on CnP and CYP
appear negligible and effects on Czp are, to the first order, the effects
of Reynolds number on lift-curve slope at high angles of attack.

CONCLUDING REMARKS

The results of an investigation to determine the rolling stebility
derivatives of three wing~fuselage configurations having aspect-ratio-3
wings of 12.53° and 30° sweep and an aspect-ratio-4 wing having 45° sweep
indicated similar trends with lift coefficient and Mach number for an
angle-of-attack range from 0° to 13° and Mach numbers from 0.5 to 0.92.
Appreciable losses in damping occurred for all the test wings at high
lig;, and the aspect-ratio-3 wings became unstable at Mach numbers near
0.55.

Estimations of the rolling derivatives for the three geometrically
unrelated wings were in good agreement with experimental derivatives
when static-force data were used to account for nonpotential-flow effects
for 1ifting conditions.

Langley Aeronauticel Leboratory,
National Advisory Committee for Aeronautics,
Langley Field, Va., July 26, 195L.
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Figure 3.~ General arrangement of forced-roll support system.
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Figure 5.- Variation of rolling-stabllity derivatives with angle of attack
for the aspect-ratio-3 wing swept back 12.53°.

R Y
CHARRRN—.



NACA RM L5hHI1 W

T
2B FEE jJ:: i

= S M

o= T
OE== = : 0920
-2 5 :

= s o0
2T
0 === assaasdsE : HH0 85¢

] H

=2 F o

e H o0
2E
= ' ' = 0.500
2

o 2 4 6 8 /0 2 4

Angle ofattack ,z,deg

(v) Lateral force due to rolling Cy,,

Figure 5.- Continued.
SRR A

19



20

~ CONFINERETA:

NACA RM L5LEH11

-E;;; “b; M
- s 092
: el ogon
L
i 0.85¢
i
imsases R A 0. 70 0
0500
fEsEiiapinig

2

4 6 &

Angle ofattack, «,deg

CONF IDENT A%

/10

Figure 5.- Concluded.

2

(¢) Yawing moment due to rolling Cnp'

/4



NACA RM L54HLL .. 21

Ll " ! M
D O E : : 0920
& =092
TR At
O .I / N 090N
o 0 E 7scaias 0.85¢
c i M=090F £
Zp 3
o0 k L ' 0.70m
i T
& 1]
%ﬁ@f)’v"
o 0 ”g Shicies =3 0.500
=/ B :
= R M =070
2F SiEse
-JE
: L =090
4B R i

0 2 4 6 8 0 2 14
Angle of attack,a,deg

(a) Damping in roll Czp.

Figure 6.~ Variation of rolling stability derivatives with angle of attack
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