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NATTONAL: ADVISORY COMMITTEE FOR AERONAUTICS

RESEARCH MEMORANDUM

AFRODYNAMIC PRINCIFLES FOR THE DESIGN OF
JEI-ENGINE INDUCTICON SYSTEM3

By Wellace F. Davis snd Richard Scherrer
I. INTRODUCTION

An gir-induction system conveys elr from the atmosphere to the
engine of sn alrcraft. Its purpose 1s to supply, under all flight con-~
ditions, the elir needed for best operation of the engline with the least
disturbance to the externsl flow. In other words, to avold penalties in
engine size, welght, and fuel consumption, an inductlion system must supply
alr at the meximm pressure end wilth the least drag and adverse inter-
ference possible. The flow to the engine must be sufficlently uniform
and steady to maintain engine performance and to avoid vibretion and
structurel fallure. The significence of the alr-induction system in
high-speed-aircraft deslgn has been well illustrated by Sulkin in refer-
ence 1. It 1s ghown that for fighter aslrcraft flying at Mach mmbers less
then ebout 1l.l, the pressure losses through a typical normal-shock inlet
cause a loss In engine thrust that is equivalent to less than 10 percent
of the wing drag; vhereas, at a Mach number of 1.6, these pressure losses
reduce the engine thrust force by an emount equal to the wing dreg.

A sizeble quantlty of research has been dlrected toward findlng
solutions to the problems of elr-inductlon systems, perticularly in the-
Msch number renge from O to 2; but the results have not been consolidated
into an orgenized group of deslgn principles. Kuchemann end Weber have
written a textbook on propulsion (ref., 2) and present some discussion of
alr induction. However, further consolldation of information 1s requilred,
perticularly for supersonic alrcraft. It is the purpose of thls report
to assemble principles of induction-system design for flight to a Mach
nmmber of 2 and to use exlsting date to show the consequences of compro-
mising them, TIn order to accomplish this teek 1t was necessary ‘to make
an extenslve search of exlsting lltersture on eir-induction systems, A
bibliogrephy besed on this search ls sppended to the present report.

The blbliography lists reports published since 1948 and thus extends the
blbliography of reference 3. The authors acknowledge with gratitude the
asglstence glven by Mr. Emmet A. Mossmen, Mr, Forrest E. Gowen, and

Mr, Warren E. Anderson 1in carrylng ocut the llterature search and in ma.king
other contributlions to thils report. .
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The design of an air-induction system for an eircraft is greatly
influenced by the design of both the alrfreme and the engine, snd the
performaence of airframe and emngine can be seriously affected by the
induction system. Therefore, the problems of ailr induction muist be con-
sldered from en over-sll viewpoint, and a broad outline must be selected

to relate design principles. In this report, the problems of sir-induction
systems are arranged according to the following outline, and the principles

that have been esteblished for thelr solution are presented undex the
appropriate problem headings.

A. Definitions are presented to describe the forces involved and
the terminology used In air-indurtion-system design.

B. The relationships of the induction system to both sirframe and
engine are discussed to indicate the preliminary design con-
siderations.

C. The detail design problems of ensuring high performance of an
isolated air-induction system and then of msintaining this
performance when in combination with other ailrcraft components
are dlscussed under two headings:

1. Induetion, that 1s, the pressure-recovery, drag, flow-
uniformity, and flow-steadiness problems encountered in

supplylng alr to an engine.

2. Interference, or how other parts of an sirframe affect the
Induction system and vice versa.

This arrangement is 1llustrated by the following chart:
Alr-induction systems

1
Definitions
—=

Preliminary consliderations
)
Alrcraft requirements

]

Airframe-induction- . Engine-induction~
system ca;nbina.tion : : e e - systeml combination

Detall conslderations

T
Induction ' Interference -
Pressure recovery Alrfreme-induction system
Drag T ” 7 Induction-system alrframe

Flow stesdiness and unjformity




NACA RM AS5F16 N ' 3
1I. DEFINITIONS

In order to discuss induction-system design over e wlide range of
operating conditions, it is necessary to have a consistent terminology.
The definitions thet have been selected for use in this report have all
been used previously; and 1n the many instances where several terms have
been used by various Investigators to Indicate the same concept, the
cholce made here 1s based upon conslderations of consistency, populer
ussge, and convenlence.- .

AIR-TNDUCTTON SYSTEM

To define the major fectors Involved, consider the general arrange-
ment of the following sketch:

Sketch (1)

The alr-induction system (stations 1 to 3) is a part of the propulsion
system (stetions 1 to 4) and is defined to be that portion of an alrcraft
whose purpose 18 to convey elr from the atmosphere to an engine. The
induction system includes any measures taken to compress or divide the
oncoming alr stream that eventuslly flowse through the engine, such as the
ramp end boundary-layer bleed (stetioms 1 to 2) shown in the sketch.

The Inlet is at station 2, and the Inlet area 1s messured In a plane
tangent to the most upstream point of the 1ip and normal to the mean flow
direction in this plane at maximm mass flow end zero angle of attack.:
If the entire cowl lip does not lie in-the Inlet plene, the inlet area is
taken es the area ocutlined by the forwardmost points on the lips projected
onto the inlet plene. For perticularly distorted inlet shapes, these
definitions are not always eppliceble; in such cases; an area should be

G -
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chosen which 1s the most representative in terms of Induction-system
performence. Many specific definitions of inlet ares have been employed
in the literature; two of these which are particularly useful are the
cepture ares, the axlal proJjection of the inlet area and compression-
surface frontel area onto the plaene of station 1, end the minimm cross-
.sectlon ares, station 2'. Each of these definitions is convenient in
certain cases, and they are identical for sharp-lip normal-shock inlets.
The duct (statlions 2' to 3) in the gemeral case includes an area and

shape varlation along 1ts length, bends, and s plenum chanber. The engine
inteke 1s at station 3 and is considered to be upstream of all components
that ere normally supplied with an engine and thet are present when static
tests of the engine are made. It 1s thus ahead of screens and swirl vanes.
The inlet lip and the fairing of external surfaces into other perts of the
alrecreft are considered to be problems of the induction system.

Generally speaking, there are two characteristics used to identify
alr-induction systems; namely, the location of the inlet on an aircreft
and the method used to produce compression upstream of the inlet. For
example, induction systems are denoted by such terms as nose, slde scoop,
wing-root, conical-shock, or internal-contraction inlets; and these
expressions are cambined for more camplete designatioms.

DIVISION OF FORCES

The divislion of forces between a propulsive unit and other parts
of an aircraft must be carefully defined;to ensure consistency. (See
ref. 4, for exemple.) The alr that flows through & jet-propulsion eystem
18 compressed, heated, and then expanded to atmospheric pressure with
the reaction fram the ensulng acceleration of the gases used to overcome
the restralning forces of pressure and friction and to accelerate the
aircraft. The division of the component forces that are included in these
thrust and drag forces 1s, to a large extent, arbitrery, but for practical
reasons speclfic definitions must be selected. The engine designer, having
no knowledge of the girframes in which an engine might be installed, .
defines engine thrust with quantities that are independent of instaella-
tion conditions. The term used to descrlibe the propelling force of an
isolated engine is the "net thrust" which 1s the rate of change of total
momentum (pressure plus momentum £lux) of the gases handled by the engine
« from the free streem to the tall-pipe exlte. The aircraft designer defines
the force evellable to accelerate en sirereft, thet is, the net propulsive
force, as the sum of ell the forces, friction and pressure, in the flight
direction that act an all the surfaces of the aircraft (both internal and
external) that are exposed to the flow of air. In using engine information
to calculate this net propulsive forece, the designer must be consistent
because it is assumed in the engine data. that the propulsive system
receives alr with free-stream momentum, but in an alrcraft installation
this 1s generally not so. A correction must be made for the difference

P N
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between the free-stream and Iflet total momentum in order to obtain the
net propulsive force. _ﬁﬁ'e fo:l_'l.owing discussion 1.'I.lust.ra.tes the considers-
tions which are involved.

The net thrust force of en engine 1s defined as (see Appendix A for
definitions of symbols end sketch (1) for the positions indicated by the
numerical subscripts)

Fn & meVy - moVo + Ag(Pa =~ Do) (1)

It 1s assumed In this equetlon that the wveloclty and pressure distributlion
at stations O and 4 sre vmiform end steady and that A. 1s normal.to the
flight direction. The net propulsive force of an alrcraft is defined as

Fr, = fAin(P - Po)dA - Dyy, | - an(P = Po)dA + Dy, (2)

Here, the pressure forces [(p - po)dA and the viscous forces @‘. are
the components in the flight dlrection, and they are divided between
internal end external surfeces, Ain and Aex. A force tending to acceler-
ete in the flight direction 1s considered positive; thus the reaction
from the accelereted gases of a Jet engine causes a posltive pressure
difference and & resultant posltive force on the internal surfaces Ajin.
The internal surfaces include those of the air-induction system (that 1s,
from the stagnation polnt on the lesding edge of the remp and from the
stagnation point on the inlet 1lilp to the engline Iintake, station 3, in
sketch (1)) and the engine and nozzle passages to the exit. The externsal
surfaces Agy &are those in sketch (1) fram the forebody nose to stetion
1 and from the stegnstion point on the 1lip to station k.

The first bracketed term of equation (2) less the farce on the ramp
1s, sccording to the momentum theorem, equal to the rate of momentum

chenge between the exit and the plane which Includes the stegnation
points on the inlet 1lip (for e three-dimensionsal inlet)

[ (p - pg)dA - Dva - (Fy) = meVa + Aalpa - Do) - M1 (3)
Aip . . . .

SR



6 y NACA RM ASSF16

MIEf pTVT2dA +f (p - po)dr
At At

At ares In the plane through the entry section enclosed by the =
stegnation points of the internal flow én the lip; this plene
is here assumed normal to the fllght direction, and flow-
inclination angles are assumed to be negligibly small

Fr sun of the pressure end friction forces in the flight direction
acting on the remp; 1t is & negative force.

To utilize Fp 1n determining Fn,, the equation for the former can be
rewritten es the sum of the ratesngf momentum chenge of the gases handled
by the engine between the exit and station Ay and from Ay to the free
stream . . )

Fp = meVe + Ae(De - Po) - M1 + MT ~ moVo (%)

From equation (3),

Fp = A (p'Po)dA"DVj_n-_ + Fr + ML - mgVp
in . : .

so, substituting in equstion (2)
Fnp = Fn - (M1~ moVo) - Fr - an(P - Do)dA + Dyey

—d

Pop = Fa - j; (P - Po)dA + Dygy + (MI - mgVo) + Py (5)
ex ’ -

—

According to the momentum theorem, the rate of chenge of momentum ‘through
the boundsry gbout a definite volume of fluld is equal to the resultant

of the pressure integral over the free-fluid surface and the forces acting
on the fluid due to solid surfaces. (This statement of_ the theorem assumes
steedy flow and no shear forces on the free-fluid surface.) For the
streamtube between Ay and the free streanm,

AT
[ prVy A +f (py - Po)dA - moVo j=f (p - Po)aA - Fg - Fr -
C
1

-AI \ .
. ‘

Y
L]
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At
MI"moVo'f (p - Po)dA -~ Fp = Fp (6)

o]

vhere Fg is the body force between the nose and stetion 1 in sketch (1)
acting on the air which eventuslly flows through the engine. If the alr-
inductlon system has a boundary-layer bleed, 'as In sketch (1), which pre-
vents the boundary leyer from the forebody from entering the inlet, MT
would not include any of the momentum decrement of this boundeary leyer,
so Fp should then represent only the pressure drasg on the strip of
external body surface which 1s affected by the flow to the englne. Sub-
stituting equation (6) into equation (5) glves the finsl relationship

. Ar
Pnp = Fn - fAex(P - Po)dA + D¥eax +f (p - Po)aA - Fg (1)
o

In subsonle flight, when the flow 1s nelther separated nor anyvhere
supersonic, the determinetion of net propulsive force i1s somewhat sim-
plified. For such conditlioms, the flow oubslde the boundery layer can be
consgldered Irrotetionael, and D!'Alenbert!s theorem states thebt for e body
gbout which the streamlines close, the component of the pressure integral
In the flight direction must be zero over a bounding stresmtube from the
upstream statlon at which the flow is undisturbed to the similar down-
stream stetion provided, In the case of e three-dimensiomsl body, that
i1t carries no 1ift. Assuming for easse of explanation that the external
flow reaches amblent pressure at station 4 and thet sketch (1) is axislly
symetric, it follows that

4

Ar
f (p-po)dA+f(p-po)dA-o
[o] 'A‘I

Restating the terms of equation (7) in smaeller camponents

. . . Ar
an'Fn-f(p-po)dA+f (p-po)dA+Dqu+f (p - polad -
B AT . (o}

f(p - Po)dA - Dyg
B

(the integral designated B 1s the pressure force on the forebody from
the nose to station 1) so

F

W VYA
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Fnp = Fn - Dy # Dvg . (8)

where DV ia the friction force on the.forebody surface that affects

the flow to the engine. In equation (8) Dvg (and in equation (T7) -
I(p-po)dA-FB for the case of rotational flow) is the corrective term

required by the definition of the component forces of P The engine
net thrust is the rete of momentum change from the free s a.mtothe
tail-pipe exit (eq. (1)), but part of this momentum chenge Dyg cemnot
be charged to the intermnal flow because 1t 1s accounted for in the
external flow es & part of Dy,.. To avoid. the inclusion of DV twice
in FnP, the momentum at the :Lnitial sta.tion of the internal :L’lorw must be
corrected to local conditions, which means that must be edded Into
the equation for an because the true Inlet momentum is less than that
as defined (moVo) and thus tends to increase Fn,+ In the event the

boundary layer from external surfaces 1is.removed from the engine flow

by e boundary-layer bleed such as that of sketch (1), Pn 1s not affected
by this loss in stream momentum, and the correction Dyg 1is u.nnecessery
Then, :

Fnp = Fn = Dygy (9)

Taking boundary layer into en induction system does not, of course, result
in only an sdditlve correctlon, for F, decreasee because of the loss

in pressure at the englne face and the decresse in mg and V4 which must

be suffered by an engine wilth & limiting design temperature. However, if

DVB incresses faster than F, decreases, there can be an improvement in

an as boundary layer 18 taken into the Induction system. Quick in

reference 5 shows that for a certaln engine a decrease in gpecific fuel
consumption and an increase in aveileble.thrust can be produced by teking
boundary layer fram s forebody into the engine at flight speeds less than
gbout 300 mph. At greater speeds, the thrust decreased rapidly relative
to that of an engline teking in no boundary layer because of the Increessing
compressor inlet temperature and because of the loss in dypemic compres-
sion shesd of the engine. (See also ref. 2, p. 205.)

If the pressure et station 4 is not equsl to amblent pressure, then

At

/

[o]

4 oo
(p-po)dA+[(p-po)dh+f(p-po)dA=-o
T 4

S
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an = Fn +f (P - Po)dA-DVQx + DV'B (10)

<

In other words, a correction must be made for the mcomentum chenge occur=~
ring in the Jet which affects the flow end thus the forces, as previousiy
defined, which act on the system. This correction is a pressure-drag
force which acts on the externsl surfeces. (See ref. 6.) The fact that
symmetry 1s not a necessary condition for the preceding equations for
subsonic potentlial flow has been demomstxrated In reference 7. It can
also be seen from the fact thet if & closed body, which according to

the essumed flow conditlons can have no pressure dreg, 1s edded to the
system, the symmetry is destroyed snd the totel pressure dreg mmst still
be zero 1f the flow remains irrotational.

FERFORMANCE PARAMETERS

The basic terms used In describing the performance of air-induction
systems are pressure recovery, drag, and mass flow. A description of each
of these concepte follows.

FRESSURE RECOVERY

Severel terms have been used to describe the performance of alr-
Induction systems in regard to thelr effectiveness in providing an engine
wilth high-pressure alr. The totel-pressure retlo ;p-[-,a/pto is the average
totel pressure &t the engine inteke pgg divided by the totel presswure
avellable from flight. -(Methods of measurement and the determination of
the effective pig In nommiiform flow are discussed in Appendix B.)

This rafio is used when an air-induction system 1s being considered in
relation to an engine-airframe combination becsuse 1t 1s dlrectly related
+o0 the net thrust aend the fuel comsumption. Kiichemsnn end Weber show
by & simplified anslysis of turbojet engines in reference 2 (p. 197) that

AF Fny = Fng _ b
n: = Fog ‘_I'<l - '];TZ?) (11)
A(Q/Fn) _ (Q/Fn)i - (Q/Fn)a _ - L)(l _ .?3 (12)
(Q/Fn)i (Q/‘Fn)i to
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where
=1
E’ - 1 /Po ";v_—1
Try —
- —_——i 2y D i
L1+
1-1q it
Ji ( Po:> 7
1l - B
— i —
ng Jet efficlency, S - R
1+ (V3/Vo)
:—t: pressure ratlo across the englne iexit nozzle
a actual Installstion wilth induction-system losses
1 ideal installation without Induction-system losses
Q fuel consumption

Thus L depends on engine design and flight conditions and is greater
than 1. A decrease in total-pressure ratio reduces the engine net thrust
and increases the specific fuel consumption with a greater effect on the
thrust reduction. This occurs because the net thrust decreases with both
the mase flow and the Jet velocity while the fuel that can be burned
decreases only as the mass flow for a fixed turbine inlet temperature.
(See also refs. 8 and 9.) )

Rem-recovery retio (Pig-Po)/(Pty=Po) is the ratio of differences
in total pressure ss messured at the engine face and ambient static pres-
sure =-po &nd the totel pressure and static pressure in the wmdis-
turbed stream pto-Po. This parameter 1s useful because experlence has
demonstrated 1t to be only a wesk function of Mach number for well-
deslgned systems in subscnic flow at a fixed mass-flow ratio. (See
ref. 10.) Thus, the results of low-speed wind-tunnel tests can be extra-
polated to high subsonic Mach numbers (of the order of 0.9) for conditions
in which the totel-pressure proflle at the; Inlet in flight 1s simulated
in the tests.l Conversion from ram-recovery ratio to totel-pressure
ratio 1s asccomplished by the formula:

18ee reference 1l for a discussion of equlvalent mass-flow ratios
to be used in low-speed tests simulating high-speed conditions. The
equivalent mess-flow ratio is one which produces the same pressure rise
ahead of an Inlet at low speed as occurs et high speed and thus 1s useful
in simulating conditions for configurations which have & boundery layer
growing on surfaces shead of the inlet.

n

el
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Curves of this varistion for 7 = 1.4 aere presented in figure 1. (Through-
out this report 7 1s essumed to be equel to 1.L.)

The paremeter 1- [(Ptg-Ptg)/az] hes frequently been used to describe

losses in duet systems. As with ram-recovery ratlo, tests of subsonic
diffusers wlith unseparated flow bhave shown little variation of thls param-
eter wilth Mach number; but, also, 1t 1s not directly relsted to engine
performance. With alr-induction systems, g can be estimated for most
operating conditions without resorting to detalled flow messurements at
the inlet. At the high mass-flow ratlos which occur In teke-off, the
mejor losses in pressure occur &t the Inlet lips, and it 1s a Talr essump-
tion that Pto®ptg. Then, g2 can be calculated from the measured msss-
flow, Az, end pt,. However, at mass-flow ratios of the order of 1, the
major losses occur Iin the duect and pt.#pty under which comnditions it is
more reasoneble to calculate gz on the basis of pt,. If the parameter
is used, the conditions for the determination of gz must be specifically
stated to avoid confusion.

DRAG

The drag coefflclent of an alr~Induction system 1s the dimensionless
retio of force in the flight direction caused by an alr-induction system
being sdded to an alrfreme-engine combination to the product of the
dynemic pressure of flight snd a characteristic erea of the induction
system. As indiceted in the previous discussion, 1t is necessary to be
consistent in defining drag; the bracketed term of equation (7), the net
drag Dn, caen be regarded as the drag force which 1s conslstent with the
definition of net thrust PFPp usually used 1n computing net propulsive
force Fpy,. The bracketed term of equation (7), in the genersl case,
includes much more then the drag force of the sir-induction system, for
the drag of besic body, wing, teill, etec., must, of course, be Ilncluded
in the net propulsive force. However, for the present discussion, 1t
is sssumed that only & scoop arrangement such as that of sketch (1) 1s
being considered. The force on the slr-induction system 1s the pressure
and friction forces ceused by adding the scoop to & basic body plus the
pressure integral on the free surface of the engine-flow streamtube minus
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the body forces acting on this streamtubée.” This difference of pressure
integral end body force has been called the "scoop incremental drag.” »
(Bee refs. 7 end 12.) In the present dévelopment, the ramp was considered
part of the alr-induction system, and the force on 1t does not appear in
the scoop incrementel drag. However, if a ramp (possibly beceuse it is

a portion of a canopy) is considered not a pert of the intermal system,

but to contribute an external force, then the portion of it affecting

the engine flow must be included in Fg of the scoop incremental drag.

If the configurstion has a nose inlet and there is no forebody acting on
the engine flow, then only the pressure Integral from the inlet to the

free streem is effective; this force has beén called the "additive drag."
(See refs. T, 12, and 13.) The "external drsg" of an air-induction

system is the sum of the pressure and viscous forces in the flight direc-
tion scting om the external surfaces of the air-induction system. Many
reports on inlets define "externsl dreg". as the sum of external pressure,
friction, and scoop~incrementel dreg forces; to prevent confusion, this

sum 1s called "net drag" in the subsequéent discussion.

MASS FLOW

The mass-flow retlio used to describe the flow through air-induction
systems is the mass of alr that flows through an inlet divided by a
reference £flow rate o . . T

- - =

fdeA )
me |, VA2 :
Lref f oVaA

Arer

(A discussion of mass-flow measurements 1s presented in Appendix B.)
Many choices of the reference can be made, each having some adventage
for particular conditions. In this report, two reference rates are
usually used: .. I U L

1. The mass-flow ratic mp/mg 18 based on the reference mo=pgV
vhich can be readily determined. In subsonic, incompressible flow, mp/mg,
reduces to inlet~velocity ratio Va/Vy which hes often been used to =
describe alr-inductlon-system performance. Thls definition of mass-flow
ratio has the disadventege that in superponic flight it .can be greater
then 1 if the. inlet.1s located in a compression Ffleld wherees a definition
based on capture area has a maximum possible vaelue of 1 if local flow =
2As indiceted perviously, if a boundary-layer bleed removes &ll the
boundary layer from the streemtube entering the inlet, the body viscous
force DvB is part of the external flow and must not included in the
body force acting on the engine streamtube.-




NACA RM ASSF16 e 13

properties are used. However, in the general case, m; 1s easier to
evaluate than m¢=fAc pVdA, and in subsonic flow both ratios can be greater
h

then 1. (See p. 4 for definition of capture area Ag,.)

2. The mass-flow ratio mot/mpt* is used for the static condition
when Vg=0. Thls retio is based on the flow rate for choked flow at
station 2'. The mass flow, mpt¥, 18 equsl to p*¥W*Ao* where p¥* and V*
are the density and velocity for flow at a Mach number of 1 et the pre-
scribed emblent pressure end temperature. This ratio has been found to
correlate date well, end it Indicates how neer the flow quantity is to
the meximim possible. As willl be shown later, it is a criterion of the
excellence of 1ip design for low-speed flight. For flight speeds other
than zero and for isentropic flow, the two definitions of mass-flow ratio
are related by the equation

r+i
mot Ant y =1 _ 2\a(r-1)
°-579—r¥—<1 "'TMO)Z
me mal ha (15)

mo Mo

Ast
which is plotted in figure 2 for 13-2--1.0. The choking 1imit for a
sharp 1ip Iinlet, fram reference 1k, 1s also shown in figure 2.

ITT. PRELIMINARY CONSTDERATTONS
ATRCRAFT REQUIREMENTS

As discussed in reference 15, ealrcreft regquirements are the basis
for the cholce of both ailrframe and engine. Since ome of the consldera-
tions of alrframe design ie that of the Induction system and since the
engine performence ls affected by the internal serodynemic problems of
Induction, the conslderations of the alr-induction system enter Into
the preliminary leyout of elrcraft; and they must be viewed from the
standpoint of the flight requirements. Alrecraft range end endurance,
for instance, esre dictated by fuel comsumption, which 1s affected by the
dreg and pressure recovery of the Induction system. Similarly, teke-off
distance, rate of climb, maneuvering scceleratlions, ete., depend upon
net propulsive force and hence on Induction-system drag end pressure
recovery. Aside from these performance requirements that very with alr-
craft purpose, there are other, less tangible, requirements that must be
taken into account In eny design. For exsmple, sefety, vulnerability,
end servicesbllity comsiderations affect engine location and thus the
type of alr-induction system. The emphesis on eny particulsr requirement

v
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depends upon the intended mission. Thus, the deeign of an ealr-induction

gsystem must be adapted by coampromisea to sult meny requirements in
various degrees.

ATRFRAME-TINDUCTION-SYSTEM COMBINATION

To 1llustrate some of the problems encountered in fitting en induc~
tion system to an airframe and to introduce some of the types of inlets
that have been d.eveloped for verious engine locations, the progression
of design prcblems with increasing size of airplane is briefly discussed.
Current design practice for high-speed turbojet-powered aircreft can bhe
indicated by the followlng coampilation:

Fuseia;;e length [Numbexr of Inlet type and Duct length
Airplene Engine dismeter| englnes locetion Engine diemeter
F-86F 14 1 Fuselage open nose 5.5
F-86D 14.5 1 Fuselage nose BCOCD 5.5
TuD-1 15 1 Wing root k.51
F8U-1 16 1 Fuselage nose scoop 9
FTU-1 17 2 Fuselage side scoops 6
F-100 17 1 Fuselage open nose 9
F-84B 17 1 Fuselage open nose 6
XF-10k4 18 1 Tuselage side scoops 5.7
Xr-105 18 1 Extended wing root T
F-89 20 2 TMuselage side scoops 2
PiD-2 20.5 1 Extended wing root 5
F=-101 21.5 2 Wing root 3
B=5T 22 2 Nacelles, open nose 1.5
A3D-1 23 2 Nacelles, open nose 1l.5
F-102A 2k 1 Fuselage side scoops 10t
X-3 30 2 Fuselage alde scoops 3.5
B-L4T koo 6 Nacelles, open nose 1.5
B-52 Ly 8 Nacelles, open nose 1.5

lThese airplenes have two inlets for one engine, and the ratio of duct
length to engine’ ‘diameter is for a—reference d.ia.metu- corresponding
to helf the engine fronta.l aree. .

Alrplsne size reletive to the engine 1a indicated by the ratio of fuselsge
length to engine diameter. For sma.ll eirplenes with one engine, in which
this ratio is less than 18, an inlet located in the fuselage nose or
undersiung .jus'h behind the nose has beén ‘used most frequently. From the
induction-system stendpoint s such lodations are desirable because the
problems assoclated with boundery layer flowing into the inlet are either
eliminated or minimized. The undersling inlet, in addition, meintains
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performance at off-deslign positlve angles aof attack because the flow iz
deflected Into the Inlet by the nose. As the ratio of fuselage-to-engine
glze increases, or if nose volume 18 requlred for equipment, scoops further
back cn the fuselage or wing-root Inlets are used. From the Induction
standpoint, an underslung scoop position 1s again desirgble because of

the off-design asngle-of-attack performance end becsuse the body boundary
layer is the thimmest on the windwerd side. This position has, however,
been avolded because of the possibllity of forelgn-object demsge to engines
during run-up, texiing, or take-off.® The wing-root inlet has a possible
advantage over scoops in thet the portion of the Inlet perimeter adjacent
to the body can be relatively short, thereby reducing the proportion of
body boundery layer flowing into the inlet. Furthermore, with mmulitiple
engines the ducts can be short and the flow unimpeded by bends. For mid-
wing alrcraft, the wing-root inlet is In a reglon of large Induced flow
engles, both from the body and wing at subsonic speeds, so speclsal pre-~
cautlions must be teken to insure adeguste performance at off-design angles
of attack. For a high-wing airplsne, a design problem of the wing-root
inlet at engle of attack 1s the thick boundary layer on the leeward side
of the body.

For aircreft of greater relstive size (fuselsge-length-to-engine-
diameter ratio > 22) there are several possible locetions with the choice
depending on many considerations. For englnes clustered 1in the fuselege,
scoop inlets can be used; for engines in the wing-root ar buried in the
wing, wing-root, wilng-leading-edge, ar, for very large elrcraft, unmder-
slung wilng scoops are posslbllities. However, nacelles with & simple
nose inlet have been used most frequently. Such arrsngements sre desir-
gble from the air-induction standpoint becesuse the ducts sre short and
straight and the problems of alrcraft-induction-system Iinterference are

generally reduced.

ENGINE-INDUCTION-SYSTEM COMBINATION

The performance of & propulsive system depehds not only on the
individuel characteristics of the eilr-induction system and of the engine,

SThe studies of referencea 16 snd 17 indicate that the flow into an
girplasne induction system can seldom 1ift demaging objects by itself. For
instance, an inlet whose center line 1s two inlet diameters ebove the
ground. snd through which the flow velocity is TOO feet per second cannot
pick up sand particles larger than ebout 0.02 inch in diameter unless a
vortex forms between the iniet and the ground. However, such a vortex
can form under the proper conditioms, and if the demaging objects on the
ground. sre restrained leterally, es they would be if lodged in a crack in
a rmmwsy, the vortex will suck them Into the engine; or, if objects which
can do demsge (see ref. 18) are thrown into the air by some other meens,
the engine can easily draw them into the Inlet. Forelgn-object damage to
engines 1s generslly considered to be an operational problem, that is, one
of using screens, of policing remps and runweys and of proper texiing pro-
cedures, rather than a factor effecting inlet location and alrframe design,
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but alsoc on the compatibllity of these cheracteristics through the range
of flight comditions. This problem of compatibility arises because ram-
Jet or turbojet engines require a specific schedule of air flow to achieve
rated thrust through the fiight Mach nmuber and altitude ranges. The
flow through a noned justable inlet combined with an engine varies with
flight conditions and deviates from the optimm condltions selected for
the critical design point. If the range of operating conditions 1s suf-
ficlently wide, the air-induction system is complicated by adjustments
that must be provided to maintein 1%s per:l'orma.nce near optimum.

The general problem of combining en eir-induction system with an
engine can be divided into three parts: (l) matching, (2) optimization,
(3) evalustion. Matching is the determination of the mutually compatible
opereting point for an engine and alr-induction system st each flight
condition; it consists simply of relating the engine flow requlirements
to the air-induction-system characteristics by mesns of the continulty
equation to determine inlet ares or mass#=flow ratio for prescribed operst-~
ing condlitions. Optimizetion is the determination of the matching con-
ditions for maximm net propulsive force or minimm specific fuel con-
sumption. This can consist of the calculation of the optimm inlet area
or mass-flow ratio for fixed systems or of the proper variation of inlet
dimensions for variasble systems. The two problems, matching and optimi-
zation, are presented in some deteil In the following discussion. Evelu-
ation is the comperison of several possihle propulsive systems on an
alrframe to determine the best system for a certain mission. Evaluetions
can involve meny conslderations in eddition to those of aerodynamlcs,
such as structure, weight, mechanical complexity, ete. However, by
restricting the propulsion-system varlables to net propulsive force and
fuel consumption for prescribed flight plans, meny valusble resulis can
be obtained from en evaluation study. Fdr example, Fradenburgh and
Kremzler in reference 19 describe an e€valustion of the effects of various
propulsive systems on aircraft range. Another epproach, which is similer
to thet used by Woodworth and Kelber in compsring Jet engines (ref. 20),
is to determine the allowshle welghts for the installation of each of
several alr-induction systems on an airfyrame having a prescribed range.
Such an evalustion provides the designer with the information necessary
to select possible mechanical arrangements. These studies are pexrt of
the genersl problem of power-pla.nt—e.ircra:f‘b optimization discussed in
reference 15.

MATCHING

The problem of metching an air-induction system and en engine requires
knowledge of the performance cheracteristicas of each, and the problem of
optimizing the design for a speclal a:l:ple.ne requires knowledge of the
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characteristies through a wide range of flight conditions.®* These char-
acteristics are determined by enalysls and tests, but since in the pre-
liminery steges the alr-induction system has not yet been designed, its
performsnce must be assumed from past experlence or by determining what
rerformence ls necessery and then striving to design end develop an
arrengement that will accamplish the goal.

To 11lustrate a method for matching a Hturbojet engline end an air-
induction~system combinetion, the varlation of corrected weight flow of
elr for en engine (Wao=WeN8/8) as a function of Mach mmber and the vari-
ation of the pressure reccvery of the alr-induction system with mass-
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Sketch (2)

For a complete analysls, this informstion must be avallgble for each
parameter indicated on the sketch; thet 1s, the flow verlaetion must be
Imown for the expected range of engline rotationsl speed n and of flight
altitude h. The Inductlion-system varlation must be known for the Msch
number Mo, angle-of-gttack o, end angle-of-slideslip B ranges, and
possibly for a range of the ratio of inlet area to body frontal area
Ap/By, elthough in the usuasl case.chenges in this retio are small end
thelr effects are negligible. Transposing the continulty equation

PoVolo = p2Valhz = paVals

(assuming uniform flow at all stations) into englne-inlet terminology by

4“See reference 21 for & discussion of engine performance parameters;
reference 22 for an analysls of turbojet-engine-inlet mestching; refer-
ences 8, 23, and 24 for relstionships between engine and Induction-system
performance and methods of determining optimum performance conditions;
end references 25 and 26 for studies of the penalties assoclasted with

mismetching. ety

.
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N
defining 8=pgy/pgr, So=Diyo/Par, and NO= [Ty, /Tar,
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when
v 4 1.4
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Par, 0.002376 slugs/£t> -
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This relationship can be represented graphically so that from the known
engine and gir-induction system cheracteristics the inlet area required
to match the engine at the selected Induction-system conditlions can be
readily determined es 1llustrested in figure 3. Thus, for a given flight
condition of Mach number and altitude (sketch (2)), a mass-flow retio

18 selected and the corresponding pressure ratio determined from the
elr-induction-system performence data; the corrected engine welght flow
is determined from the englne curve; and the proper inlet area is deter-
mined by the intersection of the corresponding horlzontal and vertical
lines in the third quadrant of figure 3. This inlet area furnishes the
engine the proper volume rate of flow at the chosen mass-flow ratio, but,
this 18, of comrse, not necessarily the mass-flow ratio thet produces
the maximm net propulsive force .or the miniwmm fuel consumption.

A similar method can also be used to study metching at static con-
ditions where the mass-flow ratilo mafmo has no significance. Defining .

Fy g -
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inlet Mach number Ms! as that which would exist if the flow to station
2 were lsentropic,> :

W\ Ptg _ _ 65.MMp’

faxy 17
228 Pty (1 + 0.2M2"2) (@n

This equetion corresponds to equation (16) if mp/mo=l end M>' 1s sub-
stituted for Mp. With these changes, flgure 3 can be sdepted to static
conditions. Informetion on Pta/Pto as & function of mp/mz* can be

2

converted to a functlon of Mz by the relation

T2 17086 (1 + 0.26"2) (18)
mE*

and this variastion together with the known englne characteristics can be
used. to determine the inlet sres requlired to metch the engine or the
penalties resulting fram mismatching.

OPTTMIZATTION

To determine the Inlet areas for meximm net propulsive force over
e renge aof flight conditions, the net thrust of the engine Fp, the cor-
rection to engline net thrust due to pressure losses upstream of the engine

—A—-FB—/FE‘— (see ref. 24) and the net drag of the alr-induction system, as
APty /Ptg -
shown in the followlng skeitch, must be known:

- (_ﬁ) S Dn
& 2R,
(=
n.h : "'h";%: Mq.a.8,Az/Ay
Mo Mo me /My
Sketch (3)

SA prime symbol is used here with Mz +to indicate that the number
represents a fletitious condlition and 1s used only for convenience. As
will be shown later, the flow through inlets with practical 1ip shapes
1s not isentroplc &t take-off.
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Then, for the conditions for which Ap wes calculated to match the eng:Lne »
the net propulsive force can be determined as v

an=Fn-AFn-:Dn . o . (19)

The optimm inlet aress for a Mach number renge et a comstant altitude,
engine speed, and alrplane attitude are dgtermined by curves of net
propulsive force as & function of inlet area as shown in the fo:L'Low:Lng
sketch:

P

nha,BA/Ay -
Ap
Sketch (k)

Such curves provide the informetion required in finel evaluvation, thsat

1s, the penaltlies In net propulsive force thet would result from flight
with a constant inlet area or any other deviastion from the ideal variable-
area system thaet might be required by mechbanical, structural, or flight
considerstions. Of course, to optimize for a prescribed mission the

other varia‘bles » such as altitud.e and angle of at'ba.ck, mst be taken into
account. -

Maximm net propulsive force is important, but it 1s not alweys the
critical design conslderation. For inetance, with long-range alrcraft
the fuel consumption pexr pound of net thrust might be more Importent.
The proced.ure for optimizing this pa.rametei- is eimilsr to that jJust

forces are determined from engine performance curves, and the ratio
We/Fn 1s plotted as a-function of inlet area for. the range of flight
conditlons to determine the optimums. The, Inlet area for minimm specific .-
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fuel consumption 1s, in general, different from that for maximm net
propulsive force, but for a well-designed alr-induction system the dif-
ference, which depends on the difference in the mass-flow raetlo for maxi-
mm pressure recovery and for minimm net drag, 1s ususlly small. The.
importance of. this difference depends on the intended mission.

FLOW UNIFORMITY AND STEADINESS®

Another problem of the engine-inductlion-system camblnation is the
mmiformity and steadiness of the flow that the slr-induction system pre-
gents to the engine and the effects of irregularities on engine perform-~
ance. Irregularities iIn pressure at the face of a compressor, particulerly
an exlal-flow compressor, can reduce engine performence and csuse vibra-
tion; pressure pulses or fluctuating flow angles can cause structural
fallure of compressor blades. Tolerances in flow uniformlty have been
suggested by Greatrex (ref. 27), but steadiness tolerances have not been
established (see ref. 28). The indications are that these tolerances
depend upon individual engine design. Conrad and Sobolewskl (ref. 29)
found that flow nomuniformity that was once thought to be unacceptable
had no large effect on the engline which they tested; bhowever, the tests
of reference 30 with a different englne showed large reductions in per-
formance. In the Investigation of flow steadiness reported 1n refer-
ence 31, 1t was found that, although the Induetlion system by ltself pro-
duced unsteedy flow, operation with a turbojet engine had e large
attenueting effect.

Differences between engines In respomse to flow nonuniformity can
often be expleined by the fact thet a compressor with a large pressure
rise escross the first stage has blades operating at high 1ift coefficlents,
and Irregularities in the entering flow readily csuse gtall. A first
stage wlth smaller loaeding can reach local stelled conditions only if the
entering flow 1s more irregular. An Induction system with flow nommi-
formity sufficient to stall one or more bledes leeds to the phenamenon
called “"rotsting stall”™ of the compressor with ensulng reduction in engine
performance (thrust, allowsble fuel consumption, end ascceleration margin)
end large vibretory stresses in the blades. (Bee, e.g., refs. 32, 33,

34, end 35.) Since the trend in the design of campressors for the engines
of supersonic aircraft 1s toward larger flow rates end pressure ratlos
and toward lighbter speclfic welght, blades ere belng made longer and
thinner, with the result that the Inductlion-system problems of flow

BIn this report, a dlstinetion 1s made between the problems of flow
stabllity esnd steadlness which has often not been made 1n the past. By
stability 18 meant the property of flow which ensbhles it to return to an
original steady condlitlon efter being disturbed; thus, a normal shock
wave 1s unsteble in a converging channel because 1t can exist in a steady
condition only upstresm of the inlet or downstream of the throet. By
gteadiness is meant the g_uality of the flow in regard to velocity or pres-

sure fluctuatlons.
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uniformity and steedlness sre becoming more critical because of the greater
likelihood of rotating stell end of structursl faillure. Even 1f a com-
pressor is designed to avold rotating stell, the effect of intake flow ) _.
distortion is to move the compressor surge line to higher corrected

wveight flows, end thus towerd the operating line, with an ensulng decrease
in the operating range possible with the engine.  Also, the results of
reference 35 indicate that nonuniformity of the flow from the induction
system can cause nonuniformlty in the tempersture distribution at the
turbine entry with subsequent turbine feilure. With ram-Jjet engines,
adverse effects also result from irreguler flow from the air-induction
system., Reference 36 reports large lossés in combustion efficlency on
account of varlatioms In veloclty profile at & burner, and references 37
end 38 show that pressure pulsations must be avoided.

Flow uniformity 1s related to the problem of engine location. Such
factors as the induced effects of other sircraft components end the length
and path of ducts must be considered in preliminary deslign to produce an
elr-induction system with uniform flow at the englne face. BSteadiness
of the engline flow, particularly in supersonic flight, is affected by the
operating mass-flow ratlo of the Inductipn system. In genersal, unsteady
flow results from operation at low mass-flow ratlos, and the assoclated
pulsations can be violent. For safety, the flow must be steady from the
operating speed to the windmilling speed. of the engine, and a variable
inlet area or en air bypass may be necessary to maintain high inlet
mass=-flow ratios. Conslderations of theae problems in relation to inlet
design are discussed subsequently.

IV. DETATL CONSIDERATIONS
INDUCTION . -

The purpose of this gection.is to dliscusse the pressure recoavery,
drag, flow uniformity, and flow stea.d_-l.ness of alr-induction systems with-
out describing in any detail considerations of other aircraft components.
These latter fectors are dlscussed later under the heading INTERFERENCE.
The flow inside dAucts can be treeted Independently of the flight Mach
number, and this subJect i1s presented first under the heading PRESSURE
RECOVERY AND FLOW UNIFORMITY. In general, the problems of conducting
air to an engine are described ab suhsonic and. smersonic speeds to a :
Mech number of 2. - ; -

It should be mentioned at the outset that insufficlent theoretical
and experimentel information 1s evallsble to predlct accurately the per-
formance of practical a.ir-induction sys'bema through all the possible
combinations end ranges of the meny pertinent variables. For ell but the =
simplest ceses, refined design must depend upon test observations. The
purpose here is to discuse what is known of basic design principles.

-"'
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PRESSURE RECOVERY AND FLOW UNIFORMITY

The design objective 1n regerd to pressure recovery ls to provide
a passege by which the alr required for best operation cen flow to en
engine with the least pumplng power requirement at zero flight speed and
by which the compression avellable from the kinetic energy of flight can
be utllized to the maximm extent. The compression of more slr per wmit
of engine intake area permite more fuel to be burned for the same 1limiting
temperature with e resulting Increase in the specific thrust for a smeller
specific fuel consumption. In other words, es shown by equations (11)
and (12), the total-pressure ratio must be high, for losses effect thrust
in more than a 1l:1 ratio. The problem of flow uniformity is discussed
together with pressure recovery in thlis section becsuse the two problems
are closely allied.

Ducts

There 18 no general method for designing the ducts of prectical air-
induction systems because the flow In the usual casse is viscous, com-
pressible, and three-dimensionsel. A summery of present kmowledge of duet
flow 1s presented here to develop empirical design rules. The two pri-
mexry geometric factors which are of concern are the Inlet-to-engine-face
area retio and the duct path. The aree raetic is determined by the selected
design conditions, and the duct path, or the length aend offsets, 1s deter-
mined by the alrcreft confliguratlion end the necesslity for avolding pres-
sure losses. The serodynsmic factors of concern are the Initial flow
distribution and the conditions which cause pressure losses and nonuni-
formity in the flow. The problem is 0 determine from consideretlion of
these factors the shaspe of duct that produces the hest opereting condlitions
for the engine with tl:ue least cost in weight and camplexity to the air-
freme.

Area ratio.- In regard to the ares ratlio between the inlet and the
engline face, by assuming vniform, adisbatic flow of & perfect gas and
using the continulty equation, it can be shown that (assuming Ap=Aot)

Y+l
2(r-1)
7y -1
A_E_Pts/Ptok 1+ K7
s T Tme/m, Mg 14+ % 1Msz




ol SRT. — W NACA RM AS55F16

Thus, for a glven area Ag at the engine face, the inlet area Ap
Increases as the total-pressure ratio and engine. intake Mach number, but
1t decresses with Incressing mass~flow ratio. Other factors belng con- t
stant, Ap is a minimum at & flight Mach number of 1.0. For present-day
turbojet englnes In flight from sea level into the stratosphere at Mach
numbers from O to 2.0, Mg is in the renge from 0.4t to 0.6; thus the srea
ratic for an efficlent air-induction system 1is between 0.7 and 0.9; and,
for greeter engine-Inteke Mach numbers which cen be expected in the
future, the ratio is more nearly 1. In other words, the change in aresa
between inlet and engine face is relatively small aend short ducts can be
used without requiring large divergence of the flow. _ However, in the
case of a ram-jet engine with the Mach number at the burner ebout 0.2,
the area of the Inlet must be about half of that for a turbojet engine,
and the duct problem is more difficult.

Skin-friction losses.- In regard to the duct path, consider first a
straight duct with no initlal boundary leyer. The boundary layer in the
usual case l1s nearly ell turbulent and the flow is subsonic; so, as long
as the walls sre relatively smooth end the length is short enough so that
pipe flow does not develop (less than about 20 inlet dlameters, see
ref. 39), the skin friction .can be estima‘bed with sufficient accuracy
from the formils

Cr = 0.0T4/FR (21)

(see, e. g., refs. 40 and 41) where

Ce = 7/q8
T shearing force )
q dynamic pressure
8 wetted area
R Reynolds number based on aversge filow properties in duct and on

duct length 1

The decresse in skin-friction coefficient with Mach nmumber (ref. 42) and
with positive pressure gradient (ref. 43) need not be taken into account
in moet ceses because the effect of the former 1s small and neglect of
the latter produces a conservative estimste.

Beeton in reference 4 assumes one-dimensionel compressible flow
and no change in skin-friction coefficlent with duct length in calculating -
the total-pressure ratios resulting from skin-friction losses in clrculer
ducts with conicel divergence. Two of the curves from this reference
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ere reproduced in figure 4;7 similar curves cen be cslculsted by the
method of reference 45. Beeton shows that for the severe condition of
Ag/Apt=1.2, Mot=0.8, and (1/daxCe/0.003)=10 the total pressure ratio is
0.96. Since the loss in totel pressure in this case is nesrly propor-
tionel to the duct lengbh, 1t 1s evident that here a shorter duct is
desireble and thet losses due to skin friction can be sizeble. (Refs. 25
end 46 show thet the incremental loss of turbojet-engine thrust AFn/Fn
per it decrease 1n total-pressure ratio is In the renge of 1.2 to 1.5
for the flight conditions under discussion.) For long-renge, subsonlc
elrcraft, internal skin-friction losses must be minimized, and duect length
requires careful considerstion. If this duct were on s supersonic air-
pleane with a very efficient method of externsl campression (¥Mzi—1.0),
the high inlet veloclity end the resulting duct losses would counteract
the neerly i1sentroplc inlet flow, for the total-pressure ratio would be
reduced to 0.95 by the greater Internsl skin friction. However, in the
usual case of a supersonlc design in which the duct 1s shorter and exter-
nel compression occurs through shock waves, skin friction is a small
portion of the total loss. The maln concern in duct design 1s a shape
that avoilds separation and maintains uniform flow.®

Flow separation.- The problem of avolding sepsration depends upon
Initial flow conditions and duct shape. For high~speed aircraft with
efficient alr-induction systems, the inlet Mach number 1s in the high
subsonic range, for 1f the flow is uniform

7+1

22(7-1)
Pogag (L1 F Mo
Mol R Ao\ T 2oL 2
+ > Mg

y -1

(22)

and with y=l.h, pbs/ptz.'é 1.0 end Ag/Aot=1.2, Mp1=1.0 when Mg=0.6; or

T8ince the varlstion of total-preasure ratio with the parameter
Z/Gexcf/0.003 is linear to the extent required by the accuracy of duct-
deslgn considerations from values of 2 to 10, the range of interest, only
curves for velues of I and 8 have been reproduced. Total-pressure retios
for other conditions cen he obtained with sufficient accuracy by interpo-
lation or extrepolstion.

8Grestrex in reference 27 suggests that the ratio of the maximm-to-
aversge engine intaeke velocity Vi/¥ be used as a criterion for flow
uniformity, and the exanples presented indicste thet this ratio should be
less than ebout 1.2 for satisfactory engine operatlion. For fully developed
pipe flow with = 1/7-power veloclty profile, VMﬁ’=l.23. Since the ducts
of the alr-inductioch systems for alrcraft are seldom, If ever, long enough
for pipe flow to develop, it is evident that skin friction by itself is
not suffielient, in the ususl case, to cause serlous nonuniformity.

S
3. \
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Mp1=0.T when Mg=0.5. Such a high svbsonic Mach number at the inlet makes
the deslgn of the upstream sectlion ¢f a duct critical because, assuming
one-dimensional flow

i ]

7™

(23)

&8
915

271
-1 Yol
(257

or essuming Isentroplec flow fram the free stream to a local station In
the duct entxry, Pt=Pig and .

Pl 1 + Mg M
& . 2 ' . (24)
ax =71 ax

<1+—T—7 )7

vt

For a gliven local total pressure, or flight altitude and Mach number in
the second cese, the bracketed term of these equrtions has & maximum
velue at.a local Mach number of 0.T79 and changes little from M=0.6 to
1.0. As a result, deceleration of flow in this renge causes the most
severe poslitive pressure gradients per unit of Mach number change, and
the effect is sggraveted by low-altitude flight at high Mach number.
Since deceleration is produced by an expanding channel in subsonic flow,
the initial portion of a duct must diverge slowly to avold pressure
gradients which separate the boundary layer.

With many induction systems, boundery leyer from flow over surfaces
upstream of the Inlet enters the duct. In this case, the duect shape
depends critically on the inltlial bhoundery-layer conditions because the
pressure gradlent that a boundary layer can withstand without separation
decreases as the boundary-layer shape parameter H incresses.® The
shape paremeter is Increased when the boundary layer flows through adverse
yressure gredlients and over rough surfaces.

“®Ha8*/g=d1splacement thickness/momentum thickness. This ratio is &
measure of the shape of the boundary-lsyer profile and ls useful for
indicating inciplent separation. Reference 47 shows that separetion does
not occur in incampressible, two-dimensionsl flow if H<1.8, and refer-
ence 48 simlilarly shows that the eriterion is valid for conical-diffuser

Plow.
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Deslign.- Together with area ratio, length, initlial Mech mumber, and
initisl boundery layer, the internsl contours of ducts require careful
consideration. The factors to be conslidered In axlally symmetric straight
ducts are shown in sketch (5). Meny ducts also include same offset of
the center line from entrence to exit, transitions in cross-section shepe,
and Junctures between ducts. Since turbulent boundary-layer theory is not

F

1.Entry length

2. Initial slope
3.Maximum slope
4. Finol siope

Sketch (5)

yet sufficlently refined to provide, even for simple cases, a method by
which an optimm diffuser can be determined (see refs. 43 and 49), the
qualitative indications of many experiments must be utilized In design.

In regard to entry length, e section of nearly constent duct area 1is
necessary to provide for reattachment of the flow for flight conditions
in which separation occurs in the inlet. The date of Seddon (ref. 28)
for zero flight speed indicate that for normal 11p shapes, an entry length
of possibly one inlet radlius is deslrable. For engine installations in
supersonlic alrereft, the date of references 50 and 51 show that entry
lengths of six inlet radll provide a reletlively wilde renge of mass-flow
retios In which engine flow 1s steady. Also, the studles of shock-wave
stability of Kantrowitz (ref. 52) show that a constant-srea section is
desireble to prevent downstream pressure pulsations from forclng a termi-
nel normel shock wave out of an inlet. (These considerations are further
discussed in refs. 53 and S5k.) Because of boundary-layer growth through
the entry length, the duct walls must diverge slightly to provide a con-
stant effective area. B8tudy of duct date in which the boundary-layer
displacement thickness was measured, such as references 48 and 55, indi-
cates that an axially symetric entry sectlon should diverge at a helf-
engle of fram 0.5° to 1°. (This range of incrementel divergence angle
also appears to be sgtlisfactory for boundary-layer compensation in the
Initial, maximm, and exlt slope regions when the boundery layer 1s not

separsted, l.e., H<1.8.)
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In regerd to initial slope, equation:(23) indicates that to minimize
adverse pressure gredlents at high inlet Mach numbers the slope should be
small and the change of curvature should be continuous. The need for such
limitetions is indicated by Naumenn, reference 56 snd is illustrated by
the date of references 48, 55, and 57.}° These dats show that the sbrupt
expension where & 10° or 12° conicsl diffuser is attached to a straight
pipe causes nommiformity, apprecisble losses in pressure recovery, and
some reduction In the maximum mass flow when the approach Mach mumber
exceeds 0.7 to 0.8.

In regard to maximum slope, 1t determines the shortest duct which
can be used without auxiliery methods of suppressing seperation, such as
those of references 58 and 59. As the local. Mach number decreases fram
the throat along the length of a diffuser, the walls can diverge &t en
increasing rate without an increase in locel pressure gradient. Thus,
a meximum slope exlsts which depends upon the initial Mach number and the
initiael boumdary- profile. The avalleble experimental evldence,
such as references 48, 55, 56, 57, and 60 through 62 for comlcal diffusers,
indicetes that the maximum included divergence angle is in the range fram
6° to 15° with the largest angle being used only with thin initial boundery

layers.

In regard to finel slope, the theoretical studies of references LT
and 63 and the experiments of references 48, 55, and 57 show that for
minimm-length diffusers having Aa/A2'>2.,0 this slope should be less
than the meximm slope to avold sepasration when the initial boundary layer
is thin. All of these studles were made with conlcal diffusers; the fact
that the final slope should have been less then the maximm slope is
indicated by the measurements of the final profile which, at high values
of Mpt, had E>> 1.8. If the initial houndary layer 1s thick, the
maximum slope cannot be large; in fact, the two slopes became equal. The
deta indicate that a 3° final divergence angle on a wall, or a 6° included
angle, should be used with both thick and thin iInitial boundsry layers.

These gualitative considerations indicate that for thick initial
boundery layers and high Initial Mach numbers, a dlffusing straight duct
should have a falred entry sectlon and a conicel diffuser of included
angle no greater than 8° (6° included angle plus a maximum of 2° for
boundary-layer compensation). For other conditions, fair duct shapes
which satisfy these considerations can be canveniently expressed as

I0The date on conicel diffusers from these references were analyzed
to determine desirable duct shapes by selecting longitudinal pressure
distributions for which H= 1.8, and then calculating new duct shapes
from one=dimensionel relationships for this pressure distribution and .
values of Mot spproaching 1. The resulting calculated shapes all have
small initisl slopes because, as shown by equation (23), the Mach number
gradient (i.e., the slope of the wall) must decrease to maintain a
constant initial pressure gradlent with increasing locsl Msch number.

SO
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exponential functions of the duct exial coordlinate. Tests were made of
a family of such diffusers with a ratlo of throat ares to exlt area of
1 to 2 and a veriation of the ratio of. duct length to throat dlameter of
from 2 to 5. Tests were made with both separated snd sttached initiel
boundery layers at mass-flow ratios up to the maximm, and the results
are reported in reference 6lL. Data
from these and other tests are com-
pared in sketch (6)*! for the condi-
tion of an attached Initlial boundary
layer. It 1s apperent thaet, for this
camparison, the ratio of Initiel
boundary-layer thickness to throat 12° Gonical, ref 48”7
radius has a lsrger effect on pressure 82
recovery than does diffuser shape. l
The messurements of reference 6h show 3
that the Important effect of duct shape &
is on flow uniformity and steadinessa,
for the uniformity ratio Vy/V varled S BoF B —BE —TE—D20
from 1.12 to 1.25 for ducts differing
in totel-pressure ratic by only 0.02 Boundary-layer thickness ratlo, (8/r)y
in tests with a thin initial boundery Sketch (6)
layer ((6/r)z® =0.0014) and a high
initiel Mach number (M=?! * 0.85).
Furthermore, two ducts having nearly Brossxe “Trinnast
equal uniformity and pressure recovery mmqm layer
differed by a large smount in the h v 35°
quelity of flow steediness at high
inlet Mach numbers. The camparison
of pressure recovery predicted by
the method of reference Ul with the
experimentsl measurements of sketch (6)
shows thet the prediction 1s omnly
accurate wvhen the Inltisl boundery-
layer thickness 1s very smell. If it
is not small, the effective skin-
friction coefflclent 1s larger than
that indicated by equation (21) end
experiments are necessary for accursate
loss predictions. (The data for
sketch (6), and alsc (7), were cal- O 02 04 06 O8 IO
culated according to the mass-derived Displocement thickness ratio,(87r),.
method; see Appendix B. The msgnitude ) _
of the difference between experiment Sketch (T)
and theory depends upon which method
of dete reduction is used; the

11The duets of reference 64 are deslgnated by numbers which Indicate
+he meximm slope In terms of included angle and the length of entry sec-
tion in terms inlet radius. Thus, 8° conlcel -0.5 indicates a conical
divergence of and an exponentlislly falred entry sectlon of 0.5 Iniet

radius in length,

ictions by method of ref. 44

'mEPM
}\--_ & Conlcal, of. 56 |

56 = '8° Conlcal—0.5—

L
35%-0, ret 64 ref. 64
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difference shown in sketch (6) would be smaller if the data had been
reduced by the mass-flow weighting method.)

Sketeh (7) shows the results of tests reported in reference 64 for
three ducts with separated initiel boundary layera. The data show that
an extended entry section increases the skin-friction losses when the
initial boundary layer ls unseparated; therefore, if separation in the
entering flow can be =voided, a long entry 1is undesiraeble. However, with
initial separation which, as will be discussed later, can occur in low-
speed Tlight at high mass-flow ratios or in high-speed flight at low mess-
flow ratios, same entry length improves duet performance because 1t gives
the boundary layer an opportunlty to reattach. The fact that the pressure
recovery can be higher for the long duct.with the separated boundsry layer
than with the unseparated profile indicates that reattachment occurred
after relatively extensive separation and that the small skin-~-friction
force in the region of separation reduced the over-sll losses. In regard
to flow wmiformity, the results of referénce 64 show that for short ducts
the flow 1s more uniform if the initial boundary layer 1s sttached rather
than separated. For a glven Initial profile of the separated type, the
final uniférmity is improved if the duct ‘is made longer.

Reference 64 reports tests which were intended to investigeste to some
extent the manufacturing tolerances required in duct comstruction. Meas-
urements were made with a duct having different degrees of surfece rough-
ness, waviness, and leaksge. It wdas fourid thet roughness caused by
scratching the surfaces wlth coerse sandpaper or by putting discrete steps
in the duct walls, as could occur with Jjoints that are not £flush, had no
effect on the diffused flow. The maximm magnitude of the roughness wes
about 0.7 the momentum thickness of the boundary layer at the duct throat.
The meximum waviness tested was simller to that which would occur beceuse
of pressure loads In high-gpeed flight; clrcumferential stliffeners were
assumed to be 0.6ro? apart, and the deflection was varied up to 19 times
the momentum thickness, or 1.5 times the boundary-layer thickness, at the
duct throat. For mass-flow ratlos mpt/mpt* below 0.85, even the meximm
waviness tested had a negliglble effect on the f£inal flow. At grester
megs-flow retlos, the maximm waviness reduced the pressure recovery,
wniformity, and steadiness only slightly. Leakage, as might occur through
Joints in duct walls during high mess-~flow operation in run-up on take-off,
was found to have negligible effects when the lesks were in the low=-
veloclty region of a duct. However, leakage near the duct Inlet ceused
separation with ensuing sizable pressure losses and flow nomuniformity.

The internal-flow systems of most alrcraft have some offset between
the inlet and the exlt, transitions Iin cross-section shape, and jJunctures
with other ducts, ell of which cen cause losses in pressure recovery.

The genmeral problem In the design of these elements 1s the same as that of

R
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& subsonic diffuser, that iJB.é the preventlon of local seperation snd
reduction of skin friction. One deslgn fesbure that hes always been
beneficial is the use of generous fillets to avold angled corners. (See
refs. 67 end 68.) However, since the factors which cause pressure losses
differ with each duct configuration, i1t 1s difficult to epply accurately
general design information. The date of references 28, 60, 61, 69, and
TO 1ndicate the trends to be expected. The magnitude of the total-presure
losses In s-bends ls demonstrated by the tests of reference Tl. Rela-
tively short ducts (1/rg = 4.0) with several inlet cross-sectlon shepes
and a circular exit were tested at a Mach number of 1.9. The Inlet had

a wedge-shaped externgl.-compression surfece and the exit center line of
the duct was offset 1.5 exit redll, rg, from the Inlet center line. The
maximim total-pressure ratlos messured wlth the ducts were of the order
of 6 percent less thsn those measured with a straight duct. Reducing

the mass-flow ratio decreased this difference to gbout 3 percent, a fact
which indlcates the dependence of duct losses on Inlet Mach number.
Although the total-pressure losses could be reduced by reducing mass-~flow
retio, the exlt velocity distributions show considerdble nonuniformity
for these conditions. Tests wlth offsets of one and two Inlet redll
reported in reference 64 indicate similar results. The center lines of
these offsets were smooth curves simllar to those of the dquet-wall con-
tours., At e mass-flow raftlo of 0.9 with a thin initisl boundary layer,
the l-radius offset reduced the totel-pressure ratioc 3 percent from that
of a straight duct, and the 2-radil offset reduced it 6 percent. The
steadiness and uniformity quellities of the flow decreased In e correspond-
ing menner. For example, with the thin Initlal boundsry leyer, the maxi-
mm mass-flow ratio for steedy flow was sbout 0.9 for the streight duct
and 0.7 for the duct with the 2-radii offset. A fourfold lncreese in

the initiel boundary-leyer thickness reduced the letiter mass-flow rablo
to 0.k. It is apparent that deviating fram the optimm aerodynamic design
of e duct can have serious consequences.

Subsonic Flight

Since in. subsonic flow, pressure losses and nonuniformlty result
from skin friction, separation, and entering flow thet is esymmetric with
respect to the inlet, the induction-system design problems in subsonic

12Mhe design principles for annular subsonic diffusers are like
those of diffusers.without center bodles, but the annuler type, having
more wetted sres, has larger frictionel pressure losses. Studles of
annulser diffusers ere reported in references 65 and 66.

T
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Flight ere to provide conditions that avoid or minimize these factors.
Skin friction and internal separation are problems af duct design; the it
problems of separation in the inlet and symmetry sre dlscussed in this

section. .

To 11lustrate the conditions which lead to the principal separation -
problem of . inlet design in subsonic flight, sketch (8) shows a typleal
curve of the alr requirements of a turbojet engine in terms of the free-.
stream area of the engine-air streamtube' Ag a8 a function of flight
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Mach number, M,

Sketch (8)

Mach number. It is here assumed that the slrplane accelerates at sea
level to a Mach number of 0.8, climbs at this Mech number to altitude, .
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end then accelerates from this crulse condition to a Mach number of 2.

The air requirement 1s not only a functlon of My, but also of totel-
Pressure ratlio and altitude, as shown, and of engine deslgn end power
setting. Since crulsing flight 1s ususelly an Ilmportant design condition,
the inlet erea Az must be selected to produce efficient cruise perform-
ance, and this, for high-speed alrcraft, is generally st a relatively high
mass-flow ratio, ebove about 0.8. The choice of this mass-flow ratio 1s

a compromise between requirements for other flight conditions end the
conflicting interests of the internal end external flows. A low mass-fiow
ratio (mp/mosAgfAn <<1), that 1s, a diverging streembube aheed of the
Inlet, is desirable to the Internal flow because then most of the kinetle
compression upstream of the engine, belng in the externsl stresm, is
isentroplie if there 1s no Interference with & boundary layer; snd, since
the inlet veloclty 1s low, internsl skin-frictlion losses are minimized.

On the other hand, a mass-flow ratio grester than 0.6, at least, is desir-
gble to the external Fflow for two reasons: (1) External campression can
thicken or separate the boundary leyer on an upstream surface which is

in the interference fleld of the engine flow; (2) a diverging streambtube
subjects the inlet lipa to lerge flow angles which can result in an
Increase In externsel drag because of wave drag due to locel supersonic
flow or because of. skin friction due to immedisaste boundary-layer transi-
tion. In any event, the sketch shows that cholce of en Inlet area far
the crulse condlitlon produces an inlet much smeller than the area A,

of low flight speeds. Consequently, at low speeds the mass-flow ratio 1s
high and the flow converges toward the inlet (AO/AE >> 1.0) at large sngles
which can cause internal separation, low totel-pressure ratios, and flow
nomimiformity unless gpeclal precautlions are teken. If the criticel
design condition is flight at a Mech number of 2 rather then subsonic
crulse, the situation et low flight speeds 1s worse unless the inlet area
can be varled with speed. The area that takes In the regulred air 1is even
smaller at this high speed, end elso little falring of the 1lip profile is
possible becsuse 1t must be thin to minimize the wave drag of supersonlc
flish.t. P e e - R . :

From this, 1t 1ls evlident that the prinecipal problem of Inlet deslign
in subsonic flow ls to select a 1lip shspe end a vaerlstion of mags-flow
retio that avolds internsl-~flow separatlon at low speeds and detrimental
disturbences in the external flow at high aspeeds. Of course, there 1s
the limitation that the Iinlet area must not be chosen to be so small that
1t chokes at a low Flight speed, for then the flow to the engine suffers
large pressure loeses and 1s nonuniform end unsteedy. The conditions in
which a Mach number of 1.0 can be reached in an inlet with a sharp lip
iIn wmiform flow are shown in flgure 2.

Iip design.~ The Iimportance of 1ip shape to pressure recovery in sub-
sonic £light cen be seen from the analysis of Fradenburgh and Wyatt
(ref. 1i). The extreme case of a tube having very thin walls wes studied
by momentum methods, &nd the predicted variation of total-pressure ratio
p.l.,z/p.l_,o with mass-flow retio for various flight Mach numbers is reproduced
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in sketch (9). (Losses in the duct behind the inlet cen be added to these
totel-pressure ratlios to determine the pressure at an engine face Ptg-

At high mass-flow ratios vhen the 1lip is stelled the duct losses are

small relative to those due to flow separation at the lip and are seldom
known.) If the inlet ares l1s selected for the altitude cruise comdition
and informetion similer to that of sketch (9) shows that the mass-flow
ratio mp/mo* 1s about 0.7 in teke-off, the total-pressure ratio Pt.z/Pto
at the Inlet is then less than 0.9. Such pressure losses correspond to a
15- to 20-percent loss Iin engine thrust which, of course, represents a
serious limitetion on the acceleration characteristics of sn alrplane.

The flow nonumiformity which accompanies the totel-pressure losses can
even further l1limit engine operation. If a smaller inlet area were chosen
to sult more closely the requlrements of supersonic or low-altitude high-
speed flight, the losses would be even greater. On the other hand, the
effects of Increasing flight speed are rapidly slleviating.

These large préssure losses at low speeds that result from a sharp
1ip can be avolded by several methods. A curved iIntermal 11p profile
which the flow caen follow prevents separation and the attendant nonuni-
formity at high mass-flow ratios, or, for a given 1lip profile, the losses
can be reduced by decreasing the mass-flow ratio elther by increasing the
inlet area or by teking alr in through another inlet. Tests of 1ip
profiles on circuler nose inlets at low speeds are reported in refer-
ences T2 to 75. Same of the results, in terms of p.bs/ptc, are presented
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in figure 5 and are compared with the prediction of pt,/Pt, for the

thin 1ip of sketch (9). Duct losses have not been subtracted from the
theoretical predictlion beceuse s wide verlety of duct deslgns are campered,
and, in most cases, duct losses by themselves were not meesured. For the
cases In which smooth, nearly straight ducts were tested, the agreement
between p'balpto and Ptz/Pto 1s good at zero forward speed. However,

the losses for the caricel-shock inlet from reference 14 are comsidersbly
greeter than the prediction, presumebly because of the duct which was used’
in this particuler test. The scatter of date at the maxiwmm mass-flow
retio 1s considereble, end a large part of 1t 1s umdoubtedly due to
inaccuracies in total-pressure measurement. Blackaby and Watson (ref. T2)
point out that near choking the flow through ducts is very unsteady, and,
as mentioned In Appendix B, measurements aof pressure recovery by normal
methods under these conditions are not relisble. The data on the F-8iF
and F-100 alrplanes are fram full-scale tests. The fact that they cor-
relate with the data from model tests indicate that the effects of scale
are small. Also, since the predictions of the momentum analysis which
have no relation to scale agree so well with experiment, negligible scale
effects In regard to lip losses ere to be expected.

The tests of reference T3 indicate thet for a reasongble veriation
of shepe external 1lip profile has practlically no effect on internal flow.
At zero flight speed, the data of reference T2 show that pressure recovery
18 not bhighly sensitive to Internsl profiie, for there was little difference
between elliptical and elrcular shepes. However, s shown In figure 5,
Internel 1i1p profile 1s important et higher flight speeds, for the ellip-
tical shepes are better than the circulsr ocnes. At the flight Mech number
of this figure, 0.33, a sharp lip causes relatlvely large losses at high
mass-flow ratlos, as at zero forward speed; but, 1n this cese, the pre-
diction of p4,/Pt, 18 greater than the measurement of pPtg/Pty, bY 1 to

2 percent, whereass at zero forward speed there wes no difference between
theory and experiment for high mass-flow ratlos. The deslrebillity of the
elliptical profile 1s further substantiated by the recommendations of
Pendley, Milillo, and Fleming (ref. T76). An elliptical internal shape
wes selected for thls Investigation from previocus experience, aend 1t was
found that the profile resulted in high totel-pressure ratios for s nose
inlet at zero angle of attack in the Mach number renge fram 0.6 to 1.l.
At these Fflight speeds, the mass-flow ratio of an lnduction-system-engine
cambination rapidly decresses to velues less than 1 (see sketch (8)), and
the problem of Internal separation from the 11ip disappears. In fact, even
for a perfectly sherp 1lip, sketch (9) shows that internal pressure losses
resulting fraom 1ip separation at the mass-flow ratios of interest (up to
0.9) ere small at flight Mach numbers sbove sbout 0.5. Thus, at high
subsonic speeds, skin friction 1s the majJor source of pressure loss in
well-~designed systems.

Same tests have been made of schemes for reducing the mass-flow
ratio in low-speed flight to svoid 1ip separation. These methods consist
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of incressing the areas through which alr can flow into the induction
system. In reference T7 & sharp-lip nose inlet was tested with a secondary
scoop heving sherp lips that opened into the underside of the duct a short
distence behind the inlet. At zero flight speed, 1t wss found that the
variation.of -Pta/l’to- with my/mg* (where m; 1s the mass-flow through

the total sres) was nearly identicel no matter how much area (up to 68 per-
cent of .that of the main inlet) was provided in the auxiliary scoop. Thus,
the improvement in pressure recovery that can be expected with this method
is entirely the result of reducing the mass-flow ratio for a given engine
operating copdition. In reference T8 a supersonic comlcal-shock inlet
with a sharp lip was tested with a tramnslating cowl; that 1s, s short
length of cowl including the sharp leading edge could be moved forward
exposing e gep with a rounded 11p and’ increasing the minimum throat ares.
Since the curve of total pressure ratio as a function.of mass-flow ratio

m /mi* (my is here based on the incresséd throat area) for the extended
cowl lies above that with the cowl retrected, 1t is evident that this
method not only incresses the avallable inlet area, but it also Improves
the quality of the flow.

Angle of attack.- The flow approaching an Inlet can be asymmetric
with respect to the Induction system axis because of the changing attitude
of alrereft for varlous flight conditlionsd, because of the induced flow
fileld of the alrcraft, or because the inlet 1s distorted by configuretion
requirements. The ultimete result of such asymmetry is Iinternal separation.
Data from tests of circular nose Inlets at angle of attack and a £flight
Mach number of 0,24 (ref. T9) show that an inmlet with blunt 1ips maintains
bigh total-pressure ratios and uniform flow to greater angles of attack
than one with sharp lips. For exsmple, gt an angle of attack of 15° and
e mass~flow retio af 2.0, the inlet with an elliptical blunt 1ip attained
a total-pressure ratio of 0.97 wlereas ore with & sharp 1llp attained only
0.90. The corresponding deterioration in flow uniformity was a difference
between maximm end minimum total-pressure ratios im the duct of O. 08
for the elliptical 1lip and 0.16 for the sharp lip.

At Mach numbers from O.4 to 1.1, the results of references 23, T6,
and 80 show that even wilth sharp lips pre'ssure recovery is nearly insen-
sitive to ettitude to sngle of attack of about 8° to mass-flow ratios as
high as 0.9. At higher masss-flow ratlios this ra.nge of Insensitivity
decresses. The sharp~lip inlet of reference 23 suffered greater losses
at high angles and mass-flow ratios than E!id the blunter lips of the tests;
at a Mach number of 0.9, an sngle of attapk of 12°, and a mass-flow ratio
of 0.9 the totdl-pressure retio was 0.92 whereas a blunter » but still
relatively thin 1lip, had a totsl-pressure.ratioc of 0.94%. For these flight
conditions, the maes-flow ratio (mo/my) st which choking occurred with .
the sharp lip was 0.9 énd that of the blunt 1ip was 0.95.

The sensitivity of en air-induction system to engle of attack is not
only a function of 1ip profile, but 1t is. also affected by the divergence

-
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of the flow behind the inlet. In the tests of reference T6 it was found
that an NACA 1-40-200 cowl was more sensitive to angle of attack snd msss-
flow ratio then e longer cowl, NACA 1-40-400, because the duct in the
shorter cowl expanded more raplidly. Thus, some 1ip bluntness and slow
divergence of the flow behind the inlet provides high pressure recovery
over a suffliclent engle-of-sttack range for most purposes. For a stlill
greater renge of Insensltivity, the lower 1lip cen be drooped end staggered
as suggested In reference 76 and tested in reference 8. In the latter
investigatian, e blunt, staggered-lip Inlet was tested at e Mach number

of 0.1%, and it maintained high pressure recovery throughout the range

of the tests from Inlet velocity ratios of 0.6 to 2.2 end angles of attack
from -5° to 12°,

Inlet asymmetry.- An inlet that 1s dlstorted relative to the axis of
an alr-induction system can have larger pressure losses and grester flow
nonuniformity then an axially symmetric injet. For instance, Seddon end
Trebble irn reference 82 repart tests of & wing-root inlet at zero forwerd
speed. In comparing an inlet swept back 52° with en umswept inlet, it
wes found thet the losses and flow nomuniformity were sbout twice those
of the unswept inlet. The additional losses were due to separation in
the outboaerd corner of the Inlet which resulted from the fact that, for
this operating -condition, the flow must turn through a lerge angle to
enter the quet, since 1t epproaches nearly normal to the Inlet plene.
Gulde vanese alined with the duct axis In the outboard portion reduced the .
flow nonuniformity, but increased the pressure losses.. Slots 1n the inlet
1lips similer to wing-leading-edge slots, but not swept, reduced both the
losses and nonwmlformlity because they Increased the Inlet area and bled
high-energy alr Into the reglon of potential separation.

An important effect of inlet frontal shape is shown by camparison of
the flow-distribution messurements of references 83, 84, end 85 fram tests
of wing-root inlets at Mach numbers from 0.6 to 1.4t. The results show
that the wmiformity of the flow In the portion of the Inlet which was
unaffected by the fuselsge boundary layer - the outboard portion -~ wes
greatly Improved as the shape was changed from the acute angle of a tri-
anguler Inlet fio a semiellipticael or semlelrcular inlet,

Supersonic Flight

The considerations of pressure recovery In supersonic flight are
more complex than those at eubsonlc speeds becsuse in supersonic cam-
pression of englne alr the pressure losses and flow nonuniformity can be
caused by two additional factors, shock waves and shock-wave-boundery-layer
interaction. These factors became increesingly Important ss the locsel
Mach number at which they occur iIncreases sbhove 1. Moreover, the necessary
Increase In thrust of air-consuming jet englnes with speed depends upon
the Increase in total pressure
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Pto = Poll + 0.2453)°F

2 .5
Pty = po(1 + 0.24 2)

Little of the avallsble pressure and mass flow can be lost if an engine is 1=
to overcame the large drag forces of supérsonic flight. In many cases, the -
margin of excess thrust at supersonic speeds is relatively small, and the
thrust-availlable and thrust-required curves are slowly convergent. Then,
smaell losses 1in total pressure cause la.rge reductions in acceleration and
naximum-speed performsnce. _ o . oz

and density

sonic campression'®.- Since.the local Mach mumber at the intake
of present-day engines must be subsomic, ‘the flow to the engine of & super-
sonlc alrcraeft must be decelerated through a Mach number of 1. Idesally,
this compression of the air can be accomplished lsentropically through a
reversed Laval nozzle.wlth no external wave drag as indicated in sketch
(10); practically, shock-free internal flow camnot be sttalned because

Ideol internal compression through Mach waves External compression through shock waves

Interncl compression through shock waves

Gunbhed external ond hurnd earpnldon

Sketch (10)
13Ferri in reference 86 aend Iukasiewlcz in references 53 and 87 dis-
cuss many of the principles involved in supersonic compression. In this -

report, these principles are mentioned only briefly, and the emphasis is oo
on.presenting informetion thet is useful In design and in pointing out
limitations for the flight condlitlions under comslderation. v

«onnang.,
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the flow through such a channel 1s in a state of neutral equilibrium. Any
disturbance which causes a loss 1n total pressure hetween the entrance
and the throat causes & decresse in mass flow through the throat because
here the ares snd veloclty are fixed. Alr must then accumulate because -
more flows Into the passage than can flow out, and e normsl shock wave

is formed which must move upstresm, continually growlng stronger, until
it 18 expelled from the chennel and spllls the excess air. The shock
wave cesnnot re-entér the chennel unless the throat is opened sufficlently
to pass the full mass flow at the stegnation pressure exlsting behind the
normal shock wave in the free stream. (For detalled discussions of these
phenamena see refs. 86 through 89.)

It 18, of course, not necessary to attempt supersonic compression
elther in a closed channel or isentropically. The flow can be decelerated
externally and through discrete shock waves ss shown for seversasl posslible
arrengements in sketch (10). The crudest method which entails the greatest
losses 1s to accept a normal shock wave at the free-stream Mach number.
Since these normsl shock losses cen be reduced by decreasing the Mach
number at which they occur, higher totel-pressure ratlos can be attained
by placing an inlet In a reglon of substream veloclty on an alrcraft, as
wlll be discussed subsequently under INTERFERENCE, or by creatling obligue
shock waves to reduce the local Mach number but with less loss than that
of a single normsl shock wsve. For a given locel Mach number ahead of an
alr-induction system, the question erises as how best to utillze oblique
shock waves. Oswatltsch (ref. 90) has shown that the meximm totel-
pressure ratio of a two-dimensional 10

multishock system occurs when the
total-pressure ratio across each \
obligque shock wave 1s the same. For k
such conditions, the verietion of \ N
\ \I’l
\ 3

total-pressure ratio with Mach number
for shock-wave compression (n oblique N
\ ‘\\*N:\\\z

waeves plus terminsl normasl shock wave)
Normal
shock \ \l
wave

+
o ©

normal shock wave repidly become
Intolerable above a Mach number of
ebout 1.6 and that large improvements
can be made by utilizing obligue
shock weves.l4

Total-pressure ratio, 5“
-

is shown in sketch (11). I% 1s eppar-
ent that the losses through a single
N
\o

.

The variation of totel-pressure 9% ' 36 3
ratio with deflection sngle for vaerlous M,
approach Mach nunbers in two-dimensional
flow is shown in figure 6 for a two-shock Sketch (11)
system (one oblique and & terminal normel shock wave) and in figure 7 for
a three-shock system. Figure 8 presents these variations for s two-shock

14Detailed informetion end design charts on shock waves can be
obtained from such references as 91 and 92.
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system in conical flow end 1s taken from reference 53 where it is assumed
that the normel shock.wave occurs at the average of the Mach number behind
the conicel shock wave and on the cone surface; (Mg+Mg)}/2. This assumption
1s sdequate for the Mach number and cone-angle range of interest in the
flight condltions being considered in this report because the difference
between Mg and My, i1is small, less than 0.01. It 1s apparent from this
fact that the meximum total-pressure ratio attainable in two-dimensional
end conicsal flows 1s dbout the same. Iukaslewlecz in reference 53 shows
that this difference in total-pressure ratic at Mach numbers less than 2.0
is less than 0.015. The ¢urves of flgures 6, T, and 8 ehow that total-""
pressure ratios near the maximm can be maintained for a relatlively wide
range of flow deflectlon angles, an Important fact because an angle can be
selected which produces nearly meximum repovery st the high-speed condition
with little decrease from the meximum possible for a conasiderable range of
lower Mach numbers. Also, the angle can be chosen so that a detached shock
wave occurs only at a low supersonic sgpeed where the entropy.rlise through =
normal shock wave 1s small. For example,:at an upstream Mach number of
1.8, the meximum total-pressure ratio with a two-shock system is 0.945,

and the corresponding flow deflection angle 1s 14°, for which the detach-
ment Mach number is 1.57. If a 10° deflettion angle were selected, only
0.01 would be lost ln total-pressure ratlo at the deslign Mach number, but
the shock-detachment Mach number would be reduced from 1.57 to 1.37 and,

in this Mach number range, recovery would.be improved several percent.

The total-pressure ratios decrease beyond the maxinums (the values plotted
in sketch (11) for the two-dimensionsl cases) because the losses through
the oblique waves exceed .those through the normal wave untll finally the
oblique wave detaches Trom the deflecting surface and only the pressure
recovery through & single normal shock wave 1s posslible. The high level

of total-pressure recgvery that can be attalned by conical-shock compres-
sion has been verified at Mach numbers to 2.1 in references 13, 93, and 94.
In reference 94 a center body contoured for lsentroplc compression at &
Mach number of 1.85 produced a total-pressure ratio of 0.967; with three
oblique shock waves, the totel-pressure ratio was 0.954%; and with two,

it was 0.945. In all cases, a uniform flow was measured after diffusion.
These values are very close to those obtalned by adding the predlcted shock
losses to the experimentsl duct losses described previocusly.

Limiting internsl contraction.- For intermal-compression systems
through shock waves, the problem of flow stebllity exists as in the
reversed Lavsel nozzle because of the two possible stdble positlons of the
normal shock wave, shead of the inlet or downstream of the .throat. However,
at the expense of complication, this dissdvantege can be overcome, and this
form of supersonlic compression has the adventege over external compression
of deflecting the flow toward the system axlis rather than away from 1t. The
frontal ares, external drag, and smownt of turning In the duct can thereby
be reduced. Thus, the optimum errangement for any aspecilfic case reguires
detalled evaluation. The relation between contraction ratio, totel-pressure
retio, snd Mach number is P e : T

~Gfi—
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This relation 1s plotted in sketch (12s) 8 \"
for isentropic flow to a Mach number of T~

1 at the throat. Also shown is the con- <|d'z

traction ratio which permits isentropic
flow to a throat Mach nmumber of 1 from

normal shock wave. This 1s the con-

{
the totel pressure existing behind a s 8
tractlion ratio at which supersonic flow E

5

can be esteblished in a fixed internal-
contraction inlet at a glven flight Mech

nurber and 1s designated vVYgggprt- Total- A
pressure-raetlo curves for two positlions
of the normael shock wvave for Vgtgrt are

elso shown for the cases where the normsl
shock wave is at the throat and iIn the free

N

stream. It 1s, of course, possible for the 25

normal shock wave to be downstream of the
throat, in which case the pressure recovery
decreases toward the lower curve in

sketch (12b). It is epparent that the

starting contraction ratio for a Mach 10
number of 2.0, for instence, is less than
that permissible at a lower Mach number. 9|

Thus, if an ejreraft 1s to reach & Meach
number of 2.0 and meintain the totel-

€3 8 22
M,

Sketch (12a)

26 30

(2

!
[mt ss(-&-)

pressure ratios (Ptzt/pto)* or higher, 8
the contractlion ratio must decrease with

Increasing flight speed sbove a Mach num- "'11""'_7
ber of 1. Also, 1t Is apparent that gbove
e Mech number of sbout 1.8, the total-

pressure losses wlth vgtgrt &re unac- 5
ceptably large, and 1t is deslirable to E
decrease contraction ratio end increase

supersonic compression toward the lsen- g
trople velue. If the throat area 1is

\

/
"o

ad justeble, this cen be done as long es 4
the flow at the throat is supersonlec.
For a given contractlon ratio the Mach

number at the throat can be calculated -3
fram equation (25), and the maximum
total-pressux’e retlo possible is thet

of a normal shock wave occurring at %0 14 18 22

Mach number Mz! with Pyt /p.b2=l.

Sketch (12b)



Yo . . - A NACA RM AS5F16

However, if the.flow at the throat is subsonic due either to a& contraction

ratio that 1s too small or to the inlet being too lerge for the englne- N
alr requirement, a normal shock weve shead of the inlet reduces the total-
pressure ratio to that of the lowest curve shown in sketch (12b). In

fact, this type of sir-induction system is sensitive to flow changes, and

elose control of both inlet-area and contraction ratio are necessary if it

is to operate with an engine through a wide range of flight conditions.

The pressure recovery can decreage asbruptly from the maximim possible with

emall chsnges in elther mass flow or anglée of attack (see ref. 53).

An Induction system in which both Inlet end throat areas were adjust-
able to match engine-alr requirements and, provide maximum total-pressure
ratio with internal contraction through two oblique shock waves end a
terminel normal wave has been reported by Scherrer and Gowen in refer-
ence 68. It was found, as shown by the data points in sketch (12), that
in this particular test a comtrsction retlo well below Vgtgrt could be
reached, but there were no significant improvements in corresponding totel-
bressure ratios. It was concluded that  the increasing supersonic compres-
slon was counteracted by increasing losses In the duct and that greater
refinement in duct design wes required.

Otlier methods than adjusteble psssage walls have been Iinvestigated for
evolding the flow-stebllity problem of Internal-contraction inlets. Evvard
end Blakey (ref. 95) tested an open-nose inlet in which the cohtracting
passage was perforated to permit the escape of excess flow between the
Inlet and the throat as the normal shock wave moved Into the channel with
increasing £light Mach number or mass-flow ratio. A high maximum totel-
pressure ratio, 0.93, was measured at a Mach numher of 1.85, and the inlet -
wes found to be relatively sensitive to mass flow but not to sngle of
attack. It was estimeted that 5 percent of the totel mass flow was lost
through the perforations. Further tests on this method of flow stablliza- -
tion are presented in references 96, 97, and 98. Although high pressure .
recovery is attained with this type of inlet, 1t 1s accompanied by high
drag 1f the flow through the perforaticms 1s vented to the external stream.
For exsmple, the data of references 97 and 98 show that the drag of per-
forated inlets 1s as much as 25 percent greater than that of unperforated
types. A similsar method of providing flow stability when the terminal
normal shock wave 1s at the throat has been reported by Nelce, reference 99.
Here, the chanmel wells are vented, immediately shead of the throat to a
chamber to permit the escape of excess mags flow when & disturbance tends -
to farce the normal shoek wave upstreem into the converglng passage.

Rectanguler scoop inlets with side wnlls swept.back toward the body
as described Iln references 53, 100, and 10l.sre eble to meintein supersonic
flow to the throat of a contracting passage at reduced mass-flow ratios
and flight Mach numbers because air can escape leterally as the normal
shock wave moves down the chsnnel. EHowever, at low flight Msch numbers .
the first oblique shock wave fram the compreasion surface is forward on
the fuselage, and 1t interacts with the boundary layer causing both high
drsg and poor pressure recovery. These difficulties have been partially
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circumvented by use of a lesding-edge flep on the compression surface.
(See ref. 101.) Deflectiom of this flap towerd the body reduced the
pressure rise across the oblique shock wave at a given Mach number, end
delayed boundsry-layer separation to lower Mach numbers.

For the conlcal-shock inlet, intermal contractlion can be used to
produce additional supersonic compression, but at the expense of encounter-
ing the flow-stebility problem and additional duet losses. TLukeslewlez
derives In reference 53 the contraction ratio WYgtgrt that can be used
with conicel-shock Inlets, based upon the assumptlon that the entrence
Mach number 1s the aversge of that behind the shock wave end on the cone
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lsrge cone sngles the permiesible contraction is smell. Experiments at
My =1.85 (ref. 93) show that for en inlet with a straight 1ip (not cam-
bered to meet the local flow), intermsl contraction reduces the optimm
cone angle for meximm pressure recovery 100
to sbout 25°.as compared to 30° for an \\\
inlet with only conlcal-shock compres- : \
sion, (fig. 8). However, the difference © ‘\ ‘\ \
\

in maximm possible recovery 1s small.
Only for smell cone angles where the 82
oblique shock wave 1s not being fully
utilized can internsl contraction B8

produce any great sdvantage. Tests j \k\
84

m.

heve been mede at a Mach mumber of 1.8
with conical-shock inlets having intermal \
contrection end e perforeted 1ilp to pro-
vide flow stebility. (See ref. 9k.) BO———
The results Indicate very high meximim
total-pressure ratio, 0.95, for this 76— X
arrangement. Both drsg end pressure-
recovery measurements were mede for a 72
conicel-shock inlet with a 20° cone Tlo 4 18 22 26 30
end a perforated cowl at Mach numbers M.

of 1.59, 1.79, end 1.99 in reference 96. Sketch (13)

The results Indicated that even though

high pressure recovery wes obtalned et zero sngle of atteck a relatively
large increase 1n external drag occurred relative to similer unperforated
inlets. The pressure recovery was relatively lnsensitive to mass-flow
change sbove the mess-flow raetlo at which shock oscillation occurred.
With increasing angle of attack both the range of mass flows for steady
operation end the pressure recovery decreesed at all Mach mmbers, the
latter being & more pronounced decresse than with similar umnperforated -
inlets.

10°
o°

AA N

Limiting inlet Mach number.- For external-campresslon systems there
1s no problem of flow stability as there 1s wilth internsl-compression
systems. There is;, however, a limlitation on how nearly isentroplc the
campression can be, or, in other words, on the number aof oblique shock

gl
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waves which it 1s practical to use. This limitation arises because the
lerger the nunber of shock waves, the higher the subsonic Inlet Mach
nmmber and the greater the duct losses. "Hence, optimm supersonic compres-
slon requires excellence in duct design. The following table shows the
locel Mach number and totel-pressure ratio after the terminal normal

shock wave In a pattern arranged with n. oblique shock waves to produce
the maximm supersonlic compression at approach Mach numbers of 1.5 and 2.0.
Subtracted from these total-pressure ratiocs are the duct losses correspond-
ing to the inlet Mach number as meesured with a duct with very small losses
in reference 64%. Thus, for these conditiomns, which are probebly about the

Duct 13.5° - 0, (6/r)z = 0.00143

lh = 1.5 Mo = 2-0

Ptp [Py,~Pigl Pig Py [Pt Pig] Pts
¥ i T oeg [P | M | T B,
0}{0.70}0.93| 0.02.[0.91{0.58{0.72| 0.01 |0.T2
1} . .98 02 | .96] T4} .90 021 .88
2| .91] .99 .03 { .96] .83} .95 02 | .93
3[ .94[1.00 ol { .96] .90! .97 .03 | .94

best thet can be expected In the present state of practical design knowl-
edge, little can be geined by ueing more than one oblique shock wave at

a Mach number of 1.5 or two oblique waves at a Mech number of 2.0. If

a poorer duct is used, say the duct with a thick initlal boundary layer
and a two-radil offset as described in reference 64, the following results
are obtained when it is combined with shock-compression inlets:

Duct 13.5° - 2 (Offset = 2rz), (8/r)z = 0.0156

Mo = 1.5 Mo = 2.0
P - -

o] we [tz [PtaPto[Pte [\ TRta [PeaPe] 2y
Pto | Pyo [Pt P, | Pto [Pto

o.70}0.93} 0.09 |0.84}0.58]0.7T2] 0.06 |0.66
.86] .98] .1k B84 .Th] .90 Jo | .80
91) 991 .16 .83} .83] .95 J3 | .82
Ohli.00} .17 .83} .90} .97 A6 | .82

(N VR e

Here, the sdvantaeges of high supersonlic vompression are further reduced.
At a Mech mumber of 1.5, a normsl shock wave might as well be used, and
&t a8 Mach number of 2.0, a single obligue shock wave very nearly produces
maximum pressure recovery. Oswatltsch esteblishes this point in refer-
ence 90 by comsidering the arrangement of obligue shock waves which would
produce the maximm static pressure behind the terminal normal shock wave.
This would be the best initial conditiomn for a pooxr duct installation.
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It 1s shown that oblique shock waves produce no Improvement to a Mach
number of 1.6 and that a single cbligue weve 1s sufficient to a Mach number
of 2.0.

At flight Mach numbers greater than 2.0, enother limit eppears on
the number of oblique shock waves that can be used beneficiaelly. As
pointed out by Luksslewlcz in reference 87 and Conmnors and Woollett in
reference 102, supersonic flow can be turned snd compressed by deflecting
surfaces through such large sngles that e normal shock wave must form at
the streamline which turns through the meximm engle possible for attached
flow. This normal shock wave occurs at Mach numbers sbove about 2.2 before
essentially isentroplc compression can be achleved; at lower Mach numbers,
nearly isentroplc compression 1s possible without the occurrence of a
normel shock weve from this cause.

Boundsry-layer shock-wave interaction.- Probably the most important
limitation an supersonic compression is caused by the interaction of
shock waves with boundary layers. For Ilnstance, Seddon in the note
appended to reference 103 shows thet for a slide Inteke wilthout boumdary-
leyer removal end only s normal shock wave for supersonic compression,
the total-pressure loss due to thls Intersction wes greater than the sum
of the losses fram sll other socurces st Mach numbers bebtween 1.0 and 1.4
and wes sbout equal to that across & normel shock wave at 1.7, vwhere,

In general, normal-shock losses are unacceptebly high. These interfer-
ence losses were due to turbulent mixing in the flow after separatlion end
to changes 1n skin friction and shock losses from thelr values in umsepa~
rated flow.

The boundery lsyer separates at relatively low local supersonic Mach
mmbers, sbout 1.25 and greater, when a normal shock wave Interacts with
a turbulent boundary leyer; 1t separstes at very low supersonic Mach
numbers, loeally sbout l.l, when the interaction is with a laminar
boundary layer. (See refs. 103 through 107.) Of course, if the profile
of the boundeary lsyer has developed an Inflection (HZ 1.8 in incompres-
sible flow) before the interaction, a less intemnse shock wave csuses
seperation. The data of reference 106 show that for the renge of flight
conditions of Interest 1n this repart, the statlic pressure-rise ratio
at separstion Is not a strong function of Reynolds number I1f the flow
to the point of resttachment 1s turbulent. However, if trensition occurs
between separation and reattachment, there 1s a Reynolds number dependence.
In alr-induction-system design or testing In conditions In which a laminer
boundary leyer In the englne-flow streambtube could exist, provision should
be mede for ceusing transition upstresm of shock waves. The reesons are
that e shock wave of practically any strength can sepesrete s laminsr
leyer and thet any seving In skin friction due to maintaining a leminar
layer 1s negligible. Also, the Reynolds number dependence 1f the inltial
boundary layer were not turbulent could produce unrellieble test measure-
ments. Separation is to be avolded not only because of pressure losses
but elso because of flow unsteadinees end nomuniformity. However, small

~. .
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smounts of sepersetion wlth subsequent reattachment are not necessarily
serious, end Information 1s required on the alloweble tolerances for
regions of separated flow.

With air-induction systems, the shock waves that interact with a

boundery layer can originate from a change in surface slope, from nelgh- _
boring surfaces, or from the normal shock wave which terminates supersonic
compression. Bogdonoff end Kepler (ref. 105) indicate that for locel Mach
numbers through 2.0, a stetic-pressure-rise ratio of ebout 2 causes separa-
tion. Gadd, Holder, and Regen (ref. 106) show a value of 1.7; Fussdorfer
éref. 10k) suggests a value of 1.89; Lukasiewicz (ref. 52), Seddon

ref. 103), and Dailey (ref. 108) suggest 1.8, the pressure ratio across

a normal shock wave occurring et a Mech mumber of 1.3; and the criterion

of Nitzberg and Crandall [(usep/uinitial)® = 1/2] corresponds to a static-
pressure-rise ratio of 1.7 {ref. 109). Such differences are due to the
method used to determine separation and to test conditions. Nussdorfer!'s
criterion of statlic-pressure-rise ratio of 1.9 was derived from a study of
alr-induction-system dete which included both plene and conical compression
surfaces. If this criterion 1s used as the one sppropriate to present
design methods for the case where a normel shock wave interacts with e
turbulent boundary layer, the limitations omn shock compression becsuse

of separation are those superimposed on the curves of total-pressure ratlo
as a function of flow deflection angle and Mach number presented in fig-
ures 6, 7, and 8. If it 1s assumed that the degree of seperation at the
boundary determined by RNussdorfer's criterion is sufficlent to reduce
Induction-system perfocrmance, it is evident that in the Mach number range
up to 2.0 inlets must be designed for nearly the optimm shock configura-
tion. If a smaller deflectlon angle 1s used, the terminsl normal shock
wave 1s intense enough to cause separstion. This interaction wmdoubtedly
decreases performsnce in cases where the boundary layer just ahead of the -
normal shock wave 1s on the verge of separation and where the subsequent

flow 18 not given an opportunity to reattach. For Instance, the sketch

in figure 7 shows a condition where the pressure rise in the vieinity of

the obligue~shock reflection could be sufficlent to cause local separation

or at leest disturb the boundary layer sufficlently so that the terminal

normal shock wave would ensiure separation. The limitations for avolding
separation in this case are more severe than indicated In this figure.

Comparison of Pigures 6, T, and 8 shows that & strict requirement of

evolding bow-shock wave detachment and separation due to the terminal

normel shock wave through a range of flight Mach numbers mekes systems -
in which the configuration can be varied pecessary at Mach numbers sbhove
ebout 1.6 in two-dimensionel flow and above gbout 2.0 in conlcel flow.
(Other reasons for varisble systems and information on those that have
been tested will be discussed subsequently.)

Separation due to changes in surface slope asnd to lmpinging shock =
waves from other surfaces can be alleviated by reducing the pressure
gradient by distributing the disturbance over some length. In other words,
discrete shock waves are to be avoided. For insteénce, Chapman, Kuehn,
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eradn in some as mmpublished results foumd thet the thinrbulent

bomd.a.ry layer can w:‘l.t‘nstand. e large pressure rise on a curved. sm-fa.ce
vhere 1t has sufficient distance in which to re-energize itself. (See

also refs. 43 and 110.)

If boundary-layer .separstion due to Intersctlion with shock weves
cennot be avolded in induction-system design, 1t can, of course, be pre-~
vented by removing or re-energlzing the approesching boundsry layer. Inves-
tigations of such methods are reported in references 111 through 115. The
investigations of boundary-layer removal near the minimm-area stetion by
both porous suction and slots show that some lmprovement in pressure
recovery at low mass-flow ratlos can be achieved. More important, however,
is the improvement in flow uniformity and steadiness over a wlde renge of
mass-flow ratios. Similer results are obtained with blowing methods of
boundery-layer control in which the point of discharge 1s wupstresm of the
mininmm-aree stetion. (See refs. 113 and 11lk.)

To sumnarlize, separation can easily be caused by the Interaction of
shock waves wlth a boundary leyer. To avold separation, the boundary-
layer profile gpproaching the region of supersonic compression should have
no Inflection; changes in surface slope and impinglng disturbances should
be distributed to reduce the pressure gredient; the proper arrangement of
shock waves should be used to keep the Intersction pressure ratio at the
terminel normel shock wave below thet which would produce separation; and
the initiel subsequent compression should be small. Thus, the mess-flow
ratio should be high to minimize subsonic compresslon behind the terminal
shock wave, and & neerly stralight entry section should be used in the duct
to minimize the presswre gradlent and to permit reattachment if some
separation does occur. The boundary layer cen be removed or re-energized
to avold or reduce the intersctiom.

Lip design.- In supersonic flight, the problems of 1lip design are
different from those of subsonic f£light, for there is no possibility of
external streesmlines converging upon the inlet and causing separstion of
the internel flow. The problems ere those of locating and shaping the 1lip
properly to meintein high pressure recovery and low net dreg withoutb
severely compromlising these quellties in subsonic fllght.

Tests of open-nose inlets to determine the effects of 1ip praofile in
supersonic flight are reported in references 23 and 116. It was found
thet curved internal surfaces that are saetisfactory st subsonic speeds can’
be used at supersonlic speeds at lesst to a Mach mmber of 1.7 without any
sacrifice In totel-pressure ratio. In fact, a 1l1lp described in refer-
ence 23 with (r/R)2=1.15 produces higher pressure recovery than a sherp
lip at Mach numbers to 1.5, and, as shown In figure 5, this 1ip mainteins
high recovery to relatively large mass-flow ratios at subsonic gpeeds.

With Internel-contrection Iniets designed for the combtractlion ratio
Yotart (Bee p. 40), the profile of the contrecting passage cen as well be
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a straight line as & theoretically more efficlent contour because the
permissible contrection 1s emall to a £light Mach number of 2.0. For such
iniets with an adjusteble throat to increase the conmbtraction while in
flight to values less than Vgtart, & strailght-line profile at the lip is
alsc pufficiently refined in this Mach number range. The deflection angle
at the 1lip leasding edge should, of course, not exceed the angle for shock-
wave detachment or for reguler reflection (see refs. 53 and 92). However,
as shown by the resulits in reference 54, and as discussed previously, 1t
should be a sufficlently large angle to minimlize the effects of interac-
tion between the boundery layer and the terminal normal shock wave. {The
results of Wyatt end Hunczek, ref. 54, further show that an extended entry
gection permits greater supersonic compression in this type of air-
Induction system, presumebly because the separated boundery layer which
follows a relatively strong normal shock wave has en opportumity to
reattach.)

Lukaslewlcz (rd' 53) in discussing conical-shock inlets with sherp
1ips shows thet neither 1lip position nor lip incidence have, within reason-
able design limite, greet significence in affecting pressure recovery at
Mach numbers less than about 2.0. Idp position 1s not importsnt because
the velocity gradients for reasonable positions in practical conicel flow
fields are smell. Lip incidence has little importence because even if the
shock wave fram the lip is detached, it 1s of small Intensity in a design
having the relatively large cone angle necessary for maximum pressure

recovery.

Although 1ip design has been found to be of secondary importance
in regerd to pressure recovery for extema.l—compression inlets, it is of
great importence in regard to drag, which willl be discussed later.

Mass~-flow variation.= Alr-induction systems without an adjusteble
inlet area or a bypass must operate through a renge of maess flow as f£light
conditions change. The previous discugsion of supersonic compresslon has
been concerned primarﬂ.y wlth considerstiomns of meximm total-pressure
ratio at a single design condition, usually the "critical mass-flow ratio.”
This term denotes the internal flow when there 1s no subsonic spillege
and the terminal normal shock wave occurs at the minimme-aree section;
that 1s, when the supersonic compression for the system is meximm. If
the transition to subsonic flow occurs downstream of the minimum sectlon,
the mass-~flow ratio ip the same a8 at the critical condition because there
is also no subsonic splllage, but the totel-pressure ratlio ls less because
the terminal shock wave occurs st a higher local Mach number. Such opera-~
tion is termed "supercritical” end the total-pressure ratio is determined
by the flight conditions end the requirements of flow comntinulty end of
the flow schedule of the engine. From equation (16)
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Pty _ 8. m)l-fer (26)
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Thus, for a speciflc mass-~flow ratlo, a reduction in inlet area produces
a low pressure recovery for a given engine corrected alr flow and f£light
Mach number; or, for a gliven Inlet ares and mass=flow ra:bio, corrected
alr flows or filght Mach numbers sbove the design value also reduce toe
total-pressure ratico. Systems are sometimes designed to operate at super-
crltical conditions In order to avoid flow umsteadiness which often occurs
at mass-flow ratlos Just below critical, pertlcularly at angle of attack
wilth systems having a large smount of supersonic compression and no Inter-
ference which elleviates angle-of-atbeck effects. (Bee, for instence,
refs. 117 and 118.) When the transition to subsonic flow 1s upstream of
the inlet, the subcritlcel comdition, e normal shock wave occurs exter-
nally and flow 1s spllled behind 1t to reduce the mess-flow ratlio from
the maximm. The possible total-pressure ratio at these reduced mess flows
can be calculated from the known shock pettern if the pressure rise through
the shock waves 18 not so great as to cause sepaeration losses or to dis-

tort a boundary layer enough to change the shock pettern.

Experimental Investigations of isclated alr-~induction systems through
the range of mess=flow ratlios show, In general, that Inlets which ettaln
very high total=-pressure ratlios at the criticel conditlon are very sen-
sitive to changes 1n opereting flow conditions. That 1s, totel-pressure
ratio 1s markedly reduced if operation 1s very far subcritical, and, as
with any Inlet, recovery decresses rapidly in the supercrliticel range.

The date summsrized by Iukasiewlcz (ref. 53) illustrate this fact. Thus,
an open-nose Inlet which accepts supersonic compression through & normal
shock wave does not, as shown in sketch (11), attaln a high totel-pressure
ratio, but essentlally the meximum totel-pressure ratio with uniform flow
at the compressor face is maintained throughout the subcriticel range.
The total-pressure ratlo which has been measwred in experiments is that
calculated for the normal-shock wvave minus the duct losses. An internel-
contraction inlet suffers an sbrupt totel-pressure loss and operetes es
& normel~shock inlet as soon as the flow becomes suberitiecel. Conical-
shock inlets deslgned with more then one oblique shock wave also have this
disedvantage of an abrupt decrease in total-pressure retio et subcritical
mass-flow ratios, presumsbly because the boundary-leyer profile approeches
that for seperatlon In pessing through the large adverse pressure gradients
of the supersonic compression. However, canical=-shock Inlets with one
obllique shock weve designed for neer-meximm=-totel-pressure retlo can
maintain a high level of pressure recovery well iInto the suberditical
range. Use of less then the optimm cone angle (included angles less then
ebout 50°) produces a terminal normal shock wave of too great intensity
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which edversely affects suberiticel operation. The most disturbing dif-
ficulties at reduced mass=flow ratios are flow nonumiformity end unstead-

iness which are caused by separetion that can arise from a number of *
sources. An extended subcritical range of mass-flow ratlos in which the

flow 1s steady can be obtelned by choice of the proper shock pattern and

duct design or by boundary~layer removel.

S8ince flxed-area intakes can be unsatisfactory at mess-flow ratios
other than that chosen as the deslgn point, systems must be considered
in which a constent, or nearly constant, mass-flow ratlo maintains a high
level of over=-all inductlion-system performance through e wide range of
flight conditions. This can be accomplished by varying the inlet area;
or, for a fixed inlet area, excess air can be bypassed to satlsfy the engine
alr requirements while operating the induction system nesr its best design
point. By these methods the reduction in propulsive-system performsnce
from additive drag, reduced pressure recovery, or flow nonuniformity and
unsteadiness cen be avolded at the expense of weight and complication.
For alrcraft which must fly st widely dlfferent condlitions of power, alti-
tude, and speed, such complicatlion 1is necessary. The best arrangement
for eny particuler elrcraft requires detelled evaluation.

Perhaps the simplest varisble systems for matching the air require-~ .
ments of an engine are an auxiliary scoodp (ref. Ti) and a bypass (ref. 119).
With the former, the mein inlet is matched in area for the high-speed
flight condition and an suxiliery scoop is opened for flight at lower
Mech numbers. With a bypess between the inlet and the ehgine, the inlet
area is generelly chosen for the altitude crulse condition and is large
for flight at high speed or low altitude. The excess air is dumped over- -
boexrd through the bypass. The analyses of references T4 and 119 show
that these systems have verious adventeges and are superior to other systems
for certaln flight conditions. Experiments heve demonstrated that at Mach
nunbers up to 2.0 the dreg of the bypass can be small as long as the air
is ejected nearly parallel to the local flow direction. (ref. 120).

Another varlable system is & conical-shock inlet in which the center
body can be moved fore end aft to regulate the mess=flow ratio. This is
the tremnsleting-cone inlet (refs. 121, 122, and 123). When the oblique
shock wave from the come apex intersects the inlet 1ip, the mass-flow
ratio is the meximm. When the cone 1s moved forward relative to the 1lip,
the mass=-flow ratio 1s reduced by supersonlc spillege and the additive
dreg is not as lerge as If the spillage were behind a normel shock wave
(see p. 64). Gorton shows in reference.122 that such inlets can be designed
for high pressure recovery at Mach numbers from 1.5 to 2.0. The effects
of various design compromises which must be made in the design of such
trenslating-cone inlets are studied in reference 123. The performence
of three inlets each in cambinstion with three turbojet engines is com- -
pared. The cholce of inlet was found t6 depend upon the engine sir-flow
schedule end the flight conditiomns selected as critlicel. In reference 31
tests with an operating turbolet engine of e itranslating-come inlet and *
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of e bypess system at flight Mach numbers of O, 0.6, 1.7, end 2.0 ere
described. Both systems eliminated flow spillege behind a normel shock
weve, but the net propulsive forces were not determined. This investiga-
tion was extended in reference 124 to include autametic control of a system
with a transleting cone and & bypess combined. By sensing total pressure
et the cone tip and cowl lip and static pressure Just inside the inlet,

the cblique shock wave could be maintained at the 1lip and the terminal
shock wave could be positioned Just inside the cowl. The totel-pressure
recovery varied from 0.92 to 0.88 as the Mach number was chsnged fram

1.7 to 2.0 (see f£ig. 9).

Air-induction systems in which the deflection angle of the supersonic
compression suxrfaces can be veried to provide for engine-inlet matching
through a renge of f£flight conditions have been tested in e wide varlety
of arrangements. In reference 125 a precompression ramp followed by a
varlsble second ramp was used to improve the performance of a twin-scoop
Installaetion with flxed-ares inlets. Precompression ramp angles of 3°
and 10° were tested in combination with the verisble second ramp; the
lerger angle produced the better pressure recovery. However, nonuniform=-
1ty In the total=pressure dlstribubtlion at the diffuser exit of more than
5 percent exlsted for &ll the confilguretions tested. An undersliumg scoop
baving a verlasble horizontal ramp or a varisble vertical-wedge compression
surface is described 1n reference 112. The fotal-pressure ratios attained
in tests at Mach mmbers from l.4 to 1.8 are shown in figure 9. It 1s
seen that these systems produce relatively high totel=pressure ratios.
Further tests reported in reference 112 of sn underslung scoop with
boundary-layer removal through porcus suction over the compression surfaces
show an Inecrease in total-pressure retic of as much as 5 percent with
nearly the seme gein in net propulsive force.

The problem of providing high wvalues of net propulsive force for a
gelf=accelerating ram=Jet missile requires scme form of varieble inlet
ares, and the variation must be accamplished in & simple menner. A drop-
gble cowling to provide, in effect, two inlets 1s reported In reference
126. A cowling wes added to & double-cone inlet designed for Mp=2.L
so that the combinatlion was & normel-shock lnlet, and tests were made st
Mach numbers of 0.64, 1.5, and 2.0. Substentiel improvements in net pro-
pulsive force over that of the double-cone inlet were obtelned at these
Mach numbers.

Investigations of inlets having both varieble Inlet and throat areas
are reported in references 68 and 127 and the pressure recovery cheracter-
1stics are compared with those of other inlets in flgure 9.

e of atbtack.- As In subsonic flight, the flow approeching an
alr-induction system at supersonic speeds can be at sn angle to the system
exls beceuse of the sttitude of the alrcraft and because of induced effects.
As In the case of mass-flow varlaetions, Inlets which attein wvery high
totel-pressure ratlos are, in general, sensitive to angle of attack.

AR
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Ilukasiewicz (ref. 53) shows that an opeh-nose inlet with normal=-shock
conpression 1s not affected by angle of attack up to 5°; but the other
inlets, thet is, the internal-contraction and conical-shock types, suffer
losses in maximm total-pressure ratiocs of from 3 to 4 percent at angles

of attack of 5°. (See refs. 53, 122, and 128.) At higher angles of attack
separstion from the lower 1lip of symetric open-nose inlets red.uces the
pressure recovery until at engles of atteck of the order of 20° at a Mach
number of 1l.42, the maximum total pressure ratio decreases from 0.95 to
0.85 (fig. 10). The reductions in pressure recavery are greater for
conlcel-shock and internsl-contraction inlets.

Several methods for meintaining the zero-sngle-of-attack level of
pressure recovery with changing engle of attack have been proposed. A
sumary of test results 1s presented in figure 10. Beheim suggested a
plvoted cone in reference 129, and fourd that relative to a fixed-cone
inlet, an increase in meximm pressure recovery, mess-flow ratio, and flow
steadinesa could be obtalned at angle of atteck. However, there was no
improvement in flow uwniformity, end maximm pressure recovery occurred et
a reduced mass-flow ratio. A method is proposed in reference 130 in which
an Inlet with a vertlcal-wedge compression surface insilde a conlcal cowl
was modified by perforating the wedge center body and cutting back the
lower half of the cowl lip. Tota.l-pressure recovery obtained with this
inlet, although lower than wlth comperdble comnical-shock inlets, was
esgentially constent with ilncreassing angle of attack up to an angle of at
least 10°, the limlt of the tests. There was an increase in the subcriti-
cal mass-flow raenge for steady flow, and twin-duect instability was elimi-
nated by cross-ventilaetion through the perfora.tions Other methods for
meintaining the level of pressure recovery with changing angle of attack
consist of elther canting the inlet plane (refs. 131 and 132) or adding
flow deflecting surfsaces (refs. 26 and . 3:33) ,__Arrangements for utilizing
interference from gther sircraft components to keep the flow allhed with
the system axls are discussed later under INTERFERENCE.

DRAG

The .design obJjective in regard to drag 1s to minimize disturbances
in the externsl flow; that is, to maintain as much laminar flow as possible,
to avold seperation, and to avold shock waves or reduce their intensity.
S8ince the forces of skin friction occur on 8ll external surfaces and are
not limited to those of eir-induction systems, no detalled discussions
of skin friction or of the allied problem of boundary-leyer transition
are presented in this report. References kil, 11-2, 131L 135, and 136 con-
tain design informatich on these sub,jec'l:s.

In this section, only the drag of 1solated air-inductlion systems 1s

considered; thet 1s, wing-root Inlets and types which include interference
drag forces are not discussed. In genéral, drag coefficlents are based
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on the maximum frontel area of the cowling or fuselage. As described
previously, scoop Iincremental or additive drasg should be camputed to the
stegnation point on the inlet 1ips; however, since the location of the
stagnation point 1s seldom Imown, these guentitles are here camputed %o
the plane tangent to the leading edge of the lips. As discussed in refer-
ence 23, such en essumption is comservative. In order to have a reference
for the relatlve Importance of the drag components conslidered, the fol-
lowing table of. representstive aircreft dimensions and totsl dreg coef-
flcients hes been complled.

Inlet hﬂm-ﬂudm’ As iﬂ.nss Moy Copin Dain/q8 Refer-
Alrcraft | arse, Ag,] frontal srea® | 7 |8, O, Mirag rise Pransanic | Supersonic] ences
sq £t My, oq I W [agze] T Bubscnic |y "n 1,10 lig = 1.5%0
F-100 kb5 26.40 0.169 | 376.0 | 0.070 0.92 0.0120 | 0.0435 0.0430 137
Ir-g1 k.90 3%3.50 'J'Eg 20.0 BLLE -5 LOLTS .0630 137
PIH-1 oT2 26.%0 o1 .0 .06k .88 Q15 0515 137
FhD-1 .28 25.00 A71] %97.0 .0ky .90 .0100 0375 .03680 137
r-95C¢ 232,8 T6 giasg 138
»-86D 2.45 2.1 102 | 288.0 .08% 85 . ;lﬁ
r-gur 19.52 343,53 .057 .TT L0150
XPF-924 ho5,0 .90 0100 FIA
xr-85r 2.45 302.0 .80 .Q1k0 1k
F-102 k.20 33.60 125 | 661.0 031 .90 0100 +0290 0270 1.:13‘
F-105 24.To 385.0 .05k 0250 03k0
PTU-1 3.20 23.26 -137| kg6.0 OFT 87 020 0720 1hS

iMhis ares is that of the maximm cross section of the fuselsge.

Thus, en approximate figure for the ratio of meximm cowling or fuselage
cross-section area to wing ares for present-dsy alrcraft is 0.1 and the
supersonic dreg coefficient at & Mach number of 1.5 is sbout 0.04. This
Pigure corresponds to 0.400 based on maximm frontel area. Drag-coefficlent
reductions of 0.005 at supersonic speeds snd 0.002 at subsonlic aspeeds due
to Improvements 1n the air-induction system represent l.25-percent reduc-
tions in sirplene drag. Such increments in drsg coefficlent are probably
the 1imit of preliminary design sccuracy and are the least significent
figures worthy of considerastion in the following dliscussion.

Subsonic Flight

In subsonic Plight below the Mach mumber for drag dlvergence, the
main drag problem of eir-induction systems 1s to reduce skin friction by
delaying boundary-layer transition and by minimizing wetted area. Drag
due to separation is of little concern even for the relatively sharp lips
of supersonic eircraft becsuse, as shown by the discussion of sketch (8),
mess-flow ratios ere nesr or sbove 1 and the angularity of the external
flow relative to the inlet lips 1s smell. For subsonic alrcraft in which
it is desirsble to minimize intermal losses by having a large inlet area
and low mass-flow ratios, external separation can be avolded by use of
blunt 1ips. At the high angles of ettack in lending end take-off opera-
tions, mass=-flow retios are greater than 1, so the engine-induced flow

el

& -
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counteracta the tendency towerd externsl seperation on upper inlet 1lips.
Climb with Jet-powered eircraft ordinsrily occurs at relatively high
speeds vhere the ma.ss-flow ratio cen be less than 1, but, because of the
speed, the angle of attack of the airplane is not lerge. At high subsonic
speeds, low mass-flow ratios must be avolded 1f divergence of the engine-
air streemtube shesd of the iniet and Shock stall on the inlet 1ips is to
be prevented. Thus, since the externel shape of an air-induction system
can be considered ‘independently of the duct shape (see ref. 2, p. 60),

the design problem in regard to subsonic drag is to select an external
contour that encloses the neceasary inductlon system and maintains laminar,
shock-free flow through the required renge of mass flow and angle of attack.

The net drag of an mir-induction system is entirely due to skin fric-~
tion as long as the flow is unseparated and irrotational outside of the
boundary layer, for, a8 shown previously, the pressure force in the drag
direction along the free surface of the englne-flow stireamtube in equa-
tion (7) is offset by & _pressure force: on the cowling surface Iln the
thrust dlrection. The a:perimental ‘reBults of Blacksby a.nd Watson
(ref. T2) show that for a wedge-shaped lip profile (7-1/2° wedge engle)
there 1s no net pressure dreg in low-s;peed flow at mass-flow ratios above
0.8; for blumter lips, lower mass-flow ratios- (less than 0.6) were reached
without external separstion thsat caused_any appreclable loss in 1ip suction
force. Similarly, messurements to a Mach number of 1 show little change
in net drag with mess-flow ratios as low as 0.8 for sharp lips and to
less with blunt lips. (See refs. 76 end 146.) From these results, it is
apparent that no net pressure drag need be experienced at subsonic
gpeeds in the mass-flow-ratloc range o:E interest. However, for the thin
1lips required for high-speed flight, a very localized 1lip suctlon force
to counteract additive drag is not conducive to laminer flow, for a small
reglon of very low pressure is followéd by & rising pressure which causes
transition to turbulent flow in the boundsry layer. From the criterion
of Kérmén end Millikan (ref. 147) that laminar sepsration occurs in a
positive pressure gradient when the local velocity is sbout 0.9 the maxi-~
mm velocity and that laminer seperation results in transition, it eppears
fram the pressure-distribution data of reference 146 that at flight Mach
numbers grester than 0.8 with a sharp’ 1ip, mEss-flow ratios greater than
0.9 are necessary to prevent trensition from occurring on the lip. For
the NACA l-series inlets of reference; 76, mass~flow ratios to as low as
0.8 with no seriocus adverse pressure gradient seem possible in flight to
a Mach number of 1.0, although the scatter of the data prevents a definite
conclusion. The pressure—distributiqn date .on NACA l-series inlets at a
Mach mmber of 0.4 (ref. 80) indicate that for usual ratios of inlet to
maximm dlemeter, no suction pressure pesk with subsequent transition
need occur to mass-flow ratios as low as sbout O. 4 at zero angle of atteck.
Similerly, the "class C" profiles of Kiichemenn end Weber (ref. 2) create
no adverse pressure gradient until very low mess-flow ratlios, less than
0.4, are reached. These shapes thus can produce low drag in subsonic
flight, however, because of thelr blunt shape, they create high wave drag
in supersonic flight (see, e. g., the d.a.'ba. of ref. 148). Por aircraft that
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fly supersonically, thinner lips mist be used together with e relatively
high mass-flow ratio, grester than about 0.8, to have low external drsg
through the speed range.

The NACA l-series profiles (ref. 80) and those described by Kichemann
and Weber (ref. 2) were designed sccording to the criterion of meximizing
the criticel Mach number of lips, that 1s, the flight Mach number et which
sonic velocity firet occurs on the profile. It was thought that this
Mach number would indlcate the beginning of the transonic dreg rise and
thus should occur at as high a speed as possible. The drag rise is well
predicted by critical Mech number for cowl shapes over whlich the pressure
distribution is nesrly uniform (see ref. 2); however, 1t is not predicted
by the critical Mach number as applied to local high-velocity reglons A5
Since, from the skin-friction standpoint, shapes must be chosen that heve
a8 nesrly uniform distributlon of pressure, the criltical Mach mmber 1s a
good Indication of the drag-rise Mach number for the shapes of interest.
The NACA l-series apnd the Kiichemann and Weber cless C serles cen thus be
used wlith rellaence placed on the predicted drag-rise Mach number. For
bigh Mech numbers of drag divergence, the cowls must be slender as shown
in sketch (14). The results of refer~
ence 148 show that at high mass-flow l
ratios, the detalls of 1lip shape for |—
slender cowls heve llttle effect on -
the magnitude of the externasl pressure =9 =[] 1-50-200

dreg to flight Mach numbers of 1. 99!‘1‘3“’(' I-50-150
/ a |—|5o-|oo

The important consideration 1s the

<
axisel distribution of cross=sectlon g Bl
ares, perticularly when in combina- g ok
tion with other ailrplane components’,
as will be discussed. later. g 7 » 1-50-50
As shown by tests reported 4/ a=C
In references 150 and 151, the '60 > 4 = = o
Mach mumber for drag divergence end : 4 5
the megnitude of the trensonic drag Mass-flow rafio, me/me
rise for ducted bodles can be deter- Sketch (1k)

mined experimentally by tests of
equlvalent bodles. That 1s, the solld body equivalent to a ducted body
from the extermsl-wave-dreg standpolnt is the dqueted body with the free-
streem ares of the englne streambtube subtracted from the longitudinsl
area distribution. At nmass-flow retios less than 1, en equivalent body
thus has a blunt nose; nevertheless, the experiments indicate that the
T8The wnimortance of locallzed high-veloclty regions on cowls 1is
analogous to the observations of Nitzberg and Crandall regerding alrfoils
(see ref. 14g). Here, it is shown thet drag-rise Mach number can best be
predicted by spplylng the Pranditl-Glauert rule to the pressure coefficlent
at the alrfoll crest; in other words, supersonlc flow must extend over a
conslideraeble portion of the surfece for the drag rise to be predicted
eccurately by the critical Mach numbexr.
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equivalent-body method is & relisble indication of duected-body drag rise
to mess-flow ratios as low as 0.7. The accuracy of this method is greatest
for fair equivalent bodles having high fineness ratios.

The effect of angle of attack of alr-induction systems on external
dreg 1s generally not a serious problem. At the lowest mass=flow ratio
that would normally occur in high-speed flight, of the aorder of 0.6, the
pressure-d.is'bribution deta. on the NACA l-series inlets show that s.ngles
to 4° can be reached wilthout & serious suction pressure peak for cowle
that are not too slender. A slender cowl, the 1-50~200, for instance,
develops a suction pressure pesk at this a.ngle whereas the 1-50-150 does
not because of the thicker 1lip. -

Supersonic Flight

The followlng discussion of the drag of isolated air-induction systems
at supersonlc speeds 1ls arrenged according to the components which make up
the net drag as shown In sketch (15). Here, typlesl variatioms of the com-
ponents of the net drag coefficlent with mass-flow ratio for a given flight

E Tronsition moving forward with
decreasing mass flow ratio

S
T
é Additive drag
§ Zero splilage
g Pressure drog —
Friction dra
+ . Ny /////97
% ———_—Fricﬂon drog — covis'u_cﬁn_f ~ }
N .- : o
Moss-flow ratio, mg/m,,
Sketch (15)

Mach number are presented. The net d.ra.g cen be considered to consist of
four perts: . :

e
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1. The external wave (or pressure) drag when the system operates
with no spillege, ss in sketch (16a).

2. The pressure force on the d.eflected. engine-flow streamtube , 88 in
~Y

mlemd atemes 1LY o T AL arn Tome
BACLCLCE | LUD) Ly C ) \LuLb Lﬁ ﬂuuLbLVc L', e }

r\

3. The change In external wave drag due to a reduction in mass-flow
from the meximum, as in sketch (16b)} or (16c). (This is called
the cowl suction force.)

4, Skin fri

i . ned on p. 52, this component
drag 1is not discussed in

. 5 Lill g0 LS SR IO A] AR

thils report)

(a) (b}
No spillage Spilldage due to a.normal Spillage due fo on obiique

shock wave and a normal shock wave

Sketch (16)

External wave drag with no spillage.- Several methods have been
developed for estimating the pressure distribution and wave drag of exielly
symmetric ducted bodies et zero sngle of sbback with an stbached shock wave
on the lip. These are listed wlth pertinent references as follows:

Linearized methods References
Brown and Parker 86,152
Lighthill : 153,154 .
Werd 155,156
Jack 157
Moore 158
Ferrari 159,1
Bolton~Shew and Zienkiewicz él
Parker 162

Second-order method

Ven Dyke 163,164,165
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Higher-order method - References
Ferri 86,166

In general, the greater accuracy of the more complicated methods
is obtained at the expense of greater lgbor in making calculations. Also,
since the simpler methods utilize more assumptions, thelr range of appli-
cability is lees but 1s often sufficient for design purposes. In refer-
ence .Ljf, Eﬂ.e J.lnéé:f'lzeﬂ. IH.E'GDOG. OI CﬂETECEéTlB'DlCS 1B CGIIIP&I‘ECL w11;n 'thé
source-distribution method of reference 152. It was found that to
produce the same accuracy the linearized method of cheracteristics requires

much more computing time. In comparing with the characteristics method

of reference 156 this latter procedure was found to require by far the

greatest amount of effort, but the comparison showed that for large flow
deflection angles at the lip (15. 50) the linearized methods underestimate
the pressure on the lip and hence the drag, in this case (Mo=1.8) by

36 percent. In terms of airplane drag, such an error would be eguivalent
to roughly 1 percemt. Ferrli compares cglculations by the method of char-
aecteristics with those of the small-disturbence theory of reference 152 for
a cowl with & 3% lip angle at a Mach number of 1.5 and finds that the
approximeste method underestimates only slightly the pressures along the
cowl. In faect, rotation need be taken Into sccount only when a strong
curved externsl shock wave occurs snd the variation of entropy along the
shock wave ig great. Similar comparisons at a flight Mach number of 2

have been made between the methods of references 152 and 164 for a conical
and a curved cowl. The conical cowl had a 3 semiapex angle and the ratioc
of inlet-to-meximum area was 0.676. The curved cowling had a 12.99 initial
deflectlion angle, an asree ratioc of 0.5, a length-to-diameter ratio z/dM

of 3.18 and a practical profile which is defined by the relation

= 4.38(r - 1) + 15.51(xr - L)% + 77.07(r - 1)% + 1.73

The outer surface of this lip is parallel to the local flow direction
when the shock wave from a 50 cone intersects the 1lip.l® The results
of this comparison are summerized in the following table:

16Tykasiewicz in reference 53 presents design information on the
flow direction in conical flow fields and on the conditions for regular
reflection and shock-wave detachment. It 1s shown that e 1ip incidence
sngle can be selected that is good for a: wide renge of Mach numbers. Also,
& conical-shock inlet designed with a straight 1ip to provide internal
contraction cannot have regular reflection at Mech numbers up to 2.0 if
cane angles greater than 25° are used. In two-dimensional flow, attached
flow on a straight 1ip 18 not possible at & Mach number of 2.0 if the flow
deflection angle is greater than 13°.
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Drag coefficient,
_ ave
Method Pressure relatlonshlp ahyM
Conical Curved
cowl cowl
7 .
¥-1
o ¥y -1 M?(l i J
2nd order | Cp = — 1+ - —_— - 1¢| 0.0178t 0.0
p =25 [ u = 7 35
1st order | ==== 4O ==rmm~~—=ce—se—e————— - e e——— -OLTh .030
v2 u?
Do==mm =2 2 . 8 M- Nok¢ .031
CP ; Vo V02 Vbz
Do--- c, = 22 .2 oLTh 029
B Vo 02
————— = -2 2 ) - 0L .028
Do Cp = -2 - 87

As in the previous comparisons, the first-order method underestimstes the
pressure on the 1lip and the drag; the difference 1s small if the deflection
angle at the lip is small, but the error becomes sizable in terms of cowl
drag for large anglesl7(in this case 14 percent when the complete pressure-
coefficient relationship is used). In terms of airplsne drasg coefficient,
even this error at large deflectlion angles 1s negligible. Van Dyke in
reference 165 shows that for cones at Mach numbers less than 2 and cone
angles to 30°, the gsecond-order and exact theories give practically iden-
tical results. In this reference, it is elso shown, as indicated in the
table, that higher order terms should be reteined in the pressure relation-
ship for calculstions involving three-dimensionsl flow. From these com-
parisons and knowledge of the shapes that are of practical interest, which
wlll be discussed subsequently, 1t is concluded that since large lip angles
create large drag forces that must be avoided by the designer, the linear-
ized methods are of sufficient asccuracy for most deslgn purposes.

Comparison of the quasi-cylindrical theory of Lighthill (ref. 153)
with experimentsl measurements of wave drag is made in references 146

171 applying the second-order theory to the curved cowllng, it was
found that considersbly more computation time was requlred than expected.
Reference 164 gives certain rules for selecting intervals for computation.
Whereas about 6 intervals are sufficient for solid ogival bodies, the
curved cowling required 11 intervals, which increased the lsbor of com-
putation fourfold.

-y

'
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and 167. It was found that in spite of the fact that the models were
not quasi-eylindrical (the ratios of inlet-to-maximum ares were 0.25 and
0.50, and the corresponding initial lip angles were 11.8° and T7.3°) the
sgreement was satisfactory, as indiceted in the following table:

Model u, |[External wave arag cosfrictent crebiooian,
Meagured Theoretical percent
Ao/Ay = 0.25]1.41 0.119 0.136 1k
1.82 .099 .10k 5
Az/By = 0.50}1.41 .0ko .055 12
1.82 .0Lo .ok 2.5

The theory overestimates the drag coefficient in spite of the fact that
it underestimates the cowl pressures because too large a frontal area is
assumed for the initial portion of the cowl in these cases. The experi-
mental measurements also substantiate the following predictions:

1. The pressure at the cowl 1lip corresponds to that downstreem of a
two-dimensional oblique shock wave created by the 1lip deflection angle.

2. The pressures on the rear of the cowl approach asymptotically
the value for a cone with the same slope. (This is true for all
mass~flow ratias. )

3. An expansion about a discontimpity in surface slope 1s & Prandtl-
Meyer expsnsion. At reduced mass~-flow ratios, the Mach number ahead
of the corner is determined by the locel static pressure and the
total pressure behind the normal shock wave.

At a Mach number of 1.33, the theory predlcts the pressure on the cowl
lip as well as it does at higher Mach numbers, but at Mo = 1.17 the
experiments show that the pressure is overestimated. At lower supersonic
Mach numbers this tendency increases. It 1s therefore concluded thst the
lower limit at which the linearized theory should be applied is a Mach
numbexr of about 1.2.

Warren end Gunn in reference 168 have extrapolated Ward's first-

order theory for conlcal cowls to small values of the ratio of inlet-to-
meximm area. The effect is to reduce the overestimastion of wave drsasg
shown in the previous teble. Their method can be.slightly improved at

low values of AZ/AM and Mo by using exact values for the drag of cones
‘(AZ/AM 0) and calculstions from second-order theory to indicate more
closely the proper trend of the extrapolation. Results from such a pro-
cedure are shown in figure 11. (Drag coefficlent is based on maximum frontel
area.) -
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External profile.- From considerations of strictly supersonic flight
with inlets having no spiliage, the linearized theories have been used to
determine the optimm profile of sxisally symmetric bodles from the stag-
nation point to the position of maximm dlemeter. Ward (ref. 169) con-
cluded thet the profile is very nearly a straight line, that 1s, a straight
conical taper. Jack (ref. 157) calculated the drag of several profiles
for a conicel-shock inlet at & Mach number of 2.0 and found that less drag
was produced by a conical taper than the curved profiles. Uslng more exact
methods and imposing certain restrictive conditions, Ferrari (ref. 160} and
Parker (ref. 162) have found that the optimum profile is curved. Similarly,
Welters (ref. 150) and Howell (ref. 170) have applied the transonic-area-
rule concept to the design of bodies with nose inlets snd hsve found that
the method suggests a curved profile asnd does produce low drag. The method
1s to add the longitudinal area distribution of = minimum-drag solid body
and the area of the englne-alr streamtube to obtaln the area distributlion
of the minimum-drag ducted body. Not only did this method produce a lower
drag at full flow then the other bodies which were tested, but also it is
stated in reference 170 that more cowl suction force 1s obtained at reduced
mase flow. However, the improvement in this regard 1s of small megnitude
in terms of airplane drag coeffiecient.

In order to compare these proposed optimum shapes, calculations have
been made for Mach numbers of 1.kt and 2.0 for practicsl nacelle shapes
with ratios of inlet-to-maximum area of 0.16 and 0.36 and fineness ratios
of 3 end 6. (As shown by the data of reference T6, fineness ratios less
than 3 create large drag. Fineness ratios greater than 6 are so slender
that small differences in profile have a negligible effect.)

Minimm-3drag coefficlients based on maximum cowl area for two
optimum eowl shapes

Mg = 1.4 Mo = 2.0

Shape I ApfAy = 0.16 | Ap/Ay = 0.36 As/Ay = 0.16 Ao /By = 0.36
v/dy =3|1/an=6|1/am=3]1/d=61/dy=3|1/dy=6|1/dy=3[1/dN=6
Conical 0.059 | 0.019 | 0.032 | 0.010 | 0.049 | 0.016 | 0.025 | 0.009

Parker .056 .016 .031 .009 048 .01k .025 .008
(Ref. 162)

To indicate the differences in shapes, the radii of three minimme-drsg cowls

_ - T
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are campared with the conical cowl in sketch (17). This compsrison shows
that both the differences 1n drag and radius distribution are smsll for
these low-drag shepes, and 1t is concluded, as in the case of optimum

I-o —
I | .
Kdrmdn profile, ref. 17t ’//
with area rule ——
8 '
i | Conical cowl
F==— = ~—|3/4 power body, ref 17
with area ruie
6
X
R
4
Ap/Ay=39
1/dg4.71
2
0] A 2 3 4 5 5 7 8 9 1.0

x/1
Sketch (17)

solid bodies (see refs. 171 and 172), that there is little difference no
matter which shape near the optimum is selected. For most practical pur-~
poses the conicsl cowl is the optimum shape. - -

Warren end Gunn (ref. 168) have presented charts for the optimum
angle of conlcal taper and the corresponding drag coefficient (including
skin friction) as functions of Mach number, skin-friction coefficient,
and area retio. For a given area ratlio, an optimum conical angle exists
because the less the angle the smsller the wave drag but the greater the
skin-friction drag. Charts resulting from the altered calculations men-
tioned on page 60 are shown in filgure 12, and they show that for a given
area ratio and skin-friction coefficient, an increase in Mach number
incresses the optimum angle and decreases the drag coefficlent. However,
the differences about the optimum are small.

For high-performsnce conical-shock inlets without internal supersonic
compression, it 1s not possible to use a stralght conlcal taper of near-
optimum sngle from the 1ip leading edge because insufficient lip thickness
is available in which to enclose the required duct area and turn the flow
back to the system center line. It is therefore necessary to camber the
lip to meet the deflected streamline and have a curved externsl surface.

The calculations of Ferrl (ref. 13) indicate that 1t is better to expand
and turn the flow in the immediate vicinlity of the lip than to dlstribute
the expansion along the length of the cowl. The position of the 1lip leading
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edge is of 1little lmportance in regard to external drag; bubt, as discussed
subsequently, it 1s of great importance in regard to net drag because %o
evoid the large force that can result from additive dreg the 1lip should
Just intersect the oblique shock wave from the cone apex.

Additive drag.- As described in the section on definitions (p. 12),
additive dreg represents the momentum difference in the engine-flow stream-
tube between the inlet and the free stream when no aircraft components,
other than those of the aslr-induction system, Interfere with the stream-
tube. The simplest example of additive drag is that of an open-nose inlet
at reduced mass-flow ratio; the additive drag is the pressure integral along
the diverging streamfbube between the external normsl shock weve and the
stagnation polnt on the inlet 1lip. This drag component can be calculated
by the formula derived by Sibulkin (ref. 173) which is plotted in figure 13
for drag coefflcient and mass-flow ratio based on capture area. Comparison
with experimentsl messurements (see refs. 146 and 173) substantiates the
reliability of these predictiomns. Slnce the table on page 53 shows that
a rough value for the ratio of inlet-to-wing ares 1s 0.0l, the additive
drag coefficient can, as an example, represent 0.0020 in alrplane drag
coefficient at a mass-flow ratio of 0.8 and & Mach number of 1l.k. This
force, particularliy at lower mass-flow ratios and higher Mach numbers,
therefore, can be an gpprecliable part of airplane drag, and, for efficient
Plight at supersonic speeds, the operating mass-flow ratic must be near 1.

For & conical-shock Inlet or one utlllizing a wedge-type ramp, the
pressures on a diverging streemtube ahead of the inlet (see sketches (16b)
and (16¢)) are, of course, affected by the shape of the precompression
surface, and the problem of predicting additive drag is more complicated
then for a simple open-nose inlet. Sibulkin (ref. 173) has studied the
conical-shock Inlet with supersonic inlet flow and presents the charis
shown in figure 1i for the sdditive drag coefficlent and mass-flow ratio
based on capture area. The variation of cowl-position angle o7 (see
sketch (18)) with mass-flow ratio is also shown. The charts show that,

\G8é 7/

(a) oy=¢ (b) ;<¢
Sketch (18)
other factors being constant, the additive drasg coefficient increases with
cone angle, and, contrary to the normsl-shock nose inlet, the additive
drag coefficlent decreases with inecreasing Mach number. For conical-
shock inlets in which the flow at the inlet is not supersonic (sketch (18)),
Sibulkin in the same reference has studled the effects of the center body
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and of the assumed pressure recovery. The results show that the sddlitive
drag coefficlent for these conditioms at gilven values of cone angle, mass-
flow ratio, and Mach number can be elther grester or less than that of a
normel-shock inlet, depending upon the location of the 1lip relative to

the conical shock wave. If the lip is close to the obligue shock wave

at meximum mass flow (o} =-@) as shown in sketch (18a), the additive drag
coefficlent is high bhecause the deflected streamtube is subjected to the
pressure behind a normal shock wave occuriring at stream Mach nurber. How-
ever, if the lip 1s far behind the conical shock wave (sketch (18b}), for

a reduced mass-flow ratio the pressure on’ the streamtube is not as great

as 1n the former case because of the wesker normel shock wave. In comparing
predictions with experiment, Sibulkin has found good sgreement for this

form of spillage. Wyatt (ref. 12) has compared the additive drsg coef- L
ficients resulting from reduced flow of the three possible types as shown
in sketch (19). Thus, from the standpoint of drag, it is evident that air

24
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Sketeh (19)

should not be spilled from beind a normal shock wave, and, as Sibulkin
points out, for flight Mach numbers below the design value (cz==¢), it is
degirable to increase the center body projection (translating—cone-inlet,
P. 50) to maintein supersonic flow at the inlet. For a two-dimensionsl
inlet with a precompression ramp the additive drag can be calculsted from
momentum relationships as has been done for conical-shock inlets.

Change in external wave drag.- When niass-flow ratio is reduced below
the meximm wvalue, the pressures on cowls change because the inclination
of the flow with respect to the lip leading edge changes. Because of the
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greater inclination of the locel streamlines, the cowl pressures decrease,
thereby creating sn incremental suction force that is in the thrust direc-
tion. As shown, for instance, by Fradenburgh and Wyatt (ref. 14), at
subsonic speeds this lip suction force counterbalances the additive drag

if the flow remains irrotational. However, at supersonic speeds, the
presence of shock waves causes rotational flow and this balance of forces
canmot be accomplished. Several investigators have presented analyses of
the change in cowl pressure forces with decreasing mass-flow ratio.

Fraenkel (ref. 17L) has studied the prqgblem as applied to normal-shock
inlets using momentum methods, but experiment shows that the predictions
underestimate the cowl suction force at mass-flow ratios sbove about 0.6
even though the cowls tested had sharp lips. (See refs. 146 and 167.)

The analysls of Graham (ref. 175), which includes an allowance for lip
thickness, agrees with that of Fraenkel for mass-flow ratios greater than
0.8. Grigegs and Goldsmith (ref. 1L46) use the analysis of Moeckel (ref. 176)
to predict some portion of the lip suction force, but since the whole cowl
is not considered, this method also underestimsltes measured suction forces.
Figure 15 presents a compilation of experimental data and a comparison

with the prediction of Fraenkel. (Drag coefficlent is based on inlet ares,
and the increment of mass-flow ratio A(m/my) is 0.3 corresponding to a
change in mass~-flow ratio from 1..0 to 0.7. It 1s assumed that the varia-
tion of drag coefficient is essentially linear over this range.) The data
of references 146 and 167 represent pressure-distribution measurements and,
for the more slender cowl (AM/As = 2.0), the predicted decrease in avail-
gble cowl suction force with flight Mach number is fairly well substanti
ated. For the larger cowl angle (AM/A> = 4.1), however, much more total
suction force 1s recovered; the pressure measurements show that the suec-
tion pressures are less in msgnitude than those on the thinner lip but
they act on a greater frontal srea. This increased suction force st low
mass-flow ratios is at the expense of greater drag et & mass-flow ratio

of 1. The remaining data represent the results of force~test measurements,
and they show considerable scatter, as would be expected since the accuracy
in determing this relatively small force component 1s not so good as with
pressure measurements. These resulis tend to substantiate the conclusion
that blunt 1ips can recover more suction force than sharp lips.

Lip bluntness.- Much of the prevlious discussion on drag at supersonic
speeds has been concerned with thin, sharp lips on which shock waves would
be attached gt maximm mass flow. However, since such lip shapes csuse
large total-pressure losses at the high mass-flow ratios encountered in
low-speed flight, the penslty in drag at supersonic speeds resulting
from bluntness must be known In order to resolve the necessary compromise.
As pointed out by Graham (ref. 175), it is to be expected that the msximum
cowl suction force atteinsble is limited by lip bluntness; that is, for
a given ratio of inlet-to-maximum-cowl area, above some degree of bluntness,
high pressures on the large frontsl arez at the leading edge more than
counterbalance the incremental suction force caused by expansion of the
flow over the relatively small frontal area between the lip and the
maximum cowl diameter. ' .

A Y
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Fraenkel has studied the problem of lip bluntness when 18(mg/mo)M=-l.0
(ref. 167) by assuming thet the drag of ‘the profile is that of an isolated
lip plus a small component due to the expanslion behind the lip acting on
the downstream profile. These assumptions tend to 1limlt the analysis to
relatively blunt lips. By evaluating a factor empirically, s design chart
was obtained. Comparison of these results with other experiments produces
no relisble correlation. The experiments of reference 23 show that with
an inlet of Ap/Ayq = 0.185 and a 1lip of (r/R)2 = 1.17 there is no more net
drag than with a sharp lip at mass-flow ratios above 0.8 st supersonic
speeds. At the high-mass-flow ratios of low-speed flight, this lip causes
about half as much loss in total-pressure ratio as does a sharp lip
(fig. 5). The tests also show that the net drsg changes little to angles
of attack of 5°. :

From the dilscussion of 1lip shape in regard to pressure recovery and
drag, 1t appears that a reasonable lip profile for supersonlc alrcraft
(flight to a Mach number of 2.0) 1s elliptical on the internal surface
with (r/R)221.15 and a/b=3.6 (see fig. 5) to provide acceptable pres-
sure recovery in low-speed flight. The profile 1s stralight on the external
surface with the angle between the surface and the approaching flow direc-
tion about 3° for the least wave drag 1ln supérsonic flight. For inlet
areas of 2 to 5 square feet, the thickness behind the leading edge of such
a 1ip would be from 1 to 1-1/2 inches.

Net wave dragl®.- The previous discussion of drag has been largely con-
cerned with relatively ideslized configurstions. For air-induction systems
which are complicated by the necessity of many design compromises, accurate
predictlions of net drag can be made only for gulte restricted conditions.

18Because of the contrsection between the lip lesding edge and station
2', it would be expected from one~dimensional conslderatlicns that (mz'/mo)M
would be greater than 1. The experimental evidence of Fraenkel for rela-
tively blunt lips indicates thet compression due to contraction is hardly
reallized snd the maximum mass-flow ratio 1s very nearly 1. Mossman and
Anderson (ref. 23} found that for less blunt lips nearly the full effect
of the contractlon 1s attained. This result is conflrmed by recent work
of Trimpl and Cohen (NACA RM L55C16).

19The experimental determination of net wave drag by means of direct
force measurements and total -pressure surveys 1s a difficult procedure
because several very accurste measurements must be made Lo obtaln reliable
values. It is posslble to determine thils force in supersonic flow from
schlieren or shadowgraph photographs by calculation of the entropy rise
or momentum cliange through the extermal bow shock wave. However, accurate
evalustions by thls method also require conslderable care. Descriptions
and studies of thé method sre presented in references 178 through 181.

o
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For instance, as shown in sketch (20), the riges in net drag with decreasing
mess-flow ratio for the vertical-wedge inlet of reference 182 and the
inlet with a flow deflector of reference 26 are considerably different.

1.6 T
Mo=I.50
N Theoretical {open nose} Ref 173
Theoretical (includes cowl
c 1.2 N\ suction estimate) Ref 174
& — Flow deflector (model B) Ref. 26
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These inlets are similar In that both had a wedge-type precompression
surface; the flow-deflectlon angle for the vertical-wedge inlet was 8°

and that of the flow-deflector inlet was 6.5°. However, the inlets were
otherwise entirely different. At mass-flow ratios sbove 0.7, the drag rise
of the two differ by e factor of about 2. The estimations of Sibulkin
(ref. 173) and of Fraenkel (ref. 1T74), which teke no account of the pre-
campression surfaces or of skin friction, apparently predict the drag of
the flow-deflector inlet very well, However, account must be taken of

the precompression surface to predict the drag of the vertical-wedge Inlet.
Obviously, the theories caenmmot be relled upon to predict the drag at low
mass-flow ratios of such distorted inlet shapes. However, in normal
operation, supersonic aircraft must avold low mass-flow ratios because of
the large additive dresg force (or, at least, air should not be spilled
from behind a hormal shock weve). For mass-flow ratios of about C.9

and. greater the Incrementel drag due to a reduced mass flow is not a large
force, and the significance of the error in estimating it is correspondingly
reduced. Therefore, the following simple formula of Fraenkel (ref. 1T7k)
Por the net wave drag of open-nose bhodies at zero sngle of attack is
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posgibly useful for estimating the- drag of slender complicated configura-
tions at high mass~flow ratios.

i = O+ T S g + 35 (B (- )
and _
a?:j;:o) D) (20

(Here pi 1is the static pressure behind a normel shock.wave.) Thus,
according to this estimation, net wave drag i1s the sum of the externsal
wave drag of the cowl with no spillage and the product of the relative
static pressure behind a normsl shock wave (p; - Do) and the annular fron-
tal area of the diverging streamtube (Az - Ag). The expression is a linear
function of mass-flow ratlo. Since there is little difference in the
slopes of curves of addlitive and net wave drag coefficients with mass-
flow ratic at mass-flow ratios above 0.8 according to Fraenkel, cowl
suction force is “of no comsequence.in this range for slender cowls. How-
ever, as indicated in figure 15, a sizable portion of the sdditive drag
can be counteracted with blunt cowls and, if the high drag of these cowls
with no spillage is acceptable, cowl suction force should in this case,
be taken into account. ) .

FLOW STEADINESS -~

In the operation of air-induction systems, unsteady flows limit
propulsion-system performance for several reasons - duct rumble, that is,
noise and vibration from the system which disturb the pilot, fluctuations
which cause structural fatigue, or fluctustions which affect engine
operation. In the following section, flow steadiness is discussed as a
basic property of air-induction systems as was pressure. recovery, flow
uwniformity, esnd drag previously. In this discussion, however, some con-
sideration is gilven to Ilnterference from other aircraft components because
unsteadiness in the engine flow often arises on account of the boundary
layer from other surfaces. -

Subsonic Flight

Choked flow.- In low-speed flight with a fixed-ares inlet designed >
for high-speed flight at altitude, the mass-flow ratioc can be large '

ey
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enough to choke the inlet. Aside from the low total-pressure ratio and
nonuniformity assoclated with this condition, it must be svoided because
of flow unsteadiness. The results of Blacksby and Watson (ref. 72) show
that at zero forward speed with a sharp~lip inlet, fluctuations as large
as 8 percent of the anmbient pressure occur at frequencies up to sbout

200 cycles per second at mass-flow ratios mz/mz* gbove gbout 0.6. Such
unsteadiness was reduced both by increasing either the flight Msch number
or the radius of the inlet 1lip. The results of Milillo (ref. T3) in tests
at zero forward speed indicate lsrge nonmiformity in the diffused flow,
differences in loecal total-pressure ratio of as much as 0.10, for inlets
with rounded lips Just prior to choking. Thus, both flow umsteadiness
and nonuniformity sre to be expected in operation nesr choked conditions.

Duct rumble.- Seversl alrcraft in flight at high subsonic speeds
have encountered duet rumble. So far as is known, operation has been
affected only by the noise and vibration which are sufficient to disturb
the.pilot so that the conditlions under which they ocecur are comsclously
avolded. The phenomenon has been reported only with alr-induction systems
having side Inlets and 1ls apperently the result of interference with the
approaching boundary layer. The tests of Msthews (ref. 183) on an under-
slung scoop for the cooling alr of the engine of a propeller-driven air-
plane indicate that duct rumble was due to flow separation shead of the
scoop. The sepsration was spparently caused by externsl compression
resulting from a low inlet-veloclity ratio. The rumble was eliminsted by
increasing the inlet-veloclty ratio through & reduction of the inlet area
and by relieving the flow through the boundery-layer gutter by increasing
its depth. An slr bypass which 1ncreased the inlet-velocity ratio was also
a successful means of avoiding the rumble. Similerly, reference 184
reports duct rumble at inlet-velocity ratios less than O.4 at flight Mach
nunbers from 0.65 to 0.92. Twin-duct instasbility is suggested as the
cause of the rumble; upstream separation at the low inlet-velocity ratios
was probably the cause of the unsteady nsture of the instability. Other
. instances of duet rumble have been encountered, but descriptions of them
have not been published.

Since availsble evidence indicates that duct rumble is generally
caused by boundary-layer interference, it can be avoided by removing the
boundary layer from the influence of the compression field or by reducing
the compression field through an increase in mass-Plow ratioc. (Methods
of boundary-layer removal ere discussed later under INTERFERENCE.) Duct
rumble is to be expected when the static-pressure gradient in the extermsl
compression field is sufficlent to separate a turbulent boundary layer.
In two-dimensional subsonic flow a rough deslign criterion regarding tur-
bulent separation is that it can oceur in positive pressure gradients
when the locel velocity is less than two-thirds of the initial wvelocity.
However, larger pressure rises have been observed with air-induction-
cystem installstions possibly because the flow was three-dimensional oxr
because the gradient was small. The boundary-layer surveys lmmedistely
shead of the inlets described in references 185 and 186 show that without

el o
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boundary-layer removal an approaching boundary layer thickens rapidiy

and sepsrates at Inlet-velocity retios less than sbout 0.6. With some .
boundary-layer removel this rapld thickening occurs at inlet-veloclty

ratios less than sbout O.4. These figures can be used as rough indications

of when duct rumble might be expected.

Twin-duct instebillity.- Martin and Holzhauser (ref. 187) have studied
the stability problem of the flow through ducts from symmetricel twin
intakes emptying at a Juncture into a common chamber as shown in sketch.(El)
From the assumption that the static
pressure Just downstream of the Junc-
ture (which is here called station 3)
is vniform across the common duct, it T

s 47 \ is demonstrated that for a varistion
<1/J$La/,f”'“‘_ \ of recovered static pressures as shown

- —————=\8 in the sketch the flow is unstable at
il \\ inlet-veloeity ratios of the system

- less than that for maximum static-
pressure recovery. That 1s, 1f the
o 2 3 two ducts Initlally operate at the
i 1 Jolnt inlet-velocity ratic correspond-
‘=:%§§§§EE::::] ing to point s, a smell disturbance
which causes an increase in inlet-
velocity ratio in one duet causes the
flow in that duet to increase to point —
o/ Vo a and that in the other duct to
decrease to point b. From the con-~
tinulty relationship in incompressible

"

Sketeh (21) flow, it is evident that
(Va/Vo)a *+ (V2/Vo)b '
(V2/Vo)g = °’s 5 (29) _

Thus, as & result of the continuity requirement and the assumption of uni-
form static pressure at station 3, it 1s epparent from simple geometry
that operatlon below the inlet-veloclty retio for maximum recovery is
possible either at s or at a and b. However, if s 1s gbove the
maximum, operation i1s possible only at the Joint inlet-veloeclty ratio.

For these events to occur it is necessary that the shape of the curve be
similar to that of the sketch; that is, the negative slope at high inlet-
veloclty ratlos must be greater in sbsolute megnitude than the positive B
slope at low inlet-velocity ratios. The assumption of uniform static -
pressure has been found from experiments to be realistic, and the shape

of the curve has also been found to be typlcal of those of twin-scoops
into which boundasry layer flows. If two nose inlets or scoops with com~
plete boundary-layer removal were used, the slope of the curve would not
reverse; it would decrease from an inlet-velocity ratlio of zero. Unstable
flow could then riot occur. From the sketch it cen be seen that if the
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Joint imlet-velocity ratic is sufficiently small, the point b would be
at an inlet-veloecity ratio of zero. A disturbence in duet a that then
reduced the static pressure at 3 would cause a reversal of the flow
through duct a - a phenomenon that has been observed.

Since the static-pressure-recovery curve does not have a sharp peak
in actual flow, unsteadiness can be expected if the point s disg in the
region of zero slope because disturbences in either duet could cause one
and then the other to operate at the high and then the low inlet-velocity-
ratio conditions. The magnitudes of the disturbances and the slopes
determine how close to the peak s would have to be for such unsteadlness
to occur. If 8 were below some limit, the operstion would be stable-
at =2 end b. :

Since all the conditions which lead to twin-duct instsbility and
unsteadiness in subsonic £flight can exist at supersonic speeds, these
difficulties can also occur as demonstrated in reference 188, and systems
should be designed to avold them. A method of reducing twin-duct inter-
action in an ailr-induction system for supersonic aircraft is reported in
reference 130. The wall between two ducts upstream of the Jjunction was
perforsted to equalize the static pressure and enable crossflow to pro-
vide viscous damping.

Supersonic Flight

Causes of unsteadiness.- Unsteady flow in alr-induction systems
occurs more readily in supersonic than In subsonic flight essentislly
because larger posltive pressure gradients sre encountered which separate
the flow. Unsteadiness occurs either at subcritical mass-flow ratios or
et the very low total-pressure ratios of operation far in the supercritical
regime. The design problem is to maintain steady flow through a2 range
of mass-flow ratlos sufficient to satisfy all engine operating conditions.

Unsteadiness has been observed to occur in a variety of situations
some of which are illustrated in sketch (22). The first two examples are

————— Line of velocity disconfinuity
= Separated flow

Sketeh (22)

NI,

&
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those described by Ferri and Nuccl in reference 50. Here, the veloclty
discontinuity downstream of the Intersectlon of an obligue shock wave and
the terminsl normal shock wave enters the inlet as a result of the normal
shock wave moving forward due to a reduction in mass-flow ratlo. Since:
the total pressure and veloclity are less In the streamtube on the outside
of the line of discontinuity, subsonic compresslon tends to bring this alir
to rest sooner than 1t does the high-velocity streamtube next to the
center body. When the local Mach number behind the oblique bow shock

wave 1s near 1.0, as it should be to avoid significant shock-wave boundary-
layer iInteraction, the velocity difference across the discontinuity is
large, and the veloclty of the outside streamtube approaches zero in the
duct while that of the inside streamtube is still high. Unsteady flow
results when the line of discontinuity just crosses the 1lip because a
large percentage growth in streamtube area of the low veloclty stream
occurs while & uniform statlic pressure is maintained across the discon-
tinuity. Even though the contraction of ithe high-velocity stream is small,
1t 1s sufflicient to choke the major portion of the flow because of the
high local veloelty, and air must be spilled. Once this happens, the
pressure recovery decreases, which tends to draw the flow back to its
originsel position, choking again occurs, and the cycle repeats. This
explanation is cobviously oversimplified because the effects of viscosity
are ignored; nelther turbulent mixing across the line of discontinuity

nor the presence of & boundery layer is considered. The experiments

which were reported wlth this explanation show that an entry sectlion which
is sufficiently long to permilt mixing to reduce the velocity discontinuity
provides an increased range of steady subcritical mass-flow ratios. When
separation occurred on the central body as shown in sketch (22b) in these
tests, 1t was found that unsteadiness occcurred as the mass-flow ratio was
reduced when the veloclty discontinulty Ffrom behind the lambda shock
approached the 1lip from the inside. When separatlion was prevented by
boundary-layer removal, unsteadiness resulted only from the prior explana-
tion. It was concluded from this study that unsteadlness can be avolded
by positioning the externsl compression surface so that the line of veloe-
ity dlscontinuity cannot move across the lip for the range of flight con-
ditions of interest 80 long as extensive separation on the compression
surface is also avoilded. :

The results of references 51 and 189 show the importance of separs-
tion, as illustrated in sketch (22c), as a source of unsteadiness and
indicate that factors other then lines of velocity discontinulty must be
considered. It is shown in reference 51 that a conical-shock diffuser
with a 25° semicone angle and a_6° equivalent conical subsonic diffuser
has a very small range of steady subcritical flow even though the relation
of the lip to the obligque bow shock wave is chenged. The same inlet,
however, with a length of duct-entry section of 3.5 hydraulic diameters
always had a much wider steady range. Since there was separation on the
cone surface throughout the subscritical mass-flow range in these tests,
it 1s apparent that this and the duct shape can be dominant causes of
unsteadliness. When the duct did not have an entry length of small pressure
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gradient sufficient to permit the boundary layer to reattach and recover
a profile that could withstand subsequent compression (H < 1.8), unstead-
iness resulted. This conclusion is substantiated by the results of
references 111 and 190 in which unsteadiness was eliminated by -forclng

& separated bowmdary layer to reattach by suctlon. Also, the results of
reference 128 show that relatively small irregularities in area dilstribu-~
tion in the entry section of a duet in which the pressure gredient is
positive can have serious consequences In reducing the range of steady
flow.2? Additional data, on the flow unsteadiness in one scoop-type air-
induction system, are reported in reference 191.

Charaecter of umsteadiness.- The wind-tunnel tests of reference 192
for an air-induction system without an engine showed flow unsteadiness
after diffusion with a frequency of about 20 cycles per second and esmpli-
tudes as great as 30 percent of the local static pressure. The quantities
are, of course, dependent upon the particular design and also upon engine
operating conditions. Reference 133, for Iinstence, shows that for a
ram-jet engine the effects of approsching flow unsteadiness are attenuated
by an increase in the pressure drop across the flame holder and that an
increase in engine total-temperature ratio can amplify the pressure fluc-
tuations. With a turbojet engine controlling the flow through = conical-
shock inlet, Nettles and Leissler, reference 31, found that the engine
steadied the flow through the Inlet. Both the range of steady operation
and the intensity of fluctuations were less with the engine operating then
with the flow controlled by & choked exit plug. In fact, iIn the latter
case the fluctuations built up to a violent level in certain ranges of
unsteadiness; whereas with the engline controlling the flow, the inlet
could be operated through the same range of mess-flow ratios without 4if-
ficulty. Since, in general, flow unsteadiness from the alr-induction
system csuses reduced performsnce with the degree of permissible unstead-
iness dependent upon the refinement of the engine, the requirement in
alr-induction-system design is to provide steady flow to englnes over the
needed range of flow conditions. Thus, the detailed nature of flow
unsteadiness 1s of interest only insofsr as it shows when serious unstead-
iness is to be expected or what parameters are effective in allevisting
adverse effects.

Several investigations of unsteady internal flows have been reported.
(See refs. 38, 194, 195, and 196.), The theoretical and experimentel study
of Trimpi, which analyzes the problem by considering traveling plane waves,
indicates that the frequency of the flow oscillation decreases as the duct
length increases. The frequency is also affected. by mass-flow ratio,
incressing somewhat with decreasing mass flow. Probably the most important

201n the tests reported. in reference 123, the models used had smsll
lrregularities 1in aresa distribution nesr the duct entry, but the rsnge
of steady mass-flow ratios wes large. The cause of this difference was
that in this lstter cese the pressure gradient through the duct entry
was slightly negstive or =zero.
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conclusions are those related to the origin of the unsteadiness. It was
found that the relation between the time rates of change of entering mass
flow, of boundary-layer growth at the idlet station, and of the Instan-
taneous value of entropy averaged across the inlet was the critical factor
causing unsteadiness. Further, it was shown that, although waves caused
by changes in engine thrust casn move the shock pattern to & position at
which unsteadiness might arise, the disturbance which initiates unsteadi-
ness originates near the entrance and need not be sufficient to choke the
flow. The experiments of references 194 snd 195 indicste that the msgni-
tude of unsteadiness as caused by a line of veloclty discontlnuilty cross-
ing a 1ip (sketch (22a)) is less than that caused by separation of center-
body boundary layer (sketch (22c¢)). Since numerous inlet configurations
were investigated in references 194 and 195, it is poesible that this
result could have some generality. '

Preventlion of unsteadiness.~ The obvious method of avolding flow
unsteadiness 1s to operate a propulslve system only at mass-flow ratios
near or slightly above the critlcel with an inlet designed so that a line
of velocity discontinulty does not cross the lip and so that serious
boundaery-layer shock-wave Interaction 1s avoided. The fact that thils can
be accomplished with a fixed-asrea inlet for a relatively wilde range of
Mach number variations has been demonstrated in reference 50. However,
for operation through a wide range of Mach numbers, altitudes, and power
settings, one of the varisble systems descéribed previously would be
required to maintain nearly a constant méss-flow ragtio. Since thls remedy
1s accompanied by the addition of welght and complication, other methods
of avoiding unsteadiness can be more desirable. From the discussion of
the causes of flow uneteadiness, it 1s apparent that the difficulty can
be delayed by reducing severe velocity discontinultles and adverse pres-
sure gradients in the entering flow. However, If these must occur, the
effects can be minimized by glving the flow an opportunity to re-estgblish
& more umiform high-energy profile that can withstand additional compres-
sion. As shown by references 51, 111, 190, and 197, this can be accom~
plished by removing boundary-layer air or by providing sufficlent distance
for turbulent mixing to re-energize the flow. The latter method has been
investlgated by providing a long entry section of very nearly constant
crogg~section area. The Increase in the range of steady subcritical mess-
flow ratios that cen be accomplished by this method is shown in sketch (23)
whilch is reproduced from the data of reférence 51. For the models tested,
the flow was steady through the msss-flow range at a Mach number of 1.5.
However, there was an epprecisble loss In meximum pressure recovery at
this Mach number as entry length was increased because of the high local
Mach mumber at the inlet and the associated increase in friction losses.

The previous dlscusslon of steadiness has been concerned only with
conditions at zero angle of attack. It 1is, of course, necessary to main-
tain steady flow for satisfactory engine operation during maneuvers. In
the tests of conical-shock inlets of reference 50, the steady range of
mass~-flow ratios was small at zero angle of attack, and it was slightly
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greater at angles of attack up to 9°. A similer result was found in the
tests of reference 51 for conical-shock inlets which bad smell steady
ranges at zero angle. However, when & long entry passage was added to
provide a wide range of steady operation at zero aengle of attack, there
was an abrupt reductlon in the steady range at angles of attack from 3°
to 5°. At higher angles there was little difference between the inlets
with the long and short entry sections. A tiilting corne on a conical-
shock inlet to provide Ilmproved steadiness at large angles of attack is
reported in reference 129. At an angle of attack of 109, with the cone
at O° angle of attack » steady flow was malntained to a ma.ss-flcw ratlio of
0.L4; with the cone end cowl at 10° angle of gttack, the minimum steady
mass-flow ratic was 0.9. In reference 198 tests of conical-shock inlets
with booms protruding from the center bodies are described. An increase
in angle of attack to 10° reduced the range of steady mass-flow ratios
by 25 percent. Interaction between shock waves and the boundary lsyer
on the booms was the causge of this lerge decrease.

Other investigatlons have demonstrated methods of Improving flow
steadiness to some extent. References 197 and 199 show small increases
in the steady mass-flow ratio range (0.06 in ref. 197) as a result of the
internal contractlion with a blunt 1ip. References 197 and 200 show that
removal of the boundary lsyer from the center body of & conicel-shock
Inlet reduces unsteadiness, with the greater effectiveness occurring when
removal is upstream o:E' the terminsl pormal shock wave. In fact, at an
angle of attack of 0° an improvement of 0.16 in the range of steady mass-
flow ratio was attalned (ref. 197), but it decreased with lncreasing angle
of attack. Although these and most of the previous references are con-
cerned with eonicel-shock inlets, the principles of design for providing

YA
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steady flow are the same for other types. (See, e.g., refs. 188, 190,
191, 199 through 202.) i . . -

INTERFERENCE

The purpose of this sectlon is to discuss the aerodynamic factors
other than those of the induction system itself which affect deslign; 1t
is entitled "INTERFERENCE" because the chsnges in the forces due toc com-
bining an air-induction system and other aircraft components are considered.
The section 1ls divided Into two principal parts:

1. The interference of aircreft flow flelds with those of induc-
tion systems = the induced effects of body shape, angle of attack,
and the viscous effects of forebody boundary layer.

2. The interference of air-induction-system flow fields with
other sircreft components - the effects of Induction systems on
alrcraft dreg, 1lift, and pitching moment.

The type of factors involved are illustrated in sketch (24). Here, the

—_— —f—"
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Sketch (24)
the performence of an under-wing nacelle is affected by
1. Bow shock wave of the fuselage
2. Velocity increment at .inlet due to fuselage pressure field -

3. BShock wave from wing leading edge

g
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4, Velocity increment at inlet due to wing pressure field

5. Uniformity of the flow velocity at the inlet

The performsnce of the other aircraft components is affected by

1. Interference of pressure fleld of engine streamtube with the
wing and fuselage boundary layers and pressure fields

2. Interference of pressure field of engine falring with the wing
and fuselage boundsry layers and pressure [lelds

Obviously, the problems of interference are complicated, and quantitative
evaluation requires experimentsl studies of specific configurations.
However, an Induction system that must be placed in the flow field of
another obJject can either benefit or suffer fram the resulting interference,
and careful consideration must be given to the condlitions of shape and
position in order to produce favorable effects.

ATRCRAFT-INDUCTION SYSTEM

Effects of Inlet Location

Subsonic £ilight.~ From the
standpoint of pressure recovery at
the inlet, the best longitudinal
position of an inlet is in the stag-
nstion region near the nose of a body
because the local Mach mumber is low
and any external compression result-
ing from a mass-flow ratio less than
1l is essentiselly isentropic. As an
inlet is moved aft along the body,
the amount of boundary layer flowing
through it incresasses with a resulting
reduction in tobtal-pressure ratio.
This direct effect of low-energy
boundary-layer air is normally not
large in subsonic flight, bubt second-
ary effects, flow nonuniformity and
unsteadiness, can be very lmportant
et mass-Fflow ratlos of the order of
0.5. The effects on total-pressure
ratio of moving an NACA submerged
inlet operating at a mass-flow ratio
of 0.8 aft along the fuselage of a
wing-fuselage combinatlion is shown in
sketch (25) together with the loecal

“ﬂfss

Total-pressure ratio

Free-stream Mach number, M

(See, e.g., ref. 203.)
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Mach number distribution slong the fuselage. These results were taken
from the dete of references 204 and 205. | At flight Mach mumbers less
than 0.3, there is essentlally no effect bf moving the inlet aft. The
greater boundary-layer thickness at the resrward stations becomes impor-
tant at & Mach number of ebout 0.5, and at Mach numbers sbove gbout 0.7,
it becomes of great importance at the most rearward station. Here, the C
total-pressure ratioc decreases rapidly at high subsonlic Mach numbers -
because of both the high locel Mach number illustrated in sketch (25b)

and the thick boundary layer. The most rearward location is in the pres-

gure £ield of the wing, and at a flight Mach number of 0.9, the local Mach .
number st the inlet is supersonic (M = 1.22). Thus, pressure fields with -
large induced velocities should be avcided. o

A method for estimating the velocitles in two-dimensional combined
subsonic velocity fields is discussed in reference 206. Superposition 1s
gssumed to be valld and the resulting relationship is

+ 0. . (30)

2

Viocal -1+ A-Vrlocal vlocal
Vo l

where AV]aeg1 denotes the induced velocity increment in incompressible

flow. This method of predicting maximm induced velocity has been com-~

pared with experiment for a wing-nacelle combination in reference 207. B
Here, the method predicted maximum veloeity ratios about 3 percent less 5=
than those measured. To predict the effects of compressibility, the *
Prandtl-Gleuert rule can be used for two-dimensional flow.

(V local (Vlocal (31)
Vo compressible Jl.— Mo2 incompressible

and in the three-dimensional case, the methods of Herriot (ref. 208)
should be used. In terms of pressure coefficlent in three-dimenslionsal
flow, '

) 3

cPcdmpressible - In(1l - M®)

where t/z is one~-half the body fineness ratio. Herriot points out that
in Junctures, such as those between a wing and nacelle, the flow is more

L R
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nearly two-dimensional than three-dimensional, and thus the Prandtl-
Glauert rule is a better approximation for this case.

Supersonic flight.- Sketch (26) shows a comparison of flow properties
over a typical body at a subsonic and a supersonic Mach number. If in
the subsonic case the boundery layer is neglected, the total-pressure
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Sketch (26)

ratio of any streamtube sbout the body is 1, and the mass flow per unit
area and the local dynamic pressure chsnge little downstreem from a short
distance behind the nose. Thus, from these standpoints, longltudinsl
position of an inlet makes l1ittle difference. In the supersonic case,
however, there is an initial loss in total-pressure ratio due to t®e bow
shock wave, In this case 1 percent, and there are subseguent changes in
local flow properties which have important consequences in regerd to air-
Induetion-systems performance. As an example, consider the flow condiitions
at x/1 = 0.05 and at x/1 = 0.9 where the local Mach numbers are 1.38

and 1.75, respectively. TIf no significant radlal change in Mach number
through an engine streamtube i1s assumed, a normsal shock wave occurring at
the forward location would create a lb-percent loss in totsl-pressure ratio
and the loss through the optimm oblique-normsl-shock-wave combinstion
would be 1 percent (see fig. 6). However, at the rearward steticm, the
normal-shock loss would be 17 percent and the two-shock loss would be

5 percent. If there were no body, that is, if the supersonic compressim
occurred. at the free-stream Mach number, the normal-shock loss would be

14 percent and the two-shock loss, L percent. Simllarly, from the stand-
point of flow rate per unit area, or inlet size, location in s compression
field is advantageous. From the standpoint of drag per unit ares, a
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compression field is detrimental because of the high dynamic pressure.

However, for the conditions illustrated in sketch (22), the greater flow -
rate is the dominant factor, and the forward position of the inliet can

be shown to have T-percent-less externsl wave drsg than the rearward

position due to its smaller size. Thus, location can have important

effects on net propulsive force, and 1t can be beneficlal to place an

inlet in the compression field of other sircraft components.

In regaxrd to the effects of the rsdield veloclty field into whilch an
inlet is placed, Hasel in reference 209 has investigated the procblem
experimentally at & Mach number of 2.0. Half-conlcal-~-shock inlets were
tested on a flat plate and on bodies of revolution having forebody fine-
ness ratios of 4.0, 6.5, and T.5; the total-pressure ratio of an inlet on
the bodies was always less than that of the.inlet on a flat plate. When
all of the forebody boundary layer was removed, the meximum total-pressure
ratio attained with an inlet on a body of fineness ratio 4 was 0.08 less
than that with the inlet an a flat plate; this difference was 0.04 with
the fineness ratic T.5 forebody. About half of these differences could
be atiributed to the bow-shock waves and the local Mach numbers at the -
inlet statlions; the remainder was thought to be due to the differences '
in the radisl velocity fleld. Thus, eppreclable losses sre to be expected
from this casuse with forebodles of low fineness ratlo.

Since the local Mach number at an inlet determines the magnitude of _
the pressure losses through the shock waves used for supersonic compres-
slon, the forebody shape should be selected to minimize this Mach number

without, of course, creating eny additionsl drsg. Conslderations which L.
are important are indicated in sketch (27). (See refs. 172 and 210.) D
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For forebodies of low fineness ratio, a considersble reduction in loecal
Mach number can be achieved by using conicel, or minimum-drag shapes
rather than sn ogive if the inlet must be located upstream of x/l 1.0.
For forebodles of high fineness ratio, the differences are smaller. The
data of reference 172 show that for a fineness ratio of 3.0, the Karmsn
and hypersonic optimum (Newtonisn) shapes have at least 20-percent less
forebody drag than the cone and ogive at zero angle of attack at supersonic
Mach numbers up to 2.0. However, these minimum-drag nose shapes have
blunt tips, and, depending upon the size of the engine streemtube, the
loss in total pressure through the locally intense bow shock wave counter-
acts the drag difference. Reference 211, for instance, reports that a
relstively small amount of tip bluntness that had a negligible effect on
minimum drag caused l-percent losses in total-pressure ratio and mexirmum
mass~-flow ratlio as compsred to a pointed tip. Thus, any specific design
reguires study and evalustion of these factors. Because an air inlet at
positions other than the nose intercepts but a smell part of the air com-
pressed by the body, the major consideration In choice of body shape is
drag. The deslgn problem is to find the optirmum inlet locatlon on a low-
drag body. '

Tests of very blunt noses, in which the nose-radius to body-radius
ratio was neer 1.0, -are reported in references 211 and 212. It was found
that a lb-percent loss in total-pressure ratio was suffered at a £light
Mach number of 1.4 and a 6-percent loss at s Mach number of 1.7 due to
nose bluntness and to the large radial velocity gradients. The minlmum-
drag coefficients, as compared to those of bodies with more slender shapes,
were more than doubled. Because of the reduced total pressure and the
overexpansion of the flow behind the Jjuncture of the hemisphere and the
subsequent body, there were slso considersble losses in maximum mass-flow
ratio in both investigations.

In the general case, forebodies are not axially symmetric as has been
assumed in this discussion. The theoretical study of reference 213 indi-
cates that small reductions in drag can be produced by axisl asymmetry,
and a similar conclusion has been resched as a result of the tests reported
in reference 214. It is possible that circumferential pressure gradients
and reduced local Mach numbers cen be produced by asymmetric bodies that
are beneficial to air-induction-system performance. To date, no studiles
of this kind have been msde.

Induced Effects of Angle of Attack

Bodies.- In selecting the circumferential position of an Inlet on a
body, “the induced effects of angle of attack are of primery concern. The

o
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flow phenomena that must be considered are illustrated in sketch (28).

Sta. A-A

Sta. A-A

Low
total pressure
Lir region 35"5'0.

Mlo—_/—¥—
M,

Potenttal flow streamline, ref. 215 ‘@»

St
8 1 —_ . ° a>i0.
Bottom,0” Side, 90" Top, 180 Constant total-
Mach number distribution M =1.8 to 2.0 pressure contours
Ref 216  Stotion A-A Ref. 217,218
Sketch (28)

It is seen that along the top and bottom of a body in potentiel flow, the
flow direction 1s nearly parallel to the body center line (i.e., at the
angle of attack o« wilith respect to the flight direction); whereas slong
the body sides the flow inclination 1is greater, belng 2o on a right cir-
cular cylinder. Similarly, the local Mach number 1s greatest on the body
gides and 1s least in the forward bottom location. On the leeward silde

of the body, the flow 1s effected by viscosity so that the boundary layer
accumulates in lobes and, at sufficiently bigh angles of attack, this low-
energy air leaves the surface of the body as a vortex wake. These genersl
pharacteristics of the flow occur at subsonic as well as supersonlc speeds.

Several investigations of air-induction systems in the flow fields
of ineclined bodies have been made. (See refs. 199, 209, 218, 219, and 220.)
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Typical results are shown in sketch (29) in which the maximum total-
pressure ratios attained are plotted as functions of angle of aittack.
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Sketch (29)

BEalf-conical shock inlets were mounted on a slender, low-drag body at about
the meximum-dlameter station, and the height of the boundary-layer diverter
h was varied. The 0.375-inch diverter height h was ahout equal to the

- undisturbed boundary-leyer thickness at the Inlet station at zero angle

of attack. These results confirm the desirdbility of the bottom location
in regard to pressure recovery. This would be expected from the reduced
viscous effects and flow angularity relstive to thls inlet which was
alined with the body aexis. The angle-of-attack performaence of inlets in
the side location can be improved by use of the flow-deflector principle
(see ref. 26) or by alining the inlet axis with the mean flow directioms.
(See ref. 221.)

Kremzier and Campbell In reference 220 compare the net propulsive
force of a body-propulsion-umit combination with the inlet on the top or
bottom of the body. Because of a lower drag of the inlet in the top
position, the net propulsive force was slightly greater at s given angle
of attack. However, at the same 1ift coefficient, the bottom location
was superior because of a negative shift in the angle for zero 1ift and
en increase In lift-curve slope for this position. In reference 222 tests
are described of the top inlet of reference 220 with two large triangular
fences extending ashead of the inlet to shield it from the leewsrd boundary
layer. The net propulsive force of this arrsngement at moderste angles

)
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of attack was greater than that of the bottom inlet. A final evaluation
would, of course, require study of the effects of such large vertical
surfaces on alrcraft directionsl stability and other related factors.

Since the upwash sboul a body decreases as the square of the distance
from the body center line {(refs. 215 and 223), the adverse effect of angle
of attack on pressure recovery of side inlets can be alleviated by moving
the air-inteke. outboard. Thus, a comparison of the data of references
218 and 224 shows that if a nacelle with.a conical-shock inlet were used
rather ther a hslf-conical shock scoop on the body sides, the same maxi-
mm total-pressure ratic could be maintained by the nacelle at twice the
angle of attack of the scoop-body combination when the nacelle was over
about 1-1/2 nacelle diameters from the body center line.

Wings.- When the Mach number normal to the leading edge of wings is
subsonic, the circulation accampanying lift creates an upwash field ahead
of wings which increases the effective angle of attack of Inlets in ox
near the leading edge. At low mass~flow ratics this upwash 1s aggravated
by the diverging engine streamtube. - Fortunately, turbojet-powered super-
sonic aircraft, which are quite subject to lip stall because aof thin lips,
seldom encounter the condition of high 1ift coefficient and low mass-flow
ratio. High-speed maneuvers are made with full power and normal landings
eare made with some power at mass-flow ratias greater than 1. For subsonic
glreraft designed with a relatively large inlet srea, internal lip stall
in landing would be more likely if 1t were not for the thicker lips that
can be used. . el Safiehen i ten >

An investlgation of leadling-edge inlets in a stralght wing at subsonic
speeds 1s reported in reference 225 in which it ig shown that the induced
upwash from the wing causes an gbrupt decrease in total-pressure ratio for
an inlet not designed to account for the additional flow inclination. For
exemple, an inlet with relatively thilck lilps maintained a totel-pressure
ratio of 0.99 to an angle of gttack of 69, et whilch angle the pressure
recovery rapldly decreased to 0.92 st an'angle of 8.5°. This decresse in
totel-pressure ratio was caused by internal-flow separation from the _
lower lip. It was found that the separation could be delayed by canting
the duct axis Just behind the lips downward and slso staggering the inlet
plane. Tests of a similar leading-edge inlet at subsonic speeds in s
swept wing are reported in reference 226, Here, it was found that a
serlious spanwise flow occurs 1n the intet at low mass-flow ratios when
the wing carries lift. At mass-flow ratios greater than O.4 and angles
of attack less than about 4°, the performance of the inlet in the swept
wing was nearly equel to that In the unswept wing. At greater angles,
however, the pressure recovery decreased .rapidly due to separation of the
internal flow. It is probable that this  separation could have been delayed
somewhet by canting the lower inlet l1lip downward as was done with the
inlet in the unswept wing. At angles of attack greater than 6° to 8° and
at mass-flow ratios less than 0.8, separstion occurred downstream of the

.
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outboard edge of the inlet on the external surface of this swept wing
and resulted in an increase in drag and & loss in lift.

Inlets located 1n the wing leading edge for supersonic aircraft have
receilved little sttention because of the transitions and bends needed to
duct air through a thin wing to a turbojet engine. Investigations of wing
leading-edge inlets for gpplicatlion to split-wing ramjets at Mach numbers
above 2.0 are reported in references 127, 128, 227, 228, and 229. Prob-
ably the most importent factor in the interference of the alrcraft on
this type of inlet at supersonic speeds is that for unswept leading edges
there is no upwash induced shead of the inlet by the wing. Body upwash,
however, can be present at supersoniec as well as subsonic speeds.

From tests of wing-root inltets, In which both the induced effects of
wing and body increase the loecsl flow angles, it has been found that a
high level of pressure recovery cen be masintained to angles of attack of
at least 8° at subsonic speeds by employing relatively thick lips with
stagger and negative incidence. (See refs. 186, 230, and 84.) The inves-
tigation of wing-root inlets of reference 84 included pressure-recovery
messurements at Mach numbers up to 1.3. A total-pressure ratio of 0.839
was attained at a Mach number of 1.25, and this pressure ratio was maln-
tained from -2° to 8° angle of attack.

The results of reference 231 show that good angle-of-attack performance
cen be attained by placing the Inlet of an underwing scoop downstream of
e wing leeding edge so that the local flow direction is along the induction-
system axis. A compilation of all these results from tests at subsonic
speeds is shown in sketch (30) as the _
change in total-pressure ratio as the

angle of attack inecreases from zero. 5_’—3 [Wing oot Tele, et ETL . ref 231
The mass-flow ratios of the data are g2 mmom},.,;f_zso
those for meximum pressure recovery. },mo S -527 Sweepback
In this sketch, the wing-root inlet  ~I° \  JO° Sweepback
of reference 84 shows :folprovement in T 9 ectog adg e K.
pressure recovery with Increasing Straight wing

angle of attack because at zero engle § g2 ref 225

the recovery is relatively low (0.96). & [ 457 Swept wing y

Angle of attack increases the pres- % retzlzs M.=070
sure recovery because the inlets are - o y s Z S 20
canted and because part of the Angle of attack, a, deg
approaching boundary layer is swept

past them by body crossflow. In Sketeh (30)

terms of sbsolute total-pressure

ratio at engle of attack, the wing root Inlebts are inferior to isolated
inlets or those with upstream flow-deflecting surfaces. Although most

of these tests were performed =t Mach numbers less than 0.7, the low-speed
results have been transformed to conditions at a Mach number of 0.7 %o
obtain a consistent correlation. As mentioned previously, this trans-
formation can he reliably asccomplished if it is assumed that the measured

A
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ram-recovery ratio is independent of subsonic flight Mach mumber and this
messurement is converted to totel-pressure ratio by equation (13).

Effects of Forebody Boundary Layer

As previous discussion has often indicated, forebody boundary layer
flowing into an silr-induction system can reduce engine performance because
of losses in total pressure, unsteadiness, and nonuniformity. A compari-
son of the maximum total-pressure ratios as a funetion of flight Mach
number attained with a veriety of errangements in which entering boundary
layer was not .emoved is shown in sketch (31). The boundary-layer effects

are particulerly large with annulsr

**[Forward scoop, Ref. 236> < IFRUSTH| intakes which encircle bodies where .
& (Pry/Pyy) | N S n | 235 the local Mach number is high. Such
& B m" m““‘ PN inlets recelve all the boundary layer
£ Ret. 233 ~o annulor itetl  from the flow over the forebody (the

& | YthB.Lremoval | patio of reterded to free air is
E it :;‘;g"‘" - large), and this layer is either

s ] thickened or separated by conpression
- me/mg =08 AN from the high lacal Mach number. The
= c'IO' results of the tests of reference 232

25 ry B 12 6 20 24 Bhow that total-pressure ratios of

M, annular inlets mounted on an ogival

. ketch (31) body are sbout 0.3 less than those of .
& normsl. shock wave occurring at flight

Mach numbers from 1.4 to 2.0. Similarly, the results at transonic speeds -

of the nearly asnnular intake of references 237 and 233 indlcate a rela-

tively low total-pressure ratio when compared to nose or scoop inlets.

A coniecal-shock Inlet with a small cone angle suffers from these same

difficulties, and, as shown in reference 111, boundary-layer removal 1s

necessary to provide steady operation. However, by using a scoop which

encompasgses only & smell portion of the forebody and thus receives a smell

proportion of boundary-layer alr, high total-pressure ratios can be more

readily attained. Thus, the results of references 234 » 235, and 236 show

that scoops mounted just under the body ndse where the boundary leyer is

thin and the local Mach number is low attaln high pressure recovery.

Bowever, with scoops located downstream of the body nose where the approach-

ing boundary layer is thick and the local Mach number is nearly equsal to

or greater than that of flight, lsrge total-pressure losses occur unless

the boundary layer is removed.

Seddon, in reference 28, has correlasted wind tunnel and flight dats
to show the decresse in pressure recovery resulting from taking forebody
boundary layer into air-induction systems. Seddon (see also ref. 2) cor- -
relates data by means of the relstionship
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Pp,- P
sq i = Cf[I + J(Vofvz)s]
2

where
T =l - m)

Cel represents the internal skin-friction losses in terms of Apt/qz and
J accounts for pre-entry effects. Thus, k is an empirical constant
which includes the effects of inlet-velocity ratioc VQ/VZ, and £ 1is a
correction to the skin-friction coefficlient due to the previous history
of the boundary layer before it reaches the inlet ({ = Cffore-body/c:f‘duct) ;

Mp 1is an efficiency factor to account for the amount of boundary-layer
removal; and S/Ag is the ratio of forebody surface wetted by the flow
to the inlet divided by the inlet area. At reduced inlet-velocity ratios
and high speeds without camplete boundary-lsyer removal, the boundary-
layer thickness ahead of the entry increases rapidly and, as a result, k,
t, and 7, become functions of Vo/Vz and Mach number which must be
evaluated experimentally 1f sccurate results sre to be obtained.

Boundasry-Layer Removal

The design problem with a boundary-layer removel system is to avold
incurring any apprecisble drag penslty while removing sufficient retarded
air to minimize pressure losses, unsteadiness, and nonuniformity In the
engine streamtube. The boundary layer can be removed by providing suction
across & slot or a porous surface or by raising the inlet from the fore-
body surface so that the boundary layer flows beneath the inlet and is
diverted around the extermsl surfaces of the duct fairing.21 In doing
this, it is necessary to minimize any additional total-pressure losses
and interference wlth other parts of the flow fleld. The following dis-
cussion on removal systems is divided accordling to the method by which
Torebody boundary leyer 1s prevented from entering the alr-induction
system - by suction or by diversion. These methods are similar in some
respects, but a suction method 1s one In which a pressure difference is
provided across some length of closed duct to draw off the boundary lsyer,
and & diversion method is one 1n which the flow is unrestrained in & lateral
direction. Under certain conditions, the effects of boumdary layer can
be minimized by providing large-scele mixing with the engine flow, as is
the case with the NACA submerged inlet. This method is also discussed.

2lSome tests have been made of diffusers in which energy is added to
the boundary layer by blowing air from & high-pressure source slong the
forebody wall; the results are reported in references 113, llll-, and 238.
However, extensive development of this method as gpplied to air-induction
systems has not yet been performed.
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Suction.~ An evaluastion of a suctlon-removal system on the basis of
ailrcraft range has been reported by Frademburgh and Kremzier in refer- .
ence 19. Tests were made with half-conlcal shock Inlets wlth semicone : s
angles of 25° and 30° with various heights of boundary-layer removal slot
at Mach numbers of 1.5, 1.8, and 2.0. Because of the large drag force ' Sz
contributed by this specific boundary-layer removel system as noted in
both references 19 and 239, boundery-layer removal produced edsentially
no increase in mexlmm range in splte of the substantlsl improvement in
pressure recovery. Thus, careful conslderation must be given to the detail
design of removal systems to prevent energy losses and to achieve the
potentlal improvement in performance. .
The data of reference 185 show that in subsonic flight, operation
of an air-induction system at inlet-veloclty ratios less than 0.6 csuses
rapid thickening of the forebody boundery lsyer flowing into an inlet.
The tests of a boundary-layer removal system that were included in this
investigation show that the inlet-velocity ratio of the removal system
must be greater than ebout 0.5 to maintain a net drag force less than that
for the configuration without boundary-layer removal. The boundary-layer
scoop in this study was in the plane of the main Inlet and was produced by
indenting the forebody. It was found that an indentation spproach angle
of 7° caused unsteady flow. An approach sngle of 3° resulted in satis- o
factory operation; however, as dilscussed later in regard to submerged -
Inlets, such gpproach angles would cause unacceptable losses In pressure
recovery at supersonic f£flight speeds. :

In the tests reported in reference 240, s removal slot of depth equal .-
to about twice the local boundexry-lsyer thickness was located ahead of a
semicircular main inlet a distance of about 85 percent of the inlet radius.
Tests were made at low speed at inlet-velpcity ratios greater than 0.6;
hence, the effects of removal on totel-pressure ratio were not large. In
these tests it was found that the boundary layer on the surface between
the boundary-layer scoop and the mein inlet grows rapildly at low inlet-
veloclty ratios. Thus, this length should be minimized.

A study of boundary-layer removel at a Mach mmber of 1.88 for a
half-conical-shock inlet mounted on a flat plate is reported in refer-
ence 202. Here, 1t wes shown that the maximum total-pressure ratlo
attalinable in the main duct decreased sppireciably as the emount of boundary
layer removed was decreased. 'As the parsmeter h/8 was reduced from 1.0
to 0 (b is the boundary-layer-scoop height and & is the local undis-
turbed bourddary-layer thickness) the meximm totsl-pressure ratio decresased
from 0.86 to 0.72. In this case, the mass-flow ratio of the removal scoop
was the meximum possible; at any value of h/% below 1.0, reductions in
scoop mass-flow ratio caused additionel toltal-pressure losses. Also, with -
this air-induction system the flow became unsteady when the engine mass-
flow ratio was reduced below that for meximm total-pressure ratio.
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Tests at Mach numbers from 1.3 to 1.8 of a suction-removal system
for a normal-shock inlet are described by Frazer and Anderson in refer-
ence 190. It was found that boundary-layer removal produced an improve-
ment in total-pressure ratio of from 0.06 to 0.08 through the Mach number
renge of the tests. The fact that this improvement was considersbly less
than that attained with the half-conlcsl shock inlet of reference 202 is
probably due to the difference in the methods of external compression and
of duect design. The air-induction system of reference 202 was more refined
in regard to supersonic compression but less refined in the duect. Thus,
with nearly complete boundary-layer removal, higher total-pressure ratios
were possible but with no boundary-layer removal greater duct losses would
be expected. Frazer and Anderson show that pressure recovery could be
fairly well predicted by integrating the local pressure recovery of a normal
shock wave occurring at the local Mach number of each element of the flow
approaching the inlet and adding an sllowasnce for the skin-friction loss
in the duct. This method of prediction is also recommended in refer-
ence 241. The tests showed that, 1f h/8 = 1.0 end no additional method
of boundary-layer removal 1s used, the lesding edge of the suction scoop
must be upstream of the maln inlet and the normal shock wave must occur on
the intervening surface - not shead of the boundsry-lsyer scoop - if flow
unsteadiness is to be avoided. For mess-flow ratios greater than 0.9 at
Mach numbers from 1.3 to 1.8, it was found in this test that the suction
scoop must be at least a distance of 0.4 of the inlet radius upstream
of the main inlet. ({The cross section of the main inlet was & semicircle.)
The mass-flow ratio of the suctlion scoop was melnteined at the meximum value
in this investigstion, and by measuring the total pressure in both the main
and the boundary-layer ducts the net propulsive force possible with the
system was evalusted. It was found that the maximum net propulsive force
occurred when the suction-scoop height was 0.7 of the undisturbed boundary-
layer thickness and that the system could produce net propulsive forces
from 96 to 100 percent of those produced by a normal-shock inlet not in
the presence of forebody boundary layer.

In suction-removal systems, the performence penalty for removing the
boundary layer appears as the pressure loss in the removal duct. This,
together with the mass flow in the scoop, sllows calculation of an effec-
tive drag of the boundary-lsyer removal system. A summary of available
data for the pressure recovery of suction-

removal ducts shows s large decrease with ©
£1light Mach number as indicated in \I\%L N7
sketch (32). (See also ref. 242.) B~ Ret24Q5 ] T
ol B-20B09 N 3
Diversion.- To minimize the P I N gt 241 22
drag of & boundary-layer diversion P, s N\ "Prg
system, the depth of the boundary- 4 . Ref190—2- T~ Py %-LO,Erlo
layer passage should be no greater W 48‘-202.;'3— e
then that required to maintain satis- 2 & 1OmglO Ty | moe
factory engine flow, and the speed | l 8 Trme -

and direction of the diverted flow c a4 B8 12 kf. 20 24 28 32
should change as littie as possible. Sketch (32)
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Thus, the maln inlet and duct should be designed to be insensitive to at
least smsell amounts of retarded air from a forebody; wetted area and .
deflection engles in the diverter must be smell; and the passage helght
must diverge both longlitudinselly and laterally to minimize flow resistance.

The boundary-layer suction scoop of reference 202, which was tested
with & half-conlcal shock inlet on a flat plate, was converted to a
diverter system by removing the scoop slde walls to a polnt about cne
inlet radius aft of the cowl 1lip and taking no flow through the boundary-
layer duct. It was found that maximm totel-pressure ratios fram 0.02
to 0.03 less than those of the suctlon system could be attained by sweeping
back the lesding edge of the plate forming the upper surface of the
diverter, that is, the boundary plate, as shown in sketch (33). This
plate was swepht back along a line
Joining the apex of the cone with the
melin inlet lip rather than the leading
edge of the plate being normal to the
stream direction at the cone apex.

It was concluded from these tests that
sensitivity to removal-system maes-
flow ratio can be reduced by sweeping
the leading edges of the boundery
plate so that the intensity of the

N /3'_ Boundary plate disturbance created by the shock wave
~~ from the edges and the extent of the
upstream influence through the boundary
Sketch (33) leyer are reduced. Swept edges also

create s lateral pressure gradient
which tends to divert the boundary leyer. It was found that extending
the boundary-leyer peassage downstresm heyond the plane of the main inlet
reduced the angle through which the boundary layer wes dlverted and pre-
vented the boundary lsyer from being drawn Into the englne streamtube.
(See also ref. 243.) Tests of other inlets which utilize these design
principles are described in references 182, 24k, 245, and 246.

The results of tests of a wedge diverter of about 60° included angle
beneath a half-conical shock inlet mounted an & flat plate are presented
in reference 243. As would be expected from the results of Goelzer and
Cortright (ref. 202), this large a wedge angle-turned the boundary layer
so abruptly that it spilled over the swept leading edges of the boundary
plate and flowed into the main inlet. In order to atteln the total-
pressure ratios possible with a suction scoop, it was necessary to have
a diverter passage height 1.4 times the local undisturbed boundary
thickness; thus, a high drag would be expected. In reference 247, a
series of wedges were tested in sn arrangement simuleting a diverter pas-
sage. It was found that the included wedge angle must be less than 28°
if the pressure drag 1s to be small and that the spex of the wedge must
be gbout one passage height downstream of the spex of the leadlng edges
of a swept boundary plate ln order ito eliminate the upstream influence of
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the wedge on the engine flow. The photographs of the boundary-layer

flow of Piercy and Johnson (ref. 247), which were obtained by use of a
liquid-film technique, emphasize the Importance of minimizing the dis-
turbances imposed upon the boundary layer in the region of an sir-induction~
system inlet. The necessity of a small wedge angle, a swept and thin
boundary plate, and s wedge apex downstream of the splitter-plate apex

are a8ll graphically 1lJustrated.

The drag forces on wedge diverters in various types of installstlons
have been measured and are reported in references 218 and 248. With =
16° included-angle diverter, the pressure drag was negligible, but the
viscous component of the drag was large. In fact, even though the frontal
area of the diverter was only 3 percent of the total frontal area of the
model of reference 248, to a flight Mach number of 2.0 end h/8 = 1.0, the
drag of the diverter was 23 percent of the total model drag, or, in other
words, the diverter-plus-interference drag coefficlent based on the diverter
frontal srea was high, 0.95. TImprovements can be expected through reduction
of the wviscous drag due to shock-boundsry-layer intersction and turbulent
mixing in the vortex from shaxrp side edges. Not only should wetted area
end velocity changes be minimized, but also a high lateral veloecity com-
ponent over nearly square slde edges should be avoided becsuse a vortex
develops under such conditions and dissipates energy as drag. (A vortex
from this cause 1s used to adventage with NACA submerged inlets at subsonic
flight speeds.)

The fact that a low-drag passage between an air-induction system and
e body can be attalined is illustrated by the investigation of Kremzier
and Dryer (ref. 249) in which a circular nacelle was tested in contact with
a circular fuselsge. This configuration is shown together wilth a body
scoop diverter in sketch (34). By comparing the drag coefficients of the
coanfigurations less the body drag on the basls of equal area, it was found
that the drag coefficient of the scoop-diverter combination was about twice
that of the nacelle. Some of this difference is due to the fact that the

— ——

Sketch (34%)
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models were not strictly comperable; however, the difference 1s so0 large
that the superiority of the nacelle installation. is apparent. Similar
results were obtained by comparing a ramp-type scoop inlet snd diverter
(ref. 248) with the nacelle. These comparisons snd present knowledge of
diverter design indicate that a low-drag diverter should be deslgned
according to the faollowing principles:

l. To reduce the upstream influence of the diverter, the leading
edges of the boundary plate should be swept back, when this 1s
consistent with the inlet-shock configuration, and the diverter
apex should be at least one diverter height back of the boundary-
plate apex.

2. To reduce pressure and friction drag and to minimize the lateral
veloeclty component, the included angle of the dlverter wedge
should be sbout 20°.

3. To prevent the formation of a strong vortex, the boundary-layer
passage side edges should have large radlus falrlngs rather than
sharp corners.

As discussed previously, the distribution of boundary layer about a
body at angle of attack is not uniform and 1t accumulates on the leeward
side (sketch (28)). If an inlet is located in this position, the design
of the boundary-layer removal system must sccount for the local growth of
the boundary layer in angle-of-attack operstion. (See, e.g., refs. 220
and 2hli.) If a large boundary-layer diverter is necessary to maintain
engine performence st high engles of attack, a drag penalty results at
low angles. As shown by the data of reference 199, this difflculty is
avolided at posltive angles of attack by a bottom location of a side inlet.

Tests heve been mede of combined suction and diverter systems: that
is, a portion of the. sapproaching boundery layer is drawn into a closed
duct, usually for cooling purposes, and the remailning boundery layer is
diverted. (See refs. 116 and 250.) With the suction scoop at the apex
of the diverter wedge, the upstream Influence of the dilverter is reduced
by increasing the local flow rate and reducing the local deflection angles;
in other words, it allows lower diverter wedge angles. If the suxiliary
system requires low-energy air, the best point at which to locate an
auxiliary inlet in a diverter passage might not always be at the wedge
leading edge. It is apparent that the lowest energy alr can best be
obtained at the exit of the diverter passage. It 1s possible that such
an Installetion would have less drag than one with a forward auxlllary
alr intake because the dynamic pressure of the local flow 1s smaller.

Submerged inlets.- Inlets which are submerged in the surfaces of
bodies and wings have all the boundary-lasyer-removel problems of scoops.
A number of varilstions of inlets of this type have been investigated and,
as with scoops, high pressure recovery can be attained at subsonic speeds

At




NACA RM AS5F16 93

when the adverse effects of the approaching boundery layer are removed.
Investigations of submerged inlets having curved or steep-angle approach
ramps with parasllel sides are reported in references 251, 252, and 253.

In general, the total-pressure ratios attained were less than those of
similarly placed scoops. A submerged inlet having a relatively small

ramp angle (about 7°) and diverging ramp side walls has been found to be
comparable to scoops in regard to pressure recovery. (See refs. 25k, 255,
and 256.) The experimental investigation of reference 257 snd the theo-
retical study of reference 258 provide sn explanation of the relatively
high pressure recovery of this arrsngement. Flow over the square corner
of the ramp side walls creates a vortex which thins the boundary layer on
the ramp and sweeps the retarded air intc the vortex core. When the
vortex flows into the inlet at high mass-flow ratios, it represents & loss
in totel~pressure ratio, but less of a loss than if the boundary layer
were permitted to grow normally; at low mass-flow ratlos, the vortex is
discharged externsally and represents an incresse In drag. Tests at low
subsgonic speeds, reference 28, have indicated that the drag of submerged
inlets can be greater than that of scoops. However, flight tests comparing
a submerged and a scoop installstion (ref. 256) have shown that the former
has equsel or slightly better performance. Apparently, the merits of the
two depend upon the installiation, and they can be equal 1n subsonic flight.
However, investigation at supersonic speeds, reference 259, has shown
that the expansion of the flow over the ramp leads to a high inlet Msch
number and largé pressure losses at flight Mach numbers greater than sbout
1.2. Thus, the submerged inlet is limited in application to subsonic
airplanes as either a main or an suxiliary sir intske. (For the latter
epplication, see refs. 251 and 260.)

Combined Effects

Scoop incremental drag.- As
discussed previously, scoop Ilncre-
mental drag represents the differ-
ence in the totsl flight momentum
of the gir in the engine stream-
tube and the momentum at the
initial stetion of an air-induction
system., It is, therefore, an
interference force resulting from Mdss flow ratio—
both the pressure and skin-friction my/mg
drag forces on surfaces upstream of
en induction system when no pro- Sketeh (35)
vision is made for removing
forebody boundary layer from the engine streamtube. Klein (ref. 7) has
calculated scoop incrementsl drag coefficient Cpg = Ds/dofz as a function
mass~-flow ratio, flight Mach number, and total-pressure ratio between free
stream and inlet. An exesmple of the varistion is shown in sketch (35).

Scoop incremental drag coefficient

?
i



oh n——— NACA RM ASSF16

Thus, when the average inlet Mach number is subsonic in supersonic flight,

the scoop incremental drag force 1s largé at low mass-flow ratios, par-

ticularly if the forebody wave and skin-friction drsg forces are smell, .
because then the locsal pressure rise shead of the inlet is large. (The

symbol ©pt, 1is the average total pressure at the inlet, and it includes

the total-pressure loss of any entering boundary-layer alr which eventually

flows to the engine.) With supersonic flow into the inlet, the scoop

Incremental drag coefficient is negative. because the spillage drag®2 is

small (zero at maximum mass flow) and. the forebody drag term Fgp of eqpa-

tion (7) is dominant. S

For alr-induction systems heving this interference force, the net drag
conslsts of the sum of the externsl wave drag when the inlet operates with
no spillage, the scoop Incremental wave drag, the change in externsal wave
drag due to a reduction in mass flow from the meximm, end skin frictiom.
Thus, the scoop incrementsl drag replaces the additive drag of gystems
having no forebody interference.

Wekes .- The pressure recovery of an ailr-induction system that tekes
in air from the wake of an upstream b "is, of course, reduced. The tests
at a Mach number of 2.0 of reference 224 in which a nacelle was placed
behind the tip of a canard control surface iliustrate the magnitude of
this effect. With the control surface deflected 10° the meaximum total-
Pressure ratio attainable was 0.10 less than when the nacelle was moved
outboard awsy from the influence of the tip vortex.

INDUCTION-SYSTEM ATRCRAFT -

The interference between an ailr-~induction system and other aircraft
camponente can affect any of the farces and momente which determine per-
formence. For instance, drag can be increased if a nacelle is placed so
that a positive pressure gradient from it causes boundary-layer transition _
or separsation on a neighboring surface; the 1ift of s wing with a leading- T
edge inlet can be a function of mass~flow ratio; tail loade can be affected
by a change in clrculation distribution resulting from changing the wing
plan form to extend the duct of a wing-root inlet; side force and yawing
moment can result from shotck or expansion interference fraom sn outboard
nacelle with a vertical tail surface, and this interference could be
changed by power setting. It is the purpose of this section to dilscuss
these problems snd principles regarding them which have resulted from
theoretical and experimentsl studies.

22gpillsge drag is the pressure force on the external streamlines
which are affected by the inlet mass-flow ratic. In this case, it 1s the
local additive drag. -
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Skin friction and separation.- In reference 207 a series of wing-
nacelles were tested to demonstrate a method for meintaining long runs of
laminar flow over the comblnations. By making the leading edges colnci~
dent and matching the pressure distributions so s to maintain s negative
gradient to the position of maximmm thickness of the wing, the minimm
drag coefficient was reduced to less than two-thirds that of conventional
wing-nacelle combinations when the inlet-veloclty ratio was greater than

0.5.

The tuft studies of reference 185 show that an inlet-veloeity ratio
less than 0.6 wilth & scoop in the presence of forebody boundary layer not
only causes separation of the internal flow, but alsc causes the separated
region to spread around the inlet and to affect the extermal flow.
Although interference drag was not measured, it is undoubtedly increased
by the turbulent mixing. The flight tests reported in reference 256 show
the possible effect of such separation. Drag measurements were made with
a boundary-layer bypess s€aled, and with 1t discharging normal to the
external flow, it was found that at a flight Mach number of 0.8, discharge
of the boundary-layer normsl to the sir stream increased the alrplane drag
coefficlent 0.0015, or T percent.

At supersonic speeds the boundary layer on other asircrsft components
can be affected by shock waves or the pressure field from propulsive
systems, and, the local pressure gradients caused by shaping a surface so
as to minimize wave drag can be sufficient to separste a turbulent boundary
layer. Therefore, this form of interaction alsc requires cereful attention.
Shock-wave boundary-layer interaction has heen discussed previously, but
the studies of Morokovin, Migotsky, Bailey, and Phinney (ref. 261) are
particularly pertinent here. This investigation of the Interaction of a
plane oblique shock wave Intersecting a circular cylinder across the sxis
shows that if the dncident shock wave is weak, the pressure rise across
the reflectlion 1s that predicted for two-dimensionsl flow. However, if
the shock wave 1s relatively strong (flow deflection sngle of 11.2° in
this case) the over-sll pressure rise is but half that predicted for a
flat plate. This difference is presumasbly the result of three-dimensicnal
relief and the resulting lateral pressure gradient. Becsuse of the
decreased surface pressure rise for a given shock wave, it appears that
more intense shock waves can be withstood without encountering separation
of turbulent boundary layers in three-dimensional rather than two-
dimensional flow. .

Transonlc drag rise.- In general, the addition of an air-induction
system to the pressure field of another body alters the pressure distribu-
tion and thus the transonic drag rise.  The investigations of refer-
ences 225, 84, 85, 230, 231, and 262 show, however, that wing root or
wing leading-edge inlets and nacelles operating at mass-flow ratios near 1

SO .
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can be designed so that they do not decreasse sppreciably the drag-rise
Mach number of s wing-body combinstion. (Methods of predicting the drag-
rise Mach number have been discussed previously and sre presented in
references 149 and 208.)

For supersonic alreraft, the drag-rise Mach number is an Ilmportant
crulse conslderation; the msgnitude of the rise and methods for minimlzing
it ere of essential Importance in determining acceleration performance and
fuel consumption. The "tramsonic area rule". presented In references 263
and 264 states that for slender configurations, the transonic rise in weve
dreg ls a function of the longitudinal distribution of cross-~section ares
and 1s independent of cross-sectlon shape. Thus, an alrcraft with the
least drag rise has the same distribution of cross-section sres as &
minlmm-drag body of revolution. Conversely, the magnitude of the increase
in wave drag at transonic speeds for complicasted configurations can be pre-
dicted for flight at zero angle of attack from information on bodies of
revolution with the same cross-sectional-area distribution. It follows
from this rule that for low draeg rise the equivaelent body of revolution
must be falr and slender, and these design requlrements elso result in
high dreg-rise Mach number.

In regard to interference of the alr-induction system on the aircraft,
the transonic aree rule is a design criterion for placing and shaping
induction systems. For instance, the data presented in reference 265 show
that the drag rise is the least and the drag-rise Mach number 1s the great-
est when the addition of an air-induction system to a wing-body cambination
causes no sbrupt or large changes in the distribution of cross-section area.
This result is illustrated by sketch (36) which was reproduced from refer-

ence 265. References 170,
DRAG OF DIFFERENT TYPES OF NACELLES 266, and 26"{ present more
°L'° . experimentel Informetion
AREA - concerning the interference
of air-induction systems

- : =X with alrecraft at transonilc
@ cDM-O.B flight speeds.

024 /ﬁ) Wave-drag.- The tran-
{ = oy 29 sonic area rule has been
NACELLES— extended for application at
Ol6r —=—F supersonlc speeds by
sty R. T. Jones in reference 268,
//\'1 end the limitations of this
oos} P extension have been examlned
’ ' by Lomax in reference 269,
/\-1 It is shown that, for slender
i - w‘B+Hw*1AGE"aircraft, cross-section areas

can be teken in planes through
a point on the body axis
inclined at the flight Mach

08 10 12 :;4 16 18 20

Sketch (36) _
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angle to obtain an equivalent area distribution. A sufficlent number of
planes must be chosen so that an accurate average obligue section area can
be computed. Then, from this eguivalent area distribution, the wave drag
can be calculated by slender-body theory. For configurations in which
the area distribution is chosen so as to minimize the drag, the design is
near optimm ohly for a small range of £flight Mach numbers sbout the
design point. The experiments of reference 268 substantlate the use of
this method as & design criterion. Anslysis of drag data for a wide
variety of configurations indicates that predictions of drag are in error
by a meximum of sbout 20 percent with & mean error of sbout T percent.

As pointed out by Jones, these ares rules sre basicelly methods of wave
cancellation - the pressure drag of one component is canceled by proper
use of the pressure field from another component.

More detailed theoretical investigations of wing-body combinations
In supersonic flow indicate how camponents can best be shaped and asrranged
to provide wave cancellation. Baldwin and Dickey in reference 270 demon-
strate the importance of the moments of the area distribution at Mach
numbers above 1. Both experiment and theory show that the Msch number for
drag rise is high and the subsequent drag rise 1s low if the longitudinal
distribution of the moments of srea is smooth end gradusl. (At low super-
sonic speeds moments greater than the second are of negligible importance.)
Nacelles can be used to improve the moment distribution of wing-body com-
binations, and the data of reference 270 show that the high-speed drag
characteristics of a wing-body-nacelle combination can be less then those
of the corresponding wing-body combilination. The studies of references 271
and 272 indicate that rotational asymmetry of body cross sections in the
region of a wing juncture provides greater wave cancellstion than a symmet-
ric indentation. Nielsen (ref. 272) employs linearized theory to deter-
mine the change in shape of & circular cylinder required to cancel the
wave drag of wings. The method can be extended to the interference prob-
lems of nacelle-fuselsge or to nacelle-wing-fuselage cambinstions as long
a3 the flow is quasi-cylindrical.

In reference 273, Friedmsn snd Cohen consider the minimum wave drag
of two- and three-body combinations. It is shown by linearized theory
that the least drag is produced in supersonic flight when the bodies are
close together and staggered so that the pressure fields interact to
produce a buoyent force in the flight direction. The general trends of
this enslysis heve been substentiated by the experiments of reference 2h9,
Here, the forces on both single snd twin nacelles with normal-shock inlets
operating supercritically were measured In the presence of a body of revo-
lution having a parabolic-arc radius distribution. The nacelles were
moved both axielly and radialiy, and it wes found that the theoretiecal
predictions were fairly accurste for forward locations, but for reerward
inboard locations there was considerable deviatlion from experiment. The
fevorable interference effects at the reer inboard locations were equal
to or grester than those indicsted by theory. In reference 274 a nacelle
with a conical-shock inlet opereting subcriticelly at a flight Mach number

_
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of 2.0 was located at two positlions in the pressure field of a complete
sircraft conflguration. A 10-percent increase In drag coefficlent resulted
at zero angle of attack when the nacelle was moved from a forward to e
rearward locatlon. This large incresse in drag, which is opposite to the
trend indicated in reference 249, was attributed to the strong shock wave
from the inlet.

Lift and Pitching Moment

The 1ift force of sn alr-induction system consists of the 1ift com-
ponent of the pressure forces on the external surfaces and of the reaction
from the force required to turn the engine streamtube from the flight
direction to that of the Induction-system axis. This force from lurning
the internal flow 1s carried on the lips,'see reference 275; and, ss8 shown
in reference 152, in terms of the incremental 1ift coefficient based on
maximum body frontal area for s slender body, it is

Ap mo -
A 2o — o in rsdians
SRS et ~SINCHL. ) (33)
the corresponding incremental pltching-moment coefficient 1s, of course,
the product of this 1ift coefflclent and the distance fram the inlet to
the moment reference point divided by the mament reference length.
Pierpont snd Braden ifi reference 234 compare this prediction with data
taken at subsonlec speeds on a body having an underslung scoop Jjust behind
the nose. The results for a flight Mach number of 0.8 are shown in
sketch (37). The effect of mass-flow ratio on the 1ift of the body-scoop
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cambination is closely predicted (sketch (37a)), but there is some error

in predicting the 1ift resulting from addition of the scoop with a mass-
flow ratio of 1.0 to the basic body (sketch (37b)). This difference is
probably due to the fact that interference with the pressure f£ield of the
basic body resulting from addition of the scoop was not taken into account.
The incrementel pitching moment of this configurstion was not well predicted
apparently because the drsg component of the moment contributed by the
asymetric scoop changed with mass flow and angle of attack and counter-
acted the mament due to the incremental lift. A comparison of experimental
and theoretical 1ift coefficients at supersonic speed for a slender, open- ’
nosed body of revolution is presented in reference 152. Here it was found
that up to an sngle of attack of 4° the predliction asgreed with experiment
within 7 percent and there was comparsble accuracy in the pitching-moment
comparison. The contribution of these effects to the 1ift and pitching
moment of a complete airplane is, in general, relatively small; for
Instance, the incremental lift-curve slope due t0o turning the engine flow
at a mass-flow ratic of 1 is only about 1 percent of that of a normsl air-
plane. ~Thus, in most cases great accuracy in predicting mass~flow effects
on 1ift and its moments is not necessary. '

In the followling discussion, the Interference of various air-induction
systems on 1ift and pitching moment are presented. Forces and moments
in other planes are not discussed because, in general, they result from
the same phenpomens.

Wing leading-edge inlets.-~ Tests of wing leading-edge inlets in both
straight and swept wings with FNACA 63-012 airfoil sectlons are described
in references 225 and 226. For the straight wing, the effect of internsl
flow on both the 1lift- and piiching-moment-curve slopes was negligible.
There was a large effect of inlet-veloclity ratioco on maximum 1ift coeffi-
cient at very low flow rates, but for the range of usual interest, inlet-
velocity ratios sbove 0.8, the maximum 1ift coefficient of the basic wing
was malntained. With the swept wing, there was a large change In the
flow at the downstream corner of the inlet at 1ift coefficlents above
0.6. The meximm section 1lift coefficient at 0.8 inlet-velocity ratio
was 1.10 at the upsiream corner but, at the other corner, it was 0.72.
Reducing the inlet-velocity ratioc to O or increasing it to 1.6 changed
these sectlon 1ift coefficients by 0.10 at most. It is thus appsrent that
with e swept wing, flow through a leading-edge inlet can seriously Iinter-
fere with the lifting force and 1is distribution.

Wing-root inlets.- A wing-root inlet of triangulsr frontel shape was
tested on a U5° sweptback wing-body combination as described in refer-.
ence 186. The inlet lips were parsllel to the wing leading edge, and the
1lip profiles were refined by changing inclination and stagger so that for
mass~-flow ratios from O to 1.5 internsl flow had no effect on lift-curve
slope or maximm 1ift coefficlent. Tests reported in reference 84 at
higher speeds showed nc effects at mass-Plow ratios from 0.4 to 0.7 up
to a flight Mach number of 1.2. In reference 85, the results of tests

he 2
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of a similer configuration differing only in inlet frontal shape (semi-
elliptical rather than trisngular) are presented. The effects of internsl
flow on 1lift were agslin negligible, but_here pltching moment wes measured.
It was found that at Mach numbers sbove 0.9, the presence of the Inlet
with mass-flow ratios of 0.4t or 0.8 increased the static longlitudinal
stabllity of the wing-body combinstion tested by 25 percent. In this test,
the inlet had no effect on the. 1ift coefficient at which the slope of the
moment curve reversed.

Tests of a wing-root inlet mounted on a swept wing with the inlet
plane normel to the Fflight direction are described in reference 276.
The inlet plane was ahead of the leading edge of the root chord of the .
wing alone, and thus the installation of the alr-induction system modified
the wing plen form. Flight tests revealed a strong pitch-up gabove an angle
of attack of 8°, and wind-tunnel tests showed this to be caused by an
ebrupt change in downwash at the taill, due to a change in circulation
gbout the wlng as the angle of attack was increased. The pltch-up was
eliminated by changing the section contour of the cutboard portion of the
wing leading edge and by adding fences both at the inlet and outboard on
the wing. An inlet with the outboard radius about half the scoop depth,
and an inlet width-to=-helght ratlio near 1.0 also elimingted the pitch-up.
It was concluded that the wing plen form and sharp side edge resulting
from the addition of the extended wing-root inlet was the cause of the
unexpected downwash variation. Tests of .2 somewhat similar configuration
for a supersonic sirplane are reported in reference ik, In this case
there was no longitudinsl Ilnstability for the condition of no flap deflec-
tion, probebly becausé of the low position of the horlzontal tail surfaces
and the rounded side edges of the inlet.:

Scoops.~ The effectes of scoops or the 1ift of a camplete airplane
are generally not large, just as the body lift is not a lerge percentage
of the total 1ift unless the body dliametér and wing spen are nearly equal.
Thus, top and bottom scoop locations would be expected to have small
effects on 1ift end nioment, and the effedt of side scoops would depend on
the width of the body-scdoop combinstion relative to the hody diameter or
wing spen. These trends are 1llustrated for subsonic speeds by the data
of references 234 and 277. The effect of body plan-faorm changes due to
the addition of scoops on the 1lift increment due to viscous crossflow
effects can be estimated by the method of reference 216.

The 1ift and moment effects of scoops mounted on bodies in tests at
Mach numbers of 1.5, 1.8, and 2.0 are described in references 220 and 239.
In the former investigation, scoop locatlions on the top and bottom of a
body were compared. The scoop had a ramp-type compression surface and
was operated supercritically. At zero angle of attack, the bottom loca-
tion included a small positive 1ift force, and the top location induced
an equal negative farce; the shift in the angle for zero 1ift from that
of the body alone wag plue and minus 2°,-respectively. This difference
was maintained to an angle of attack of 8°; at greater angles, the bottom

— :
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location caused an increasing lift-curve slope, whereass the slope remained
nearly constant for the top location. Through the angle-of-attack range
of 10°, the slope of the pitching-moment curve for the bottom location was
constant whereas that for the top locatlon incressed. This means thst the
center of pressure moved rearward for the bottom scoop and forwerd for

the top scoop. The results of reference 239 for en underslung scoop con-
firm these trends. A reduction In mass-flow ratio in these latter tests
from 1.0 to 0.7 had no appreciable effect on 1ift or moment.

Nacelles.- The investigation of references 207, 231, 278, and 279
were of wing-nacelle combinations in which the nacelle inlet was at the
leading edge of both straight and swept wlngs snd the nacelles extended
behind the trailing edges. As would be expected from such plan forms,
the lift-curve slope and the stsbility of the combinsations {based on
wing dimensions) were greater than those of the wing alone. The effects
of internal flow on lift-curve slope and meaximm 1ift coefficient were
small In the tests in which 1ift was measured, (refs. 207 end 231).

For nacellies that extend shead of a wing, the 1ift on the projecting
body is destebilizing. The magnitude of this effect for some nacelles in
subsonic flow is reported in reference 81 . Some of the nacelles of this
reference wére located just bhelow the wing; this position resulted in an
increase in the angle for zero 1lift gbove that for the wing slone becsuse
of the high induced wvelocitlies on the lower wing surface in the region of
the wing-nacelle Juncture. This effect also changed the spen loading of
the wing. The nacelles described in thils reference 4id not change the
meximum 11ft coefficient attainsble with the wing alone, but the 1ift-
curve slope was lncreased as much as 10 percent. This large increase was
due to the nacelles being tested only on a short wing panel; on a complete
wing the increasse in 1ift-curve slope would be of the order of 4 percent.

show that the spanwise position of
such a strut-mounted nacelle can be
selected so as to increase the 1lift
coefficient at which the slope of the
pltching-moment curve of a sweptback
wing reverses. Here, moving the

S ~
In reference 278 it 1s shown S~

that the destebillizing effect of for- S
ward nacelle locstions can be counter- Nacelle at 06 —>,
balanced by mounting the nacelle from semispan H ~
& vertical strut and moving it down- 7 ' ofd”
ward. The results of reference 279 i /
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The nacelles tested at subsonic speeds as reported in reference 278
and 279 were also tested at Mach numbers of 1.6 and 2.0 as described in
references 280 and 281. These nacelles were mounted in seversal positlcns - _
on and below the chord plane of the sweptback wing at various spanwise
locations. The aerodynasmic characteristics were simllar to those at sub-
sonic speeds; that is, all the nacelles Increased the lift-curve slope,
the nacelles in the wing root increased stability but those mounted out-
boerd decreased it. The magnitudes of the effects depend upon the spe-
cific configuration, but they seldom exceeded 10 percent of the 1ift or
moment of the wing alone.

A theoretical study of the lift of bodies and combinations of bodies
is presented in reference 282. Slender-body theory was used to predict
the Interference of .a fuselage on an open-nose¢ nacelle downstream of the
intersection of the nacelle with the fuselage bow-shock wave. In the
region of this intersection, slender-body theory is not appliceble, but
account was made of this by assuming that the reflection is that of two-
dimensional flow, and the results of reference 261 substantiate this
assumption for weak shock waves. The predictions ¢f this method were
compared with experiment as described in reference 2hg, Here, tests were
performed at Mach numbers of 1.8 end 2.0 with a alender fuselage having
open-nose nacelles mounted gbove and below in the pitch plasne. Normal
force was measured with the nacelles in several axial and vertical posi-
tions. With the nacelles almost in contact with the fuselsge, the sum of
the normsl forces of the component bodiebk wag ag much as 25 percent greater
than the totsl measured normsl force at an angle of attack of 4°. At
higher angle of sttack, the normsl force:!:decreassed to half the sum of the
component forces. This 1lift interferencé 1s, of course, due to the bodies a -
being in crossflow wakes. The theory proposed does not include all of the
factors involved in crossflow and, depending upon relative location, pre-
dicted normel-force interferencé with errors from O to 25 percent of the
measured values. - With the nacélle axis over 2 fuselage dlameters from the
fuselage axis there was no normel-~force interference within the limits of
angle of attack (8°) and axial spacing investigated.

The 1ift- and pitching-moment characteristics at Mach numbers of 1.5,
1.8, and 2.0 of a canard configuration having one of the nacelle arrange-
ments of reference 249 are described by Obery and Krasnow (ref. 283).
The nacelle axes were located one fuselage dlameter from the fuselage
axis gnd the nacelle Inlets were at 70 percent of the fuselage length
behind the nose. Since the nacelles weré nearly half as long as the fuse-
lage, they extended a considerable distance downstream and contributed a
stabilizing moment to the fuselsge. Because of 1lift interference due to
crossflow, the 1ift of the cambinetion could not be accurately predicted
by the theory of reference 282. This model was also tested with the
nacelles in the horizontal rather +than the vertical plane (ref. 284). They -
were placed 1-1/2 fuselage dlameters from the center line and the inlets
were at asbout the mid-length station of the fuselage. The Increase In
lift-curve slope due to adding the nacelles (15 percent) was gbout twice -

- _
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as great as when they were added in the verticsl plane, and the effect on
stebility was not as grest. The addition of nacelles to the basic air-
craft configuration of references 266 snd 267, however, resulted in large

percentage changes in pitching moment.

The range performances of the various combinations investigated in
references 239, 283, and 284 are compared in reference 19. It was found
that the configuration with scoops which had the lesst minimum drag had
slightly greater range then the configuration with nacelles in the hori-
zontal plane which had the least drag due to 1ift. This evaluetion depends,
of course, on the specific conditions assumed in the study.

The interference of a nacelle having a conical-shock inlet operating
subecritically at a flight Mach number of 2.0 with an alrcraft configuration
is described in reference 27h. A comperison with the nacelle in a forward
and sn aft location shows a decrease in lift-curve slope from 0.026 to
0.021 per degree and an Incresse in angle for zero 1ift from 0.5° to 1.9°
due to moving the nacelle from a location forward below the body to one
rearward snd over the wing. There was a corresponding forward shift of
the aerodynemic center.

Ames Aeronsuticel ILaborstory
National Advisory Committee for Aeransutics
Moffett Field, Calif., June 16, 1955
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APPENDIX A
SYMBOLS
A ares. : . : . . . a
Ao capture area
Cp dreg coefficient . -
Cr skin-friction coeffilclent based on wetted area
Cr, - 1ift coefficient
Cp presgsure coefflcient
D - drag
Dp net drag
d _ diameter
Fp _ engine net thrust
an net propulsive force
FAVES difference between ideal and sactual net thrust, Fni‘Fna
g gravitational constant
E retio of bouncé._)a;ry—layer-displacement thickness to momentum
thickness, 5~
b altitude \
h helght of boundary-layer diverter
1 length
My total momentum of the engine streamtube in the inlet plane
M Mach number
m mass flow
Ty meximum mass flow, my=poVohe
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n engine rotational speed
n mmber of oblique shock waves
P _ pressure’
Q fuel consumption
q dynamic pressure
R Reynolds number
R gas constant
r local redius
S wing area or wetted area
T temperaturel
U " local veloeclty of f£low, U2=(V+u)2+v2+w2
U,v,w local velocity components in the x,y, and z dJdirections,
respectively
v stream velocity
Wa " welght flow of air
Wéc corrected weight flow of air
We weight flow of fuel
X,¥,2 Cartesian coordinsates with =x positive in the stream
direction
a engle of attack
B angle of sideslip
4 ratio of specific heats
Ptg
3] relative absolute pressure, 555
5 " boundary=-lsyer thickness
5% boundary-layer displacement thickness

lWhen used without the subscript t, the symbols, p, p, and T denote
static pressure, static density, and static tempersture, respectively.
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angle of flow deflection
Tts
relative sbsolute tempersture, TEE
boundary-layer momentum thickness
cowl angle, the angle between the free-stream direction
end a line connecting the inlet and cowl maximm
diameters P '

functions defined by equations (B5), (BT), and (BS),
respectively

mass density®
cone semispex angle

cowl-posltion angle, the angle between the apex of & pre-
compression surface and the cowl lip (see sketch (18))

local shear stress
shock-wave angle
Aot

area ratio, oy

Subscripts

denote statlions in the flow as shown in sketch (1)

actual or additive
Torebody

body

cone surface
external

friction

hydraulic diameter

25ee footnote 1, page 105.
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I refers to the plane enclosed by the stagnation points on
the inlet lips

in internal

i ideal

J Jet

[A 1lip

M meximum

n . net

r ranp

8 shock wave

s scoop

t total

v viscous

W wave

er critical

isen denotes isentropic flow

SL . denotes standard sea-level canditions

Superscripts
() denotes conditions where M = 1.0
?—7 aversge or effective value
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APPENDIX B

MEASUREMENTS AND INTERPRETATION

In tests of alr-induction systems accurate measurements must be made
of effective totel pressure, mass-flow rate, and drag. WNot only must each
measurement be made accurately, but also the method of data interpretation
must be one which best suits design purposes. Some of the considerstions
involved are discussed in this appendix,

MEASUREMENT ACCURACY

The accuracy of determining effective total pressure ﬁts from
measurements with a rake of total-pressure tubes depends upon the pre-
cislon of each measurement of 'Ppg_. Pltot tubes alined with a subsonic
stream indicate true total pressure at the tube center line only when
the flow is uniform and steady. The information of reference 285 shows
that there 1s little error in measurement if the tube 1s alined within
10° of the flow direction if the bore of a tube with a hemispherical head
is greater than about 0.3 the extermsl diameter. The study of refer-
ence 286 shows that when a tube i1s in a transverse total-pressure gradient,
the effective center of total pressure is displaced towards the region of
higher velocity by a smel! amount. This correction is negligible In the
testing of well-designed asir-induction systems because sizable transverse
pressure gredlents do not exist in lerge portions of the flow and the
pltot tubes are normslly small relative to the duct area. Since duct
flow can often by unsteady, measurements under these conditions are not
at all relisble. In reference 287 it ls shown that in incompressible
Tlow the reading of a total-~-pressure tube alined with the mean stream
veloelty V is : '

p+p-‘§+%('u_2':+;—2_+?-)_ (B1)

vhere u, v, and w are the components of the turbulent fluctuations.

Thus, in unsteady flow the readings of pitot. tubes are always greater

then the true value, and calculations of effective total pressure, internsal
drag, or mass flow based on the Indlcation can be considersbly in error.
(See also refs. 288 and 289.) The importance of this source of error is
indicated by the tests of reference 290 in which measurements were made

in the turbulent flow behind orifice plates. It was found that the
messurement of mean totel pressure decreased with distance behind the
plate, a trend to be expected from the decay of turbulence. ZErrors in

the measurement of flow quantity of 10 to 15 percent resulted from readings

P,
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with pitot tubes in this turbulent flow. It is therefore necessary that
some method of indicating unsteady flow be used with pltot-tube measure-
ments in air-induetion systems.

In making measurements with a rake of pitot tubes, the number of tubes
which can be conveniently used is occasionslly Iimited. Under such cir-
cumstances the spacing of the tubes to glve the most accurate average can
be chosen according to the method of Gauss, references 291 and 292.
Integration must be performed according to the Gaussisn formule, which
reguires more computation than do the normsl methods.

A rake of pitot and steatic tubes ig used in induction~ svst t gi"f'nn'

C1C Tubeg 18 used —_— L

when area- or mass—flow-averaged totel pressures and flow uniformity sare
to be measured. Because of the errors which can arise and because of the
importance of the mass-flow measurement in determining accurately net
dreg and optimm-performance conditions, it is advisasble to callbrate
rake installations with a standard orifice meter. As a result of these
complications, total pressure end mess flow are often determined simply
from measurements of static pressure at two stations of different area
in the duct. If steady, one-dimensional, isentropic flow of a perfect
gas is assumed between the measurement stations

7/2

Do (Pl/P2)10/7 (Al/Az)z -

Pte | (pa/pa)® " (Ar/A2)” - 1

(B2)

where the subscript 2 refers to the throat or minimm section. Hence,
the total pressure pi, can be determined from measurements of static
pressure and area at local stations 1 and 2. From knowledge of the total
temperature and pressure, the static pressure, and the cross-section area
at a station, mass flow can be calculsted from the formuls

1/2 5/7 /7 i/2
T Pt OTt2 8) ( 2) [ -<P_I’}62;)z :I (83)

These formulas involve assumptions which often are not met in tests of
air-induction systems, end again check calibrations asnd careful consider-
ation of sources of error are necessary. (See, e.g., refs. 285, 288, and
293.) The uncertainty (see ref. 293) in mass-flow messurement is given
by the relatlonship

_—
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+

/2
2 2 2 - 2 2 -
am _ (Ap AL 1 (AT Ap Apy,
0 <p>+<T> () (7)) (& (24)
and is a functlion of Mach number at the measurement station because

2
2
1| (p/pg) T .2

L1 - (o)™

€1 = (B5)

Plotting £Ei as a function of Mach number shows that large errors in

mass-flow determination result from errors in measurement of static and
total pressure if the throat Mach number is less than about 0.7. Simi-
larly, the uncertainty in total pressure is ' :

: 1/2
Apy, MY - DBV o1\ 2p2\F Lp2\°
Fra 52[(‘1&" ¥ (7::;) ] ¥ 53[(3:) * 3=, ] * (3'; (26)

where.
2 .
- T(81/82)3(pa/p2) "[1 - (pa/o2)’7) (B7) .
[(@s/82)202/22)"7 = [ (9/p2)*/7 (A2/82) - 1]
and :
[ easoar [ he) a2 - oafoe + 5]

BAl/A2)2(P1/P2)lO/7 "‘:1] I:(Al/Aa)z(Pl/Pz)lz/7 - ];-I
(B8)
Thus, the error in totel pressure 1s a functlion of the ratios Al/AE R

P]_/Pz, and the component uncertainties in the areas and pressure measure-
ments.  The variation of Apy/py andAm/m as a function of throat Mach

A
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number Mo 1s illustrated in sketch (39) for an assumed error in statice-.
pPressure and area-ratioc measurements of 1/2 percent. The uncertainties
are directly proportional to the errors in these ratios, and uncertainties
for other values of the assumed error can be determined by simply multi-
Plying by the proper factor. It is evident that a contraction in area of
gbout 0.7 wlth a nesr sonlec value of

M- produces relatively great accu- g;
racy. In order to maintasin accuracy g 04 A
through a wide range of mass flow, & Pa A—z
it is necessary to employ a vari- 2 \>F’:< !
able throat. s
S
><8
EFFECTIVE TOTAL PRESSURE < "
1 2 4 [} 8 (o]
Three methods of determining £
effective total pressure at diffuser
exits are in common use. None are 06
exact. They are deseribed by the \ \ Py

following equations for incompres-
sible, two-dimensional flow with
uniform static pressure:

Uncertainty in mass flow, Amy/m,
2
D
8
s

Method of eguation (B2) (the
"Mass-Derived Method" of refer-

ence 29h) 02 T z
l | 7
2 —
o (L ——=]
or (B9) 2 4 3 8 10
PL=D + £(0)% Throat Mach number, M,
Sketch (39)
Aresmwelighting method
—_— 1
Py =P + 2 f UPdA
or (B10)

e/
ct
]
d
+
2
3

Mass-flow welighting method 3

Pr =p + = U°aa
. T 2AUf L (B11)

Dp = p + £(U°)
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Since none .of these can be substantiated by rigorous proofs as giving the
true effective total pressure, the question of accuracy must be settled

by comparison with a more exact estimate. Such a comparison is presented
by Wyatt in reference 295 where the more exact estimate is made by deter-~
mining an effective totel pressure which satisfies the momentum and con-
tinuity relationships which esre involved in celculeting engine thrust.

For uniform flow, all methods agree, but for nonuniform flow, such as

those which occur because of separation, the methods do not agree. The
method of equstion (BZ) is, in general, the least accurate; but it requires
the simplest instrumentation, for the other methods require a pitot-tube
survey. Date reduction by the mass-flow weighting method requlres the
most effort. The area~weighting method is usually as accurate as the masgs-
flow method, and 1t produces a conservative value of total-pressure ratio
which the masg-flow welghting method does not. However, in the csleculation
of the internal thrust of a wind-tummel model a conservative value of
total pressure produces too low an Indlcation of net drsg. Under condi-
tions which are normelly encountered in well~designed air-Iinduction systems,
that is, relatively unliform steady flow, one method is as accurate as
another, and selection can be made on the basls of convenience. However,
for nonuniform flow such as exists in ducts with bends, care must be
exercised 1in evaluating data.
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