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NATI ONAL ADVISORY COMHI'ITEE FOR AERONAUTICS 

RESEARCH MEMORANDU}I.! 

t.1EASUREHENT OF STATI C PRESSURE ON AIRCRAFT 

By William Gracey 

sm,IMARY 

Exist i ng data on the errors involved in the measurement of static 
pressure by neans of static-pressure tubes and fusel~e vents are pre 
sented . The errors associated with the various desien features of static
pressure tubes are discussed for the condition of zero angle of attack 
and for the case where the tube i s inclined to the flow . Errors due to 
variations in the configuration of static -pressure vents are also pre 
sented . Errors due to the position of a static-pressure tube in the 
flow field of the airplane are given for locations ahead of the fuselaGc 
nose , ahead of the wing tip , and ahead of the vertical tail fin. The 
errors of static-pressure vents on the fusel~e of an a i rplane are also 
presented. 

A comparison of the calibrations of the four static -pressure
measuring installations indicates that , for an airplane desiened to 
operate at supersonic speeds , a static-presGure tube located ahead of 
the fuselage nose will , in General , be the moct desirable installation . 
If the operatine range is confined to spceds below sonic , a static
pressure tube located ahead of the wing tip may , for some airplane con
f i gurations , prove more sat i sfactory than a fusclage - nose installation . 
For operation at r.1ach numbers below 0 . 8 , a static -pressure tube ahead 
of the vert i cal tai l fin or fuselage vents, properly located and instal 
led, should prove sat i sfactory . 

Various methods of calibrating static -pressure installations in 
fl i ght are briefly discussed . 

INTRODUCTION 

The proper functioning of fire - control and guidance systems for air
planes and. r~issilec depend.s fund.ar!lentally on the accurate measurement 
of total and static pressures . For each of thcfJe r!leasurements thc basic 
problem is that of deteIT!lining what type of rensing device to use and 
~/here to l ocate it on the fli{~ht vehicle . 
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The National Advisory COl!1Ei ttee for Aeronautics has been studying 
this problem for many years. A comprehensive survey of the subject , 
based on informati on obtained at subsonic speeds, was published in 1948 
(ref. 1) . Since that tllje additional data have been obtained from wind
tunnel, rocket -model , and flight tests in the transonic and low super
sonic speed ranges . Because of current interest in this information, 
it appeared appropriate at this t~e to present these data and to review 
the overall problem in the light of this ne\{ knowledge. 

The neasurement of total pressure is not discussed in this paper 
because this neasurenent can be accomplished quite accurately with little 
or no difficulty, and because the subject has been adequately treated 
in other reports . The problens invo lved in the design and location of 
a total -pressure tube on the airplane are discussed in reference 1. 
The only error of any consequence in the measurement of total pressure 
is that due to the inclination of the tube to the airstream . This error 
can be avoided by using a swiveling tube or a sui tably designed rigid 
tube . I nfornation r equired for designing a rigid tube which will measure 
total pressure correctly over a wi de range of angle of attack at both 
subsonic and supersonic speeds may be found in reference 2 . 

p 

p' 

6p 

q 

H' 

T 

T ' 

K 

SYMBOLS 

free - stream static pressure 

indicated static pre ssure 

static -pressure error, p' - p 

total pressure 

dynamic pressure, ~v2 

impact pressure, Pt - p 

free - stream Mach nur:lber 

r.1easured ..Iach nunber 

ambient temperatur e , absolute units 

measured tenperature, absolute units 

tenperature recovery factor, 
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p mass dens i ty of air 

R gas constant (53 .3) 

NRe Reynolds number 

r radius of curvature 

CL l i ft coefficient 

eN normal - force coefficient 

h a l titude 

d diameter of static- pressure tube ; diameter of orifice 

D d i mneter of collar on stati c - pressure tube ; maximwn dirunetcr 
of model or fuselage 

t maxll:J.wn thickness of ster.l on static - pressure tube; maximwn 
thickness of wing or vertical tail fin 

I l ength of model 

I r tw i ce d i stance from nose of r20del to maximwn-diameter Gtation 

x axial position of static - pressure orifice from reference point 

y hei~ht of protuberance n ear static -pressure orifice 

~ angle of attack 

~ c i rclir2ferential position of static-pressure orifices 

y ratio of specific heats (1 .4 for air) 

Sub s cripts : 

1 l ower limi t 

2 upp er l imit 

------- - ---------
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STATI C-PRESSURE MEAS~~T 

The sensing device which has been universally used for the measure 
TIent of static pressure is a surface ori fice oriented parallel to the 
flight path . Orifices are installed e ither in the walls of the body of 
the a ircraft or on a tube attached to some part of the aircraft . In 
either case the pressure at the point in the airstream where the orifice 
is located usually differs from the free-stream value because the air 
flowing over the aircraft creates a flow field in which the pressures 
vary widely from one point to another . At subsonic speeds the flow field 
extends in all directions for a considerable distance from the aircraft. 
At supersonic speeds the f i eld is confined to the regions behind the 
shock waves which form ahead of the a ircraft . 

The amount by which the local static pressure at a given point in 
the flow field differs from free - stream static pressure is called the 
"position error" of the installation . I f the static- pressure source is 
a static-pressure tube , there may be an additional error due to the flow 
field created by the tube . The flow f i eld around the aircraft as well 
as that around the tube changes primarily with Mach number and angle of 
attack, and secondarily with Reynolds number. The pressure developed 
at the static-pressure orifice is, therefore, a function of these 
variables . 

The most difficult problem in des i gning a static -pressure instal 
lation is that of locating the static -pressure source (tube or vent) 
on the aircraft , because the flow f i eld of each aircraft configuration 
is unique . Because of the impossibility of finding a location on or 
close to the aircraft where the static -pressure error is zero for all 
flight condit i ons , the problem becomes one of choosing a location where 
the error is of sufficiently small magnitude or where it varies uniformly 
with t1ach number and angle of attack . Generally, the greater the distance 
from the aircraft that the static -pressure source can be located (prefer
ably ahead of the a ircraft) , the more nearly will this objective be real
ized . For such remote locations of the static-pressure source , the mag
nitude and var iation of the static-pressure error can be predicted with 
some success from the calibrations of s~lar installations on other 
aircraft. 

The actual errors of a given installation, however , can be deter
mined only by a calibrat i on in flight . Such a flight calibration estab 
lishes the overall stat ic-pressure error, that is, the error due to the 
location of the static-pressure source and the error due to the source 
itself . If the resulting errors are hi gher than deSired, corrections 
may be applied either before or after the pressure indication is dis 
played . Even when corrections can be applied, however, it i s advisable 
to choose an installation with as small an error as practical because, 
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in general, the greater the magnitude of the corrections the more they 
will change with each change in flight condition and the more inaccurate 
and involved will be the calibration and correction procedure. 

Inaccuracies in static-pressure measurement m~ also arise from 
instrument errors and from errors due to pressure lag of the tubing 
that connects the instrument to the static-pressure source. A general 
discussion of instrument and pressure-lag errors m~ be found in ref
erence 1. Other aspects of the pressure-lag problem are treated in 
references 3 and 4. 

STATIC-PRESSURE ERRORS OF TUBES 

The flow field around an isolated static-pressure tube is determined 
by the shape of the nose section, the size and shape of any protuberance 
on the rear portion of the tube, the Mach number, the angle of attack, 
and the Reynolds number. 

Tubes at Zero Angle of Attack 

For the condition of zero angle of attack, the pressure registered 
by a static-pressure tube at a given Mach number depends on the axial 
location of the orifices along the tube and the size and configuration 
of the orifices. 

Axial location of orifices rearward of the nose.- The variation of 
static pressure along a static-pressure tube may be illustrated by two 
examples of theoretical pressure distributions over the forward portions 
of tubes at zero angle of attack . Figure 1 presents a subsonic (incom
pressible floW) pressure distribution for a tube with a parabolic nose 
(ref. 5) and a typical supersonic pressure distribution for a tube with 
a conical nose . 

The symbol 6p in this figure denotes the static-pressure error, 
which is defined by the relation 6p = pI - p, where pI is the static 
pressure measured by the tube and p is free-stream static pressure. 
For the theoretical case considered in figure 1, 6p is expressed as 
a fraction of the dynamic pressure q; for most of the experimental data 
presented subsequently, 6p is expressed as a fraction of the impact 
pressure qc ' With a few exceptions, the values of 6p/q and 6p/qc 

are in all cases plotted to the same scale. 

The two curves in figure 1 show that, downstream from the end of 
the nose sections, the pressures at subsonic and supersonic speeds are 
below free - stream static pressure. Wi th increasing distance from the 
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nose, the pressures in both speed ranges approach the free-stream value. 
At supersonic speeds, however, the return to free -stream pressure occurs 
farther downstream . The axial location of orifices on a tube designed 
to function at both subsonic and supersonic speeds would, therefore, be 
determined by the pressure distribution at supersonic speeds. 

Experimental data showing the variation of static-pressure error 
with axial location of orifices on three tubes are presented in figure 2. 
The subsonic data were obtained with a tube with a truncated ogival nose 
(ref . 6), whereas the supersonic data were determined with tubes having 
a more elongated truncated ogival nose (ref. 7) and a conical nose 
(ref . 8) . Note that the axial locations of the orifices on these tubes 
are referenced to the end of the nose section rather than the tip of 
the nose as in figure 1 . The data from investigations conducted with 
these tubes show that at subsonic speeds (!'-'1 = 0 . 6 to 0 . 9) a static
pressure error of 1/2 percent of qc is reached at a distance of 4 tube 
diameters behind the end of the nose section . At supersonic speeds 
(M = 1.55 to 2 .87) an error of 1/2 percent of qc is reached at 5 to 

7 diameters rearward of the nose section . 

The effect of varyi ng the shape of the nose of a static-pressure 
tube has also been determined at both subsonic and supersonic speeds . 
Subsonic tests (M = 0.3 to 0 . 95) of tubes having hemispherical, ogival , 
and truncated ogival noses showed that , when the orifices were located 6 
or more tube diameters behind the end of the nose secti on, the static
pressure errors of the three tubes were in close agreement (ref. 6) . 
Supersonic tests (M = 1. 61) of tubes having cylindrical, hemispherical, 
300 conical, short ogival, and long ogival noses showed that, for orifice 
locations at least 10 diameters rearward of the nose sect i on, the meas 
ured pressures were substantially independent of the shape of the 
nose (ref . 9) . 

From all of these results, it may be concluded that a tube with 
ori fices located 10 or more diameters behind the end of the nose section 
will measure free - stream static pressure with small error at both subsonic 
and supersoni c speeds , and that for this axial location of the orifices 
the measured pressure will be unaffected by the shape of the nose . 

The investi gat i ons referred to in the previous paragraphs were con
ducted with small - scale tubes in small- throated tunnels . Tests of a 
larger (0 . 97-inch- diameter) tube i n the Langley 8 - foot transonic tunnel 
provide full - scale confirmation of this work at subsonic speeds . This 
tube had a truncated ogival nose with orifices l ocated 7 .8 diameters 
reanrard of the end of the nose sect i on . The calibration of this tube 
(fig . 3) shows the static-pressure error to be within ±1/2 percent 
of qc up to M = 0 . 95 . 
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Axial location of orifices ahead of protuberances.- The pressure 
developed by a static-pressure tube depends not only on the axial loca
tion of the orifices behind the nose but also on the location ahead of 
protuberances on the rear of the tube. Protuberances may be either trans
verse stems or collars (expansion of tube to accommodate a support or boom 
of larger diameter than tube) . 

The effect of a transverse stem may be seen from figure 4, which 
presents the theoretical pressure distribution (incompressible flow) 
ahead of a body of infinite span (ref. 5). The static-pressure errors 
shown by this curve would apply to a tube with a stem extending from 
two sides; for a stem extendi ng from only one side, the values would 
be halved. It will be seen from figure 4 that the static-pressure error 
due to the stem ("blocking effect") is positive, and decreases rapidly 
with increasing distance from the stem. 

Experimental effects at subsonic speeds of a streamlined stem 
extending on one side of a tube (ref. 6) are given in figure 5. These 
data show that the static-pressure error decreases with distance ahead 
of the stem and increases, at high subsonic speeds, with Mach number. 
For orifices located a distance of about 10 times the stem thickness 
ahead of the stem, the static -pressure error will be within 1/2 percent 
of qc for Mach numbers up to 0 . 7 . The fact that the error caused by 

protuberances is positive is often used in the design of a static-pressure 
tube to compensate for the negative error due to the pressure distribution 
along the forward portion of the tube. 

Data from reference 6 on the blocking effect of collars at subsonic 
speeds are presented in figure 6. In these tests the ratio of collar 
diameter to tube diameter was fixed and the position of the collar with 
respect to the orifices was varied. The distance of the orifices from 
the nose section (12 tube diameters) was such that the error of the tube 
without the collar was essentially zero. The results indicate that the 
static-pressure error decreases with distance of the collar from the 
orifices and that, for xl D greater than 3.2, the variation of static
pressure error with Mach number is negligible up to M = 0.95 
with ~ = 00 • The data shown in this figure apply to a ratio of collar 
to tube diameter Did of 1 . 43; for larger values of Did, the blocking 
effect of the collar will be greater. 

The calibration of a 0 . 91- inch- diameter tube with a collar behind 
the orifices and ~ = 00 is given in figure 7. These data, obtained 
from tests in the Langley 8 - foot transonic tunnel, show the static
pressure error to be about +1/2 percent of qc up to M = 0.9. Tests 

of similar tubes in other wind tunnels (refs. 10 and 11) showed the errors 
below M = 0 . 9 to be as high as 2 percent of q. 

c 
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Tubes at Angles of Attack 

The pressure developed by a static-pressure t ube at an angle of 
attack other than 00 depends not only on the axial location of the ori
fices but also on their circumferential positions. When orifices encircle 
the tube, the measur ed static pressure decreases with inclination of the 
tube, and the variation of static-pressure error with inclination is the 
same for angles of attack and angles of yaw. The static-pressure error 
of a tube with this orifice configuration remains within 1 percent of qc 
of the value at a = 00 over an angular range of about ±5° (ref. 12). 
The additional error resulting from the inclinat i on of the tube can be 
avoided by pivot ing the tube so that it always alines itself with the air
stream. Because of the relative fragility of swiveling tubes, however, 
attempts have been made to devise rigid tub es which WDuld remain insen
s itive over an appreciable range of angle of attack . 

The basis of these attempts i s the pressure distribution around a 
cylinder . Figure 8 presents the r esults of pressure-distribution tests 
of a 2- inch- diameter cylinder at angles of attack of 300 and 450 and at 
low subsonic speeds (M < 0 . 2) . These curves show the static-pressure 
error to be positive on the bottom of the cylinder6 negative on the top, 
and zero at a circumferential position of about 30 from the bottom . 
It would appear, therefore, that insensitivity to inclination might be 
accomplished either by l ocat ing orifices at a circumferential position 
of about ±300 or by placing orifices along the top and bottom of the 
tube to achieve compensation of the positive and negative pressures. 
The application of both of these methods will be discussed. 

The data from reference 13, as exemplified in figure 8, show that, 
at l ow subsonic speeds and at a> 300

, the pressure distribution at 
circumferential positions greater than 300 varies appreCiably with the 
Reynolds number . In another invest i gation (ref . 14) in which cylinders 
at a = 900 wer e tested at higher Mach numbers (0.3 to 2 . 9 ), the effect 
of Reynolds number on the pressure distribution was found to be negligible 
at supersonic speeds . 

Orifices at ±300 location . - The effect of angle of attack at sub 
sonic speeds for a l - inch- di ameter tube with orifices located on the 
bottom of the tube 300 on either side of a vertical radius is reported 
in reference 15 . Sample results of these tests (fig . 9) show that the 
static-pressure error remains within 1 percent of q of the value 

c 
at a = 00 for angles of attack up to at least 200 at M = 0 . 30 and 
to 90 at M = 0 . 65 . At angles of yaw the angle - of- attack range for an 
err or of 1 percent of qc i s about ±5° (ref . 15) . 
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Supersonic tests of a 0.05 - inch- diameter probe with orifices at a 
circumfer ential position of ±33° are reported in reference 8. The cali
brat i ons of this tube (fig . 10) show that the static-pressure error 

o remains wi thin 1 percent of q for angles of attack up to 17 at 
c 

M = 1.56 and up to at l east 80 at M = 2.92. 

Supersonic tests of a 0 . 63-inch-diameter tube with orifices at a 
circumferential position of ±37 . 5° are reported in reference 16. The 
results of these tests (fig . 11) show the static-pressure error to remain 
within 1 percent of q for angl es of attack up to at least 120 at 

c 
M = 1.57 and at least 150 at M = 1 .88 . 

Orif i ces on top and bottom of tube .- Calibrations at angles of attack 
of a 0.91-inch- diameter tube with four orifices on the top of the tube 
and seven on the bottom were determined at several Mach numbers between 
0 .20 and 0 . 68 (ref . 17) . Data for these two Mach numbers (fig. 12) show 
that t1fe static-pressure error remains within 1 percent of qc of the 

value at ~ = 00 for angles of attack up to 400 at M = 0 . 20 and to 
180 at M = 0 . 68 . At some angle of attack above 300 and at M above 0 . 3 
the static pressure registered by the tube increases abruptly and fluc
tuates erratically . For angl es of attack between 150 and 300 and Mach 
number s between 0 . 2 and 0 . 68 the static-pressure error was found to 
increase as much as 2 percent of q for a change in Reynolds number 

c 
(based on the local velocity and the diameter of the tube) of from 
100, 000 to 250 , 000 . Because of the unsymmetric arr angement of the ori
fices , the sensitivity of the tube at angles of yaw is, like that of 
the ±300 ori f ice arrangement , much greater than at angles of attack. 
At angles of yaw the error remained within 1 percent of qc over an 
angular range of ±5° at M = 0 . 2 . 

Tests of an 0 . 88- inch- diameter static-pressure tube with four ori
fices on the top of the tube and seven on the bottom were conducted at 
M = 0 . 6 to 1.10 (ref . 18 ) . The calibrations of this tube at M = 0.6, 
0 .8 , and 1 . 0 (fig . 13) show the static -pressure errors to remain withi n 
1 percent of q of the value at ~ = 00 for angl es of attack up to 110 

c 
at M between 0 . 6 and 1.0 . 

The effect of angle of attack on a 0 . 91 - inch-diameter tube with 
four orifices on the top of the tube and six on the bottom was determi ned 
at supersonic speeds through an angle - of- attack range of ±7° . The 
results, as presented i n reference 7, showed that for this range of angle 
of attack , the static-pressur e error remained within about 0 . 4 percent 
of q of the ~ = 00 value at M = 1 . 62 and 1.93. 

c 
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Conical Stati c - Pressure Tubes 

Orifices on the surface of a cone have been proposed for the meas 
urement of static pressure at supersonic speeds . 

Experimental data for an ori f ice at two locat i ons near the nose of 
a 30 cone are presented i n figure 14 . These data were obtai ned from 
tests i n the Langley 8 - foot transonic tunnel at values of a between 
10 and _10 and M = 0 . 20 to 1 . 13 . The calibrations show the static
pressure err ors for the two orifice l ocations to remain within about 
1 percent of qc over the range of Mach number tested . 

Tests of ori f ices on a conical- nose body at 111 = 1. 59 are reported 
in reference 19 . In these tests four orifices were located 0 .29 maximum 
body diameters from the front of a parabolic body of r evolution with an 
apex angle of 150 • For the test tlach number (1 . 59) the results indicate 
that the static - pressure error is about 6 percent of q at an angle of 
attack of 00 • 

Orifice Size and Configurat i on 

The static-pressur e err ors due to the axial and circumferential loca
t i on of the orifices) as di scussed in the previous sections ) apply to 
tubes with orifices which are accuratel y drilled and free from burs) pro 
tuberances ) or depress i ons . Variations in the diameter and edge shape 
of the ori f i ces can r esult in additional err or s in the stat ic-pressure 
measurements . 

The i nfluence of orif i ce diameter on the measured s t at ic pressure 
has been investigated with orifices on the inside wall of a cylindrical 
test section (ref . 20) . The t est s were conducted for orifice diameters 
of 0 . 006 to 0 . 125 inch over a Mach number rane;e of about 0 . 4 to 0 . 8 . 
The results of the tests at these t wo Mach numbers (fi g . 15 (a)) show the 
stati c-pressure error to i ncrease wi th both orifice di ameter and Mach 
number . 

The effect of ori f ice di ameter has also b een determined for two 
orifice diameters on a 0 . 5 - inch- diameter static-pressur e tube at M = 1 . 45 
(ref . 21) . The results of these t ests showed that an increase of 0 . 025 
to 0 . 052 inch in the orifice diameter caused the static -pressure error 
to i ncr ease by 0 . 6 percent of qc at a = 00

• 

In other tests of r efer ence 20 , the effect of varying the cross 
sectional shape of the orifice edge was i nvestigated with 0 . 032-inch
di ameter orifices on the ins ide wall of a cylindrica l test section . 
Sample results of these tests are presented i n figure 15(b) , which gives 
the difference between the static -pressure error of each orifice confi g
urat i on and that of a sharp - edge orifice of the same diameter . 
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In reference 21, the effect of elongating the orifices in a 0.5-
inch- diameter static-pressure tube was also investigated. The three con
figurations tested are shown in figure 15(c), and the differences in the 
static-pressure errors of the configurations, as referenced to a tube 
with 0 . 025 - inch- diameter orifices encircling it, are given for the tubes 
at a = 00 and M = 2 . 55 and 3.67. 

STATIC- PRESSURE ERRORS OF INSTALLATIONS 

Static-pressure sources (tubes and vents) have been located at 
nUMerous positions on or near the aircraft. Static-pressure tubes have 
b een located ahead of the fuselage nose, ahead of the wing, and ahead 
of the vertical tail fin . Static-pressure vents have generally been 
located on the fuselage between the nose and the wing or between the 
wing and the tail surfaces . The choice of type and location of the 
static-pressure source will depend on numerous conSiderations, such as 
the configuration and speed range of the aircraft, the accuracy required, 
pressure lag, icing, and the possibility of damage due to ground handling . 

For any practical location of the static-pressure source, the instal
lation will have a position error which will vary to some degree with 
J'.lach number and angle of attack . The position error will, therefore, 
vary wi th impact pressure, static pressure, aircraft weight, and normal 
acceleration . The error may also vary with changes in the configuration, 
and thus the flow field, of the aircraft - for example, changes in flap 
setting and landing-gear extension . As the flow field about an aircraft 
is markedly different for the subsonic, transonic, and supersonic speed 
ranges, the position errors for locations near the airplane may be 
expected to be quite different in each of the three speed ranges. 

In the discussion to follow, the static-pressure errors of the 
various installations are presented as a function of Mach number or lift 
coeffici ent . Wherever pOSSible , the effects of Mach number and lift 
coefficient have been separated . In those cases where the static-pressure 
errors of level- flight calibrations are plotted as a function of Mach 
nunber, the lift coefficient varies throughout the Mach number range. 
At the high sub sonic and transonic Mach numbers at which these calibra
tions were performed, however , the variation of lift coefficient was 
sr.J.all . 

The stati c-pressure errors represent the overall static-pressure 
errors of the installation, that is, the sum of the position errors and 
the stati c -pressure errors of the pressure source. Diagrams of the 
static-pressure tubes used for the airplane installations are presented 
in figure 16, and the type of tube used with each installation is noted 
in the calibration figures . 
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Static -Pressure Errors Ahead of Fuselage Nose 

At Mach numbers below that at which a shock passes the static
pressure orifices , the position error at a given distance ahead of the 
fuse lage nose i s determined by the shape of the nose and the maximum 
diameter of the body . 

Effect of nose shape .- The effect of nose shape was investigated 
in wind- tunnel t ests of b odi es of revolution (fineness ratio, 8 . 3) with 
circular, elliptical, elongat ed ogival noses (ref . 22). The te sts were 
conducted at a Mach number of about 0 . 2 and at a, = 00 • The results of 
the tests (fig . 17) show that , for a g iven distance ahead of the body, 
the position errors wer e gr eatest for the circular nose and least f or 
the elongated ogival nose . At a di stance of 1 diamet er, f or example , 
the errors were about 9 , 4, and 1 percent, respectively, for the circular, 
elliptical, and e l ongated ogival noses . At 2 diameters the effect of 
variations in nose shape had dimini shed considerably. 

The static-pressure errors at three di stances ahead of a fuselage 
were measured on an airplane wi th an elliptical nose section (ref . 23). 
The re sults of these tests at small angles of attack (CL = 0 . 2) are shown 

in figure 18 t ogether with the data for the elliptical nose model taken 
from figure 17 . 

Effect of Mach number .- The effect of Mach numb er on the static
pressure errors ahead of t wo bodies of r evolution at transonic speeds 
was determined by wing- flow t ests (ref . 24) . The nose shapes (that por
t i on ahead of the maximum- diamet er station) of the t wo bodies (fig . 19 (a)) 
wer e similar . The nose shape of body A was developed from a circular 
arc , whereas the shape of b ody B was based on that of an actual airplane. 
The calibrat i on of three i nstallat i ons on body B (fi g . 19 (a)) shows that , 
when the critical Mach number of the body i s r eached, the error begins 
to increase because the effe ct of negative pressures on the rear of the 
body are then diminished by the shock which forms around the maximum 
body di amet er . When the free - stream ~1ach number becomes supersonic, a 
shock wave forms ahead of t he b ody and the static-pressur e error continues 
to increase as the shock moves t oward the body . When the shock wave 
passes t he orifices on the tube , the error falls to a value near zero, 
b ecause the pressure field of the body i s then isolated from the orifices. 
At the dach number at which the shock wave passes the orifices , and at 
all higher Mach numbers , the pressure r egi stered by the orifices should 
be that of the i sol ated tube . However, i f the shock, after pass ing the 
orifices , interacts wi th the boundary l ayer to form a complex shock pat 
t ern in the vicinity of the orifices , the static- pressure error following 
the drop from the peak error will be slightly higher than that of the 
isol ated tube . I n this case , the static-pressure error will not return 
to that of the i solated tube until some higher Mach number has been 
r eached . 



NACA RM L57A09 13 

In reference 24 it was shown that, for slender bodies having similar 
nose shapes) the position errors below the critical Mach number of the 
body and the peak errors just prior to the shock passage can both be 
correlated by the use of parameters which include the length as well as 
the diameter of the body . The manner in which the data of reference 24 
correlate is shown in figure 19(b)) which includes a theoretical curve 
for a parabolic-arc body calcul ated on the basis of the linearized sub
sonic theory. For the bodies considered) the peak errors are about twice 
the subsonic errors . 

The calibration at transoni c speeds of a static-pressure tube ahead 
of the nose of the airplane of which body B of figure 19 was a model 
(ref. 25) is presented in figure 20. These data confirm the results of 
the model tests by showing (1) the rapid increase in the static-pressure 
error at Mach numbers near 1 . 0 ) and (2) the discontinuity which occurs 
in the cali bration when the fuselage bow wave passes the static-pressure 
orifices. The static-pressure errors of this airplane at values of M 
between 0.8 and 1.0 and those of a number of other airplanes with somewhat 
similar nose shapes (ref. 26) are plotted in figure 21 as a function of 
x/D. For a fuselage with a more elongated nose the static-pressure errors 
will) as shown in figure 22) be considerably lower (ref. 26). 

The calibrations of fuselage - nose installations up to low supersonic 
speeds i ndicate that after the body bow wave and any boundary-layer--shock 
interact i on have passed downstr eam of the orifices, the static-pressure 
error becomes that of the isolated tube and should remain at this value 
for all higher Mach numbers . That the static-pressure error remains 
small at higher supersonic speeds has been shown by calibration tests 
of a nose-boom installation on a free - flight rocket model. In this cali
bration) the error dropped to zero when the free-stream Mach number became 
supersonic and remained zero up to M = 4.5. 

Effect of angle of attack .- The variation of static-pressure error 
with angle of attack for a number of positions ahead of bodies of revo
lution was i nvestigated during the tests reported in reference 22. The 
results of these tests (fi g . 23) show the error to decrease with 
increasing angle of attack . The change in stati c-pressure error for a 
gi ven change i n angle of attack i s greatest near the nose and decreases 
with di st ance from the nose . At a distance of 1 diameter ahead of the 
nose ) the change i n stat i c -pressure error for a change in angle of att ack 
of 300 i s about 8 percent of q for the circular nose) and 2 percent 

c 
of for the elongated ogival nose . 

I n reference 27) t he posi t i on errors ahead of slender parabolic-arc 
bodi es of revolut i on at angles of attack were calculated on the basis 
of the subsoni c l i nearized theory . Comparison between the theoretical 
and measured val ues for a body of revolution with a fineness ratio of 6 at 
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a Mach number of 0 .2 showed the theory to be valid for distances greater 
than 0 . 5 body diameter ahead of the body and,for angles of attack less 
than 200 . 

The effect of angle of attack on the static-pressure errors of 
fuselage - nose installations on airplanes at low and high subsonic speeds 
(refs. 23 and 25) is presented in figure 24 . For lift coefficients up to 
0 . 5, the effect of angle of attack is negligible . At CL above 0.5 the 
stat ic-pressure errors of the installat i ons on airplane A decrease with 
increasing CL' However, for other combinations of fuselage -nose shape , 

boom length, orientation of orifices on static-pressure tube, and Mach 
number, the static -pressure error may increase at high angles of attack. 
(See ref. 26. ) 

Effect of nose inlet.- The position errors at various distances 
ahead of a body of revolution with a nose inlet were determined by wing
flow tests (ref. 24). The tests were conducted at transonic speeds and 
at ~ = 00

• The inlet velocity ratio varied from about 0.68 at M = 0.7 
to 0 . 57 at M = 1.0. The results of the tests (fig . 25(a)) show the same 
general variation of static -pressure error with Mach number as the instal
lati ons on sharp - no se bodies (fig. 19 (a)). The variation of the static
pressure error at subsonic speeds (M = 0 .7 ) with distance ahead of the 
body (fig. 25(b)) is also similar to that of the sharp-nose bodies. In 
other tests to determine the effect of inlet velOCity, it was found that 
the static-pressure error increased when the inlet velocity ratio 
decreased . 

Calibrations of nose -boom installations ahead of an airplane having 
a nose inlet (ref. 28) are given in figure 26 . For these tests the ori
fices were located at various distances along a boom extending from the 
upper lip of the inlet . The calibrations of these installations exhibit 
the same vari ation of static-pressure error with Mach number as an instal
lation ahead of a pointed- nose fuselage (fig. 20). The variation of the 
static-pressure errors with orifice location for a number of other air
planes with nose inlets i s shown in figure 27 for M = 0 .80 to 1.00. 

Static-Pressure Errors Ahead of Wings 

Prior to the passage of the shock over the static-pressure orifices , 
the position error at a given distance ahead of the wing of an airplane 
depends on the shape of the airfoil section, the maximum thickness of 
the a irfoil, the sweepback angle of the wing , and the spanwise location 
of the static-pressure tube . In order to avoid the influence of the 
fuselage and the wake of any propellers, static-pressure tubes are usually 
installed on the outboard span of the wing . The lengths of tubing between 
the static tube and the instruments, however , may create undesirable prob
lems in pressure lag. 
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Effect of location of orifices.- Calibrations of static-pressure 
installations at various distances ahead of the leading edge of the wing 
tip of an unswept-wing airplane were determined at low subsonic speeds 
in reference 23. The variation of static-pressure error of these instal
lations (at small angles of attack) with distance ahead of the wing, 
expressed as a multiple of the maximum wing thickness, is given in fig
ure 28. At x/t = 10 (or 1 chord length for a 10-percent-thick airfoil), 
the error is about 1 percent, and it decreases only slightly with 
increasing distance ahead of the wing. The static-pressure errors of 
wing-tip installations on nine other unswept-wing airplanes with similar 
airfoi~ sections are also plotted in figure 28. This variation of static
pressure error with distance ahead of a wing tip is similar to that ahead 
of a transverse stem shown in figures 4 and 5. 

Effect of Mach number (unswept wings).- The variation of static
pressure error with Mach number for a static-pressure tube located ahead 
of the wing tip of an unswept-wing airplane at transonic speeds (ref. 25) 
is presented in figure 29. The calibration of this installation is similar 
to that of the fuselage-nose installations up to the Mach number at which 
the discontinuity due to shock passage occurs. At this point, however, 
the error falls to a negative value and then, with increasing Mach number, 
begins to increase to positive values. The explanation for this behavior 
may best be illustrated by diagrams of the shock waves ahead of the air
plane (fig. 30). At a Mach number of about 1.03, the wing bow wave has 
passed the orifices, thus effectively isolating them from the pressure 
field of the wing. At this Mach number, the pressure at the orifices is 
influenced by the negative pressures around the rear portion of the ~se
lage nose, the effect of which extends outward along Mach :ines from the 
surface of the fuselage. As the Mach number increases, the Mach lines 
slant backward, and the orifices come under the influence of the positive 
pressures around the forward portion of the fuselage nose and behind the 
fuselage bow wave. At some higher Mach number, the fuselage bow wave will 
traverse the orifices, which will then be isolated from the flmT fields 
of both wing and fuselage. At this and all higher Mach numbers, the 
static-pressure error will, in the absence of any boundary-layer--shock 
interaction, be that of the tube itself. It should be noted that, when 
the wing or fuselage bow shock is in the vicinity of the static-pressure 
or~fices, the static-pressure error m~ vary considerably with angle of 
sideslip. For this reason a wing-tip installation at M > 1.0 is much 
more sensitive to angle of sideslip than a fuselage-nose installation. 

Effect of angle of attack (unswept wings).- The variation of static
pressure error with lift coefficient at low subsonic Mach numbers 
(0.1 to 0.36) for various distances ahead of the wing tip of an unswept
wing airplane (ref. 23) is given in figure 31. These data show that, 
for lift coefficients up to 0.7, the effect of angle of attack is small 
for distances of x/t = 4.2 or greater. At higher lift coefficients, 
however, the effect of angle of attack is appreciable even for values 
of x/t as large as 16.8. 
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The effect of angle of attack on the static -pressure errors of a 
wing-tip installation with x/t = 4.1 ( ref. 29 ) at higher subsonic speeds 
(up to M = 0.80 ) is presented in figure 32. For the range of CL 
covered by the tests, the curves show that, at Mach numbers between 
0 .30 and 0.60, the static-pressure error decreases with lift coefficient. 
At M = 0.70, the effect of angle of attack is negligible, and with 
increasing Mach number (up to M = 0.80), the static-pressure error 
increases with lift coefficient. 

Effect of Mach number (swept wings).- Calibrations of static-pressure 
tubes ahead of the wing tips of two swept-wing airplanes (refs. 30 and 31) 
are presented in figure 33. In one case the static-pressure tube was 
located 16t ahead of a 350 swept wing; in the other the tube was located 
8.4t ahead of a 400 swept wing. The calibrations of these installations 
differ from those of wing-tip installations on unswept wings i n that the 
static-pressure errors do not drop abruptly after the peak error is 
reached, but decrease toward zero at a more gradual rate. 

Effect of angle of attack (swept wings).- The variation of static
pressure error with normal-force coefficient for a wing-tip installation 
on a swept-wing airplane at transonic speeds (ref. 30) is presented in 
figure 34 . These data show that at M = 0.75 to 0.90 the static-pressure 
errors increase with angle of attack as in the case of the unswept-wing 
installation at M = 0.75 to 0 .80 (fig . 32). 

Static-Pressure Errors Ahead of Vertical Tail Fin 

Calibrations at transonic speeds of static-pressure tubes ahead of 
the tip of the vertical tail fins of two free-flight models are given in 
figure 35. One of these was a free-fall model of a canard airplane with 
the static-pressure orifices located 13.5t ahead of the tail fin. The 
other was a rocket-propelled model of an airplane configuration with the 
orifices 16 .7t ahead of the tail fin . Although the magnitudes of the 
errors of both the installations are open to question (because of uncer
tainties in the telemetered measurements), the curves may be accepted 
as an approximate indication of the type of static-pressure-error varia
tion to be expected for a vertical - tail-fin installation in the transonic 
speed range. 

Stat ic-Pressure Errors of Vents on Fuselage (Models) 

For the purpose of locating a fuselage static-pressure vent, the 
fuselage may, in a very general way, be likened to a static -pressure tube. 
As with the static-pressure tube, the pressure at a fuselage vent at zero 
angle of attack is determined by the axial location of the orifice along 
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the body. The pressure at a given point on the body may, of course, be 
modified by the blocking effect or the wake of any protuberances extending 
from the body . At angles of att ack other than 00 , the pressure at a fuse
lage vent is, as with the static-pressure tube , determined by the circum
ferential orientation of the orifice . 

Static-pressure vents have generally been located on opposite sides 
of the fuselage in order to minimize angle-of-sideslip effects. Cali
brations, at angles of sideslip , of a vent installation in which two vents 
were l ocated at approximately 670 and -670 on the bottom of a circular 
fuselage are reported in reference 32 . The results showed that at an 
angle of sideslip of 40 , the maximum angle reached in the tests, the 
static-pressure error varied by 0 . 2 percent of qc from the value at 

zero angle of sideslip . When the cross section of the fuselage is cir
cular, the orifi ces may also be located at approximately 300 and -300 

on the bottom of the body to minimi ze angle-of-attack effects. 

Because of the complex nature of the pressure distribution along 
the fuselage of an airplane, it is difficult to predict, with any degree 
of certainty, those locations where the static-pressure error will be 
mlnlffiUID . I t is customary, therefore , to make pressure-distribution tests 
in a wind tunnel with a detai led replica of the airplane, and to choose 
from the results a number of locations that appear prOmising for static
pressure vents . These locations are then calibrated on the full-scale 
airplane and the best location i s chosen for the operational installation. 
In reference 33, the calibrati ons of fuselage-vent installations on a 
number of a i rplanes are compared wi th comparable installations on wind
tunnel models of these airplanes . For the low speeds at which these tests 
were conducted (below 175 knots), the results showed that the errors of 
the airplane installations could be predicted from the model tests to 
within ±2 percent of q . c 

Effect of axial location of vents. - Pressure-distribution studies 
of a body of revolution (ref . 34) provide a generalized indication of 
the pressure variation which might be expected along the fuselage of an 
airplane or missile . Sample results of these tests, which were conducted 
with a body of revolution wi th a fineness ratio of 12 at transonic speeds 
and at a = 00 , are presented i n figure 36 . These curves show that for 
any given Mach number there are at least two axial locations, one on the 
forward portion and the other on the rearward portion of the fuselage, 
where the stati c -pressure error equals zero. It is evident, however, 
that these axial locations vary appreciably with Mach number. 

Pressur e -distri bution tests of prolate spheroids (with aspect ratios 
of 6 and 10) and of a typical transonic body are reported in reference 35. 
In these tests the pressures over the forward half of the bodies were 
measured at M = 0 . 3 to 0 . 95 and at a = 00 to 7.~. 
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Effect of Mach number.- The vari ation with Mach number of the static
pressure error of orifices at three axial locations along a body of revo
lution (ref. 34 ) is given in figure 37. These curves show t hat t he mag
nitude and variation of static-pressure error change considerably along 
the body. In contrast to most of the static-pressure-tube installa~ions, 
the variation of static-pressure error with Mach number for these v ent 
installations is comparatively irregular. These variations, it must be 
remembered, apply to a simple body without protuberances of any kind. 
For an actual flight vehicle with wings} tail surfaces, external stores, 
and so forth, the pressure variation with Mach number can be expected 
to be much more complex. 

The calibration of a vent on the cylindrical portion of the fuselage 
of a rocket-propelled model of an aircraft configuration at transonic 
and supersonic speeds is presented in figure 38. The single orifice was 
located on the top of the fuselage at 0.28 of the fuselage length behind 
the nose. 

Effect of circumferential location of vents.- The possibility of 
minimizing the effect of angle of attack by properly locating the orifices 
around the circumference of a fuselage was investigated in reference 36. 
This study was based on tests with a body of revolution of fineness 
ratio 12.2 at M = 1.59 and at angles of attack up to 360 (ref . 37). 
In this investigati on (ref. 37) complete circumferential pressure dis
tributions were obtai ned with orifices located at 12 stations along the 
body. The circumferential pressure distribution for an orifice located 
at the maximum- diameter stati on is given in figure 39 as a typical example 
of the resul ts obtai ned . From these curves it would appear that the 
optimum locat i on for static-pressure vents at this station would be 
about ±400 from the bottom of the body. For this orientation of the 
orifices, the st atic-pressure error remai ns withi n about 1/2 percent 
of qc of the value at a = 00 ( - 3 pe rcent of q) for angles of attack 
up to 200 • For the other axial locations tested, the optimum circumfer
ential location and the range of angle of attack over which the error 
remained small differed from those at the maximum-diameter station. 

Static-Pressure Errors of Vents on Fuselage (Airplane) 

An example of the type of cal i bration which may be expected for 
a static-pressure -vent inst allat i on at transonic speeds (ref . 30) is 
given in f i gure 40(a) . The static-pressure vents of thi s installation 
were on each s i de of the nose of a jet fighter with a nose inlet and 350 
swept wi ngs . The calibrati on of thi s installation showed the static
pressure error to change ab ruptly at a Mach number of about 0 . 98. This 
abrupt change is believed to be caused by passage of shock waves, which 
form in the local supersonic f l ow field around the nose of the fuselage, 
over the vents. The fact that the variations occur over a range of Mach 
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number (0.97 to 0.99) is probably due to asymmetry of the shock waves 
on each side of the fuselage which results from variations in angle of 
sideslip. 

The effect of angle of attack on a fuselage vent (ref. 30) is shown 
in figure 40(b). At a Mach number of 0.75, the error begins to vary with 
normal -force coefficient at values of eN above 0.3. At the higher Mach 

numbers (M = 0.95) the effect of normal-force coefficient becomes evident 
at values of CN below 0.1. In comparison with the data of fuselage-

nose and wing-tip boom systems on the same airplane (ref. 30), the 
fuselage-vent installation was shown to be affected to a much greater 
extent by angle of attack. 

Vent Configuration 

The pressure registered by a fuselage static-pressure vent depends 
not only on its location on the fuselage but also on any protuberances 
or skin- contour variations in the vicinity of the orifice. The error 
of a vent installed on a pressurized fuselage may also change if the 
skin on which the vent is mounted flexes with pressurization. 

t-1odel tests of the effect of protuberances in the vicinity of a 
vent, waviness of the skin, and proximity of rivets are reported in 
reference 38. The results of these tests showed that relatively small 
imperfections in the surface surrounding the orifice can produce sizable 
changes in the position error. Sample data showing the effect of pro
tlwerances and skin waviness on the pressure of a 0.23-inch-diameter 
orifice at a speed of 175 knots are presented in figure 41. 

For some fuselage -vent installations, specially designed protuber
ances have been installed near the vents in an attempt to compensate for 
the position errors at the vent location. Tests of several types of pro
tuberances and indentations intended as aerodynamic compensators for fuse 
lage vents are reported in reference 39· 

Conversion Factors 

The static-pressure errors in this report have in most cases been 
expressed as a fraction of the impact pressure q. The errors are some

c 
times expressed in other nondimensional forms such as 6p/p or 
For the convenience of the reader, a chart for converting 6p/qc 

is given in figure 42 . Charts from reference 40 for converting 
6p/q and 6p/p to L'lr.1jM are presented in figure 43. 

c 

61Y1jM. 
to 6p/p 
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COMPARISON OF INSTALLATIONS 

As stated earlier) the choice of type and l ocation of the static
pressure tabe or vent depends on a number of factors . I f the magnitude 
of the static-pressure error is the prime cons i deration) the selecti on 
will depend largely on the configuration of the aircraft and the speed 
range through which it is expected to operate . 

A comparison of the calibrations of the various installati ons pre
sented in this report indicates that , for an airplane designed to fly 
at supersonic speeds , a static -pressure tube l ocated ahead of the fuselage 
nose will) in general ) be the most desirable installation . This selection 
is based on the fact that the cal i bration has only one discontinui ty 
(when the fuselage bow wave passes the orifices) and that at higher super
sonic speeds the error will, for the usual case ) be that of the isolated 
tube . I n addition, the sensit ivity of this installation to angle of 
sideslip at super sonic speeds will be that of the isolated tube . At 
subsonic and transonic speeds , the errors at a gi ven distance ahead of 
the nose (in terms of fuselage diruneters) depends on the shape of the 
nose sect i on . As these errors decrease with increas ing fineness ratio 
of the nose sect i on) the static -pressure error of an installation ahead 
of a fuselage with a long pointed nose will be comparat ively small through
out the speed range . An illustration of this fact may b e seen from the 
calibration in f i gure 22 . For installations ahead of blunter fuselage 
nose sect i ons ) the errors at subsonic and transonic speeds will b e con
siderably higher . 

If the oper ati ng range of the ai rplane i s confined to speeds below 
sonic ) a stat ic - pressure tube ahead of the wing tip may) for some a i rplane 
configurat i ons ) prove more satisfactory than a fuselage-nose installation . 
At equal distances ahead of the wing and fuselage nose ) for example) the 
stat ic-pressure error (at subsonic speeds) of the wi ng- tip installation 
will ordinarily be smaller than that of the fuselage - nose installation . 
The relat i ve magnitudes of the err ors of the two installations will ) of 
course) depend on the r elative values of the wi ng thickness and fuselage 
d i ameter and on the shape of the fuselage - nose sect i on. 

At speeds above sonic) a wi ng- tip i nstallation will generally be 
less desirable than a fuselage - nose installation because of the rel atively 
high sensi tivi ty of the wi ng- tip installation to angle of sideslip , par
ticularly at the t1ach numbers at which the wing or fusel age shock waves 
are near the static -pressure orifices . In addi tion) the calibrations of 
wing- tip i nstallati ons at super sonic speeds are mor e difficult to apply 
because of the two di scontinui ties which occur when the wing and fuselage 
bow waves pass the orifices . 
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For operation in the subsonic speed range, a static-pressure-tube 
installation ahead of a vertical tail fin may, for some configurations, 
offer certain advantages . In comparison with a wing-tip installation, 
for example , the thinner sect i ons of vertical tail fins permit the use 
of shorter booms to achieve an equivalent static-pressure error. Because 
of the complex nature of the shock waves which form on the wing and fuse 
lage, however, i t would appear advisable to limit the use of vertical
tail - fin installations to Mach numbers below approximately 0.8. 

Subsonic calibrations of numerous fuselage -vent installations on 
airplanes (not included in this report) have demonstrated that acceptable 
static-pressure errors can be obtai ned through a Mach number range up 
to about 0.8 . The model tests presented in figure 37, however, showed 
irregular variations of static-pressure error with Mach number at tran
sonic speeds . Furthermore, if the vents are near the fuselage nose, the 
static-pressure errors , as shown on figure 40, are apt to fluctuate errat 
ically because of variations in angle of sideslip. It may be concluded, 
therefore , that fusel age vents, properly l ocated and installed, may pro 
vide sat i sfactory calibrations at subsonic speeds up to M = 0.8. 

FLIGHT CALIBRATION HETHODS 

The calibration of an airspeed i nstallation is usually accomplished 
by determi ni ng the errors in the pitot and static systems independently . 
The pitot system can b e calibrated quite simply by comparison with a free
swiveling total-pressure tube or a shielded tube (of the type described 
in ref . 2) installed on the test airplane. The total-pressure error of 
the system being calibrated can be determined with a high degree of accu
racy, s ince the difference between the total pressures of the two tubes 
can be measured directly with a differential pressure indicator or 
recorder . 

The calibration of the static-pressure system may be performed by 
anyone of a number of nethods of varying degrees of complexity and 
accuracy . The choice of the calibration method will , in general, depend 
on the instrumentati on available , the accuracy required, and the ranges 
of speed and lift coefficient over which the airplane is to be calibrated . 
As the procedure and instrumentation of most of the methods is quite 
involved, only a general description of each of the methods will be given 
here . Detailed informat i on may be obtained by reference to the original 
reports . 
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Speed-Course Method 

In the speed-course method, the true airspeed of the airplane is 
determined by measuring the time required for the airplane to fly at 
constant speed and constant altitude between two landmarks (ref. 41). 
The effects of winds must be accounted for either by direct measurement 
or by elimination (by flying a triangular course or by flying in opposite 
directions along a straight-line course). The static-pressure error is 
determined by comparing the measured indicated airspeed with the correct 
indicated air speed (as computed from the measured true speed). The 
method is limited to speeds above the stall region and to the maximum 
speed of the airplane in level flight. The accuracy of the method is 
largely dependent on the accuracy of the measurement of time, the con
stancy of the wind speed, and the degree to which constant airspeed is 
maintained throughout the test. 

Trailing-Static-Tube Method 

The static pressure of the static-pressure installation is compared 
directly with free - stream static pressure as measured by a static-pressure 
tube suspended on a long cable below the airplane (ref. 42). The cable 
must, of course, be long enough to place the trailing tube at a distance 
below the airplane where the pressure is approximately ambient. In refer
ence 42, it was shown that the cable length should be approximately 

l~ to 2 wing spans. The advantage of this calibration method is that 

the calibration can be conducted at altitude and at speeds down to the 
stall. The maximum speed at which the tests may be conducted is limited 
by the speed at which the trailing tube encounters instability. The 
unstable motions of the towed body which develop above this limiting 
airspeed have been attributed to cable oscillations which originate near 
the airplane and are amplified by aerodynamic forces as they travel down 
the cable (ref. 43). S~ple trailing tubes which depend on the weight 
of the body to keep them below the airplane have a maximum usable speed 
of approximately 11 = 0.4. A more complex trailing tube with wings set 
at a negative angle of incidence to keep it below the airplane has been 
towed to a Mach number of 0.85 (ref. 29). The accuracy which can be 
achieved by this method is relatively high because the difference between 
the system and free - stream pressures can be measured directly with a dif
ferential pressure instrument. 

Aneroid Method 

Basically, the aneroid method consists in measuring the static 
pressure developed by the static-pressure system of the airplane at a 
known height and measuring the free-stream static pressure at the same 
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height. The static-pressure error of the installation is then determined 
as the difference between these two pressures. The pressure developed 
by the static-pressure tube may be measured either with an absolute
pressure gage or with an altimeter. The measurement of the reference 
height and of the free-stream static pressure at this height may be accom
plished by anyone of a variety of methods to be described. 

Reference landmark.- The simplest form of the aneroid method is that 
in which the reference height is established as the top of a tall tower 
or building of known height (ref. 44). The free-stream static pressure 
at the reference height may be determined directly with an absolute
pressure gage or altimeter located at the top of the landmark. This 
measurement may also be determined by measuring the atmospheric pressure 
and temperature at the ground and computing the pressure at the reference 
height on the basis of the standard lapse rate. The flight calibration 
procedure consists in measuring the static pressure of the airplane instal
lation as the airplane flies past the landmark in level flight at constant 
speed. Any deviations in the height of the airplane above or below the 
reference height may be determined either by visual observation or by 
photographing the airplane from the landmark. The speed range of the 
calibration is limited to speeds above the stall and below the maximum 
level-flight speed of the airplane. Because of the ease and precision 
with which the reference height and the free-stream static pressure can 
be measured, the static-pressure error of the installation may be deter
mined with a relatively high degree of accuracy. The principal disad
vantages of this method are the fact that the calibration is limited to 
level-flight speeds and the hazards involved in flying the airplane near 
the ground. 

Photographic.- The height of the airplane may be determined either 
by photographing the airplane as it passes over a camera directed verti
cally upward from the ground or by photographing reference landmarks on 
the ground with a camera pointed vertically downward from the airplane. 
In either case, the height of the airplane is calculated from the focal 
length of the canera and a comparison of the size of the image on the 
film with the true dimensions of the object. For accurate measurements, 
corrections nu!:;t be applied for any deviations of the airplane from zero 
angle of bank. The free-stream static pressure at the reference height 
is cOr.lputed by using the standard lapse rate and measurements of pressure 
and tenperature at the ground. Because the accuracy of the determination 
of free - stream static pressure by means of these computations decreases 
as the altitude of the airplane is increased, it may be advisable in some 
cases to determine the stream pressure by flying the airplane at a speed 
for which the installation has been previously calibrated by another 
nethod, for example, the reference-landmark nethod. 

The calibration procedure consists in flying the airplane at constant 
speed and altitude over the ground station. Although the speed range of 
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the calibration is the same as that of the reference-landmark method, 
this method is less hazardous because the tests can be conducted at 
higher altitudes . In one application of this method, satisfactory 
calibrations have b een made at heights of 300 to 800 feet (ref. 45)· 
An attempt to use the method at much higher altitudes (25,000 to 
30,000 feet) did not prove very successful (ref . 46). 

Geometric .- In the fir st of two forms of the geometric method 
(described in ref . 47 ) , the height of the airplane is determined by 
flying the airplane at constant speed and altitude over a predetermined 
ground course such as a line down a runway, and in measuring the elevation 
angle of the airplane from a ground station that is a known distance from 
the ground course. For best results, the distance of the ground station 
from the ground course should be about the same as the height at which 
the airplane is expected to f ly . The elevation angle of the a irplane 
may be determined with either a visual indicator (sighting stand of 
ref . 47) or a phototheodolite . Lateral deviations of the fl i ght path 
of the airplane from the ground course must be estimated and corrected. 

A second, and more accurate, form of this method involves the deter
minat ion of the elevation angle of the airplane from two gr ound stations 
located a known distance apart and preferably an equal distance on each 
side of the ground course (ref. 47)· This method has an advantage in 
that the flight path of the airplane may deviate from the ground course 
without affecting the accuracy of the height measurement . In either of 
these methods the free - stream static pressure at the reference height 
is calculated by using the standard lapse rate and measurements of pres
sure and temperature at some reference point on the ground, or it is 
measured by flying the airplane at a speed f or which the calibration has 
been determi ned by other means . 

Reference airp l ane .- The reference height may be established by 
another airplane flying at a low and constant speed and at constant 
pressure altitude (refs . 44 and 48). The static-pressure system of the 
reference airplane must have been previously calibrated for the speed 
at which it is flown in order to determine the free-stream static pres
sure at the reference height. The test airplane is then flown at a 
series of constant speeds past the reference airplane . Corrections for 
any differences between the height of the two airplanes can be determined 
most accurately by photographing the test a irplane as it flies past the 
reference a irplane . 

Radar phototheodolite. - In another form of the aneroid method, the 
height of the airplane i s calculated from the slant range and el evation 
angle of the airplane as measured by a radar-phototheodolite assembly 
located at a ground station (ref. 40). The radar antenna is directed 
at the test airplane by a separate optical tracking unit operated through 
a servo system. The radar-phototheodolite assembly consists of a radar 
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unit which has been modified by the addition of (1) an elevation scale 
on the radar antenna and a camera to photograph this scale and (2) a 
camera with a long-focal-length l ens mounted at the center of, and bore
sighted with, the radar antenna. The scale camera provides a measure 
of the elevation angle of the opt ical axis of the antenna camera, and 
the antenna camera provides a means of correcting for any deviations 
of the position of the a irplane from the optical axis of the antenna 
camera . A third camera is installed in the radar unit to photograph 
the range scope. The three cameras, together with the pressure-recording 
instruments in the airpl ane , are all synchronized by means of radio time 
signals transmitted from the airplane. 

As this method permits calibrations of the airplane in dives and 
maneuvers as well as in level flight, the tests are usually conducted 
over a range of altitude. The free-stream static pressure at the ref
erence altitudes must, therefore, be determined by measuring the variation 
of pressure with height over the test altitude range. This variation 
of pressure with height may be determined by any of the following methods: 

(1) The test airplane is tracked by the radar phototheodolite as 
the airplane climbs through the test altitude range at a low, constant 
speed for which the static-pressure error has been determined by other 
means . The airplane is then flown through the same atmosphere at the 
higher speeds at which the installation i s to be calibrated. For best 
results it i s advisable to repeat the survey after the calibration runs 
have been made . 

(2) For cases in which the airplane cannot be flown through the 
test altitude range at flight conditions (Mach number and lift coef
fic i ent) for which the calibration i s known, the free-stream static 
pressure at one height (as measured by the radar phototheodolite) is 
first determined for one flight condition for which the static-pressure 
error is known (ref. 49) . The a irplane is then tracked by radar at other 
speeds through the test altitude range. From measurements of temperature 
and pressure during this ascent , the pressure P2 at any given height h2 

may be determined by means of the following equation: 

where 

altitude 

(~ir ~ 1 - n [2(~J 
1 

1 + )' - 1 K(M' )2 
2 
RT' 

dh 

is the free - stream pressure at the start of the test (at 

hl ) , p' and T' are the measured pressure and temperature 

( 1) 

at altitude h, and M' is the Mach number determined from the measured 
total pressure and the static pressure p'. The value of n depends 
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on the temperature recovery factor K of the thermometer and on the 

Mach number. For K = 1, a value of n of / - 1 (or 0.286) gives r 
satisfactory results at subsonic and low supersonic speeds. Computations 
of n for other values of K and M are given in reference 49. 

(3) A radiosonde transmitting pressure measurements is tracked by 
the radar phototheodolite through the test altitude range (ref . 50). 
The calibration tests of refer ence 50 indicated that the static-pressure 
measurements from the radiosonde were not sufficiently accurate to estab
lish the static-pressure error of the installation to the required 
accuracy . 

(4) The variation of pressure with height at the test altitudt s is 
computed from measurements of temperature and pressure transmitt,ed f rom 
a radiosonde (ref. 50 ). The he i ght at any given pressure level may be 
computed from the equation 

h = -lh RT dp 
o P 

( 2) 

where p and T are simultaneous radiosonde measurements . This equation 
indicates that an error in static pressure results in an error in altitude 
of opposite sign . Therefore, in a plot of pressure against altitude, the 
error in altitude tends to compensate for the error i n static pressure. 
As a consequence , the variation of static pressure with altitude obtained 
by this method wi ll be closer to the actual variation than that obtained 
when the static pressure is measured by the radiosonde and the height 
of the radiosonde is measured by a radar theodolite. 

Radio altimeter .- The r~ference height is determined by means of 
a radio altimeter installed in the airplane (ref . 51) . The variation 
of free - stream static pressure wi th height is first determined by flying 
the airplane through the test alt i tude range at a low constant speed for 
which the static-pressure error is known . The calibration tests are then 
performed through the same atmosphere, the height of the airplane being 
measured by the r adi o altimeter . 

Like the radar- phototheodo1ite method, this method allows the cali
brations t o be conducted at high altitude . The i nstrumentation required 
for this method, however , is much simpler and has the advantage of being 
entirely contained within the airplane . The method has the di sadvantage 
of requi ring a level ground- reference plane, and thus it is restricted 
to fl i ght over a large b ody of water . From the tests reported in ref
erence 51, the accuracy of this method was f ound to be of the same order 
as that of the radar -phototheodolite method . Another evaluation of this 
method is reported in reference 52 . 
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Accelerometer.- In the accelerometer method (ref. 49), the free
stream static pressure at a given height is determined by flying the 
airplane in level flight at a speed for which the static-pressure error 
has previously been determined by another method. The airplane is then 
flown in level flight or i n vertical-plane maneuvers at the higher speeds 
for which a calibration is desired. From measurements of normal and 
longitudinal accelerat i on and the attitude angle of the airplane, a 
calculation is made of the vertical velocity which, when integrated, 
provides a measure of the change in height. The height increment is 
then combined with temperature measurements to determine the variation 
of free - stream static pressure with height during the calibration run. 
An evaluation of this method (ref. 49 ) as compared with the radar
phototheodolite method showed the accuracy of the two methods to be 
comparable. 

Radar-Temperature Method 

In the radar-temperature method ( ref. 50), the variation of ambient 
temperature with height is first determined by (1) tracking a radiosonde 
( transmitting temperature measurements) with a radar phototheodolite or 
(2) computing the height of the radiosonde from equation (2) using values 
of pressure and temperature transmitted from the radiosonde. The test air
plane is then tracked by the theodolite as the airplane is flown through 
the atmosphere surveyed . During the calibration runs continuous measure
ments are made of the total temperature developed by a probe on the air 
plane . From a knowledge of the total temperature T' and the ambient 
temperature T at a given he i ght, the true Mach number at this height 
may be determined from the equation 

T' 2 - = 1 + 0 . 2KM 
T 

From a comparison of t he true Mach number with the Mach number measured 
by the airplane installation at this height, the static-pressure error 
may be calculated. The accuracy which may be obtained with this method 
is discussed in reference 50 . 

Temperature Method 

This method is based on the assumption that the temperature and 
pres sure at a given point in the atmosphere remains unchanged over a 
short period of time. The method, as described in reference 53, con
sists in measuring the temperature, static pressure, and total pressure 
from the airplane as it is flown through the test altitude range at a 
speed for which the calibration is known. This survey establishes the 
relation between the ambient temperature and the free-stream static 
pressure. The airplane is then flown through the altitude range surveyed, 
and the same measurements are repeated. The values of the indicated 
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temperature and total pressure at a g i ven instant in the calibration run, 
together with the temperature recovery factor of the thermometer, define 
the relation between the ambient temperature and the indicated static 
pressure at that instant. From a comparison of this temperature with the 
temperature -pressure variation determined in the survey, the free - stream 
static pressure at that instant is determined. The static-pressure error 
is then f ound as the difference b etween the indicated and free-stream 
static pressures. Although the instrumentation required for this method 
is comparatively simpl e , the measurement of temperature must be very 
preci se . The accuracy which may be obtained with this method was deter
mined in the tests reported in r efer ence 54 . 

Formation-Fli ght Method 

In the formation - flight method, the test airplane i s flown in for
mat ion with another airplane that has a calibrated airspeed system. The 
static-pressure error may be determined by comparing either the altimeter 
or the airspeed indi cator readings of the two aircraft. If airspeed 
readings are compared, the errors, if any, i n the total-pressure systems 
of the two airplanes must be taken into account. This method is limited 
to the alt i tude and speed capabilities of the reference airplane. An 
evaluati on of the accuracy which may be achieved with this method at 
speeds between 200 and 400 knots is reported in refer ence 55 · 

CONCLUDI NG REMARKS 

From a comparison of the calibrations of four types of static
pressure-measuring i nstallations (fuselage nose, wing- tip, vertical 
tail fin, and fuselage vent) the following conclusions may be drawn: 

1 . For an airplane designed to operate at supersonic speeds, 
a static -pressure tube located ahead of the fuselage nose will, in 
general , be the most desirable installation . 

2 . I f the operating range is confined to speeds below sonic, a 
stat ic -pressure tube located ahead of the wing tip may, for some airplane 
confi gurations, prove more sat i sfactory than a fuselage - nose installation. 

3. For operation at Mach numbers below 0 . 8, a static- pressure tube 
ahead of the vert ical tail fin or fus el age vents, properly located and 
installed, should prove satisfactory. 

Langley Aer onautical Laboratory, 
lTational Advisory Committee for Aeronaut ics, 

Langley Fie ld, Va . , December 17, 1956 . 
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Figure 1.- Theoretical pressure distribution along cylindrical bodies 
(subsonic data f r om r ef. 5). 
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Figure 2 . - Experimental pressure distribution along static-pressure tubes 
(refs . 6, 7, and 8). 
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an unsymmetrical orifice arrangement (ref. 17). 
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Figure 42 .- Chart of converting tp/qc to tp/p (based on calculations 
in ref. 40). 
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Fi gure 43 .- Chart for converting Dp/qc or Dp/p to tM/M. At M> 1 
the value of ~ includes l oss through normal shock (ref . 40) . 
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