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RESEARCH MEMORANDUM 

EFFECT OF CONTROL TRAILING-EDGE THICKNESS OR ASPECT 

RATIO ON THE OSCILLATING HINGE-MOMENT AND 

FLUTTER CHARACTERISTICS OF A FLAP-TYPE 

CONTROL AT TRANSONIC SPEEDS 

By William C. Moseley) Jr.) and Robert F. Thompson 

SUMMARY 

Free-oscillation tests were made in the Langley high-speed 7- by 
10- foot tunnel to determine the effect of control trailing-edge thick
ness and control aspect ratio on the dynamic hinge-moment characteristics 
of a trailing-edge) flap - type control . The semispan-wing--control model 
had an aspect ratio of 1 .80) a taper ratio of 0.74) 00 sweep of the 
0.40-chord line) and a modified NACA 64A004 airfoil section. The total 
control chord was 30 percent of the wing chord) and the controls were 
hinged at the 0 .778 wing- chord line. Tests at Mach numbers from 0.60 
to 1.01 were made for a range of oscillation reduced frequency at an 
angle of attack of 00 • 

Aerodynamic damping in the control rotational mode was unstable for 
the original or basic control configuration previously investigated. 
Results of the present investigation indicate that either increases in 
control trailing-edge thickness or decreases in control aspect ratio had 
a beneficial or stabilizing effect on the control aerodynamic damping. 
The variation of the aerodynamic damping derivative with oscillation 
ampl i tude was generally nonlinear and the amplitude over which the 
damping was stable increased with increasing trailing-edge thickness or 
decreasing aspect ratio. The one-degree-of-freedom control-surface 
flutter of the model could be eliminated for all test conditions by 
proper choice of control trailing-edge thickness or control aspect ratio. 
Oscillating the control had only small effects on the aerodynamic in-phase 
or spring-moment derivatives for the test range of control parameters . 
The magnitude of the variation in spring- moment derivative with Mach num
ber at transonic speeds was decreased by increasing the control trailing
edge thickness or decreasing the control aspect ratio. The effect of 
control aspect ratio on the dynamic hinge-moment derivatives is in qual
itative agreement with existing unsteady flow theory . 
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Oscillatory hinge - moment data on flap - type controls are needed in 
flutter and servo- control analyses . These data a r e of particular inter
est at transonic speeds where pr evious work has shown that the aero
dynamic damping in the control rotational mode is often unstable. A 
single - degree - of- freedom control- surface flutter (often called "buzz") 
can exist if this unstable aerodynamic damping exceeds the stable damping 
from nonaerodynamic sources. The addition of sufficient nonaerodynamic 
damping to the control system to prevent flutter generally results in 
mechanical complexities and it would therefore be desirable to stabilize 
the control aerodynamic moments by some choice in geometric shape if con
trol effi ciency can be maintained. 

The investigations reported in references 1 to 3 were made on an 
unswept wing- control model to study the effects of control hinge- line 
position and some control- profile modifications on the control oscil
lating hinge moments . From these investigations, it was determined that 
some beneficial effect on the control aerodynamic damping at transonic 
speeds was obtained with a control profile, wherein the control was 
thicker at the trailing edge than at the hinge line. 

The present investigat ion is essentially a continuation of the work 
reported in r efer ences 1 to 3 . The same wing-control model was used and 
two groups of tests were made . One part of the investigation was to study 
control-profile effects, wherein the controls tested had trailing edges 
t hicker than the control previously reported in reference 3 . A second 
par t of the investigation provi ded information on control-aspect-~atio 
e ffects, wherein conventional-profile controls were tested and the con
trol span was reduced relative to that of the controls previously investi
gated by cutting off the outboard por tion of the control . The effects 
of control aspect ratio were considered of interest, since theoretical 
results reported in references 4, 5, and 6 indicate that reducing the 
aspect r atio has a stabili zing effect on the damping due to harmonic 
oscill at ions in pitch of rectangular surfaces (wings and ailerons ) at 
high transonic and supersonic speeds . I t should be pointed out, however, 
that the aspect -ratio modificat i on to the present control introduces con
t rol spanwise position as a test variable in addition to the changes in 
control aspect r at i o . 

A f r ee - oscillat ion- test technique was used and oscillating hinge 
moments were determined at an angle of attack of 0 0 for the following 
conditions : a r ange of control reduced frequencies, oscillation ampli 
tudes up to 130 , and a Mach number r ange from 0 .60 t o 1.01. For cases 
where contr ol flutter occurred, flutter amplitudes and frequency were 
determined . I n addition, static hinge moments were obtained for all 
control s . 
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SYMBOLS 

control aspect ratio (control span s~uared divided by total 
control area) 

twice span of semispan model, ft 

local wing chord, ft 

local control chord (distance from hinge line r earward to 
trailing edge of control), ft 

local balance chord (distance from hinge line forward to 
leading edge of control), ft 

total local control chord, (Cb + ca ), ft 

control hinge-moment coefficient, Hinge moment 
2M'~ 

per radian Real part of Me 
2M '~ 

I maginary part of 

the subscript w indicates 
an oscillatory coefficient 

2M' ~k 
per radian 

fre~uency of control oscillation, cps 

control wind- off natural fre~uency, cps 

moment of inertia of control system, slug-ft2 

control reduced fre~uency 

span of control 

WCt 
2V ' where is taken at mid-

effective test Mach number over span of model, 

2 Jb/2 
- c~ dy 
Sl 0 

average chordwise local Mach number 
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area moment of control area rearward of and about hinge 

line} cu ft 

aerodynamic hinge moment on control per unit deflection} 
positive trailing edge down} ft- lb/radian 

free-stream dynamic pressure} lb/sQ ft 

twice wing area of semispan model} sQ ft 

free - stream velocity} ft/sec 

spanwise distance from plane of symmetry} ft 

control-surface deflection} measured in a plane perpendicular 
to control- surface hinge line} positive when control-surface 
trailing edge is below wing-chord plane} radians except as 
noted otherwise 

amplitude of control oscillation} degrees to each side of 
mean control deflection 

logarithmic decrement} 
d(log 01) per second 

d(time) } 

control trailing-edge angle (included between sides which 
form trailing edge)} deg 

angular freQuency of oscillation} 2~f} radians/sec 

MODEL AND APPARATUS 

The model consisted of a semispan wing with tip store, a trailing
edge flap - type control, and a control- system spring-deflector mechanism. 
A schematic drawing of the test installation is shown in figure 1, and 
general dimensions of the model with various controls tested are given 
in figure 2. A photograph showing the general test installation in the 
tunnel is shown as figure 3 . The control system was designed so that 
its moment of inertia could be varied in order to measure the dynamic 
hinge moments and flutter characteristics for a range of control reduced 
freQuency. 

CONFIDENTIAL 



· • NACA RM L5BB25 • • 
• • • · 

• • • • • • •• • • • 

•• • •• • •• • •• • • • ~ONF:tD~ ·0. 
• • ••• • • • ... ..... . •.. . .. 

Wing Details 

• • • .... ••• • • • • • • • • • • • • • • • • • • • • • • • • • • • • • 5 
• • • • • •• • • • • • • • 

The wing had a full - span aspect ratio of 1 . Bo) a taper ratio of 0.74) 
00 sweep of the 0 .40 chord line) and an NACA 64A004 airfoil section with 
a modified trailing edge . The portion of the wing rearward of the 
0.70 chord line was modified so that the trailing edge had a thickness 
e~ual to 0 .0036c. This modification was included for the present tests 
to provide consistency with the models tested in references 1 to 3. 

The wing was constructed with a solid steel core and a plastic sur
face. All tests were made with a tip store attached to the wing) and 
stores of different weight were used to vary the wing natural frequencies. 
The natural first bending and torsion fre~uencies of the wing with the 
two tip stores are given in table I . These fre~uencies were obtained 
with the control system spring clamped as shown in figure 1. 

Control- System Details 

The flap - type controls had a total chord Ct e~ual to 30 percent 

of the wing chord and were hinged at the 0.778 wing-chord line. The 
controls had a 0.35ca blunt- overhang balance and the gap between the 

control and the wing was unsealed . The thickened trailing-edge controls 
(fig . 2(a)) extended from the 0.086b/2 wing station to the 0.943b/2 wing 
station. These controls) which are referred to as "wedge controls)" had 
straight sides from the nose radius to the trailing edge. The included 
angle ¢ between the upper and lower surface was 6 . 50 for one wedge and 
100 for the other . The controls had a steel spar and a spruce afterportion. 
In order to mass balance the controls) tungsten inserts were distributed in 
the nose overhang and the entire control surface was wrapped with silk. 

The reduced-aspect-ratio controls (fig. 2(b)) extended from the 
0.086b/2 wing station to either the 0 .692b/2 wing station or the 
0.433b/2 wing station. These controls were made of steel and the con
trol profile was mainly determined by the model airfoil section. In 
addition to the tungsten inserts it was necessary to drill holes rear
ward of the hinge line in order to mass balance the steel controls com
pletely . These holes were filled with balsa before the control was 
covered with silk . 

A tang on the inboard end of the control extended through the reflec 
tion plane to the outside of the tunnel (fig. 1). The tang extension 
consisted of a rod and a torsion spring. The control was mounted by 
two ball bearings outside the tunnel and a plain bearing at the wing 
tip. System alinement was carefully checked t o keep friction to a mini 
mum. Attached to the rod were a small armature of a reluctance-type 
pickup used to indicate control position and a deflector arm used to 
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apply a step deflection to the control system. The natural frequency 
of the control system was varied by changing the moment of inertia of 
the control system by clamping weights of different size and inertia to 
the rod . The moments of inertia of the control system for the controls 
tested are given in table II. The variation of control-system stiffness 
and the wind- off natural frequencies are given in figure 4 for the vari
ous controls. 

Instrumentation 

Strain gages were located near the root of the wing to indicate the 
wing bending and torsion responses . Control position was measured by the 
reluctance - type pickup located near the inboard end of the control . (See 
sketch in fig. 4 .) Outputs of these three quantities were recorded against 
time by a recording oscillograph. Dynamic calibration of the recording 
system indicated accurate response to a frequency of about 500 cycles per 
second . 

TESTS 

The tests were made in the Langley high-speed 7- by 10-foot tunnel 
utilizing the sidewall reflection-plane test technique . This technique 
involves mounting a relatively small model on a reflection plate spaced 
out from the tunnel wall to bypass the tunnel boundary layer. Local 
velocities over the surface of the test reflection plate allowed testing 
to a Mach number of 1.01 without choking the tunnel. The tunnel stagna
tion pressure was essentially equal to sea-level atmospheric pressure. 

The variation of Reynolds number based on the wing mean aerodynamic 
chord with test Mach number is presented in figure 5. The width of the 
band in figure 5 represents the maximum variation of Reynolds number with 
atmospheric condition at a given Mach number. 

Oscillating hinge moments were obtained for the controls through a 
Mach number range of 0 .60 to 1.01 for oscillation amplitudes up to 
about 130

• The range of control reduced frequency k varied with Mach 
number and control- system inertia and was generally in the range from 
0.05 to 0. 20 . In addition, static hinge moments were obtained for all 
controls . All tests were made at a wing angle of attack of 00 • 

TEST TECHNI QUE AND REDUCTION OF DATA 

The control system was designed so that at the test frequencies the 
torsional response of the control about the hinge line was essentially 
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that of a single-degree-of- freedom system . The wing response character
istics were varied relative to the control oscillation frequency by the 
choice of tip- store weight so that the physical response of the model 
for the various test conditions was predominantly control rotation. There
fore, the aerodynamic moment resulting from angular deflection of the con
trol about the hinge line could be determined from the free-oscillation 
characteristics of the control system subsequent to known starting condi
tions. Typical oscillograph records of the time response of the model 
are shown in figure 6. In this figure, the wing motions indicated are 
small relative to the control motions . The mean oscillation amplitude 
for this investigation was very near 00 deflection in all cases. 

The technique used to initiate the free oscillations depended on 
the total damping (aerodynamic plus nonaerodynamic) of the control system 
for the particular test condition . When the total damping was unstable 
at low deflections, the hinge moments were determined from the unstable 
oscillation following release of the control at 5 ~ 00 (fig.6(c)). 
This type of oscillation was initiated by random tunnel disturbances and 
in all cases tested was self- limiting . When the total damping was stable 
or varied from stable to unstable within the test oscillation-amplitude 
range, the free oscillation was initiated by releasing the control at 
some deflection angle (figs. 6(a) and (b)). The ensuing oscillation was 
either a buildup or a decay, and, for the conditions where the damping 
varied from stable to unstable, the initial deflection or release angle 
was varied so as to study the entire oscillation-amplitude range. 

Evaluation of Spring Moments 

The aerodynamic in-phase or spring moment was det ermined from the 
natural frequency of oscillation of the control system. Since the varia
tion of in-phase moment with amplitude is not necessarily linear and the 
test method was not sufficiently accurate to determine the variation in 
natural frequency with amplitude, the values of Ch~ presented are ."0, ill 
effective values averaged over the amplitude range of the oscillation. 
In this investigation, the effect of the values of damping on the natural 
frequency was considered negligible, and the aerodynamic spring-moment 
derivative was determined from the relationship 

where the subscript 0 

equation (1), negative 

and hence increase the 
surface . 

(1) 

signifies a wind-off condition. As shown by 
values of Ch~ oppose the control displacement ."0, ill 
stiffness or natural frequency of the control 
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Evaluation of Damping Moments 

The aerodynamic out- of- phase or damping moment was determined from 
the rate of buildup or decay of the free oscillation of the control 
system . The damping moment is not necessarily linear with amplitude; 
however, the damping results were analyzed on the basis of an equivalent 
linear system. It was assumed that the damping forces were adequately 
described by an equivalent viscous damping and that the time response 
of the actual system was simulated by a linear system having the appro
priate damping constant at each oscillation amplitude for a given fre
quency. The variation of damping- moment derivative with oscillation 
amplitude was obtained by plotting the logarithm of the amplitude of 
successive cycles of the oscillation against time and taking the slope 
at any given amplitude of the faired curves as the value of the loga-

rithmic decrement A = d(log 01) of the oscillation. The aerodynamic 
d(time) 

damping derivative was determined from the relationship 

2IV ( ) Ch~ = A - Ao 
--'{) , (l) qM ' Ct 

where the subscript 0 refers to wind-off values taken at approximately 
the same frequency and amplitude as the wind-on values. 

Determination of Static Hinge Moments 

Static hinge moments were measured by restraining the control system 
in torsion with a calibrated electric strain gage which measured the 
torque or moment about the control hinge line for various control deflec
tions. The static hinge- moment coefficient Ch was determined from the 

relationship 

Hinge moment 
2M'q 

CORRECTIONS 

No corrections have been applied to the data for the chordwise and 
spanwise velocity gradients or for the effect s of the tunnel walls. It 
is shown in reference 7 that a tunnel resonance phenomenon can appreciably 
decrease the magnitude of forces and moments measured in oscillation tests. 
However, it is believed that this phenomenon had no appreciable effect on 
t he re su.lts of the present investigation. In general, most of the test 
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frequencies were well removed f r om the calculated resonant frequencies, 
and there was no apparent decrease in moments for the test frequencies 
that were close to resonant frequencies. It is possible that the magni
tude of the resonant effects would be relieved by the model tip effects 
and the nonuniformity of the vel ocity field in the test section. 

Static-control- deflection corrections have been applied to the out
put of the position pickup to give the deflection at the midspan of the 
control surface for the static tests. No dynamic corrections have been 
applied to the oscillatory data to account for the twist of the control 
system outboard of the position pickup (fig. 4) since, for the physical 
constants and frequencies involved, this was considered a secondary 
effect. 

RESULTS AND DISCUSSION 

Damping Moments and Flutter Characteristics 

The variation of aerodynamic damping derivative with oscil-Ch~ 
."0, (J.) 

lation amplitude and Mach number together with associated flutter charac
teristics is presented in figures 7 and 8 for the wedge controls and in 
figures 9 and 10 for the reduced- aspect- ratio controls. Parts (a), (b), 
and (c) of these figures present data for the different control reduced 
frequencies investigated. In figures 11 and 12 typical aerodynamic 
damping results from the present investigation are compared with previ
ously reported results from reference 3 to illustrate the effects of the 
changes in control geometry investigated. 

Wedge controls. - As shown in figure 11, the aerodynamic damping in 
the control rotational mode was unstable for the conventional control 
profile. Results of the present investigation indicate that increases in 
the control trailing-edge thickness had a beneficial or stabilizing effect 
on this control aerodynamic damping. The general variation of damping 
derivative with oscillation amplitude and Mach number for the ¢ = 6.50 

and 100 wedge controls reported herein (figs. 7 and 8) was similar to 
the variation previously reported in reference 3 for a ¢ = 3.750 wedge 
control, and the primary effect of increasing the control wedge angle 
above 3.750 was to increase the oscillation amplitude over which the con
trol aerodynamic damping was stable at transonic test speeds. 

Aerodynamic damping for the ¢ = 6.50 wedge control (fig. 7) was 
stable at all test conditions for oscillation amplitudes up to about 60 , 

and there was a general tendency for the level of stable damping to 
decrease with an increase in either test Mach number or oscillation 
amplitude. The variation of Ch~ with amplitude was usually more 

."0 } (J.) 
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nonlinear at transonic Mach numbers and the variation of Ch~ with ."0, (l) 

Mach number was erratic at these speeds. Decreasing the test reduced 
frequency generally had a destabilizing effect on the aerodynamic damping, 
especially at higher oscillation ampl itudes at transonic Mach numbers. 

Aerodynamic damping for the ¢ = 100 wedge control (fig. 8) was 
stable for all test conditions . At the high reduced frequency (fig. 8(a)) 
there was no tendency for the damping derivative to decrease with increasing 
oscillation amplitude at transonic speeds; however, Ch~ did decrease ."0, (l) 

with increasing amplitude at the lower reduced frequencies (figs. 8(b) 
and 8 (c)) with the aerodynamic damping near neutral for the higher test 
amplitudes at transonic speeds. 

No model flutter was obtained for either of the wedge controls 
r eport ed herein. For the large - control- deflection conditions where the 
aerodynamic damping was slightly unstable for the ¢ = 6.50 wedge con
t rol, the stable damping from nonaerodynamic sources present in the con
t rol system was sufficient to prevent flutter. 

Reduced aspect- ratio controls. - The controls used for the aspect
r atio-effects investigation had so-called conventional profiles dictated 
by the wing airfoil section . Data for the aspect-ratio-2.55 control 
( f ig. 12) were obtained from reference 3, wherein the control covered a 
large portion of the tes t model span . The 1.74- and 0.96-aspect-ratio 
controls of the present investigation ( figs. 9, 10, and 12) were essen
t i a lly modifications to the control of reference 3 with the position of 
the inboard end of the control common for all three controls. 

Aerodynamic damping for the aspect-ratio-l .74 control (fig. 9) was 
stable for all test oscillation amplitudes for Mach numbers up to 0.94. 
Increasing the test Mach number above about 0.90 had a large destabi
lizing effect on the aerodynamic damping for this control and the damping 
wa s unstable in the test speed range from about M = 0.95 to M = 1 .01, 
the maximum speed for this investigation. Decreasing the test reduced 
frequency generally increased the magni tude of the unstable aerodynamic 
damping derivative Ch; . In the test region where the aerodynamic ."0, (l) 

damping was unstable, Ch; decreased with increasing amplitude and a ."0, (l) 

limited amplitude, single- degree - of- freedom model flutter response 
occurred. Flutter was initiated in a ll cases by random tunnel disturb
ances upon release of the control system and the flutter amplitude as 
indicated in the model flutter tables on figure 9 varied with Mach num
ber, reduced frequency, and the level of nonaerodynamic damping existing 
in the control system. 

Aerodynamic damping for the aspect-ratio-0 .96 control (fig. 10) was 
stable for all test conditions except for the small region shown on 
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figure 10(c). In this case, for the lowest reduced frequencies of the 
tests, small unstable values of Ch; were obtained at the higher test 

<"'0, (J..) 

Mach numbers for oscillation amplitudes less than about 20. The model 
did not flutter for these test conditions since the stable nonaerodynamic 
damping present in the system was sufficient to overcome the small amount 
of unstable aerodynamic damping . 

The summary results shown in figure 12 for representative test con
ditions illustrate the stabilizing effect on the aerodynamic damping in 
the control rotational mode at transonic speeds due to decreasing the 
control aspect ratio on this model. Similar stabilizing effects due to 
decreasing aspect ratio have been obtained for results computed by lin
earized theory for compressible unsteady flow. These calculated results 
for the aerodynamic damping due to harmonic oscillat ions in pitch of 
rectangular surfaces may be found in references 4, 5, and 6. Refer-
ences 4 and 5 treat the finite rectangular wing and reference 6 is essen
tially an extension of reference 5 to include a r ectangular aileron. It 
is considered of interest to compare the results computed for supersonic 
flow in references 5 and 6 with the high Mach number test results of the 
present investigati on, since model thickness increases the local surface 
velocities over the model. Results of reference 1 for the test model 
indicate that local surface velocities exceed M = 1.0 for free-stream 
velocities in excess of M = 0 .90 . In computing the loading on a finite 
surface in supe:-r:-sonic flow, the surface is divided into regions of "purely 
supersonic" and "mixed supersonic" flow. (See, for example, ref. 8.) 
For the case of the present experimental investigation where the wing 
remains essentially stationary at a. = 00 , the "mixed supersonic" flow 
region on the control surface lies within the Mach cone emanating from 
the control tip . Of particular significance to the present investigation 
are the theoretical results at low supersonic speeds, which indicate a 
stable phase angle for the damping moment associated with the loading in 
the "mixed supersonic" flow region and an unstable phase angle for the 
moment in the "purely supersonic" flow region. Since for a given super
sonic Mach number, decreasing the control aspect ratio increases the 
ratio of "mixed supersonic" to "purely supersonic" flow over the control 
surface, the stabilizing effect due to aspect ratio becomes apparent. 
At these higher test speeds, the effects of control spanwise position 
are believed to be small relative to the aspect- ratio effects for the 
test conditions of this model . Control tip boundary conditions were 
similar for all control spans and the influence of the upstream wing on 
the control oscillatory loads would probably be small at these speeds . 

As is usually the case, several differences exist between experi
mental and theoretical conditions . Contrary to experiment, theory is 
based on small perturbations to the main flow and the flow is assumed 
to be nonviscous, unseparated, and free from strong shocks. In addit ion, 
the "mixed supersonic" flow region defines the zone of influence between 
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the upper and lower surfaces . Thus, the loading in this region is influ
enced by the boundary conditions at the control tip; that is) the loading 
depends on whether the tip is free or adjacent to a portion of the wing 
or fuselage. Some compromise is made in the theory (see ref. 8) for the 
tip-boundary condition where the control is adjacent to the wing as was 
the case for this experimental investigation . The overall effects of 
t hese differences between test and theory are not known. A number of 
previous investigations (for example, see ref . 9) have associated the 
unstable damping in the control rotational mode at transonic speeds with 
the presence of shock waves . The nonlinear nature of the aerodynamic 
results measured in the present experimental investigation indicate that 
such possible nonpotential factors as viscosity, separation, and shock 
waves can have a strong influence on the measured resul ts. However, the 
Qualitative agreement between the general effects of aspect ratio as 
measured in the present test results and as predicted by existing theory 
is considered to be significant. A s i milar conclusion was reached on the 
effect of hinge - line position in reference 2. Therefore, the present 
results again tend to indicate that the aerodynamic damping in the con
trol rotational mode is strongly dependent on potential or idealized flow 
effects and that existing theory can serve as a useful guide. 

Spring Moments 

Static hinge-moment or spring-moment coefficients are plotted against 
control deflection in figure 13 for the wedge controls and in figure 14 
for the variable- aspect-ratio controls. The variations of the static and 
dynamic spring- moment derivatives Ch5 and Cho,rn with Mach number are 

shown in figure 15 for the wedge controls and in figure 16 for the variable
aspect-ratio controls, together with comparative results from reference 3. 

Wedge controls. - The variation of Ch with 5 was similar for both 

the ¢ = 6.50 and ¢ = 100 wedge controls (fig. 13) and was fairly lin
ear for a deflection range of about t 5° throughout the Mach number range. 
Static derivatives (fig. 15) for the wedge controls were averaged over 
this approximate deflection range, and the effects of wedge angle for 
the range of the tests to date on this model can be determined by com
paring results in figure 15 wi th the aspect - ratio-2.55, conventional
profile - control results shown on figure 16. The wedge modification to 
the profile shifts Cho in a negative direction (more underbalanced) 

in the subsonic speed range with most of the shift occurring for the 
¢ = 3.750 control . At transonic speeds, wedge angle has generally 
small effects but in the opposite direction (increasing ¢ shifts Cho 
in a positive direction) . Thus the magnitude of the typical rearward 
chordwise shift in control loading as the Mach number is increased from 
subsonic to supersonic flow is reduced by increasing the control 
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divergence wedge angle . As a result of the type of test technique used, 
it was generally necessary to average the oscillating spring-moment deriv
atives over a different deflection range than the static derivatives. 
This could introduce some differences in the static and dynamic spring
moment derivatives as presented. However, for the range of these tests, 
oscillating the control generally had small effects on the aerodynamic 
spring-moment derivatives. Thus, fairly accurate control frequency 
response estimates co~ld be made for these wedge controls based on static 
aerodynamic spring- moment derivatives. 

Variable aspect-ratio controls.- Static derivatives for the reduced 
aspect-ratio controls (fig. 16) were also averaged over a deflection range 
of about ±5° (fig. 14). Decreasing the control aspect ratio generally had 
a balancing (positive increase in the derivative) effect on both the static 
and oscillating spring-moment derivatives, with the effect becoming quite 
large at the higher test Mach numbers. At subsonic test speeds, some of 
this effect could possibly be due to control spanwise position, since the 
loading induced on the wing and control would be affected by the flow 
about the wing tip. However, at the higher test speeds where the local 
surface velocities become supersonic, the effect of control spanwise posi
tion is believed to be small from consideration of the fact that the 
control-t~p boundaries are similar for all three controls. This balancing 
tendency with decreased aspect ratio is probably associated with the 
decrease in loading due to flow about the control tips, the relative 
magnitude of which increases as the control aspect ratio decreases. For 
the combination of hinge-line position and aspect ratios of the test con
trols, decreasing the control aspect ratio to 0.96 (fig. 16) overbalanced 
the control through a portion of the speed range and for the Mach number 
range of the tests considerably decreased the rearward chordwise shift 
in loading generally associated with the transition from subsonic to 
supersonic speeds. Oscillating these variable aspect-ratio controls 
generally had small effect on the aerodynamic spring-moment derivatives, 
and the effect of aspect ratio on the dynamic in-phase derivatives is in 
qualitative agreement with theoretical results presented in references 4, 
5, and 6. 

CONCLUS IONS 

Results of tests at Mach numbers from 0.60 to 1.01 to determine the 
effects of either trailing-edge thickness or aspect ratio of controls on 
the oscillating hinge-moment and flutter characteristics of a flap-type 
control indicate the following conclusions : 

1. Increasing the control trailing-edge thickness had a stabilizing 
effect on the unstable aerodynamic damping present in the control rota
tional mode at transonic speeds for the basic control profile. The 
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variation of aerodynamic damping with oscillation amplitude was nonlinear, 
and the amplitude over which the damping was stable increased with 
increasing thickness . 

2 . Decreasing the control aspect ratio (by cutting off the outboard 
portion of the control) also had a stabilizing effect on the control 
aerodynamic damping at transonic speeds. Changing the control aspect 
ratio from 2 . 55 to 0 .96 generally stabilized the damping for the present 
test conditions . 

3. One - degree - of- freedom control- surface flutter of this model could 
be eliminated for all test conditions by proper choice of control trailing
edge thickness or control aspect ratio . 

4 . Oscillating the control had fairly small effects on the aero
dynamic in-phase or spring- moment derivatives for the range of control 
parameters tested . 

5 . The magnitude of the variation in spring- moment derivative with 
Mach number at transonic speeds was decreased by increasing the control 
trailing- edge thickness or decreasing the control aspect ratio. 

6 . The effect of aspect ratio on the control dynamic hinge- moment 
derivat ives is in qualitative agreement with existing unsteady flow theory. 

Langley Aeronautical Laboratory, 
National Advisory Committee for Aeronautics, 

Langley Field, Va . , February 12, 1958 . 
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TABLE 1.- NATURAL FIRST BENDING AND TORSION 

FREQUENCIES OF WING 

Test Condition 
Bending, Torsion, 

cps cps 

6 .50 wedge control {PlUS light tip store 145 490 
plus heavy tip store 86 228 

100 wedge control {PlUS light tip store 145 490 
plus heavy tip store 86 228 

A 1. 74 control {PlUS light tip store 147 325 = tip store 87 plus heavy 232 

A 0 ·96 control {plus light tip store 148 329 = , 
Lplus heavy tip store 90 226 

TABLE 11 .- MOMENTS OF INERTIA OF CONTROL SYSTEMS 

Control System I, slug-ft2 

~ = 6 . 50 wedge control 1.50 X 10-5 

= 6.50 wedge control plus small inertia weight 3 . 46 
¢ a 

= 6 .5 wedge control plus large inertia weight 10 ·77 
¢ = 100 wedge control 1.33 
¢ = 100 wedge control plus small inertia weight 3. 29 
¢ = 100 wedge control plus large inertia weight 10 . 60 
A = 1 .74 control 1.42 
A = 1 . 74 control plus small inertia weight 3 ·39 
A = 1 .74 control plus large inertia weight 10·70 
A = 0 .96 control 1.13 
A = 0 .96 control plus small inertia weight 3 ·10 
A = 0 .96 control plus large inertia weight 10.40 

CONFIDENTIAL 



.. 

(") 

~ 

i 
~ 

~ 

Deflector 
mechanism v 

Clamp -

Inertia weight 

~Control 

Tunnel wall~ 

plane 

Reflection plane 
Support 

~ 

Fi gure 1.- Schematic drawi ng of t est installat i on. L-90563·2 

o 

~ 
~ 

~ 
t:-t 
\J1 

& 
I\) 
\J1 

•••• • • •••• 
••••• • • ••••• 
••• • • • • • 
(") 

• tI(!J •• 

: ~ 

: ~ . : 
. ~ . 
• I;::! . 
• E"' • • •• • • 
• • • • • • •• • • 
• • ••••• • • 
••••• • • • • • 
• • ••••• • • 
••••• • • • • • • • • .... ... 
• • • • ••• 

I-' 
-..:] 



~ 
CJ 0) 
I<) '<'i C\J 
\() I 

o 

~ 

i 
~ 

,. 

i Reflection 
plate 

i 

\ 
\ 

- --

1715 

Hinge 
line 

WING OA TA 

Area 

Aspect ratio 

Taper ratio 

0..558 sq ft 

/80. 

0..74 
0.564 ft 

0..778c 
0. 40. chord \ line 

f'... 

~ 
I() 

Mean aerodynamic chord 

A ir foil section parallel 
to free stream 

NACA 6540.0.4 
(modified) 

A ~--
Plastic 

Gap= .0.16 \ Spruce , Steel 
- -

I. 

-------- -r- ,-- ------t-- - - j~ '3~-~----- ----5~;;5-------------- - -----

750.0. - 1 

Cb=.35Ca~ 
c 

.-i 
~ v5' 

a =.222:j ~ 

,-65" ~:. 
~\\\\I ~-, 

rp =lo. o 

Sec t ion A-A 

0. 2 

---~ 
Scale, inches 

( a ) Thickened trailing-edge controls, 

Figure 2. - General dimensions of model, 

I-' 
CO 
••• • • • • ••••• 

• • • • • •• ••••• 
• • ••••• • • 

• • • • • ••••• 
• • ••••• • • 
• • • •• • •• 
• • • •• · ~ . • o . 

. ~. 
~ . 

;.~ .. 
:.~ .. 
• • • • • • ••• 
••••• • 
••••• 
•••• • • •••• 

§; 
&; 

~ 
Li 
V1 

& 
f\) 
V1 



() 
o 
~ 

I 
~ 

C:l 
It) 
C\J 
~ 

~ 
0) 

lC) 

1----------- 7.715 

Reflection / I 90° 
plate 

Hinge 
line 

0.1~:h01:'d ' A 0:::8

< 

_ _ con t:o: t_i_P_if--_~ L--\-__ _ 

L -- -.----- '_. __ _ f-- I~ ~<F~-~~~~---~-~,~5---------, --_ 
.738 ' 7.500 , 

'I 

WING DATA 

Area 

Aspect ratio 

Toper ratio 

Mean aerodynamic chord 
Airfoil section parallel 

to free stream 

0 .558 sq ft 

1.80 

0.74 

0.564 ft 

NACA 64A004 
(modified) 

. 30 c ------1 
I I c rt \ \ \ \ \ \ \ "" ' \ \ \ I&::' ~\ 

\ - \ \ \ \Cb=. ~;C~~ \ ~Co=.2221 ' 

c 

Section A-A 

o 2 

Scale,inches 

(b) Reduced-aspect - ratio controls . 

Figure 2. - Concluded . 

$ 
~ 

~ 
t1 
\Jl 

& 
f\) 
\Jl 

•••• • • •••• 
••••• • • ••••• 
••• • • • • · () . 

.0 .. 

: ~ 

: ~ . : 
:~ : · ~ . • • • • • 
• • • • • • • • • • 
• • •• • •• • • 
••••• • • • • .. 
• • • •••• • • 
••••• • • • • •• • • 
• •••• • • • • • •• 

((; 



••• • • 
20 : : 

•••• • ••• • 
••• · • • •••••••••• 

c ••• 
• ••• • 

••• · • • 
••• . 
•• • • ••• • •• 

• •• •• • •• • •• 
• ·l!oNf~riL· : :.-: : 
••• • • ••••••• • • 

'"'IIIJ 

• • 

• • • • NACA RM L58B25 

L-867l5 
Figure 3 .- Photograph showing general arrangement of model and reflec 

tion plate. 

CONFIDENTIAL 



0 

~ 
H 

~ 
H 

~ 

IClamp 

Control 

6.5° wedge 

10° wedge 

A:1.74 

A : 0.96 

. 25 

.20 

. ~ .... 

.... 
~ .15 

~ , 
·S 

..f0 "-c::.. 
~ 
.... 

. 05 .., 
.~ 

..... 

00 2 

Spring \ Rod \ Position PiCkUP\ 

Wind - off natural 

Location of 
inertia weights 

ContrOI / frequency I cps 

Large Small 
J -we/oht J- we/ollt 

99.0 17/.5 

. 99.0 172.5 

99.5 174 .0 

102.0 188.0 

4 6 

No 
weiallf 

253.0 

250.0 

260.0 

308D 

8 10 12 14 16 

Distance along hinge line I in. 

(Measured from clamp) 

18 20 

~-""--7' Tip 

1-t+ 

22 

No weight 
Small weigh 
Large weigllf 

24 

Figure 4.- Control- system stiffness and frequency for various controls and inertia weights. 
(Stiffness applies to both conventional and wedge profiles.) 

• 

s; 
~ 

~ 
t"i 
\Jl 

& 
I\) 
\Jl 

•••• 
e 
• 

lit ••• 

•• • •• • • • •••• 
••• • • • • • • 

ti .... . 

• 0 : ~ 
··tt · ij . • • • • 
: ~. · ~ . • • 
• • • • • • • • • • 
• • • ••• • • • 
••••• • • • • • 
• • ••• • • • • 
• •••• • •• • • • • • 
••••• • • • • ••• 

I\) 
f--' 



t.. .... ... .... .. . ... ... .. ...... . 
22 -.- -.- •• -.- .: • _. - •• • t{)~Tn;l\J1TlTl\~ · :: •• : : : NACA RM L58B25 

• •• • ._W;Ul ..L~ ••• t . • 

"-
ClJ 
~ 

~ 
~ 
~ 

~ 
......... 
~ 
~ 

~ 
Q:: 

••• •••• ••• • ••• ••• •••• • ••• a ••• e , • • 

X 

2.4 

22 

2.0 "' ~ 
,,-"'-

/.8 ~"" ~ 

/.6 
.6 

1'-

,,- "" ,~ " 
"'" "'" ~ ~'" ~ " 

, 

'- '" ,~ '-,,"-,,'\ ~ "'-'" f' 

'" <" ~"" "~ ~ "'" '" '" 
~ 

~'-"" " ,,"-
" 

,,"'" "'" " 
" 

.7 .8 .9 /.0 

Mach number, M 

Figure 5. - Variation of Reynolds number with Ma ch number . 

CONFIDENTIAL 

/./ 

• 

• 



• 

• • • • •• • •• ••• • • • •• • • • • • •• • •• •• 
NACA RM L 58B25 

• • • • • • • • • • • . • • •• • • • • • •• • • • • •• • • • • • • • • v NF:qJm:If:m • • • • • • • ... .... • • ... •• • •• • • ••• •• •• · 

Increasing time-

" 
OlD secand-

(a) Wind- off ; control released at 5 ~ 10°. 

Wi~~ 'bending "- Reference 
I I T l 

11111) "/ ~l 5Tta 1asl IOf 
U,'J' rll f-010 secand-

II J JLl 

Wing torsIon I 'I' I 

I J111111 I I I I I I I I I III --' .1 Reference 

(b) M = 0 .70 ; control released at 5 ~ 10°. 

Control posi lion 

(c ) M = 1.01; control released at 5 ~ 0° . 

Figure 6 . - Typical oscillograph records. Light tip store ; fo 

aspe ct - ratio- l.74 control . 

CONFIDENTIAL 

I 

• • • • • • • 23 • • •• • 

+-

260 cps ; 

___ 1 



••• . . 
24 : : ... 

•••• • ••• • •••• 

10 

5 

0 Ch · 
8,41 

Ch · 
8,41 

-5 

-10 
0 

10 

5 

0 

-5 

-10 
4 

... . · · • ••• • • . .. · 

2 

,5 

. .. . .. 
• . 
• •• • • • •• ... 

..... . .. ... ... 
• t'tlN1tIOtNTJ:Al. : .... . ...... . 

· • •• • · 
· · • .. · · • • • • • • • .. 

c----J r--+--======Jt-l ¢ =6.5" 
t..---J I 

Unstable 

• 
4 6 8 10 12 

Oscilla t ion amplitude ,deg 

Flutter characteristics 
No flutter 

8=±8" 

NACA RM L58B25 

M k 

0 .60 .206 

0 .TO .183 

¢ .80 .165 
A .85 ./57 

h- .88 .155 

h . 90 .152 

0 .92 . 148 

0 .94 .145 

0 .96 ./44 

14 0 .98 .141 

v 1.00 .141 
po 1.01 . /38 

Stable 

8_0· 

.6 .T .8 .9 1.0 1.1 
M 

( a ) fo = 253 cps . 

Figure 7.- Vari at i on of damping derivative with oscill ation amplitude 
and Mach number for various control frequencies . ¢ = 6.50 wedge 
control . 

CONFIDENTIAL 

• 

• 

- --- - - -------



NAeA RM L58B25 

ChtS ,'" 

10 

5 

0 

- 5 

-10 
0 

10 

- 5 

-10 
4 

2 

.5 

• •• • ••• •• • •• 
• ••••• •• • • c 

: :: -:: qJNF~mIMJ . 
•• • • ••• ••••• • ••• 

• • • • 
• • • •• • 

• • • • • • • • • 

• • •• • • • • • • 

• •• • • • • •• 

:=:.-i-=====t- ¢:: 6.5" 

0 

0 

Unstable 
¢ 

I!>. 

b.. 

~ 

0 

0 

0 
4 6 8 10 12 14 0 

Osci l/a tion ampl i t llde, deg v 

F l lIt t er c ha rac teris tics ~ 

No f llltter 

Stab Ie 

.6 .T .8 .9 If) /.I 

M 

(b) fo = 171. 5 cps . 

Fi gure 7. - Cont inued . 

CONFIDENTIAL 

• • •• 
• • • • • •• •• 

M 

:60 

.TO 

• • • • • • • • • • • • 
25 

k 

.138 

.123 

.80 ./11 

.85 .105 

.88 .103 

.90 .102 

.92 .101 

.94 .099 

.96 .096 

.98 .093 

/.00 .094 
101 .085 

Stable 
Unstable 



... •••• . . . 
••• • 26 : : ... .... 

10 

5 

0 
Ch ' 8,flI 

Ch · 
8,flI 

-5 

-/0 
0 

/0 

5 

0 

-5 

-/0 
.4 

••• •• • • · • • ••• • • ... • 

2 

.5 

• •• •• • ... .. .... .. · • •• • • 
~.. . . . ... . 

• ~N!~If1L ::-:: 
• · • NAeA RM L58B25 ... ... . ... . ... . .. . . . .. 

c---J.1:: + I ¢=65C? 
L-----J I 

M k 

0 .60 .080 
0 .70 .070 

0 .80 .062 
Unstoble 

A .85 .059 

~ .88 .059 
~ .90 .058 
Q .92 .057 
Q .94 .057 

~ .96 .056 
4 6 8 /0 /2 /4 0 .98 .055 

Oscillo tlon omp/ I tude, deq V /.00 .054 

Flutt er choroc teristics 
~ /.01 .054 

No flutter 

Stable 
Unstable 

8= + 8° 

StobIe 

8~0° ~ 

.6 .7 .8 .9 /.0 /.I 
M 

( c ) fo = 99 cps. 

Figure 7.- Concluded . 

CONFIDENTIAL 



NACA RM L58B25 

Ch · 
8,flI 

10 

5 

0 

-5 

-10 
0 

10 

o 

-5 

-10 
.4 

• •• • ••• • • • •• • •• • •• • • •• • •• 
: :: •• :: · c~NFIIlEldrAL-• •• •• • •• • • • 

• • • • •• • • • • • • • • • .. ~ . ... ..... . ... • •• ••• • ••• 

----+__ ¢ = 10° 

Unstable 

2 4 6 8 10 12 14 

Oscillation amplitude I deq 

Flutter charac fer is tic s 
No flutter 

Stable 

8=± 8° 
i ;',(l 

.5 .6 .T .8 .9 /.0 1/ 
M 

( a ) fo = 250 cps. 

•••• • • • • • • e •• • • • • • 27 
•••• • • • 

M k 

0 .60 .2087 

0 .TO .1839 

¢ .8 0 .1700 

A .85 . 1612 

~ . 88 .1508 

D .90 .1480 

0 .92 .1455 

0 .94 .1458 

¢ .96 .1440 

0 . 98 .1412 

v 100 .1368 

IT 1.01 .1358 

Figure 8 .- Variation of damping derivative with oscillation ampli tude 
and 11ach number for various control frequencies. ¢ = 100 wedge 
control. 

CONFIDENTIAL 



. 
28 : 

• 0. · • • 

Ch · 
~IV 

•••• . .... 
• .... 

10 

5 

0 

-5 

-10 
0 

10 

-10 
4 

••• . 
o 

• 

.... . 
••• 

o . 

2 

.5 

. .. · • • ... 
. .. 
o 

. 
•• 

..... . .. ... ... 
• 'C-o~~f1ITLlL : .... . ...... . 

• • · • .. · •• • • 
0 • • · .. 

--'r-----H--+ -----+_ ¢: 10° 

• · • • NAeA RM L 58B25 . . 

M K 

0 .60 .140 

0 .70 .125 

¢ .80 . /11 
Unstable 

A .85 .106 

t.. ,88 ..103 

~ .90 .102 

a .. 92 .099 

0 .94 .098 
4 6 8 10 12 14 

¢ .96 .096 
Oscillation amplitude I deq 

0 .98 .096 
Flutter characteristics 

v 1.00 .0934 No flutter 

"" 1.01 .0923 

Stable 

.6 .T .8 .9 10 /.I 
M 

( b ) fo = 172.5 cps . 

Figure 8. - Cont inued. 

CONFIDENTIAL 



NACA RM L 5BB25 

10 

5 

CII · 
8,fJI 

-5 

-10 
0 

10 

5 

-5 

-10 
4 

• •• • ••• • • • •• 
: ::-.:: • ooNFrlm lih 
• •• •• • •• • • • .. . ... .... . • ••• 

• • •• 
•• • • •• 

• •• • • •• • • • • • • • • • •• • 

• •• • • • ••• 

•••• • • • • • •• • • 

-.. • • • • • • • • • 
29 

-7---++--+ - - ------4- t) = 10 0 

M k 

0 .60 .082 

Cl .70 .071 

<> .80 .062 
Unstable 

A .85 .061 

b. .88 .060 

D .90 .060 

0 .92 .059 

Q .94 .057 
2 4 6 8 10 12 14 

~ .96 .056 
Osc i llation ampl i tude, deq 

0 .98 .055 
Flutter ella racteris tics 

No flutter v 1.00 .054 

17 /.0 1 .054 

Stable 

~ 

.5 .6 .7 
M 

.8 .9 1.0 /.I 

( c ) f o = 99 cps . 

Figure 8. - Concluded. 

CONFIDENTIAL 



· • • 
• 0 ' 

... . . 
••• • .... 

5 

o 

-5 

-10 
o 

5 

-5 

-10 
4 

... · • • ... 
.... · ••• • • 

2 

· • • ... 
... 
o 

. 
•• . .. 

4 

..... . .. ... ... 
• ~~l1lfWIitL : .... . ...... . 

A:: 1.74 

6 8 10 

Oscil/ation amplitude , deg 

Flutter characteristics 
M Frequency, Ampli tude, 

cps deg 
.96 270 2.5 
.98 276 3.6 

/.00 275 37 
1.01 284 7.0 

.5 .6 .7 .8 .9 
M 

(a) fo = 260 cps . 

· · • .. •• • • • · 0 

· · · · • • • • NACA RM L58B25 .. 

0 

0 

<> 
Unstable t.. 

~ 

~ 

0 

0 

0 

12 14 0 

v 
~ 

Stable 

/.0 /.I 

M k 

.60 .210 

.70 .181 

.80 .160 

.85 .152 

.88 . 150 

.90 .151 

.92 .144 

.94 .142 

.96 .140 

.98 .141 

1.00 .137 

1.01 .141 

stable 
Unstable 

Figure 9 . - Variation of damping derivative with oscillation amplitude 
and Mach number for various control freQuencies . Aspect - ratio - l.74 
control . 

CONFIDENTIAL 

,. 



NACA RM L58B25 

en ' 8,Q/ 

10 

5 

0 

-5 

-10 
0 

/0 

5 

-5 

-10 
4 

• • • • • •• • • • • • • 
• • • • • 

••• • • • •• 
• •• I ••• : ~NF~m~. 

• •• • •• • .. • • ... .... . . ... • •• 

A=I.T4 

2 4 6 8 10 

Oscilla tion omplitude,deg 
Flutter choroc fer i s tic s 

M Frequency, Amplitude, 
cps deg 

.96 183 5.4 

.98 /85 4.2 

/.00 /87 80 
1.0/ /87 9.5 

.5 .6 .7 .8 .9 
M 

(b) fo = 174 cps. 

Figure 9 .- Continued. 

CONFIDENTIAL 

••• • • •• • • • • •• • • • •• • 

••• • • • ••• 

Unstable 

12 14 

Stable 

10 /.I 

• • •• • • •• • •••• 

0 

0 

¢ 

A 

~ 

~ 

0 

0 

~ 

0 

••• • • • • • • ••• 

M 

J60 

.TO 

.80 

.85 

.88 

.90 

.92 

.94 

.96 

.98 

v 1.00 

po' 1.01 

31 

k 

.146 

.126 

.110 

.104 

.102 

.100 

.100 

.098 

.096 

.096 

.095 

.094 

--- Stable 

Unstable 



... 
• • 

32 : : ... 

Ch · 
8,41 

Ch • 
8,41 

.... ••• • • ••• • • • .... ••• 

10 

5 

0 

-5 

-10 
0 

10 

5 

0 

-5 

-10 
4 

.... ... 
• · ••• • • • · ••• 

2 

... 
• •• • . .. 

4 

..... . .. ... ... 
• ~ONtID~IJtL : .... . ...... . 

A =1.74 

6 8 10 

Oscillotion amplitude, dt'g 
Flutter charocter istics 
M Frequency, Amplitude 

cps deg 
.96 104 71 
.98 106 72 

1.00 105 7.4 
1.01 107 7.9 

.5 . 6 .7 .8 .9 
M 

( c ) fo =:: 99 · 5 cps . 

Figure 9 · - Concluded . 

CONFIDENTIAL 

• • • · • .. • • •• • • • • • · • NACA RM L58B25 · • .. 

M k 

0 .60 .079 
[J .70 .069 

Unstable 0 .80 .061 

A .85 .058 

~ .88 .057 

D .90 .055 

0 .92 .055 

<> .94 .054 
12 14 0 .96 .054 

0 .98 .054 

v 100 .053 

17 101 .053 

-- Stable 
8~0 

---Unstable 
8= +8° 

Stable 

10 U 



• •• • ••• •• • •• 
NACA RM L5BB25 : ::-.:: · c~NFID.wiili·. . . ....... . 

••• ••• • ••• ••• •••• ••• . • • • • • • 
•• • • • • • ••• • • 33 • • • • • • • ... ... • ... •••• • •• 

A=096 

10 
M k 

0 .60 .264 

5 0 .TO .227 

0 .80 ./98 

0 
Unstable A .85 .188 

Ch · 
8, 111 h. .88 .187 

~ .90 .175 
-5 a .92 .175 

Q .94 ./76 

- 10' 0 .96 .176 
0 2 4 6 8 10 12 14 0 .98 .171 

Osci//at'ion amplitude, deq v 1.00 .165 

17 1.01 .167 

Flut ter e horae ter is t ic s 
No flutter 

10 

5 

0 
CII . 

8=± 8" Stable 
8,111 

-5 
8=::0 

-/0 
4 .5 .6 .7 .8 .9 10 ' l./ 

M 

( a ) fo = 30B cps. 

Figure 10 .- Variation of damping derivative with oscillation amplitude 
and 11ach nunber for various control frequencies . Aspect-ratio-O.96 
control. 

CONFIDENTIAL 

__ 1 



l 

... 
• • 

34 : : 
••• 

Ch · 
8.flI 

.... ... •••• • · • ••• • ••• • • • •••• ... • 

10 

5 

0 

-5 

-10-
0 2 

10 

o 

-5 

-10 
4 .5 

• •• . .. ..... .... .. 
• • ... ... ... . 
• •• • • • ·~ONf~I4L ::.:: 

• • • • NACA RM L58B25 
••• ... .... . ...... . • . . 

A =096 

M k 

0 .60 , 16/ 

8 .70 . /40 

0 .80 .123 
Unstable 

~ .85 .//4 

t.. .. 88 . //0 

t\ .90 ./08 

0 .92 .107 

0 .94 .105 
4 6 8 10 12 14 

0 .96 .101 
Osc ilia tion amp Ii tvde, deq 

0 .98 ./01 
Flvtter clio racteris t i cs 

No flvtter v 1.00 .100 

p 1.01 .100 

-- Stable 

--- - Unstable 

Stable 

.6 .7 .8 .9 10 /.I 
M 

(b ) fo = 188 cps . 

Figure 10 .- Continued . 

CONFIDENTIAL 



lIACA RM L 58B25 

• 

10 

5 

Ch · 
8,41 

0 

-5 

-10 
0 2 

10 

5 

Ch · 
8,41 

0 

- 5 

-10 
4 .5 

• •• • ••• •• • • • 
: :: • .:: • C~NFID-OOIAL-• •• •• • •••• • •• • • ••• • • ••• • • •• 

. • • • 
• • • • •• 

A =0.96 

4 6 8 10 

Oscillation omplitude, deq 

Flutter chorocteristics 
No tlulter 

.6 .7 .8 .9 
M 

( c ) fo == 102 cps . 

Fi gure 10 .- Concluded. 

CONFIDENTIAL 

•• • • • •• • • • • • • • • • • • • 

Unstable 

12 14 

8~ 0 

• • • · • • • • • 

0 

0 

¢ 

A 

~ 

~ 

0 

0 

0 
0 

v 
P' 

• ••• • ••• • •••• 

AI 

.60 

.70 

.80 

.85 

.88 

.90 

.92 

.94 

.96 

.98 

/.00 
1.01 

••• • • • • • • • •• 
35 

k 

.086 

.074 

.065 

.062 

·060 

.059 

.058 

.056 

.056 

.055 

.054 

.054 

-- S table 

-- - - U n stoble 

StobIe 

8 = ±8° 

10 1.1 



••• •••• ••• •••• . .. 
36 : : 

. · · · ••• • ••• • • • • • ... .... ... · . .. 

10 

5 

Ch · 
8,fII 0 

I· J I ILl 

-5 

5 

Ch · 
8,flI 0 

..L 

-5 

5 

Ch , 
8,01 0 

-5 

.-10 

o 2 

. .. ••••• • •• • · • • 
•• .·~ONf~*· · · .. · • • •• • • • • • • • • • ... .... . ...... . · •• 

II 

-;+ 

4 

Control 

----Convent i onal (ref3) 
-------3.75° wedge (ref3) 
----6.5° wedge 
----10° wedge 

.l IL '- ..l:±.id;::.t I 

6 8 10 12 

Osc il/ation amplitude, deg 

NACA RM L58B25 

, 
M=.70 

I 

" 
M =.94 

, 
M=100 Stable 

i 

14 16 

Figure 11 .- Variation of damping derivative with oscil lation ampl itude 
for three r epresentative Mach numbers and various wedge angles . 
k ;:::; 0 . 10 . 

CONFIDENTIAL 

---- ----- --- '---.--

! 



NACA RM L5BB25 

10 

5 

en · 8,01 0 

-5 

5 

e" . 8,01 0 

-5 

5 

0 

e" . 8, 01 
-5 

-10 

-15 
0 

• • • • 

2 

•• • ••• •• •• • • •• • •• •• •• ••• • : : .:: C<:NF~JM· • • •• 
•• • • ••• •••• • • •• • • •• 

4 6 8 /0 12 

Osc il lotion amp! itude ,deq 

... ..... 
• • • ••• • • • •• • 

• •• • • • • •• 

M=.70 

M= .94 

M=I.OO 

14 !6 

••• • • ••• • •••• 

• •• • • • • • • • •• 
37 

Control 
aspecl 
ratio 
2. 55(ref3J) 
1.74 
096 

Stab le 

~ 

Figure 12 .- Variation of damping derivative with oscillation ~plitude 
for three representative Mach numbers and controls of various aspect 
ratio. k ~ 0 .10. 

CONFIDENTIAL 



.......... ... ~ ... ... ..... ...... . 
•• •• •• • • 1\.fIr..,~ -r~T · ••••• • 38· • •• • • • •• • •• • €Ol'!!t' J.J.fENT J.f1.L ••••• • •• •• ••• • •••• • ••••• ••• •••• ••• • ••• ••• •••• • •••• ••• • • •• 

-tEJ==KC===;T-=====J:t- r/> = 6.5' 

I 
.3 

,: il:i ldll ' I ill! III !, lillill J !III 'I 

'I II I111 Ii It II ! ' ! I i 1111 ~ i ~ i 1 iit! , 

"' 
' I 

'i I t 'Iil· Ilil 1: lill li!:': "! 
'II I: • H 

.2 

~ H Ii IlljI llill~ II 
II i! ! j! Ii !! I iill,lll I 

./ 

~ld lll ilUI rr ,i( I ~llll\ l i: ' II il , 
rt'l ~ Hi ill , 

~ I I" I II I, II I 't r " -d,.,.. " I 

o 

!'~H i.~ %rE ru I f ~IIHI I' ~ #~ 
t': :' klJIIJJH! ~ I ' I ill I II I 

tin II! 'fm rtm J ~ I .fll 

JJiq ~i J'f . II I 

! OOlll l lll ~r ffit I 
~ i t! j I I , ~p I I .1 

ltill illl HI · H , f I 
I!-:j I ',l, \ 1\ i 
;'11 . 1'\.... . I 

rffil m tR t 
i! n ftl WI f 11 ~ f 

t 
fft IH 'tHif i 
rrl I " ! 

J ~ r\-l1 ~ 
till Hnt t t ! , I ' II' 

J II I 
flf III I I I Ii 

~ J If II Ii 
H I II i 1 

-./ 

~! !Ii III 
a: 'II :", .! r !.!t t , 

ft. !l~ N! t f II ~ I 

11:t:1 ilfl 'W!llll,tl II! '" .t, " It· 'i . .J rf ~ 
-4 ffH ::; ,;'1IiHlffiI IHTI lUll!! IHWlm 

-1 5 -10 - 5 o 
8.,deg 

5 10 15 

( a ) ¢ = 6.50 wedge control . 

NACA RM L58B25 

M 

o 060 

[] 070 

~ 080 

Il. 085 

D 0.90 

~ 095 

v 1.00 

17 /.01 

Figure 13 .- Variation of static hinge -moment coef f i ci ent of wedge con
trol s with control defle ction f or var ious Mach number s . 

CONFIDENTIAL 



,--- ---,~~ ---- - '"----=---

NACA RM L58B25 

• 

• •• • ••• • • ••• • •• • ••••• •••• ••• • • • • • ••••• •• ••• • • • • • • • 
• ••••• C (1If\T1<'IDti'lI]T"["1Jf /\ "'· • • • • •• • ••• • • 39 
• •• •• '-e!v.J.: H'~. ••• • • • • 
•• • • ••• ••••• • ••• •• • • ••• • •• ••• • • • • 

I 
EJ~ j!l =/O· 

I 
3 

IT II 11I 111I 

2 
II I lillilll 

.I I 

t t 

~~.~O, l rn 1.1 rfr rl 0. 

0",=.70 
W' W~ rH 1 I. 
1m II ~HU II IT ~ I ! 1111 
jlnil~ m ~U II ~ i 

fd II j rt1 II I i II 0.",= .80 

J~ .1 1\ Ibt f~ • 

~1,1 ~ ~J tN 0.",= .85 

q'J ii.-I . ~ ~IH t . : 

~H 
t 

~ rn1 II \ ' 1,\ 
0",=.90 

~d~ W R ~ tit!. .'ilP . . : ! 

lill ntl i\ n. IffitH1U : 0.",=.95 

tm IflH Ii 1!11 ~ I 'ILl 
rh it lffH ~ m! 'hl ~I : 

1~ WPI Itl1ttt I tl , . ~I fl 
I 

'ff! : It ttl! ~I 
.. m II 

! til ~it n 
n 1m u 

: itt 'ii Iii" ~ litt. tf .. . 
-.2 

n lit lill IH t lt%. ~ 
~l: fiN hl (flth ff Ii hicLj: 

-.3 

- 4 
Htll11i1IH ItAwrl .ldl tI :.: tt III! . ilW 11m ;rf 

-/5 -/0. -5 0 5 /0 /5 
8,deq 

( b) ¢ = 10° wedge control . 

Figure 13. - Concluded. 

CONFIDENTIAL 

M 

o 0.60 

o 0.70 

<> 0..80. 

6. 0.85 

D 0.90 

o 0.95 

v 100. 

P' /.0/ 



••• • • • ••• 

•••• . 
••• • •••• 

••• • • • ••• 

•••• • • •• • • 

••• · • 
••• ••••• ••••••• 

• 
• •• • • · \;·O~~~ENTJ5u: :: •• :: : 

••• • •• •••• • ••••••• • • •• 

3 . jlil l 

.2 

( 

.I It ;1 I 

o lil! f 
M=.60 r 
nl ii J 
it .Iti 

I 't 
:f 

0 I . + 
T 

l II 'II 
1 1 
U tl 
If H-I 

5 

G l:i 

Ii 
.ex 

hl 
r 

01 a 
g 

.I 
HH ff 

~ U8 It 
.2 . Itl ! • :+ II 

3 
t it 

~ 
We 

4 
-/ 5 -/0. 

, 
,II 

II 

liE 
t 

.If 
f I~ 

t 

ff 

~ 
~ 

ft 

~ " 
~ l'{ 

14 

H+ 

If 
If 
Ii 
I~ 
It fr 
. it 

-5 

:d IJ 

III 
I 

8 
t 
t 

IT 
:t 

-

A 
fi 'I 

tI 

o 
8, deg 

1 
I II II ii 1 
'l III 
M 
14 

It 
'I 

I 

It 
~ 
U 

U 1m ~ 
5 /0 /5 

( a) Aspect - ratio- l.74 control. 

NACA RM L58B25 

M 

o 0.60 

D 0.70 

~ 0.80 

A 0.85 

~ 0.90. 

o 0 .95 

v /.0.0. 

po /.0./ 

Figure 14 .- Variation of static hinge - monent coeff i cient of various
aspect - ratio controls with control deflection for various Mach 
nunbers . 

CONFIDENTIAL 

-- --- .-------

• 

.. 



• •• • ••• •• ••• • •• • • •••• •• ••• • 
NACA RM L58B2:;: ::.:: : cO~.wEN'f~£lli · · . 

•• • • ••• ••••• • ••• • • • 

. 3 

.2 

./ 

-./ 

-.2 

-.3 

-f'!/5 -/0 -5 o 
8, deq 

5 

• • • • • • • • • • • •• • • • • • • 

/0 

I 

f5 

( b ) Aspect -ratio- O. 96 control . 

Figure 14 . - Concluded . 

CONFIDENTI AL 

•• • • • • • • • 

0 

•••• • ••• • • ••• 

M 

0.60 

0 0.70 

0 0.80 

fj. 0.85 

D 0 .90 

0 0 .95 

"l 1.00 

t7 1.0/ 

• •• • • • • • • • •• 

- I 
41 



o 

~ 
tj' 
g 
~ 

o 

.ch8 
-I 

-2 

() 

C
h8Q1 

I _I 

o 

-I 

-2 
.6 .7 .8 

M 

'0 =100.3 

fo =173.0 

fa = 247. 5 

.9 1.0 

Figure 15.- Variation of Ch5 

.6 

and 

I ¢ =6.5· 

EJC ' ] 

I 

.7 .8 

M 

f;~99):J 

• 5 :::'-fa=17/' ~ 

'0=253.0 

.9 10 .6 .7 B 
M 

Overbalanced 
' I 1 I '" 1 

Un derba lanced 

fa = 1725 

fa = 250.0 

.9 1.0 

Ch5 , ill for control s of various wedge angles . 

+" 
I\) 

••• " . • • ••••• 
• • •• • •• ••••• 
• ••••• • • 
• • • • • ••••• 

• • •••• • " . 
• • • •• " .. 

· 0 " 
. 8 : 
" ~ . 
• t3 . 

"I" : • • 
· • • ..... 
• " . • • •• • 
••••• • • ••••• 

• 
•• • • 

~ .. 
~ 
~ 
:s:: 
t-' 
Vl 

& 
I\) 
Vl 



z 
> 
(") 
> 

t' 
" .. 
;0 
'< .., 
;0 

?-

~ 

0 
0 

~ 
H 

~ 
H 

~ 

eli 
8 

0 

eli 
8,'" _I 

-2 

0 

-I 

-2 

0 

- I 

- 2 
.6 

[] 

A=2.55 

__ \ _ ~ef3) 

.T .8 
M 

fo =1007 

to ~' / 74.0 

'0=2460 

.9 /.0 

Figure 16 . - Variation of Cho and 

fj 

__ l]_~/74 
p . .; 

.1+ 

III ;"7T1' ITr 

......,. 

.7 .8 
M 

rn 0 verb%nced 

,", . 

fo =995 

, 

.0 j"}.tl:t1 fa = 174 
.. 

fo =260.0 

.9 1.0 .6 

~ __ O~096 

.7 .8 

M 
.9 

fo = 188.0 

fo =308.0 

1.0 

Ch~ for conventional control s of various aspect r atios . 
u,ill 

r 

~ 
0 
>-
~ 
t-1 
\Jl 

& 
I\) 

~ .. 
• • •••• 
••••• • • ••••• 

• • e • 
• 
••••• • e n 
· 0 
. ~ .. 
. ~ .. 
e gJ . 

~ ~. : 
• • e • • • • • 
• • ••••• • • 
• •• •• • • • • • 
• • ••••• • • 
••••• • • • • • • 
§ • 

••• •• • • • • •• • 

+"" 
\..N 



••• •••• ••• • ••• .~ F.IQ~~TI~J; .. · • • • • 

, , ,I; 
,: 

}.. ~ .~1 \ll • • • • • .oo • • • • ••• • ••• • •• •• • • ,' . • • • • • • • • • •••• '10 : • • •• • • • ;.t- " .. )1 • • • .. 
••• •••• ••• • ••• ••• ••• • • • ••• • •• • • •• i, ~i 

. } '\:", 

~ , 

J 
" • 'r. -, 

~:. ' , 

" 

j 

I 

CON FI DENTIAL 


