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TECENICAL MEMSRANDUM 1240
ATRFOIT. MEASUREMENTS IN TEE IVL HIGH-SPEED
WIND TUNNEL (2.7-METER DIAMETFR)*
By B. G&thert

SUMMARY

The present report iz & brief sumery of the investigatlons on
symmetrical and cembered airfoils in the IVL high-speed wind tunnel.
In the light of measurements of wings of different aspect ratlc with
equal profile it is shown that the effect of the aspect ratio on the
increase in 1ift with rising Mach number expected on the basis of
calculations is closely confirmed by the measurements. Several recent
experiments on & wing with the smsll aspect ratio of be/F = 1.15 ave
fliscussed, where the 1lift digclosed no disturbences within the test
range, that is, up to angles of attack of « = 8° and Mach numbers of
M= 0.9, end the drag (at ¢y = 0) starts to increese at & much
higher Mach mumber than for a wing with the ssms profile but preater
aspect reatio.

I. INTRODUCTION

The airfoils tested in the IVL high-speed tumnel are represented
in figure 1.* The tests primgrily involved & series of symetrical

Profilmessungen im DVL-Hochgeschwindigkeitewindkenal (2,7-meter
Durchmesser).” Eillenthal-Gesellscheft fiir Luft fehrtPforgchung,
Berioht 156, pp. 5-16.

1The notation for the profile used in Figure 1l, wvhich is normel
practice in the INL, is exemplified on the.NACA airfoil 1 30 12 - 1.1 40!

Depth of camber, percent . . . . . A 74 = 1
Distance of meximum camber from the lea.ding edge,
mrcent ¢ 8 ¢ s a4 s 6 o 5 e & s ® s 2 s s & {l =
Thickness ratlo, percent . « « « « « .« . . ¢ & x;
Fose radius, Pexcent « « « + + « « + o o ¢ « o o . . = 1.1
! (d/1)2

Jackward position of maximum thickness from the nose,
Percent ¢« & e . . & ¢ o s 2 & & s s & & & xd/z = ’4‘0

The added letterg NACA indicate that the contour of the NACA systemiga-
tion is maintalned.
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standard NACA alrfoils with thickness ratios renglng between

a/l = 0.06 and 4/t = 0.18 (reference 1). In addition three
symmetricel profiles having thickness ratios of 9, 12, end 15 pewcent
with meximum thickness moved backward were investigated; the tests,
however, have not yet been correlated because of their use for
different purposes end the long deley ‘between tests (reference 2).
So far only one profile with 2-percent camber end normal thickness
dlstribution has been investigated at the request of the Messer-
schmitt Co. (reference 3). A greater number of profiles of various
cember are ready to.be tested. .(In the meantime three more cambered
mrofiles were investigaeted up to Januery 1943.)

On the previously emumerated profiles the pressure distribution
was measured in the center section of the rectanguler wings fitted
with end plates and the drag was computed from measurements of
momentum loss behlnd the model wings. The wing chord of all these
models was 500 and 350 millimeters,respectively, so that the
Roynolds number even at the lowest lga.ch nuber of the tests,

(M = 0.30), with Re min $2:2 X 10° was still considsrebly above

the critical velue for the boundary-leyer reverssl on flat plates.

In addition a mmber of proflles with thickness ratioc up to
a/1 = 0.50 and chords of 1 = 60 millimeters and loss were tosted so
as to obtain e preliminary insight into the effects of such profiles
on the drag at high Mech numbers, especlally with respect to
propellers.

II. RESULTS OF TESTS ON FROFILES AT HIGH SUBSONIC SFEEDS
1. Lift of Symmetrical Profiles

The velue Jcgfa governing the 1ift at high alrspeeds was

determined for symmetrical profiles of varying thickmess from IVL
tests and plotted egeinst the Mach mumber in figure 2. The
theoretical cwrve for t increese according to Prandtl's
approximation ratio 1/ V1 - M=, 1s included for comparison. In
the puwre subsonic range, that 1g, up to ths oritical Mach

number, M¥, at which the Veloeity of sound 1s reached or exceedsd locally,

the test curves of thin profiles up to 4/l = 12 percent menifest
an increase in the dc value which is in good agreement with

Prendtl's celculations. Only on the thickest profile with

d/1 = 18 percent. does the 1ift increase disappeer with rising
Mach number, obviously as the result of the more unfavoreble
develomment of the boundary layer on thick profiles.
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After exceeding the eritical Mach number M¢, that is, as soon
as the sonic velocity is locally exceeded at the profile and
coupressibility shock occurs, the premises of the Prandtl law
are no longer complied with, hence no agrecment is to be expected
between the experimentel and theoreticel curve. While in thise
reange the 1ift increase for thin profiles up to &/l = 12 percent
increases at first, and then shows no merked decreese until after
substantlially exceeding the critical Mach number, the Lift on
the thick profiles of d/'L = 15 percent and 18 percent decreases
as socn asg the critical Mach number is exceeded and finally drops
to zero at sbout M = 0.83. This dissimilar behavior of the 1lift
on thin and thick profiles in the supercritical renge of Mach numbers
can be explained fram the pressure-distribution records by the
disgimilar development of the compressibility shocks.

On studying the range of Mach numbers on & profile with
compressibility shock occurring only on the suction side (fig. 3),
it is seen that this shock has already moved much farther towsrd
the trailing edge on the thin profile than on the thick profile;
this causes the earlier manifested 1lift increase on the thin
profile and the lift decrease on the thick profile, as seen by
a camperison with the pressure distribution curve at small Mach
number indicated by thin lines.

If at further rige in Mach number the pressure side alsoc happens
to come into the range of the compressibility shock (fig. L4), these
shocks develop on suction and pressure side near the trailing edge
of thin profiles at sufficiently high subsonic Mach numbers, so that
a large lifting surface remeins, which however is substantially less
compared to the pressure distrlibution without pressure-side compressi-
bility shock. On the thick profile, on the other hand, the suction-
slde compressibllity shock lags behind in its rearward movement, so
that for the lifting surface at the forward part of the profile there
is & corresponding negetive lifting surface at the rear part of the
profile end the 1lift therefore drops to zerc or even negative values
in spite of the positive angle of attack of the profile.

The formation of the clted pressure distributions also affords e
possibility of estimating the 1ift distribution on profiles at higher
Mach numbers than correspond to the measured range. As the presswre
distribution of the thin profile in figure 4 indicates, at M = 0.88
the compressibility shocks on suction and pressure side have already
travelled close. to the trailing edge so thot on this profile no
further fundemental change in 1ift is to be expected. This is
readily seen by a comparison with the pressure distribution of an
airfeil at a supersonic speed, as represented in figure 5 according
to & measurement by Ferri (reference L4). The pressure distribution
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et supersonic velocity resembles in the low-pressure varliation as
well as in the position of the compressibility shock the pressure
distribution on the thin profile. Accordingly it is to be presumed
that the curves for the lift increase in figure 2 may not be
extrapolated to zero for the thin profiles, but that the 1ift is
ectuelly meintained throughout even at furthexr approach to sonic
velocity. Severel tests in the IVL high-spesed tunnel are avallable
which show that the 1lift at the very high Mach number of M = 0.90
does not continue to drop steeply but rather starts again to rilse
to higher lift coefficients. For the same reason it ls to be
expected that on the thick sairfolls e rise in Mach number beyond
the test range will be accompanied by a 1ift increase to rational
values, because the suction-side compressibility shock will travel
to the tralling edgs even on the thick eilrfoils at sufficlently high
subsonic Mach numbers and so cancel the overlap in- the pressure-
digtribution plo‘be.

2. L1ft of Cambered Alrfoils

Only one cambered eilrfoll with 2-percent depth of cember and
l3-percent thickness ratio has been tested, although a large
number of cambered model wings hed been prepared for testing.
Aside from the 1ift increase ace/aa and the dreg which are

similer to those on symmetricel ailrfoils of equal thickness ratio,

an unusual result of thesc measurements was the sudden displacement
of the engle of attack for zero 1lift at high Mach mmbers (fig. 6).
While up to M = 0.8 the engle for zero lift of Jthe cambered sirfoil
was located at ag ® <1.59, i1t rose to a, = 2°, or changed by

ebout 3.5° when the Mach muber increased to M = O 86. Thus

& wing must be given a 3.5° higher setting in this range, if lift
conditions similer to thoee at small Mech numbere are to be resached.
This displacement of zero engle of attack is also attributeble to

a particular formetion on the pressure side of the campressidility
shock that suddenly moves in direction of the wing tralling odge
in the 0.8 to 0.86 Mach mumber range (figs. 7 and 8).

3. Neutral Stability Point of Symmetricel Profiles

The neutral stebility point which owing to the symmetry of thes
profile in this instance also indicates the position of the applied
moment was computed for the series of NACA eirfoils of varying thicke
ness from the pressure-distribution meesurements over & range of
small 1lift coefficlents. According to figure 9 the curves for the
varyingly thick profiles ere so steggered at small and medivm velocitles
that for thick profiles the neutral stebility point lies nceror to
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the leading edge. This is due to the boundery layer which thickens
more on the suction than on the pressure side and therefore reduces the
1ift at the trailing edge in eccord with the effective Jot boundary

et the edge of the boundery layer. This decrease in 1lift caused

by the one-sided thickening of the boundery layer is naturally

g0 much greater as the profile is thicker.

At increasing Mach number all neutral-polnt curves shlft towerd
the wing leading edge, the shift being greater for the thicker profiles.
This also is explainable by means of the boundery lsyer, since with
rising Mach nmumber the pressures governing the boundary-layer
develomment incresse and thus the seme effect is produced es by &
fwrther thickening of the profile.

After exceeding the criticel Mach number, thet is, after locally
exceeding the veloclity of sound the curves of the thin airfoils with
6 to 12-percent thickness ratio bend sherply in direction of the
tall-heavy neutral stability-point positions, while the curves of the
thick profiles continue to rise in the old direction. This dissimilar
behavior in the range of the compressibility shocks 1s already evident
from the previously discussed pressure-distribution curves in this
spoed range (figs. 3 and 4). Owing to the dissimilar compressibility-
shock position on the pressure and suction side of thick airfoils
it results in ¢verlap in the pressure distribution which as a result
of the downwash shifts the applied moment forward. This overlap
cancels out on the thin airfoils especielly at high Mach numbers.

On the contrary, the pressure distributions disclose that the applied
moment travels in direction of the wing center as in pure subsonic
flow. _

4. Dreg of Symmetricel Profiles

The drag of the symmetricel profiles with different thickness
ratios explored in the high-speed tunnel is plotted egeinst the
Mach number in figure 10 for symmetrical air flow. There is no
chenge in drag coefficient up to the criticel Mach number, that is,
in the subsonic range, bYut after a certain increase in Mach number
beyond the critical,the well known steep-drag rise occurs. The
amount of the drag rise covered on an average by these tests is up
to drag coefficients (referred to frontal area) of around 0.h.

In the pure subsonic range the drag coefficient of the profiles
tested is practlcelly constant, although the Reynolds number of the
tests Increeses with increasing Mach number, This observation was
made on the symmetricel NACA ailrfoils as well as on other tests on
different models., In the evalustion of thess curves
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i1t should be remembered that the Reynolds number effect leading to

a drag decrement is opposed by the effect of compressibllity on
incresaing the velocities which acts in the sense of a drag increase.
Calculations for predicting the drag curve at subcritical Mach numbers
have up to the present not given the complete equality of these two
mutually counterscting influsnces; it must not be forgotten that these
approximation processes considercd only the Reynolds number and

the apparently increagsed profile thickness, but not the compressi-
bility in the formation of the boundary layer., By this ocmmission no
provision 1s made, for example, for the fact that substantial
temperature differences ocour within the boundary layer which, for
instance, at the point where locally the velocity of sound is

exactly reached, already amounts to about 45° C. So when the
boundary-layer laws obtained for incompressible flow are applied

to compreasible flow the diffgremnce betwsen measurement and o
preliminary calculation is, in view of this omitted temperature
gradient, not surprising.

Incidental to the steep drag increase the question arises as to
what valuss the drag will attain at further increasing Mach number.
From numerous measuremsnts in the highwspeed tunnel 1t was found
that the drag coefficlent baged on frontal aree appears to Aend
toward a terminal value of the order of magnitude of o, = 1.2 at

high Mach numbers, so thet this value may serve as reference point
for an extrapolation of the drag coefficients beyond the test range.

This value ig confirmod satisfactorily by the messurements on
thick symmetrical airfoile of emall chord represented in figure 11,
and vhose thickness retio had been raised to 50 percent in view of
propellsr root profiles. The profile chord of these wings ranged
botween 36 and 60 millimsters, the span was about 500 millimeters.
The wings were mounted on an adjusteble centrsl spindle, the drag
at zero setting was determined by msans of a thin wire extending
forward at the model. These measuremsnts also show within measuring
acomracy the neerly constent drag coefficiont up to the critical
Mach number.

III. CORREIATION OF THE FROFILE MEASUREMENTS IN THE
DVL HIGE-SPEED TUNNEL WITH THE MEASUREMERTS IN THE
TARGE WIND TUNNEL OF THE DVL

The meesurements in the DVL high-speed tumnel gene?_@.lly cover a |
speed range of from 100 meters per second to about 90 perecent of the
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veloclty of sound. At the lowest airspeed compresslbility uwsuwelly
has such a small effect that the test data in this range are
directly comparable with the msasurements in low-spesd wind tunnels.

The series of symmetrical NACA eirfoil sections, for which an
abstract from the high-speed meesurement is given in the present
report, was 8lso tested in the large tunnel of the WL (5 X 7 metsrs)
at low speeds (reference 5), The data from both tests are
compared in figures 12 and 1%. For the comparison the tests from the
high-speed tunnel were extrapolated to the Mach mumber of M = 0.2
corresponding to the speed in the larfe tunnsel which involved no
difficultles in view of the flatness of the curves in this range
of Mach nunbers. ‘ghe Reynolds number in both wind-tunnel tests
was Re & 2.7 X 100. The egreement between the measurements in
both tunnels is unusually good. The discrepancies in dreg end
in moment about the quarter-chord point renge within measuring
accuracy.

Only for the 1ift increase Jcgfda do the high-speed measurements
systematically exceed those of the large twinel by about 5 percent.
This difference is probebly due to the fact that normel wings with
aspect ratio bo/F = 5 were used in the levge tunnel, while the wings
in the high-speed tunnel were fitted with end plates. In the
convergion of the angle of attack with the end-plate measurements
to two-dimensionel flow, it is concelvdble that the simple equations
employed for teking the end plate imve accouns, according to O. Schrenk,
still contain certain inaccuracies.

IV. EFFECT OF ASPECT RATIO ON THE AFRODYNAMIC
COEFFICIENTS OF RECTANCULAR WINGS

The previously reported test date were obtained, &s a rule,
from pressure~distribution measurements in the center section of
rectengular wings, hence reproduce the profile characteristics Ffor
two-dimensional flow in good approximetion. The drag meesurements
on the smell winge of lerge thickness with their comparatively large
dspect ratios, b=/F % 10 or more, form the only exception.

1. Effect of Aspect Ratio

In the pure subsonic range it 1s of importence to know whether
the aspect ratio acts in accord with the theoretic calculations
(reference 6) on the rise in the 1ift incresse acj with
increasing Mach mmber. According to these calculations the 1ift
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inoreases at comstant anglo of attack of the wing only in two-
dimengional flow in the ratio 1/\/1 = M2, while for finite aapect
ratlo the rise 1s smeller and disappears altogether in the extrems
cage of very small aspect ratios,

On the basis of later measuroments on wings with the same profile
NACA 00012 ~ 1,130 with three different aspect ratioe (B2/F =
from pressure-distribution mossurements, and b2/F = 6 arnd 1.15 from
Porce meesuroments) this question rogarding the 1ift inorease could be
answered to the oxtent that the test data are in satlisfactory egreoment
with the calculations. On the wing with very emall aspect ratio in
particular, b/F = 1,15, the riss of the Jog/3n values with

increesing Mach number is oxtromely small (fig. 15).

According to the cited theoretical investigations this diminished
rise in dog/dc for small aspect ratic is attributeble to the fact
that, while the 1lift belonging to the effoctive angle of atitack of
the wing increases in accord with selovlations for two-dimensional
flow with the Prandtl factor 1/V1 - M®, +the induwced downwash engle
at the wing also Increeses as a result of the increased 1ift end
80 reduces the 1lift by way of the effective angle of attack. This
reduced 1lift increese is therefore so much greater as the downwash
effect is greater, thet 1s, as the appect ratio becomes smaller.

For the very seme reason this reduction disappears completely when
a8 for infinite ampect ratio the downwash is infinitely emell.

The meesurements for b2/F = o and b2/F = 6 sliow no substantial
differences in their fundamental distridbution even in the supercriticel
range of Mach mumbers, as for Ilnstence, the temporery marked rise in
1ift after exceeding the velocity of sound followed by a marked drop
as & result of the pressure-distridbution overlap. On the wing with
aspect retio Dbe/F = 6, which was measured up to M= 0.90, it is
noted again thap the 11ft characteristic OJcg/Sc &t very high
Mach mumbers of M = 0.90 no longer decreases but begins to rise
agaln with further increase in Mach number.

From this general tremd for b2/F—3 e and b2/F = 6
the test curve of the wing with b/F = 1.15 differs in noticeable
menner, to the extent that this wing neither exhibits a greater
increase nor e merked decresse in the Ocg/da owrve in the

supercritical range of Mach numbers.

g
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2. Wing With Aspect Ratio PR/F = 1.15
(NACA alrfoil section 00012 - 1.130)2

The wing designed with the NACA airfoll section 00012 - 1.130
had & chord of 1 = 0.35 metsars. It was supnorted at wing center
by a single belance support which transmitted the lift and drag of the
model wing at e 45° angle obliguely to the balance. The moment was
measured on & separate balénce over a symmetrlical moment exrm.

Lift: Figure 16 shows the 1ift coefficient cg plotted egainst
the angle of attack o for severel Mach nmumbers. In contrast to all
profile measurements known so far, no dlsturbances of any kind were
observed throughout the entire renge of Mach numbers up to M = 0.91,
notwithstanding the fact that the angle of abttack was ralsed up to
@ = 8°, gave thet the highest Mach number M = 0.91 et high «a
no longer yields the slight deflection of the 1ift curve in direction
of higher c¢g, Dut on the contrary, a slight deflection in the
opposite sense, thet is, towerd lower c,. However, it 1s to e

noted that the lift coefficient as & result of the smell aspect ratio
at o= 8% mounte to little more than cgy = 0.2.

Schlieren ohservations mede contemporary with the force measure-
ments indicated that at M = 0.82 gevere campressibility shocks
occourred even &t zero engle of attack. According to the Bchlieren
photographs the locetion of the compressibility ehocks on the
mregsure slde was & little nearer to the tralling edge then on the
suctlion side, so that the overlap observed on the profile in
two-dimensional flow and the loss in lift produced by it, wes
largely canceled out.

The small effect of the Mach mumber on the rise of the lift curves
cg = £(a) is more accurately represented in figure 17 on the varietion
of the 1ift increase Jcp/de with respect to the Mach mumber.
dcg /e increeses very little, in fact, & 1little less even than the

theory stipuletes.

Moment: In figure 18 the mcment coefficient referred 4o the
1/% chord of the wings is plotted against the 1ift coerficient cg
for several Mech numbers. According to it the moment curves are
not rectilinear eny more even &t low speeds, and this oscillating
veriation 1s considerebly simplified at increasing Mach number.

2These messurements are to be published as a separate report
in the near future.
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But discontinuous moment Jumps as on wings in two-dimesnsional
- flow are completely absent.

Another wnusuel fact is that the moment cwurves with rising
Mach number turn considerebly in the unstable sense, which
corresponds to a ghift of the nmeutral stability point toward the
leading edge (fig. 19). Even at low speeds the neutral stability
point, which owing to the symmetrical wing profile is also
identical with the center of presswre, lies about 18 percent
shead of the 1/4 point, that is, only &bout 7 percent aft of
the wing leading edge. This forward position is explained by the
fact that owing to the small espect ratic of the wing, the stream
lines are considerably curved compared to the wing chord which at
the tip especially leads to greater negative lift and even loss
og 1ift. Since at high Mach mumbers for the model wing with
b°/F = 1.15 there corrosponds & comperable wing in incompressible
flow with & smaller aspect ratio, the further forward shift of
the neutral gtebility point with incressing Mach number is readily
understood, even though the magnitude of this travel wes, at first,
surprising. For example, the neutral point lies already at the nose
when M = 0.76 is reached; at still higher M it and with it the
center of presswre lies even sheed of the wing leading edge.

A comperisen with Winter®s tests on wings of small aspect
ratios (reference 7) indiceted that & wing with Po/F =1 and
12.7-percent thickness ratio corresponding to the previously
reported measurements likewlse exhibited & very forwardly located
neutral stability point, which wes determined as being less than
10 percent behind the leading edge.

Dreg: The dreg of the wing with b2/F = 1.15 in symmetricel
flow 1is plotted egainst the Mach number in figure 20, zlong with
the corresponding dreg curves of the rectangular wing with p2/F = 6
and of & wing with 350 positive eweepback and bS/F = 6. All wings
hed the same NACA 00012 -~ 1.130 profile. The drag increase on the
wing with b2/F = 1.15 is considerably delayed relative to the
rectangular wing and starts only a little earlier than on the wing
with 35° positive angle of sweepback. The reduction fram bP2/F = 6
to b/F = 1.15 thorefore causes the sage delay in drag increase
st high Mach numbers, as obtained for bS/F = 6 with a 30° positive
sweepbeck.

The cause of this beneficial drag action of the wing with small
aspect ratio is likely to be found in a transition to three—
dimensional flow as a result of the small aspect ratio. At the
wing tips, whose range of influence in this particular case amounts
to a considereble portion of the total wing area, & flow occurs which
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is rether compereble to &an axially symmetrical than to a two-dimensional
flow, and as a consequence exhibits the more favorable charsacteristics
of a three-dimensional flow.

V. RECAPITULATION

1. A brief survey of the airfoll measurements in the IVL high-
speed tunnel is given in the light of seversal diegrams.

2. By measurements on wings of dlfferent aspect ratios it is
proved that in the pure subsonic range the espect ratio affects the
rise of the 1ift as the theory stipulates. Thus the lift for wings

of infinite aspect ratio, for exemple, increeses with 1/V1 - Ma,
while in the extreme case of venishingly small aspect ratio the
1ift remains constant in spite of increasing Mach number.

3. High-speed measurements om & rectanguler wing with bP2/F = 1.15
disclosed that in the entire test range, that is, up to M = 0.90
and angles of attack up to « = 8°, no rough discontinuities in
1ift and moment were observed. The dreg rise at zero lift on this
wing compered to the wing of 1b2/F = 6 was shifted considerably
toward higher Mech numbers. .

DISCUSSION

Knappe: GSthert's drag curves showed no risc at small and
medium Moch numbers. But according to theoretical considerations a
linear increase sbove the Prandil factor should oceur, as definitely
obgserved ln the Heinkel tumnel. The reason thabt this effect did
not occur on Gothert's curves might be found in a superposition
of mutually opposing effects of Reynolds and Mach number. In the
measurements in the Heoinkel high-speed tumnel the effect of the
Reynolds number was suppressed by turbulence edges-" This is
aleo pleinly observed on the poeition of the test points on part of
Gothert's curves.

Helmbold. According to Gothert (JB. 1941, ILF, p. I, 684) it
is possible to correct the alrspeed in the tunnel, even when
supersonic areas already occur at the profile. Promise is, of
course, that they do not yet reach the tumnel wall. But this
condition existe long before resching the velocity of sound. In
this respect the free Jot shows more favorable choracteristics,
since on it the supersonic areas extending out from the profile
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L.

are oble to reach the Jet boundary only when the Jet leaves the
nozzle with sonic velocity. The corrective possitility which

in the tumel rests on the mecsurement of the minimum pressure

at maximum speed at the tunnel wall and provides reference points
for the predictdon of the intensity of the reflected dipole grid
by means of the Prandtl-Busemann law, is, on the free Jet, given
Yy the measurement of the greatest Jel expansion ond the subsequent
determination of the reflected dlpole grid. The correction possi-
bility therefore ends only at sonlc velocity on the free Jet.

Translated by J. Vanler
National Advisory Committee
for Aerconautics
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expressed compressibility shock on the suction side (pure subsonic flow
yet on the pressure side).

S (WL OWW {77

LT 075 - 1.7 7]

~L2
PY,aN —te PO J'-b'-t‘ — et
~ o___l-—-—"n-' i/ ~d Yee .
4f = : ’V‘ e e S, -~
o i i vy i 2 N I S A
7 —T==g Sonic velocity — <<
™ z boundary ™
i —— Y R T f —F W0 7313
— - M=02 a, =266° ——+ M43 z,~238°
+44
2 — -/t l -/t
¢ a2 /24 a5 2 1w 0 73 94 a6 4¢ 10

Figure 4.-

Pressure distribution with compressibility shocks on suction
and pressure side.



18 : ' " NACA TM 1240

. = g li
-0.4 T T . -
% _ M=167; a«-%° | :
el —a file G.U.2 -
0 = ] Frotite 6-u.2 AT
= . [ _\L ¢ i ‘ _
] = =- = - -
P 207 11, R .

04 [ § 2 ~ :
_ ¥ W S =
*04 —m—x/t | - L -

¢ w2 45 W W e = T
Ll i ——
Figure 5.- Pressure distribution at Supersonic flow M = 1.85 (according
to Ferri).

+ T T T -
“m ,~ Angle of attack for C =0 B e ¥
2‘ zu‘ P - ’ . ’ —
4 .=
. I . &
Critical yach mmber ] o
_ ) -3

g . ST T T
-d T o ) g
( N E]
4 Mach muber L 3

7 3 3 " 7 10
Figure 6.- Angle of attack at zero lift of a cambered profile at high Mach
number (profile: Messerschmitt 2 85 13 -~ 1.1 30). R

-16 i ——1 L :
& H=080; =427} Me064, acp=7010° o
-7 ] — ‘ - R
n ey 7 ERd e e o
14 A ‘S;L_\ W4 _ k’ﬁ% o
O-Omg] + )
’ / X, \ :ﬁ,.
; \ Sonic velocity
04 boundary .
4 : : = s
. ’ - S |
+12 X /¢ rey/t o -
7 a2 a¢ a6 4 1 14 492 4¢ a6 a4 7
figure 7.- Préssure distribution on a cambered profile at M = 0.80 _ L

and M= 0.84 (angle of attack a,® 0°) (profile: Messefschmitt e
2 35613 - 1.1 30). .



NACA TM 1240

-[5 T ~T T T
fzj.. M=080, &=t 147° M=084, = +176*
42 :
& _0‘? 4? \ ﬁi Y
-4 d \:}_“ il - Y
-t R——" W- \ q .o,:ffﬂwq
/)
[ \ Sonic velocity
4
#12] —— 1/t ———x/t

0@z 9fF 4 48 @ 0 09z 28 05 48 70

Pigure 8.~ Pressure distribution oh a cambered profile at M = 0.80
and M= 0.84 (o, 1.8°). (Profile; Messerschmitt 2 35 13 - 1.1 30)

azf

2201 52% J

a7

Critical Mach mumber for cg = 0 7]

012
v,
0.08
J/

04 HALBLL 3o
s e
i riaen e
7 12 74 | 4¢ l 7
Mach number y X
"0.0‘ 1
)
S -0.08 f
-012 ‘l
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Figure 11.- Drag coefficient ¢, at zero lift for thick symmetrical NACA
airfoils plotted against the Mach number (airfoil series 000d/1 - 1.1 30).
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Figure 12.- Profile drag coefficient wp for profiles of different d/1

(NACA series 000d4/1 - 1.1 30and 2 40d/1 - 1.1 30) according to tests
in the high-speed tunnel and in the large tunnel. Reynolds number in both

cases: R=2.Tx 106; Mach number M % 0.20; lift coefficient c, = 0.
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Figure 13.- Lift increase 3¢y /é% in two-dimensional flow on profiles of .

different d/1 (NACA series 000 d/1 - 1.1 30) according to measurements
in the high-speed tunnel (pressure distribution measurements) and in the
big tunnel (weighing).
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Figure 14.- Neutral stability point position 3c m /aca for profiles of different

d/1 (NACA series 000d/1 - 1.1 30) according to pressure distribution
measurements in the high-speed tunnel and weighing in the big tunnel.

il

b

o

I

1]
Iy

i b 4 )

[

I

L el lk-.HL.J.-.J.M o

|
L o

we - . - LR

Adnod i ke Sy b

k-



NACA TM 1240 23

%

dc, T T T T T ]
P T¢L Increase according to theory
/
\ A
8
Ae=ce |~ 7
; ——-\-L’- |1 3 r/
A6 §
‘ L
4
A=1 L"
2 — N =1
. Mech mmber N
¢ qz2 a4 qs a¢ )

Figure 15.- Effect of aspect ratio A on the lift increase 3c, /oo at high
Mach numbers in the zero lift range (NACA series 00012 ~ 1.1 30).
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Figure 16.~ Lift coefficient c, plotted against « for a rectangular wing of

A= 1.15 and NACA airfoil section 00012 - 1.30 at different Mach
numbers M.
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Figure 17.- Lift increase 3c, /dq of a wing with A= 1.15 and of an airfoil
of the NACA series 00012 -1.130 plotted agalnst the Mach number at -
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Figure 18.- Moment coefficient ¢ z/4 plotted against lift coefficient c,

for a rectangular wing of A= 1.15 and for the proflle NACA 00012 - .
1.1 30 at different Mach numbers. | -
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Figure 19.- Neutral stability point 3dc,, /dc, of a wing with A = 1.15 and
profile NACA 00012 - 1.1 30 plotted against Mach number at ¢, = 0
(cpy > 0; tail heavy, referred to 1 /4 line).
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Figure 20.- Drag coefficient cj at zero Uft plotted against Mach number

for several model wings of different aspect ratios A and angle @ ; profiles
of all models measured in flight direction are NACA 00012 - 1.1 30.
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APPENDIX

From G8thert, B.: Hochgeechwindigkelitemessungen
an einem Fliigel kleiner Streckung. Zentrals fir
wissenschaftlichee Berichtswesen des Luftfahrt-—
forschung des Generelluftzaugmeisters (ZWB)
Berlin-Adlershof, Forschungsbericht Nr. 1846,

figures 6 and 7.
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