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Abstract

Fourteen composite honeycomb sandwich panels were tested to

failure under compressive loading. The test specimens included

panels with both eight and twenty-four ply graphite-bismaleimide

composite facesheets and both titanium and graphite-polyimide core

materials. The panels were designed to have the load introduced

through fasteners attached to pairs of steel angles on the ends of the

panels to simulate double shear splice joints. The unloaded edges

were unconstrained. Test temperatures included room temperature,

250 °F, and 300°F. For the room and 250°F temperature tests, the

24-ply specimen failure strains were close to the unnotched allowable

strain values and failure loads were well above the design loads.

However, failure strains much lower than the unnotched allowable

strain values, and failure loads below the design loads were observed

with several of the 8-ply specimens. For each individual test

temperature, large variations in the failure strains and loads were

observed for the 8-ply specimens. Dramatic decreases in the failure

strains and loads were observed for the 24-ply specimens as the test

temperature was increased from 250 °F to 300 °F. Due to initial

geometric imperfections, all specimens exhibited varying degrees of

bending prior to failure. All 8-ply specimens appeared to have failed

in a facesheet strength failure mode for all test temperatures. The 24-

ply specimens displayed appreciably greater amounts of bending

prior to failure than the 8-ply specimens, and panel buckling

occurred prior to facesheet strength failure for the 24-ply room and

250°F temperature tests. For the two 24-ply specimens tested at

300 °F, one panel failed due to facesheet strength and the other due to

a disbond between the facesheet and core materials.

Introduction

The development of advanced lightweight

structural components is an important

requirement for an economically feasible high

speed civil transport. Figure 1 displays a

conceptual drawing of a high speed civil

transport. At supersonic speeds, both the wing

and fuselage structure will be exposed to

elevated temperature. For an aircraft designed
to cruise at Mach 2.4, structural surface

temperatures up to 350°F have been predicted

(ref. 1). Since material strength and stiffness

properties generally degrade at elevated

temperatures, the high temperature operating

environment challenges structural components

to maintain effective load carrying capabilities.

The quest for lightweight structural components

able to carry high mechanical loads at elevated

temperatures has led to the consideration of

composite honeycomb sandwich panels for

such applications. However, the effect of

temperature on the load carrying capability of

composite honeycomb sandwich structure is not

well understood. Although thermal effects on

the individual sandwich components, the

composite facesheets, adhesive, and honeycomb

cores, have been investigated, interactions

between these components in a sandwich panel

may exhibit a significantly different

temperature dependence.

In the present study, fourteen composite

honeycomb sandwich panels were tested at



either; room temperature, 250°F, or 300°F.

Each panel was tested to failure under
compressive loads at a uniform temperature.

The panels were fabricated by Marion

Composites under contract with The Boeing

Commercial Airplane Group. The panels were
tested in the Thermal Structures Laboratory at

NASA Langley Research Center.

The purpose of the tests was to evaluate the
effect of temperature on the failure mode and

load carrying capability of the composite

honeycomb panels under investigation. This

paper presents test and analysis results from
fourteen panels that were tested in compression

to 1) evaluate the ability of the composite

honeycomb sandwich panels to carry

compressive mechanical loads at room and

elevated temperatures, 2) determine the effect of

temperature on the compressive failure mode of

these panels, and 3) evaluate the ability of

analysis methods to predict the compressive
failure mode and load of the composite

honeycomb sandwich specimens.

Test Program

A test program was established to observe the

effect of temperature on the failure mode and
failure load of structural panels being

considered for a high speed civil transport. The

focus of this test program was on compression
dominated areas of the aircraft where structural

response tends to be more complex. Composite

honeycomb sandwich panels are being
considered for compression wing panels due

their structural efficiency. However, there are

concerns about the ability of these panels to
maintain their structural integrity at elevated

temperatures. Interactions between the
laminated facesheets, adhesive bonds, and

honeycomb core add to the complexity of the

problem in predicting failure loads and

temperature effects. The fabrication procedure,
a co-curing process in the present study, may

effect the structural integrity of the panels. In

addition, geometric imperfections of the panel,

possible non-visible impact damage and
fabrication defects (i.e., local areas of disbond

between the facesheets and core) exasperate the

issue. Although an extensive test program is
needed to understand the behavior of a

composite honeycomb sandwich panel at
elevated temperatures, the present study was

limited to fourteen panels.

To introduce the compressive load into the

panels, the test specimens were configured with

bolted joint connections to simulate double

shear splice joints. Each end of the composite

honeycomb sandwich panel was potted and
attached to a pair of steel angles by two rows of

fasteners. The bolted joints provided load paths
for the tests which are similar to those expected

in joints in a high speed civil transport, but also
added more complexity to the tests and

increased the difficulty in creating an accurate

analytical model.

Panel Design

It is standard practice to design lightweight
aircraft sandwich structure for simultaneous

failure modes to increase panel structural

efficiency. For these particular sandwich panels
designed by Boeing, panel buckling and

facesheet strength failure were the two possible

failure modes having nearly zero margins of

safety. Facewrinkling, shear crimping, bolt

bending, and bolt shear were ruled out as

possible failure modes due to high margins of

safety. Pad-up plies were added in the joint
area to increase the bearing capability and

reduce the risk of bearing failures. The

honeycomb core was potted in the joint areas to

prevent core crushing from bolt clamp-up. The
preliminary design analyses for the panels were

conducted with the panels at room temperature.

The objective of the testing program is to define

the structural performance degradation due to

temperature.

Materials selected for the design of the

panels were among those being considered for
use in a high speed civil transport. The

composite facesheet material is an toughened
graphite-bismaleimide designated IM7/5260

and manufactured by Cytec Engineering. Two



wingpanelconceptswerechosenfor thisstudy.
One concepthad minimum thickness8-ply
facesheetsrepresentativeof a lightly loaded
structureand the other concepthad 24-ply
facesheetsrepresentativeof a moderatelyloaded
structure.Boththe8-ply and24-ply laminated
facesheets had quasi-isotropic layups.

inchesof the core pottedon the ends but
without the bolted joint connectionsused to
simulateadoubleshearsplicejoint. In the joint
areaof the panels,four additionalplies were
addedto the outsideof each8-ply facesheet
and eight additionalplies wereaddedto the
outsideof each24-ply facesheet.

CytecBMI X2550Gdry film adhesive,with a
thicknessof 0.01 inches,wasusedto bond the
facesheetsto thecore. Twocorematerialswith
the samecell densityand configuration,were
selectedfor direct comparisonand evaluation.
The corematerialswerea titaniumhoneycomb
foil of thealloyTi-3AI-2.5Vanda non-metallic
honeycombfabricatedby HexcelCorporation,
designatedHFT-G-327,which is a bias weave
graphite fabric reinforced polyimide
honeycomb. Both core materialshavea cell
sizeof 3/16 inchesand a nominal densityof
approximately6 lbs/ft3.

Test Specimen Descriptions

Fourteen test panels were fabricated by
Marion Composites using a proprietary co-

curing process developed jointly with Boeing

and Marion. A schematic diagram of a panel
specimen is shown in Figure 2. The panel

length, 1, and width, w, are depicted in the front
view, and the facesheet thickness, t, and the core

depth, c, are depicted in the side view shown in

Figure 2. A testing matrix describing all test

specimens is provided in Table 1. All panels

measured approximately 12 inches wide by 35
inches long with a one inch thick honeycomb

core. Four of the panels had 8-ply facesheets

with titanium core, four had 8-ply facesheets

with graphite-polyimide core, and the

remaining six panels had 24-ply facesheets with

graphite-polyimide core. All 8-ply specimens

had 2.75 inches of the core potted at each end
and had steel angles attached with two rows of

fasteners using nine 3/16 inch diameter steel

bolts per row. Four of the 24-ply specimens

had 3.25 inches of the core potted and two rows

of fasteners using eight 3/8 inch diameter steel

bolts per row, and the remaining two had 3.25

Each specimen was instrumented with strain

gauges mounted back-to-back on the outer

surfaces of the panel facesheets. The panels

tested at elevated temperatures were also

instrumented with thermocouples. A typical
instrumentation layout used for several of the

specimens is shown in Figure 3. The figure
displays half of the panel length, where all

instrumentation is symmetric about the panel
centerline.

Test Apparatus and Procedure

A 500-kip hydraulically-actuated universal
test machine was used to load all the test

specimens to failure in compression. A photo

of one of the failed specimens located in the test

machine is shown in Figure 4. Heated platens
were mounted through ceramic insulators to the

steel compression platens. Loads were applied

to the panel through the heated platens and the
steel angles on the test specimens as shown in

Figure 4. The two unloaded edges were

unconstrained. Test data was recorded using a

NEFF 470 data acquisition system coupled with

a computer to store test data and display real-
time data plots.

Prior to heating the panels, ten percent of the
predicted compressive strength failure load was

applied to each panel. At that load, back-to-
back axial strains near the four comers of each

specimen were monitored. The lower platen,

which is seated on a spherical ball, was adjusted
so that the difference between the monitored

strains were within one percent of the expected
failure strain. Even though care was taken to

mount the steel angles on the specimen so that

the specimen ends would be flat and parallel, in

several cases, adjustment of the platen was not

sufficient, and metal shims were placed between



thesteelanglesandheatedplatento achievethe
desired strain uniformity.

An insulated clamshell-type oven with fin-

strip heaters and fans mounted on the inside

surfaces was used along with the heated platens

to provide a uniform test temperature for the

elevated temperature tests. Three

thermocouples mounted on the inside surface

of the oven and on the upper and lower platens

were used as input for the three zone thermal

controller. Thermocouples mounted on the test

specimen were also monitored to ensure a

uniform test article temperature prior to

application of mechanical loads. Heat input was

adjusted such that all thermocouple readings

were within 25 degrees of the desired test

temperature. For the elevated temperature tests,
the specimens were heated while the test

machine was in load control and maintaining an
approximate load of 300 lb. Once the desired

test temperature was achieved, the test specimen
was loaded at a constant displacement rate of

0.02 in/min. Applied load, ram displacement,
and back-to-back strains at the center of the

panel were monitored in real-time. The tests

were continued until the panels fractured.

Analysis

The ability to predict the panel test results

was also investigated as part of this study.
Several analysis approaches, with varying

degrees of fidelity and hence complexity, were

evaluated to determine their ability to reproduce
the test results. Due to the lack of available data

for IM7/5260, the design allowable strain

determined at Boeing from coupon testing of

IM7/5250, a material with properties considered
identical to IM7/5260 for the design effort, was

used in predicting failure modes and

determining allowable design loads for each test

temperature. A table containing the allowable

strain data is presented in Table 2. The open-

hole-compression average strain values of

IM7/5250 were used as the design allowable
strains of the IM7/5260 facesheets for the

panels of this study.

The most basic analysis method used here

was a one-dimensional strength of materials

solution for the compressive strength. The

method assumes that the applied load is a pure
axial load uniformly distributed across the

width of the panel and is the same for both

facesheets (i.e., the panel is indeed flat). A

further assumption is that the honeycomb core
provides negligible stiffness in the axial

direction. The strength of materials approach to

the compressive strength reduces to the simple
equation, P = EAe, where P is the design load, E

= 8.63 x 106 psi is the isotropic modulus of

elasticity of the facesheets determined from

laminated plate theory, e is the design allowable
strain, and A is the effective cross-sectional area

of the panel facesheets.

As a second step in increasing fidelity, two-
dimensional finite element models were created.

The test specimen was modeled as a composite

multi-layer plate. A schematic drawing of the
composite layers and their properties, used in

the finite element model, are shown in Figure 5.

The facesheets were modeled as separate quasi-
isotropic lamina, the honeycomb was modeled

as a single orthotropic layer, and the steel angle

plates at each end were modeled as if they were
continuously bonded to the facesheets.

Although the steel angles were actually bolted

to the composite panel, the approximations
allowed for a very simplified plate model of the

test specimen. The resulting finite element

model consisted of 1113 nodes as displayed in
Figure 6. The panel was first modeled and

evaluated as a flat panel. A linear static analysis

and linear buckling analyses were conducted

using the general purpose finite element code

NASTRAN (ref. 2). Two buckling analyses

were performed to determine the range of

possible buckling failure loads, one with

assumed simply-supported end boundary
conditions and a second analysis with assumed

clamped end boundary conditions.

The effect of geometric imperfections was

also investigated. Two of the panels were
scanned prior to testing to determine the

magnitude of their imperfections in the out-of-



plane direction. The out-of-plane
imperfectionsfor Panel1 weremeasuredalong
thelengthof thepanelat the two unsupported
edges. The out-of-plane imperfectionwas
similarto, andconsequentlymodeledas,a half
cosine shapealong the panel length. The
amplitudeof the imperfectionwassetequalto
the averageof the maximum out-of-plane
measurementsalong the two edges, 0.045
inches. For Panel 2, the out-of-plane
measurementsweremappedto the grid of the
nodallocationsshownin Figure6 to generate
the initial imperfectionfor the finite element
model. Figure7 is a contourplotof the surface
out-of-planemeasurementsfor Panel2. Note
thatthiscontourplot includesthepadup which
accountsfor a 0.036 inch contributionto the
out-of-planemeasurementaftertherampup to
thejoint area(seeFigure 2). This pad up
contribution was subtracted from the
measurementsbeforetheyweremappedto the
nodal grid. For the geometric imperfection
models,NASTRAN nonlinear analyseswere
utilizedto evaluatethestructuralresponses.

Results and Discussion

Since it is not practical to present all of the

test data, only selected results are presented to

describe the typical response of the panels

under compression loading at room and

elevated temperatures. Failure data along with

pertinent panel characteristics are presented in
Table 3. For all fourteen panels tested, failure

of the panels occurred at the maximum applied

load. Although the maximum strain was

recorded at the failure load for all panels, the

location of the maximum strain reading varied

from panel to panel. It is important to note that,

since a limited number of strain gauges were
used during the tests, the measured maximum

strains are not necessarily the maximum strains

incurred by the panels during testing.

All 8-ply specimens failed due to facesheet
fractures which is referred to as the facesheet

strength failure mode. All panels referred to in
Table 3 as having failed in the facesheet

strength mode, were very similar in appearance.

Figure 8 is a photograph of Panel 4 after failure

which is typical of the appearance of all panels
that failed in the facesheet strength mode.

Increasing the test temperature from room

temperature to 300°F did not appear to effect

the failure mode for the 8-ply specimens. In

comparing the failure data of the 8-ply titanium

core panels with the 8-ply graphite-polyimide

core panels, the effect of the type of core on the

structural performance in compression is
inconclusive.

For the 24-ply specimens, buckling of the

panels prior to failure was observed for both the

room and 250°F temperature tests, as indicated
in Table 3. However, ultimate failure of the 24-

ply panels at the room and the 250°F test

temperatures was initiated by fracture of the

facesheets well above the design allowable

strain. Figure 9 is a photograph of Panel 11

which buckled prior to failure and is typical of

the appearance of all failed 24-ply panels that
experienced buckling before failure. For the

24-ply specimens, increasing the temperature
from 250°F to 300°F resulted in a different

failure mode. At 300°F, one 24-ply panel

experienced a facesheet strength failure, and the

other 24-ply panel experienced disbonding

between the facesheet and core material. Figure

l0 is a photograph of Panel 14 which failed in
the disbond mode. The failure modes at 300°F

can be attributed to a reduced strength of the
facesheets and adhesive due to increasing

temperature. Also, it is important to note that

Panel 14 had potted ends only and thus did not

have an associated clamp-up pressure that might

prevent a disbond failure mode from occurring.

The maximum measured failure strain data

for all the panels tested is displayed graphically
in Figure 11, along with the laminate strain

allowable data of Table 2. Ideally, all panels

would be expected to fail at strains near the
laminate unnotched allowable strain values for a

given test temperature. From Figure 11, one

can observe that the 24-ply panels achieved
much greater measured strain levels then the 8-

ply panels for the room and 250°F temperature
tests. The maximum measured strains for the
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24-ply were very close to the unnotched

allowables. However, the 8-ply specimen
maximum measured strains fell well below the

unnotched allowable and displayed more scatter

than the 24-ply panels. One 8-ply panel, Panel
5, failed with a maximum measured strain below

the design allowable. When going from the
250°F test temperature results to the 300°F test

temperature results, a dramatic, much greater

than expected, decrease in the maximum strains
were observed for the 24-ply specimens. At

300°F, the maximum strain for the 24-ply

specimens fell well below the unnotched
allowable level.

Figure 12 displays the failure load data for

each panel tested as a function of temperature.

Also plotted for comparison are the design

loads calculated from a strength of materials

approach. The design loads were calculated

using the minimum specimen width which was
11.375 inches and 11.25 inches for the 8-ply

and 24-ply specimens, respectively. A modulus

of elasticity determined from lamination theory

and based on ply properties and facesheet

thicknesses based on a 0.0056 inch ply
thickness for the IM7/5260 material were used

in the computations. Although the failure loads

for the 24-ply panels were above their design

loads, there was not as large a difference
between the design loads and measured loads as

with the maximum design and measured strains.

This is most likely attributable to panel bending

which was ignored in the strength of materials

approach described previously. The issue of

bending is addressed later when the

experimental data is compared to analysis
results. As with the measured maximum strains,

the failure loads for the 24-ply specimen

showed a significant drop with increasing

temperature, indicating a greater than expected

strength reduction with increasing temperature
to 300°F. For the 8-ply specimens, the test

failure data showed greater scatter than obtained

for the 24-ply specimens. The failure loads

bracketed the design loads and several

specimens failed at loads below the design load.

Unlike the 24-ply specimens, no significant

decrease in the failure load was observed at

300°F for the 8-ply specimens.

Back-to-back longitudinal strains measured
at the center of the panel facesheets are shown

with applied load for Panels 1, 5 and 11 in

Figures 13-15, respectively. The experimental

data shown in Figure 13 for Panel 1 is typical of

most of the panels that failed in the facesheet

strength mode or disbond mode. From Figure

13 it is apparent that a significant amount of

bending was experienced prior to failure. As

shown by the figure, back-to-back longitudinal

strains diverge with increasing load. This panel

bending can be attributed to geometric

imperfections as discussed earlier. For Panel 5,

Figure 14, bending was negligible, but the panel
failed at a much lower load than the other two

8-ply panels tested at room temperature. The

data shown in Figure 15 for Panel 11 is typical

of the response obtained for all the panels that

failed in the buckling mode. The diverging of
the back-to-back strain measurements to the

point where there is little increase in the load

being carried by the panel as the facesheet

strains continued to drastically increase and
decrease on opposing facesheets is characteristic

of panel buckling.

Analysis results are compared to
experimental data in Figures 16-17, for Panels

1 and 2, respectively, which were the only two

panels that were evaluated for geometric

imperfections prior to testing. Shown in Figure

16 are the structural responses obtained for

Panel 1. The strength of material approach

assumes that the panel is perfectly flat to obtain

a simplified linear solution. The linear
buckling loads were obtained from the finite

element model of the flat panel. The

NASTRAN nonlinear structural analysis results

include the effect of the geometric

imperfections. The simply-supported boundary

condition solution and the clamped boundary

condition solution represent the two extreme

conditions for edge support. Due to geometric

imperfections which induce bending, the

experimental data, and nonlinear analysis

solutions diverge from the linear strength of

6



materials solution as the load is increased. In

comparing the analysis solutions to the

experimental data, the nonlinear analysis

solution using the clamped boundary condition

provides the better estimate of the load being

carried by the panel at the design allowable

strain value. The strength of materials approach

over predicts the magnitude of the strain for a
given applied load since it neglects the effect of

the geometric imperfection and consequently

bending of the panel. Although Panel 1, Figure

16, failed at a strain level greater that the design

allowable, the load carried by the panel at

failure was less than that predicted using the

strength of materials approach primarily
because of panel bending. The NASTRAN

nonlinear analysis solution assuming the
clamped end boundary condition provided the

most accurate prediction of the experimental
results. For Panel 2, Figure 17, the slope of the

experimental curve at low loads is slightly

greater than the slope obtained from the

strength of materials prediction, indicating a

higher than expected modulus of elasticity for

the 8-ply laminate facesheets. Also, the panel

failed at a load slightly below the design load
for the panel.

In evaluating the test data, three critical issues
arise. First, the maximum measured strain for

the 8-ply specimens fell well below that of the

24-ply specimens for the room and 250°F

temperature

tests. The 24-ply panels failed close to the

unnotched allowable strain levels, however, there

appeared to be a strength reduction related to

the thinner, minimum gauge, 8-ply specimens.

Consequently, specimens taken from 8-ply and

24-ply panel facesheets were prepared for

coupon compression testing to determine any

associated strength reduction due to the co-
curing process for the thinner laminates. A

total of sixteen 8-ply and sixteen 24-ply
coupon specimens were cut from both

facesheets of four of the panels tested. The

coupon specimens were all cut 0.5 inches wide

and 2.625 inches in length and were

instrumented with back-to-back strain gauges.

The core was carefully cut and ground away
from the facesheets. Examination of the

specimens revealed that the honeycomb core
was indeed imbedded in the laminated facesheet

material. Although much care was taken to

apply a uniform axial compressive load to the

specimens, bending was appreciable in most

tests. The bending is believed to be due to a

combined effect of geometric imperfections in

the specimens and the asymmetry of the

laminates due to the honeycomb core cutting

into the inner surface and damaging the

innermost layers of the laminate. Only two 24-

ply specimens did not exhibit any significant
bending prior to failure and hence were able to

provide axial compressive strength data. For
both specimens, an ultimate axial compressive

strain of 10500 _tin/in was measured. The

ultimate compressive strain was above the

design allowable but 12% below the unnotched

allowable of 12000 _tin/in. Bending was even

more significant for the 8-ply specimens and

unfortunately no comparable strength data was

obtainable. The larger amount of bending

observed for the 8-ply specimens could be

attributed not only to a larger geometric
imperfection effect, but to a more severe

structural degradation effect of the honeycomb
core cutting into the thin laminate.

The second critical issue concerns the

dramatic decrease in the maximum measured

strains and failure load for the 24-ply

specimens in going from the 250°F tests to the

300°F tests. The possibility of an unexpectedly
large strength reduction in the adhesive or core

needs investigation. Finally, the failure of Panel
5, at such a low maximum measured strain and

failure load, even below the design allowable,

raises the issue of a possible manufacturing

defect or a possible dramatic compressive

strength reduction due to co-curing.

Concluding Remarks

Fourteen composite honeycomb sandwich
panels were tested to failure under compressive

loading at various test temperatures. The test



specimensincludedpanelswithboth8-ply and
24-ply graphite-bismaleimidefacesheetsand
both titanium and graphite-polyimidecore
materials.For the majority of the panels,the
loadwasintroducedthrough fastenersloaded
by steelanglesrepresentingdoubleshearsplice
joints at bothloadedendsof the panels. The
structural compressiveperformanceof the
different panels were evaluatedfor room
temperature,250°F, and 300°F operating
temperatures.

The 24-ply panelsperformedwell in the
room temperature and 250°F operating

environments. Experimental results were fairly

repeatable for the two panels tested at each test

temperature. The panels experienced failure
near the unnotched failure strains and far above

the design allowable. The 24-ply panels
experienced significant degradation of the

panel strength in going from 250°F to the

300°F operating environment. Therefore, it is

recommended that further study be conducted

before utilizing the present 24-ply panel design

at temperatures above 250°F.

The thinner 8-ply specimens did not

perform as well as the 24-ply specimens. They
experienced unexpectedly low failure strains
and failure loads, in addition to much scatter in

the failure data. Therefore, the present 8-ply

panel design is not recommended as a reliable

panel design in strength critical areas. However,

one factor contributing to the scatter in the

failure loads between each panel is the variation

in the out-of-plane geometric imperfections and

hence the degree of bending that each panel
exhibits. Theoretically, the more bending a

panel incurs, the lower the load for a given
strain at the panel center. Coupon compression

testing of specimens extracted from the panel

facesheets was performed with limited success

because these coupons also exhibited large

amounts of bending. Bending of the coupon

specimens was believed to be due to geometric

imperfections and to the laminates being

unsymmetric as a result of the honeycomb core

cutting into the facesheet laminates during co-

curing. The latter effect is believed to have

caused a strength reduction in the facesheets.
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Panel

Facesheet

Material Layup

Table 1. Description or Test Specimens

1 IM7/5260

2 IM7/5260

3 IM7/5260

4 IM7/5260

5 IM7/5260

6 IM7/5260

7 IM7/5260

8 IM7/5260

9 IM7/5260

10 IM7/5260

11 IM7/5260

12 IM7/5260

a 13 IM7/5260

a 14 1M7/5260

Honeycomb core

No. Material Depth, Density
plies in. lb/ft 3

(45/_45/0/90) s 8 Ti 1 6

(45/_45/0/90) s 8 Ti 1 6

(45/_45/0190)s 8 Ti 1 6

(45/_45/0/90) s 8 Ti 1 6

(45/_45/0/90) s 8 HFI'-G 1 6

(45/_45/0/90) s 8 HFT-G 1 6

(45/-45/0/90) s 8 HFI'-G 1 6

(45/_45/0/90)s 8 HFI"-G 1 6

(45D0/_45/0)3 s 24 HFI'-G 1 6

(45/90/.45/0)3s 24 HFT-G 1 6

(45/90/_45/0)3 s 24 HFT-G 1 6

(45/90/_45/0)3 s 24 Hb-T-G 1 6

(45/90/_45]0)3 s 24 HFT-G 1 6

(45/90/.45/0)3 s 24 HFT-G 1 6

Panel dimensions

Length, Width,
in. in.

35 i 1.875

35 11.750

35 11.375

35 11.563

35 12.000

35 12.000

35 12.000

35 12.000

36 12.063

36 12.000

36 11.438

36 12.000

36 12.000

36 11.250

Test

temp, °F

RT

250

3OO

250

RT

250

30O

RT

RT

3OO

250

250

RT

3OO

apanel has potted ends with no joint attachment.

Table 2. Compressive Allowable Strain Data

Used for IM7/5260 Laminates

Temperature,
oF

70

250

300

Compressive allowable strains

Unnotched,
lain/in

12000

10440

9900

Design,
lain/in

65_

5725

5400
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Table3. Experimental Failure Data

Core Failure load, Maximum strain, Failure mode

kips I.tin/in

Panel Plies

Room temperature tests

! 8 Titanium

5 8 Composite

8 8 Composite

9 24 Composite

al3 24 Composite

-58.3

-46.8

_5.2

-193.6

-198.5

-8 845

-5 907

-9641

-12 324

-I 1 555

250°F test temperature

Facesheet strength

Facesheet strength

Facesheet strength

Buckling

Buckling

2 8 Titanium

4 8 Titanium

6 8 Composite

11 24 Composite

12 24 Composite

-48.5

-46.1

-51.9

-153.6

-164.3

-7015

-7 132

-7 022

-10346

-10 148

300°F test temperature

Facesheet strength

Facesheet strength

Facesheet strength

Buckling

Buckling

3 8 Titanium

7 8 Composite

10 24 Titanium

a14 24 Composite

apanel had potted ends with no

-47.6

-58.6

-142.6

-142.9

-7 146

-8 687

-7 462

-8 146

Facesheet strength

Facesheet strength

Facesheet strength

Disbond

oint attachment.
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Figure 1. Illustration of a high speed civil transport concept.
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000000000
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000000000

000000000

W

Steel angle

Fastener

Composite
facesheet

Pad-up plies

Front view Side view

Figure 2. Schematic diagram of test specimen. Note: drawing is not to scale.
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Symmetry

I---I---I

- -,,i,-A-/- A-,i, ....
I I

I I

I I

w/2 _1

i_ w

1/3

T

6.5 in.

1/2

I Axial strain gauge

HA Axial and transverse strain gauge

A Thermocouple

Figure 3. Typical instrumentation diagram where all gauges are mounted back-to-back and mirrored in the length, 1,

direction.

13



Healed

Ceramic
insulation

Loading
platen

One half of
clamshell

Angle ironfor

Test

Figure 4. Photograph of failed panel located in test stand.
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Core: E = 0

v = 0.3

Gxz = 82000 psi

Gy z = 59000 psi

Steel: E = 2.9 x 107 psi

v = 0.28

= 6 x 10 -6

Facesheet: E = 8.63 x 106 psi

v =0.31

Gxz = 8.5 x 105 psi

Gy z = 8.5 x 105 psi

= 1.49 x 10 -6 in/in

Z

Figure 5. Schematic diagram of layers represented in the composite plate finite element model and their material

properties. Note: drawing is not to scale.
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1113nodes

1040 quadrilateral plate elements

Figure 6. Finite element model of composite panel.
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Figure 7. Contour plot of Panel2 out-ofiplanemeasurements.
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Facesheet

strength failure

Figure 8. Photograph of Panel 4, with 8-ply facesheets, after testing to failure.
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strength failure

Figure 9. Photograph of Panel 11, with 24-ply facesheets, which buckled prior to failure.
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Disbondareaf

Figure10.Photographof Panel 14, with 24-ply facesheets and potted ends only, after testing to failure.
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Figure 11. Maximum measured failure strain data.
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Figure 12. Panel failure load test data.
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Figure 13. Back-to-back measured strains at center of panel facesheets for Panel 1 having 8-ply facesheets.
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Figure 14. Back-to-back measured strains at center of panel facesheets for Panel 5 having 8-ply facesheets.
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Figure 15. Back-to-back measured strains at center of panel facesheets for Panel 11 having 8-ply facesheets.

Figure 16.

-100000

-80000

-60000

-40000

-20000

0

Linear buckling: _.R
clamped ends _ ."
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Strain at center of panel, g, in/in

m _ m Nonlinear analysis: simply-supported ends
Nonlinear analysis: clamped ends
Experiment

.......... Strength of materials

Room temperature NASTRAN nonlinear composite plate finite element analysis for Panel 1 (Geometric

imperfection modeled from first cosine shape buckling mode).
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Figure 17. NASTRAN nonlinear composite plate finite element analysis for Panel 2 at 300°F (Geometric

imperfection modeled from actual out of plane measurements mapped to nodal points).
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