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Abstract

Composite structures are increasingly becoming more important in the construction of

aeronautical and aerospace structures. However designing and studying the behaviour

of such structures for aircraft applications is not a trivial task. The introduction of com-

posite structures affects directly the design and certification processes of aircrafts, and

implies testing many coupons and sub-assemblies which are very time demanding and

expensive tasks. Thus, the development of computational tools that output reliable re-

sults are an important step towards optimizing the design capabilities of composites as

well as the certification process, ultimately paving way to virtual certification procedures.

The highly anisotropic nature of composites has presented as a serial difficulty in

developing analytical methods to characterize mechanical properties and behaviour of

these materials. There are analytical tools available within the literature, that allow to

characterize a composite to certain extent, but they don’t come without their flaws. So

engineers started developing numerical tools that could more easily implemented, main-

taining reliability at the same time. Currently, the most acknowledge and established nu-

merical tool within the aeronautical industry is the Finite Element Method (FEM). The

problem with the application of this method to composite aircraft structures is that they

tend to be of complex geometry and also present nonlinear behaviour which translates

to difficult modelling and expensive computational costs. This issue, may be tackle in

different ways, such as adaptative mesh refinement, shell-to-solid coupling, use of re-

duced integration elements, etc.

The current document focused on a one-way global-local analysis in a shell-to-solid

configuration to predict delamination in laminated composite materials. Two different

cases were analysed, one being an open-hole tensile test of laminated composite spec-

imen and the other an wing-box structure. The results from the presented work show

the that global-local finite element approaches are a powerful tool in modelling complex

structures with evident computational cost reductions. As for delamination initiation

and propagation it was seen that it is possible within this modelling approach, but the

i



accuracy of the results is highly limited by the damage models, either intra or interlami-

nar, for composite laminates.

Keywords: Global-Local; Delamination; Composite materials; Damage; Aircraft struc-

tures.
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Chapter 1

Introduction

1.1 Problem Statement

Composite materials may be briefly described as a combination of different materials

that when put together, instead of compromising each other’s quality or integrity, en-

hance one another providing structural advantages improving durability and performance

of aircrafts.

Composite structures are increasingly becoming more important in the construc-

tion of aeronautical and aerospace structures. However designing and studying the be-

haviour of such structures for aircraft applications is not a trivial task. Unlike the con-

ventional isotropic materials widely used in the past for aircraft construction, composite

materials are in general anisotropic, meaning that its properties vary with the direction.

The introduction of composite structures affects directly the design and certifica-

tion processes of aircrafts, and implies testing many coupons and sub-assemblies which

are very time demanding and expensive tasks. Thus, the development of computational

tools that output reliable results are an important step towards optimizing the design ca-

pabilities of composites as well as the certification process, ultimately paving the way to

virtual certification procedures.

1.2 Background

The use of composites materials, especially carbon fibre reinforced ones, has been chang-

ing the paradigm of aircraft construction since the 20th century. Nonetheless, research is

3
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still being conducted to this day to better characterize these class of materials, that was

the first to pose as feasible replacement for the well established aluminium alloys.

The highly anisotropic nature of composites has presented as a serial difficulty in

developing analytical methods to characterize mechanical properties and behaviour of

these materials. There are analytical tools available within the literature, that allow to

characterize a composite to certain extent, but they don’t come without their flaws. So

engineers started developing numerical tools that could be more easily implemented,

maintaining reliability at the same time.

The most widely used numerical computational tool for performing stress analysis in

structures is the Finite Element Method (FEM). Throughout the years, multiple types of

element have been developed and regarding composite materials several advancements

were introduced with the emergence of cohesive zone modelling. The problem with

finite element models of composite aircraft structures is that they tend to be of com-

plex geometry and also present nonlinear behaviour which requires highly discretized

meshes and elaborate elements, translating to expensive computational costs.

To tackle this issue, different techniques can be employed within the finite element

models, such as adaptative mesh refinement, shell-to-solid coupling, use of reduced in-

tegration elements, etc.. For the present work a global-local analysis, consisting in com-

bining different levels of detail and resolution for different regions of a structure, will be

employed. In general, the global model is characterized by a coarse mesh and may only

include linear elastic behaviour, while the local model has a finer mesh and may account

for nonlinear behaviour. This approach can also facilitate the integration of experimen-

tal data into the model and can be implemented in one finite element model making

use of shell-to-solid coupling for instance, or may be performed in completely separate

models that are only connected through boundary conditions extracted from the global

one.

1.3 Objectives

Noting the industry shift from the conventional design path, to a more computational

focused one, supported by numerical tools, along with the search for virtual certification

procedures, the improvement of existing tools such as the FEM are at the vanguard of

this change.

From this perspective, and from the arduous modeling of laminated composite ma-

terials, the purpose of this work is to develop a global-local finite element model analysis

methodology to predict delamination initiation and propagation in laminated compos-

ites.
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The global-local model will be developed in a one-way configuration, meaning that

only information will flow from the global to the local model. Two models will be created,

one being an open-hole tensile test, to assess a first implementation of the global-local

technique and get a deeper understanding of delamination simulation using cohesive

zone modelling, and a second one of a civil aircraft wing-box structure with a laminated

composite skin containing an inspection hole on the lower skin that will be the area of

interest for the evaluation of delamination behaviour.

1.4 Thesis Layout

Part II exposes the state of the art and a literature review regarding composite struc-

tures, aircraft certification, composite failure mechanisms and global-local finite ele-

ment modeling.

In Part III a review on Cohesive Zone Model (CZM) is conducted and a finite element

model of a laminated composite open-hole specimen is developed to validate the global-

local approach with experimental and analytical data from the literature, outlining the

assumptions made and the cohesive zone modeling settings.

Part IV comprises the main model to be investigated, namely, the civil aircraft wing-

box, with the global-local formulation used previously for the validation model, to ob-

serve the free-edge delamination effect on the inspection hole.

Part V states the conclusions from the studies performed on this thesis and pro-

poses further works and/or recommendations to improve the methodology developed

and continue the research for a better understanding and modeling of laminated com-

posites including damage phenomena.





Part II

State of the art and literature review
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Chapter 2

State of the Art

2.1 Composite Structures in Aircraft

The aeronautical industry is a fast paced environment that everyday strives in a quest

for superior technologies. Selecting materials for aeronautical or aerospace applications

is still a challenge for engineers, since there are multiple considerations and tradeoffs

to be taken into account, from temperature requirements, corrosion, durability, damage

tolerance, stiffness to costs and environmental aspects [1].

The most used materials for aircraft structural components have been aluminium al-

loys, dating back to the 1930s. The explanation for the use of aluminium alloys is the well

established knowledge either about design, performance or manufacturing processes or

even costs [2]. Steel was also adopted in components that required higher stiffness and

strength, like landing gear and engine supports [1]. Other metals have also been used

in aircraft structural components such as magnesium, mainly in airframes due to its low

weight, although it is more expensive and presents inferior structural properties when

compared to aluminium. Titanium was introduced by military and commercial aircraft

in the 50s, in the development of supersonic aircrafts. In comparison with aluminium,

titanium presents better mechanical properties but the higher cost of this metal and its

manufacturing processes limit its usage [3].

The first introduction of composites in aircrafts dates back to the 1940s [3], and the

driver for their usage was the high strength-to-weight ratio and corrosion resistance.

Glass fibres impregnated in polymer matrix, known as Glass Fibre Reinforced Polymer

9
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	 A major change in the use of composite material occurred in the 1960s 
with the commercial production of carbon fibres. Carbon-fibre composites 
are lightweight, stiff, strong, fatigue resistant and corrosion resistant, and for 
these reasons their potential application in both airframes and engines was 
immediately recognised by the aerospace industry. However, the high cost 
of carbon fibres, poor understanding of the design rules, structural properties 
and durability together with technical challenges in certification meant that 
the initial use of carbon-fibre composites was small. Until the 1970s, the use 
of carbon-fibre composites was limited to semistructural components which 
accounted for less than 5% of the airframe weight. Corrosion problems 
with aluminium and the OPEC energy crisis in the 1970s were incentives 
for the aerospace industry to expand the use of carbon-fibre composites 
in both fighter aircraft and commercial airliners. As design methods and 
manufacturing processes improved and the cost of carbon fibre dropped the 
amount of composite material used in aircraft increased during the 1980s 
and 1990s, as shown in Fig. 2.12. 
	 Major milestones in the use of carbon-fibre composites were applications 
in primary structures of fighter aircraft such as the Harrier (AV-8B) and 
Hornet (F-18) and in the tail section of the Boeing 777 in the 1990s. The 
use of composites in the fuselage and wings of modern airliners such as 
the A380, A350 and B787 are recent major events. The use of carbon-fibre 
composites in helicopter components, such as the body, tail boom and rotor 
blades, has also increased dramatically since the 1990s. Composites are the 
first material since the 1930s to seriously challenge the long-held dominant 

2.12 Amount of composite materials used in aircraft. 
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Figure 2.1: Amount of composite materials used in aircraft [3].

(GFRP), were the first set of composite materials used [3]–[5]. Also sandwich-type hon-

eycomb structures were introduced in this decade [6].

In the 1960s, composite materials with boron-based fibres were introduced to the

aerospace structures field, and soon evolve to carbon fibre composites, referred to as

Carbon Fibre Reinforced Polymer (CFRP) or Polymer Matrix Composite (PMC), empow-

ered by the unfold of commercial production of carbon fibres. [3], [5]. Despite presenting

higher strength than carbon, boron fibres were expensive to produce and mainly found

its place in military applications were cost was no concern [5]. The remaining aviation

community shifted completely to CFRP with the first applications being limited to non-

structural components or secondary structures that accounted for less than 5% of the

airframe weight [3], [7], [8].

The major milestones in primary structures made out of carbon-fibre composites

were firstly observed in military fighter aircraft, like the McDonnell Douglas AV-8B Har-

rier II and the McDonnell Douglas F/A-18 Hornet. With the development of the knowl-

edge behind composite structures design and manufacturing processes, their applica-

tion has substantially increased over the years, particularly since the 1990s, with modern

airliners like the Airbus A380, A350 and Boeing 787 using composites in their fuselage

and wings, as illustrated in Figure 2.1 [3]. It is interesting to note that the A350 and the

B787 already crossed the 50% mark.

In summary, the key drivers of using composite materials to substitute the metallic

counterparts are [9]:

• less weight

• higher strength

• higher stiffness-to-weight ratio

• improved fatigue performance

• improved corrosion performance

• design flexibility

• ability to tailor properties

• dimensional stability
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However, there are several critical issues that emerge from the complexity of com-

posite material systems, such as fibre-matrix selection, adhesion, effects on mechanical

properties, inspection, etc. [9]. Therefore, designing and certifying these materials re-

mains a challenge to engineers till today.

2.2 Aircraft Materials Certification

Aircraft material certification is a crucial and meticulous process that has to be carried

out in order to ensure safety and reliability. The materials used under go rigorous testing

and certification procedures to meet stringent standards set by regulatory authorities,

such as the Federal Aviation Administration (FAA) in the United States or the European

Union Aviation Safety Agency (EASA) in Europe.

The certification procedures for metal components are well established, due to the

extensive knowledge available. However, composite materials present anisotropic be-

haviour, i.e. mechanical properties differ for each direction, in contrast to metals isotropic

behaviour, where the mechanical properties are independent of the direction. Thus, to

introduce such materials into aeronautical structures, the certification procedures had

to be reworked to accommodate this novel class of materials [10].

A safe design is one that is sufficiently robust to withstand all likely dangers, includ-

ing the ones explicitly defined in Certifications Specifications. For metallic structures,

the two frame bay crack and cracked frame criterion explained by Swift [11] have be-

come a common approach to define robust structures by many Type Certificate Holders,

and it works due to fatigue in metallic structures allowing to realistically find progressive

crack growth within acceptable timescales and regulatory load thresholds. On the other

hand, to obtain the same level of robustness for composite structures design, additional

damage modes must be introduced, including ones that are not easily visible, such has

weak bonds, disbonds and delaminations [12].

2.2.1 Aircraft design approach

Comprehensive regulations regarding airworthiness that are employed in commercial

aircraft designing, manufacturing, operations and maintenance pose as the main pillar

to ensure their safety [13]–[16].

Airworthiness can be explained, as sated in an Italian RAI-ENAC Technical Regula-

tions document, as: “For an aircraft, or aircraft part, (airworthiness) is the possession

of the necessary requirements for flying in safe conditions, within allowable limits” [17].

This statement highlights the foundations of airworthiness being them:

1. Safe conditions –regarding the course and conclusion of the flight [17].
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Fig. 1.1 Frequency of failure mechanisms; data from Findlay and Harrison [2]; Gorelik [3]

Table 1.1 Breakdown of causes of failure of mechanical components, according to Nishida, [1]

Simple fatigue 58%

Low cycle fatigue 8%

Thermal-, corrosion-, and rolling contact
fatigue

11%

SCC, delayed fracture 5%

Corrosion, burst, … 3%

Static fracture 13%

Table 1.2 Strategies for damage tolerance, Brot [7].

as regards
design

long crack-initiation life
long crack growth life
selecting a reasonable target
life
multiple load-path (fail-
safe) features

as regards
NDE

suitable NDE methods
suitable inspection intervals
suitable inspection thresh-
old

crack detectability

of 14 CFR 25 in chart format may be found e.g. in a FAA—the US Federal Aviation
Administration—publication [8].

Section 25.571 ‘Damage-tolerance and fatigue evaluation of structure’, one of
the sections of particular interest for this Springer Brief, is included in Subpart C—
Structure, ‘Fatigue evaluation’ of Part 25. Rotorcraft and small airplanes have their
own parts of title 14: respectively Part 23 and Part 27; for conciseness, these will not
be considered in this discussion. The recently created Part 26 introduced in Section
26.21 the concept of ‘limit of validity’. Given the need to substantiate compliance
with regulations, this specific feature is likely to shape future trends of aircraft related
fatigue research.

(a) Engineering Components
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Figure 2.2: Frequency of failure mechanisms [15], data retrieved from
Findlay and Harison [18]; Gorelik [19].

2. Possession of necessary requirements –this refers to the process where an aircraft,

including its components, is constructed and engineered in accordance with thor-

oughly examined and verified standards to ensure safe flight conditions. This is

where regulations play their most important role, enhancing safety by removing or

minimizing factors that could lead to fatalities, injuries, or damages [17].

3. Allowable limits –aircraft are specifically created to function within a defined flight

envelope, primarily determined by factors like speed and structural load capabili-

ties. Moreover, the aircraft’s maximum weight may vary depending on the type of

mission it is intended for. Various operational circumstances are also established,

such as day-visual flight rules, night flights, instrumented flights, and operations

in icing conditions. It is crucial not to surpass these predetermined conditions and

limitations, as doing so can lead to accidents [17].

Aircrafts are prone to many sources of failure. Figure 2.2 summarises the different

percentages of such failures and fatigue is clearly the main one.

With fatigue, corrosion and other failure modes in mind, the design philosophy of

aircraft structures was shaped to what is referred as Damage Tolerant Design. This design

methodology is based on the principle that a structure or structural component operates

safely in the presence of damage, that can grow during service until a certain limiting

value [15].

One interesting detail when mentioning Damage Tolerance is to understand the dif-

ferent point of view between civil aviation and the military one:

• FAR 25.571(a)(3) states “Based on the evaluations required by this section, in-

spections or other procedures must be established, as necessary, to prevent catas-

trophic failure...” [20].



2.2. Aircraft Materials Certification 13

• MIL-STD-1530C(3.8) says that “Damage tolerance is the attribute of a structure

that permits it to retain its required residual strength for a period of unrepaired us-

age after the structure has sustained specific levels of fatigue, corrosion, accidental,

and/or discrete source damage...” [21].

The civil aviation perspective emphasizes on assuring regular inspections of the air-

craft while the military see damage tolerance as a mean to achieve a certain design goal.

Figure 2.3, adapted from Boller and Buderath[22], showcases the different design

philosophies that may be adopted.1.2 Cracks and Damage 11

fatigue design 
philosophies

damage tolerant

slow crack 
growth

fail safe

crack arrester

multiple load 
pathsafe life

Fig. 1.6 Fatigue design philosophies; adapted from Boller and Buderath [18]

structure that permits it to retain its required residual strength for a period of unre-
paired usage after the structure has sustained specific levels of fatigue, corrosion,
accidental, and/or discrete source damage...’.

Eastin [27], and Swift [28] give further insights on the different emphases of
military and civil regulations, and an early comparison of civil and military criteria
is given in 1986 by Long and Ellis [29].

Quoting verbatim fromFAR25.571 amendment 25-72, ‘fail-safe generally means
a design such that the airplane can survive the failure of an element of a system or, in
some instances one or more entire systems, without catastrophic consequences.’; and
‘damage-tolerance requires an inspection program tailored to the crack progression
characteristics of the particular part when subject to the loading spectrum expected
in service. Damage-tolerance places a much higher emphasis on these inspections
to detect cracks before they progress to unsafe limits, whereas fail-safe allows cracks
to grow to obvious and easily detected dimensions’.

Figure 1.6, adapted from Boller and Buderath [18], synthetizes the different
philosophies.

Fail-safe design implies that fatiguedamage—cracks—aredetectedduringnormal
maintenance, before it reaches critical dimensions, involving definition of a damage
level that should be reasonably provided for. Using the designations coined by Eastin
and Sippel [30], this approach is named ‘safety-by-design’: fail-safe substantiation
was typically performed by static analyses supported by fail-safe static testing of
artificially damaged structure. ‘Safety-by-retirement’ is the designation given by
the same authors to the safe-life philosophy, based upon comprehensive testing from
coupon level to full-scale structure, implyingmandatory retirement of the component
or part after a specified service period of time irrespective of condition. Finally,
damage tolerant design philosophy is associatedwith ‘safety by inspection’, ensuring
safety ‘when we know where to look, when to look and how to look’, Swift [31].

Airframe damage has a variety of origins. A blade thrown from the turbine operat-
ing at high speed and penetrating the fuselage is an accident leading to the so-called
‘two bay crack criterion’, where one frame is cut through and a significantly long
fracture is created. According to the criterion, the surrounding frames are expected
to remain intact and the structure must be serviceable until safe landing. On the same
structure, structural fatigue damage is—of course—of a different nature. Fatigue

Figure 2.3: Fatigue design philosophies [15], adapted from Boller and
Buderath[22].

2.2.2 Regulations

The introduction of composite materials in aircraft construction posed a big challenge

not only from a design scope but also from a regulation one. This novel class of mate-

rials presented properties that required specific certification procedures [10]. Rouchon

exposes the main properties addressed early on in tailoring the certification procedures

[10]:

• Sensitivity to environment, mainly concerning matrix dominated properties due

to their organic nature.

• High sensitivity to in-plane delamination, which arises from their laminated con-

struction.

• Less sensitivity to fatigue when compared to metals, resulting from the brittle be-

haviour of thermoset matrices and leading to static strength being the dominant

issue.

• Structural properties are process dependant, since the material does not exist be-

fore manufacturing the part, which poses obstacles for material qualification and

quality assurance.

• Poor electrical conductivity, relevant for lightning certification procedures.
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as Young’s modulus, strength, fracture toughness, fatigue life and so on. 
The coupon tests are carried out under a standardised set of conditions 
which specify test parameters such as the sample size and loading rate. The 
test conditions are specified by standardisation organisations, such as the 
American Society for Testing and Materials. Large aerospace companies 
also have their own specifications for certain mechanical or durability tests 
not covered by the standards organisations.
	 Coupon tests are divided into quantitative or qualitative. Quantitative tests 
provide data that can be used for design purposes as well as certification. 
Examples of quantitative tests are the tension, compression and creep tests. 
Qualitative tests give results that can only be used for comparison purposes. 
For example, the hardness test and Charpy impact test provide a simple 
‘go/no go’ assessment of materials. Certification testing at the coupon level 
involves measuring the material properties under different load conditions 
(e.g. tension, compression, bending) and operating environments (e.g. 
corrosive fluids, humidity, temperature). Simple drop weight impact tests 
are also performed, although other impact tests are often included at higher 
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5.26 Testing pyramid for certification of aerospace structural and 
engine materials.Figure 2.4: Building block approach for certification of aircraft materials

and structures [3].

The first primary composite structures certification papers remote to the late 70s

with the Advisory Circular (AC) AC 20 107 [23], issued to deal with DC10 and L1011 ver-

tical fins and Boeing 737 horizontal stabiliser, which all were developed as prototypes in

a programme supported by NASA [10]. This AC was intended to be periodically updated

to reflect progress drawn from experience. Its latest issue, jointly prepared and agreed

upon by FAA and the European member countries of the Joint Airworthiness Require-

ments (JAR) group, dates back to 1984 [10].

Throughout the years, regulations have been adapting along with data from acci-

dents as well as the improving knowledge on materials such as composites. A summary

of regulations evolution is presented on Table 2.1 [16].

Due to composites inherent nature of only providing mechanical properties after be-

ing processed, a building block approach was proposed in order to establish a more solid

certification path [24]. This building block presents itself in the form of a test pyramid as

shown in Figure 2.4.

Nowadays, FAR-25 and CS-25 papers are the compulsory standard requirements is-

sued by the FAA [25] and EASA [26], with the former including the foundation rules for

aircraft development and operation, and the latter technical interpretations of airworthi-

ness criteria. This regulations are very extensive documents, that are divided in chapters,

with the most important ones being: B (Flight), C (Structure), D(Design and Construc-

tion).
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Table 2.1: Summary of regulations evolution history.

Period Regulation Evolution Stories

1949 CAR 4b.316
Implemented fatigue strength in aircraft designs
(based on safety by retirement).

1954 HavillandD.H.106
Full-scale fatigue tests should be detached from
static tests.

1956 CAR 4b.270
Introduced fail-safe option, and test validation re-
quirements to the safety by design concept.

1958 B-47
Fatigue analysis cannot solely assure aircraft
safety- design loads should be proximate to real
operations.

1958-
1969

ASIP series Doc.
Incorporated ASIP for military aircraft, to ascertain
fatigue life with full-scale fatigue tests.

1964 14 CFR 25.571
CAR 4b.270 was rectified to 14 CFR 25.571 without
major alterations.

1968 ASD-TR-66-57
Necessary tests for 1) Materials; 2) Machining pro-
cesses; 3) Joints to final assemblies.

1970 F-5
It is necessary to balance designs for static and
fatigue. introduced cold working as a way to in-
crease tiredness.

1966-
1977

KC-135
Static and fatigue designs must be balanced, and
material selection is crucial.

1972 MIL-SID-1530
Validation tests for coupons, junctions, compo-
nents, structural operating mechanisms and con-
trol systems were necessary for ASIP.

1978 Amdt.25-45/AC 25.571-1
Increased Damage Tolerance Requirements for ev-
ery civil aircraft, including in-service fleets.

1986 AC 25.571-1A Taken into account separate source damages.

1997 AC 25.571-1 B
Instituted the concept of scatter factors in certifi-
cation.

1998 Amdt.25-96/AC 25.571-1C
Required test validations for No WFD appeared
before DSG for civil aircraft.

2004 MIL-STD-1530B
Superseded MIL-HDBK1530B, in which the re-
quired items for corrosion were included.

2005 MIL-STD-1530C
Risk analysis was included into ASIP and a link to
airworthiness certification was made.

2010 Amdt.25-132/AC 25.571-1D
Establish LOV validation standards for civil aircraft
that are applicable to all currently operating air-
craft.

2016 MIL-STD-1530D
Adding criteria for composite, cost-effective ser-
vice life, and ndi method capabilities.
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2.3 Composite Failure Mechanisms

Composite materials are a remarkable class of engineering materials known for their ex-

ceptional strength-to-weight ratio, making them increasingly popular in diverse indus-

tries. However, their unique composition presents complex challenges in understanding

and predicting failure mechanisms. The intricate interplay of its constituent materials

and their interfaces can lead to a wide range of failure modes [27]–[30].

Before breaking apart, laminated materials typically undergo various localized fail-

ures at smaller scales, discrete damage events. These events include fibre breakage, pull-

out, or kinking/buckling, as well as matrix cracking and fiber/matrix debonding. Addi-

tionally, there is also delamination between plies. These damages progressively develop

and build up during the loading [30]–[35].

Failure of composite structures may be considered under two different approaches:

• First Ply Failure (FPF) - usually characterized by matrix-dominated mechanisms

that lead to complete structural collapse, even without fibre breakage [30]. This

approach is commonly used in the aeronautical field.

• Last Ply Failure (LPF) - induced by fibre-dominated mechanisms in a catastrophic

fashion [30].

The different types of failures mechanisms, Figure 2.5, can be arranged in two big

categories, namely intralaminar and interlaminar damage. Intralaminar damage relates

to the unique underlying micromechanical failure modes, while interlaminar damage

refers to the interfacial separation of plies [30], [35].

(a) Fibre breakage (b) Matrix transverse cracking (c) Delamination

Figure 2.5: Types of damage in laminated composites [36].

Developing accurate failure criteria has been the main focus regarding numerical

simulation of composite materials. Often in the literature, there are many papers es-

tablishing comparisons between different failure criteria such as the Worldwide Failure

Exercise [37], [38]. The next subsections will focus on outlining the main criteria found

in the literature.
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2.3.1 Fibre Failure

Fibre failure in tension takes place in composite laminates as a result of the accumula-

tion of individual fibre failures within plies, that gets critical when there are insufficient

undamaged fibres remaining to carry the required loads. The common practice among

authors was to analyse fibre failure in tension through a maximum stress or maximum

strain criteria at the ply level, using experimental results as reference values [39]. How-

ever, some authors took other approaches at the subject like a quadratic interaction cri-

teria involving in-plane shear, proposed by Hashin [40], and later modified by Chang

[41] to consider nonlinear shear behaviour. In the other hand Puck and Schürmann [42]

utilised a max strain criterion including a stress magnification factor relating to normal

stress. The aforementioned approaches to fibre failure are summarised in Table 2.2.

Table 2.2: Failure criteria for fibres under tension [39].

Criteria Equation

Fibre Max-stress σ1 ⩾ XT

Fibre Max-strain ε1 ⩾ ε1T

Hashin-3D (1980) [40]
(
σ1
XT

)2 + 1
S2

12

(
τ2

12 +τ2
13

)
⩾ 1

Hashin-2D (1980) [40]
(
σ1
XT

)2 +
(
τ12
S12

)2
⩾ 1

Chang-Chang (1987) [41]

√(
σ1
XT

)2 + τ2
12/2G12+ 3

4ατ
4
12

S2
12is

/2G12+ 3
4αS4

12is

⩾ 1

Puck (1998) [42] 1
ε1T

(
ε1 + vf12

Ef1
mfσσ2

)
⩾ 1

Compression-induced fiber failure manifests through the intricate interplay of two

fundamental mechanisms: microbuckling and the emergence of kink bands. While the

classification of these phenomena as distinct failure modes is still a matter of discussion,

microbuckling is generally regarded as a more widespread form of failure, whereas kink-

ing tends to initiate from localized microstructural imperfections and represents the pre-

dominant failure characteristic observed in post-test analysis. [34]. Table 2.3 highlights

the different criteria for the compression case.
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Table 2.3: Failure criteria for fibres under compression [39].

Criteria Equation

Fibre Max-stress σ1 ⩾ XC

Fibre Max-strain ε1 ⩾ ε1C

Greszczuk (1974) [43] σ1 ⩾
Gm

12
1−Vf

Chang-Lessard(1991) [44] σ1 ⩾ X̄C

Puck (1998) [42] 1
ε1c

∣∣∣(ε1 + vf12
Ef1

mfσσ2

)∣∣∣⩾ 1− (
10γ21

)2

LaRC03 (2003) [45] σm
22 < 0 :

〈 |τm
12|+η12σ

m
22

S12is

〉
⩾ 1

σm
22 > 0 : (1− g )

(
σm

22
YTk

)
+ g

(
σm

22
YTks

)2 +
(
τm

12
S12 s

)2
⩾ 1

LaRC04 (2005) [34] For σ2m2m < 0 : |τ1m2m |
S12 s−η12σ2m2m

⩾ 1

For σ2m2m > 0 :

(1−g )
(
σ2m2m

YTis

)
+g

(
σ2m2m

YTis

)2+Λ0
23τ

2
2m3ϕ+χ(γ1m2m)
χ
(
γu

12i

) ⩾ 1

Maimí et al. (2007) [46]
〈∣∣τm

12

∣∣+η12σ
m
22

〉
/S12 ⩾ 1

Besides fibre failure under tension or compression as separate failure modes, some

authors developed formulations that account for both mechanisms,Table 2.4.

Table 2.4: Failure criteria for fibres under tension and compression [39].

Criteria Equation

Lee (1982) [47] σ1 ⩾σFN or
√(

σ2
12 +σ2

13

)
⩾σFS

Christensen (1997) [48] α2k2σ1 + 1
4 (1+2α2)σ2

1 − (1+α2)2

2
(σ2+σ3)

2 σ1 ⩽ k2
2

Huang et al. (2003) [49] Use dissipated energy density φ(ε) to indicate

damage: fibre failure for φ(ε) > D t , where D t is

the dissipated energy density threshold.

2.3.2 Matrix Failure

Matrix failure of laminated composites is complicated phenomenon, characterized by

the initiation of matrix cracks primarily at defect sites or fiber-matrix interfaces. These
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cracks gradually propagate throughout the laminate, ultimately converging and culmi-

nating in failure along a crucial fracture plane. Extensive literature has been dedicated to

the analysis of matrix cracking and failure, with numerous scholars devising approaches

to forecast crack initiation. Employing fracture mechanics theories, these studies aim to

predict the growth and accumulation of damage stemming from pre-existing cracks, as

well as anticipate the angle of the fracture plane under diverse loading conditions [39].

Matrix failure in tension assumes a critical fracture plane along the transverse ten-

sion direction, normally involving an interaction between in-plane shear stresses and

the tensile normal. In a similar fashion to fibre failure, the maximum stress or maximum

stress criteria are often used. The Hashin and Rotem proposal [50] relies in a quadratic

interaction criterion that like the fibre counterpart was further developed to include

important aspects, such as nonlinear shear terms, in situ transverse tensile and shear

strengths, incorporating crack density, the use of through-thickness shear and strength

terms, and the inclusion of fracture mechanics terms from a consideration of a cracked

ply. [39]. Table 2.5 presents the formulation for the different criteria. It is important to

denote that the Cuntze and Freund [51] one is only based on transverse tensile stress and

strength and through-thickness shear stress. Table 2.6 and Table 2.7 show the formula-

tions relating to compression and to both tension and compression, respectively.

Table 2.5: Matrix failure under tension criteria [39].

Criteria Equation

Matrix Max-stress σ2 ⩾ YT

Matrix Max-strain ε2 ⩾ ε2T

Hashin-3D (1980) [40] (σ2+σ3)2

Y 2
T

+ τ2
23−σ2σ3

S2
23

+ τ2
12−τ2

13

S2
12

⩾ 1

Chang-Chang (1987) [41]

√(
σ2
YT

)2 + τ2
12/2G12+ 3

4ατ
4
12

S2
12s

/2G12+ 3
4αS4

12s

⩾ 1

Puck (1998) [42]

√
(τ21/S21)2 +

(
1−p(+)

⊥1 YT/S21

)2
(σ2/YT)2 +

p(+)
11 σ2/S21 ⩾ 1−|σ1/σ1D|

LaRC03 (2003) [45] (1− g )
(
σ2

YTh

)
+ g

(
σ2
YTk

)2 +
(
τ12

S12h

)2
⩾ 1

Cuntze (2004) [51]
[
I2 +

p
I4/2YT ≥ 1

]
I2 =σ2 +σ3, I = (σ2 −σ3)2 +4τ2

23

LaRC04 (2005) [34] (1− g )
(
σ2
YTk

)
+ g

(
σ2
YTk

)2 + Λ0
23τ

2
23+χ(γ12)
χ
(
γ
µ
12h

) ⩾ 1

Maimí et al. (2007) [46] σ2 ⩾ 0 :

√
(1− g )

(
σ2
YT

)
+ g

(
σ2
YT

)2 +
(
τ12
S12

)2
⩾ 1

σ2 < 0 :
〈|τ12|+η12σ2

〉
/S12 ⩾ 1
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Table 2.6: Matrix failure under compression criteria [39].

Criteria Equation

Matrix Max-stress σ2 ⩾ YC

Fibre Max-strain ε2 ⩾ ε2C

Hashin-2D (1980) [40] σ2/YC
[
(Yc /2S23)2 −1

]+ (σ2/2S23)2 +

(τ12/S12)2 ⩾ 1

Chang-Lessard (1991) [44]

√
(σ2/YC)2 + τ2

12/2G12+ 3
4ατ

4
12

S2
12 s/2G12+ 3

4αS4
12 s

⩾ 1

Puck (1998) [42] For 2D plane stress, Mode B,θfp = 0◦,

1
S21

(√
τ2

21 +
(
p(−)
⊥1σ2

)2 +p(−)
⊥1σ2

)
⩾ 1−

∣∣∣ σ1
σ1D

∣∣∣
for σ2 < 0 and 0⩽ |σ2/τ21|⩽R A

⊥⊥/ |τ21c |

LaRC03 (2003) [45] σ1 < YC : τm
23em

/S23 +τm
12em

/S12is ⩾ 1

σ1 ⩾ YC : τ23err /S23 +τ12em /S12s ⩾ 1

τm
23 ,τm

12 : stresses in 2D kink frame, at ϕ

LaRC04 (2005) [34] σ1 ⩾−YC :
(

τα23
S23−η23σn

)2 +
(

τα12
S12 s−η12σn

)2
⩾ 1

σ1 <−YC :
(

τm
23

S23−η23σ
m
n

)2 +
(

τm
12

S12−η12σ
m
n

)2
⩾ 1

σn ,τα23,τα12 : stresses in fracture plane, at α

σm
n ,τm

23,τm
12 : stresses in 3D kink frame, at φ,ϕ

Maimí et al. (2007) [46]
√

(τ23/S23)2 + (τ12/S12)2 ⩾ 1

α0 = 53◦,θ = arctan(−σ12/σ22 sinα0)

τ23er =
〈−σ22 cosα0

(
sinα0 −η23 cosα0 cosθ

)〉
τ12er =

〈
cosα0

(|τ12|+η12σ22 cosα0 sinθ
)〉
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Table 2.7: Failure criteria for matrix in tension and compression [39].

Criteria Equation

Lee (1982) [47] σ2 ⩾σMN or
√(

σ2
12 +σ2

13

)
⩾σMS

Christensen (1997) [48] α1k1 (σ2 +σ3)+ (
σ2

12 +σ2
31

)+
(1+2α1)

[1
4 (σ2 −σ3)2 +σ2

23

]
⩽ k2

1

k1 = S12 = 1
2 |YC| ,α1 = 1

2 (| YC/YT −1)

Gosse (2001) [52] J1 = ε1 +ε2 +ε3 or

εeqv =
√

(ε1−ε2)2+(ε1−ε3)2+(ε2−ε3)2

2

Huang et al. (2003) [49] Failure when J1 ⩾ J1crit or εeqv ⩾ εeqv crit use

dissipated energy density φ(ε) : matrix failure

for 0⩽φ(ε)⩽D t

2.3.3 Delamination

Delamination is a significant mode of failure observed in laminated fibre-reinforced poly-

mer matrix composites. It plays a crucial role in distinguishing their behaviour from that

of the metallic counterpart. This failure mechanism occurs as a result of elevated inter-

laminar stresses combined with the inherent low through-thickness strength exhibited

by these composites. The underlying cause stems from the limited reinforcement pro-

vided by fibres oriented within the plane of the laminate, rendering the composite reliant

on the relatively weaker matrix to bear loads in the perpendicular direction. Further-

more, the typically brittle nature of matrix resins exacerbates this phenomenon [53].

Delamination can occur due to various sources. Figure 2.6 depicts the most common

ones, being them: curved free edges, external ply drops, corners, skin stiffener interac-

tion, solid-sandwich transitions, internal ply drops and straight free edges [54].

Modeling of delamination failure was possible with the development of fracture me-

chanics concepts. To correctly understand delaminations one must know beforehand

the different fracture modes possible [54], Figure 2.7:

• Mode-I - portrays the opening of crack faces.
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• Mode-II - represents the sliding mode.

• Mode-III - depicts the tearing mode, i.e., out of plane shear.

Another important concept for comprehending delamination is the strain energy re-

lease rate, commonly denoted as G , which traduces the driving force for propagation of

a crack. Back in 1957, Irwin [55], derived an expression to calculate the work necessary

to close a crack of length a +∆a to a length a. He assumed that for brittle materials,

since they do not go under significant plastic deformations or even none, all the external

energy supplied would contribute to create new cracks. Therefore, the work to close the

crack would be equal to the one necessary to extend the crack from a to a +∆a. From

this Irwin obtained the following equation for the strain energy release rate, G :

G = lim
∆a→0

W

∆a
= lim
∆a→0

1

2∆a

∫ ∆a

0
σy (∆a − r ) · v(r )dr (2.1)

The importance of this concept of energy release rate is that it can be associated to

different modes of fractures to determine the interlaminar fracture toughness for each

case and thus predict the the beginning and progression of delamination. For each

mode, the strain energy release rate symbol takes the index leading to G I , G I I and G I I I . In

order to determine this quantities the American Society for Testing and Materials (ASTM)

developed specific experiments for each mode, which can be found in the MIL Handbook 17

[56]. The setups explored in this document are:

• Double Cantilver Beam (DCB) for Mode-I.

• Mixed Mode Beding (MMB) for mix Mode-I and Mode-II

• End Notch Flexure (ENF) for pure Mode-II.

The determination of interlaminar fracture toughness involves evaluating a critical

value of the strain energy release rate, denoted as Gc , which is graphically represented as

a function of the mixed-mode ratio, G I I /G [54], Figure 2.8.

To enable the propagation of delamination, a criterion that accounts for mixed-mode

failure is necessary. One such criterion is the power-law criterion, originally formulated

by Wu and Reuter in 1965 [57], which can be expressed as follows (m, n and p are empir-

ically determined): (
G I

G I c

)m

+
(

G I I

G I I c

)n

+
(

G I I I

G I I I c

)p

≥ 1 (2.2)

Another well known criterion is the one developed by Benzeggagh and Kenane in

1966 [58], applicable for 2D problems:

G I +G I I

G I c + (G I I c −G I c )
[

G I I
G I+G I I

]m ≥ 1 (2.3)
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Fracture mechanics concepts 11

Over the past 25 years, significant progress has been made in research
efforts to utilize fracture mechanics principles to characterize and predict
delamination fatigue failures in composite laminates (O’Brien, 1990). Although
these studies have demonstrated the promise of this approach, they have also
highlighted some of the difficulties and differences relative to the well-
established use of fracture mechanics for damage tolerance assessment of
metallic structures. One notable difference is the propensity for cracks in
composites to propagate in a mixed-mode fashion. This aspect can be attributed
to the fact that delaminations are constrained to grow between composite
layers. Delamination cracks do not immediately turn toward the opening
mode direction as typically occurs in metals. Of primary concern is the need
to characterize and analyze mixed-mode fracture involving the three
fundamental fracture modes shown in Fig. 1.2. The interlaminar fracture
toughness associated with each of the fracture modes must be characterized
and the corresponding strain energy release rates for each mode (GI,GII,GIII)
associated with the configuration and loading of interest must be calculated
to predict delamination onset and growth. In addition, damage mechanisms
that occur in the standardized test methods on unidirectional composite beams,
such as the bridging of fibers above and below the crack plane in the opening
mode (Johnson and Mangalgiri, 1987) and micro-cracking of the resin between
fibers that coalesce to form hackles in the shearing mode (O’Brien, 1998),
complicate attempts to achieve a generic characterization of delamination
growth.

Curved free
edge

Corner

Skin stiffener
interaction

Interlaminar
stesses

Solid-sandwich transition

Internal ply drop

Straight free edge
External ply drop

X
Z

σz

τxz

1.5 Sources of delaminations at geometric and material
discontinuities.Figure 2.6: Delamination sources [54].

Delamination behaviour of composites4

Mode-I (opening) Mode-II (sliding shear) Mode-III (tearing shear)

1.2 Fracture mechanics concepts

Consider a crack in a homogeneous isotropic linear elastic infinite plate as
shown in Fig. 1.1(a). The crack lies on the y = 0 line and in the region x = ±a.
This line discontinuity with zero thickness and with sharp ends is defined as
a crack. A crack can also be thought of as a limiting case of an elliptical hole
with a major axis of 2a and minor axis approaching a zero value. Under
external loading the crack faces at θ = ± π in Fig. 1.1(a) can displace relative
to each other. Figure 1.1(b) shows a crack in an infinite solid. The two- and
three-dimensional stress states are also shown in Fig. 1.1. Any complex
deformation of the crack faces can be described by a combination of three
fracture modes, Mode-I, Mode-II, and Mode-III as shown in Fig. 1.2.
Mode-I represents the opening mode of the crack faces, Mode-II represents
the sliding mode, and Mode-III represents the tearing mode (out-of-plane
shear mode) deformation.

1.1 Cracks in plates and solids.

1.2 The three fracture modes.
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(a) Crack in a plate (two dimensions) (b) Crack in a solid (three dimensions)

θ

Figure 2.7: Fractures modes [54].

Delamination behaviour of composites12

1.3.1 Delamination characterization

The state of the art for using fracture mechanics to calculate interlaminar
fracture toughness and delamination onset and growth has recently been
outlined in two new sections developed for inclusion in Composite Materials
Handbook 17 (formerly referred to as Mil Handbook 17) (Reeder, 2002;
Paris, 2002). As noted in these documents, American Society for Testing of
Materials (ASTM) standards have been developed for Mode I (double cantilever
beam, DCB) (ASTM, 2001a) and mixed-Mode I and II (mixed-mode bending,
MMB) [ASTM, 2001b] interlaminar fracture toughness. Although there are
still no standard methods for pure Modes II and III, two promising test
methods have been developed; the End Notched Flexure test (ENF) (Russell,
1982; Davidson and Sun, 2006) for Mode II and the Edge Cracked Torsion
(ECT) test for Mode III (Lee, 1993; Li et al., 1997; Ratcliffe, 2004). Hence,
ASTM standards for interlaminar fracture toughness for all three fracture
modes should be in place shortly. A typical mixed-Mode I and II delamination
failure criterion is shown in Fig. 1.6, and the inserts in this figure show the
DCB, ENF, and MMB test configurations. The interlaminar fracture toughness
is determined as a critical value of the strain energy release rate, Gc, plotted
as a function of the mixed-mode ratio, GII/G. For the pure Mode I opening
case, GII/G is equal to zero, whereas for the pure Mode II case, GII/G is equal
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1.6 Mixed-Mode I and II delamination criterion.
Figure 2.8: Criteria for Mode-I and Mode-II delamination [54].
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For the 3D case, Reeder [59] derived another criterion, which accounted for different

values of G I I c and G I I I c :

G I +G I I +G I I I

G I c +
(

G I I (G I I c−G I c )+G I I I (G I I I−G I c )
G I+G I I+G I I I

)[
G I I+G I I I

G I+G I I+G I I I

]m−1 ≥ 1 (2.4)

Table 2.8 and Table 2.9 summarise some of the most commonly used failure criteria

for delamination initiation and propagations, respectively.

Table 2.8: Failure criteria for delamination initiation [39].

Criteria Equation

Max stress initiation σ3 ⩾ ZT,τ31 ⩾ S31,τ23 ⩾ S23

Hashin (1982) [40]
(
σ3
ZT

)2 +
(
τ23
S23

)2 +
(
τ31
S31

)2
⩾ 1

Lee (1982) [47] σ3 ⩾ ZT or
√(

σ2
12 +σ2

13

)
⩾ S23

Tsai (1997) [60]
σ2

1−σ1σ3

X 2
T

+
(
σ3
ZT

)2 +
(
τ23
S23

)2
⩾ 1

Tong-Tsai (1997) [60]
σ2

1−σ1σ3

X 2
T

+
(
σ3
ZT

)
+

(
τ23
S23

)2
⩾ 1

Degenerated Tsai (1997) [60]
(
σ1
XT

)2 +
(
σ3
ZT

)2 +
(
τ23
S23

)2
⩾ 1

Table 2.9: Failure criteria for delamination propagation [39].

Criteria Equation

Power Law Growth (1984) [61]
(

Gl
GIc

)m +
(

GII
GIIc

)n +
(

GII
GIIc

)p
⩾ 1

Yan et al. (1991) [62] GT ⩾G Ic +ρG I I
G I

+τ
(

G I I
G I

)2

Reeder (1993) [63] For G I I
G I

<
1
ζ

G Ic +G IIc
G Ic +ξG Ic

, G I−ξG I I
G Ic

⩾ 1

For G I I
G I

<
1
ζ

G Ic +G Ic

G Ic +ξG Ic
, ζG I I−G I

ζG I Ic
⩾ 1

B-K Law (1966) [58] GT ⩾G IC +
(
G IC −G IC

)
[G I I /(G I +G I I )]η

2.3.4 Interface elements

The first step to model and compute delamination in composite materials stands on the

necessity to use the correct interface method to stimulate the adhesive, where usually
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a fracture mechanics approach is applied for delamination growth investigations to ap-

praise the energy release rates G for self-similar delamination development [64].

The delamination models are divided into two different topics such as initiation and

propagation and most of its assessments are stress-based with the inclusion of some cri-

teria like the quadratic interaction of the interlaminar stresses in combination with a

characteristic distance. Thus, it is necessary to apply some significant testing due to the

fact that the typical distance is an average length that depends on the geometry and ma-

terial qualities [64]–[66].

To evaluate energy rates it is commonly used the Virtual Crack Closure Technique

(VCCT) developed by Rybicki and Rybicki and Kanninen [67] based on Irwin’s assump-

tion. In this method, just one analysis is necessary to determine the energy release rates

which makes it computationally efficient [64].

Useful insights from the VCCT may be taken regarding the onset and delamination

stability in a delamination growth simulation, but it might be required to use a more

powerful and advanced moving mesh technique to force the crack front when local en-

ergy rates reach critical levels [68]. Furthermore, the hardest part may be the determi-

nation of the delamination front location regarding some unusual geometries and load

scenarios, which mandate the inclusion of a specified starting delamination.

Thereby, to overcome the difficulties aforementioned (de)cohesion elements may be

used at the interfaces between laminates. These are primarily explained by Dudgale-

Barenblatt cohesive zone approach [69], [70], [85] base Griffith’s fracture theory for a

negligible cohesive size when compared with the characteristic dimensions, indepen-

dently from constitutive equation shape [71]. Beyond that, it allows the simulation to

predict both the onset and propagation of the delamination even if there is no previous

information of the crack’s location and propagation direction [64].

Two different groups of decohesion elements may be formed, with one being that of

continuous interface elements and the other of point decohesion elements. The employ-

ment of streamlined interaction criteria of energy release rates for delamination propa-

gation prediction and the absence of an interaction requirement for softening initiation

prediction under mixed-mode loading are hallmarks of previously established decohe-

sion components.

2.4 Global-Local FEM

Quite often finite element models become too complex to be modelled with fully 3D

meshes that could translate to unfeasible simulation times, so analysts have to resort

to more computational efficient elements such as shell elements. However, this switch

from a 3D formulation to a 2D one comes at some expense, and can affect the accuracy

of the model. One way to tackle this without compromising too much the computational

cost is the use of global-local approaches [72].
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The search to develop accurate and faster numerical tools has been a quest of en-

gineers over the years with several works focusing on the meshing scales issue for dif-

ferent subregions [73], [74]. Global-Local techniques emerged as way to overcome the

limitations of local multigrid algorithm in finite element formulations, such as the one

proposed by Brandt [73] and further developed by Parsons and Hall [74]. This type of

approach presented some major drawbacks as the usually are intrusive in commercial

finite element codes and also due to complex transfer of information between meshes at

the overlapped region.

Having this into consideration, Gendre et al. [75] suggested a non-intrusive coupling

concept to analyse local non-linearities within the purpose of reducing the FE codes

resources where it use the non-overlapping domain decomposition (DD) data transfer

method to modify the conventional global/local method.

There are two models for the iterative global/local algorithm: a nonlinear local fine

mesh and a linear global coarse mesh models. The technique indicates that the bound-

ary or interface of both meshes must match. Therefore, the iterative global/local ap-

proach presents several benefits except for the matching mesh on the interface, where

the data transfer of nodal displacement and force between the two models only occurs

along the interface by avoiding any modification of the industrial code or the solver [76].

There are multiple manners of connecting the different models that make up the

solution scheme ranging from one and two-way strategies, to loose and tight coupling

procedures, which are potential distinctions of the modern technologies. One-way cou-

pling refers to the fact that information is only transferred from one model to another

whether from the global to the local or vice-versa while two-way coupling, as the name

says, transmit information in both directions. In loose coupling procedures it is neces-

sary to separate models to be able to have different simulations that share information

that can be computed sequentially which is not the same in tight coupling because it can

resolve the global and local systems of equations simultaneously [77].

2.4.1 Submodeling in Abaqus

The finite element commercial software Abaqus has already implemented in its code the

features necessary to perform a submodeling technique in a intuitive fashion. Using this

feature a small areas within complex models can be refined and used to interpolate the

global model’s solution. This modeling strategy is useful when a precise and detailed

answer is needed for the local area, but the detailed modeling of that area does not sig-

nificantly impact the overall solution. The overall solution, along with any applied loads

on the local area, determines the response at the boundary of the local region, which

then influences the solution of the submodel. The accuracy of the submodel’s boundary

reaction is dependent on the accurate specification of the global model.

Abaqus provides two submodeling techniques: node-based and surface-based. The

node-based approach is particularly interesting because it allows for a useful technique
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called shell-to-solid submodeling. This technique saves computational efforts by defin-

ing a large-scale shell model and transferring the boundary conditions to a more com-

plex solid model, resulting in more detailed results for the local area of interest.

Shell-to-solid submodeling

To account for discontinuities and slight misalignments between the nodes in the shell

model and the corresponding locations in the solid model, an interpolation procedure is

necessary to accurately transfer the displacement field. Abaqus incorporates two types

of tolerances to establish the relationship between the local and global models.

The first step is to identify the nearest location on the global model’s shell mid-surface.

This point is then referred to as the "image node" of the driven node. To determine if the

image node falls within the scope of the global model, an external tolerance parame-

ter is utilized. Subsequently, the distance between the driven node and its image node

is compared to half of the maximum shell thickness specified by the user, as shown in

Figure 2.9.

If the distance between the driven node and its image node falls within half of the

maximum shell thickness plus the external tolerance, the node is considered acceptable.

However, if the global model has varying shell thicknesses, this check will only provide an

approximate accuracy and may not protect the user in areas of the global model where

the thickness is less than the maximum thickness set by the user.

Once the positions of the driven nodes (or image nodes in the case of shell-to-solid

example) have been determined, the prescribed values of the driven variables are inter-

polated from the results obtained from the output file of the global model.

global model shell elements

exterior

tolerance
shell

reference surface

A
D

t = shell thickness

A - driven node

Al - driven node image
on the shell reference

surface

solid element

submodel mesh

Figure 2.9: Centre zone definition for shell-to-solid submodeling. [78].
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Figure 2.10: Typical two-way loose coupling procedure [72].

2.4.2 Applications of global-local technique in the literature

The global-local technique has been around for sometime and has been employed in fi-

nite element analyses of delamination by several researchers. Multiple works focused on

the enhancement of already developed global-local formulations in order to ease their

setup and provide more accurate results. For example, Krueger and O’Brien [79] devel-

oped a shell/3D modelling technique to investigate delamination composites by sim-

ulating DCB, ENF and Single Leg Beding (SLB) using VCCT. Another work using VCCT

and submodeling is the one by Pietropaoli and Riccio [80], where this techniques and a

ply discount approach are combined to predict interlaminar and intralaminar damage

evolution in composite stiffened panels subject to compressive loads.

A very common topic of research using global-local techniques is the case of skin-

stringer debonding in composite structures. In this particular application, many of the

methodologies found in the literature resort to the two-way loose coupling procedures,

shown in Figure 2.10.

This type of procedure has been implemented in various skin-stringer analyses using

several commercial Finite Element (FE) softwares. The exchange of information between

models is done in an iterative fashion, as depicted in Figure 2.10. In this process, non-

linear studies are not interrupted because the global and local simulations are executed

sequentially rather than concurrently. When updating the global model, it is worth not-

ing that modifications were made to the material properties.

Akterskaia et al.[72] proved that the global-local technique can be beneficial, when

properly defined, resulting in computational time savings, which in that case was around
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65%.

As for panel with cut-outs, it can be found in the literature a few research works as

the one of Kapania, Haryadi, and Haftka [81], [82]. In this study, Kapania, Haryadi, and

Haftka resorted to the Ritz method to extract the global model displacements and to the

finite element method for the local one. They assessed that for circular cut-outs the Ritz

method was quite accurate, but not the case for elliptical and stepped cut-outs. How-

ever, with the implementation of the global-local scheme an improvement of 31% re-

garding the elliptical cut-outs displacements was achieved, and 98% for the slopes and

moments. The authors also obtained significant computational cost savings from 55%

less CPU time and 70% less data storage.

Besides the works referenced above, there are many studies on the application of

global-local techniques for delamination prediction or even to simply analyse more ac-

curate and complete stress distributions, commonly for shell global models were the

through thickness stress is available and could be of interest [72], [76], [79], [80].
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Chapter 3

Cohesive Zone Model

As previously anticipated, the failure of laminated fibre-reinforced composites may oc-

cur due to a variety of intra and interlaminar damage mechanisms , such as delamina-

tion, fibre failure and matrix cracking. There are many elements such as loading condi-

tions, geometric-configurations and stacking sequences that can influence the damage

mechanisms. Nevertheless, delamination is a dominant form of damage due to the com-

posite intrinsic weakness in interlaminar bonding with high potential to undermine the

laminate overall structural integrity. The identification process of delamination initia-

tion and propagation still remains a challenge in this class of materials.

A technique for simulating delamination in finite element software can be classified

under the field of Damage Mechanics, specifically through the use of Cohesive Zone

Model (CZM). CZM is particularly useful for conducting non-linear progressive failure

analyses, including the assessment of ply damage and delamination [31], [83]. As a re-

sult, they are the preferred choice for evaluating complex three-dimensional (3D) struc-

tures that involve multiple instances of delamination initiation and propagation. Due to

their effectiveness in modeling interlaminar damage, CZM have gained widespread pop-

ularity.

The Cohesive Zone Model, depicted in Figure 4.1, is a numerical way of representing

crack surfaces in quasi-brittle materials. It incorporates a hypothetical fracture line, here

referred to as a dashed line, to account for the presence of damage. This fracture line

allows for the transfer of cohesive forces between different surfaces, and these cohesive
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forces are governed by a cohesive law that relates them to the crack opening displace-

ment (CODs). The cohesive law is based on the concept of fracture energy and estab-

lishes the relationship between cohesive forces and Crack Open Displacements.

Figure 3.1: Cohesive zone model of the damaged fibre-reinforced poly-
mer. The top figure represents the Fracture Process Zone (FPZ); the
middle figure describes the cohesive model concept; the bottom figure
shows the stress distribution along the crack zone for a pure mode I load-

ing and a constant cohesive law [84].

Cohesive Zone Model (CZM), as documented in existing literature, rely on a cohe-

sive interfacial law, often referred to as a traction-separation law. This law defines the

mechanical relationships between cohesive tractions (σ) and interfacial separations (δ),

which have a significant impact on the softening behaviour and the development of the

Fracture Process Zone [85]. According to this law, as the separation between interfaces

increases, the initially maximum tractions across the interface gradually decrease and

eventually vanish when complete decohesion occurs. This results in the total degrada-

tion of stiffness and strength [31], [36].

Cohesive zone models offer a valuable means of characterizing both the initiation

and propagation of damage, allowing for a comprehensive understanding of the fracture

behaviour within a continuum. Analysing a quasi-brittle bar with length L and a cross-

section A, Figure 3.2, the cohesive law can be easily comprehended by looking at Equa-

tion 3.1, where d represents the damage variable moved by displacement changes. In

simple words, the materials ability to carry loads decreases with the increase of damage,

which is obtained from d .
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(a) Elastic bar with cohesive crack . (b) Bilinear cohesive law

Figure 3.2: Quasi-brittle bar with a cohesive interface.

τ=
kδ, δ< δi

(1−d)kδ, δi ≤ δ≤ δ f

(3.1)

Determining initiation strength, fracture toughness, and shape parameters typically

requires experimental characterization. These determinations can vary depending on

three opening modes: mode I (normal direction), shear mode II (in-plane direction),

mode III (out-of-plane direction), and mixed-mode [85]. However, challenges associ-

ated with directly measuring these variables have led researchers to adopt alternative

methods like analytical or semi-analytical computations using inverse techniques [86]–

[88].

Multiple laws have been proposed to represent interlaminar damage in composite

materials. These cohesive laws vary primarily in terms of the criteria they use to deter-

mine the initiation and progression of damage under mixed-mode conditions. Addition-

ally, they differ in the assumed idealized shape that governs the progression of damage.

Such shapes can range from bi-linear to trapezoidal or exponential profiles. However,

it’s important to note that even simplified geometries may exhibit limited accuracy [85].

The softening law might exhibit a maximum point at small displacements to account

for localized deformation at the fracture tip and a longer decay at larger crack opening

displacements to represent the effects of bridging in the region behind the crack.

In order to overcome this issued and better represent this complex behaviour, re-

searcher proposed the use of multi-linear softening laws, which result from the combi-

nation of two or more bi-linear cohesive laws, Figure 3.3 [31], [36], [89], [90].
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Figure 3.3: Tri-linear cohesive law obtained by combining two bilinear
laws [36].

Transposing the aforementioned concepts of CZM to its finite element representa-

tion, namely for Abaqus, a first look at the physical representation of the concept is es-

sential, Figure 3.4.

Figure 3.4: Graphical representation of a three-dimensional cohesive el-
ement [78].

The transverse shear behaviour of the cohesive element is determined by measuring

the relative displacement between the bottom and top faces in a plane perpendicular to

the thickness direction. While it is assumed that the cohesive elements do not generate

any stresses in a purely membrane response, the stretching and shearing of the mid-

surface of the element, located between the bottom and top faces, are associated with

membrane strains within the cohesive element [78].

To model bonded interfaces in composite structures, it is recommended to use a

traction-separation-based approach. In compliance with this modeling strategy, cohe-

sive elements are used to represent extremely thin adhesive layers, which can be consid-

ered to have negligible thickness for practical purposes. These cohesive elements need

to be strategically placed in areas where stress concentrations are expected and where

cracks may occur.

Abaqus implementation of the traction-separation model follows a linear elastic for-

mulation that is followed by delamination initiation and further propagation. The elastic
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adhesive whose thickness should be considered, for practical purposes, null. This
element should be located in areas with stress concentrations that are expecting
cracks which must not propagate and deflect into the composite material.

In Abaqus, the traction-separation model assumes, initially, a linear elastic be-
haviour, followed by delamination initiation and propagation. Hence, the elastic
behaviour can be defined by Equation 4.2.

t =





tn

ts

tt





=




Enn 0 0
0 Ess 0
0 0 Ett








εn

εs

εt





= Eε (4.2)

Here, the traction vector t is made of three components, the two shear tractions,
tn and ts, and tt, the normal direction. Since T0 is the initial thickness of the
cohesive element, ε refers to the normal strains in the three directions [113].

Similar to the framework used for damage modelling in conventional materials,
the method used for cohesive materials consists of three parts: damage initiation cri-
teria, an evolution law and a option of element deletion on a defined damaged state.
Nonetheless, damage modelling for traction-separation response has particularities
that should be studied prior to the simulation.

Firstly, the initial response of the cohesive element is linear as described for-
merly. This progresses until a defined parameter and begins to separate, as seen in
Figure 4.5.

0 δ0
n(δ0

s , δ
0
t ) δ′n(δ′s, δ

′
t) Seperation

t′n(t′s, t
′
t)

Traction

Figure 4.5: Traction-separation response [113].

to
n, to

s, and to
t represent the peak values of the nominal stress, which occurs when

the deformation is either purely normal to the interface or purely in the first or the
second shear direction, respectively. like, εo

n, εo
s, and εo

t represent the peak values of

Figure 3.5: Traction separation response [78].

behaviour of such type of elements is defined as in Equation 3.2, with the traction vector

t composed by two shear tractions and a normal traction, [78].

t =


tn

ts

tt

=


Enn 0 0

0 Ess 0

0 0 Et t



εn

εs

εt

= Eε (3.2)

The approach for modelling damage in cohesive materials is similar to the framework

used for continuum solids. It involves three main components: damage initiation crite-

ria, an evolution law, and the option to delete elements once a defined damaged state is

reached. However, it is important to note that modelling damage in traction-separation

response has its own unique characteristics that need to be thoroughly studied before

conducting the simulation. The initial response for the cohesive element is linear and

follows the configuration shown in Figure 3.5.

Maximum and Quadratic Nominal Stress Criteria

There are different damage initiation criteria implemented in Abaqus, one of them being

the Maximum and Quadratic Nominal Stress Criteria, which is defined by Equation 3.3

and Equation 3.4. For this criteria damage is said to start when the nominal stress ratio

reaches the value one.
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Maximum and Quadratic Nominal Strain Criteria

Another criteria is the Maximum and Quadratic Nominal Strain Criteria which in defined

not in stress but in strain, Equation 3.5 and Equation 3.6. The philosophy is the same, and

damage occurs when the nominal strain ration is equal to one.

max

{ 〈εn〉
εo

n
,
εs

εo
s

,
εt

εo
t

}
= 1 (3.5)

{ 〈εn〉
εo

n

}2

=
{
εs

εo
s

}2

=
{
εt

εo
t

}2

= 1 (3.6)

In the context of damage evolution, the cohesive law describes how the stiffness of

the material deteriorates once the damage initiation criteria are satisfied. The software

employs a framework similar to that used for conventional materials, but it offers various

options specifically tailored for this aspect of the simulation.

In the traction-separation model, the stress components are affected by the presence

of damage, and this influence is determined by these equations:

tn =
(1−D)t n t n ≥ 0

t n otherwise (no damage compressive stiffness)
(3.7)

ts = (1−D)t s (3.8)

tt = (1−D)t t (3.9)

In these equations D represents the overall damage variable within the adhesive. Ini-

tially, D is set to 0 and gradually increases to 1 as the material undergoes additional load-

ing after damage initiation. The symbols t n , t s , and t t denote the stress components pre-

dicted by the elastic traction-separation behaviour based on the current strains, without

any damage.

When considering damage under both normal and shear deformation, it’s impor-

tant to emphasize the significance of the effective displacement and equivalent normal

strain, as described the following equations [78].

δm =
√
〈δn〉2 +δ2

s +δ2
t (3.10)

εm =
√
〈εn〉2 +ε2

s +ε2
t (3.11)

Understanding the functionality of the software in the context of mixed mode de-

lamination is crucial. Figure 3.6 visually depicts how damage initiation and evolution

are influenced by the mode mixity in a traction-separation response with isotropic shear

behaviour, providing a schematic illustration of this relationship. The two horizontal
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axes represent the magnitudes of shear and normal separation, while the vertical axis

represents the traction. The uncovered triangles in the vertical coordinate planes repre-

sent the reactions under pure normal and pure shear deformation. Each intermediate

vertical plane in the figure represents the damage response under mixed mode settings

with different mode mixes.

Figure 3.6: Illustration of mixed-mode response in cohesive elements
[78].

Abaqus provides a variety of ways to define the damage evolution, offering great flex-

ibility to analysts when performing research work in the field of delamination and cohe-

sive zone modelling. Table 3.1 Table 3.2 summarises the damage evolution laws available

and the additional parameters that control those laws, respectively.
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Table 3.1: Damage Evolution in Abaqus [78].

Evolution Law Formulation
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Table 3.2: Parameter definition for Damage Evolution [78].

Symbol Definition

δ0
m Effective Displacement at damage initiation

δ
f
m Effective Displacement at failure

δ
f
max Maximum value of the effective displacement during loading

history

Gn Work done by the tractions and their conjugate relative dis-
placement in the normal direction

Gs Work done by the tractions and their conjugate relative dis-
placement in the first shear direction

Gt Work done by the tractions and their conjugate relative dis-
placement in the second shear direction

GT GT =Gn +Gs +Gt

GT Energy dissipated due to work in the first and second shear
directions, GS =Gs +Gt

GC Energy dissipated due to failure

η Material Parameter

For the models developed in the present document the evolution laws assumed was

the BK law, based on its extensive use in the literature and proved to be accurate and

efficient alongside the Quadratic Stress Nominal Criteria.

Encompassing this whole formulations, Abaqus provides a series of different cohe-

sive elements, namely the COH3D6, COH3D8, COH3D6P and the COH3D8P elements. The ele-

ments used throughout this work will be the COH3D8, which is a 8-node three-dimensional

cohesive element, that based on the literature can provide accurate delamination repre-

sentation.





Chapter 4

Open-hole tensile test model

4.1 Scope of the model

The proposed work is to develop a global-local analysis of a civil aircraft composite wing-

box to assess free-edge delamination in an inspection hole on the lower skin. However,

since there is no experimental data regarding the wing-box model used, another model

had to be developed to validate the cohesive zone model approach as well as the global-

local technique.

4.2 Specimen Configuration

The model considered to perform the validation of the method is an open-hole tensile

test of a composite specimen, since its geometry resembles the one of the wing-box with

an inspection hole that will be analysed later.

The specimen configuration chosen was the same as presented by Green, Wisnom,

and Hallett [91], Figure 4.1.
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5d

20d

d

Figure 4.1: Open-hole specimen dimensions

The coupons manufactured in Green et al. [91] were IM7/8552 unidirectional carbon-

fibre/epoxy pre-pregs with a nominal thickness of 0.125mm. The layup used was [45m/90m/−45m/0m]ns ,

with 0◦ being the load direction, leading to a quasi-isotropic laminate. The tensile test

was performed for a variety of specimens with hole diameters ranging from 3.175mm to

25.4mm and different combinations of m, n and ply thickness. Table 4.1 sums up the

specimens configurations that failed by delamination.

Table 4.1: Failure stresses [MPa], (variation, %), for open hole tension of
[45m/90m/−45m/0m]ns laminates failed by delamination [91].

No. of
blocked
plies, m

No. sub-
laminates,

n

Tpl y

[mm]
T

[mm]

Hole diameter [mm]

3.175 6.35 12.4 25.4

2 1 2 0.25
396

- - -
(5.2)

4 1 4 0.5
275 285 362 417

(5.6) (5.2) (2.6) (4.1)

8 1 8 1.0
202

- -
232

(7.9) (1.9)

For the simulations shown in the next sections only the specimen with m = 4, n = 1,

a hole diameter of 3.175mm and a total ply thickness of 4mm was considered.

4.2.1 Material Properties

The material at hand, as mentioned before, is the IM7/8552. The properties for this ma-

terial were retrieved from [92] and are shown in Table 4.2.
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Table 4.2: IM7/8552 properties [92].

E1 E2 = E3 G12 =G13 G23 ν12 = ν13 ν23

161 GPa 11.4 GPa 5.17 GPa 3.98 GPa 0.32 0.436

X t Xc Yt Yc S12 = S13 ρ

2806 MPa 1690 MPa 60 MPa 185 MPa 90 MPa 1.58 g/cm3

G t
f c Gc

f c [93] Gnc [94] Gsc [94]

112.7 kJ/m2 25.9 kJ/m2 0.2 kJ/m2 1.0 kJ/m2

Since the objective of the simulation is to predict delamination, a cohesive section

will be defined in-between plies. The properties used for the interface cohesive elements

are the ones presented in Table 4.3.

Table 4.3: Cohesive properties.

Kn τn τsh G IC G I IC η ρ

3 ·105 N/mm3 30 MPa 50 MPa 0.2 kJ/m2 0.5 kJ/m2 1.45 1.58 g/cm3





Chapter 5

OHT reference model

In this chapter, two different finite element models with a 3D formulation, that were

setup to be used as a reference to the global-local results, will be discussed. These two

models apply different composite damage model, namely the Hashin model [40] imple-

mented in Abaqus and an interlaminar damage model presented in [95] and [96], via a

user defined subroutine.

All the simulations were performed using an Intel Xeon E5-2659 v4 cpu with 24 cores,

from which only 12 were used.

5.1 OHT with Hashin Damage Model

The following subsections will highlight and discuss the finite element model, of the

open-hole tensile test with Hashin damage, details and settings.

5.1.1 Geometry and Material definition

The material definition follows the configuration aforementioned, with a [454/904/−454/04]s

layup, 0.125mm ply thickness and the material properties of Table 4.2 and Table 4.3. The

cohesive layers were considered to have 0.001mm of thickness, with a quadratic stress

based damage initiation criterion and a bilinear damage evolution law. The mode mixity-

was instead regulated with the BK law [58].

47



48 Chapter 5. OHT reference model

The geometry was first designed as parallelepiped block with the dimensions speci-

fied in Figure 4.1 including the hole, which then was sliced using partition planes to ob-

tain the discretized plies and cohesive layers. In this discretization, the blocked plies, i.e.,

the consecutive ones with the same fibre orientation, were considered as a single parti-

tion, since in theory there is no mismatch in ply properties and therefore that should not

be a critical interface for delamination, which allowed to not include the cohesive layers

in-between those plies and making the model less computational expensive. With this

approach it was possible to model the specimen in a single part avoiding the definition

of additional interactions in an assembly.

5.1.2 Boundary Conditions

To achieve uniaxial tension in the simulation the boundary conditions must be carefully

applied in order to avoid unwanted stress concentrations at those locations, which may

result in inaccurate results.

The specimen was constrained as in Figure 5.1:

• the left most faces (red pattern) were constrained in the load direction (x), U1=0.

• the bottom left and right edges (purple edges) were constrained in the specimen

transversal direction (y), U2=0.

• the two vertical edges in the left and right of the specimen (yellow edges) were

constrained in the out-of-plane direction (z), U3=0

Figure 5.1: Open-hole reference model boundary conditions.
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5.1.3 Load

The displacement was applied using a reference point and the interaction type Equation

provided by Abaqus, which is a linear multi-point constraint requiring a linear combina-

tion of nodal variables equal to zero:

A1uP
i + A2uQ

j + ...+ AN uR
k = 0 (5.1)

with uP
i being the displacement at a node P for the degree of freedom i , while An are the

coefficients defining the relative motion of the nodes [78].

Having the reference point and the right most face of the specimen properly linked

by the Equation interaction, a prescribed displacement of 2.5% of the specimen’s length

imposed in the x direction, Figure 5.2.

Figure 5.2: Open-hole reference model interaction and prescribed dis-
placement.

5.1.4 Mesh

Abaqus only supports the Hashin damage model for shell elements, so for this reason

3D elements could not be used and continuum shell ones were employed, namely the

SC8R. Briefly, the SC8R continuum element has an 8 noded hexahedron configuration

and accounts for thickness changes, finite membrane strains and large rotations which

are desirable for large-strain analysis [78]. For the cohesive layers the elements used were

the COH3D8.

The mesh as represented in Figure 5.3 was divided in two sections that separate the

zone close the whole and the rest of the specimen. In the zone of the hole, a finer mesh

was created to better capture the stress concentration effect caused by that geometrical

discontinuity with the element size decreasing from 0.5mm to 0.1mm along the radial

direction. The coarser part of the mesh has 0.5mm by 1mm element size.
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The final mesh resulted having had a total of 284544 elements. The element deletion

option was activated for this analysis. Although a mesh convergence study is not shown

in this work, it is important to highlight that it should have been performed to ensure the

a more complete model development.

Figure 5.3: Open-hole reference model mesh.

5.1.5 Step

Since a tensile test is performed in a quasi-static static state, a suitable simulation type

must be used. Initially a Dynamic Implicit approach with a step time of 190.5s, which

in relation to the applied displacement translates to a loading rate of 0.5mm/min as in

the tests performed by Green, Wisnom, and Hallett [91], was adopted. The quasi-static

application procedure provided by Abaqus was also used and the non-linear geometric

effects were considered. However, the model was having convergence issues and was

computationally heavy.

To overcome this drawback the simulation was switched to a Dynamic Explicit one,

that for highly nonlinear cases perform better than the implicit integration counterpart.

When defining a quasi-static simulation with an explicit solver special care has to be

taken into account to avoid the introduction of inertial effects. So to avoid a high speed

deformation wave, an eigenmodes analysis of the specimen was conducted to determine

its natural frequency, which was 2192.3Hz, giving a natural period of approximately 4.56·
10−4s. The step was then taken as three times this value, 0.0014s.

The core of explicit integration schemes relies in very small time steps which leads

to a large increment number. If the total step time is too high the number of increments

may become excessive and simulation time may not be feasible. Yet there is an inter-

esting feature of explicit integration schemes known as mass scaling, which virtually in-

creases the systems mass to allow for a large time increment and therefore reducing the

simulation time. Still, careful consideration of the parameters involved in its definition

must be taken, with the most important measure to look at being the minimum stable

time increment which is directly correlated to the minimum element size and the mate-

rial density.

For the present model the Semi-automatic mass scaling option of Abaqus was

defined with a target time increment of 3 ·10−8s at every increment for the whole model.

Kinetic and total internal energies of the model where monitored along the simula-

tion to ensure that the kinetic energy can be considered close to zero when compared
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to total internal one, meaning that there are no kinetic effects and the simulation is per-

formed in a quasi-static manner.

5.1.6 Results

Considering the finite element model just described, the simulation ran all the way through

with a total simulation time of 2127s, that is approximately 35.5min.

First of all, the energies as previously mentioned should be checked and as depicted

in Figure 5.4, the internal energy is much higher than the kinetic one and the latter can

be assumed as close to zero, thus quasi-static state was achieved.
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Figure 5.4: Energies for the open-hole reference model with Hashin dam-
age.

To assess the validity of the model, the stress-strain curve can be plotted to determine

the failure stress to be compared with the reference one from Table 4.1.

The stress-strain curve shown in Figure 5.6 was obtained from the the reaction forces,

read at the reference point were the displacement was applied, divided by the cross sec-

tional area of the specimen and the displacement at the reference point divided by the

specimen’s length.

The expected load-displacement curve shape, and consequently the stress-strain curve

shape, is one similar to Figure 5.5.
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ever, it was not possible to correlate the non-linearity with a
particular damage mechanism through visual observation.

Similar to the pull-out type failure, the brittle mechanism
was fibre-dominated. However, there was little delamina-
tion or splitting present in the specimens, with damage of

this type being confined to an area close to the hole bound-
ary. Failure occurred adjacent to the hole, creating a clean
fracture surface across the width of the specimen, at the
mid-plane of the laminate, as shown in Fig. 5(a). Every
ply in the laminate failed on this fracture plane, by fibre

0
0 Crosshead displacement

L
oa

d

Fig. 5. (a) Brittle failure mechanism showing a clean fracture surface (4 mm thick sublaminate–level scaled specimen with a 12.7 mm hole diameter),
(b) load–displacement curve for same specimen.

Fig. 6. Schematic of delamination failure at the �45/0 interface, with off-axis ply failure also present.
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-45/0
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0o ply fibre
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Fig. 7. Typical load–displacement curves for delamination failure mechanism (note how fibre failure exceeds delamination stress only in one graph).

B.G. Green et al. / Composites: Part A 38 (2007) 867–878 871

Figure 5.5: Typical load-displacement curve for specimens failing by de-
lamination [91].

However, the obtained curve, Figure 5.6, is far from being similar to the experimental

one. This can be attributed to the lack of interlaminar damage behaviour in the Hashin

damage model, which only assumes intralaminar damage.

Nonetheless, for the sake of comparison the failure stress value was considered to be

the one at the "break" of the curve were a slight change in stiffness may have occurred, as

done by Wisnom [53], having a value of 421.84 MPa. This value relative to the reference

of 275 MPa presents an error of 53.4%.

Such big difference may be explained by the limitations of the 2D Hashin damage

model. Although it accounts for four different intralaminar damage mechanisms, namely

fibre and matrix tension and compression, the 2D formulation of this model is limited to

plane stress-states due to lack of the effects caused by the out-of-plane stress making

it not adequate for strong three dimensional stress state. Besides that, the out-of-plane

stress is known to present considerably high values at certain regions, such as free edges,

which can be of great impact in the delamination behaviour captured by the cohesive

elements. The 2D Hashin damage criterion determines the element deletion accord-

ingly to the damage variable within its formulation, which means that when this variable

reaches the critical value the elements are deleted regardless of excessive element dis-

tortion failure and that it lacks an important feature of its 3D counterpart which is the

inclusion of the maximum and minimum principal strains as an additional deletion cri-

teria to prevent the influence of element distortion. This can be a limitation and source

for disparity between numerical and experimental values, but for the present case this

may not be the issue, since this would imply a lower ultimate strength.
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Figure 5.6: Stress-Strain curve for OHT with Hashin damage.

The delamination contours for the three different interfaces, taken at the time step

where the failure stress was considered can be seen in Figure 5.7. Analysing these con-

tours another indicator of the erroneous results may be observed. From the literature,

the specimen configuration at hand fails by delamination at the -45/0 interface [53], [91].

While the interfaces showing the most degraded cohesive elements are the 90/-45 and

45/90 ones.

The -45/0 interface shows a "peanut shape like" pattern that is common to delamina-

tion in open-hole tensile tests, but for the 90/-45 interfaces this pattern is not observed.

Unwanted free edge effects, especially regarding out-of-plane stress, coming from the

outer edges of the specimen may be a reason for such pattern at the 90/-45 interface and

also at the 45/90 one. Looking at the out-of-plane stress for the two interfaces exhibiting

the largest delamination areas at the outer edges of the specimen, Figure 5.8 and Fig-

ure 5.9, it can be observed that there are stress concentrations close to those edges, at

the 45/90 and 90/-45 interfaces, about the same magnitude of the ones present close to

the hole for the σ13] and σ23] stresses. The -45/0 interface stress contours do not present

such results, thus its delamination pattern is not influenced by the effects described. For

the plies suffering from the outer edges influence, this indicates that the free edge effects

in those areas are almost equivalent in terms of effect on the overall specimen interface

which attenuates the stress concentration caused by the hole, therefore altering the de-

lamination pattern. Adding buffer zones to the edges inducing the unwanted effect could

have been a solution but their implementation showed no effect.
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(a) 45◦/90◦ interface.

(b) 90◦/−45◦ interface.

(c) −45◦/0◦ interface.

Figure 5.7: Stiffness degradation of the cohesive interfaces for the open-
hole with Hashin damage model, at the assumed point of failure. Con-

tour plotted on undeformed shape.
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(a) σ33 [MPa]

(b) σ13 [MPa]

(c) σ23 [MPa]

Figure 5.8: Out-of-plane stresses for the interface 45◦/90◦ at the assumed
point of failure. Contour plotted on undeformed shape.
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(a) σ33 [MPa]

(b) σ13 [MPa]

(c) σ23 [MPa]

Figure 5.9: Out-of-plane stresses for the interface 90◦/− 45◦ at the as-
sumed point of failure. Contour plotted on undeformed shape.
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(a) σ33 [MPa]

(b) σ13 [MPa]

(c) σ23 [MPa]

Figure 5.10: Out-of-plane stresses for the interface −45◦/0◦ at the as-
sumed point of failure. Contour plotted on undeformed shape.

5.2 OHT with Intra and Interlaminar damage via VUMAT

The second open-hole reference model was a similar one to the that of the previous sec-

tion, but instead of recurring to the built-in intralaminar Hashin damage model an intra

and interlaminar user defined subroutine written in Fortran, known in the finite ele-

ment analysis field as a VUMAT, was utilised.

The following sections will outline a summary of the interlaminar model considered,

the modifications with respect to the previous finite element model and ending with a

analysis and discussion of the results.

5.2.1 Interlaminar damage model

This user defined material model is based on and interlaminar damage model proposed

by Turon, Camanho, Costa, et al. [95] and was written by González, Maimí, Turon, et



58 Chapter 5. OHT reference model

al. [96] and enhanced with an intralaminar damage model. The material model has a

3D formulation for explicit finite element analysis where the cohesive elements simulate

the onset and propagation of delamination for composite materials. The model follows

a thermodynamically consistent framework that account for mixed-mode loading con-

ditions [96].

The delamination model follows a similar continuum damage formulation to the

ones of Mazars [97] and Simo and Ju [98] with the constitutive equation defined as in

Equation 5.2 in a displacement driven manner, were Di j is the undamaged stiffness ten-

sor, ∆i are free variables of the system and d is a variable to ensure that model is irre-

versible.

τi = ∂Ψ

∂∆i
= (1−d)D0

i j∆ j −dD0
i jδ3 j 〈−∆3〉 i , j = 1,2,3 (5.2)

The mode-mixity is governed by the BK law [58], that yields to Equation 5.3:

∆ f =
∆o

3∆
f
3 +

(
∆o

shear∆
f
shear −∆o

3∆
f
3

)
βη

∆0 (5.3)

With∆o
3 and∆o

shear being the relative displacements for damage onset in pure Mode

I and shear mode respectively and∆ f
3 and∆ f

shear the damage propagation counterpart.

The damage onset criterion is the same as the one for damage propagation, which

differs from the usual stress-based formulations for cohesive damage, since it is based

on energy terms [96]. The final equation, in terms of displacement, yields:

∆o =
((
∆o

3

)2 +
((
∆o

shear

)2 − (
∆o

3

)2
)
βη

) 1
2

(5.4)

This cohesive model is for zero-thickness elements so it had to be adapted to accom-

modate non-zero-thickness elements, i.e., for continuum elements the input data is in

the form of a strain tensor instead of relative displacements. The detailed mathematical

formulation of the model and subsequent modification for non-zero thickness element

is thoroughly described in González, Maimí, Turon, et al. [96].

5.2.2 Geometry and material definition

Initally, this model equal to the one with the Hashin damage model, except for the com-

posite material definition that was defined as a user material to make us of the subrou-

tine (VUMAT). After running some simulations and tuning parameters, the model was

unstable and was aborting due to excessive element distortion caused by erroneous wave

propagation.

At this point, a change in the model definition was performed. Instead of modelling

the specimen as a single sliced part, each ply and cohesive layer, including the ones be-

tween plies with the same fibre orientation, were modelled separately and joined to-

gether using general contact interaction with a frictionless and hard contact defini-

tion.
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Apart from that, all the dimensions and material properties were maintained. The

damage initiation criteria was also the quadratic nominal stress with bilinear damage

evolution.

5.2.3 Boundary Conditions

The boundary conditions were the same as the ones presented in Figure 5.1.

5.2.4 Load

The load application was switched from an imposed displacement to an imposed ve-

locity set to 1052.63mm/s, which is way higher than the 0.5mm/min performed in the

experimental test by Green, Wisnom, and Hallett [91], but explicit analysis, as already

mentioned, cannot accommodate large step times in order for the simulation to be ex-

ecuted in a reasonable computational time. The smooth amplitude application of the

velocity was also considered in the same fashion as for the previous model.

5.2.5 Mesh

The mesh for the current model was done using the same elements as before, namely

the C3D8I for the plies and the COH3D8 for the cohesive layers, but this time the global

element size was set to be of 0.5mm resulting in the discretisation in Figure 5.11.

Figure 5.11: Open-hole reference model with VUMAT mesh.

5.2.6 Step

The step definitions used were similar to the one of the previously discussed model with-

out the mass scaling option, since the simulation time was lower and reasonably accept-

able and with a smaller step time of 0.0005s, because at the development stage it was

observed that the specimen failing before half of the 0.00014s step time and there was

no point on performing the simulation in the same time frame. Alternatively the applied

velocity could be reduced and step time maintained.

Additionally, two different models were simulated were the first had the default set-

tings when creating the model in the Abaqus GUI also element deletion activated, and

the second one with the same settings and also the NLGEOM option.
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5.2.7 Results

The simulation times for the three open-hole models with the damage model embedded

in the the material definition via VUMAT are presented in Table 5.1, with the model were

non-linear effects were active having a significantly higher simulation time as expected

when using this option.

Table 5.1: Simulation times for the open-hole model with the VUMAT.

Model Time [min]

Element deletion 26.43

Element deletion and NLGEOM 77.58

Looking at the energies plot, Figure 5.12 it can be seen that the conditions for a quasi-

static simulation with the explicit analysis was achieved, with the kinetic energy being

much lower than the internal one and nearly zero in comparison. The energies of the

model with with the NLGEOM option presents some oscillations at the end, that only

appeared after the specimen’s failure, and therefore can be ignored.
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Figure 5.12: Energies for the open-hole reference models with VUMAT.

Moving into the stress-strain curves, shown in Figure 5.13, the shape is similar to the

one presented in Figure 5.5 up to the first load drop. These curves do not present the

reload behaviour that has been seen in the reference shape due to the specimen failing

catastrophically at the end, due to excessive element distortion.

Regarding the failure stress value, a plateau region is clearly observed in the graphs

before an accentuated drop in the curve. This plateau region was considered to be the

one were failure is due and thus the failure stress in approximately 285 MPa, which rela-

tive to the reference (275 MPa) only differs 3.64%. In comparison with the model with the
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2D Hashin damage, this presents a much better correlation with experimental data, re-

garding the failure stress, due to a 3D formulation being present, i.e., a formulation that

account for the out-of-plane stresses in the plies which play a major role in delamination

behaviour. Also the different material damage models included in the VUMAT, that re-

sort to a different formulation than the ones provided Abaqus, may have provided a bet-

ter capturing of other failure modes than delamination, which affect the out-of-planes

stresses.
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Figure 5.13: Stress-Strain curves for full 3D OHT model with intra and
interlaminar damage VUMAT.

From the analysis of the curves, both the energies and stress-strain ones, it can be

inferred that the NLGEOM doesn’t present an apparent advantage, hence either the default

settings model or the one with element deletion may be used, since computational cost

is smaller. However, the results from the model with NLGEOM are slightly different in terms

of deformed shape as the following results will show.

Figure 5.14 and Figure 5.15 show the stiffness degradation state at the three cohesive

interfaces for both models with the VUMAT taken at the time step where the failure stress

of 285 MPa is reached. For the model with element deletion only the most degraded in-

terface is the 90/-45 on which, does not correlate with the data from the literature that

as already mentioned states the -45/0 as the critical one. For the other model, the de-

lamination shape changes a bit and the results got closer to the experimental ones. The

90/-45 interface now is not the most singularly the most degraded one, but also the -45/0

interface shows a very degraded state and its contour is also closer to the ones found in

the literature, as observed when comparing Figure 5.16 and Figure 5.17.



62 Chapter 5. OHT reference model

(a) 45◦/90◦ interface.

(b) 90◦/−45◦ interface.

(c) −45◦/0◦ interface.

Figure 5.14: Stiffness degradation of the cohesive interfaces for the open-
hole with VUMAT and element deletion. Contour plotted on unde-

formed shape.
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(a) 45◦/90◦ interface.

(b) 90◦/−45◦ interface.

(c) −45◦/0◦ interface.

Figure 5.15: Stiffness degradation of the cohesive interfaces for the open-
hole with VUMAT and NLGEOM on. Contour plotted on undeformed

shape.
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Figure 11. Typical delamination and splitting developing progress from FEM.

F
E

M

F
E

M

F
E

M

F
E

M

F
E

M

F
E

M

Te
st

Te
st

Te
st

Te
st

Te
st

Te
st

0

100

200

300

400

500

600

700

800

d=3.175
t=1

d=3.175
t=2

d=3.175
t=4

d=6.35
t=2

d=6.35
t=4

d=12.7 
t=4

Specimen dimension (mm)

G
ro

ss
 s

ec
ti

o
n

 f
ai

lu
re

 s
tr

es
s,

 F
/W

t,
 (

M
P

a)

This specimen size failed by fibre failure,
 which is not included in the numerical model

Figure 12. Comparison of predicted delamination and splitting failure stress level to experimental results.

Figure 10 shows typical load–extension curves predicted using three different mesh densities for
the specimen with hole diameter d = 3.175mm and laminate thickness t = 4mm. The delamination
and splitting process as predicted by interface element failure for this specimen is also illustrated
in Figure 11. All the featured loading stages (marked A–G in Figure 10) are included. The two 45◦

Copyright q 2006 John Wiley & Sons, Ltd. Int. J. Numer. Meth. Engng 2007; 69:1982–1995
DOI: 10.1002/nme

Figure 5.16: Typical delamination and splitting progress from FEM [99].
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Figure 5.17: Delamination evolution for the OHT with VUMAT and NL-
GEOM.



Chapter 6

OHT global-Local model

In this chapter, a global-local model of the open-hole specimen aforementioned will be

described along with the results and insights obtained. For the present case a global shell

model will drive a solid local model.

6.1 Global Model

The global model of then open-hole specimen was formulated as fully linear elastic 2D

model with a mesh of 5600 S4R shell elements, Figure 6.1, once only the displacement

field was of interest to drive the local model. The material was once again the IM7/8552

and the same properties of Table 4.2 were used. The ply stacking was achieved using

Abaqus composite layup tool.

Figure 6.1: Open-hole global model mesh.

Regarding the boundary conditions, to obtain an uniaxial tension state the same phi-

losophy of Figure 5.1 was adopted and adapted to the 2D formulation. Instead of con-

straining faces and edges, lines and vertices were constrained, respectively. The load

application was also via a prescribed displacement following a smooth amplitude curve.

65
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The step was a Static General one with the step time of the same 190.5s that com-

bined with the 1.5785mm displacement gives the reference’s 0.5mm/min load rate.

An important detail when performing global-local analysis is to write the global model

data with minimal round-off errors, thus the output precision when submitting the Abaqus

job was set to full.

6.1.1 Results

Since the model is purely linear, the simulation took only 3.7s. The displacements in

the load direction (U1) and the transversal direction (U2) can be seen in Figure 6.2.The

out-of-plane displacement field is not represented since it is approximately null.

(a) Displacement U1 (x axis).

(b) Predicament U2 (y axis).

Figure 6.2: Open-hole global model displacement field in [mm], scale
factor of 1.

6.2 Local model

The local model of the open hole was taken has a square, whose dimensions were the

same as the specimen’s width, and centred at the hole, Figure 6.3. The ply and cohesive

layers discretization was performed in a similar manner to the one described in subsec-

tion 5.1.1, with the plies of same fibre orientation being stacked and cohesive layers were

introduced in the misaligned interfaces.

Two different materials definitions were considered one with the Hashin damage

model and one with the VUMAT subroutine mentioned in section 5.2.

This implicated also having two different meshes in terms of element definition, with

the Hashin model using SC8R elements for the IM7/8552 plies, and the VUMAT model
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using C3D8I elements. The cohesive elements used were the same, COH3D8. The mesh

size has a total of 187200 elements, 33600 cohesive elements and 153600 solid elements.

The mesh element sizes ranged from 1.4mm to 0.6mm (biggest dimension), in a bias

fashion toward the hole, and in the out-of-plane direction there each ply section was

discretised with four elements, to account for the real four stacked plies with the same

fibre orientation, and the cohesive layers with one element. The final mesh is shown in

Figure 6.4.

Figure 6.3: Open-hole
local model geometry.

Figure 6.4: Open-hole
local model mesh.

The boundary conditions for this model were defined using the Abaqus built-in sub-

modeling boundary conditions with the settings as in Figure 6.5.

The step considered was a dynamic explicit one with the same settings as in subsec-

tion 5.1.5.

Figure 6.5: Open-hole local model boundary conditions

6.2.1 Results

Hashin model

For the Hashin local model the simulation ran in approximately 22 minutes. Figure 6.6

shows the an overlay plot of the global and local models with the displacement magni-

tude field, which allows to identify that the transfer of information from the global to
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the local model was correctly achieved. The kinetic and internal energy also fulfilled the

requirement for a quasi-static analysis.

Figure 6.6: Open-hole global-local model displacement magnitude over-
lay plot, [mm].

As for the delamination results, Figure 6.7 shows the delamination state at the in-

crement were SDEG reaches the value 1, meaning that the cohesive elements with that

value have fully degraded in terms of stiffness. As in the reference open-hole model

with the Hashin damage, the most critical ply seems to not be the correct one, the -45/0

interface, but instead the 90/45 one. This result is merely indicative of a not accurate

enough simulation of the damage propagation as already seen before with this damage

model. However, the contours are relatively close to the one of the Hashin reference

model, which may demonstrate that the global-local modelling approach works, only

the material damage formulation is limiting the accuracy of the results or even the mesh

Figure 5.7.

Figure 6.7: Stiffness degradation of the cohesive interfaces for the open-
hole local model with Hashin damage. From left to right, the interfaces
are 45/90, 90/45 and -45/0, respectively. Contour plotted on undeformed

shape.



6.2. Local model 69

VUMAT model

For the VUMAT model the simulation ran for 46 minutes up to 34% of the step time, at

which it aborted due to excessive element distortion. Several runs with different param-

eters were tried to eliminate this issue, but without success. The kinetic and internal

energy also fulfilled the requirement for a quasi-static analysis so the issue was not com-

ing from inertial effects. One possible cause of such error could be related to the VUMAT

code itself, although no apparent bug was found either in the VUMAT or in the open-

hole model. Upon this, the overlay plot could not be done due to the displacement field

of the local model not being complete step time wise. Still, Figure 6.8 and Figure 6.9 show

the equivalent displacement states for the global and local models, that show a correct

transfer of information between the models.

Figure 6.8: Open-hole global model displacement in coherence with the
local model, [mm].

Figure 6.9: Open-hole local VUMAT model displacement before abor-
tion, [mm].

Nonetheless, the simulation reaches the failure state of the cohesive layers, that is

represented in Figure 6.10. By observing this contours, delamination seems to be follow-

ing a path that will lead to something close to the ones of the VUMAT reference model,

Figure 5.14. Thus, the global-local modelling can be said to be working correctly and

the difference in contours arising from material models issues or even from the meshing

itself.

The contours also indicate delamination propagation paths that may had led to sim-

ilar contours of the ones simulated by Jiang, Hallett, Green, et al. [99], which tested six
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different configurations of the specimen considered, including one with the same com-

posite layup as presented, by varying either the hole size, the ply thickness or the param-

eters m and n regarding the layup, Figure 5.16.

Figure 6.10: Stiffness degradation of the cohesive interfaces for the open-
hole local model with VUMAT. From left to right, the interfaces are 45/90,

90/45 and -45/0, respectively. Contour plotted on undeformed shape.
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Wing-Box Finite Element Model
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Chapter 7

Global Model

7.1 Generation of the model

In this section, the wing-box model will be explained, along with its dimensions, CAD

modeling, materials. boundary conditions ans loads.

7.1.1 Model description

The geometry considered for the wing-box is presented in Figure 7.1, Figure 7.2, Fig-

ure 7.3, Figure 7.4.
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Figure 7.1: Wingbox planform dimensions [mm].
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(a) L1

(b) L2

Figure 7.2: Spars geometry [mm].

(a) N1 (b) N2

(c) N3 (d) N4

Figure 7.3: Ribs geometry [mm].
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(a) Main front spar, L1. (b) Secondary rear spar, L2.

Figure 7.4: Flanges geometry.

The wing-box geometry was modelled with the following considerations in mind:

• The rib N1 is 450mm away from the wing’s root.

• The main spar, L1, is at 13% of the airfoil’s chord, and the secondary one, L2, at

75%.

• The ribs and spars are manufactured with a unique vending radius of 2mm.

• The lower skin has a circular inspection hole at the centre of central panel in the

lower skin, with a diameter of 100mm, Figure 7.6.

Regarding the profiles shown in Figure 7.4:

• The main spar, L1, has an inclined I cross-section with constant flanges dimen-

sions of 70×1.5 mm2.

• The secondary spar, L2, has an inclined C cross-section with constant flanges di-

mensions of 35.5×1.5 mm2 oriented toward the main spar, L1.

• The ribs have a C cross-section with flanges of 30×1 mm2.

It is to note that the cruise speed and wing load are, respectively, 161.9 m/s and 2562

N/m2, the rib web 1.5 mm, the spar L1 web 2.5 mm, and the spar L2 web 2 mm. The

upper skin comprises a [0/45/−45/90]2s layup where the ply thickness is 0.1 mm.

7.1.2 CAD model and Mesh

A detailed explanation of how the model was generated will not be presented in this part

since this is not the objective of this work, rather a small description will be given as a

walk-through the main steps of the creation of the 3D CAD model.

The first elements to be defined in the model were the vertices of the ribs of the wing

box. Then it was created a 2D plane with a sketch of the ribs, being these used as a

support to generate a shell through the loft tool, generating by this way the skin of the

wing box. It is then possible to create the spars and its webs using, once again, datum
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planes. The geometry of each rib is then further improved through the addition of details

such as the lightning holes. The final result is shown in Figure 7.5

Figure 7.5: Wing-box CAD model coloured by material definition – red
for composite, green for Al 2024-T3, and white for Al7475-T6.

Figure 7.6: Win-box lower skin with the inspection hole.

Afterwards, the wing-box was discretized using a general mesh with a global size of

approximately 20mm, with S4R and S3R shell elements, and B31 beam elements, Fig-

ure 7.7.

7.1.3 Materials

As mentioned before, some aircraft have already reached the 50% mark regarding the use

of composite materials in their primary structures. To account for this shift in aircraft

manufacturing the wing-box model will be made out of aluminium and a carbon fiber

reinforced laminated composite.

The composite skin has the properties shown in Table 7.1. The ribs material is the

extensively used Al 2024-T3, Table 7.2, and the spars one is the Al 7475-T6, Table 7.3.

Table 7.2: Al 2024-T3 properties.

E1 ν ρ

74.4552 GPa 0.33 2.7 g/cm3
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(a) Wing-box (b) Lower centre panel.

Figure 7.7: Wing-box mesh

.

Table 7.1: IM7/8552 properties [100].

E1 E2 = E3 G12 =G13 =G23 ν12
171.420 GPa 9.08 GPa 5.29 GPa 0.34

X t Xc Yt Yc S12

2323.5 MPa 1200.1 MPa 62.3 MPa 253 MPa 92.3 MPa

Table 7.3: Al 7475-T6 properties.

E1 ν ρ

71.0082 GPa 0.33 2.7 g/cm3

7.1.4 Boundary Conditions

In order to establish the boundary conditions, the wing-box was conceptualized as a

beam experiencing flexural and torsional loadings. For the purpose of this analysis, only

an intermediate section of the wing-box was examined, with the first rib, rib N1, located

at a distance of 450 mm from the root of the wing-box. Consequently, the model can be

likened to a section cleaved from a larger beam, necessitating the definition of loads and

boundary conditions at both ends of the section. These conditions arise from the forces

and moments exerted by the adjacent sections on the analysed section. This conceptual-

ization is depicted in Figure 7.8, serving to illustrate the aforementioned considerations.

Figure 7.8: Beam approximation.

In this configuration, the wing-box section is treated as an isolated entity with loads

acting at both ends, arising from the interactions with the surrounding components
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of the wing-box, as well as the externally applied loads specific to the analysed sec-

tion. However, due to the challenges associated with reproducing a free-body diagram

in Abaqus, an alternative approach was adopted. This involved imposing the known dis-

placements and rotations at one end, while applying the resulting forces and moments

from the remaining structure at the other end. This methodology is visually depicted in

Figure 7.9.

Figure 7.9: Beam approximation equivalent boundary conditions.

Given that the studied section resides at a moderate distance from rib N1, which

serves as the foundation of the model, and the wing-box root, it is justifiable to assume

minimal displacements and rotations at the base of the model, rendering it effectively

fixed. However, since the wing-box section is primarily connected to the adjacent section

near the wing-box root through the spars, as well as skins, the fixation of the model’s base

was selectively applied solely to the web of the spars. Further support was provided by

the rib N1, resulting in a configuration akin to a simply-supported structure, as illustrated

in Figure 7.10.

Figure 7.10: Wing-box boundary conditions.

7.1.5 Loads

The load case applied in the finite element model was that of a critical gust scenario,

with a positive load factor of nz = 1.5 and also a scale factor of 3 to force an extreme load

scenario where failure is set to occur. The load data used is the same as the one intro-

duced in the class of Aeronautical Structures Analysis, lectured at FEUP in the master’s in

Aeronautical Structures, and is presented in Table 7.4 and represented graphically in Fig-

ure 7.11, along with regions for load estimation, where vz1 and vz2 are the vertical shear

loads in the main and secondary spars respectively.
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Table 7.4: Critical gust load case.

x [mm] vy [N/mm] vz1 [N/mm] vz2 [N/mm]

0 0.0609 0.88149 0.24347

505.3 0.056642 0.8616 0.23695

1010.5 0.052378 0.84265 0.23018

1515.8 0.048207 0.82428 0.22317

2021.1 0.044213 0.80611 0.21591

2526.3 0.040459 0.7878 0.2084

3031.6 0.036993 0.76902 0.20066

3536.8 0.033846 0.74947 0.19267

4042.1 0.031033 0.72883 0.18446

4547.4 0.028549 0.70683 0.17601

5052.6 0.026374 0.68321 0.16735

5557.9 0.024471 0.65771 0.15847

6063.2 0.022786 0.6301 0.14937

6568.4 0.021246 0.60016 0.14008

7073.7 0.019763 0.56769 0.13059

7578.9 0.018232 0.53251 0.12091

8084.2 0.016529 0.49443 0.11106

8589.5 0.014515 0.45331 0.10104

9094.7 0.012033 0.40902 0.090859

9600 0.0089083 0.36142 0.080537

The load values presented before are distributed along th wing-box and in order to

model them as concentrated forces the correspondent area under the graphs for each

region highlighted was considered. The vertical red lines mark the position of the ribs

being N1 the leftmost line and N4 the rightmost one, adn the gray lines separate the

regions for load estimation. So in summary, the regions considered are:

• N1: 225-1125 [mm]

• N2: 1125-2475 [mm]

• N3: 2475-3825 [mm]

• N4: 3825-5175 [mm]

• Tip: from 5175mm to the end of the graph.
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Figure 7.11: Wing regions for loads estimation.

Table 7.5: Shear force values.

N1 N2 N3 N4 Tip

Color Yellow Green Cyan Blue Lilac

Vz [N] 980.93 1394.69 1300.05 1195.06 2925.85

Vz1 [N] 756.99 1080.69 1014.68 940.80 2924.73

Vz2[N] 207.67 290.760 263.880 234.780 548.808

Vy [N] 48.87 61.09 48.28 38.38 81.49

Table 7.5 presents the loads calculated from the integration of the area under the graph

for each region.

Since Abaqus, does not allows the application of concentrated moments on surfaces,

a different approach had to be conducted. The "Structural distributed coupling" method

featured with linear weighting was adopted and a reference point was defined at the

aerodynamic centre of the rib N4 along with a coupling constraint encompassing the

reference point and all rib N4 nodes.

To calculate the shear forces and bending moments originating from the wing-box’s

tip Equation 7.1 and Equation 7.2 can be used, where V represents the resulting shear

forces, v the distributed shear force, M the resulting bending moment, and Y the dis-

tance of the point i to the rib N4.

Vi =Vi−1 + vi + vi−1

2
(̇Yi−1 −Yi ) (7.1)

Mi = Mi−1 + Vi +Vi−1

2
(̇Yi−1 −Yi ) (7.2)
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Table 7.6: Resulting bending moments acting on the wing tip.

My [N/mm] Mz [N/mm]
7 940 047.64 214 197.32

The graphs obtained from the application of these equations is depicted in Figure 7.12.

Table 7.6 synthesises the resulting values used in the finite element model.
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(b) Wing tip Bending moments.

Figure 7.12: Wing tip loads.

The finite element model with all the previous mentioned loads are shown in Fig-

ure 7.13. It is important to recall that the loads presented before were then multiplied by

a scale factor of 3 and also a safety coefficient of 1.5.

7.2 Simulation setup

Considering the aforementioned model of the wing-box, this section will focus on the

simulation setup aspects, such as solver type, step type, etc.

Since this model is to be used as a global model for the refined local part around

the lower skin inspection hole, only the displacement field is of interest since it will be

used as a boundary condition to drive the local model simulation. Therefore, no damage

evolution or nonlinear geometric formulations were considered.

The solver chosen was the Abaqus Standard, which encompasses an implicit inte-

gration scheme and the step type used was the Static, General one, with a step time of

1s.

Also, all the loads were defined with a smooth amplitude curve which is defined in

Abaqus by Equation 7.4, between two consecutive data points (ti , Ai ) and (ti+1, Ai+1),

with t being a time point and A an amplitude value between 0 and 1. The curve for the
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Figure 7.13: Wing-box FEM model with applied loads and boundary con-
ditions.
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Figure 7.14: Smooth amplitude curve.

present simulation is presented in Figure 7.14 [78].

a = Ai + (Ai+1 − Ai )ξ3(10−15ξ+6ξ2), for ti ≤ t ≤ ti+1 (7.3)

ξ= t − ti

ti+1 − ti
(7.4)

The step time was discretized in fixed increments of 1s each.

7.3 Results

Since the simulation was fully linear, it ran smoothly without any convergence issue and

the displacement fields, which are the outputs of interest for the following local model,

can be observed in Figure 7.15. A more complete display of the displacement fields may

be observed in Appendix A.
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Figure 7.15: Wing-box displacement magnitude [mm], scale factor of 1.





Chapter 8

Local Model

This chapter will expose the geometry modelling of the local part of interest, namely the

inspection hole in the bottom skin, as well as the boundary conditions and simulation

settings used.

8.1 Generation of the model

To model a refined local part around the inspection hole, a chunk of the bottom skin was

cut with a radius of 200mm, Figure 8.1.

The local part was fully modelled with 3D elements, instead of shell elements like in

the global model. In order to do so, a new geometry must be defined to account for each

ply individually as well as the cohesive layers between them.

8.1.1 CAD model and Mesh

Following the description stated above, to model the local part as a stack of 3D element

layers the loft feature provided by Abaqus was employed. From the global model, the four

vertices that delimit the bottom skin of the wing-box’s second bay and the respective arch

radius were retrieved, Figure 7.1,Figure 7.2, Figure 7.3, and are summarised in Table 8.1

Table 8.1: Bay 2 vertices and arc radius [mm].

Rib N2 [223.0,11.7] [1845.0,10.6] 4623.0
Rib N3 [445.0,23.4] [1922.0,21.2] 4406.0

85
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Figure 8.1: Schematic of the wing-box chunk to be used as a local part.

Figure 8.2: Sketch approach for the wing-box local part loft sections.

With this data, the respective arc centres were calculated and also the angle between

the ends, which allowed to draw the sketches for the loft sections as in Figure 8.2. The

red line in the figure represents the position of the global model shell skin, C the arc

centre , θ the angle between points A and B , and r (z) the radius of the arc with z varying

accordingly to the ply or cohesive layer distance to the red line, in the radial direction.

The ply thickness is the same of the global model, and the cohesive layers were set to

0.001mm.

The result from the lofts is a full 3D model of the wing-box second bay lower skin,

Figure 8.3. From that skin a disk like chunk was cut as shown before in Figure 8.1, leading

to the final geometry depicted in Figure 8.4.

From the final geometry, a mesh of hexahedral was generated with the element sizes

specified in Table 8.2 and graphically displayed in Figure 8.5. The composite plies were

modelled analogously to the open-hole model discussed before with C3D8I elements,

and the cohesive layers with COH3D8. The number of C3D8I elements was 176960 and of

COH3D8 was 165900, giving a total of 342860 elements.
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Figure 8.3: Second bay lower skin obtained from the lofts. The zoomed
pictures highlight the different plies and in-between cohesive layers.

Figure 8.4: Wing-box local part final geometry.

Figure 8.5: Wing-box local part mesh.
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Table 8.2: Local part mesh element sizes.

Outer Circle Inner Circle Radial Bias Through Thickness

6mm 1.7mm 6mm to 3mm 1mm

8.1.2 Materials

The materials used were the already mentioned IM7/8552 for the plies, with the proper-

ties of Table 7.1 and for the cohesive layers the properties can be seen in Table 8.3.The

damage initiation criteria considered was the quadratic nominal stress and a bilinear

damage evolution law.

Table 8.3: Cohesive properties for the wing-box local model.

Kn τn τsh G IC G I IC η ρ

1 ·106 N/mm3 62.3 MPa 92.3 MPa 0.28 kJ/m2 0.79 kJ/m2 1.45 1.58 g/cm3

A buffer zone in the cohesive plies, considering only the elastic properties, was also

defined to mitigate the appearance of singularities in the boundary conditions, Figure 8.6.

Figure 8.6: Wing-box local model cohesive buffer zone, the green part
is purely elastic and the white part includes the damage initiation and

damage evolution definition.

8.1.3 Boundary Conditions

The boundary conditions come from the displacement field of the global model, and

were applied to the model via the submodeling boundary condition available in Abaqus.

The setup used can be seen in Figure 8.7.
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Figure 8.7: Wing-box local model boundary conditions.

8.2 Simulation setup

The step was defined as a dynamic implicit one with the same step time of the global

model, 1s. The NLGEOM option was set to off.

8.3 Results

The simulation ran in 4.6 min and the overlay plot of the displacement fields of the global

and local wing-box model is represented in Figure 8.8. The displacements transfer oc-

curred seamlessly which indicates that the global-local setup was properly defined.

Figure 8.8: Wing-box displacement overlay plot with the global model
and local model displacement , [mm].

About the delamination, it didn’t occur with the maximum value of variable indicat-

ing the initiation of damage (QUADSCRT) being only 0.02392. Such low value indicates

that the load applied is not sufficient to trigger delamination at the hole edges.

However, it is important to highlight that the global-local approach worked and also

the the spots where delamination will most probably start can already be seen, Fig-

ure 8.9b and Figure 8.9c. It is also noticeable the correlation between the zones with

higher Von Mises stress and the zones were delamination was starting to appear.
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(a) Von Mises stress [MPa]. (b) Damage initiation variable (QUADSCRT)

(c) Damage initiation variable (QUADSCRT) with
logarithmic scale.

Figure 8.9: Wing-box local model most critical ply results, interface
0◦/45◦.

8.4 Other models

Since delamination was not achieved with the previous formulation, some other models

were developed including intra and interlaminar damage laws via a UMAT, for implicit

analysis, and via a VUMAT, for explicit analysis. Unfortunately, the introduction of such

subroutines did not perform well with local model and strange behaviours were happen-

ing as seen in Figure 8.10.

For this model with the UMAT it seems that there was a problem in the region de-

fined through the user subroutine, while in the buffer zone the behaviour of the model

seems to be in agreement with the one observed in the global and local model previ-

ously discussed. Right at the first increment, some of the damage state variables defined

in the UMAT reached the critical value which could indicate wrong material properties

definition, to high load rate or coding error within the UMAT.
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As for the material properties, they were checked multiple times and also were re-

trieved from a research work [100] that implemented them in finite element models with-

out issues. Regarding the load rate, both the global and local model step times were ad-

justed to 30s and the maximum increment set to 0.5s to ensure the gradual application

of the loads.

Even with this modifications to the original models the problems persisted, which

ultimately leads to believe that error source might be the UMAT subroutine, but since

it was programmed by a third party it was not possible to find the bug due to the lack

of familiarization with the code. This highlights the intricate of process of composite

damage failure simulation, which relies not only on complex mathematical formulations

but also in their correct implementation into numerical tools that can be used by finite

element analysts in any given case.

Figure 8.10: Wing-box local model with inter and intralaminar damage
model via UMAT displacement field.

8.5 Curved thin shells

The curvature presented by the wing-box skin may be a root cause for the difficulty in

modelling its behaviour via finite element method. As described by Hart-Smith, the tra-

ditional formulation for in-plane shear strain in curved thin shells is affected by serious

first-order errors due to its intrinsic assumptions and simplifications [101]. This issue

and others that may have not been spotted yet within the traditional formulations im-

plemented in finite element codes, for either shells, curved shells or composites, can

pose a serious obstacle to simulations including components with curvature as the one

here presented.
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Chapter 9

Conclusions and Future Work

9.1 Conclusion

The present thesis focused on the development of a global-local finite element method-

ology to predict interlaminar failure on composite structures, namely delamination. In

the first part a review on the current state of the art regarding composite structures in the

aeronautical field, composite failure mechanisms and global local techniques was con-

ducted. From this analysis it was clear that this industry is shifting its mindset more and

more toward CFRP structures and also towards computational tools, especially the finite

element model, to overcome the expensive laboratory testing of such materials.

However, employing computational tools like finite element models require an ex-

tensive support on experimental data that can validate its accuracy and allow the ex-

trapolation to other structures different from the validation ones. Laminated materials

often undergo localized failures at smaller length scales before reaching ultimate rup-

ture, that gradually develop and accumulate during the loading process that may result

in catastrophic failure. When performing a finite element simulations of composites an

important step is to define the modelling scale. As the scale becomes lower it gives more

accurate results, but computational cost needs to be taken into account and a trade-off

must be defined. To assess damage failure in the overall laminate the preferred scale is

the one denoted as mesoscale, which relies on a ply-by-ply discretisation of the laminate,

where each ply is modelled with homogenised properties.

95
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Global-local techniques have been developed by several researches over the years

and present a powerful tool in finite element analysis of complex structures. It can be

said that the global-local modelling approach presents some challenges regarding geo-

metrical modelling and meshing. The boundary condition interface between the local

and global models is a very sensitive region that if not properly defined can lead to er-

roneous displacement transfers which consequently lead to inaccurate results. It is im-

portant to highlight that the geometric transposition from a shell mode to full 3D model

in curved part accommodating separate layers for the plies and cohesive interfaces is a

very tricky process that can quickly lead to wrong geometric definition. For the wing-box

model the part was curved posed a big challenge in making the "slice like" part defi-

nition to obtain the mesoscale model of the laminate, mainly due to limitations in the

Abaqus CAD features. Either for the open-hole models of for the wing-box one, the one-

way global to local transfer of information was achieved and properly established. For

the open-hole reference model with Hashin damage an approximately 38% reduction in

simulation time was achieved by employing these technique. For the open-hole mod-

els with the VUMAT this cannot be calculated since the local model aborted midway

through. As for the wing-box, although there is no full 3D reference model and that the

delamination initiation point was not reached, it was seen that a global-local approach

can be a used to determine delamination failure initiation in a quick manner, since up to

that point the model is fully linear and thus computational cost is not high.

Regarding delamination, the cohesive zone modelling technique was conducted by

means of COH3D8 elements governed by a quadratic traction criteria and a the BK law,

and of some models via VUMAT containing a more evolved interlaminar damage model

than the one provided by Abaqus. Delamination initiation and propagation was achieved

on the open-hole models but not in the wing-box case.

Although delamination happens, it was already discussed that the results are not in

perfect agreement with experimental and other finite element data coming from the lit-

erature. Several models were developed during the execution of this project in a quest to

overcome the simulation inaccuracy regarding delamination initiation and propagation,

either by implicit integration models or by using user defined material models includ-

ing progressive damage for the explicit counterpart via VUMAT. However errors during

simulations, such as abortion due to excessive element distortion or wrong behaviour of

the local model, as in Figure 8.10 limited the outcomes and did not allow to observe an

improvement in the results accuracy.

Material properties and simulation settings were tweaked several times to try trig-

gering a different behaviour, and also different meshes were created but the issues still

persisted. Since boundary condition interface is a very critical part of global-local finite

element models, buffer zones were also tried with the user subroutines models, to avoid

singularities caused by the elements at those locations, but it did not make a significant
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effect on the results. One possible explanation for the simulations issues might come

from the material model coded in the subroutines used, since the models defined with

the Hashin damage model provided by Abaqus did not show any simulation errors and

ran smoothly till the end, with only its results being far from realistic ones. This indicates

that allegedly the global-local models were well defined were correctly setup and work-

ing and the issues were coming from the material models.

In summary, it can be said one of the objectives of this thesis was fulfilled with a

global-local one-way approach being successfully implemented, and highlighting that it

can be easily achieved, providing that the appropriate meshes are developed and bound-

ary conditions are properly defined. The other objective of this work, was not fully ful-

filled with delamination initiation and propagation being observed at least for the open-

hole validation models, but the accuracy of the results being distant from what was ex-

pected. With this in mind, the biggest obstacle to the present work was without a doubt

the accurate modelling of composite failure mechanisms, that still to this day are on of

the core topics of research regarding composites.

9.2 Future Work

In spite of the increasing number of publications regarding global-local finite element

model techniques and even more of damage in composite materials, both experimental

and numerical studies need to be conducted to continue extending the knowledge base

on composite materials characterization including their complex damage failure mech-

anisms. Even with a much better computational power that a few decades ago, the quest

for reliable and computational cheaper tools are still a very current topic, since the more

power you have the more complex simulations will be, so results can be of high fidelity

and maybe substitute physical experiments in total.

Diving into the global-local techniques, several formulations for finite element ap-

plications with such approaches can be found within the literature as well as in com-

mercial softwares like Abaqus. In this work it was presented the base configuration of

this method, being it a one-way coupling approach. An interesting further study would

be to implement a two-way coupling procedure that would allow an iterative simulation

scheme towards a more accurate solution. Another study that could be conducted, al-

though not as interesting, would be to develop a model using shell-to-solid coupling but

within the same model, i.e., at the local area of interest a switch from a shell elements

mesh to a 3D would be modelled.

Regarding the damage failure of composite, and especially delamination, research

around this topics is still largely conducted by many academic institutions as well as
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federal entities such as NASA. Although the literature proposes several models to simu-

late composite damage failure, their implementation is mostly validated for simple test

such as tensile tests, compressive tests, DCB tests, ENF test, etc.. When translating those

models to more complex structures, issues may arise, not from the mathematical formu-

lation side, but from the implementation in the softwares. Thus a better implementation

of such damage models within finite element codes should be of primary focus for either

scholars or companies that developed commercial finite element codes. Taking this into

consideration, future works should focus a meticulous definition of damage models and

their implementation in finite element models, especially for more complex structures

such as the on of the wing-box presented in this work.
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Wing-Box Global Model Results

A.1 Displacement Field, U
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110 Appendix A. Wing-Box Global Model Results

(a) Top view

(b) Bottom view

Figure A.1: Wing-box displacement magnitude in [mm], scale factor of 1.
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(a) Top view

(b) Bottom view

Figure A.2: Wing-box displacement in the x direction in [mm], scale fac-
tor of 1.
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(a) Top view

(b) Bottom view

Figure A.3: Wing-box displacement in the y direction in [mm], scale fac-
tor of 1.



A.1. Displacement Field, U 113

(a) Top view

(b) Bottom view

Figure A.4: Wing-box displacement in the z direction in [mm], scale fac-
tor of 1.
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