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Resumo

Aeronaves de decolagem e aterragem vertical, mais conhecidas pelo acrónimo VTOL (Ver-
tical Take-Off Landing), têm vindo a ser sucessivamente desenvolvidas e inovadas ao longo
dos últimos anos. O futuro deste tipo de aeronaves está direcionado em torná-las mais
acessíveis, em termos de custo, e tornar a sua utilização popular.

A Beyond Vision é uma empresa portuguesa, especializada na produção de drones,
cujo próximo objetivo é criar uma aeronave com a tecnologia VTOL. Esta tese faz parte
de um projeto europeu H2020 DAIS. O objetivo da Beyond Vision é desenvolver uma
aeronave VTOL com uma carga útil de 100 kg e o foco desta tese é no design da estrutura
da asa. Foi estabelecido que a estrutura não deveria pesar mais do que 15.5 kg, a flecha
não deveria ultrapassar 5% da envergadura da asa, e estruturas compósitas deveriam ser
utilizadas.

Sendo assim, numa primeira fase foi feita uma revisão literária sobre estruturas aeronáu-
ticas e design de asas, e também sobre estruturas compósitas. A isto seguiu-se uma fase
de design conceptual, na qual o layout da asa foi definido. Após o layout ser definido,
procedeu-se ao dimensionamento de cada um dos componentes. Isto foi feito com recurso
a um processo designado por idealização estrutural. Foi também necessário calcular as
cargas atuantes na asa e desenhar os respetivos diagramas de esforços.

Após todos os componentes terem sido dimensionados, um modelo CAD foi criado.
Este modelo foi importado para o Ansys, no qual se efetuou uma análise de elementos
finitos. Esta análise foi complementada com uma análise Fluidodinâmica computacional
(CFD), que providenciou a pressão atuante na asa. Uma vez concluída a análise estrutural
estática, tendo sido obtida convergência, os laminados escolhidos inicialmente para as
longarinas da asa foram otimizados. Os resultados obtidos com as cargas provenientes do
CFD foram comparados com os resultados obtidos usando uma carga simplificada. Foi
concluído que ambas as soluções conduziam a resultados semelhantes, o que valida o uso
da segunda alternativa.

Foi também feita uma caracterização experimental de dois painéis sandwich. Ambos
os painéis eram constituídos por faces semelhantes (tecido de fibra de carbono 3K com
0.5 mm de espessura) e diferentes núcleos. Um dos núcleos era uma espuma PVC 60 com
5 mm de espessura e o outro era composto por honeycomb de alumínio, com 4 mm de
espessura. Por fim, todos os testes realizados foram simulados no Ansys de modo a poder
compreender se este software tem capacidade ou não de prever a falha destes componentes
com precisão. Este passo importante permitiu verificar que a ferramenta de falha de
compósitos do Ansys pode ser usada eficientemente no design de laminados.
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Abstract

Vertical Take-Off and Landing (VTOL) aircrafts have been successively developed and
innovated throughout the last years. The future of this type of aircraft is aiming towards
making them affordable and of mainstream use.

Beyond Vision is a Portuguese company specialized in drone manufacturing, whose
next goal is to produce VTOL aircrafts. This thesis is part of the European project H2020
DAIS. Beyond Vision aims to build a VTOL aircraft with a payload of 100 kg and this
thesis is focused on designing a structure of the wing. It was established that the wing
should not weigh more than 15.5 kg, the displacement of the wing should not surpass 5%
of the wing span, and composite structures should be used.

Thereby, in a first phase, a literature review on aircraft structures and wing design, as
well as on composite structures was made. This was followed by a conceptual design phase,
where the layout of the wing was defined. Then, in the preliminary design phase, each
of the components of the wing was sized. For this purpose, a process based on structural
idealization was used. The loads acting on the wing also had to be calculated, and the
shear and bending moment diagrams were obtained.

Once all the components were sized, a CAD model was created. This model was im-
ported to Ansys, where the Finite Element Analysis (FEA) of the wing was performed.
This analysis was complemented with a Computational Fluid Dynamics (CFD) analysis,
which provided the pressure acting on the wing. After the static structural analysis was
concluded, and convergence was reached, the initially chosen laminates for the spars were
modified and optimised. The results using the loads provided by CFD were also com-
pared with the results obtained when using a simplified load. It was concluded that both
solutions provided similar results, which validates the use of the second alternative.

An experimental characterisation of two sandwich panels was also performed. Both
panels were made with similar facesheets (Epoxy carbon woven prepregs with 0.5 mm
thickness) and different cores. One of the cores was a PVC 60 foam with a 5 mm thickness
and the other was an aluminium honeycomb core with a 4 mm thickness. Finally, all tests
performed were simulated in Ansys in order to understand if this software can predict the
failure of these composite structures with accuracy or not. This was a very important
step, since it helped verifying that the Ansys’ Composite Failure Tool can be efficiently
used for laminate design.
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Chapter 1

Introduction

In Section 1.1, Beyond Vision is introduced as a company. The motivations are also
presented in that section. The current state of the market of Vertical Take-Off Landing
aircrafts is briefly discussed in Section 1.2, and the objectives of this work presented in
Section 1.3. Finally, the outline of this dissertation is presented in Sections 1.4, along
with a description of the tools that were used to complete it.

1.1 Company introduction and motivation

Beyond Vision is a company founded in 2013 whose main focus and ambition is to provide
innovative and state-of-art solutions [1].

Beyond Vision is a certified Unmanned Aerial Vehicles (UAV) manufacturer and its
core business is focused on continuous monitoring and precision farming. The main prod-
uct is the HEIFU® drone. This product contains multispectral cameras, which includes au-
tonomous terrain scanning, map processing algorithms and decision support. The drones
are complemented with a managing platform that has Artificial Intelligence systems, which
help monitoring and analysing the data that is collected by the drones. With this drone,
Beyond Vision has won multiple european projects such as AFarCloud and SECREDAS
[1].

Using these drones in agriculture can help diagnose cultures and identify problems.
They can also be used for Infrastructure, either during construction or maintenance.
Drones can increase safety by preventing work accidents or by identifying intruders in
the work area. These drones are also very suitable for security and surveillance [1].

Beyond Vision participates in many research projects and also ensures that its products
are certified according to the NATO norms. This makes its products stand out in the
market, in terms of quality and innovation [2].

After creating the successful HEIFU® drone, Beyond Vision has now opened the door
for the creation of long range Vertical Take-Off and Landing (VTOL) aircrafts, therefore
paving the way to the future of air transport of medium to long distances. One of the
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projects is the VT100, which is a long range unmanned VTOL with a payload of 100 kg,
which is part of the european project H2020 DAIS.

1.2 VTOL UAV market

Despite the COVID-19 crisis, the global market for VTOL is expected to grow. In the
year 2020, the market was estimated to be at US$4.4 Billion and it is projected to increase
to US$15.6 Billion by the year 2027. The Compound Annual Growth Rate (CAGR) is
estimated to be 19.6%, but for the military segment the CAGR is predicted to be 21.4%.
The largest market, in the next years, is expected to be North America, followed by Asia
Pacific and Europe [3, 4].

The market growth is being driven by military, civil and commercial (agriculture,
surveying and mapping, and product delivery, for example) applications. The military
segment is predicted to lead this growth, with VTOLs being used in missions, patrolling
of borders and counter terrorism activities [4].

Artificial intelligence and Multi-Sensor Data Fusion for Navigation are some of the
technologies applied to VTOLs which are prevalent in the market and whose development
can lead to an increase in the demand [4].

1.3 Objectives

The main goal for this dissertation is to design the preliminary structure of the VT100
wing, under the following constraints:

• The weight of the structure should be less than 15.5 kg;

• The displacement of the wing should be less than 5% of the wing’s span;

• Composite structures should be used.

In order to ensure that the main goal would be achieved, the following steps were
taken:

• Literature review on aircraft structures, namely concerning the structure of the wing
and its design.

• Literature review on composite structures, from the fundamental concepts to the
state-of-art regarding laminate design and optimisation.

• Study and definition of the layout of the wing, complying with the parameters set
by Beyond Vision.

• Study of the FAA norms and drawing of the diagrams required to obtain the load
factors to be considered in the design.
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• Calculation of the loads acting on the wing.

• Study of the materials to be used on each component of the wing.

• Preliminary sizing of the components, based on a process of structural idealization.

• Development of a CAD model to be used in Finite Element Analyis.

• Computational Fluid Dynamics and Static Structural analysis of the wing using
Ansys.

• Experimental characterisation of two sandwich panels and comparison with numer-
ical results, in order to understand whether Ansys can accurately predict or not the
failure of these structures.

1.4 Outline

This dissertation is divided into eight chapters:

Chapter 1 - Introduction of the company and scope of this dissertation. The main
goals and steps to achieve them are described.

Chapter 2 - This chapter presents a literature review on aircraft structures and the
fundamental concepts concerning the design of wings, as well as an introduction to VTOLs
technology.

Chapter 3 - This chapter intends to introduce the reader to the fundamental concepts
of composite structures and their design. This chapter also includes a review on trends in
composite laminates design and optimisation.

Chapter 4 - In this chapter, the initial layout of the wing structure is defined.
Chapter 5 - This chapter includes all the calculations that were made to obtain the

preliminary sizing of the wing components. The main loads acting on the wing were
calculated and then, structural idealization was performed. A study of the materials and
construction solutions for the components, namely, sandwich structures, is also included
in this chapter.

Chapter 6 - In this chapter, the Finite Element Analysis process is described. This
chapter includes the development of the CAD model and the Computational Fluid Dy-
namics and Static Structural analysis of the wing. Then, an optimisation of the laminate
was performed.

Chapter 7 - An experimental characterisation of two sandwich panels is described in
this chapter. Then, the experimental results were compared to FEM simulations performed
in Ansys.

Chapter 8 - Final remarks of the developed work and discussion of future works that
could improve and give sequence to the presented dissertation.
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1.4.1 Tools

The following tools and softwares were used for this dissertation:

• Matlab - development of scripts for the calculation of loads and preliminary sizing
of the components;

• Solidworks - development of the CAD models to be used in FEA;

• GRANTA Edupack - study and decision of the materials for the components of
the wings;

• Ansys workbench - finite element analysis.
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Chapter 2

Aircraft Structures

The purpose of this chapter is to introduce the readers to the main concepts concerning
aircraft structures and its design, namely, the main components of an aircraft and their
functions, the loads acting on them and also some notions about airworthiness. This
chapter also includes a brief explanation of the parameters involved in the design of an
aircraft wing and a review on unmanned aerial vehicles and VTOLs.

2.1 Structural components of aircraft

Most aircrafts, even if they serve different purposes, are generally composed of the same
main components, as illustrated in Figure 2.1. These include:

Fuselage – central body of the aircraft. Its purpose is to accommodate crew and
payload (passengers, cargo). Nowadays, the most commonly used fuselage structures
are the monocoque (“single shell”) and semi-monocoque, which will be explained in
more detail later [5].

Wings – main lifting surfaces which support the aircraft in flight. They are attached
to each side of the fuselage, either at its top (high-wing), middle (mid-wing) or lower
(low-wing) portion. Their main structural parts include spars, ribs, and stringers
[5]. These will be further explored below. The wings also include important control
surfaces such as the ailerons, flaps and spoilers.

Empennage – tail group. It consists of fixed surfaces (vertical and horizontal
stabilizers) and movable surfaces (rudder, elevator and trim tabs). The rudder is
attached to the back of the vertical stabilizer and its function is to move the airplane
nose left and right. The elevator, on the other hand, moves the nose up and down
during flight. The trim tabs are small, adjustable portions of the trailing edge, whose
purpose is to reduce control pressures [5].
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Landing gear – primary support of the aircraft when parked, taxiing, taking off or
landing. Commonly consists of wheels – two main wheels and a third one that can
be positioned either at the front (“nosewheel”) or rear (“tailwheel”) [5].

Powerplant – Engine and the propeller. The engine not only generates electrical
power, but it also provides the power to turn the propeller. Meanwhile, the propeller,
which is placed on the front of the engine, translates the rotating torque of the engine
into thrust. Thrust is a mechanical force that is used to overcome drag; therefore it
helps move the aircraft through the air [5].

Figure 2.1 Aircraft components. Reproduced from [6], with permission.

The aircraft structure is required to transmit and resist the applied loads, while also
providing an aerodynamic shape and protecting passengers and payload from the environ-
mental conditions encountered in flight. Modern aircrafts use a stressed skin structure,
which can either be a semi-monocoque or monocoque construction. The monocoque con-
struction consists of thin shells that rely entirely on their skins to support almost all
loads. It is very strong, but not very tolerant to deformations on its surface. To overcome
this issue, semi-monocoque constructions can be used instead. Semi-monocoque construc-
tions are also thin-shell structures, but the skins are reinforced with longitudinal stiffening
members and transverse frames. This helps resist bending, compressive and torsional loads
without buckling [5, 7]. Both types of structures are illustrated in Figure 2.2.

Figure 2.2 Difference between monocoque construction (left) and semi-monocoque construc-
tion. Reproduced from [8], with permission.

Regarding the wing sections, although these may differ greatly in their structural com-
plexity, the different components will perform the same functions. The main components
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of wings include ribs, spars, stringers and the skin. A scheme of the wing layout is illus-
trated in Figure 2.3, where all the referred components are identified, with exception of
the skin.

Figure 2.3 Structure of the wing. Reproduced from [8], with permission.

The ribs are mainly responsible for determining the shape and thickness of the wing
and supporting the skin (prevent buckling). The cross-section shape, which is governed
by aerodynamic considerations, has to be maintained for all combinations of load, which
is one of the ribs functions. Besides this, and along with the skin, they act in resisting the
distributed aerodynamic pressure loads and distribute stress around discontinuities. Ribs
increase the column buckling stress of the longitudinal stiffeners and the plate buckling
stress of the skin panels. Their dimensions depend on their spanwise position in the wing
and on the loads that they must endure. For example, in the outer portions of the wing,
considering that the wing is tapered, the cross-section is small and the loads are light.
Therefore, the main purpose of the ribs is to form the airfoil shape and a light structure
is enough. Meanwhile, at sections closer to the wing root, where the ribs must transmit
and absorb large concentrated applied loads, a rugged construction is required [7].

As for the the wing skin, its main function is to form an impermeable surface to
support the aerodynamic pressure that the lifting capability of the wing is derived from.
The skin transmits the aerodynamic forces to the ribs and stringers through plate and
membrane action. Shear stresses are developed in the skin and spar webs, which gives
resistance to shear and torsional loads. The axial and bending loads are resisted through
the combined action of skin and stringers [7].

A thin skin, despite having good resistance to shear and tensile loads, has a tendency
to buckle under comparatively low compressive loads. Since increasing its thickness would
result in the increase of the overall weight of the structure, an alternative solution to this
problem is to attach stringers to the skin and ribs. This way, the skin is divided into small
panels, which increases the buckling and failing stresses [7].
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The stringers and the spars are the longitudinal reinforcing members. These have
the ability to carry tensile and compressive loads. They also have the capacity to carry
small secondary bending loads, but their bending rigidity is very small compared to the
sections which they form a part. For these reasons, they are described as direct load
carrying members [9].

Stringers (or stiffeners) are axial members whose purpose is to maximise the bending
capacity. The skin does not have enough bending stiffness to resist the air pressure applied
on top and bottom of it. To overcome that problem, longitudinal stiffeners (stringers)
are added. In order to avoid excessive deflections, the transverse loads picked up by the
stringers have to to transferred to the more rigid ribs. In turn, these transfer the transverse
loads to the spars [9].

Spars are wide flange beams which are designed to handle transverse shear loads and
spanwise bending. They are composed of a thin shear panel, called web, which has flanges
at the top and bottom to handle bending [9].

2.2 Loads

The loads acting on the aircraft structure can be split into two main classes: ground loads
and air loads. Ground loads comprehend all the loads that an aircraft may encounter
during movement or transportation on the ground, for example, taxiing and landing loads.
The second class, air loads, concern all the loads that maneuvers and gusts impose on the
structure during flights. These two classes can also be divided into two groups, the first
one being the so-called surface forces, which are the forces that act upon the surface of
the structure, such as hydrostatic pressure. The second group consists of body forces
or, in other words, forces that act over of the volume of the structure, as a result from
gravitational and inertial effects [5, 7].

The main aerodynamic forces experienced by an aircraft in a steady flight are schema-
tized in Figure 2.4.

Figure 2.4 Principal Aerodynamic Forces on an Aircraft during flight. Reproduced from [7]
with permission.
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Four forces can be distinguished - thrust, lift, drag and weight [5, 7]:

• Thrust - forward force produced by the powerplant and propeller. It opposes/over-
comes the drag force. Generally acts parallel to the longitudinal axis;

• Drag - force that opposes thrust. It is the resultant force in the direction of the
upstream velocity.

• Weight - total load of the aircraft, pulls the aircraft downward due to gravity.
Opposes lift. Acts on the center of gravity of the aircraft;

• Lift - opposes weight. It is the resultant force normal to the upstream velocity.

Both the drag and lift forces act on the center of pressure (CP). Since the pressure
distribution changes with wing incidence and speed, the CP also varies. However, there is
a point in which the moment due to the lift and drag force remains unaltered. The lift and
drag acting at the CP are then replaced by lift and drag forces acting at the aerodynamic
center (AC), with the addition of a constant moment M0 [5, 7]. This is represented in
Figures 2.5.

(a) Pressure distribution around an airfoil (b) Transference of lift and drag loads to
the AC

Figure 2.5 Lift and drag forces. Reproduced from [7] with permission.

In summary, the design of the aircraft fuselage, wings and tailplane needs to take into
account a critical combination of the direct, bending, shear and torsional loads that these
components are subjected to. Another aspect to consider is that, even though maneuvers
and gusts do not introduce new loads, they cause changes in the magnitude and position
of the already existing loads [5, 7].

2.3 Airworthiness

Airworthiness can be defined as the ability of an aircraft to be operated, whether in flight
or in the ground, with guaranteed safety conditions. Safety standards include structural
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strength, the provision of safeguards in the case of crash landings and design requirements
relating to aerodynamics, performance, and electrical and hydraulic systems [7].

By the U.S. Federal Aviation Adminstration (FAA), an aircraft is considered airworthy
“when an aircraft or one of its component parts meets its type design and is in a condition
for safe operation” [10].

2.3.1 Safety factors - Flight envelope

Weight is one of the main aspects to consider when designing an aircraft. When the
structural weight is excessive, the payload must be reduced, which affects the aircraft
economic viability. Therefore, the aircraft weight must be the least possible, without
compromising the safety standards [7].

Airworthiness sets different factors that must be respected [11]:

• limit load - maximum load that the aircraft is expected to experience during service;

• proof load - limit load multiplied by the proof factor (1.0-1.25);

• ultimate load - limit load multiplied by the ultimate factor (usually 1.5).

The aircraft must be able to support the proof load without suffering permanent de-
formation, and failure should not occur before the ultimate load is achieved. Both the
proof and ultimate factors are considered to be safety factors [7].

The strength and flight performance limits for a particular aircraft are established in
the V-n diagram, also known as flight envelope. This diagram is represented in Figure
2.6.

Figure 2.6 Flight Envelope. Reproduced from [7] with permission.



Airworthiness 11

The curves OA and OF correspond to the stalled condition, positive stall and negative
stall, respectively. They are obtained from the following aerodynamic relationship [7]:

Lift = L = nW = 1
2ρairV

2
SSCL,max (2.1)

where,

n - load factor

W - weight (N)

ρair - air density (kg·m−3)

VS - stall speed (m·s−1)

S - planform area (m2)

CL,max - maximum lift coefficient

An increase in altitude results in the decrease of the CL,max and of the speed of sound.
Consequently, the Mach number and the design diving speed also diminish. Therefore,
flight envelopes are applicable to one altitude only, and they are designed for a range of
altitudes, from sea level to the operational ceiling of the aircraft [7].

When the speed is lower than VA (positive wing incidence) and VF (negative wing
incidence), the maximum loads that can be applied are defined by CL,max. With the
increase of speed, the positive and negative limit loads, n1 and n3, respectively, can be
applied without stalling the aircraft. This way, AC and FE are the maximum operational
load factors of the aircraft. Limit loads are not expected to be applied at maximum speed;
therefore, the lines CD1 and D2E attenuate the design cases to be covered. The values
n1, n2 and n3 are established by the airworthiness authorities for a given aircraft. Table
2.1 shows typical load factors [7]. The design diving speed VD is the greatest flight velocity
and at this speed, the maximum pressure is generated. As a standard, its value is given
by VD = 1.5VC , where VC is the cruise velocity [12].

Table 2.1 Load factors. Reproduced from [7] with permission.

Category
Load factor n Normal Semi-aerobatic Aerobatic

n1 2.1+24,000/(W+10,000) 4.5 6.0
n2 0.75n1 but n2 ≮ 2.0 3.1 4.5
n3 1.0 1.8 3.0
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2.4 Airframe loads

2.4.1 Accelerations associated with various types of maneuvers

The maneuvers of an aircraft can be described using a maneuver load factor n. This factor
must be related to different types of maneuvers and two cases are distinguished: a steady
pull-out from a dive and a correctly banked turn [7].

Figure 2.7 pertains to a situation in which the aircraft started a pull-out from a dive.
The aircraft is describing a curved flight, but it has not reached its lowest point yet [7].

Figure 2.7 Aircraft loads and acceleration during a steady pull-out. Reproduced from [7]
with permission.

The loads acting during the maneuver are also illustrated in the figure, with R being
the radius of curvature of the flight path. In this case, the lift has to oppose the normal (to
the flight path) component of the aircraft weight, while also generating the force producing
the centripetal acceleration V 2/R of the aircraft towards the center of curvature of the
flight path [7]. It is given by the following expression,

L = WV 2

gR
+W cos θ (2.2)

and considering L = nW , Equation (2.1), results:

n = V 2

gR
+ cos θ (2.3)

At the lowest point, θ = 0,

n = V 2

gR
+ 1 (2.4)
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It is possible to conclude that the value of n increases with the decrease of the radius
of the flight. So, a severe pull-out might overstress the aircraft, subjecting it to loads that
lie outside the flight envelope or even superior to the proof and ultimate loads. In the case
of low speeds, a severe pull-out/pull-up may stall the aircraft [7].

Meanwhile, the correctly banked turn is a maneuver in which the aircraft flies in a
horizontal turn with no sidesplit at constant speed. The forces acting on the aircraft are
represented in Figure 2.8, with R being the radius of turn and φ the angle of bank. The
centripetal acceleration towards the center of the turn is produced by the force provided
by the horizontal component of the lift vector [7].

Figure 2.8 Correctly banked turn. Reproduced from [7] with permission.

Therefore,

L sinφ = WV 2

gR
(2.5)

and, for vertical equilibrium,
L cosφ = W (2.6)

The load factor n is given by,
n = secφ (2.7)

Dividing Equation (2.5) by Equation (2.6), results:

tanφ = V 2

gR2 (2.8)

Looking at the expression above, it is possible to conclude that for tighter turns (for
smaller values of R), the angle of bank is bigger, and so is the load factor n.

2.4.2 Gust

Gusts are the movements of the air in turbulence. These movements provoke changes in
the wing incidence, which leads to sudden or gradual increases or decreases in lift from
which normal accelerations result. They may be critical for large, high-speed aircraft and
can also cause higher loads than control initiated maneuvers [7].
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Gust analysis can be done using two methods. One makes use of profiles such as the
ones in Figure 2.9. These profiles represent the distribution of the vertical gust velocity
for a given length or period of time.

(a) Sharp-edged gust; (b) Graded gust

(c) 1 – cosine gust

Figure 2.9 Profiles used in gust analysis. Reproduced from [7] with permission.

The first profile, Figure 2.9(a), resulted from early airworthiness requirements that
specified an instant application of gust velocity u and it is used for response analysis
[7, 13]. The normal acceleration and the aircraft response were calculated based on several
assumptions, such as “aerodynamic forces on the aircraft are determined by the instanta-
neous incidence of the particular lifting surface [7]”. This assumption neglects the Wagner
effect: disturbances like gust cause a gradual growth of circulation, so lift reaches a steady
value. Therefore, there is an overestimation of the upward acceleration of the aircraft and,
consequently, gust loads. Due to this, airworthiness requirements were changed, this time
assuming that the gust velocity had a linear increase to a maximum value over a specified
gust gradient distance H. It is no longer possible to overlook the change of flight path
when the aircraft enters the gust. When the maximum value of the gust is reached, the
aircraft has developed a vertical component of velocity, in order to reduce the severity
of the gust. There is also a chance that the aircraft may be pitching, depending on its
longitudinal stability characteristics, which can increase or decrease the gust loads. The
gust loads can be analysed through two procedures: either the designer calculates the
complete motion of the aircraft during motion, or, instead, the graded gust is replaced by
a similar sharp-edged gust producing closely the same effect [7].

It is possible to determinate the response of the aircraft to a graded gust if one ap-
plies the Duhamel integration, which is a process that considers that the graded gust is
composed of several small steps and superimposes the responses to each of these. It is
preferentially used for large or unorthodox aircraft, where aerolastic effects on gust loads
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are unknown. In the case of small, medium-sized or orthodox aircraft, the sharp-edged
gust method can be used [7].

2.4.2.1 Sharp-edged gust

The total gust load factor is given by

n = 1 +
1
2ρairV (∂CL/∂α)u

w
(2.9)

in which,

ρair - air density (kg·m−3)

V - flight speed (m·s−1)

∂CL/∂α - wing lift–curve slope

u - upward velocity (m·s−1)

w = W/S - Wing loading (N/m2)

In the case of downgust:

n = 1−
1
2ρairV (∂CL/∂α)u

w
(2.10)

n = 1 corresponds to the steady flight value.
It is possible to conclude that the gust load factor is directly proportional to the aircraft

speed and inversely proportional to wing loading. Therefore, a high-speed aircraft with
low wing loadings is more likely to be affected by gust loads [7].

2.4.2.2 The graded gust

The graded gust is converted into an equivalent sharp-edged gust by multiplying the
maximum velocity by a gust alleviation factor F . This factor takes into account some of
the dynamic properties of the aircraft, such as unsteady lift. Therefore,

n = 1 +
1
2ρairV (∂CL/∂α)Fu

w
(2.11)

in which F is the gust alleviation factor [7, 11].

2.4.2.3 Gust envelope

Gust loads have to be calculated for certain combinations of gust and flight speed. A
typical gust envelope is represented in Figure 2.10. There are three velocity gusts: ±U1

(high), ±U2 (medium) and ±U3 (low) and the cut-offs occur at points in which the lines for
each gust velocity meet the airworthiness requirements. A gust envelope must be designed
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for each altitude. Some typical values for U1, U2 and U3 are 20 m/s, 15.25 m/s and 7.5
m/s, respectively. The maximum gust load factor happens for the cruising speed VC . If
this value is superior to n1, from the flight envelope, then the gust case is the most critical
in the cruise [7].

Figure 2.10 Typical gust envelope. Reproduced from [7] with permission.

2.5 Wings

Wings are the main lifting body of an aircraft and they carry some of the heavier loads
acting on the aircraft structure. Each of its main components (ribs, spars, stringers and
skin) acts like a beam and torsion member as a whole. The wings have to be constructed
in a way that allows them to hold their aerodynamic shape under extreme stresses of
combat maneuvers [9].

2.5.1 Structural idealization

Structural idealization is the process of analysing complex structural sections by using
simpler models with similar behaviour for different loading conditions. The approximate
location of the shear center of the wing box can be calculated through this method and it
is also a way to obtain acceptable values for a first iteration of the dimensions of the wing
components, such as the areas of spar caps flanges or the thickness of the skin. The shear
center location is also very important to know since if forces are applied at that point, no
twisting of the section occurs [7].

In the case of wings, structural idealization consists of replacing the spar and stringers
flanges with concentration of areas designated as booms [7]. This process will be further
explained in Section 5.11.
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2.5.2 Bending

Shear loads at any section of the wing can produce bending moments at the other sections.
Figure 2.11 illustrates an idealized wing section, in which the origin C is coincident with
the centroid of the direct stress carrying area [7].

Figure 2.11 Idealized section of a multicell wing. Reproduced from [7] with permission.

The direct stress is given by

σz =
(
MyIxx −MxIxy
IxxIyy − I2

xy

)
x+

(
MxIyy −MyIxy
IxxIyy − I2

xy

)
y (2.12)

For a wing section whose distribution of the boom areas is symmetrical about the
horizontal x axis, Ixy = 0.

2.5.3 Torsion

A pure torsion case is illustrated in Figure 2.12.

Figure 2.12Multicell wing section subjected to torsion. Reproduced from [7] with permission.

Several assumptions are made for this analysis [7]:

• There are no axial constraint effects, therefore there is no development of direct
stress in the wing section;

• The load application does not alter the wing shape;

• There are only shear stresses.
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This wing section is consisted ofN cells and carries a torque T that generates individual
and unknown torques in each cell. Hence, each cell develops a constant shear flow, as
represented in the figure [7]. The total is given by

T =
N∑
R=1

2ARqR (2.13)

This equation can be used to solve a single-cell problem, since there is only one unknown
value. However, for multicell wing sections, this equation is insufficient and, therefore,
more equations are required to solve it. In order to do so, the rate of twist in each cell
has to be considered and it is assumed that the wing section does not deform internally,
so that when the whole beam rotates, every cell has the same rate of twist dθ/dz [7]. The
rate of twist of the Rth cell is given by the following equation,

dθ
dz = 1

2ARG

∮
R
q

ds
t

(2.14)

where t is the thickness of the wall. The value of the rate of twist is also unknown. Since
there are N + 1 equations for N + 1 unknown values, the problem can be solved [7].
Equation (2.14) can be rewritten as follows:

dθ
dz = 1

2ARG
(−qR−1δR−1,RqRδR − qR+1δR+1,R) (2.15)

in which δ =
∫

ds/t and G is the shear modulus [7].
This general form can be applied to multicell sections if the cells are connected con-

secutively [7].
Since the skin panels and the spar webs are usually fabricated from different materials,

hence with different properties such as the shear modulus, Equation (2.15) has to be
altered in order to take that into account [7]. The thickness t of the wall is converted to
a modulus-weighted thickness t∗ given by:

t∗ = G

GREF
t (2.16)

where GREF is a convenient reference value of the shear modulus [7].
The equation of the rate of twist can be rewritten as follows:

dθ
dz = 1

2ARGREF

∮
q

ds
t∗

(2.17)

2.5.4 Shear

For this case, the following example, illustrated in Figure 2.13 is considered: anN -cell wing
section is consisted of skin panels, which are able to resist both direct and shear stresses,
and booms. Since the shear loads Sx and Sy do not necessarily pass the shear center S, the
resulting shear flow distribution is due to the combination of shear and torsion. In order
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to statically determine this wing section, a skin panel is cut in each section, preferentially
near the center of the top or bottom skin panel in each cell. The reason for this is because,
at these points, the redundant shear flows (qs,0) are small, therefore the final shear flows
are very similar to the ones of the determinated structure [7].

Figure 2.13 N -cell wing section subjected to shear loads. Reproduced from [7] with permis-
sion.

The open section shear flow qb in the wing section is given by

qb = −
(
SxIxx − SyIxy
IxxIyy − I2

xy

)(∫ s

0
tDxds+

n∑
r=1

Brxr

)

−
(
SyIyy − SxIxy
IxxIyy − I2

xy

)(∫ s

0
tDyds+

n∑
r=1

Bryr

) (2.18)

where tD is the direct stress carrying thickness of the skin and Br the area of boom r [7].
The values of the shear flow at each of the cuts (qs,0,I , qs,0,II , ..., qs,...,N ) are unknown,

as well as the rate of twist dθ/dz, which is assumed to be the same for every cell [7]. The
latter is given by

dθ
dz = 1

2ARG

∮
R
q

ds
t

= 1
2ARG

∮
R

(qb + qs,0,R)ds
t

(2.19)

By comparison with the pure torsion case, the expression above can be rewritten as
follows:

dθ
dz = 1

2ARG

(
−qs,0,R−1δR−1,R + qs,0,RδR − qs,0,R+1δR+1,R +

∮
R
qb

ds
t

)
(2.20)

There are N equations for N + 1 unknowns. It is therefore necessary to add another
equation. Considering the moment of equilibrium of the Rth cell:

Mq,R =
∮
qRp0ds (2.21)
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in which Mq,R is the moment produced by the total shear flow about any convenient
moment center O [7].

This expression can be rewritten in terms of the open shear flow qB and the redundant
shear flow qs,0,R [7]:

Mq,R =
∮
R
qBp0ds+ 2ARqs,0,R (2.22)

Finally, the sum of the moments from the individual cells is equivalent to the moment
of the externally applied loads about the same point [7]:

Sxη0 − Syξ0 =
N∑
R=1

Mq,R =
N∑
R=1

∮
R
qbp0 ds+

N∑
R=1

2ARqs,0,R (2.23)

2.5.5 Wing structure

Nowadays, wings are usually designed with two spars (a front and rear spar) due to the
space requirement for housing of fuel tank and landing gears. Edge slats are attached to
the front spar, and the control surfaces (flaps, ailerons, spoilers) are attached to the rear
spar. The two spars are joined by a straightened section of skin that forms the torsion-box
structure [9].

2.5.6 Wing design

The process of wing design requires the establishment of 18 parameters, which are:

1. Wing reference (or planform) area S;

2. Number of wings;

3. Vertical position relative to the fuselage (high, mid-, or low wing);

4. Horizontal position relative to the fuselage;

5. Cross-section (airfoil);

6. Aspect ratio (AR);

7. Taper ratio λ;

8. Tip chord Ct;

9. Root chord Cr;

10. Mean aerodynamic chord (MAC or C);

11. Span b;

12. Twist angle (or washout) αt;



Wings 21

13. Sweep angle Λ;

14. Dihedral angle Γ;

15. Incidence iw;

16. High lifting devices (flap);

17. Aileron;

18. Other wing accessories [14].

These parameters are briefly explained below.

Wing reference/Planform area

Planform refers to the shape of the wing from the top view. It deals with airflow in three
dimensions [15].

The planform of the wing can be altered in two ways: changing the aspect ratio or
tapering the wing. Tapering consists of decreasing the length of the chord from the root
to the wing tip [15]. Rectangular wings offer good performance at lower costs and are
also easier to manufacture. On the other hand, tapered wings are more expensive to
manufacture since they require different shapes for the ribs, but reduce the weight of
the wing. Consequently, the center of gravity is nearer the fuselage centre line and the
bending moment at wing root is lower. This is beneficial in lateral control. Aside from
this, tapering is more effective for high speeds, since it decreases drag and increases lift
[14].

Aspect Ratio (AR)

The Aspect Ratio of the wing is the ratio of the span to the chord [16]:

AR = b2

S
(2.24)

Changing the aspect ratio has the following effects [15]:

• Increasing the AR (with constant velocity): decreases drag; improves performance
of the wing when in a climbing attitude.

• Decreasing the AR: increases drag. There is an increase in the span length, and
consequently in weight.

Number of the wings

The following options are available [14]:

1. Monoplane (one wing)
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2. Biplane (two main wings)

3. Three-plane (three sets of wings).

Nowadays, monoplanes are the most commonly used. Configurations with more than
one wing were frequently used in the past due to manufacturing technology limitations.
However, with technological advances and the use of new aerospace materials, monoplane
aircrafts are prevalent [14].

Vertical position relative to the fuselage

The most common positions of the wings are represented in the following figure.

Figure 2.14 Different vertical wing positions. Reproduced from [17] with permission.

Airfoil Section

The airfoil section is responsible for producing the lift force. It can be selected from the
available list of the National Advisory Committee for Aeronautics (NACA) airfoils. The
geometric parameters of an airfoil are represented in Figure 2.15.

Figure 2.15 Airfoil geometric parameter. Reproduced from [18], with permission.

Taper ratio λ

Taper ratio is the ratio between the tip chord and the root chord:
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λ = Ct
Cr

(2.25)

Its value usually varies from 0 to 1. It has an influence on the induced drag, structural
weight and ease of manufacturing [19, 20].

Span b

The wing span can be calculated using the planform area and the Aspect Ratio - Equation
(2.24).

Tip chord Ct and root chord Cr

The tip chord and root chord lengths are illustrated in the figure below.

Figure 2.16 Tip chord and root chord. Reproduced from [18], with permission.

Mean Aerodynamic Chord (MAC or C)

The Mean Aerodynamic Chord is the average chord length of a tapered, swept wing [19].
For a straight-tapered wing planform, it is calculated by the following equation [21]:

MAC = 2
3Cr

1 + λ+ λ2

1 + λ
(2.26)

Twist angle αt and dihedral angle Γ

If the chord line of airfoils at different spanwise positions are not parallel to each other, it
is considered that the wing has a twist. The geometric twist is the difference between the
angles of attack at the airfoil sections at the root and close to the tip. [20]. The wing has
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a negative twist if the wing tip is at a lower incidence than the wing root, and a positive
twist if it is at a higher incidence [17].

The dihedral angle is the angle the wing plane makes with the horizontal. It gives roll
stability to the aircraft [17].

Wing incidence iw

The wing incidence is the angle between the wing reference chord and the fuselage reference
line. It is chosen in order to minimize the drag at certain operating conditions, such as
cruise [19].

Sweep angle Λ

The leading edge sweep is the angle between a constant percentage chord line along the
semi-span of the wing and the lateral axis perpendicular to the aircraft centerline (y-
axis) [19]. The most commonly used is the quarter chord sweep angle (25% of the chord
measured from the leading edge) [22].

2.6 VTOL Unmanned aerial vehicles

Unmanned aerial vehicles (UAV), also referred to as drones, are a class of aircrafts that
can be controlled autonomously or remotely. They may carry different payloads depending
on their type, functionality, operational characteristics and mission objectives [23]. This
type of vehicle has mainly been used for military purposes, but it also has a wide range
of applications such as security, surveillance, monotoring and aerial photography [24].

A Vertical Take-Off and Landing aircraft (VTOL) has the ability to take-off and land
vertically, hover and fly forwards, backwards and laterally. Its main advantage is that it
does not require a runway, in other words, the lane that is designed for take-off and landing
of aircrafts. This technology is very convenient for UAVs due to its ability to perform well
UAV tasks, like convenience and concealment [25].

2.6.1 VTOL history

In the beginnings of aircraft development, all machine sketches were drawn in such a
way that flight would initiate vertically. This is the example of Leonardo Da Vinci’s
initial sketches for a flying machine [26]. In 1941, the German Henrich Focke designed the
aircraft FA-269. This one had the particularity of having three-bladed propeller units that
would be turned down during take-off or landing. However, due to the loss of Germany in
the WW2, the manufacturing never took off [27]. Many other designs were created along
the mid-century years, but were never successful, either due to the lack of control over
velocity or due to poor design.
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A few years later, in 1955, the airplane Bell XV-3A was created. It consisted of an
update of the helicopter Bell XH-33. Once again, due to high vibration and instability
of the rotor, the design failed. Many unsuccessful attempts to fix the aircraft were made.
However, all the data and experience that was collected from this failed experience ulti-
mately culminated in the creation of Bell XV-15 [25, 28]. An XV-15 aircraft is shown in
Figure 2.17.

Figure 2.17 XV-15 tilt rotor experimental technology aircraft. Reproduced from [29], with
permission.

The U.S. decided to create a program for the development of VTOL aircrafts. During
this period, Bell manufacturers joined forces with Boeing and, in 1983, they designed an
aircraft that is still operating to this day, the Bell Boeing V-22 Osprey. It was the first
aircraft of the tilt-rotor kind. This means that it generates propulsion and lift using one
or more rotors mounted on rotating shafts at the end of the wings. British air forces soon
also began developing VTOL aircrafts, starting with the still known to this day, British
Aerospace Sea Harrier-II [25]. This design was exploited by the U.S., which later upgraded
its design and used it for their army, along with Spain and Italy [30].

VTOLs were continuously innovated during the 1990s. Paul Moller invented the Moller
M400 Skycraft, which is described as a personal VTOL - “a flying car”. The first flight
test, in 2003, demonstrated that it had tethered hovering capabilities. Unfortunately, this
VTOL was considered a failure as it did not manage to find investors to further develop
it. An attempt to auction it on Ebay was also made, but it did not attract bidders. The
company that owns this “flying car” has been inactive since 2015 [26, 31].

Nowadays, many startups are currently working on the development and innovation of
VTOL aircrafts. Some notable examples include the Ehang 184, which has eight propellers
and is meant for autonomous operation. Another example is the Opener BlackFly, which
was under development for nine years, and is fixed-wing, ultralight VTOL with an epoxy-
impregnated carbon fibre structure [26, 32].

The future of this type of aircraft is moving towards to making them affordable, well-
known and of mainstream use [26].
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2.6.2 VTOL technologies

The six categories of VTOLs and its main characteristics are summarized below [25, 33]:

• Compound aircraft - combination of helicopter and fixed-wing aircraft. Tradi-
tional helicopters struggle with achieving a cruising speed higher than 400 km/h.
This difficulty was surpassed by the combination of fixed-wing and rotor shape opti-
misation. Although they are more expensive than a traditional helicopter, the speed
and performance are better.

• Tail-sitter - as the name indicates, this type of VTOL takes off and lands on its
tail. Once it takes off, the whole system tilts as it switches from hover to forward
flight mode.

• Tilt-wing - in this technology, the entire wings and propellers mounted on the wing
rotate in order to generate lift while the fuselage remains horizontal.

• Lift fans - instead of having jet lift engine, these aircrafts have a central lift fan
which is powered by the main engine using a driveshaft. Lift is produced by the
fans. After taking off, the aircraft changes to fixed-wing in forward flight.

• Vectored thrust - nowadays, this technology is most commonly used for maneu-
vering rather than VTOLs. Vectored thrust VTOLs make use of turbofans with
nozzles that rotate in order to deflect the exhaust stream.

• Tilting thrust producer - in this aircraft, the thrust producer, rotates while the
fuselage and wing are kept in the horizontal. It has the capability to hover in the
helicopter mode, and with the rotation of the thrust producers, it can switch to the
airplane mode.

Each of the six types are illustrated in Figures 2.18.
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(a) Compound aircraft (b) Tail-sitter

(c) Tilt-wing (d) Lift fans

(e) Vectored thrust (f) Tilt-rotor

Figure 2.18 Types of VTOLs. Reproduced from [25], with permission.



28

This page was intentionally left with this sentence.



29

Chapter 3

Composite materials: introduction
and literature review

This chapter focus on composite materials. The first part of the chapter is an introduction
to the background of this class of advanced materials, in which important concepts that
will later be used are introduced and briefly explained. Then, in a second part, several
methodologies that are used nowadays in composite laminates design and optimisation will
be reviewed.

3.1 Introduction and background

Composite materials are a combination of two different materials that together have su-
perior properties than the constituents alone. They have high strength and stiffness, and
also a low density, which results in a significant weight reduction compared to metallic
alloys. These qualities make this type of materials very attractive to use [34].

The main constituents are a reinforcement (fibre) and a matrix (polymer, metal or
ceramic). The fibre provides the material its major strength and stiffness and the matrix
is responsible for binding the fibres together and protecting them against abrasion from
the environment [34]. Some of the fibres that are used in composite materials are listed
in Table 3.1, as well as their advantages and disadvantages.
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Table 3.1 Commonly used reinforcing fibres and respective advantages and disadvantages
[35].

fibre Advantages Disadvantages

E-glass, S-glass
High strength

Low cost

Low stiffness
Short fatigue life

Sensitive to high temperatures

Aramid (Kevlar)
Hight strength
Low density

Low compressive strength
High moisture absorption

Carbon (AS4, T300, IM7)
High strength
High stiffness

Moderately high cost

The reinforcement and the resin when combined together, form the so-called ply or
lamina. A ply can be a layer of unidirectional fibres or woven fabric in a matrix - woven
fabrics are consisted of fibres which are typically arranged along two perpendicular direc-
tions [34, 35]. It is an orthotropic material with three principal material axes, designated
as 1, 2 and 3. Direction 1 is in the direction of the fibres (longitudinal), 2 is the transverse
direction and 3 is the direction normal to the plane of the lamina [35].

When two or more plies are stacked together, with different orientations, a laminate
is formed. Due to the different orientations of each ply, the laminate should be analysed
using a fixed coordinate system - (x, y, z). A laminate is described by number, orientation,
composition, and stacking sequence of the plies. If all the plies have the same orientation,
then the laminate is considered to be unidirectional [35]. A laminate composite as well as
the lamina coordinate system is represented in Figures 3.1.

(a) Laminate composite plate (b) Lamina coordinate system

Figure 3.1 Laminated composite. Reproduced from [36] with permission.
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3.1.1 Stress-strain relations

Consider a laminate normal to the z-axis, with the x − y plane being equidistant to the
top and bottom surfaces of the laminate, which will be referred to as midplane. When
the laminate suffers deformation, u0 and v0 are the reference plane displacements in the
x and y directions, respectively, and w is the out-of-plane displacement in the z direction,
which is a function of x and y [35]:

u0 = u0(x, y)

v0 = v0(x, y)

w = f(x, y)

(3.1)

The rotations around the x and y axes are, then, given by

αx = ∂w

∂x

αy = ∂w

∂y

(3.2)

The strain components on the reference plane are the following:

ε0
x = ∂u0

∂x

ε0
y = ∂v0

∂y

γ0
xy = γ0

s = ∂u0
∂y

+ ∂v0
∂y

(3.3)

and for the curvatures of the laminate, the expressions are:

κx = −∂
2w

∂x2

κy = −∂
2w

∂y2

κxy = κs = −2∂2w

∂x∂y

(3.4)

With the relations above, it is possible to obtain the strains at any point in the lami-
nate: εxεy

γs

 =

ε
0
x

ε0
y

γ0
s

+ z

κxκy
κs

 (3.5)

Now, let’s consider a layer k in a multidirectional laminate, whose midplane is distanced
z̄k from the laminate reference plane. The stress-strain relations for the layer k, considering



32 Composite materials: introduction and literature review

those axes, are σ1

σ2

τ6


k

=

Q11 Q12 0
Q21 Q22 0

0 0 Q66


k

ε1

ε2

γ6


k

(3.6)

Transforming the expression above to the laminate coordinate system (x, y, z) and
using Equation (3.5), resultsσxσy

τs


k

=

Qxx Qxy Qxs

Qyx Qyy Qyx

Qsx Qsy Qss


k

ε
0
x

ε0
y

γ0
s


k

+ z

Qxx Qxy Qxs

Qyx Qyy Qyx

Qsx Qsy Qss


k

κxκy
κs


k

(3.7)

The stiffness matrix [Q]x,y varies from layer to layer. For this reason, the stresses can
also be discontinuous along the layers, unlike the strains which vary linearly throughout
the thickness [35].

3.1.2 Load-deformation relations: Laminate stiffnesses

The following expressions relate forces and moments to laminate deformation [35]. For
the force-deformation, the expression is:Nx

Ny

Ns

 =

Axx Axy Axs

Ayx Ayy Ays

Asx Asy Ass


ε

0
x

ε0
y

γ0
s

+

Bxx Bxy Bxs

Byx Byy Bys

Bsx Bsy Bss


κxκy
κs

 (3.8)

For the moment-deformation:Mx

My

Ms

 =

Bxx Bxy Bxs

Byx Byy Bys

Bsx Bsy Bss


ε

0
x

ε0
y

γ0
s

+

Dxx Dxy Dxs

Dyx Dyy Dys

Dsx Dsy Dss


κxκy
κs

 (3.9)

where,

Nx, Ny - normal forces per unit length
Ns - shear force per unit length
Mx, My - bending moments per unit length
Ms - twisting moment per unit length

Aij , Bij andDij are the extensional, coupling and bending or flexural laminate stiffness
components. They depend on the geometry, stacking sequence of the plies and properties
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of the material [35]. They are calculated using the equations below:

Aij =
n∑
k=1

Qkij(zk − zk−1)

Bij = 1
2

n∑
k=1

Qkij(z2
k − z2

k−1)

Dij = 1
3

n∑
k=1

Qkij(z3
k − z3

k−1)

(3.10)

Equation (3.8) and Equation (3.9) can be combined in one single expression:

Nx

Ny

Ns

Mx

My

Ms


=



Axx Axy Axs Bxx Bxy Bxs

Ayx Ayy Ays Byx Byy Bys

Asx Asy Ass Bsx Bsy Bss

Bxx Bxy Bxs Dxx Dxy Dxs

Byx Byy Bys Dyx Dyy Dys

Bsx Bsy Bss Dsx Dsy Dss





ε0
x

ε0
x

γ0
x

κx

κy

κs


(3.11)

All of the matrices above are symmetric. This means that Aij = Aji, Bij = Bji and
Dij = Dji, with i, j = x, y, s [35].

3.1.3 Composite design rules

In aircraft industry, the design of composite structures usually follows certain guidelines
in order to make sure that the produced components are less prone to high stress con-
centrations or undesired mechanical coupling effects. These rules are divided into two
categories: design rules and manufacturing rules. Design rules control the stacking se-
quence and manufacturing rules take into account the transitioning between laminates
placed in neighbouring patches [37].

Some of the design rules are described below:

1. Symmetry - the laminate is symmetric about the midplane. This avoids bending-
extension coupling [37]. However, if in tapering areas it is not possible to comply to
this rule, the non-symmetric layers should be as close to the mid surface as possible
to reduce warping [38].

2. Balance - equal +θ and −θ orientations. This eliminates shear-extension coupling
[37].

3. Minimum percentage - a minimum amount (5% to 10%) of plies should be oriented
in each direction (0◦, +/− 45◦, 90◦) [37, 38].
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4. Damage tolerance - the external plies should not be in the direction of the main load
path. Instead, layers with ±45◦ orientations should be used in the outermost part,
which increases the buckling resistance [37, 38].

5. Contiguity - the grouping of layers oriented in the same direction is limited. This
way interlaminar stresses are reduced to a minimum and the stress distribution is
homogeneous [37]. For a standard ply of 0.13 mm, there should not be more than
four contiguous plies, and for thicker plies the limit is two [38].

6. Grouping - layers with +θ and −θ are grouped in order to minimize bending-twist
coupling [37].

7. Disorientation - two adjacent layers should have a difference in fibre orientation
limited to 45◦. This minimises interlaminar shear effects [37].

The manufacturing rules will be discussed later.

3.1.4 Quasi-isotropic laminate

A laminate is considered to be quasi-isotropic when the components of the extensional
stiffness matrix [A] do not depend on laminate orientation. In other words, this matrix is
isotropic and extension and shear are uncoupled (A16 = A26 = 0) [39]:

[A] =

A11 A12 0
A21 A22 0
0 0 A66

 (3.12)

Typically, a quasi-isotropic laminate has more than 3 layers, and the fibre orientation
has midplane symmetry and is balanced [39]. An example of a quasi-isotropic laminate
VS a unidirectional laminate is represented in Figure 3.2.

Figure 3.2 Unidirectional laminate and quasi-isotropic laminate. Reproduced from [40], with
permission.
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3.1.5 Failure criteria

The failure criteria can be divided into three groups [35]:

1. Limit or noninteractive theories - the failure modes are predicted through com-
parison between individual lamina stresses or strains and their respective strengths
or ultimate strains. There is no interaction between the different stress components.
This group includes the maximum stress and maximum strain criteria.

2. Interactive theories - all of the stress components interact in one expression (fail-
ure criterion). Tsai-Wu and Tsai-Hill failure criteria belong to this group.

3. Partially interactive or failure-mode-based theories - different failure modes
(fibre and inter-fibre) are analysed separately. Puck and Hashin-Rotem theories are
part of this category.

Some of the criteria mentioned above will be explained in more detail.

3.1.5.1 Maximum stress criterion

This criterion establishes that failure will occur if one of the stress components along
the principal material axes surpasses the value of strength in said direction [35]. For a
two-dimensional plane, the criterion is expressed as follows [35]:

σ1 =
{
F1t when σ1 > 0
−F1c when σ1 < 0

(3.13)

σ2 =
{
F2t when σ2 > 0
−F2c when σ2 < 0

(3.14)

|τ12| = F12 (3.15)

where,

F1t, F2t - tensile strengths along the principal ply directions

F1c, F2c - compressive strengths along the principal ply directions

F12=F6 - shear strengths in 1-2 plane

In the case of a two-dimensional state of stress, with no shear stress, the failure envelope
takes the form of a rectangle, as illustrated in Figure 3.3 [35].
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Figure 3.3 Failure envelope for unidirectional lamina under biaxial normal loading - maximum
stress theory.

It is a limited criterion, since it does not take into account any interaction under general
stress states, but it can be used for quick estimates [35].

3.1.5.2 Tsai-Hill failure criterion

The von Mises criterion was modified by Hill, so as to be applied to ductile metals with
anisotropy. Later, it was adapted by Tsai, in order to be used on orthotropic composite
materials [35].

For a two-dimensional state of stress, it is given by the following equation:

σ2
1

F 2
1

+ σ2
2

F 2
2
− σ1σ2

F 2
1

+ τ2
12
F 2

12
= 1 (3.16)

In the case of three-dimensional state and assuming that F5(F13) ' F6(F12), the
criterion becomes:

σ2
1 − σ1σ2 − σ1σ3

F 2
1

+ σ2
2 + σ2

3 − σ2σ3
F 2

2
+ τ2

4
F 2

4
+ τ2

5 + τ2
6

F 2
6

= 1 (3.17)

This criterion does not make a direct distinction between the compressive and tensile
strengths, which is one of its disadvantages. Therefore, appropriate strengths values have
to be used according to the signs of the normal stresses. Nevertheless, this theory permits
considerable interaction among stress components, unlike the maximum stress criterion
[35].

3.1.5.3 Tsai-Wu failure criterion

This criterion is attributed to Tsai and Wu, who proposed a modified polynomial tensor
theory under the assumption of the existence of a failure surface in the stress space [35].
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In contracted notation it is given by:

fiσi + fijσiσj = 1 (3.18)

where fi and fij are the second- and fourth-order strength tensors, and i, j = 1, 2, ..., 6.
Unlike Tsai-Hill criterion, this one allows for the distinction between the compressive

and tensile strengths [35]. For a two-dimensional state of stress, the criterion is simplified,
as follows:

f1σ1 + f2σ2 + f11σ
2
1 + f22σ

2
2 + f66τ62 + 2f12σ1σ2 = 1 (3.19)

One of the advantages of this criterion is the fact that it is expressed in terms of a
single criterion, unlike the maximum stress criterion. Besides this, and as already men-
tioned, Tsai-Wu differentiates the tensile and compressive strengths. It also allows for the
interaction terms to be treated as independent components, in case there is experimental
data available [35].

3.1.5.4 Puck failure criterion

This criterion is based on a modified hypothesis of Mohr and Coulomb. It is a failure
theory that distinguishes five modes of failure: two fibre failure (FF) modes (tension and
compression) and three inter-fibre failure modes (IFF). Regarding the latter, the three
modes are mode A (transverse tension), mode B (moderate transverse compression) and
mode C (large transverse tension). The expressions for each failure mode are written
below [41].

• Fibre failure (FF) in tension

1
ε1t

(
ε1 +

νf12
Ef1

mσfσ2

)
= 1 for

(
ε1 +

νf12
Ef1

mσfσ2

)
≥ 0 (3.20)

• Fibre failure (FF) in compression

1
ε1c

∣∣∣∣(ε1 +
νf12
Ef1

mσfσ2

)∣∣∣∣+ (10γ12)2 = 1 for
(
ε1 +

νf12
Ef1

mσfσ2

)
< 0 σ1 < 0 (3.21)

• Inter-fibre failure (IFF) in transverse tension (Mode A)

√(
τ12
S12

)2
+
(

1− P+
⊥‖

Yt
S12

)2(σ2
Yt

)2
+ P+

⊥‖
σ2
S12

= 1− σ1
σ1D

forσ2 ≥ 0 (3.22)
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• Inter-fibre failure (IFF) in in-plane shear, moderate transverse compres-
sion (Mode B)

1
S12

(√
τ2

12 +
(
P

(−)
⊥‖ σ2

)2
+ P

(−)
⊥‖ σ2

)
= 1− σ1

σ1D

forσ2 < 0 and 0 ≤
∣∣∣∣( σ2
τ12

)∣∣∣∣ ≤ RA⊥⊥
|τ12c|

(3.23)

• Inter-fibre failure (IFF) in large transverse compression (Mode C)

( τ12

2(1 + P
(−)
⊥⊥ S12)

)2

+
(
σ2
Yc

)2
 Yc

(−σ2) = 1

forσ2 < 0 and 0 ≤
∣∣∣∣τ12
σ2

∣∣∣∣ ≤ |τ12c|
RA⊥⊥

(3.24)

where {ε1t, ε1c} are the longitudinal failure strains in tension and compression; ε1 is the
normal strain in the fibre direction; {νf12, Ef1} are the Poisson’s ratio and elastic modulus
of the fibre; mσf is the stress magnification factor used to account for matrix and fibre
mismatch of elastic properties; {γ12, τ12} are the shear strain and stress of a unidirectional
lamina; {Yt, Yc, S12} are the strengths of lamina in transverse, compressive and in-plane
shear, respectively; {P (+)

⊥‖ , P
(−)
⊥‖ , P

(−)
⊥⊥ } are the inclination parameters; RA⊥⊥ is the strength

in the failure plane due to transverse or shear stressing; τ12c is the shear stress at the critical
point that corresponds to the transition between Mode B and Mode C on the (σ2, τ12)
curve; and σ1D is the stress value for the linear degradation [41].

This criterion provides information about the fracture mode and the anticipated frac-
ture angle. It is then possible to better understand how inter-fibre failures may affect the
laminate [42].

Recommended values for Puck’s inclination parameters are given in Table 3.2.

Table 3.2 Recommended values for Puck’s inclination parameters [41].

Parameter
Value

GFRP/epoxy CFRP/epoxy

P+
⊥‖ 0.30 0.35
P

(−)
⊥‖ 0.25 0.30
P

(−)
⊥⊥ 0.20-0.25 0.25-0.30

3.1.6 Sandwich structures

Sandwich structures are a commonly used solution in the aircraft industry, where weight-
saving is critical. Sandwich structures are made of two materials with different properties
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whose combination results in a high performance material. The components of the sand-
wich structure consist of two skin facings and a core, which are bonded (or co-cured), with
the core guaranteeing a predetermined space between the faces. This distance increases
the moment of area and the section modulus, therefore creating a structure that can resist
both bending and buckling loads more efficiently [34, 43, 44].

While the face needs to have high stiffness, since it carries most of the loads, the core
should have great compressive and shear strength. So, the main properties of sandwich
structures include light weight and high flexural rigidity, which is due to the distance
between the skin faces [34, 43, 44]. A sandwich structure with two laminated faces is
illustrated in Figure 3.4.

Figure 3.4 Sandwich structure. Reproduced from [45], with permission.

Some of the materials used for sandwich construction cores include honeycomb and
foams. Honeycomb cores lead to stiff sandwich structures with very low weight. Their
properties vary with the size of the cells and with the thickness and strength of the web
material. Due to the bonding area of honeycomb cores being very small, they should
only be used with high-performance resin systems, like epoxies. This guarantees that the
needed adhesion to the laminate skins is reached [46]. Different types of honeycomb cores
are briefly explained below [46]:

• Aluminum honeycomb - this type provides very high strength-to-weight ratio.
Its properties can vary according to cell size and foil thickness. Its good mechanical
properties and price, which is lower when compared to options such as Nomex®
honeycomb, make it a very attractive material. However, special care has to be
taken so as to ensure that this core does not come into direct contact with the
carbon skin. This is because the conductivity can increase the galvanic corrosion.
Another negative aspect of this core is the fact that it does not have “mechanical
memory”, which means that on impact its deformation is irreversible, unlike the skin
which will go back to its original state. This can lead to some areas with unbonded
skin and worse mechanical properties.



40 Composite materials: introduction and literature review

• Nomex® honeycomb - this core is composed of Nomex paper, which is a form of
paper based on Kevlar, instead of cellulose fibres. It has very high strength, great fire
resistance and ensures weight saving. Despite its very good mechanical properties
and long-term stability, it is very expensive when compared to other options.

• Thermoplastic honeycomb - this type of honeycomb offers good weight saving,
but it is difficult to achieve a good interfacial bond between the facings and the
honeycomb. There are different types of thermoplastic honeycombs which can offer
diverse properties. These include polycarbonate, which has good heat resistance;
polypropylene, which offers good chemical resistance; and polyethylene, which is a
less expensive core.

Regarding foam cores, these are very commonly used and can be produced from a
great variety of synthetic polymers, such as polyvinyl chloride (PVC), polystyrene (PS),
styreneacrylonitrile (SAN) and PMI (polymethacrylimide). Their densities for composite
structures typically range from 40 kg/m3 to 200 kg/m3 and the thicknesses are usually
available from 5 to 50 mm [46].

PVC foams are largely used for high performance sandwich structures. They are
closed-cell and resistant to moisture. Some of its qualities include a great fatigue life and
good compability for bonding with common adhesives and resins. There are available
ductile and rigid versions of PVC foams. Rigid foams, which can also be designated as
crosslinked, offer better heat and solvent resistance, and better physical properties. On
the other hand, ductile foams (or linear foams) are more flexible and can be heat-formed
around curves more easily [46].

3.1.6.1 Stiffness matrices

The stiffness matrices of sandwich plates are calculated under the following assumptions:

• the thickness of the core c is kept constant under loading;
• the in-plane stiffnesses of the core are negligible;
• the facesheets govern the matrices [A], [B] and [D] [47].

For a symmetrical sandwich structure, meaning that the top and bottom sheets are
identical and that their layups are symmetrical about the midplane of each face sheet, the
expressions for the stiffness matrices are the following:

[A] = 2[A]t

[B] = 0

[D] = 1
2d

2[A]t + 2[D]t
(3.25)

where the superscript t refers to the top facesheet [47]. The superscripts b and c will
be used for the bottom facesheet and core, respectively [47]. The value d represents the
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distance between the midplane of the top sheet to the midplane of the bottom sheet,

d = c

2 + tt

2 + tb

2 (3.26)

The shear stiffness matrix of the sandwich structure can be obtained from the stiffness
matrix of the core, using the following relation [47]:[

S̄11 S̄12

S̄12 S̄22

]
= d2

c

[
C̄c55 C̄c45
C̄c45 C̄c44

]
(3.27)

The values of C̄c44 and C̄c55 correspond to G23 and G31, respectively [48], and, if the core
is isotropic,

C̄c55 = C̄c44 = Ec

2(1 + ν) (3.28)

3.1.6.2 Buckling - simply supported plate

Consider a simply supported rectangular plate, whose lengths in the x and y direction are
Lx and Ly, respectively. The plate is being subjected to uniformly distributed compressive
loads along its edges, Nx0 and Ny0. This situation is illustrated in Figure 3.5. These loads
are increased proportionally, with λcr being the critical load parameter [47].

Figure 3.5 Rectangular sandwich structure subjected to compressive axial loads.

The in-plane tensile forces are given by

Nx = −λNx0 Ny = −λNy0 (3.29)

If the load does not surpass the critical value, the deflection of the plate is null. However,
when the load set is above the critical value, the plate suffers buckling. If a given load is
multiplied by a certain value, causing stability failure, then that value is an eigenvalue (or
a load multiplier). The buckling eigenvalues for the sandwich plate considered above can
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be obtained from the following equation [47]:

(λij)cr = 1

Nx0

(
iπ
Lx

)2
+Ny0

(
jπ
Ly

)2
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F33 F34 F35

F34 F44 F45

F35 F45 F55

∣∣∣∣∣∣∣∣∣∣∣∣F44 F45

F45 F55

∣∣∣∣∣
for i, j = 1, 2, 3... (3.30)

in which the values of Fij are calculated through the following way [47]:

F33 = D11 ·
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3.1.6.3 Sandwich failure modes and criteria

Sandwich structures are complex structures, hence so are its failure modes. The fail-
ure modes of sandwich plates are usually investigated through experimental procedures,
namely three-point bending, four-point bending or edgewise compression beam tests [49].
Some of the typically observed failure modes in sandwich structures are illustrated in
Figure 3.6.

Figure 3.6 Failure modes of sandwich structures. Adapted from [49] with permission.
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Ansys’ Composite Failure Tool offers three failure criteria for sandwich structures.
Each of these criteria will be described below, as well as the corresponding failure mode.

Core failure
This failure criterion predicts failure caused by interlaminar shear and normal stresses.

The failure criterion function f is the following:

f = |τ23|
Q

+ |τ13|
R

, forσ3 ≤ 0

f = |τ23|
Q

+ |τ13|
R

+ σ3
Zt
, forσ3 > 0

(3.32)

where Q is the shear failure stress in the 23-plane (wrinkling coefficient), R is the shear
failure stress in the 13-plane (midplane curvature radius) and Zt is the normal stress, out
of plane, tension limit [48].

Facesheet wrinkling
Facesheet wrinkling is a local instability phenomenon. The expressions for the wrikling

stresses of the facesheets will be presented below. In those equations, ξ, η and ζ are used
to represent a coordinate system. The direction of compression is represented by ξ and
the ζ-axis is perpendicular to the facesheets. The subscripts f and c will also be used to
identify the facesheets and core, respectively [48].

For a homogeneous core, the wrinkling stress is given by:

σw = −Q
(
Eξ,fEζ,cGζξ,c
1− νξη,fνηξ,f

)
(3.33)

and for honeycomb cores:

σw = −Q
(

Eξ,fEζ,chf
(1− νξη,fνηξ,f )hc

)
(3.34)

where E is the Young’s Modulus, G is the shear modulus, ν is the Poisson’s ratio and h
is the thickness. The theoretical values of the wrinkling coefficient Q are 0.825 and 0.816
for the homogeneous and honeycomb cores, respectively. However, for a safe design, the
values 0.5 and 0.33 should be used instead [48].

If there are in-plane shear stresses, the principal stresses should be calculated first. In
the event that one of the two principal stresses is tensile, that one should be ignored and
the analysis will be based on the equations written above. However, if biaxial compression
is being applied, an interaction formula can be used to predict wrinkling. In that case,
wrinkling occurs according to this condition:

σξ
σξ,w

+
(
ση
ση,w

)3
= 1 (3.35)
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in which ξ is the direction of maximum compression. When the sandwich facesheets are
orthotropic, ξ can be considered as the most critical of the two directions. The stresses
σξ,w and ση,w can be obtained from Equation (3.33) or (3.34), depending on the core, by
considering the compressive stresses in both directions, ξ and η, independently [48].

Shear crimping
Shear crimping may occur due to the lack of shear stiffness of the core. Although

it seems to be a local mode of failure, in reality it is a form of general overall buckling.
The wavelength of the buckles are very small due to the low core shear modulus [50].
A noticeable comparison between a global buckling mode and a shear crimping buckling
mode can be seen in Figure 3.7.

Figure 3.7 Global buckling mode and shear crimping mode in sandwich panel. Adapted from
[51], with permission.

In the case of uniaxial compression, the critical load is:

σcr = d2

(tb + tt)cGij (3.36)

in which Gij is the core shear modulus of the plane perpendicular to the facesheets and
parallel to the loading direction [50].
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3.2 New trends in composite laminates design and optimi-
sation

3.2.1 Weight optimisation by ply-drop

One of the ways to reduce weight in engineering structures is by the tapering of laminates.
For laminates, continuous tapering is not possible, so plies have to be dropped at specific
locations. Ply-drop (PD) refers to the location in a laminate where a ply at the rib-axis
is terminated [52].

In Ref. [52] the selection of PD location is governed by a genetic-algorithm mutation
and fitness based search algorithm. It is then followed by ply-migration (PM), which
consists of shifting plies towards the aerodynamic surface to mimic actual layup, in order
to achieve blended and smooth external surface laminates, which is one aerodynamic
requirement to avoid air-flow separation.

This methodology was applied in the design of laminates for wing box panels for a
fighter aircraft. In a wing box, the load intensity is reduced as one moves from root to tip,
so weight minimization can be achieved by the use of tapered sections. If plies are ended
in steps after drop-offset distance, one can achieve smooth tapering and also avoid stress
concentrations, as illustrated in Figure 3.8.

Figure 3.8 Ply blending in wing box geometry. Reproduced from [52] with permission.

The fitness function used for evaluating chromosomes is a combination of design re-
quirements and laminate weight for different load cases. The PD design followed a design
rule stated as “once a ply is dropped in a particular bay, it is not allowed to re-appear in
subsequent bays and non-terminating plies have to be present in adjacent bays” [52]. Bay
is defined as the space between the adjacent wing-ribs and chromosome is the mathemat-
ical representation of a bay-laminate. A penalty approach was also used for the design of
the fitness function, which imposed double-sided penalty whenever there was a deviation
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from design criteria. This, along with the selection of appropriate weight factors, success-
fully led the fitness-function to choose new chromosomes through an iterative process. The
initial weight of the panel was 189 kg and the application of the developed optimisation
algorithm brought the weight down to 81.4 kg [52].

3.2.2 Multi-scale two-level optimisation methodology

The optimisation of composite structures can be divided into two groups. The first group
consists of optimisation strategies which involve explicit modelling of the plies and of the
stacking sequences. The designer is faced with a strongly non-convex optimisation prob-
lem, involving a large number of design variables, and in order to facilitate the problem,
many simplifying hypothesis are generally introduced. These include the use of symmetric,
balanced stacks with plies orientation limited to 0, ±45, 90◦. The second group refers to
multi-scale strategies, which will be further explored in this section, more specifically the
multi-scale two-level methodology [53].

The multi-scale two-level (MS2L) procedure is an optimisation strategy that can be
employed in the design of anisotropic complex structures. It makes use of polar formal-
ism to describe the anisotropic behaviour of the composites. It also relies on a specific
genetic algorithm (GA) that performs optimisation calculations over a domain of variable
dimension. The optimisation problem is divided into two sub-problems:

• First level - macroscopic scale of the laminate. The goal is to find the optimal
value of both mechanical and geometric parameters of the laminates. In this phase,
each laminate is modelled as an equivalent homogeneous anisotropic plate and its
behaviour is described in terms of polar parameters.

• Second level - laminate mesoscopic scale. The aim of this level is to determine the
optimum layup of the laminate meeting the optimum geometrical and mechanical
parameters obtained from the first level. Since all the requirements (mechanical,
geometrical, technological) are already satisfied in the first level, the second level
problem can be formulated as an unconstrained minimisation problem [53, 54, 55].

3.2.2.1 Variable angle tow composites

Technological advances in composite manufacturing techniques, such as the automated
fibre placement (AFP), allowed a new class of composite materials: the variable angle
tow (VAT) composites. With AFP machines, the composite laminae can be placed along
a curvilinear path. This implicates that the properties of the material vary point-wise.
Despite increasing the complexity of the design process due to the large number of design
variables involved, VAT laminates offer considerable weight saving and better mechanical
properties, which explains the interest in their use [54].



New trends in composite laminates design and optimisation 47

The complexity in VAT composites design is attributed to two of their properties:
the heterogeneity and the anisotropy. In a study conducted in 2016 by Montemurro and
Catapano, a two-level strategy was employed for its design, with some modifications being
applied on both levels. Regarding the first level, one of the modifications was the use
of higher order theories such as the First-order Shear Deformation Theory (FSDT). This
way, the influence of the transverse shear stiffness on the mechanical response of VAT
composites could be taken into account [54].

In the framework of FSDT, the constitutive law of the laminate can be written as:
{N}
{M}
{F}

 =

[A] [B] [0]
[B] [D] [0]
[0] [0] [H]



{ε0}
{χ0}
{γ0}

 (3.37)

where [A], [B], [D] and [H] are the membrane, the membrane/bending coupling, the bend-
ing and the out-of-plane shear stiffness matrices, respectively. {N}, {M} and {F} are
the vectors of membrane forces, bending moments and out-of-plane shear forces per unit
length, respectively [53].

Another modification was the use of B-spline surfaces to describe the point-wise vari-
ation of the laminate polar parameters, which considerably reduced the number of design
variables [54].

The VAT plate considered in Ref. [54] was quasi-homogeneous and fully-orthotropic. A
laminate is considered to be quasi-homogeneous when homogenised membrane and bend-
ing matrices are equal, [A∗]=[D∗], and it is uncoupled [B∗]=[0] [53]. With the laminate
being quasi-homogeneous, the number of independent mechanical design variables describ-
ing the mechanical response was reduced to the three polar parameters of the homogenised
membrane stiffness matrix [A∗], ΦA∗

1 , RA∗
0k and RA∗

1 (for more details on the polar formal-
ism and its application in the context of the FSDT, the reader is referred to [56, 57]).
Only the polar angle varied over the structure, while the other two remained constant.
This allowed for the integration of the manufacturability requirements associated with the
AFP process since the early stages of the strategy, which had direct consequences for the
second-level problem. Not only its mathematical formulation was significantly simplified,
but it could also be formulated and solved in an arbitrary point of the VAT laminate,
which greatly reduced the number of design variables. The use of this improved multi-
scale methodology for the design of the VAT laminate resulted in a optimum VAT laminate
with a significant increment of the first buckling factor compared to a reference solution
(straight-fibres unidirectional plies). This increment was about 78% when manufactura-
bility constraints were not involved and around 67% when they were integrated within the
design problem [54].
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3.2.2.2 Composite stiffened panels

Stiffened panels offer significant weight reduction, which is particularly important in the
design of aircraft structures. By using composite laminates, one can achieve a considerable
weight saving compared to the use of aluminum alloys, but it has a major drawback
regarding the design process, which becomes much more complex. In order to overcome
this, several studies have been conducted in regards to the optimum design of composite
stiffened panels.

One study in particular [55] made use of the MS2L design methodology with the aim of
overcoming several limitations in previous studies, such as the use of simplifying hypotheses
that mainly focused on the nature of the stacking of the laminates composing the panel.
These include the use of symmetric stacking sequences and the use of balanced stacks to
obtain orthotropic laminates. The first condition implies the use of only half of the layers
and half of the design variables, thereby reducing the design space. This makes it very
hard to obtain the lightest structure. Meanwhile, the use of balanced stacks frequently
generates misleading solutions. Besides these, in aircraft structural design, some other
rules are imposed, such as the use of a limited set of values for the layers orientation
angles.

The addition of these simplifying rules often lead to suboptimal solutions, since the
design space becomes extremely shrunk. Therefore, for this study, the full set of geometric
and mechanical parameters characterizing the behaviour of the panel at both mesoscopic
and macroscopic scale were considered [55].

The inclusion of these parameters in the design process brought significant weight
saving and better mechanical properties relating to the first buckling load. Particularly,
there was a decrease in weight of up to 11.5% in comparison to the standard configuration
that was used as reference [55].

3.2.2.3 Blending constraints

Blending is a term that refers to a manufacturing constraint that must be considered
when designing tailored composite plates. They have significant importance in the design
of large structures whose loads are not uniformly distributed. For example, the structure
can be partitioned in smaller sub-structures where the loads are considered uniform and
the final optimal solution will then consist of different geometrical properties for each
substructure [53].

Figure 3.9 illustrates a generic blending strategy, which consists of a PD process. Two
laminates are blended when m plies are removed from a laminate with N plies, so that a
thinner one is obtained, just as it is represented in the figure.
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Figure 3.9 Blending strategy. Reproduced from [53] with permission.

A study from 2019 [53] formulated blending constraints as equivalent mechanical re-
quirements to be imposed to both polar and geometric parameters of the laminate within
the first-level problem. In order to verify its effectiveness, this approach was applied to
a simplified wing-box model. For this model, the ribs, spars and stringers were replaced
by continuous equally-spaced composite plates with a fixed stacking sequence [(±45◦)11]S
[53].

The results of the study demonstrated the efficacy of this approach. There was a 12%
weight reduction in comparison to the reference solution, while maintaining the mechanical
properties regarding the first buckling load and maximum allowable strain [53].

3.2.3 Flutter stability constraints

Flutter in aircraft is responsible for divergent oscillations, which can lead to structural
damage or failure, or loss of control. Flutter stability is a dynamic aero-elastic design
requirement and, in current approaches for wing design, the structure is first optimized
for strength and buckling design criteria, with flutter stability check coming after. This
approach leads quite often to non-optimal designs. By considering the flutter constraints
at the design stage, it is possible to mitigate flutter while achieving optimal design. Flutter
velocity is a function of aerodynamic load, structural load and structural stiffness. The
components of structural stiffness, bending and torsional rigidity, can be modified by PD
[58].

Shrivastava et al. [58] proposed the flutter stability as an integral condition of weight
optimisation of a fighter aircraft wing box by a two-step procedure. The study aimed at
achieving a flutter free and minimal weight wing box design. The two steps consist of the
following:

• Step 1- Estimation of limiting values of wing tip deflection δ and wing twist θ flutter
constraints in terms of critical flutter velocity. The maximum values obtained are
then used as constraints for step 2 optimisation.

• Step 2- Use PD to minimize structural weight. This was achieved by modifying
finite-thickness plies to near-zero plies without change of FE model as automated
ply deletion, which was then followed by PM.
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Flutter is caused by the coupling of bending and torsion modes and modal analysis was
done for several weapon configurations in order to discover the values of initial bending and
torsion modes. This analysis provides a description of the flutter behaviour for different
weapon configurations and number of plies [58].

With this optimisation process, not only a 35% panel weight reduction was achieved,
but also the flutter velocity of the structure was improved, going 5% above the critical
flutter velocity. It was proved that flutter constraints have active control on bending and
torsion during optimisation [58].

3.2.4 Double-double laminates

One of the drawbacks in the use of composites is the complexity involved in their design,
compared to metals that are often isotropic. However, with Tsai’s modulus, the design
process of composites and metals becomes similar.

Nowadays, quad laminates of 0◦, ±45◦ and 90◦ plies, are the most commonly used in
aircraft industry, but they are difficult to design and manufacture because the building
block sub-laminates are too thick. Double-double (DD) or double angle-ply laminates of
[±Φ/ ± Ψ] are an alternative to quad laminates, which can offer lighter structures with
simpler design and manufacturing techniques. φ and Ψ are the laminate orientations,
which can range from 0◦ to 90◦. This allows the entire possible spectrum of stiffness and
strength to be covered in a continuous way [59]. Vermes et al. [60] studied the advantages
and validity of both the Tsai’s modulus and DD theories and the conclusions of the study
will be adressed in this section.

3.2.4.1 Tsai’s modulus

Tsai’s modulus is the sum of the diagonal components of the stiffness matrix: Q11+Q22+2Q66.
It replaces the 4 required elastic constants for composite plies, which greatly facilitates
the design process.

Figure 3.10 shows the laminate stiffness [A] in absolute and Tsai’s modulus-normalized
[A∗] values for six different materials: IM7/977, IM7/8552, T8S/3900, T800/Cyt, T700
C-Ply 64, and T650/Epoxy. There are three stacking sequences for each material: quasi-
isotropic (QI), and hard in [05/± 45/90] at 0◦ and 30◦ orientations. It can be noted that
Tsai’s modulus is the same for every material and the Tsai’s modulus-normalized stiffness
values are equal for the same laminate. For example, for IM7/977 the Tsai’s modulus is
218 GPa and for QI A∗11 = 0.37.
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Figure 3.10 Absolute and normalized matrix A∗ of six CFRP. Reproduced from [60] with
permission.

3.2.4.2 Quad vs DD

Designing with quad laminates is costly and time-consuming. Quad laminates have a
discrete nature and there are many limitations associated with their use. Some of the
imposed rules include mid-plane symmetry (to avoid warping) and 10% rule (each of the
4 angles have to take up 10% of the total plies for the laminate) [60].

Besides this, for the quad, 4 plies (one for each of the ply angles) are required. The
collection of a single ply of each orientation is quasi-isotropic, but in the event that or-
thotropy is needed, plies of selected angles have to be added (not traded), which greatly
increases the thickness of the laminate. Optimisation is also difficult, and sometimes not
possible, due to the large number of discrete stacking sequences. In DD, the stacking
sequence is a continuous variable, since there are only 2 independent and continuous ply
angles to be optimised [60].

Another advantage that DD has over quad laminates is related to the ply drop method.
Due to the mid-plane symmetry condition required in quads, ply drops have to come in
pairs. In DD, ply drops can be one at a time and can be positioned at any location, which
makes tapering a lot easier [60].
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Chapter 4

Conceptual Design

This chapter concerns the choice of an appropriate layout for the wing that is being de-
signed. The chosen layout must fulfill the geometric parameters that were assigned by
Beyond Vision. The decision making process ranged from selecting the best planform to
deciding the number and location of the wing components. All the decisions were made
based on literature review and also according to Beyond Vision’s requirements concerning
cost, performance and manufacturing.

4.1 Geometric parameters

The preliminary specifications of the wing geometry, given by Beyond Vision, are the
following:

Table 4.1 General wing geometry specifications.

Parameter Value

Span b (m) 6
Tip Chord Ct (m) 0.427
Root Chord Cr (m) 0.534
Taper ratio

(
λ = Ct

Cr

)
0.8

Sweep angle Λ (◦) 5
Dihedral Angle Γ (◦) 2
Angle of attack α (◦) -0.8

The airfoil is a NACA 6412. Regarding the flaps and ailerons they are located at 70%
of the chord, measured from the leading edge, and their length is 1 m, each. The flap is
also close to the root.
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4.2 Planform

The selection of the wing planform is one of the most important and basic decisions in wing
design. The selected planform has to fulfill not only the aerodynamic and performance
goals, but also other requirements, such as manufacturing, weight and cost [61]. In this
section, different types of planforms will be compared considering these parameters, in
order to make an appropriate selection. The different types of planform shapes can be
divided in three main groups [62]:

• Simple planforms: Constant-chord or rectangular, straight taper;

• Compound planforms: Constant-chord center section or semi-tapered, compound
taper, compound sweep;

• Curved Planforms: Elliptical.

Four of the main aspects considered for selecting the most appropriate geometry are
lift distribution, bending moments, the stall characteristics and roll responsiveness. In
order to understand how lift distribution is affected by the planform geometry, Figure 4.1
illustrates the actual distribution of a rectangular cantilevered wing compared to the ideal
distribution [61].

Figure 4.1 Comparison between ideal and actual lift distribution. Reproduced from [61] with
permission.

The ideal distribution would only be achieved if the laws of physics did not require
the lift to gradually reach zero at the tip. This distribution would imply that the lift
coefficient would contribute uniformly in each spanwise location. The area between the
ideal and actual distribution corresponds to the distribution of wasted lift coefficient and
the smaller this area, the more efficient the wing is. The elliptical planform geometry has
a distribution close to ideal. Although it is great for cruise, it brings several problems
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near stall: as it reaches higher and higher angle of attack, the wing will stall completely
and instantly. Therefore, if manufacturing discrepancies exist, one of the wings may stall
unexpectedly before the opposite wing, causing a wing roll [61].

4.2.1 Constant-chord planform

This type of planform has the most simple geometry and it is widely used in large and
smaller aircrafts. Its geometry and lift characteristics are represented in Figure 4.2. In a
rectangular wing, the ribs have the same geometry and the spars are beams with constant
thickness. Consequently, the manufacturing is much simpler and the costs are reduced,
which are the main advantages that this configuration brings. Besides this, the stall
characteristics are more favourable compared to an elliptical planform, as it was already
explained before. However, it is less aerodynamically efficient and the structural weight is
larger when compared to more complex shapes [61, 62].

Figure 4.2 Geometry and lift characteristics for different angles of attack (AOA) of a constant-
chord planform. Reproduced from [61] with permission.

4.2.2 Straight taper planform

In a straight tapered wing, illustrated in Figure 4.3, the tip chord is smaller than the root
chord, with both dimensions being correlated by the taper ratio - Equation (2.25).

The bending moments in straight tapered wings (λ < 1) are lower than those of
rectangular wings (λ = 1). Additionally, they are aerodynamically and structurally more
efficient than the latter. So, despite having a more complex structure, which leads to
higher manufacturing costs, this configuration has an improved performance coupled with
lower structural weight [61, 62].
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Figure 4.3 Geometry and lift characteristics for different angles of attack (AOA) of a straight
tapered planform. Reproduced from [61] with permission.

4.2.3 Constant-chord center section planform

This type of planform geometry, shown in Figure 4.4, can be also designated as semi-
tapered and it is most commonly used in low-wing aircraft. With this configuration, the
spars are carried straight through the fuselage and are permanently attached [62]. There
is also an increase of the aileron effectiveness. However, compared to the rectangular wing
planform, there is an increase in the complexity of the manufacturing process.

Figure 4.4 Semi-tapered planform geometry. Reproduced from [61] with permission.

4.2.4 Swept planform

Swept planforms are regularly used in commercial aircrafts, but this type of configuration
can also be found in aircrafts operating at low subsonic speeds for their stabilizing surfaces.
They can either be swept back or swept forward. The former is when the leading edge is
swept back, and the latter when the leading edge is swept forward. A swept-back wing
with constant chord is illustrated in Figure 4.5 [61].
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Figure 4.5 Swept-back planform geometry. Reproduced from [61] with permission.

4.3 Wing Layout Selection

The selection of the wing layout comprehends choosing the appropriate planform, defining
the number of spars, ribs and stringers, and their disposition along the span.

Considering the wing geometric requirements, given in Table 4.1, the wing has to be
swept and tapered. Therefore, the rectangular planform is excluded, since it does not
fulfill the second requirement. The factors that will be taken into consideration for the
layout selection are the following:

• Structure

• Weight

• Aerodynamical performance

• Manufacturing process

• Cost

• Ribs orientation

• Volume of the fuel tank

Since one of the main goals in this work is to minimize the wing weight, that will be
the main deciding factor.

Two possible layouts for the wing are represented in Figures 4.6 and 4.7. The first
one is a swept wing with a constant-chord center section and the second one is a swept
tapered wing.
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Figure 4.6 Swept-back constant-chord center section wing.

Figure 4.7 Swept-back tapered wing.

The areas S and aspect ratios AR for each planform are calculated below. For the
straight-tapered wing (λ = 0.8):

S = b× Cr + Ct
2 = 6× 0.534 + 0.427

2 = 2.88 m2 (4.1)

AR = 2b
Cr + Ct

= 2 · 6
0.534 + 0.427 = 12.5 (4.2)

For the constant-chord center section wing, considering k = 1/3:

S = b

2 [Cr(1 + k) + Ct(1− k)] = 6
2

[
0.534

(
1 + 1

3

)
+ 0.427

(
1− 1

3

)]
= 2.99 m2 (4.3)

AR = 2b
Cr(1 + k) + Ct(1 + k) = 2 · 6

0.534
(
1 + 1

3
)

+ 0.427
(
1− 1

3
) = 12.5 (4.4)

The geometry of the planform has a large influence on the structure and weight of
the wing for two main reasons: the first one has to do with the effect of the spanwise
distribution of lift and the second is due to the depth of the spars. Both are related to
the bending moments. These are obtained by integrating the vertical shear force, which
in turn is determined by integrating the lift distribution along the span [61].

The bending moment that is generated by lift has its highest value occurring at the
root and gradually decreases along the wing span. It is resisted by reaction forces in
the spar caps, whose weight will depend on the value of the loads that they must carry.
Therefore, for wings with higher bending moments, the spars will be heavier and thicker.
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The semi-tapered wing has larger bending moments at the root than the straight tapered
wing, which leads to an increase in structural weight [61, 63].

4.3.1 Spars

Wing construction is based on one of the following spar selection [64]:

• Monospar - one main longitudinal member;

• Multispar - more than one longitudinal member;

• Box beam - two main longitudinal members with connecting bulkheads.

The wing that is being designed will have two spars, the front spar and the rear spar,
which will also enclose the fuel tank. The width of the fuel tank is then defined by the
position of the front and rear spars. For a two-spar box, the front spar is usually located
at 12-18% of the local chord, and it needs to be in a position in which the leading edge
slats can be attached to it. Meanwhile, the rear spar should be located at about 60-70%,
and should be positioned so that the control surfaces are attached to it [65, 9].

The front spar will be located at 18% of the local chord, and the rear spar at 70% in
order to maximise the width of the tank and also to coincide with the location of the flaps
and ailerons.

4.3.2 Volume of the fuel tank

The wing fuel tank has a span-wise length of 0.750 m starting from the root (for each half
of the wing). In order to understand how the different planforms will increase or decrease
its capacity, it is necessary to calculate their corresponding volume. A model of a fuel
tank for a tapered wing is illustrated in Figure 4.8.

Figure 4.8 Fuel tank model for a tapered wing.
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The corresponding volume for this model is given by the following equation [66]:

Vf = `

6(A0 +A1 + 4Am) (4.5)

where,

`- length of the tank (m)

A1- Area at the root chord (m2)

A0- Area at the tip of the tank (m2)

Am- Area at the mean chord (m2)

In order to calculate the chord at the length of the fuel tank and at the mean chord,
the equation for the local chord length c(z) of a trapezoidal planform will be used [12],
considering that z is the spanwise location:

c(z) = Cr

[
1− 2z

b
(1− z)

]
(4.6)

Considering that the fuel tank is an integral fuel tank, the entire section between the
front and rear spars will be considered for the areas A0, A1 and Am. These were determined
using the Section Properties tool from the software SolidWorks and are presented in Table
4.2. Using those values, the total volume obtained for the fuel tank of the tapered wing is
11.26 L.

Table 4.2 Areas A1, A0 and Am of the fuel tank of the tapered wing.

Spanwise location z (mm) Chord (mm) Area (mm2)

A1 0 534 15799
Am 375 520.62 15018
A0 750 507.25 14256

For the semi-tapered wing, since the chord is constant through all the length of the
tank, the total volume is simply given by:

Vf = `×A1 (4.7)

For `=750 mm and A1=15799 mm2, the total volume is 11.85 L. This means that
having a semi-tapered wing only adds roughly 0.6 liters to the tank capacity.

4.3.3 Ribs

Another important step in defining the wing layout is choosing the appropriate ribs spacing
and also their orientation. Having a larger rib spacing helps saving weight and simplifies
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the assembly process. However, deciding the number of ribs is an iterative process, since
it involves structural analysis. Typically, in aircraft structures, rib spacings are around
300 and 500 mm [67]. Regarding the ribs orientation, there are two configurations that
can be used, which are represented in Figure 4.9.

Figure 4.9 Ribs layouts for swept-back wings. Reproduced from [8] with permission.

Both configurations bring advantages and disadvantages. In configuration A, the ribs
are mounted normal to the front spar, and in configuration B, the ribs are aligned parallel
to the flight direction. Although configuration B is more pratical near the fuselage for
assembly purposes, it increases weight and difficulty in manufacturing, since the ribs are
not perpendicular to the spar. Therefore, for swept wings, configuration A is usually pre-
ferred over configuration B [21]. However, since this configuration causes layout problems
at the root region, one of the ways to overcome this is by opting for a hybrid configuration
in which the orientation changes at the kink. An initial layout for the ribs of the tapered
wing is represented in Figure 4.10. The ribs are spaced 300 mm from each other and are
perpendicular to the main spar. The spacing and number of ribs might be altered later,
since this is an iterative process.

Figure 4.10 Initial layout of the ribs for the tapered wing.
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There are other aspects to consider when choosing the ribs location, such as hinge
positions for control surfaces and the location of flaps. A closing rib is also required for
the end of the integral fuel tank.

4.3.4 Stringers

Some typical cross-sections for stringers are illustrated in Figure 4.11.

Figure 4.11 Typical stringer configurations. Reproduced from [68] with permission.

Extruded Z-stringers and J-stringers are largely used for aircraft structures. The first
configuration has high structural efficiency and it is easy to assemble. The second, although
less efficient, has better fail-safety than the Z stringer configuration. This is because of its
double rows of fasteners attached between skin and stringers. Other configurations such as
Y stringers and hat stringers have the highest efficiency. However, they have closed areas
which can easily suffer corrosion and, hence, require additional corrosion protection. For
this reason, these type of stringers are not used in structures subjected to high compressive
loads [9, 69].

Regarding the stringers spacing, in aircraft structures, it typically ranges from 100 mm
to 200 mm [67].

The selected cross-section for the stringers was the Z cross-section due to its efficiency,
ease of assemble and also because it does not bring the same corrosion problems that hat
stringers and Y-stringers do. The location of the stringers at the root chord is illustrated
in Figure 4.12. The first two stringers are spaced 100 mm right to the front spar and the
other two are spaced 100 mm from the first. Therefore, they are placed at 37% and 55%
of the local chord.

Figure 4.12 Location of stringers at the root chord.
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4.3.5 Layout selection

The layout was selected using a decision table. Each of the factors listed in Section 4.3
was ranked from 1 (worst) to 5 (best) for each configuration, the semi-tapered and the
tapered layouts. The attributed values are represented in the radar chart of Figure 4.13.

Figure 4.13 Radar chart of the wing layout selection parameters.

Each of the parameters was given a weighting factor (0-1), and the average for each
layout was calculated. The final results are presented in Table 4.3.

Table 4.3 Decision table for the wing layout.

Weighting factor
(0-1)

Semi-tapered
planform

Tapered
planform

Weight 0.25 4 5
Structure 0.15 4 5

Aerodynamical performance 0.1 4 5
Manufacturing process 0.1 4 3

Cost 0.15 3 3
Ribs orientation 0.1 4 4

Volume of the tank 0.15 5 4

Weighted mean 4 4.25

The tapered wing layout has the highest score, therefore, that was the selected layout.
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4.3.6 Additional considerations

The choice for the location of the rotor booms was based on the diameter of the propellers.
The propellers have a 57" diameter, which is roughly about 1.450 m. Therefore, the radius
is 0.725 m. In order to have a good margin of distance from the root, it was decided to
place them at a span-wise location of 0.800 m (measured from the root).

Regarding the flaps and ailerons, it will be considered that the flap will start near the
root, with the aileron next to it. It should be noted, though, that the placement of the
flap is dependent on aerodynamic considerations, which are out of the scope of this thesis.
Placing it right at the root can also cause interference with the fuselage, but this will be
considered to simplify the design process.

Another requirement for this wing is that it should have an hinge. The hinge has to
be placed after the rotors location. It was then decided to locate the hinge at around
1 m (measured from the root), which also corresponds to the end of the first flap, and
beginning of the aileron. The hinge is not going to be modelled, but to account for it, two
ribs will be placed at that location.
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Chapter 5

Preliminary Design

In this chapter, the main components of the wing will be sized, so to as later build a CAD
model and proceed to FEA. In order to do the preliminary sizing of the components, the
main loads acting on the wing have to be calculated. The first step is to draw the flight
envelope, which will provide the load factor to be used in the sizing calculations. The next
step is to draw the bending moment and shear diagrams. To do this, the load distribution
of the wing has to be estimated. The loads that are considered here are the lift, which
was calculated through the Schrenk method - a conservative and theoretical approach; the
weight distribution of the wing structure; the pitching moment; and the weight distribution
of the fuel tank. To simplify the calculations, drag was not considered. After drawing the
diagrams, each of the components (spars, skin, ribs and stringers) was sized. In order to
do this, the materials of each component were first selected. Then, using the structural
idealization, an estimate of the dimensions for the areas of the flanges of the spars and
stringers was obtained. Finally, a buckling analysis was done for both the ribs and skin
panels. Regarding the skin panels, a study was also conducted to determine how using a
sandwich construction would affect the buckling resistance and how different core materials
behaved. For this study, the Ansys Composite PrePost tool was used and the steps that
were taken will be explained in detail.
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5.1 Design parameters

The design parameters defined by Beyond Vision are listed in Table 5.1. These were the
parameters used to map the flight envelope and to calculate the lift.

Table 5.1 Wing performance specifications.

Category Value

Payload (kg) 100
Endurance (min) 190.476
Range (km) 800
Flight ceiling h (m) 3000
Cruise velocity VC (m·s-1) 70
Stall velocity VS (m·s-1) 40
Dive velocity (VD = 1.5VC) (m·s-1) 105
Maximum MTOW (kg) 280

The geometric parameters were already defined in Table 4.1.

5.2 Mean Aerodynamic Chord (MAC)

The value of the Mean Aerodynamic Chord (MAC) can be calculated from Equation
(2.26). So, for Cr = 0.534 m and a taper ratio λ = 0.8, it results:

MAC = 2
3 · 0.534 · 1 + 0.8 + 0.82

1 + 0.8 = 0.483 m (5.1)

5.3 Design load factor

The limit load factor is given by the sum of the highest maneuvering load factor and the
increment load due to turbulent gusts:

nlimit = nmax + ∆n (5.2)

Additionally, this load factor is multiplied by a safety factor SF in order to provide a
larger margin of safety to the structure. According to CS-23 , “unless otherwise provided,
a factor of safety of 1.5 must be used” [11], therefore, this value will be considered.
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5.4 Flight envelope

The aircraft flight envelope, which can also be designated as V-n diagram, results from the
combination of the maneuvering envelope and of the gust envelope. From this diagram,
it is possible to obtain the maximum load factor, which will be used in the structural
design. If the calculated value is incorrect and, consequently, lower than it should be, the
aircraft is not airworthy. Therefore, for safety reasons, the diagram should be recalculated
several times during the design process [70]. The diagram will be plotted for the given
specifications, listed in Table 5.1.

5.4.1 Maneuvering envelope

In order to map the maneuvering envelope, the load factors have to be defined. FAA-
23 [11] states that “The positive limit maneuvering load factor n may not be less than
2.1+(24, 000/(W+10, 000)) for normal and commuter category airplanes, whereW=design
maximum takeoff weight, except that n need not be more than 3.8”. Regarding the
negative limit maneuvering load, it “may not be less than 0.4 times the positive load
factor for the normal utility and commuter categories”. The chosen value for the positive
maneuvering load factor was 3.8 and, consequently, the negative maneuvering load factor
is 1.52.

Then, Equation (2.1) can be rewritten in order to calculate the stall speed:

VS =

√
2 · nW

ρairSCL,max
(5.3)

in which W/S is the wing loading (N·m−2).

According to the International Standard Atmosphere, the value of the air density, for
an altitude of 3000 m, is ρair(h=3000 m) =0.91 kg/m3 [71].

The weight W is calculated for MTOW=280 kg,

W = MTOW · g = 280 · 9.81 = 2747 N (5.4)

and for the tapered wing, Equation (4.1), S=2.88 m2.

The maximum lift coefficient is calculated at stall speed VS = 40 m/s:

CL,max = 2 ·W
ρair · S · V 2

S

= 2 · 2746.8
0.91 · 2.88 · 402 = 1.3 (5.5)

The obtained values can then be substituted in Equation (5.3) in order to map the
maneuvering envelope.
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5.4.2 Gust envelope

The gust load factors can be obtained from Equation (2.11). It is then necessary to
calculate the gust alleviation factor F , which is given by the following expression:

F = 0.88µg
5.3 + µg

(5.6)

in which µg is the air vehicle mass aspect ratio [70],

µg = 2W
SgρairCCLα

(5.7)

where,

C - mean geometric chord (m)

g - acceleration due to gravity (m·s-2)

CLα=∂CL/∂α - wing lift-curve slope (rad-1)

The lift curve slope CL,α is given by

CLα = 2π ·AR

2 +
√(

AR·β
κ

)2 (
1 + tan2 ΛC/2

β2

)
+ 4

(5.8)

where,

AR - aspect ratio

β - Mach number parameter (Prandtl-Glauert)

κ - ratio of two-dimensional lift curve slope to 2π

ΛC/2 - sweepback of mid-chord (◦)

Each of these values are calculated below.
The Aspect ratio (for half wing) is given by

AR = b

Cr + Ct
= 6

0.534 + 0.427 = 6.24 (5.9)

and the Mach number parameter is

β =
√

1−M2
eff (5.10)

where Meff is the effective Mach number, which takes into the account the effect of the
sweep angle of the wing Λ [72].
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The Mach number for the cruise velocity, VC = 70 m/s, and for an altitude of 3000 m
is 0.213 [73]. So, the effective Mach number is given by [72]:

Meff = M · cos Λ = 0.213 · cos 5◦ = 0.2122 (5.11)

and the Mach number parameter, β = 0.977.
Finally, the lift curve slope is

CLα = 2π · 6.24

2 +
√(6.24·0.977

1
)2 (1 + tan2 5◦

0.9772

)
+ 4

= 4.64 (5.12)

Substituting the values above in Equation (5.7),

µg = 2 · 2747
2.88 · 9.81 · 0.91 · 0.483 · 4.63 = 95.5 (5.13)

the gust alleviation factor can be calculated:

F = 0.88 · 95.5
5.3 + 95.5 = 0.834 (5.14)

As for the gust velocities, the typical values U2 = 15.25 m/s and U3 = 7.5 m/s will be
used for the cruise and dive speeds, respectively [7, 70].

The gust load factor during flight at cruise speed is given by:

n = 1± 0.834 · 15.25 · VC · 0.91 · 4.83
953.75 (5.15)

For the dive speed, it is given by:

n = 1± 0.834 · 7.5 · VD · 0.91 · 4.83
953.75 (5.16)
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5.4.3 Combined envelope

The maneuver and gust envelopes were plotted for each of the calculated load factors and
respective speeds. The combined V-n diagram is represented in Figure 5.1. The script
that was to used to plot the diagram is found in Appendix A.1.

Figure 5.1 Combined flight envelope.

Looking at the diagram it is possible to conclude that the gust loads do not produce
greater loads on the aircraft. For this reason, the effect of gusts will be discarded and the
wing will be designed for the highest load factor n = 3.8.

5.5 Schrenk method

Due to the wing finite aspect ratio, the lift distribution is variable along the span. When
the wing planform has an elliptic shape its spanwise lift distribution is given by the fol-
lowing equation [12]:

L′elliptical(z) = 4L
πb

√
1−

(
2z
b

)2
(5.17)

where L is the total lift force (N), L′ is the lift distribution (N·m-1), b is the wing span
(m) and z (m) is the spanwise coordinate of the wing, with z = 0 being at the root of the
wing and z = ±b/2 at the tip [12, 74].

This analysis for the elliptic planform wing is the basis for a semi-empirical method
attributed to Dr. Ing. Oster Schrenk, also designated as "Schrenk method" [12, 74]. The
method assumes that “the spanwise lift distribution of a general untwisted wing has a
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shape that is the average between the actual planform chord distribution c(z) and that of
an elliptic wing” [12].

For a trapezoidal wing and knowing that λ is the taper ratio, the lift distribution is
given by [12, 74]:

L′trapezoidal(z) = 2L
(1 + λ)b

[
1 + 2z

b
(λ− 1)

]
(5.18)

Finally, the approximated spanwise lift distribution is given by the average of the two,
as follows [12, 74]:

L′Schrenk(z) =
L′elliptical(z) + L′trapezoidal(z)

2 (5.19)

It must be noted that the Schrenk method is a conservative approach and it does not
provide accurate estimations for highly swept wings. However, that is not the case for this
wing, so it can be used [12].

The lift force L was also calculated through a conservative approach,

Wwing ' Laircraft = n · SF ·Waircraft

∴ Lwing = n · SF ·MTOW · g
(5.20)

Therefore,
Lwing = 3.8 · 1.5 · 280 · 9.81 = 15656.76 N (5.21)

The expression for Schrenk lift distribution for half of the wing is, then,

L′Schrenk(z) = 1
2 ·

4 · 15656.76
π · 6

√
1−

(
2z
6

)2
+ 2 · 15656.76

(1 + 0.8) · 6

[
1 + 2z

6 (0.8− 1)
] (5.22)

for 0 ≤ z ≤ 3.

Integrating the lift distribution from 0 and 3 m, the total lift force for half of the wing
is 7828.4 N, which corresponds to half of the MTOW (140 kg). The lift distribution is
represented in Figure 5.2.
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Figure 5.2 Schrenk method.

5.6 Pitching moment and aerodynamic center

The distribution of pressure and shear forces around an airfoil can produce a moment,
which is designated as pitching moment M . This moment has a tendency to rotate up or
down the leading edge of the airfoil. If it rotates up, the moment is considered positive
[75]. It is calculated by the following expression:

M = Cm
1
2ρV

2 · S · c (5.23)

in which Cm is the pitching-moment coefficient.

At the center of pressure (CP) the moment is zero. However, as already mentioned in
Section 2.2, the CP needs to change its location according to the angle of attack in order
to keep the moment null. Meanwhile, the aerodynamic center is a fixed moment reference
center whose position is independent of the angle of attack, “at least for that range of
angles of attack where the lift curve is linear” [75].

The aerodynamic center is typically located at 0.25 of the MAC [75]. For linearly
tapered wings, the spanwise location of the aerodynamic center is given by:

zMAC = b

6
1 + 2λ
1 + λ

(5.24)
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and the expression of the pitching moment becomes:

MAC = CmAC

1
2ρV

2S ·MAC (5.25)

For b = 6 m:
zMAC = 1.44 m (5.26)

For simulation purposes, the lift can be applied at the main spar caps, which means
that the wing pitching moment acting at the AC has to be transferred to the spars location,
which is at 18% of the local chord. The moment acting on the spar caps, at zMAC and
x0.18·MAC is given by

M0.18·MAC = MAC + (0.18− 0.25) ·MAC · Lwing (5.27)

Nevertheless, the moment needs to be calculated along the span-wise location. This
distribution can be calculated as follows:

M0.18·c(z) = -
[∣∣M0.25·c(z)

∣∣− 0.07 · c(z) · Lwing(z) · cosα
]

(5.28)

in which c(z) is the length of the chord along the span z, given by Equation (4.6).

The moment at the aerodynamic center for each airfoil along the span is

M0.25·c(z) = -Lwing(z) · cosα · d(z) (5.29)

in which d(z) is the distance between CP and AC. The distance along the span can be
calculated assuming a linear variation along the span, and knowing the distance at the
root, dr, and at the tip, dt:

d(z) = dr ·
[
1− 2z

b

(
1− dt

dr

)]
(5.30)

Using the moment equation:

dr =
∣∣∣∣ M(z = 0)
Lwing(z = 0)

∣∣∣∣ =

∣∣∣∣∣Cm 1
2ρV

2SCr

Cl
1
2ρV

2S

∣∣∣∣∣ =
∣∣∣∣Cm(α)
Cl(α)

∣∣∣∣ · Cr (5.31)

dt =
∣∣∣∣ M(y = b/2)
Lwing(y = b/2)

∣∣∣∣ =

∣∣∣∣∣Cm 1
2ρV

2SCt

Cl
1
2ρV

2S

∣∣∣∣∣ =
∣∣∣∣Cm(α)
Cl(α)

∣∣∣∣ · Ct (5.32)

The pitching moment coefficient Cm(α) and the lift coefficient Cl(α) can be interpo-
lated from the NACA 6412 airfoil curves, which are presented in Appendix B.1. It is first
necessary to calculate the Reynolds number in order to choose the appropriate curve. The
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Reynolds number is calculated using the following:

Re = ρV x

µ
(5.33)

where x is the characteristic reference length, which in this case is the chord length, and µ is
the kinematic viscosity [75]. V corresponds to the critical velocity, which according to the
flight envelope, Figure 2.6, is the dive velocity, VD = 105 m ·s−1. The kinematic viscosity
and air density are obtained from the International Standard Atmosphere: ρair(h=3000 m)

=0.91 kg/m3 and µ(h=3000 m) =1.863×10−5 m2 ·s−1 [71]. Therefore,

Reroot = 0.91 · 105 · 0.534
1.863× 10−5 = 2, 738, 792 (5.34)

Retip = 0.91 · 105 · 0.427
1.863× 10−5 = 2, 190, 008 (5.35)

The highest Re plot available is for Re = 1, 000, 000 so that is the one that will be used
to obtain Cl(α) and Cm(α). Interpolating the values available in the airfoil plot:

Cl(α = -0.75◦) = 0.5658 Cm(α = -0.75◦) = -0.1377

Cl(α = -1◦) = 0.5399 Cm(α = -1◦) = -0.1382

Cl(α = -0.8◦) = 0.56062 Cm(α = -0.8◦) = -0.1378

Substituting the obtained values in Equations (5.31) and (5.32),results, respectively:

dr =
∣∣∣∣ -0.1378
0.56062

∣∣∣∣ · 0.534 = 0.131 m (5.36)

dt =
∣∣∣∣ -0.1378
0.56062

∣∣∣∣ · 0.427 = 0.105 m (5.37)

and
d(z) = 0.131 ·

[
1− 2z

6

(
1− 0.105

0.131

)]
(5.38)

Finally, the expression for the pitching moment distribution at the spars can be written
as follows:

M0.18·c(z) = -L′Schrenk(z) · cos(-0.8) [d(z)− 0.07 · c(z)] , with 0 ≤ z ≤ 3 m (5.39)

The moment distribution is represented in Figure 5.3. The script that was used to
make the plot is available in Appendix C.1.



Structural weight distribution 75

Figure 5.3 Wing pitching moment.

5.7 Structural weight distribution

For this calculation, and to simplify, the weight of the wing structure is assumed to be
proportional to the length of the chord. Since the weight of the structure is unknown at
this point, it will be established that the total mass of the structure is mwing = 15.5 kg,
which is the maximum mass that is intended to be achieved for this wing.

The load due to the wing structure is assumed to be given by the following linear
distribution:

Whalf−wing = n · SF · 2 ·mwing · g
b · (1 + λ)

[
1 + 2 · z

b
· (λ− 1)

]
(5.40)

The distribution is represented in Figure 5.4. The script used to plot the function is
included in Appendix D.1.
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Figure 5.4 Distribution of the structural weight of the wing.

5.8 Fuel tank weight distribution

The weight of the fuel tank is also assumed to be a linear distribution, proportional to the
width of the tank [76]. The distribution is given by the following equation [76],

Wfuel tank = -
Wf · n

Lf (Crf + Ctf )

(
Crf −

z · (Crf − Ctf )
Lf

)
(5.41)

where,

Wf - weight of fuel stored in the wing (N)

Lf - length of the fuel tank within the wing (m)

Crf - width of the fuel tank at the wing root (m)

Ctf - width of the fuel tank at Lf (m)

As already mentioned in Section 4.3.2, the width of the tank is measured from the
front spar to the rear spar located at 18% and 70% of the local chord, respectively. It was
also established in that section that the length of the fuel tank is Lf=0.750 m and at that
location the chord is 0.50725 m. It was then considered that

Crf = 0.534 · (0.70− 0.18) = 0.278 m

Ctf = 0.50725 · (0.70− 0.18) = 0.264 m
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To calculate the weight of the fuel stored in the wing, it was assumed that the fuel
would be jet fuel, which is commonly used in aviation, with a density ρf = 840 kg·m−3.
The volume was previously calculated (11.26 L) in Section 4.3.2. Therefore,

Wf = ρf · Vf · g = 92.8 N (5.42)

Substituing the calculated values in Equation (5.41), the fuel tank weight distribution
is obtained. The distribution is represented in Figure 5.5. The script used to plot the
function is provided in Appendix E.1.

Figure 5.5 Distribution of the fuel tank weight.
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5.9 Shear and bending moment diagrams

To create the shear and bending moment diagrams, the wing is treated as a cantilever
beam, with a fixed support at the root (z = 0). The shear load and bending moments are
induced by the aerodynamic loads and component weights acting on the wing. Two cases
were considered - flight situation and take-off. For the first case, the lift distribution, as well
as the weight of the wing structure and the weight of the fuel tank were considered. Besides
these, point loads were also applied in order to account for the weight of the servo motors of
the flap and aileron, and the weight of the rotors. The half-wing has two rotors mounted on
a beam, which is a typical configuration for VTOL aircrafts, and for those the considered
motor was U15XL Combo KV38, with 57×22 inch propellers, whose specifications are
attached in Appendix F . Additionally, since the beam had not been calculated yet, it was
considered that its mass would be 10% of the intended mass for the wing structure, hence,
1.55 kg. The considered weights and their respective locations are described in Table 5.2.
Each of the weights was multiplied by the design factor (n = 1.5×3.8).

Table 5.2 Point loads applied on the wing.

Span location (m) Mass (kg) Weight (N)
Servo motor 1 0.5 0.5 27.96
Servo motor 2 1.5 0.5 27.96

Rotors 0.8 12.356 690.91
Beam 0.8 1.55 86.67

The shear and bending moment diagrams were calculated and drawn using the SFBM.m
function, available on Matlab Central File Exchange [77]. The free body diagram is rep-
resented in Figure 5.6 and the shear and bending moment diagrams are show in Figure
5.7.

Figure 5.6 Free body diagram of the loads acting on the wing during flight.
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Figure 5.7 Shear and bending moment diagrams - flight.

Observing the figures above, it is possible to conclude that the highest shear load and
bending moment occur at the root. The values are |Vmax| = 6212.74 N andMmax=8982.93
N·m-1. Then, for the take-off diagrams, the lift distribution is replaced by the thrust of the
rotors. According to the specifications provided by T-MOTOR [78], the maximum thrust
is 94.680 kgf, therefore, the point load that will be applied is F = 2 ·94.680 ·9.81 = 1857.62
N. The free body diagram is illustrated in Figure 5.8 and the shear and bending diagrams
are in Figure 5.9.

Comparing both cases, the bending moment and shear load generated by the lift dis-
tribution are the highest. Therefore, the components will be sized considering the values
obtained for that situation.
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Figure 5.8 Free body diagram of the loads acting on the wing during take-off.

Figure 5.9 Shear and bending moment diagrams - take off.
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5.10 Material Selection

Selection of materials for aircrafts has largely evolved throughout the years. The first
airplanes were built of balsa wood, spruce and silk. However, nowadays those materials
were replaced by others, namely, composites and aluminium alloys [79].

5.10.1 Spars

Regarding wing spars, the selection of materials will be done following Ashby’s multi-
ple constraints methodology. In this methodology, the components are considered, for
example, in the form of beams or plates, and limit load case scenarios are analysed so
as to select the best material. In order to do this, multiple constraints and an objetive
have to be defined [80]. The design requirements are presented in Table 5.3. Since the
spars are mainly loaded in bending, the selected material has to fulfil the bending stiffness
requirements, with the minimum weight possible [79].

Table 5.3 Design requirements for wing spars [79].

Function Wing spar

Constraints Specified stiffness
Length specified

Objective Minimize mass

Free variables Choice of material
Section shape and scale

The performance of each material can be evaluated through the following formula:

M1 = ρ

(φeBEf )1/2 (5.43)

where φeB is the shape factor, Ef is the flexural modulus (GPa) and ρ is the density
(kg/m3).

The shape factor is a dimensionless quantity that classifies the effectiveness of a given
material for a certain type of load (bending, torsion, compression and tension). For
example, in the case of bending, I-shape beams present a better behaviour than solid
sections having the same cross-sectional area [81].

In order to select the best material for the spars, GRANTA Edupack 2021 was used.
Using the tool Performance Index Finder it is possible to select the parameter to be
optimized. Figure 5.10 shows the selected options for this case, which give the desired
performance index to be minimized. This performance index corresponds to the y-axis.

For the x-axis, another parameter to be minimized was chosen. That parameter is the
price (in euros) per kilogram. The obtained graph is represented in Figure 5.11. Some of
the materials that are described in the picture were selected to be further analysed and
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compared in order to make the most adequate choice based on their Young’s Modulus E,
price, density and other relevant factors.

Figure 5.10 Selected options in Performance Index Finder for the material of the spars.

Figure 5.11 Selection of materials for the spars.

The materials that were selected are listed in Table 5.4, which contains their respective
flexural modulus, density and the M1 value.
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Table 5.4 Characteristics of possible materials for wing spars.

Material Modulus
Ef (GPa)

Density
ρ (kg/m3)

M1

Carbon steel, AISI 1010, annealed 205 7900 68.6
PEEK/IM CF, UD prepreg, QI layup 56.1 1570 47.8

Epoxy/aramid fibre, UD prepreg, QI layup 23.5 1380 79.5
Epoxy/HS CF, UD prepreg, QI layup 49.7 1550 59.2

Beryllium-aluminum alloy, Beralcast 310 185 2230 25.4
Beryllium, Standard Grade, stress relieved 293 1860 16.8

Aluminum, 7075, T6 69 2830 87.2

Looking at the table above, it is possible to confirm that, although carbon steel has
a large flexural modulus, it is also the material with the highest density, which is not
desirable for an aircraft structure. The composite materials have the lowest density. It is
also important to mention that the values of the flexural modulus Ef that are listed in the
table are valid for the quasi-isotropic layup, therefore, different layups can increase this
value to one that is more desired. Beryllium is the material with the lowest M1 and just
by looking at that table, it seems to be the best material out of all. However, it is also
necessary to add price to the equation and take other factors into account. The prices per
kilogram as well as M1 are listed in Table 5.5. Beryllium not only is very expensive, but
can also be toxic [82], which excludes it from being an appropriate material for the spars.

A weighting factor (0-1) was attributed to each parameter according to the importance
that was given to it. It was given a higher importance to M1. Each of the parameters was
multiplied by its weighting factor and added. The sums were compared and the minimum
value obtained was for epoxy/HS carbon fibre. This material combines good stiffness
properties, it is light and has a reasonable price when compared to materials such as
Beryllium and other CF composites. The same material was also chosen for the stringers.

Table 5.5 Weighted mean between M1 and price for the possible materials for the spars.

Material M1
Price

(EUR/kg)
Weighted
mean

Carbon steel, AISI 1010, annealed 68.6 0.715 55.0
PEEK/IM CF, UD prepreg, QI layup 47.8 102 57.4

Epoxy/aramid fibre, UD prepreg, QI layup 79.5 67 74.4
Epoxy/HS CF, UD prepreg, QI layup 59.2 35.4 54.1
Beryllium-aluminum alloy, Beralcast 310 25.4 396 99.3
Beryllium, Standard Grade, stress relieved 16.8 558 125.0

Aluminum, 7075, T6 87.2 3.71 70.5

Weighting factor (0-1) 0.8 0.2
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5.10.2 Skin panels

After choosing the material for the spars, a similar procedure was applied to the skin
panels, which were analysed as plates loaded in compression. The design requirements are
established in Table 5.6, which were defined in order to select a material that will provide
strength and stiffness to prevent buckling, while also saving weight [80].

Table 5.6 Design requirements for skin panel [80].

Function Skin panel (bending plate)

Constraints

Must not fail (yielding fracture) under load F
Specified stiffness
Length L and Bending M are specified
Adequate fracture toughness

Objective Minimize mass

Free variables Choice of material
Panel thickness, t

Two new performance factors were defined, one to account for buckling strength, M2,
and the other for buckling stiffness, M3. They are given by the expressions that follow:

M2 = ρ

σ
1/2
y

(5.44)

M3 = ρ

E1/3 (5.45)

where E is the Young’s modulus and σy is the yield strength (elastic limit) [80].
The options that were selected in the Performance Index Finder tool are shown in

Figure 5.12 and the obtained graph is represented in Figure 5.13.
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(a) x-axis (b) y-axis

Figure 5.12 Selected options in Performance Index Finder for the material of the skin panels.

Figure 5.13 Materials for the skin panels.

From the graph above, several materials were chosen, giving preference to the ones
placed at the bottom left corner, since the goal is to minimize M2 and M3 as much as
possible. Then, their properties were listed and compared. Table 5.7 shows the selected
materials and their respective Young’s modulus, yield strength and density.
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Table 5.7 Characteristics of possible materials for the skin panels.

Material E (GPa) σy (MPa) ρ (kg/m3)

PEEK/IM CF, UD prepreg 56.1 460 1570
Epoxy/HS CF, UD prepreg 49.7 603 1580

Epoxy/aramid fibre, UD prepreg 24.5 355 1380
Epoxy/S-glass fibre, UD prepreg 19 457 1970

Be, grade I-250, hot isostatically pressed 290 480 1860
Aluminum alloy 2014 T4 75 270 2830
Aluminum Alloy 2219 T62 72 248 2870
Aluminum Alloy 7475 T671 69 379 2810

All of the selected materials have low densities when compared to steel, for example.
However, composite materials, as already seen for the case of the spars, have the lowest
density when compared to the aluminium alloys and beryllium. Using the values from
Table 5.7, M2 and M3 were calculated and the obtained values are written in Table 5.8.
The price per kilogram was also added.

Table 5.8 Performance indices of possible materials for the skin panels.

Material M2 M3
Price

(EUR/kg)

PEEK/IM CF, UD prepreg, QI layup 73.2 410.1 102
Epoxy/HS CF, UD prepreg, QI layup 64.3 429.7 35.4

Epoxy/aramid fibre, UD prepreg, QI layup 73.2 475.1 67
Epoxy/S-glass fibre, UD prepreg, QI layup 92.2 738.3 26.4
Be, grade I-250, hot isostatically pressed 84.9 281.0 562

Aluminum Alloy 2014 T4 172.2 671.1 2
Aluminum Alloy 2219 T62 182.2 689.9 2.17
Aluminum Alloy 7475 T761 143.6 681.4 3.7

To help visualize the differences between the materials, a bar chart was created, which
is presented in Figure 5.14. Looking at the bar chart, the difference between the prices
of each material becomes very evident, with the epoxy/S-glass fibre composite, and the
aluminium alloys being the cheapest options. Beryllium was discarded, despite having
good strength and stiffness, due to the same reasons that were described in Section 5.10.1.
As for the epoxy/S-glass fibre composite and the aluminium alloys, although they are
the least expensive options, they present the largest values for M2 and M3, so they were
excluded as well.
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Figure 5.14 Visual comparison between the different parameters of the possible materials for
the skin panels (logarithmic scale).

Finally, the remaining materials were listed and ranked from 1 (worst) to 5 (best) in
each of three parameters (M2, M3 and price). Then, a weighting factor was attributed
to each parameter and the weighted mean was calculated. The obtained values are in
Table 5.9. The selected material was epoxy/HS carbon fibre, which is the one that had
the highest score.

Table 5.9 Weighted mean between M2, M3 and price for the possible materials for the skin.

Material M2 M3
Price

(EUR/kg)
Weighted
mean

PEEK/IM CF, UD prepreg, QI layup 4 4 2 3.6
Epoxy/HS CF, UD prepreg, QI layup 5 3.5 4 4.2

Epoxy/aramid fibre, UD prepreg, QI layup 3.5 2 3 2.8

Weighting factor (0-1) 0.4 0.4 0.2
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5.10.3 Ribs

The material for the ribs was selected from the ones that were already analysed for the
spars and skin panels. For these components, the chosen material was the aluminium alloy
7075-T6.

Aluminium 7075-T6 is composed of zinc and copper, making it one of the highest
strength available aluminium alloys. This alloy is the one predominantly used in aircraft
industry, and it is also used for spacecraft and missiles [83, 84].

Even though it has lower strength values than composite materials, it is a cheaper
option, which still offers low weight. Considering that the ribs will not be as heavily
loaded as the other components, it was decided to opt for this aluminium alloy, rather
than a composite material, so as to save in the total cost of the wing structure. Another
reason why this material was chosen is because using an isotropic material simplifies the
FEA analysis and, hence, the designing process, whose main focus, on this dissertation, is
on the optimisation of the spars and skin.

Although it is recognised that aluminium in contact with the carbon fibres of the
composite skin can induce galvanic corrosion, appropriate measures can be taken nowadays
to avoid this phenomenon, such as protective adhesive bonding to prevent direct contact
between the aluminium and the composite.

5.11 Structural idealization

Structural idealization is the process of analysing complex structural sections by using
simpler models with similar behaviour for different loading conditions. The approximate
location of the shear center of the wing box can be calculated through this method and
it is also a way to obtain acceptable values for a first iteration of the wing components
dimensions, such as areas of the spar caps flanges or the skin thickness. The shear center
location is also very important to know since if forces are applied at that point, no twisting
of the section occurs [7].

The wing section is illustrated in Figure 5.15. It has two spars, represented by straight
vertical lines, and four Z-section stringers. Both the stringers and the spars flanges have
small cross-sectional areas when compared to the entire section. Besides this, the distance
between the stringer centroid and the adjacent skin is minimal. For these reasons, the
variation in stress due to, for example, the bending of the wing is small and it can be
assumed that stress remains constant over the stringer cross-sections. Therefore, the spar
flanges and the stringers can be replaced by concentrations of areas, designated as booms,
at the midline of the skin, which carry all the direct stresses. [7, 85].
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Figure 5.15 Wing section (1 - main spar; 2, 3, 4, 5 - stringers; 6 - rear spar).

The wing section was idealized taking into account the following assumptions [65]:

(a) “The cross-section is symmetrical about a horizontal center plane so that the shear
center will be on this plane;

(b) The structural configuration of the box may be represented by front and rear spar
webs together with top and bottom covers, all of which react only shear loads. It
is assumed that the bending is reacted by discrete flanges on the spars which may
extend across the width of the covers.”

The idealized wing box section is represented in Figure 5.16. Booms 4 and 5 represent
the upper and lower flanges of the front spar caps. Likewise, booms 1 and 8 are the
flanges of the rear spar caps. Finally, booms 2, 3, 6 and 7 correspond to the flanges of the
stringers.

Figure 5.16 Idealized wing box section.

The following rules were then considered for structural idealization [85]:

1. “The longitudinal stiffeners and spar flanges carry only axial stresses;

2. The web, skin and spar webs carry only shear stresses;

3. The axial stress is constant over the cross-section of each longitudinal stiffener;

4. The shear stress is uniform through the thickness of the webs;

5. Transverse frames and ribs are rigid within their own planes and have no rigidity
normal to their plane.”
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The panels illustrated in Figure 5.17 are idealized as booms carrying direct stresses
and the skin carrying only shear stresses [7].

Figure 5.17 Idealization of a panel. Reproduced from [7] with permission.

The direct stress carrying thickness of the skin is given by tD, hence, for the idealized
panel, tD = 0. It is also assumed that the direct stress distribution varies linearly along b,
from the value σ1 to σ2, and that those values remain the same for the idealized panel for
boom 1 and 2, respectively. The direct stress distribution is created by the combination
of bending moment with axial loads and for a symmetrical cross-section it is given by the
following formula [7]:

σz = -Mx

Iyy
y + My

Ixx
x (5.46)

The boom areas, B1 and B2, can then be calculated by taking the moments about the
right-hand edge of the panel [7]:

σ2tD
b2

2 + 1
2(σ1 − σ2)tDb

2
3b = σ1B1b (5.47)

resulting in,

B1 = tDb

6

(
2 + σ2

σ1

)
(5.48)

and
B2 = tDb

6

(
2 + σ1

σ2

)
(5.49)

These expressions above can be generically written as:

Br = B′r + L · t
6

(
2 + σk

σr

)
(5.50)

where,

Br- area of boom r

B′r- area of the flange of boom r

L- length of the section between booms r and k
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t- thickness of the section between booms r and k

σr, σk- direct stresses carried by booms r and k, respectively [7].

This procedure was applied to the wing box of Figure 5.16 in order to calculate the
boom areas and the direct stresses. In the first calculation, the areas of the spars and
stringer flanges were considered. Table 5.10 summarizes the values of the lengths and
centroids x̄i of each section of the box (measured from the leading edge of the airfoil
chord) as well as the initially attributed thicknesses.

Table 5.10 Idealized wing box section - length and thickness values of each section.

Section x

(mm)
y

(mm)
Length b

(mm)
Thickness t

(mm)
Area b · t
(mm2)

1-2 334.96 26.09 78.73 0.5 39.37
2-3 246.12 36.315 100.29 0.5 50.14
3-4 146.12 35.215 100.48 0.5 50.24
4-5 96.12 0 60.64 3 181.92
5-6 146.12 -35.215 100.48 0.5 50.24
6-7 246.12 -36.315 100.29 0.5 50.14
7-8 334.96 -26.09 78.74 0.5 39.37
8-1 373.8 0 39.32 1.5 58.98

The centroid of the section is given by the following equations:

xc =
∑
x̄i ·Ai∑
Ai

(5.51)

yc =
∑
ȳi ·Ai∑
Ai

(5.52)

For the values given by Table 5.10, the centroid cordinates are (x, y) = (202.29; 0.0),
situated at 37.9% of the root chord. The boom areas were then calculated using Equation
(5.50). The normal stresses are given by Equation (5.46), so, for this symmetrical cross-
section, the stress ratios can be simplified to ratios of vertical distances [85]. For example,
boom 4 is shared by sections 3-4 and 4-5, so its area is calculated as follows:

B4 = B′4 + L3−4 · t3−4
6

(
2 + y3

y4

)
+ L4−5 · t4−5

6

(
2 + y5

y4

)
(5.53)

The values of the total areas of each boom are listed in Table 5.11.
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Table 5.11 Boom areas.

Boom r
x′

(mm)
y′

(mm)
X = (x′ − xc)

(mm)
Y = (y − yc)

(mm)
Total Area
(mm2)

1 373.8 19.66 171.51 19.66 33.81
2 296.12 32.52 93.83 32.52 44.11
3 196.12 40.11 -6.17 40.11 46.57
4 96.12 30.32 -106.17 30.32 58.14
5 96.12 -30.32 -10.17 -30.32 58.14
6 196.12 -40.11 -6.17 -40.11 46.57
7 296.12 -32.52 93.83 -32.52 44.11
8 373.8 -19.66 171.51 -19.66 33.81

The bending stresses of the booms were calculated from Equation (5.46). The bending
moment was obtained from the bending moment diagram of the wing - Figure 5.7, Mx ≈
8993 N·m - and since the considered cross-section is symmetric about the horizontal axis,

σz = -Mx

Ixx
· y (5.54)

in which the second moment of area Ixx is obtained from the parallel axis theorem,

Ixx =
∑

x2
r ·Ai (5.55)

Table 5.12 contains the calculated values of the bending stresses for each boom.

Table 5.12 Bending stresses of the booms.

Boom r x (mm) Area (mm2) ∆Ixx (mm4) σz (MPa)
1 171.52 33.81 13066.66 -470.01
2 93.83 44.11 46650.73 -777.45
3 -6.17 46.57 74916.37 -958.90
4 -106.17 58.14 53451.12 -724.85
5 -106.17 58.14 53451.12 724.85
6 -6.17 46.57 74916.37 958.90
7 93.83 44.11 46650.73 777.45
8 171.51 33.81 13066.66 470.01∑

376169.8

The following step was to calculate the shear flow in each section. For a closed section
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beam, the shear flow is calculated using the following formula [7]:

qs = −
(
SxIxx − SyIxy
IxxIyy − I2

xy

)(∫ s

0
tDxds+

n∑
i=1

Brxr

)

−
(
SyIyy − SxIxy
IxxIyy − I2

xy

)(∫ s

0
tDyds+

n∑
i=1

Bryr

)
+ qs,0

(5.56)

This expression can be simplified to:

qsi = qs,0 + qbi
(5.57)

in which,

qbi
- shear flow of open section i

qs,0- residual shear flow due to turning the closed beam into an open beam section

Since the cross-section is symmetrical about the horizontal axis, and tD = 0, the above
equation is reduced to:

qs = − Sy
Ixx

n∑
i=1

Bryr + qs,0 (5.58)

in which Sy is the shear force [7], which was obtained from the wing shear force diagram,
Sy ≈ −6213 N.

For the calculation of the shear flows, the taper of the wing needs to be taken into
account. An idealized section of a tapered beam with several booms r is subjected to
shear loads Sx and Sy, and bending moments Mx and My that generate bending stresses
σz [7]. An axial load Pr acts on the booms and its components x, y and z are given by
the following expressions:

Pz,r = σz,rBr (5.59)

Py,r = Pz,r
δyr
δz

(5.60)

Px,r = Pz,r
δxr
δz

(5.61)

where Br is the cross-sectional area of boom r [7].
Accordingly, the shear force carried by the web is given by

Sy,w = Sy −
m∑
i=1

Pz,r
δyr
δz

(5.62)

and the shear flow is calculated using the following expression,

qs = −Sy,w
Ixx

m∑
i=1

Bryr + qs,0 (5.63)
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The values of the open shear flow qb can be obtained by cutting the beam between
booms 1 and 2. For each skin segment, the shear flow is given by the sum of the shear
flow in the previous segment and the change in shear flow caused by boom r, Equation
(5.64) [7].

∆qb = −Sy,w
Ixx

Bryr (5.64)

Thereby, cutting the section between booms 1 and 2, the resulting shear flows are:

q1−2 = 0 N/mm

qb,23 = − -6213
37619.8 · 44.11 · 32.52 = 21.40 N/mm

qb,34 = 21.40 + 0.0165 · 46.57 · 40.11 = 49.27 N/mm

qb,45 = 49.27 + 0.0165 · 58.14 · 30.32 = 75.57 N/mm

qb,56 = 75.57 + 0.0165 · 58.14 · -30.32 = 49.27 N/mm

qb,67 = 49.27 + 0.0165 · 46.57 · -40.11 = 21.40 N/mm

qb,78 = 21.40 + 0.0165 · 44.11 · -32.52 = 0 N/mm

qb,81 = 0.0165 · 33.81 · -19.66 = -9.92 N/mm

(5.65)

Afterwards, in order to calculate the residual shear flow and considering that the
position of the shear center is unknown, it is necessary to use the condition that states
that a “shear load acting through the shear center of a section produces zero twist” [7].
Consequently,

θ =
∑ qs∆s

2AGREF t
= 0 (5.66)

in which ∆s is the length of each skin segment and A is the enclosed area of the wing
box. Assuming that the value of GREF is equal for all the segments, it can be taken out
of the sum, as well as 2A. Then, knowing that the total shear flow is the sum of the
components of the open shear flow qb and that the residual shear flow qs,0 is constant for
all the segments, Equation (5.66) becomes:

qs,0
∑ ∆s

t
+
∑

qb
∆s
t

= 0 (5.67)

The values of qb, t and ∆s for each skin segment are summarized in Table 5.13. Using
those values, the calculated residual shear flow is

qs,0 · 1164.44 + 34163.23 = 0

∴ qs,0 = -25.47 N/mm
(5.68)

Subsequently, using Equation (5.57) it is possible to obtain the total shear flow for
each segment of skin. The values are presented as well in Table 5.13.
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Table 5.13 Total shear flow for each skin segment.

Section ∆s
(mm)

t
(mm)

∆s
t

qb
(N/mm)

qb
∆s
t

(N/mm)
qs

(N/mm)
1-2 78.74 0.5 157.47 0 0 -24.16
2-3 100.29 0.5 200.58 21.40 4292.70 -2.76
3-4 100.48 0.5 200.95 51.41 9900.62 25.11
4-5 60.64 3 20.21 75.57 1527.49 51.41
5-6 100.48 0.5 200.95 51.41 9900.62 25.11
6-7 100.29 0.5 200.58 21.40 4292.70 -2.76
7-8 78.74 0.5 157.47 0 0 -24.16
8-1 39.32 1.5 26.21 -9.92 -259.93 -34.08∑

1164.44
∑

29654.21

Finally, the position of the shear center is calculated using the moment equation.
However, since the beam is tapered, the components of the axial loads acting on the booms,
Px,r and Py,r have to be included in the moment equation. Equation (2.23) becomes:

Sxη0 − Syξ0 =
∮
qbpds+ 2Aqs,0 −

m∑
r=1

Px,rηr +
m∑
r=1

Py,rξr (5.69)

Substituting the calculated values in the equation above, the obtained shear center is
positioned at 35.2% of the chord. This value will suffer subsequent changes as the flange
areas of each boom are altered. Besides this, it must be taken into account that this value
is only an estimate of the shear center position, since many simplifications were applied
to the actual geometry of the wing box. The script with the calculations used for the
structural idealization is presented in Appendix G.1.

5.11.1 Skin panels

The skin panels of the wing are components that require high bending-stiffness to weight
ratios [86]. Therefore, the best solution for this case is using a sandwich structure.

Although the material for the skin had initially been set to be an unidirectional prepreg,
this decision was altered in this phase. Instead, an epoxy carbon woven prepreg will be
used. This is a more realistic choice considering that carbon sandwich plates with woven
prepregs are more easily available than UD prepregs. The downside of this choice is that
woven prepregs present lower strength values.

The prepreg considered was the T300 carbon woven prepreg from Toray Advanced
Composites. Its properties are available in Ansys GRANTA Selector and the key parame-
ters are listed in Table 5.14. Considering that the skin panels carry, predominantly, shear
loads, as well as some normal loads, the selected stacking sequence for each facesheet was
(45◦/0◦/45◦), with a woven ply thickness of 0.13 mm. The total thickness without the
core is 0.78 mm.
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Different sandwich structures will later be modelled and analysed, so as to decide which
core is the better option for the skin of the wing.

Table 5.14 Parameters of epoxy/T300 carbon woven prepreg concerning orthotropic elasticity
[87].

Elastic constants Physical Parameters Values

E1 (GPa) Young’s modulus X-direction 61.34
E2 (GPa) Young’s modulus Y-direction 61.34
E3 (GPa) Young’s modulus Z-direction 6.9

ν12 Poisson’s ratio XY 0.04
ν23 Poisson’s ratio YZ 0.3
ν13 Poisson’s ratio XZ 0.3

G12 (GPa) Shear modulus XY 19.5
G23 (GPa) Shear modulus YZ 2.7
G13 (GPa) Shear modulus XZ 2.7

5.11.2 Flange areas

The flange areas of each boom, which were not considered in the structural idealization
section, will be defined in this section. Booms 4 and 5 correspond to the front spar flanges,
booms 1 and 8 to the flanges of the rear spar and booms 2, 3, 6 and 7 to the stringers.
Their material was chosen to be epoxy/HS carbon fibre.

The maximum stress criterion is a commonly used failure criterion to predict failure
of composite materials because it is a simple and quick way to obtain a first estimate [88].
This criterion was used in order to obtain a first and rough estimate of the area needed
for the spar caps flanges and for the stringers. A quasi-isotropic laminate was considered
for these calculations. Then, since Ansys offers the possibility of predicting failure of the
composite materials with other criteria, such as Tsai-Wu, and also provides the values of
stress in each direction, the initially chosen laminates will be optimized according to the
results obtained in the FEA.

For the calculations using the maximum stress criterion, it was considered that direc-
tion 1 is in the direction of the z axis. This way, the stresses in that direction are the
bending stresses calculated earlier, which are given in Table 5.12. The compressive and
tensile strengths along the fibre direction are given by σ1c and σ1t, respectively. For the
chosen material and layup, the values were obtained from CES Edupack, hence, σ1c = 600
MPa and σ1t = 670 MPa. To prevent failure, the materials have to obey the following
conditions [88]:

σ1 · SF ≤ σ1t, forσ1 ≥ 0 (5.70)

|σ1| · SF ≤ σ1c, forσ1 < 0 (5.71)
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The bending stresses that were calculated earlier are dependent on the second moment
of area, which, in turn, depends on the thickness of each section of the wing box. Therefore,
since the thickness of the skin was initially established to be t = 0.5 mm and later altered
to t = 0.78 mm, the bending stresses have to be recalculated. The new calculated values
are given in the table below.

Table 5.15 Recalculated bending stresses for skin thickness t = 0.78 mm.

Boom r x (mm) Area (mm2) ∆Ixx (mm4) σz (MPa)
1 171.52 47.23 18256.30 -320.67
2 93.83 68.81 72775.15 -530,43
3 -6.17 72.64 116869.50 -654.23
4 -106.17 73.72 67774.72 -494.54
5 -106.17 73.72 67774.72 494.54
6 -6.17 72.64 116869.50 654.23
7 93.83 68.81 72775.15 530.43
8 171.51 47.23 18256.30 320.67∑

551351.40

The upper caps of the spars are under compression and the lower caps are subjected to
tension. Consequently, and despite the calculated bending stresses being symmetrical, the
safety factors will be different for the lower and upper flanges. Using Equation (5.70), the
safety factor for the lower cap is obtained. Meanwhile, Equation (5.71) gives the safety
factor for the upper cap.

The caps from the main spar, corresponding to booms 4 (upper) and 5 (lower), were
calculated first. Two cases were considered: in the first one, the other flange areas were
not taken into account, hence, being a more conservative approach; and in the second case,
all the other booms were assigned an area of 10 mm2. The latter resulted in lower bending
stresses for booms 4 and 5, which should be more accurate. The values of the areas of
booms 4 and 5 were subsequently modified, and for each area the bending stresses were
calculated and so were the corresponding safety factors. The safety factors are presented
in graphical form, for each case, in Figures 5.18 and 5.19. The first figure is related to the
lower cap, and the second to the upper cap.

As expected, the safety factors are bigger for the second case, due to the lower bending
stresses. Aside from this, the safety factor for the upper cap presents lower values, which
is due to the compressive strength being smaller than the tensile strength.
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Figure 5.18 Safety factor for the lower cap of the main spar.

Figure 5.19 Safety factor for the upper cap of the main spar.

The minimum safety factor was established to be 1.5. The minimum areas required
to achieve this value are presented in Table 5.16 for each of the cases. The upper cap
requires a larger area, as expected. Since the areas should be the same, the minimum area
for the caps would be 75 mm2 and 40 mm2 for cases 1 and 2, respectively. However, once
the areas of the other booms are taken into account, the final area of the main spar caps
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will be modified. This is already proven by comparing case 1 with case 2, in which there
is a decrease of 35 mm2 in the minimum area required.

Table 5.16 Minimum areas required for the upper and lower caps of the main spar.

Case Minimum Area (mm2) Safety factor

Upper cap
1 75 1.52
2 40 1.51

Lower cap
1 35 1.51
2 0 1.50

The same procedure was applied to the rear spar. Since it was already demonstrated
that the upper cap is the most critical, and the upper and lower cap areas will be kept
equal, the safety factor is going to be calculated considering only the compressive strength.
Using the bending stress value of Table 5.15, |σz|=320.67 MPa, the resulting safety factor
is

SF = 600
320.67 = 1.87 (5.72)

The safety factor is already above 1.5. Therefore, the area will be decided according
to how it affects the bending stresses at the other booms.

Regarding booms 2 and 3, which correspond to the stringers, the two different cases
were also considered: one (case 1) where the other flange areas were not taken into account,
and the other (case 2) in which the flange areas were assigned an area of 10 mm2. The
obtained safety factors are given in Figure 5.20.

Figure 5.20 Safety factor of the stringers.



100 Preliminary Design

The areas needed for each boom (2 and 3) are summarized in Table 5.17. The areas
for booms 2 and 3 are larger than the ones needed for booms 1 and 4. That is because
the bending stresses are higher in those regions. However, increasing the area of the rear
and main spar flanges can considerably diminish those stresses.

Table 5.17 Minimum areas required for booms 2 and 3.

Case Minimum Area (mm2) Safety factor

Boom 2
1 85 1.50
2 60 1.51

Boom 3
1 110 1.51
2 95 1.50

Finally, the areas that were chosen for each boom are listed in Table 5.18, as well as
the resulting bending stresses and safety factors.

Table 5.18 Flange areas and their respective bending stresses and safety factors.

Boom Area (mm2) Stress (MPa) SF

1 15 194 3.1
2 10 321 1.9
3 50 396 1.5
4 90 299 2.0

5.12 Ribs

Some of the main functions of the ribs consist of collecting the loads from the skins and
the vertical shear load differences between the spars. When the shear loads are high, the
main body of the rib (shear panel) may suffer buckling. The rib also has to resist rib
crushing due to the flexural bending of the wing [89].

The spacing of the ribs, and consequently the number, was already decided in Chapter
4. It was then necessary to choose an appropriate thickness and a buckling analysis was
done for that purpose.

The rib has a complex geometry, so, in order to simplify, it was treated as a simply
supported rectangular plate, such as the one represented in Figure 5.21. The dimensions
b and a are the length of the chord at the root and the maximum thickness of the air-
foil, respectively. The maximum thickness of NACA 6412 is equal to 12% of the chord.
Therefore,

b = 0.534 m a = 0.12 · 0.534 = 0.06408 m
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For a thin plate, buckling can occur if compressive loads are applied to two opposite
edges while the others are free. The behaviour for this situation is similar to that of a
pin-ended column and, for that reason, the critical load can be approximated by using the
Euler theory. In this situation, if the critical load is reached, the plate will not be able to
withstand any more loads. However, if the unloaded edges of the plate are not free, the
loaded edges will remain straight, while a bulging displacement occurs at the centre of the
plate. This allows the plate to resist higher loads [7].

Figure 5.21 Simply supported plate subjected to compressive loads. Reproduced from [7]
with permission.

For the simply supported plate, the critical buckling load is given by:

Nx,cr = π2a2D
1
m2

(
m2

a2 + n2

b2

)2
(5.73)

in whichm and n represent the number of half-waves in the x and y directions, respectively,
and D is the flexural rigidity. Different combinations of m and n will give different critical
loads, but the one that is of interest is the lowest. Looking at the equation above, it is
possible to conclude that the minimum value is obtained when n = 1. This means that,
independently of the values a, b and m, the plate will buckle into a half sine wave in the
y direction [7]. Equation (5.73) can then be rewritten :

Nx,cr = kπ2D

b2
(5.74)

where k is the plate buckling coefficient, which is obtained by the minimum value of

k =
(
mb

a
+ a

mb

)2
(5.75)

for a certain value of a/b [7].

The minimum value of k can be obtained from Figure 5.22. This figure shows that the
the value of k will be different depending on the ratio a/b and on the mode m. Looking
at the m = 1 curve, the value of k tends to infinite when a/b → 0. Since for the rib, the
ratio a/b is a low value (a/b = 0.12), it is possible to conclude that the minimum value of
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k is obtained when m = 1. Substituting the known values in Equation (5.75), the value
of k is obtained: k = 71.5.

Figure 5.22 Values of the buckling coefficient k for different modes m and values of the ratio
a/b, for simply supported plates. Reproduced from [7] with permission.

The flexural rigidity also needs to be calculated before obtaining the critical load. It
is given by:

D = Et3

12(1− ν2) (5.76)

in which E is the Young’s modulus, t is the thickness of the plate and ν is the Poisson’s
ratio [7]. The values of E and ν were obtained from GRANTA EduPack. For aluminium
7075 T6, E = 69 GPa and ν = 0.32.

The critical buckling load was calculated for different thicknesses and compared to the
load that is being applied on the edges. The value of the load being applied on the edges
was considered to be equal to the shear force obtained in the bending moment diagram,
divided by the length of the chord at the root, Nx = 6213/0.534 = 11, 635 N/m. Finally,
the safety factor SF = Nx,cr/Nx was plotted and an appropriate thickness was selected,
considering that SF should be greater than 1.5. The obtained safety factors are presented
in Figure 5.23.

For thickness t = 1 mm, the critical load is 16,647 N/m and the safety factor is 1.4.
Since the minimum safety factor was established to be 1.5, a bigger thickness is needed.
For t = 2 mm the critical load is 133,179 N/m and the safety factor is 11.4, which satisfies
the requirements by a good margin. On that account, this value was chosen.
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Figure 5.23 Safety factor of the rib located at the root.

5.13 Skin panel analysis

A study was conducted to determine what should be the appropriate thickness and mate-
rial for the core of the skin. For this purpose, a rectangular plate was modelled in Ansys,
and the behaviour of that plate with different core materials was analysed and compared.
The parameters that were examined were the analytical buckling eigenvalues for the thick-
ness and the inverse reverse factor obtained from the Composite Failure Tool available in
Ansys. This study also served as an introduction to Ansys Composite PrePost, which
helped understanding its features and also how structures made of composite materials
can intuitively be defined through this tool.

It is known that the upper skin of the wing is subjected to compression and the
lower skin to tension, due to the load caused by lift. Consequently buckling occurs,
which leads to the formation of wrinkles on the skin. One way to avoid buckling is to
add longitudinal stiffeners, which helps increase the buckling strength. Therefore, only
the skin panels between each stiffener were considered. As mentioned earlier, a way to
increase the buckling of the skin, without adding too much weight, is the use of sandwich
structures, which justifies the interest in this analysis.

Before deciding what the composition of the sandwich structure should be, the skin
panel was analysed without the addition of a core. This way it is easier to understand how
adding a core influences the resistance to buckling. In this case, the stacking sequence is
[(45,0,45)]s. The dimensions of the panel are illustrated in Figure 5.24. The longitudinal
direction is the predetermined distance between ribs (300 mm) and the transverse direction
is the distance between boom 4 and boom 3, thereby representing the skin panel between
the main spar and the adjacent stringer. For the analysis, a compressive load (will be
designated as Nx) on the longitudinal direction had to be applied. Since, in the structural
idealization, the skin was considered to carry only shear stresses, the value of Nx is yet
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unknown. It was then decided to use Nx = 100 N·m−1, which is a rough estimate of the
actual value.

Figure 5.24 Dimensions of the skin panel.

A sketch with these dimensions was created in SolidWorks and converted to a surface,
using the Planar Surface tool. Then, in Ansys Workbench, the ACP Pre analysis system
was selected. The first step was to edit Engineering Data, which is the tool where the
materials are added. For this case, it was only necessary to add Epoxy Carbon Woven
(230 GPa) Prepreg, whose properties were already listed in Table 5.14. This material was
already available in the Engineering Data Sources in the Composite Materials section.

After selecting the material, the CAD model was imported in Geometry. Then, in the
Model section, the surface was edited - a thickness and a material had to be assigned to it.
Since the actual thickness and material of the panel had to be edited in ACP, it was only
necessary to define a 1 mm thickness and leave the default material (Structural Steel).
Then, the mesh was generated. The mesh was created with an element size of 1 mm, with
quadrilateral elements. This allowed the element quality1 to range from 0.99878 to 1, as
seen in Figure 5.25. The shell elements that were used were Shell 281 which has eight
nodes and six degrees of freedom: translations in the x, y and z directions and rotations
about x, y and z-axes (UX, UY, UZ, RX, RY and RZ, respectively). This type of shell is
suitable for composite shells and sandwich constructions and its accuracy is dictated by
the first-order shear-deformation theory [91].

Figure 5.25 Element quality of the mesh generated for the skin panel.

1“The Element Quality option provides a composite quality metric that ranges between 0 and 1. This
metric is based on the ratio of the volume to the edge length for a given element. A value of 1 indicates a
perfect cube or square while a value of 0 indicates that the element has a zero or negative volume [90].”
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After defining the mesh, the ACP setup was opened. The setup is shown in Figure
5.26. On the Fabrics option from the Material Data branch, the option "Create fabric"
was selected. In this option, the material and thickness of the plies were defined as Epoxy
Carbon Woven and 0.13 mm, respectively. After this step, a Stackup is created. In the
stacking sequence, the desired number of plies have to be added and the respective angles
defined. Since the stacking sequence is symmetric, it was only necessary to select the
option "Even symmetry". These steps are shown in Figure 5.27.

Figure 5.26 Ansys Composite PrePost setup.

(a) Fabric Properties (b) Stackup Properties

Figure 5.27 Material setup in ACP.
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In the Stackup Properties, if the option "Analysis" is selected, it is possible to obtain
the polar properties (E1, E2 and G12) and the laminate stiffness and compliance matrices.
The laminate stiffness matrix is an 8×8 matrix that contains the A, B and D matrices
(6×6), as well as the shear matrix C (2×2). The polar properties are illustrated in Figure
5.28 and so is the stacking sequence with the respective angles and thicknesses of the plies
indicated.

Figure 5.28 Stacking sequence and polar properties (Pa) of the laminate.

The next step was to create a rosette. A rosette is the coordinate system that defines
the reference direction of Oriented Selection Set [92]. In this tool, the directions of the
fibre can be defined, with direction 1 corresponding to the fibres direction (0◦) and direc-
tion 2 to the transverse direction. In this case, it was not necessary to alter the predefined
directions, which are visible in Figure 5.29(a), since the longitudinal and transverse direc-
tions correspond to the x and y axis, respectively. Following this, an Oriented Selection
Set was created, in which the stacking direction was defined. The selected properties for
the Oriented Selection Set are shown in Figure 5.29(b).
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(a) Rosette Properties (b) Oriented Selection Set
Properties

Figure 5.29 Selected options in Rosette and Oriented Selection Set.

Finally, the laminate is assigned to the surface in Modelling Groups. The options
"Create Modelling Group" and "Create ply" were successively selected. For "Create ply",
the options that were selected can be seen in Figure 5.30. It is important to note that in
Ply Material, the Stackup that was created has to be selected and not the fabric. After
this step, the ACP setup is complete and it is possible to procede to the Static Structural
analysis. ACP is connected to Static Structural through the model branch, and the option
"Transfer shell composite data" must be selected for this case.

Figure 5.30 Modelling ply properties.
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In Static Structural, the boundary conditions were defined. For a simply supported
plate, the displacement must be fixed in the z direction for all edges (UZ=0). To prevent
displacement in the x and y directions, additional boundary conditions must be added. For
the edges in the x direction, ROTX=0, and for the edges in the y direction, ROTY=0.
Then, to avoid rigid body motion in the x − y plane, additional constraints had to be
considered. These included restraining one point in the x and y direction (UX=0 and
UY=0), and another in the y direction (UY=0). Finally, two line pressures were applied
on both edges in the x direction, which represent the compressive load being applied on
the skin panel [93], which is Nx = 100 N/m. All the boundary conditions that were applied
are shown in Figure 5.31.

It is also important to mention that symmetry was not considered because, in the
buckling analysis, only symmetric modes would be calculated for this situation. Therefore,
by applying symmetry some of the modes could be missed. It is then advisable to use the
full plate [93].

The Eigenvalue Buckling analysis system, available in the toolbox, was added to the
workbench and connected to Model and Results from Static Structural. Then, in Analysis
Settings, the option "Max modes to find" was set to 10.

Figure 5.31 Boundary conditions of the simply supported laminated plate.

Following this, the simulation was run and the outputs were the total deformation,
Composite Failure Tool and the first ten buckling modes. For the Composite Failure Tool,
the failure criteria that were selected were Maximum stress, Tsai-Hill and Tsai-Wu. The
Puck criterion could not be selected for the woven fabric, since the required constants were
not available. The results obtained for the deformation and for the Composite Failure Tool
will be shown and discussed later. Regarding the buckling analysis, the results for the first
five modes are shown in Figure 5.32.
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(a) First mode (n=1; m=3) (b) Second mode (n=1; m=4)

(c) Third mode (n=1; m=2) (d) Fourth mode (n=1; m=5)

(e) Fifth mode (n=1; m=6) (f) Sixth mode (n=1; m=7)

Figure 5.32 First four buckling modes for the laminated composite plate.

In order to verify these model settings, they were compared to the analytical solution.
For a laminated composite plate with all edges simply supported, the critical buckling
load is given by:

Nx,cr = −π
2a2

m2

[
D11

(
m2

a

)4
+ (D12 + 2D66)

(m
a

)2 (n
b

)2
+D22

(n
b

)4
]

(5.77)

in which a and b are the lengths of the edges in the x and y directions, respectively, and
D is the flexural stiffness. Therefore, a = 0.300 m and b = 0.100 m and the aspect ratio
is a/b = 3. From the expression above, it also known that the critical buckling load is for
n = 1. The values of the matrix D were obtained from ACP:

D11 = 1.662 N ·m D22 = 1.662 N ·m

D66 = 0.864 N ·m D12 = 0.898 N ·m

The analytical and numerical values for consecutive values of m, and the respective
relative error, are presented in Table 5.19.
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Table 5.19 Comparison between the analytical and numerical values obtained in the buckling
analysis for the laminated composite plate.

m Analytical value Numerical value Relative Error (%)
1 0.201994 0.20176 0.12
2 0.096712 0.096537 0.18
3 0.085318 0.085096 0.26
4 0.090901 0.090576 0.36
5 0.103986 0.1035 0.47
6 0.122235 0.1215 0.61
7 0.144846 0.14376 0.75
8 0.171486 0.1699 0.92
9 0.201994 0.19975 1.11
10 0.236285 0.23317 1.32

The analytical solution is very similar to the numerical results, which validates the
mesh and boundary conditions that were used. However, it can be noted that the accuracy
decreases with the increase of m. Regarding the buckling modes, the critical mode is for
m = 3, which was expected since that the aspect ratio is also 3.

A modal analysis was also performed, using the Modal analysis system from the Work-
bench toolbox. For a simply supported laminated plate, the natural frequencies are given
by:

ωmn = π2

ρh

[
D11

(m
a

)4
+ 2(D12 + 2D66)

(m
a

)2 (n
b

)2
+D22

(n
b

)4
] 1

2
(5.78)

where ρ is the density, h is the total thickness of the plate and ω is the natural frequency.
The total thickness is h = 0.78 mm and the density (according to the data available in
Engineering Data) is ρ = 1420 kg·m−3. The numerical and analytical values are listed in
Table 5.20, as well as the relative error. The first six modes obtained in Ansys are also
represented in Figure 5.33.

Table 5.20 Comparison between the analytical and numerical values obtained in the modal
analysis for the laminated composite plate.

n m Analytical value (Hz) Numerical value (Hz) Relative Error (%)
1 1 225.07 224.92 0.07
1 2 311.48 311.13 0.11
1 3 438.83 438.22 0.14
1 4 603.95 602.46 0.25
1 5 807.45 799.87 0.94
2 1 803.54 805.41 0.23
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(a) n=1, m=1 (b) n=1, m=2

(c) n=1, m=3 (d) n=1, m=4

(e) n=2, m=1 (f) n=1, m=5

Figure 5.33 First six vibration modes for the laminated composite plate.

Just like the buckling analysis, the results for the modal analysis were also very con-
sistent with the analytical solution.

From the results obtained, it can easily be concluded that the critical buckling load for
the laminate, Nx,cr=8532 N·m−1 is greatly below the applied load Nx = 100000 N·m−1,
which leads to buckling failure. Adding a core can prevent this situation, without increas-
ing too much weight, since adding a distance between the two facesheets increases the
flexural stiffness of the laminate.

In order to understand how adding a core could increase the buckling resistance, the
eigenvalues from Equation (3.30) were calculated using one of the core materials available
in the Engineering Data of Ansys Workbench. The selected core was PVC 80, which is an
isotropic material. Its density as well as its elastic properties are listed in Table 5.21.

Table 5.21 Material properties (density and isotropic elasticity) - PVC foam

PVC Foam (80 kg/m3)
Density (kg/m3) 80
Young’s modulus (GPa) 0.102
Poisson’s ratio 0.3
Bulk modulus (GPa) 0.085
Shear modulus (GPa) 0.039231

Afterwards, in ACP, using the option Fabrics, the core material was selected and the
desired thickness was assigned. Following this, the option Sub Laminate was selected and
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the sandwich plate was built. This is a quick tool to obtain the laminate stiffness matrices
of the sandwich structure, as well the weight/area. The selected options are shown in
Figure 5.34.

Figure 5.34 Sub Laminate Properties.

After this, the stiffness matrix was obtained and using Equation (3.30) the eigenvalues
for the sandwich structure were obtained. This procedure was done for three different core
thicknesses, ranging from 1 to 3 mm. The obtained results, as well as the values of the
flexural and shear stiffnesses are presented in Table 5.22.

Table 5.22 Critical buckling eigenvalues for the PVC 80 sandwich structure for different
thicknesses.

Thickness (m) 0.001 0.002 0.003

D11 (N·m) 16.94 49.42 99.16
D22 (N·m) 16.94 49.42 99.16
D66 (N·m) 8.11 23.43 46.89
D12 (N·m) 7.78 2.48 44.98
S̄11 (N·m−1) 2145231 2184462 2223692
S̄22 (N·m−1) 2145231 2184462 2223692
λ13 0.807 2.334 4.655
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Looking at the results, it becomes very obvious that by increasing the thickness of the
core, the flexural stiffness also increases and so does the buckling resistance, as desired.
Besides this, in Figures 5.27(b) and 5.34, it is possible to see the weight/area. Without
the core, the weight is 1.1076 kg·m−2. Adding a core with a thickness of 3 mm, the
weight/area becomes 1.3476 kg·m−2. Once again, this proves that sandwich structures are
a great way to increase stiffness without adding too much weight.

Regarding the obtained critical buckling eigenvalue, it must be noted that i = 1 and
j = 3 correspond to n = 1 and m = 3. It can be concluded from looking at the results
that having a thickness of 1 mm is not enough. Despite 2 mm being enough to make the
buckling eigenvalue greater than 1, it was decide to opt for the 3 mm thickness, which
gives a bigger margin of safety and it is also easier to find suppliers that would offer cores
with such thickness.

After choosing the thickness, different core materials were compared in terms of defor-
mation and inverse reverse factor. Three types of honeycombs were analysed. The first
one is the one that is available in Ansys Workbench Engineering Data. Its properties are
shown in Figure 5.35.

Figure 5.35 Material properties (density and orthotropic elasticity) - Honeycomb (available
in Ansys Workbench Engineering Data).

The other two types of honeycomb that were analysed were aluminium honeycomb
and Nomex® honeycomb. Since these materials are not available in GRANTA, their
properties had to be obtained from the suppliers’ catalogues. The cores were selected
from Toray Advanced Composites, which offers a great variety of honeycomb cores. It is
possible to choose either from the commercial grade or from the aerospace grade. The
advantage of the aerospace grade is that, despite being more expensive, the available cores
have great strength at smaller thicknesses and densities. After searching the catalogues
of the available products of both the aerospace and commercial grade, the chosen cores
were ANA-3.2-64 and AAA-4.5-1/8-10N-5052. ANA-3.2-64 is a Nomex® honeycomb with
a density of 64 kg·m−3 and AAA-4.5-1/8-10N-5052 is an aluminium honeycomb with a
density of 72.1 kg·m−3. The product sheets, which include the mechanical properties,
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product description and other relevant details, are given in Appendix H. These materials
were selected due to their good strength values and density.

The compression modulus and the plate shear modulus in the longitudinal (L) and
transverse (W) directions were pointed at in Figure 5.35. This is to help identify where
the properties that are given in the Honeycomb catalogues should be filled. The other
properties are not available in the catalogue so they had to be deduced. It is known
that the results are mainly influenced by the properties given in the catalogue, while the
other properties have very small influence. Therefore the Young’s modulus in the x and
y directions were considered to be 1% of the Young’s modulus in the z direction. As for
the shear modulus xy, it was considered to be 1% of the average of the shear modulus yz
and shear modulus xz. The Poisson’s ratio was left as zero [94]. It was also necessary to
define the ply type as "Honeycomb core".

After concluding the definition of the materials, the different sandwich structures were
created in ACP following the process that was already described above, and later modelled
in Static Structural. The results obtained for the total deformation of the panels subjected
to uniaxial compressive load are shown in Figure 5.36 and its values are listed in Table
5.23. The weight/area was also included. The results include all the cores that were
selected for the analysis, as well as the laminated plate without a core.

(a) No core (b) PVC 80

(c) Honeycomb (Engineering Data) (d) Honeycomb (Nomex®)

(e) Honeycomb (Aluminium)

Figure 5.36 Results for Total deformation (in mm) of each panel subjected to uniaxial
compressive load.
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Table 5.23 Weight/area and maximum total deformation of each panel.

Core Weight/area (kg·m2) Deformation (mm)

No core 1.1076 4.4692
PVC80 1.3476 0.6497

Honeycomb (Engineering Data) 1.3476 0.68141
Honeycomb (Aluminium) 1.324 0.62098
Honeycomb (Nomex®) 1.300 0.68142

Adding a core greatly reduced the deformation of the plate. In terms of deformation,
aluminium honeycomb has the lowest value, while the honeycomb from the Engineer-
ing Data Sources has the worst. It is also interesting to note that Nomex® has similar
deformation to that honeycomb, despite having lower density.

Finally, the results for the inverse reverse factor (IRF) are given in Figure 5.37 and
Table 5.24. If for a given criterion IRF<1, the composite is considered to be safe, according
to that criterion.

(a) No core (b) PVC 80

(c) Honeycomb (Engineering Data) (d) Honeycomb (Nomex®)

(e) Honeycomb (Aluminium)

Figure 5.37 Inverse reverse factors obtained for each skin panel.
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Table 5.24 Results from Composite Failure Tool - inverse reverse factor.

Ply criteria Sandwich criteria

Core Maximum
stress

Tsai-Wu Tsai-Hill
Facesheet
wrinkling

Core
failure

Shear
crimping

No core 1.726 2.211 2.657 - - -
PVC80 0.988 1.041 1.162 1.156 0.790 0.851

Honeycomb
(Eng. Data)

0.994 1.048 1.168 0.810 0.854 0.477

Honeycomb
(Aluminium)

0.995 1.050 1.154 0.233 1.807 0.0701

Honeycomb
(Nomex®)

0.994 1.048 1.169 0.939 0.992 0.530

Analysing the results, it is to possible to conclude that adding a core greatly reduced
the risk of failure predicted by the ply criteria. However, the values given by Tsai-Wu and
Tsai-Hill still predict failure by a low margin. Regarding the sandwich criteria, PVC80 is
the one that presents the worst results for facesheet wrinkling, which makes sense since
its shear modulus and Young’s modulus are inferior when compared to the other cores.
Aluminium honeycomb has good results, except for core failure. In overall terms, Nomex®
honeycomb has the best performance, which can be improved by increasing the thickness
of the core. However, since the load that was used (100 N/m) is a rough estimate of the
actual value, the thickness will be maintained at 3 mm in the first FEA of the wing and
later increased, if required.
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Chapter 6

Design Supported by FEA

In this chapter, a CAD model was created with the dimensions that were established in
the previous chapter. The CAD model was created in SolidWorks and later imported to
Ansys. The entire process of the Static Structural analysis of the wing will be explained in
this chapter, namely the elements that were used, the definitions of the mesh, the contacts,
the boundary conditions that were applied and the loads. Regarding the loads that were
applied, a computational fluid dynamics analysis was performed in order to generate the
pressure acting on the wing. This pressure was imported to the Static Structural analysis
and it was used to obtain the stresses and displacement fields of the wing. Finally, the
laminates that were used on the skin and spars were explored in more detail, using the
Composite Failure Tool, and the laminate of the spar was subsequently altered, according
to the results provided by this resource.

6.1 CAD Model

The first step was to create the skin of the wing. The curves of the airfoil at the root
and tip were inserted and using the tool Boundary Boss/Base, a solid body was created
forming the shape of the wing. Then, two sketches were drawn, one at the root plane,
and the other at the tip plane. Each of the curves of the airfoil were selected in the Offset
tool with a distance of 3.78 mm, which corresponds to the thickness of the skin. The two
sketches were then selected in the Boundary Cut tool and the solid body was cut, thereby
forming the skin body with the desired thickness. The skin model is represented in Figure
6.1.
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Figure 6.1 Skin of the wing - solid body.

The spars and stringers were also created using the Boundary Boss/Base tool. For the
main spar, an I-profile was drawn and for the rear spar, a C-profile was used. The dimen-
sions used were based on the flange areas that were defined in the structural idealization.
The rear spar should be a C-profile, so it is possible to attach the trailing edge devices.
For the stringers, a Z-profile was used. Since standard dimensions were not found for this
type of profile, they were also drawn based on the dimensions established previously. The
solid bodies of these components are shown in Figure 6.2.

Figure 6.2 Spars and stringers of the wing - solid bodies.

For the ribs, a solid body was created using Boundary Boss/Base, and then, using
Cut extrude, the body was cut so as to form the ribs with the desired thickness. At 1 m,
which is where the hinge of the wing is intended to be, a rib was placed there with double
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thickness (4 mm), which would correspond to the two ribs located there. Then, a closing
rib was added at the end of the fuel tank (750 mm measured from the root). A fake rib
was also added at the location where the aileron should end (which is about 2 m, measured
from the root), so as to close the surface. The rib at the kink was not considered for FEA
purposes. The geometry of the ribs is visible in Figure 6.3

Figure 6.3 Ribs - solid bodies.

After creating all the components of the wing, part of the trailing edge of the wing
was removed, using Cut Extrude, as shown in Figure 6.4. This part that was removed
corresponds to the location of the flap and aileron, which will not be considered in the
Finite Element Analysis. A 500 mm extension of the spars at the root was also modelled,
so as to represent the connection to the fuselage. The fuselage was considered to have a 1
m diameter, hence the 500 mm.

Figure 6.4 Wing model - solid bodies.

Finally, a cut was created in the surface of the skin. This cut is intended to represent
the location where the beam of the rotors will be placed. The cut is shown in the following
figure.
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Figure 6.5 Detail of the surface of the skin where the beam of the rotors will be located.

The wing was then converted from solid bodies to shells, to later use in the Finite
Element Analysis. The tools Surface Loft, MidSurface, Surface Trim and Surface Offset
were used for this purpose. The final model is in Figure 6.6.

Figure 6.6 Model of the wing structure using shells.
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6.2 Computational Fluids Dynamics

For this analysis, the first step was to create the geometric model of the airfoil section.
To create this model, a solid body was first generated using the curves of the airfoil at the
root and tip, just like it was done previously for the model of the structure of the wing.
Then, using this body, a box was created. This box represents the boundary layer for the
wing. This boundary layer is the thin layer of air that flows over the surface of the wing.
The vertical side closer to the airfoil leading edge is the inlet and the furthest side is the
outlet.

The assigned dimensions for the box were the following: the inlet is distanced 5 times
the chord (2670 mm) and the outlet 10 times the chord (5340 mm) from the leading edge;
the height of the box is 4 times the chord; and the length of the box is 2-3 times the
span. These dimensions were selected in order to guarantee that having a box around
the wing would not alter the results. For example, if the outlet boundary is too close to
the solid obstacle, then it is possible that the flow will not have reached a fully developed
state leading to unreasonable values. The outlet should then be located at a distance far
enough so that there are no changes occurring in the flow direction [95]. The values that
were considered for the distances are reference values. After creating the box, the airfoil
section was removed using Cut Extrude. The final boundary layer is shown in Figure 6.7.

Figure 6.7 Boundary layer and respective dimensions (in mm).

Once the box was created, the model was imported (as an IGS file) in Ansys workbench.
The component system that was used for this analysis was Fluid Flow (CFX). After
importing the geometry, several named selections were created. Named selection is an
important tool that is used when applying boundary conditions, mesh sizing and loads,
for example. All the named selections that were created are in Figure 6.8.
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(a) Airfoil (b) Trailing edge

(c) Inlet (d) Outlet

(e) Symmetry (f) Walls

(g) Wing

Figure 6.8 Named selections created for CFX analysis.

After creating the named selections, a mesh was generated. The tool Mesh sizing was
used for this purpose and applied to four of the named selections. When Sizing is selected,
its type must be defined from the following options: Element Size, Number of Divisions,
Sphere of Influence, Factor of Influence, Body of Influence and Factor of Global Size. The
element order was set to linear (SHELL181). The options and values attributed to the
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mesh are summarized in Table 6.1.

Table 6.1 Values attributed to the mesh for CFD study.

Named Selection Type of Sizing Value

Wing Element Size 10 mm
Airfoil Element Size 1 mm

Trailing edge Number of Divisions 100
Symmetry + Outlet + Inlet + Walls Element Size 200 mm

The generated mesh can be seen in Figure 6.9. A more detailed view of the mesh
around the airfoil is in Figure 6.9. Regarding the values that were assigned in the sizings,
these were based on results obtained from previous mesh studies conducted by Beyond
Vision to similar wing configurations.

Figure 6.9 Mesh generated for CFD analysis.

Figure 6.10 Detailed view of the mesh around the airfoil.

Once the mesh was generated, the boundary conditions were applied in Setup. The
first boundary condition was applied to the named selection Inlet, whose Boundary Type
is homonym. The inlet is where the flow variables are specified [95], and for this case
the variable is the velocity. In boundary details, the option Cart. Vel. Components
was selected and the U field was filled with the cruise velocity of the wing. The second
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boundary condition was applied to the named selection Outlet and the Boundary Type
was defined as Opening. The boundary condition for the outlet must be chosen so that
it does not assert a great influence on the upstream flow [96]. In Boundary Details, the
relative pressure was defined to be 0 MPa and the flow direction was set to Normal to
Boundary Condition. The pressure was defined to be 0 MPa, so as to ensure that no
pressure variation occurs between the inlet and the outlet.

After defining the Inlet and the Outlet, a boundary condition was also attributed to
the walls that bound the flow domain. The boundary type was also defined as inlet and
the cruise velocity is applied so that the flow is the same. The reason for these selections
is because it was considered that the sides of the box were also receiving air, as if the
wing was on the atmosphere. This is a more practical approach than the ones described
in the literature, but it allows the box to be smaller in size (to neglect the effects of the
interaction air-wall). Then, for the named selection Wing, a boundary condition was also
added and in this case the option Wall was selected in Boundary Type. It was also defined
as Smooth wall and No slip wall in boundary details. The no slip wall condition means
that at the solid boundaries, the velocities are zero or, in other words, the fluid is at rest
[96].

The last boundary condition that was applied was symmetry to the named selection
with the same name. This condition must be applied since only half of the wing is being
modelled. At the symmetry plane these requirements must be fulfilled: normal velocity is
zero and the normal gradients for all transported properties are zero [96].

In all of the boundary conditions, the regime flow was defined to be subsonic. The
final setup is presented in Figure 6.11.

Figure 6.11 Setup for CFD analysis.
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The obtained pressure distribution and velocity are shown in Figures 6.12 and 6.13,
respectively. The pressure distribution was later imported to Static Structural.

Figure 6.12 Pressure distribution - CFD simulation.

Figure 6.13 Velocity - CFD simulation.

Finally, the values of the lift, drag forces and torque were obtained.

• Lift = 10989 N

• Drag = 391 N

• Moment = 732 N·m
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6.3 Static Structural

6.3.1 Model (materials, mesh and contacts)

Each of the components of the wing were edited separately and then joined together
in Static Structural. Using Mechanical Model, the geometries of each component were
imported and then, in Model, the necessary contacts were created and the meshes were
generated. The steps that were taken for each of the components will be described in
detail below.

Stringers - Once the Model was opened, the thicknesses and materials were assigned
to the shell model. The thicknesses were given according to dimensions that were defined
in the solid model. Regarding the material, although it had initially been set to be the
same as the spars, it was changed to Aluminium 7075 T6, which is the same that was
chosen for the ribs. This was to simplify the modelling process and also because the
optimisation of the composite layups will be focused on the spars. This is also a way to
understand how the stringers would behave with a least expensive material, and evaluate
if that would be a viable option.

Before creating the mesh, contacts between the surfaces had to be created. To do this
the option Create Automatic Connections was selected. This tool automatically creates
contacts between surfaces and edges, according to the geometry. However, the contacts
that are created by this tool have to be corrected. It must be ensured that the selected
target and contact bodies are right, as well as the Contact Shell Face and Target Shell
Face. The type of contact also has to be properly defined. The default option is Bonded,
which was left unaltered, since that contact is used to ensure that the surfaces in contact
behave as one body. A bonded contact forbids the bodies to slide, separate, or rotate
between each other [97]. One of the contacts that was created for the stringers is shown
in Figure 6.14(a). This contact is between the bottom edge of the web and the top face
of the bottom cap. Finally, the mesh was generated. The element size was chosen to be
2 mm, which is the smallest thickness that was attributed to the surfaces. Regarding the
element order, it was maintained as Program Controlled, which means that the mesh is
made of linear and quadratic elements. The generated mesh is in Figure 6.14(b).

(a) Contacts (b) Mesh

Figure 6.14 Stringers - mechanical model.
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Ribs - Before generating the mesh, it was only necessary to assign the material and
change the thickness of each shell. No contacts had to be created between the ribs. The
mesh was generated, with linear and quadratic elements, and an element size of 2 mm,
which is equal to the shell thickness. The mesh generated for the ribs can be seen in Figure
6.15.

Figure 6.15 Mesh generated for the ribs.

Skin - The procedure used for the skin was very similar to the one already applied
in the study of the skin panels described in Chapter 5. However, due to the complex
geometry of the skin, some additional details had to be altered in order to be able to
generate a mesh. These include Mesh Defeaturing, Capture Curvature and Growth Rate.
The mesh details and the generated mesh are shown in Figure 6.16.

(a) Mesh details (b) Mesh

Figure 6.16 Mesh of the skin.

After generating the mesh, the skin was edited in ACP, the same way that was done
for the skin panels study. However, when creating the rosette for the skin, the directions
had to be altered, in order to be coherent with the coordinate system in use - direction 1
(longitudinal) is the direction of the z-axis and direction 2 (transverse) is the direction of
the x-axis. The stacking sequence that was defined for each facesheet is the same one that
was chosen previously [(45,0,45)]. For the core, Nomex® Honeycomb was applied with a
3 mm thickness, which is also what had already been established. The polar properties
(E1, E2 and G12) are shown in Figure 6.17.
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Figure 6.17 Polar properties (Pa) of the sandwich structure used for the wing.

Spars - After importing the geometry, Engineering Data was edited. It was earlier
decided that the ideal material for the spars should be Epoxy/HS Carbon Fibre, so a
similar one was selected from the Engineering Data Sources. The material that was,
then, chosen from the Composite Materials data source was Epoxy Carbon UD (230 GPa)
Prepreg.

Afterwards, in a similar manner to the other components, the thicknesses and a ma-
terial were assigned to all the surfaces in Model. Since ACP will be used to assign the
composite layup of the spars, in Mechanical Model, the material that is assigned in this
phase is indifferent. Once this was completed, the contacts between the surfaces were
created. Finally, the mesh was generated using quadratic elements and an element size
of 3 mm. An example of one of the contacts created, as well as the generated mesh, are
shown in Figure 6.18.

(a) Contact between upper cap and
web

(b) Mesh details

Figure 6.18 Spars - finite element model.
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The final step was to model the composite layup in ACP. The fabric was created with
a thickness of 0.2 mm. Then, a quasi-isotropic (QI) laminate was attributed to both
spars, which will then be altered according to the obtained stresses in each direction. The
stacking sequences that were used were [45/-45/0/90/90/0/-45/45]s and [45/-45/0/90]s
for the main and rear spars, respectively. These stacking sequences are in compliance with
the appropriate composite design rules. The resulting thicknesses are 3.2 mm and 1.6
mm, respectively. The polar properties E1, E2 and G12 for the QI layup are presented in
Figure 6.19.

Figure 6.19 Polar properties (Pa) of the QI layup of Epoxy Carbon Woven (230 GPa)
Prepreg.

The element size and element order used for each component of the wing is summarized
in Table 6.2, as well as the number of nodes and elements.

Table 6.2 Details of the mesh

Component Element order Element size Number of
nodes

Number of
elements

Ribs Quadratic and linear 2 37776 35490
Skin Quadratic and linear 20 29498 29457
Spars Quadratic 3 189552 60038

Stringers Quadratic and linear 5 19296 12040

Total 283996 144386

After all the components were edited separately, they were joined together in the Model
branch of Static Structural. The total mesh of the wing can be visualized in Figure 6.20.
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A more detailed view of the wing mesh, with thick shells activated can also be seen in
Figure 6.21.

Figure 6.20 Mesh of the wing.

Figure 6.21 Detailed view of the mesh of the wing, with thick shells activated.

Contacts were also created between the components of the wing. The type of contact
was defined to be bonded, which, as already mentioned previously, forbids sliding, sep-
aration or rotation between pairs. Contact Tool was used to verify the contact status,
according to the following options:

Figure 6.22 Contact tool status - color legend
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Ideally, the contacts should be white colored. This means that the contact is closed;
however, orange is also accepted. Considering that this model is composed of surfaces, the
offsets created by the attributed thicknesses might cause interception or gaps between the
components (which did not occur in the solid model). Therefore, the pinball radius had
to be adjusted for the cases where the contact status was highlighted as red, otherwise,
the solution would not be able to converge. Another problem caused by the gaps and
penetration of contacts is the occurrence of stress singularities. In some cases, these
singularities caused convergence problems and the way to fix this was by using the Newton-
Raphson residual method. This tool allowed the identification of the problematic areas,
whose contacts had to be adjusted, namely the normal stiffness factor. In Ansys, the
Normal Stiffness Factor ranges from 0.01 to 1. The number 1 is appropriate for bulk
deformation and 0.1 can be used for problems where bending deformation dominates.
Decreasing this value can also aid achieving convergence, but will increase penetration
and result in inaccurate stress values. Taking this into account, this Normal Stiffness
Factor definition was changed from Program Controlled, which by default attributes the
normal factor of 1, to the value 0.1. This change allowed the simulation to converge.

Some examples of the contacts created between the components are shown in Figure
6.23.

(a) Contact between edges of the rib and
surface of the skin

(b) Contact between edges of the rib and
surface of the stringers

(c) Contact between edges of the rib and
surface of the spars

(d) Contact between surfaces of the spar
and skin

Figure 6.23 Examples of the contacts created between the different components of the wing.
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Regarding the elements that were used, they are described in Table 6.3.

Table 6.3 Description of element types that were used [98].

Element type Element code Description

Shell
Shell181

4-node structural shell,
4 nodes 3D space

DOF: UX, UY, UZ, ROTX, ROTY, ROTZ

Shell281
8-node structural shell,

8 nodes 3D space
DOF: UX, UY, UZ, ROTX, ROTY, ROTZ

Contact
Conta174

3-D 8-Node Surface-to-Surface Contact
8 nodes 3-D space

DOF: UX, UY, UZ, TEMP, VOLT, MAG

Conta175
2-D/3-D Node-to-Surface Contact

1 node 2-D/3-D space
DOF: UX, UY, UZ, TEMP, VOLT, AX, MAG

Target Targe170
Contact 3-D Target Segment

8 nodes 3-D space
DOF: UX, UY, UZ, TEMP

Surface
Surf154

3-D Structural Surface Effect
4 to 8 nodes 3-D space
DOF: UX, UY, UZ

Surf156
3-D Structural Surface Line Load

3 to 4 nodes 3-D space
DOF: UX, UY, UZ
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6.3.2 Setup - Boundary Conditions and Loads

Three boundary conditions were simulated and compared in order to decide which one
would produce the most reasonable results. The wing is supposed to be modelled as a
cantilevered beam, so the boundary conditions must translate that. In the first case that
was modelled, a fixed support was added to the edges at the end of the spars extension.
Then at the root, the edges of the skin were selected and the following boundary conditions
were assigned: UX=0, UY=0, RY=0 and RZ=0. In the second case, instead of selecting
the edges of the spars extension, the faces were selected and clamped. For the third
and last case that was modelled, a fuselage panel was introduced to the model, following
an example from the literature [99]. Additional contacts had to be created with the
introduction of this new component, namely between the panel and the spars.

Considering that the UAV will have a small structure, the buckling modes of the
fuselage will likely be small. Therefore opting for a monocoque structure, with panels
equal to the panels of the skin of the wing, should be a good option, that would also
decrease the manufacturing cost. For this reason, the panel of the fuselage was modelled in
the same way of the skin panels, with the same materials, stacking sequence and thickness.
Nevertheless, the modelling of this panel is still a simplification of the actual structure.
The boundary condition that was applied to the last case was a fixed support to the edges
of the spars extension and the edges of the fuselage panel.

Before running the simulation for all the three cases, the loads had to be applied.
For the weight of the structure, an acceleration was introduced. This acceleration is the
acceleration of gravity multiplied by the wing load factors. Then, the weight from the
rotors were added (the applied value was later corrected) on the edges of the cut created
on the skin. For the lift, a simplification was considered: the total load of the lift for half-
wing (7828 N) was applied as a force to the upper and lower surfaces of the wing. Taking
into account that in a real-life scenario, the lift generated by the top skin is twice the lift of
the bottom skin [100], two thirds of the load (5219 N) were applied on the top surface of the
skin and one third (2609 N) was applied to the bottom surface. Nonetheless, this approach
is not very conservative, since the load will be applied as a rectangular distributed load,
instead of an elliptic distribution, and other loads such as the pitching moment and drag
were not considered. However, this will only be used to compare the different boundary
conditions, and the considered load for the lift will be replaced by the pressure derived
from CFD, which is a a more accurate solution.

In analysis setting, large deflection analysis was turned on, and the minimum substeps
was changed to 20 and the maximum substeps to 30. The boundary conditions and applied
loads for cases 1, 2 and 3 are illustrated in Figures 6.24, 6.25 and 6.26, respectively. The
results of the Total Deformation are shown in Figures 6.27, 6.28 and 6.29.
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Figure 6.24 Boundary conditions and loads - case 1.

Figure 6.25 Boundary conditions and loads - case 2.

Figure 6.26 Boundary conditions and loads - case 3.
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Figure 6.27 Total Deformation (mm) - case 1.

Figure 6.28 Total Deformation (mm) - case 2.

Figure 6.29 Total Deformation (mm) - case 3.
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The results for the Total Deformation demonstrate that the lowest value of the total
deformation occurs for the second case, and the largest value happened in the third one.
Ultimately, this last approach was the chosen one, since it is more conservative and it is also
the one that portrays best the contact between the wing and the fuselage. However, since
this panel will be added for boundary conditions, the stresses in it will not be evaluated.

6.3.3 CFD - Static Structural analysis

The pressure derived from the CFD analysis was imported to the setup of the Static
Structural, in order to be applied as a load instead of the one that was assigned previously.
The pressure distribution can be seen from the top view and bottom view in Figures 6.30
and 6.31, respectively. As already expected, the pressure at the top is higher.

Figure 6.30 Imported pressure (MPa) - top view.

Figure 6.31 Imported pressure (MPa) - bottom view.

The setup for the simulation is illustrated in Figure 6.32.
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Figure 6.32 Setup - boundary conditions and load.

The obtained results are presented in the next figures. The total deformation is in
Figure 6.33. In comparison to the deformation obtained previously, there was an increase
of about 5 mm. Nevertheless, the results are still similar, which validates the use of
theoretically calculated loads.

Figure 6.33 Total Deformation (mm).

For a rough (especially for the orthotropic skin) preliminary assessment, the von Mises
equivalent stress is shown in Figure 6.34. It is possible to visualize a higher stress con-
centration around the main spar, which is expected. Some stress singularities were also
detected in the contacts between the spars and the ribs and stringers and ribs.
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Figure 6.34 Equivalent stress - von Mises.

The obtained safety factors are presented in Figure 6.35. Only the ribs and stringers
were evaluated in this tool, which is meant for non-composite materials. The safety factor
is high for the majority of the bodies, except in the locations where stress concentrations
occur, namely the contact areas. As explained earlier, the offset of the surfaces gener-
ates penetrations or leaves gaps between the contacts which translates into these stress
concentrations.

Figure 6.35 Safety factor - ribs and stringers.

The safety of the composite structures was evaluated through the composite failure
tool. The selected criteria were Tsai-Wu, Puck and all the core failure criteria for the skin.
The general result can be seen in Figure 6.36, where it is possible to conclude that the
root is the most critical area and that safety increases along the span.
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Figure 6.36 Inverse reverse factor - wing (QI layup).

Each of the components were evaluated separately. The critical regions (where the
inverse reverse factor is the highest) are shown in Figure 6.37. The maximum values are
2.0498 for the main spar, 5.227 for the rear spar and 1.094 for the skin. The critical
section for the skin is the area where the cut for the rotor loads was added. Regarding
the values obtained for the spars, the high values obtained might be attributed to the
stress concentrations caused by the contacts between the ribs and also the fuselage panel.
Besides this, a quasi-isotropic laminate was used. The laminate can then be optimized
according to the results obtained for the stresses in each direction.

(a) Main spar (root region) (b) Rear spar (root region)

(c) Skin (cut region)

Figure 6.37 Inverse reverse factor of each component and critical areas - QI layup.
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Using the tool User defined result it was possible to plot the stresses in each direcion
(x, y and z), as well as the shear stress τxz. The stress distributions are in Figures 6.38,
6.39, 6.40 and 6.41.

Figure 6.38 Stress in the x direction.

Figure 6.39 Stress in the y direction.
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Figure 6.40 Stress in the z direction

Figure 6.41 Shear stress xz.

Regarding the stress in the y direction, the maximum absolute values occur on the
ribs, more precisely in the contact regions, as seen in Figure 6.42. This also explains the
low safety factor obtained in those regions.
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Figure 6.42 Stress in y direction.

A more detailed view of the stress distribution in the z direction at the root region can
also be visualized in Figure 6.43. This figure shows that the maximum absolute values
occur at the root, more specifically in the area where the spar is in contact with the middle
panel of the rib.

Figure 6.43 Stress in z direction

The obtained stress results demonstrated that the root is the most critical region, as
expected. The obtained displacement is within the desirable range (less than 5% of the
wing span, which corresponds to 150 mm). The mass of the structure was intended to
be less than 15.5 kg and that was also accomplished, with the total mass of the wing
being around 7.30 kg. This is due to the use of composite materials which greatly reduces
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weight. For example, if the aluminium alloy that was applied to the ribs and stringers was
also used on the spars, with the thicknesses and overall geometries being maintained, the
weight of the structure would increase to about 9.30 kg.

On the other hand, the model that was used for this wing also showed some problems,
namely regarding the contacts. Although the contacts make it easier to understand the
behaviour of the components when in contact with each other, they also create large stress
concentrations which makes it hard to assess the accuracy of the results. Nevertheless, the
obtained values of the stresses will be used in order to try to reduce the inverse reverse
factor and to obtain a more appropriate laminate for the spars.

6.3.4 Simplified load - Static structural analysis

Computational Fluid Dynamics is a very powerful tool which gives the most accurate
prediction of the pressure acting on the wing. However, it requires time and large compu-
tational effort.

In order to save time and reduce computational effort, a first design of the wing could
be done using a simplified load, which should later be corroborated with the fluid dynamics
- static structural analysis. It was then evaluated whether the simplified load that was
considered for the boundary conditions study would also provide similar stress and failure
plots. The same quasi-isotropic layup that was used for the first simulation was applied
to the spars, so that the comparison would be valid. All of the stress distributions, as well
as the safety factors and inverse reverse factors are presented in the following figures (see
Figures 6.44 to 6.50).

Figure 6.44 Equivalent stress - von Mises (simplified load).
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Figure 6.45 Inverse reverse factor - spars and skin (simplified load).

Figure 6.46 Safety factor - ribs and stringers (simplified load).

Figure 6.47 Stress in the x direction (simplified load).
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Figure 6.48 Stress in the y direction (simplified load).

Figure 6.49 Stress in the z direction (simplified load).

Figure 6.50 Shear stress xz (simplified load).

The obtained results were very similar, which proves that using a simplified load is a
valid choice and it also corroborates the procedure that was followed to define these loads.
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6.4 Laminate optimisation

The results obtained from the composite failure tool in Section 6.3.3 demonstrated that
failure should occur at the root. For this reason, it is necessary to try to bring the inverse
reverse factor to less than 1. This is done by choosing the number, orientation and stacking
sequence of the plies.

The charts presented in Appendix I, provide the optimum compositions of laminates
composed of carbon/epoxy unidirectional plies, which are under different sets of stress
resultants Nx, Ny and Txy. The Tsai-Hill criterion is the basis of these charts. According
to the percentage of each stress resultant, the chart gives the optimum percentage of each
direction and the minimum thickness required for a total stress resultant (|Nx| + |Ny| +
|Txy|) of 100 N/mm. It also provides the direction for which first ply failure occurs.

The stress resultants are calculated as follows:

Nx = σx × h Ny = σy × h Txy = τxy × h (6.1)

where h is the thickness of the laminate [34].
The reduced stress resultants are:

N̄x = Nx

|Nx|+ |Ny|+ |Txy|
N̄y = Ny

|Nx|+ |Ny|+ |Txy|

T̄xy = Txy
|Nx|+ |Ny|+ |Txy|

(6.2)

The stress resultants were calculated from the absolute maximum values obtained in
the plots of the stresses in x and z directions, as well as the shear stress τxz, for each of
the spars. In this case, the direction z of the model corresponds to the direction x of the
chart and direction x to the direction y. The calculated values are given in Tables 6.4 and
6.5 for the main and rear spars, respectively.

Table 6.4 Stress resultants of the main spar.

Main spar (upper cap) Main spar (lower cap)

σx -355.69 366.77
Nx -1138.21 1173.66
N̄x -0.38 0.37

σy -275.3 300.25
Ny -880.96 960.80
N̄y -0.30 0.30

τxy 299.09 321.26
Txy 957.09 1028.03
T̄xy 0.32 0.33



Laminate optimisation 147

Table 6.5 Stress resultants of the rear spar.

Rear spar (upper cap) Rear spar (lower cap)
σx -290.98 222.71
Nx -465.57 356.34
N̄x -0.37 0.38

σy -246.31 178.09
Ny -394.10 284.94
N̄y -0.31 0.30

τxy 249.82 187.96
Txy 399.71 300.74
T̄xy 0.32 0.32

According to the stress resultants, the optimum laminates provided by the charts for
N̄x = 0.4, N̄y = 0.3 and T̄xy = 0.3 are:

For the upper caps,

• 15% of 0◦ plies

• 10% of 90◦ plies

• 37.5% of plies at 45◦ and 37.5% at -45◦

and for the lower caps,

• 10% of 0◦ plies

• 10% of 90◦ plies

• 40% of plies at 45◦ and 40% of plies at -45◦

The chart also indicated that first-ply failure would occur for the orientation -45◦ .
These percentages had to be adapted in order to maintain the thickness of the laminate

or, at least, not increase it too much. For the front spar, each cap had 16 plies with 0.200
mm thickness which gives a total thickness of 3.2 mm. Meanwhile, the rear spar had 8
plies with a thickness of 0.200 mm as well, hence the total thickness was 1.6 mm.

The laminate chosen for the main spar was [45◦/-45◦/0◦/-45◦/45◦/90◦/45◦/-45◦]s and
for the rear spar [45◦/-45◦/0◦/-45◦/45◦/90◦]s, hence the main spar maintained its thick-
ness, while the rear spar increased to 2.4 mm. The laminates were kept equal for the
upper and lower caps.

The percentage of plies in each direction for the main spar is then:

• 12.5% of plies at 0◦

• 12.5% of plies at 90◦
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• 37.5% of plies at 45◦ and 37.5% of plies at -45◦

and for the rear spar,

• 16.7% of plies at 0◦

• 16.7% of plies at 90◦

• 33.3% of plies at 45◦ and 33.3% of plies at -45◦

These stacking sequences were defined according to the following design rules: sym-
metry, balance, minimum percentage, damage tolerance, contiguity, grouping and disori-
entation. All of these were described in Section 3.1.3. The results obtained from the
Composite Failure Tool for this layup are presented in Figures 6.51.

(a) Main spar (root region)

(b) Rear spar (root region)

Figure 6.51 Inverse reverse factors of the spars - second layup.

The maximum inverse reverse factors were 2.2305 for the front spar and 4.46764 for
the rear spar. Comparing to the IRF obtained when the laminate was quasi-isotropic, the
results for the main spar were slightly worse. One reason might be because the calculation
of the optimum laminate was based on the maximum stress values obtained in each di-
rection. However, those values also coincide with the regions where stress concentrations
were detected. Therefore, at regions around those stress concentrations, the stresses in
direction z are most prominent than at other directions, which would require a higher
percentage of plies at 0◦.
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Ansys also allows the inverse reverse factor to be calculated for each ply. The values
for the first eight plies are presented in Table 6.6.

Table 6.6 Inverse reverse factor for each ply (second layup).

Ply number Ply orientation IRF - upper cap IRF - lower cap

1 45◦ 1.0710 1.9978
2 -45◦ 1.0297 2.0919
3 0◦ 1.3885 0.5817
4 -45◦ 0.8507 1.7708
5 45◦ 0.9487 1.4164
6 90◦ 1.0256 1.8636
7 45◦ 0.9144 1.1564
8 -45◦ 0.6871 1.1377

Some changes were made to the stacking sequence that was applied previously to the
front spar, according to the observations above. One of them consisted of increasing the
plies at 0◦, and the other was regarding the orientation of the plies at outermost part.
The third layup that was applied was [45◦/90◦/45◦/0◦/-45◦/0◦/-45◦/0◦]s. This stack-
up complies with the following design rules: symmetry, minimum percentage, damage
tolerance, contiguity and disorientation. The obtained results are shown in Figures 6.52
and 6.53, for the upper and lower caps, respectively.

Figure 6.52 Inverse reverse factor of the upper cap of the main spar (third layup).
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Figure 6.53 Inverse reverse factor of the lower cap of the main spar (third layup).

The maximum IRF values were 0.89493 and 2.2485 for the upper cap and lower cap
respectively. The IRF for the upper cap is lower than 1, which is what is desired to prevent
failure. Meanwhile, the IRF for the lower cap had a slight increase. However, if the images
for the second and third layup are compared, it is possible to visualize that the area that
is prone to failure has largely decreased. The critical area is right at the root, where stress
concentrations are very high. The IRF was also plotted for each ply of the lower cap and
the results are given in the next table.

Table 6.7 Inverse reverse factor for each ply of the lower cap of the main spar (third layup).

Ply number Ply orientation IRF - lower cap
1 45◦ 2.2483
2 90◦ 2.2190
3 45◦ 1.8841
4 0◦ 0.5573
5 -45◦ 1.4626
6 0◦ 0.4058
7 -45◦ 1.1679
8 0◦ 0.2981

One last layup was applied on the lower cap of the front spar. The stacking sequence
is [0◦/0◦/45◦/0◦/-45◦/0◦/45◦/90◦]s. The obtained IRF for the lower cap is in Figure 6.54.
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Figure 6.54 Inverse reverse factor of the lower cap of the main spar (fourth layup).

There was a decrease of the IRF to 1.889. The area prone to failure also showed a
decrease. The ply-wise IRF are listed in Table 6.8.

Table 6.8 Inverse reverse factor for each ply of the lower cap of the main spar (fourth layup).

Ply number Ply orientation IRF - lower cap
1 0◦ 1.016
2 0◦ 0.9185
3 45◦ 1.889
4 0◦ 0.7232
5 -45◦ 1.3850
6 0◦ 0.5293
7 45◦ 1.2140
8 90◦ 1.187

Although this layup does not comply with the damage tolerance rule, it was the one
that demonstrated the best behaviour on the lower cap, out of all the four layups that were
simulated. It was also concluded that having a higher percentage of plies at 0◦ brought
the best results for both caps. However, this laminate is not balanced, which can lead
to the existence of membrane-shear coupling and for this reason, a laminate with this
characteristics should not be used.

Regarding the rear spar and the skin, the IRF also decreased after changing the layups
of the main spar. The results for both components can be visualized in Figures 6.55 and
6.56.
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Figure 6.55 Inverse reverse factor of the lower cap of the main spar (fourth layup).

Figure 6.56 Inverse reverse factor of the lower cap of the main spar (fourth layup).

Looking at both images, it is possible to conclude that the IRF for skin is within the
desired range. Meanwhile, the rear spar has areas where the IRF has very large values.
The reason for these values can be the stress concentrations caused by contacts.

In order to find a layup that brings the IRF in all areas to less than 1, while at the
same time complying with the design rules, many more iterations and simulations would
have to be made. Besides this, other models for the wing could be explored, so as to ensure
that the results are not being largely affected by the contacts between each component.

Taking into consideration that in the regions further away from the spar the IRF are
greatly below 1, tapering the laminates should be a viable option to decrease the overall
weight. For example, in the third layup that was simulated, the laminate could go from
[45◦/90◦/45◦/0◦/-45◦/0◦/-45◦/0◦]s to [45◦/90◦/0◦/0◦/-45◦/0◦]s and finally to [45◦/90◦/-
45◦/0◦]s.

The use of double-double laminates could also be a solution for the limitations that
quad laminates have. In particular, when it comes to tapering, rules such as mid-plane
symmetry, or choosing the appropriate location for ply-drop, would not be a concern.
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Chapter 7

Experimental Characterisation
and Simulation of Composite
Sandwich Structures

Sandwich constructions are frequently used in aircraft industry, where weight saving is
crucial. For this reason, experimental characterisation was conducted on two different
sandwich plates. This chapter is divided into two parts. The first one presents the ex-
perimental procedure, and the second one all tests that were modelled in Ansys. The
experimental and numerical results were, then, compared in order to understand if Ansys
can accurately predict the failure of these components.

7.1 Experimental characterisation

Three different tests were conducted for two sandwich plates with different cores, one
to identify the compressive properties of the sandwich structure (edgewise compressive
strength test), another to obtain the core shear properties (beam flexure) and the last one
to determine the facing properties (long beam flexure).

The facesheets of both sandwich panels are made of two 0.25 mm epoxy/carbon fibre
woven (T300) prepreg plies (0/90◦ fibre orientation), which results in approximately 0.5
mm skins. One of the plates had a PVC 60 foam core and the other had an aluminium
honeycomb core. It should be noted that the plate with the foam core showed irregularities.
Although the foam was specified by the suppliers to be PVC 60, it was concluded that in
one side of the plate, another core material was used, softer than the PVC 60 foam. The
suppliers were contacted in order to understand what the other core material could be, but
no answer was received and it was not possible to identify it. For this reason, the results
of the long beam flexure and beam flexure test presented discrepancies. The plate with
the PVC 60 foam core is shown in Figure 7.1(a), where the location of the irregularity of
the core is visible, and the plate with the honeycomb core is shown in Figure 7.1(b).
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(a) PVC 60 foam core (b) Aluminium honeycomb

Figure 7.1 Plates used for the tests.

7.1.1 Edgewise compressive strength

This experimental procedure followed ASTM C364/C364M-07 [101]. The purpose of this
test is to obtain the compressive properties of the sandwich construction, in a direction
parallel to the sandwich facing plane. It can be done on both foam cores and honeycomb
cores. ASTM C364/C364M-07 provides the following information [101].:

“This test method consists of subjecting a sandwich panel to monotonically
increasing compressive force parallel to the plane of its faces. The force is
transmitted to the panel through either clamped or bonded end supports.
Stress and strength are reported in terms of the nominal cross-sectional area
of the two facesheets, rather than total sandwich panel thickness, although
alternate stress calculations may be optionally specified.”

Regarding the failure modes, the only ones that are acceptable are the ones occurring
away from the supported ends. It is also expected that the sandwich column will suffer
buckling, no matter its height, unless the facings are very thick [101].

The test specimen dimensions are the following:

L ≤ 8× t
50 ≤W ≤ L; W ≥ 2× t; W ≥ 4× cell widths (honeycomb cores only)

where L is the length, W is the width and t is the total panel thickness [101].
For the panel with the foam core, the maximum length is 48 mm. That value is

below the minimum width required, which is 50 mm. It was then decided to cut the
specimens with the same length and width, 48 mm, to respect the inequality W ≤ L. It
should be noted that longer specimens are more susceptible of overall buckling during the
compression tests. The same logic was applied to the honeycomb core plate. Since the
thickness of the plate is 5 mm, the dimensions of the plate were defined to be 40×40 mm2.
At least 5 specimens are required for the test and it was possible to obtain 11 specimens
from the foam core plate and 12 from the honeycomb core plate. Representative specimens
are shown in Figures 7.2 and 7.3 for each core, respectively.
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Figure 7.2 Specimens for the edgewise compressive strength test - PVC 60 foam core.

Figure 7.3 Specimens for the edgewise compressive strength test - aluminium honeycomb
core.

The dimensions of all the samples were measured. Three measurements were made
for the width, length and thickness and the obtained average is presented in Table 7.1
and Table 7.2 for the PVC 60 foam core and honeycomb core plates, respectively. All the
values are presented with three significant figures.

Table 7.1 Measurements of the specimens for the edgewise compressive strength test - PVC
60 foam core.

Sample Length L (mm) Width W (mm) Thickness t (mm)

1 48.4 48.4 6.15
2 48.4 48.4 6.08
3 48.3 48.4 6.08
4 48.7 48.4 6.02
5 48.7 48.2 6.13
6 48.5 48.1 6.10
7 48.5 48.9 6.07
8 48.6 48.5 6.07
9 48.6 48.6 6.00
10 48.4 48.8 6.02
11 48.4 48.4 6.00
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Table 7.2 Measurements of the specimens for the edgewise compressive strength test - alu-
minium honeycomb core.

Sample Length L (mm) Width w (mm) Thickness t (mm)

1 40.3 40.3 5.25
2 40.3 40.4 5.12
3 40.4 40.4 5.18
4 40.4 40.4 5.18
5 40.3 40.3 5.18
6 40.4 40.5 5.16
7 40.3 40.4 5.17
8 40.3 40.5 5.15
9 40.2 40.2 5.20
10 40.4 40.3 5.25
11 40.3 40.4 5.23
12 40.3 40.5 5.13

The test fixtures required by the standard consist of a spherical bearing block and
lateral end supports. These end supports are rectangular bars whose function is to clamp
the specimen. A test on the first specimen of the foam core panel was conducted without
the lateral end supports. The setup for that test is shown in Figure 7.4(a). However,
this setup was later changed, in order to be in compliance with the test standards. A
lengthwise slot was machined on two steel bars for that purpose. The final setup is shown
in Figure 7.4(b). The speed of testing must be adjusted in order to produce failure within
3 to 6 minutes. The applied standard head displacement was 0.50 mm/min, which is the
recommended value. The specimen is then loaded until failure. A 100 kN load cell was
used [101].

(a) First setup (b) Final setup

Figure 7.4 Edgewise compressive strength test setup.
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Two of the foam core specimens (2 and 7) were discarded because of damage that
occurred at the end support. This type of damage is identified as end failure and it is not
acceptable. Three specimens (8, 9 and 10) of the honeycomb core panel also displayed the
same behaviour and were disregarded as well. This damage occurring during the test can
be visualized in Figure 7.5(a). In Figure 7.5(b) a side-by-side comparison of two specimens
is presented, one which had an acceptable failure mode and the other which experienced
end crushing and was then discarded.

(a) Specimen being crushed (b) Comparison between specimens

Figure 7.5 Specimens that experienced unacceptable failure modes.

In Figure 7.6 it is possible to observe the occurrence of buckling on the foam core
specimen that is being loaded, more specifically shear crimping. Then, in Figure 7.7(a),
facesheet-to-core debonding occurred, causing the buckling of one of the facesheets, and
Figure 7.7(b) shows a honeycomb core specimen that suffered failure both on the core and
facesheets.

Figure 7.6 Failure mode observed in PVC 60 foam core (shear crimping).
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(a) Facesheet-to-core debonding (b) Core and facesheet failure

Figure 7.7 Different failure modes that were observed in edgewise compressive strength test
for the honeycomb core specimens.

For the specimens that were considered valid, the axial force - axial displacement curves
were plotted. They are presented in Figures 7.8 and 7.9 for the foam core and honeycomb
core, respectively.

Figure 7.8 Axial force - axial displacement curves for the edgewise compressive strength test
- PVC 60 foam core panel.
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Figure 7.9 Axial force - axial displacement curves for the edgewise compressive strength test
- aluminium honeycomb core panel.

From the results obtained on the test, it is possible to calculate the ultimate edgewise
compressive strength using the following equation [101]:

σ = P

W (2tfs)
(7.1)

where,

σ - ultimate edgewise compressive strength (MPa)

P - ultimate force prior to failure (N)

W - width of the specimen (mm)

tfs - thickness of a single facesheet (mm)

The results are presented for all the specimens in Tables 7.3 and 7.4.

Table 7.3 Ultimate edgwise compressive strength values for each specimen (PVC 60 foam).

Sample Pmax (N) width w (mm) σ (MPa)

3 8170 48.3 169
4 7871 48.4 163
5 7214 48.2 150
6 7209 48.1 150
8 7692 48.5 159
9 5659 48.6 116
10 6451 48.8 132
11 7130 48.4 147
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Table 7.4 Ultimate edgwise compressive strength values for each specimen (honeycomb core).

Sample Pmax (N) width w (mm) σ (MPa)

1 15693 40.4 388
3 10551 40.4 261
4 13425 40.4 332
5 11598 40.3 288
5 13891 40.5 343
11 10099 40.4 250
12 14482 40.5 358

ASTM C364/C364M-07 indicates “For each series of tests calculate the average value,
standard deviation, and coefficient of variation (in percent) for ultimate edgewise com-
pressive strength” [101].

These are calculated as follows [101]:

x̄ =
(

n∑
i=1

xi

)
/n (7.2)

Sn−1 =

√√√√( n∑
i=1

x2
i − n(x̄)2

)
/(n− 1) (7.3)

CV = 100× Sn−1
x̄

(7.4)

where,

x̄ - sample mean (average)

Sn−1 - sample standard deviation

CV - sample coefficient of variation (%)

n - number of specimens

xi - measured or derived property

Using the results listed in Table 7.3, the calculated average is 148 MPa, the sample
standard deviation is 16.1 MPa and the sample coefficient of variation is 11.6%. Mean-
while, for the honeycomb core, the average is 317 MPa, the sample standard deviation is
51.8 MPa and the sample coefficient of variation is 16.3%.
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7.1.2 Beam flexure

The beam flexure test is conducted in order to the determine the core shear properties
of flat sandwich structures “subjected to flexure in such a manner that the applied mo-
ments produce curvature of the sandwich facing planes”. The core materials can either
be foams or honeycomb. The experimental procedure followed the standard test method
C393/C393M - 11. For this test “the only acceptable failure modes are core shear or
core-to-facing bond” [102].

The geometry of the specimens followed the standard measures: rectangular cross-
section with a width of 75 mm and a length of 200 mm [102].

Like the edgwise compressive strength test, at least five specimens should be used
[102]. Six specimens were cut from the foam core sandwich plate; however, three of them
had an irregular core. For that reason, the results will be presented separately. For the
honeycomb core, eight specimens were obtained and tested. All the specimens that were
used are shown in Figure 7.10.

(a) PVC 60 foam core (b) Aluminium honeycomb core

Figure 7.10 Specimens used for beam flexure test.

The loading configuration of this test was 3-point bending, which is the standard
configuration. In this configuration, the support bars have to be at a distance of 150 mm
from each other, which corresponds to the support span S. The support rollers that were
used had a diameter of 13.5 mm and for the loading bar the diameter was 16 mm. A load
cell of 10 kN was used and the standard speed for cross head displacement was applied (6
mm/min) [102]. The setup is shown in Figure 7.11.
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(a) Initial setup (b) Specimen under loading

Figure 7.11 Setup for beam flexure test.

Regarding the failure modes, the only ones that are considered to be acceptable are
shear failures of the sandwich core or failures of the core-to-facing bond. If failure of one
or both facesheets occurs previously to those two, that is not considered to be a valid
failure mode [102].

The specimens with the honeycomb core experienced core shear failure, but displayed
two different behaviours regarding the location of failure. These are shown in Figure 7.12.

(a) First failure mode (b) Second failure mode

Figure 7.12 Failure modes of the honeycomb core specimens.



Experimental characterisation 163

Regarding the PVC foam core, the specimens had to be distinguished in two groups,
the first group consisting of the specimens with an homogeneous core and the second group
with the specimens having an irregular core. Unlike the honeycomb core specimens, both
groups demonstrated similar behaviours in terms of the location of failure. However, the
maximum load before failure of the second group of specimens was half the maximum load
of the first group. This greatly enhances the impact of having an inconsistent core, which
worsened the mechanical properties of the specimens. Core crush occurred at the location
of the loading bar and was followed by facesheet failure. A close-up view of the failure
location of one of the specimens is in Figure 7.13.

Figure 7.13 Failure of the PVC 60 foam core specimen.

All of the applied load-displacement curves were plotted and are presented in the
figures that follow. For the first group of the foam core (uniform core), the curves are
given in Figure 7.14; for the second group, the curves are given in Figure 7.15.

Figure 7.14 Applied load - displacement curves for the beam flexure test - specimens with
the same core (PVC 60).
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Figure 7.15 Applied load - displacement curves for the beam flexure test - specimens with
irregular core (PVC 60).

The applied load - displacement curves for the honeycomb core specimen were sepa-
rated according to the different behaviours. The curves pertaining to the specimens that
displayed the failure mode shown in Figure 7.12(a) are presented in Figure 7.16. For the
second mode of failure, the curves are given in Figure 7.17.

Figure 7.16 Applied load - displacement curves for the beam flexure test - specimens with
honeycomb core (first mode of failure).
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Figure 7.17 Applied load - displacement curves for the beam flexure test - specimens with
honeycomb core (second mode of failure).

Looking at both figures, the difference is very obvious. For the specimens whose failure
occurred at the location of the loading bar, the maximum load achieved was higher.

From these curves, it is possible to calculate the core shear ultimate stress and the
facing stress. The core shear ultimate stress is calculated using this expression:

F ults = Pmax
(d+ c)b (7.5)

where,

F ults - core shear ultimate strength (MPa)

Pmax - maximum force prior to failure (N)

t - nominal facing thickness (mm)

d - sandwich thickness (mm)

c - core thickness (mm) (c = d− 2t)

b - sandwich width (mm)

and the facing stress is obtained through this equation:

σ = PmaxS

2t(d+ c)b (7.6)
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where σ is the facing stress (MPa) and S is the span length (mm) [102].
All the calculated results are listed in Tables 7.5 and 7.6 for the PVC foam core and

honeycomb core specimens, respectively.

Table 7.5 PVC foam core beam flexure test results.

Sample Pmax (N) d (mm) c (mm) b (mm) F ults (MPa) σ (MPa)

1 627 6.02 5.02 74.9 0.758 114
3 620 6.07 5.07 75.0 0.742 111
5 621 6.17 5.17 75.0 0.730 110

2 342 5.92 4.92 74.8 0.421 63.3
4 346 6.07 5.07 74.8 0.415 62.3
6 346 5.95 4.95 75.0 0.423 63.5

Table 7.6 Aluminium honeycomb core beam flexure results.

Sample Pmax (N) d (mm) c (mm) b (mm) F ults (MPa) σ (MPa)

1 1271 5.32 4.32 74.4 1.77 266
4 1322 5.17 4.17 74.8 1.89 284
5 1308 5.22 4.22 74.8 1.85 278
6 1314 5.28 4.28 75.1 1.83 275
7 1314 5.30 4.30 75.2 1.82 273
8 1360 5.27 4.27 75.8 1.88 282

2 1703 5.38 4.38 75.2 2.32 348
3 1738 5.27 4.27 74.5 2.45 367

The statistics are also presented in Table 7.7.

Table 7.7 Statistics of the calculations of the core shear ultimate strength and facing stress.

Core shear ultimate strength
F ults (MPa)

Facing stress
σ (MPa)

x̄

(MPa)
Sn−1

(MPa)
CV

(%)
x̄

(MPa)
Sn−1

(MPa)
CV

(%)

PVC 60 foam core
(group 1)

0.743 0.0141 1.89 112 2.08 1.86

PVC 60 foam core
(group 2)

0.420 0.00436 1.04 63.0 0.624 0.991

Honeycomb core 1.98 0.256 12.9 297 38.3 12.9
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7.1.3 Long beam flexure

This experimental procedure was based on the standard test method for facing proper-
ties of sandwich structures by long beam flexure, which is under the designation ASTM
D7249/D7249M-12. It can be applied on sandwich structures made with cores with con-
tinuous bonding surfaces (foams, balsa) or discontinuous bonding surfaces (honeycomb).
The purpose of this experimental procedure is to obtain the facing properties of sandwich
structures which are “subjected to flexure in such a manner that the applied moments
produce curvature of the sandwich facing planes and result in compressive and tensile
forces in the facings” [103].

At least five specimens should be used for the test. Regarding the geometry, for the
standard configuration, the length should be 600 mm and the width 75 mm. However,
since the plate had a smaller length, the geometry for non-standard configuration was
used. The non-standard configuration states that [103]:

“For non-standard specimen geometries the width shall be not less than twice
the total thickness nor more than six times the total thickness, not less than
three times the dimension of a core cell, nor greater than one quarter the span
length. The specimen length shall be equal to the support span length plus 50
mm [2 in.] or plus one half the sandwich thickness, whichever is the greater.”

The total thickness of the panel with a foam core is 6 mm, hence the width had to be
between 12 mm and 36 mm. Regarding the span length, the test method indicated that
the span length divided by the sandwich thickness should be greater than 20. The length
of the span length was defined to be 300 mm (300/6=50>20) and, therefore, the specimen
length 300+50=350 mm. The width was chosen to be 20 mm. Nine specimens were cut
from the plate, which are shown in Figure 7.18(a). The dimensions of the specimens were
measured three times and the average value calculated. The results of the measurements
will be presented further. It should be noted that for specimens 2 to 9 the core showed the
irregularities already mentioned above. Therefore, the first specimen displayed a different
behaviour than the remaining specimens.

The thickness of the honeycomb core is 5 mm and a non-standard configuration was
also used. The width was kept the same (20 mm) and the span length was defined to be
250 mm, which results in a length of 300 mm. Twelve specimens were cut from the plate
and they are shown in Figure 7.18(b).
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(a) PVC 60 foam core (b) Aluminium honeycomb core

Figure 7.18 Specimens used for long beam flexure test.

The loading configuration that was used was the 4-point (third span), which is non-
standard. The 4-point bending configuration was preferred over the 3-point configuration,
since it allows for an uniform distribution of the bending moment between the loading
rollers, unlike the 3-point bending configuration [103].

For the 4-point (third span) configuration, the loading span must be one third of the
support span [103]. The support span S of the PVC foam core specimens was defined
to be 300 mm and, consequently, the loading span is 100 mm. For the honeycomb core
specimens, whose span length is 250 mm, the loading span was 84 mm. The support
and loading rollers that were used had the same diameter - 30 mm. The cross head
displacement was set to be 6 mm/min, which is the standard value. A 10 kN load cell was
used for the test. The initial setup for the test can be visualized in Figure 7.19(a) for the
PVC 60 core, and Figure 7.19(b) for the honeycomb core.

(a) PVC 60 foam core (b) Aluminium honeycomb

Figure 7.19 Long beam flexure test setups.
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Concerning the failure modes, “the only acceptable failure modes for sandwich facesheet
strength are those which are internal to one of the facesheets. Failure of the sandwich core
or the core-to-facesheet bond preceding failure of one of the facesheets is not an acceptable
failure mode” [103].

For the PVC foam core plate, failure (wrinkling) occurred in the top facesheets. The
specimens after the test are shown in Figure 7.20.

Figure 7.20 PVC foam core specimens after test.

Meanwhile, in the honeycomb core specimens, it was observed that failure occurred
first in the core, which is not acceptable. This invalidates the calculation of the facing
ultimate stress; which could only be possible if another configuration for the test was
used. Nevertheless, the main interest of these tests is to compare the behaviour of both
cores and how Ansys is able to predict it, which is still possible to do. The applied load-
displacement curves are presented in Figure 7.21 for the PVC 60 foam core specimens and
for the honeycomb core specimens in Figure 7.22

Figure 7.21 Applied load - displacement curves for the long beam flexure test - PVC 60 foam
core.
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Figure 7.22 Applied load - displacement curves for the long beam flexure test - honeycomb
core.

Looking at Figure 7.21, the difference between the results of the first specimen and the
remaining is very noticeable. This supports the idea that the sandwich plate was made of
two cores with different properties.

The facing ultimate stress is calculated using the equation below [103]:

F u1 = F u2 = Pmax(S − L)
2(d+ c)bt1

(7.7)

where,

F u1 =F u2 - facing ultimate strength (MPa)

Pmax - maximum force prior to failure (N)

t - nominal facing thickness (mm)

d - measured sandwich total thickness (mm)

c - core thickness (mm) (c = d− 2t)

b - specimen width (mm)

S - support span length (mm)

L - loading span length (mm)

The facing stress was only calculated for the specimens with a foam core, due to the
failure modes of the honeycomb core specimens not being considered as acceptable. The
results for each specimen with a foam core are presented in Table 7.8.
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Table 7.8 PVC foam core long beam flexure test results.

Sample Pmax (N) d (mm) c (mm) b (mm) F 1
u=F 2

u (MPa)

1 214 6.18 5.18 19.8 95.1
2 150 6.27 5.27 20.1 64.7
3 133 6.18 5.18 18.7 62.6
4 146 6.12 5.12 20.1 64.6
5 151 6.02 5.02 20.1 68.0
6 148 6.08 5.08 20 66.3
7 150 6.15 5.15 20.1 66.0
8 150 6.02 5.02 20 67.9
9 148 6.08 5.08 20.2 65.7

For the statistics, the first specimen was excluded from the calculations. The obtained
results were:

x̄ = 65.7 MPa

Sn−1 = 1.79 MPa

CV = 2.72%

Looking at the average facing ultimate strength, it can be concluded that this is a
rather low value. Hence, failure of the irregular PVC foam core sandwich structure is
most probably being governed by local deformation and failure of the core below the
loading rollers, not allowing for pure tensile or compressive failure of the facesheets.

7.2 FEM simulations

Each of the tests was simulated in Ansys in order to assess the accuracy of this software
in predicting the behaviour of the sandwich panels. Successive displacements were applied
to the models and the respective reaction forces were computed and plotted. Then, the
Composite Failure Tool was used, so as to understand how the failure modes predicted by
Ansys corroborated with the experimental failure modes. The materials that were selected
for the analysis were Epoxy Carbon Woven prepreg for the facesheets and PVC 60 foam
for one of the panels, which are available in the Engineering Data. The properties of the
aluminium honeycomb core had to be inserted manually. The properties were obtained
from Toray Advanced Composites product data sheets (AAA-1.8-3/4-25N-3003), which
are available in Appendix H. The considered criteria in the Composite Failure tool were
maximum stress, Tsai-Wu (TW), Tsai-Hill (TH), core failure, facesheet wrinkling (FSW)
and shear crimping.
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7.2.1 Edgewise compressive strength

Two plates were modelled in order to compare the numerical solution provided by Ansys
with the experimental results. The plates were modelled with the same dimensions that
were chosen for the test specimens (48×48 mm2 and 40×40 mm2). A mesh was generated
using 1 mm linear shell elements (SHELL181), which was enough to achieve convergence
of the solution. The generated mesh is shown in Figure 7.23.

Figure 7.23 Mesh generated for the edgewise compressive strength test simulation.

Once the mesh was generated, the sandwich structures were built in ACP. For the
boundary conditions, a fixed displacement on the y and z axis was applied on one of
the edges and, for the same edge, the rotations in all directions were fixed. Then, the
corner node from that edge was selected and the displacement in the x direction was
fixed. Finally, a displacement in the y direction was successively applied on the opposite
edge and the reaction force was plotted. The applied boundary conditions are shown in
Figure 7.24.

Figure 7.24 Boundary conditions applied on the edgewise compressive strength test simula-
tion.
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The obtained results are shown in Figures 7.25 and 7.26 for the PVC 60 foam core and
honeycomb core plates, respectively. Each of the failure modes detected by the Composite
Failure Tool were marked in the figures. These points coincide with the displacements at
which the IRF for the indicated failure criterion became greater than 1. Some of the test
curves were also plotted in the figure, to better visualize the accuracy of the displacement-
force results provided by Ansys.

Figure 7.25 Numerical results VS experimental results for the edgewise compressive strength
test - PVC 60 core.

Figure 7.26 Numerical results VS experimental results for the edgewise compressive strength
test - aluminium honeycomb core.
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7.2.2 Beam flexure

A plate with the dimensions of the specimens was modelled in Ansys. Symmetry was
used, therefore only one quarter of the specimen was modelled, which not only saves
computational effort, but also facilitates the application of boundary conditions. Besides
this, only the span length was considered and the rollers were not modelled. The reason
for this was because adding them would increase complexity and computational effort
without producing very different results. The mesh was generated using an element size
of 1 mm and linear elements. Both sandwich structures were modelled in ACP using the
same procedures that have already been described. The generated mesh is shown in Figure
7.27.

Figure 7.27 Mesh generated for the beam flexure test simulation.

Then, in Static Structural, symmetry boundary conditions were applied on the respec-
tive edges, as well as a displacement on the z direction, UZ=0, to simulate the simply
supported boundary condition. A remote displacement was applied and the reaction force
was computed. The boundary conditions that were applied can be visualized in Figure
7.28.

Figure 7.28 Boundary conditions applied on the beam flexure test simulation.
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The results are presented in Figures 7.29 and 7.30 for the PVC 60 foam core and
honeycomb core plates, respectively.

Figure 7.29 Numerical results VS experimental results for the beam flexure test - PVC 60
core.

Figure 7.30 Numerical results VS experimental results for the beam flexure test - aluminium
honeycomb core.
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7.2.3 Long beam flexure

This test was simulated in Ansys using a similar procedure to the one that was used for
the beam flexure method. A quarter of the plate was modelled and symmetry boundary
conditions were applied. The mesh was generated using the same definitions that were
used for the other simulations and it can be visualized in Figure 7.31.

Figure 7.31 Mesh generated for the long beam flexure test simulation.

All the boundary conditions that were applied are shown in Figure 7.32.

Figure 7.32 Boundary conditions applied on the long beam flexure test simulation.

For the plate with PVC foam core, the numerical results will only be compared with
specimen 1, since this is the only specimen that had an homogeneous core.

The numerical results, as well the curves obtained in the experimental tests, are shown
in Figures 7.33 and 7.34 for the PVC 60 foam core and honeycomb core plates, respectively.
All the failure modes are indicated in the figures, as well.
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Figure 7.33 Numerical results VS experimental results for the long beam flexure test - PVC
60 core.

Figure 7.34 Numerical results VS experimental results for the long beam flexure test -
aluminium honeycomb core.
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7.3 Discussion of the results

Analysing the results, it is possible to conclude than when it comes to force-displacement,
Ansys provided fairly accurate results. The numerical force-displacement results were
superimposed on the experimental curves.

However, the main interest is in regards to the Composite Failure Tool. It was observed
that for the honeycomb core panel, Ansys predicted failure modes that were close to the
experimentally observed failure modes. For example, in the edgewise compressive strength
test, the IRF for the Tsai-Wu, Tsai-Will, Maximum Stress, Shear crimping and Facesheet
Wrinkling criteria become greater than 1 near the maximum force prior to failure. Then,
for the beam flexure test, Ansys predicted core failure followed by ply-failure. This also
matches the experimental observations, where the core failed first and was followed by
failure of the top facesheet as load was continuously applied. Finally, for the long beam
flexure, the Composite Failure Tool also predicted that core failure would occur before ply
failure. This is what was observed in the experimental test, even though this failure mode
is not within the acceptable failure modes given by the standard.

Regarding the PVC foam core, the Composite Failure Tool provided reasonable pre-
dictions of the failure modes, including core failure for the beam flexure and core failure
followed by facesheet failure for long beam flexure, the latter corroborating the observa-
tions done in Section 7.1.3. However, it should be noted that the assigned material for
this core was the PVC 60, available in Engineering Data, and the plate that was used for
the tests had a core that presented irregularities, even though the numerical results were
only compared to the curves of the specimens with apparent homogeneous core. For the
edgewise compressive strength test, Ansys predicted shear crimping, which is the failure
mode that was observed.

The final conclusion that can be taken from these results is that the Ansys Composite
Failure Tool can be used to provide reasonable indications of the onset of failure in com-
posite structures. However, experimental characterization is essential to ensure that the
material properties that are specified in Ansys are correct and that the chosen model is
accurate enough.

Finally, it is possible to conclude that the plate with an aluminium honeycomb core
has far better mechanical properties than the PVC 60 core, even though its thickness is
smaller. However, in terms of weight and cost, the sandwich plate with the foam core is
lighter and far cheaper. Therefore, in order to make a decision between both cores, all the
factors have to be balanced out in terms of requirements, such as weight, cost, and, most
importantly, ensuring that failure does not occur.
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Chapter 8

Conclusions and Future Work

The main purpose of this dissertation was to design a wing for a VTOL aircraft, which
complied with the requirements settled by Beyond Vision. All the conclusions taken from
this work are described in Section 8.1. This chapter also includes suggestions for future
work, in Section 8.2.

8.1 Main conclusions

The main conclusions that were taken once the design process was finished were the
following:

• Although nowadays structural idealization is not a requirement for the design of
aircraft structures, it is still an important procedure that can help designers obtain
a first estimate for the sizing of the components and understand the behaviour of
the structures. It also helps developing criticism that is required to analyse the
numerical results.

• The model that was used for the FEA presented many stress concentrations and
singularities caused by the contacts created between each component. For this rea-
son, it was not possible to assess whether some of the values of the IRF and SF
that predicted failure were caused by these contacts. Nevertheless, the optimisation
of the spars brought alterations to the IRF, and it was possible to decrease it, al-
though not as much as desired due to the simplifications of the model. It should
be noted, however, that the construction of a model without contacts would require
full compatibility of the meshes between adjacent elements which makes the FEA
pre-processing a very time consuming task.

• The use of composite structures was proven to be very effective, especially in terms
of weight-saving, since it was possible to obtain a very light structure without com-
promising the mechanical properties. Besides this, the use of composite structures
allows for extensive optimisation, without having to choose different materials. This
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optimisation not only concerns the modification of the stacking sequence, which can
improve the mechanical properties, but also tapering the laminates, which helps
decreasing weight.

• The optimisation of the laminate is an iterative process, that takes time and study,
in order to make appropriate decisions to maximise the mechanical properties and
minimize weight.

• Although CFD is very important when designing a wing, it was demonstrated that
it is possible to use a simplified load to represent the pressure distribution of the
wing. This allows structural engineers to speed up the design process when the CFD
analysis has not been concluded yet, as well as it reduces computational effort. Nev-
ertheless, the CFD - Static Structural analysis should always be performed, because
using simplified loads can either cause the structure to be oversized or undersized.

• The obtained total mass of the structure is within the desired margin, this means,
below 15.5 kg and so is the deflection (lower than 5% of the wing span). When re-
placing the composite materials for aluminium, it was also verified that the mass did
not surpass 15.5 kg and this could mean that composite materials could be replaced.
However, what is important to evaluate is the safety factor and in order to obtain a
good margin of safety, the structure would have to suffer subsequent changes, which
could largely increase its final weight. Besides this, composite materials can be op-
timised in many ways, such as changing the stacking sequences, plies orientations or
tapering, while aluminium alloys cannot.

Regarding the experimental characterisation that was conducted on selected sandwich
composites, it was concluded that:

• Considering that both panels had similar facesheets, the influence of the core became
very evident. This was immediately possible to assess in the experimental character-
isation of the panel with the PVC 60 foam core, where the specimens that presented
an irregular core also had worse mechanical properties.

• Aluminium honeycomb core provides much better mechanical properties than PVC
60 foam. However, other factors must be taken into account when choosing between
both panels, namely cost and weight.

• FEM simulations, done by Ansys, can predict the behaviour and failure of these
structures, provided that the mechanical properties of the base materials are con-
sistent and correctly defined. Therefore, when doing a FEA of a wing (or other
component), it is imperative to conduct experimental characterisation of the mate-
rials to be used, so as to ensure that Ansys is providing the most accurate failure
predictions.
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8.2 Future work

Recommendations to overcome the limitations encountered in this work and improve the
preliminary design options of this VTOL aircraft wing include:

• Different finite element models and geometries of the wing should be further explored,
in order to solve the limitations caused by the stress concentrations induced by the
contacts between components.

• Topology optimisation can be explored, for example, for the design of the ribs cuts.
This is a mathematical method that optimises the distribution of material, while
fulfilling the established constraints [104].

• The optimisation of the laminate can benefit, for example, from the use of double-
double laminates or other non-conventional design solutions. However, it is impor-
tant that the irregularities and problems encountered in the FEA model are corrected
first.

• Study of different wing box configurations and layouts of the wing, targeting solutions
with better performance.

• Replacement of the aluminium components by composite components and subse-
quent optimisation.
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Appendix A

V-n diagram

A.1 Matlab script

1 clc

2 clear all

3 close all

4 %% maneuvering envelope

5 h=3000; %altitude

6 rho=0.91;

7 clmax=1.3;

8 kg=280; %total weight assumption

9 W=kg*9.81;

10 S=2.88; %wing area

11 n1=0:0.01:3.8; %positive maneuvering load factor

12 v1=sqrt(2.*n1./(rho*S*clmax/W));

13 n11=0:0.20:3.8;

14 v11=sqrt(2.*n11./(rho*S*clmax/W));

15 plot(v1,n1, 'color','black','linewidth',1.5,'Displayname','

Maneuvering envelope')

16 hold on

17 scatter(v11,n11,'d','black','filled','Displayname','Maximum lift')

18 hold on

19 n22=-1.52:0.13:0;

20 n2=-1.52:0.01:0; %negative maneuvering load factor

21 v2=sqrt(2.*abs(n2).*W./(rho*S*clmax));

22 v22=sqrt(2.*abs(n22).*W./(rho*S*clmax));

23 y=plot(v2,n2,'color','black','linewidth',1.5);

24 y.Annotation.LegendInformation.IconDisplayStyle = 'off';

25 hold on
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26 scatter(v22,n22,'black','filled','Displayname','Minimum lift')

27 vcruise=70;

28 loadfac=3.8;

29 aux1=sqrt(2*loadfac*W/(rho*S*clmax));

30 vdive=1.5*vcruise;

31 hold on

32 a=line([aux1 vdive], [loadfac loadfac], 'color','black','linewidth'

,1.5);

33 a.Annotation.LegendInformation.IconDisplayStyle = 'off';

34 negloadfac=-1.52;

35 aux2=sqrt(2.*abs(negloadfac).*W./(rho*S*clmax));

36 b=line([aux2 vcruise], [negloadfac negloadfac], 'color','black',...

37 'linewidth',1.5);

38 b.Annotation.LegendInformation.IconDisplayStyle = 'off';

39 d=line([vcruise vdive], [negloadfac 0], 'color','black','linewidth'

,1.5);

40 d.Annotation.LegendInformation.IconDisplayStyle = 'off';

41 grid on

42 vstall=40;

43 h=legend

44 set(h, 'Interpreter', 'LaTex','Fontsize',12,'location','northwest');

45 %% gust envelope

46 U2=15.25;

47 U3=7.5;

48 taperr=0.8;

49 cr=0.534;

50 mac=2/3*cr*(1+taperr+taperr^2)/(1+taperr);

51 clalpha=4.645;

52 miu=2*W/(S*rho*9.81*mac*clalpha);

53 K=0.88*miu/(5.3+miu);

54 vel2=0:5:70;

55 vel3=0:5:105;

56 loadfacvar2=K*U2.*vel2.*clalpha./2.*(S/W);

57 loadfacvar3=K*U3.*vel3.*clalpha./2.*(S/W);

58 npos2=1+loadfacvar2;

59 nneg2=1-loadfacvar2;

60 npos3=1+loadfacvar3;

61 nneg3=1-loadfacvar3;

62 plot(vel2,npos2,'color',[0.6 0.6 0.6],'linewidth',1.5...

63 ,'displayname','Gust envelope')



Matlab script 195

64 hold on

65 plot(vel2,npos2,'-o','markersize',4,'color',[0.6 0.6 0.6],'linewidth

',1.5...

66 ,'displayname','$U_2$')

67 hold on

68 plot(vel3,npos3,'-*','markersize',6,'color',[0.6 0.6 0.6],'linewidth

',1.5...

69 ,'displayname','$U_3$')

70 hold on

71 z1=plot(vel2,nneg2,'-o','markersize',4, 'color',[0.6 0.6 0.6],'

linewidth',1.5);

72 z1.Annotation.LegendInformation.IconDisplayStyle = 'off';

73 z2=plot(vel3,nneg3,'-*','markersize',6, 'color',[0.6 0.6 0.6],'

linewidth',1.5);

74 z2.Annotation.LegendInformation.IconDisplayStyle = 'off';

75 hold on

76 line([vstall vstall], [-1 1], 'color',[0.4 0.4 0.4],'linewidth',1.5,

...

77 'linestyle','--','displayname','$V_{\mathrm{stall}}$');

78 line([vcruise vcruise], [negloadfac loadfac], 'color',[0.7 0.7 0.7],

...

79 'linewidth',1.5, 'linestyle','--','displayname',...

80 '$V_{\mathrm{cruise}}$');

81 line([vdive vdive], [0 loadfac], 'color','black','linewidth',1.5,...

82 'linestyle',':','displayname','$V_{\mathrm{dive}}$');

83 %xlim([0 130])

84 ylabel('Load factor $n$','interpreter','latex','Fontsize',16);

85 xlabel('Velocity /m$\cdot$s$^{-1}$','interpreter','latex','Fontsize'

,16);

86 set(gca,'TickLabelInterpreter','latex','Fontsize',16)
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Appendix B

NACA 6412

B.1 Airfoil characteristic curves

Figure B.1 Cl vs alpha, Re = 1000000
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Figure B.2 Cm vs alpha, Re = 1000000
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Appendix C

Schrenk method and wing pitching
moment

C.1 Matlab script

1 clc

2 clear all

3 close all

4 %% schrenk

5 b=6; %span

6 sf=1.5; %safety factor

7 n=3.8; %load factor

8 lambda=0.8; %taper ratio

9 mtow=280;

10 g=9.81;

11 L=sf*n*mtow*g; %lift

12 y=0:0.01:b/2; %spanwise distance of section

13 ellipL=4*L/(pi*b).*sqrt(1-(2.*y./b).^2); %elliptical lift

14 trapL=zeros(length(y));

15 trapL=2*L/((1+lambda)*b).*(1+2.*y./b.*(lambda-1)); %planform lift;

16 trapL(length(y))=0;

17 schrenkL=zeros(length(y));

18 schrenkL=(ellipL+trapL)/2;

19 schrenkL(length(y))=0;

20 figure(1)

21 plot(y,schrenkL,'linewidth',1.5,'color', 'black')

22 hold on

23 plot(y,ellipL,'linewidth',1.5,'color', [0.6 0.6 0.6], 'linestyle','

--')
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24 hold on

25 plot(y,trapL,'linewidth',1.5,'color', [0.4 0.4 0.4], 'linestyle','-.

')

26 xlim([0 3.1])

27 grid on

28 ylabel('Lift distribution /N$\cdot$m$^{-1}$','interpreter','latex','

Fontsize',14);

29 xlabel('$y$ /m','interpreter','latex','Fontsize',14);

30 h=legend('Schrenk', 'Elliptical','Trapezoidal');

31 set(h, 'Interpreter', 'LaTex','Fontsize',12);

32 set(gca,'xtick',[0:0.3:3.1])

33 set(gca,'TickLabelInterpreter','latex')

34 syms x

35 fun=(4*L/(pi*b)*sqrt(1-(2*x/b)^2)+4*L/(pi*b)*sqrt(1-(2*x/b)^2))/2;

36 a=int(fun,0,3);

37 disp a

38 val=(21918550966341735*pi)/8796093022208;

39 val1=val/sf/n/g;

40 %% wing pitching moment

41 alpha=-0.8;

42 cr=0.534;

43 ct=0.427;

44 cl=0.56062;

45 cm=-0.1378;

46 droot=abs(cm/cl)*cr;

47 dtip=abs(cm/cl)*ct;

48 d=droot.*(1-2.*y./b.*(1-dtip/droot));

49 c=cr.*(1-2*y./b.*(1-ct/cr));

50 M=-schrenkL.*cos(alpha*pi/180).*(d+(0.18-0.25).*c);

51 figure(2)

52 plot(y,M,'color','black','linewidth',1.5)

53 xlim([0 3.2])

54 grid on

55 ylabel('Wing Pitching Moment /N','interpreter','latex','Fontsize'

,14);

56 xlabel('Half-span location $y$ /m','interpreter','latex','Fontsize'

,14);

57 set(h, 'Interpreter', 'LaTex','Fontsize',12);

58 set(gca,'xtick',[0:0.3:3.1])

59 set(gca,'TickLabelInterpreter','latex')
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Appendix D

Structural weight of the wing

D.1 Matlab script

1 b=6; %span

2 SF=1.5; %safety factor

3 nload=3.8;

4 n=SF*nload; %ndesign

5 tr=0.8; %taper ratio

6 g=9.81; %gravity acceleration

7 mwing=15.5; %kg

8 Ww=g*mwing;

9 y=0:0.02:3; %half-span

10 W=-n*2*Ww/(b*(1+tr)).*(1-2.*y./b.*(1-tr));

11 plot(y,W,'color','black','linewidth',1.5)

12 grid on

13 ylabel('Weight distribution /N$\cdot$m$^{-1}$','interpreter','latex'

,'Fontsize',14);

14 xlabel('Half-span location $y$ /m','interpreter','latex','Fontsize'

,14);

15 set(gca,'xtick',[0:0.3:3.1])

16 set(gca,'TickLabelInterpreter','latex')
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Appendix E

Weight of the fuel tank

E.1 Matlab script

1 SF=1.5; %safety factor

2 nload=3.8;

3 n=SF*nload; %ndesign

4 g=9.81; %gravity acceleration

5 rho=840; %kg/m^3

6 Vf=0.01126; %volume of the fuel tank /m^3

7 Wf=g*rho*Vf*n; %/N

8 Lf=0.750; %/m

9 Cr=0.534; %/m

10 Cf=0.50725; %/m

11 x1=0.18; %location of front spar

12 x2=0.7; %location of rear spar

13 Crf=Cr*(x2-x1); %width of tank at root

14 Ctf=Cf*(x2-x1); %width of tank at Lf

15 y=0:0.75/50:0.75; %half-span

16 W=-Wf/(Lf*(Crf+Ctf)).*(Crf-y.*(Crf-Ctf)./Lf);

17 plot(y,W,'color','black','linewidth',1.5)

18 grid on

19 ylabel('Fuel tank weight distribution /N$\cdot$m$^{-1}$','

interpreter',...

20 'latex','Fontsize',14);

21 xlabel('Half-span location $y$ /m','interpreter','latex','Fontsize'

,14);

22 set(gca,'xtick',[0:0.25:0.75])

23 set(gca,'TickLabelInterpreter','latex')

24 xlim([0 0.75])
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Appendix F

Propeller specifications

Figure F.1 U15XL KV38 - specifications

Figure F.2 FLAME 280A 24S - Specifications
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Figure F.3 Propeller - Specifications
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Appendix G

Structural idealization

G.1 Matlab script

1 clc

2 clear all

3 close all

4 %Structural idealization

5 rootchord=534;

6 tipchord=427;

7 %booms

8 xboom=zeros(1,8);

9 xboom(1)=0.7*rootchord; %rearspar

10 xboom(8)=xboom(1); %rearspar

11 xboom(4)=0.18*rootchord; %mainspar

12 xboom(5)=xboom(4); %mainspar

13 ss=100; %stringerspacing

14 xboom(3)=xboom(4)+ss;

15 xboom(2)=xboom(3)+ss;

16 xboom(6)=xboom(3);

17 xboom(7)=xboom(2); %stringers

18 yboom=zeros(1,8);

19 yboom(1)=19.66;

20 yboom(2)=32.52;

21 yboom(3)=40.11;

22 yboom(4)=30.32;

23 yboom(5)=-yboom(4);

24 yboom(6)=-yboom(3);

25 yboom(7)=-yboom(2);

26 yboom(8)=-yboom(1);



208 Structural idealization

27 flange=zeros(1,8); %areas of the boom flanges

28 flange(1)=0;

29 flange(2)=0;

30 flange(3)=0;

31 flange(4)=0;

32 flange(5)=0;

33 flange(6)=0;

34 flange(7)=0;

35 flange(8)=0;

36 %sections

37 xsec=zeros(1,8);

38 for i=1:7

39 xsec(i)=(xboom(i)+xboom(i+1))/2;

40 end

41 xsec(8)=(xboom(1)+xboom(8))/2;

42 ysec=zeros(1,8);

43 for i=1:7

44 ysec(i)=(yboom(i)+yboom(i+1))/2;

45 end

46 ysec(8)=(yboom(1)+yboom(8))/2;

47 t=zeros(1,8); %thickness of each section

48 t(1)=0.5;

49 t(2)=0.5;

50 t(3)=0.5;

51 t(4)=3;

52 t(5)=0.5;

53 t(6)=0.5;

54 t(7)=0.5;

55 t(8)=1.5;

56 length=zeros(1,8); %length of the sections

57 for i=1:7

58 length(i)=sqrt((yboom(i+1)-yboom(i))^2+(xboom(i)-xboom(i+1))^2);

59 end

60 length(8)=sqrt((yboom(1)-yboom(8))^2+(xboom(8)-xboom(1))^2);

61 area=zeros(1,8); %area of the sections

62 for i=1:8

63 area(i)=length(i).*t(i);

64 end

65 xsecA=zeros(1,8);

66 for i=1:8
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67 xsecA(i)=xsec(i)*area(i);

68 end

69 xboomA=zeros(1,8);

70 for i=1:8

71 xboomA(i)=xboom(i)*flange(i);

72 end

73 xc=(sum(xsecA)+sum(xboomA))/(sum(area)+sum(flange)); %centroid

74 yc=0;

75 xcchord=xc/rootchord*100; %location of the centroid in the chord

76 %location of booms in relation to the centroid

77 Xboom=zeros(1,8);

78 for i=1:8

79 Xboom(i)=xboom(i)-xc;

80 end

81 Yboom=zeros(1,8);

82 for i=1:8

83 Yboom(i)=yboom(i)-yc;

84 end

85 %boom areas

86 boomarea=zeros(1,8);

87 for i=2:7

88 boomarea(i)=flange(i)+(area(i-1)/6).*(2+Yboom(i-1)/Yboom(i))+(

area(i)/6)*(2+Yboom(i+1)/Yboom(i));

89 end

90 boomarea(1)=flange(1)+(area(1)/6).*(2+Yboom(2)/Yboom(1))+(area(8)/6)

*(2+Yboom(8)/Yboom(1));

91 boomarea(8)=flange(8)+(area(8)/6).*(2+Yboom(1)/Yboom(8))+(area(7)/6)

*(2+Yboom(7)/Yboom(8));

92 %normal stress distribution

93 dixx=zeros(1,8);

94 for i=1:8

95 dixx(i)=Yboom(i)^2*boomarea(i);

96 end

97 Ixx=sum(dixx);

98 Mx=8993000; %Nmm - bending moment

99 sigmaz=zeros(1,8);

100 for i=1:8

101 sigmaz(i)=Mx*Yboom(i)/Ixx;

102 end

103 Pz=zeros(1,8);
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104 for i=1:8

105 Pz(i)=sigmaz(i)*boomarea(i);

106 end

107 %booms at tip

108 halfspan=3000;

109 Nd=0.25*rootchord+halfspan*tan(pi*5/180)-0.25*tipchord; %sweep angle

distance

110 xboomt=zeros(1,8);

111 xboomt(1)=0.7*tipchord+Nd; %rearspar

112 xboomt(8)=xboomt(1); %rearspar

113 xboomt(4)=0.18*tipchord+Nd; %mainspar

114 xboomt(5)=xboomt(4); %mainspar

115 xboomt(3)=xboom(3)/rootchord*tipchord+Nd;

116 xboomt(2)=xboom(2)/rootchord*tipchord+Nd;

117 xboomt(6)=xboomt(3);

118 xboomt(7)=xboomt(2); %stringers

119 yboomt=zeros(1,8);

120 yboomt(1)=15.72;

121 yboomt(2)=26.005;

122 yboomt(3)=32.07;

123 yboomt(4)=24.24;

124 yboomt(5)=-yboomt(4);

125 yboomt(6)=-yboomt(3);

126 yboomt(7)=-yboomt(2);

127 yboomt(8)=-yboomt(1);

128 dxdz=zeros(1,8);

129 for i=1:8

130 dxdz(i)=-(xboom(i)-xboomt(i))/halfspan;

131 end

132 dydz=zeros(1,8);

133 for i=1:8

134 dydz(i)=-(yboom(i)-yboomt(i))/halfspan;

135 end

136 Px=zeros(1,8);

137 Py=zeros(1,8);

138 for i=1:8

139 Px(i)=Pz(i)*dxdz(i);

140 Py(i)=Pz(i)*dydz(i);

141 end

142 Sy=-6212; %N shear load
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143 Syw=Sy-sum(Py);

144 dqb=zeros(1,8);

145 for i=1:8

146 dqb(i)=-Syw/Ixx*boomarea(i)*Yboom(i);

147 end

148 qb=zeros(1,8);

149 qb(1)=0; %cutting the beam between boom 1 and 2

150 for i=2:8

151 qb(i)=dqb(i)+qb(i-1);

152 end

153 %calculation of q0

154 A=zeros(1,8);

155 B=zeros(1,8);

156 for i=1:7

157 A(i)=Yboom(i+1)-Yboom(i);

158 B(i)=Xboom(i+1)-Xboom(i);

159 end

160 A(8)=Yboom(1)-Yboom(8);

161 B(8)=Xboom(1)-Xboom(8);

162 dA=zeros(1,8); %enclosed area

163 dst=zeros(1,8);

164 dstqb=zeros(1,8);

165 for i=1:8

166 dA(i)=A(i)*Xboom(i)-B(i)*Yboom(i);

167 dst(i)=length(i)/t(i);

168 dstqb(i)=dst(i)*qb(i);

169 end

170 q0=-sum(dstqb)/sum(dst);

171 Pyxi=zeros(1,8);

172 dAqb=zeros(1,8);

173 for i=1:8

174 Pyxi(i)=Py(i)*Xboom(i);

175 dAqb(i)=dA(i)*qb(i);

176 end

177 centroid=xc/rootchord;

178 aux1=sum(dA);

179 aux2=sum(dAqb);

180 aux3=sum(Pyxi);

181 scdist=(aux1*q0+aux2+aux3)/(-Sy);

182 scx=xc-scdist;
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183 sc=scx/rootchord;

184 sigmaz4=sigmaz(4);

185 display(sigmaz4)

186 display(sc)

187 display(centroid)
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PRODUCT DATA SHEET

Nomex® Honeycomb
Aerospace Grade

NomexHC-Aero_PDS_v8_2020-06-12

Contact us for more information:
Europe/Middle East/Africa
e explore@toraytac-europe.com
t +44 (0)1773 530899

DESCRIPTION
ANA aerospace grade Nomex® honeycomb core is manufactured from Nomex® paper sheets and is coated and bonded 
together with a phenolic resin.

Designed to offer users and designers high strength-to-weight properties at relatively low cost, Nomex® honeycomb is 
particularly suitable as a core material for production of sandwich structures requiring significant FST performance and 
using high performance fiber reinforced composites as the facing material.

FEATURES
	fHigh strength-to-weight ratio    
	fEasily formed to shape
	fExcellent fire-resistant and self-extinguishing properties to FAR 25.583  
	fCorrosion resistance against water, oil, and fuel
	fHigh temperature capabilities; service temperature up to 180°C  
	fGood dielectric properties 
	fCut to customer specifications

TYPICAL APPLICATIONS
 fSandwich panel applications 
 fAircraft flooring —varying densities depending on level of 
duty
 fAircraft interiors—ranging from sidewalls, galleys, and 
ceilings, including commercial aerospace, business, and  
VIP interiors
 fCargo lining
 fHelicopter rotor blades
 fAircraft leading and trailing edges
 fFuselage components

PRODUCT RANGE
Standard products:
The following products are usually available as ex-stock items. 
Additional grades can be sourced upon request, subject to 
minimum order quantities and extended lead times.

 fANA-3.2-29
 fANA-3.2-48
 fANA-3.2-64
 fANA-4.8-48(OX)

For our range of commercial grade Nomex® honeycomb (ANC), 
please refer to our Nomex® Honeycomb—Commercial Grade 
product data sheet.

PRODUCT DESIGNATION

e.g. ANA
(a)

3.2
(b)

48
(c) (d)

a. ANA Nomex® aerospace honeycomb

b. 3.2 Cell size in millimeters

c. 29 Density (kg/m3)

d. (OX) Overexpanded

STANDARD DIMENSIONS AND TOLERANCES
Nominal sheet length (W) = 2500 ± 75 mm

Nominal sheet width (L) = 1250 ± 75 mm

Sheet thickness as requested 
from 1.5 mm to 100 mm ± 0.125 mm

Density as nominal ± 10% (except ANA-3.2-29 ± 13%)

Other sheet sizes may be available upon request.

Figure H.1 Nomex Honeycomb Aerospace Grade (Toray Advanced Composites) Product
Data sheet - description.
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PRODUCT DATA SHEET

Nomex® Honeycomb
Aerospace Grade

Amber Drive, Langley Mill
Nottingham, NG16 4BE, UK
t +44 (0)1773 530899

www.toraytac.com
explore@toraytac-europe.com (Europe/Middle East/Africa)

T = Thickness or cell depth      L = Ribbon direction      W = Direction perpendicular to the ribbon direction

MECHANICAL PROPERTIES
Property Stabilized Compression Plate Shear

Strength (MPa) Modulus (MPa)
Strength

“L Direction”
(MPa)

Modulus
“L Direction”

(MPa)

Strength
“W Direction”

(MPa)

Modulus
“W Direction”

(MPa)

ANA-3.2-29 0.90 60 0.5 25 0.35 17

ANA-3.2-48 2.4 138 1.25 40 0.73 25

ANA-3.2-64 3.9 190 2.0 63 1.0 35

ANA-4.8-48(OX) 2.9 120 0.8 20 0.85 35

HEXAGONAL CELL OVEREXPANDED CELL

Figure H.2 Nomex Honeycomb Aerospace Grade (Toray Advanced Composites) Product
Data sheet - Mechanical properties.
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PRODUCT DATA SHEET

Aluminum Honeycomb
Aerospace Grade

AlumHC-Aero_PDS_v10.1_2020-01-22

Contact us for more information:
Europe/Middle East/Africa
e explore@toraytac-europe.com
t +44 (0)1773 530899

DESCRIPTION
Toray’s aluminum aerospace (AAA) grade honeycomb core is available in corrosion-resistant 5052 and 5056 alloys.

Designed predominately for use in sandwich structures to produce highly engineered structural components. In 
particular, the material offers the designer high strength-to-weight properties at relatively low cost, aluminum 
honeycomb is particularly suitable as a shear carrying core in adhesively bonded sandwich panel assemblies.

FEATURES
ffHigh strength-to-weight ratio 
ffCorrosion resistant
ffEasily machined and formed
ff Low cost
ffPerforated foil available
ff  Cut to customer thickness specification

TYPICAL APPLICATIONS
 fCommercial aircraft flooring
 fSpace and satellite components
 fAircraft leading and trailing edges
 fHelicopter rotor blades
 fFan casings

A wide variety of other applications have been found to exploit 
the unique properties of aluminum honeycomb such as:

 fAutomotive chassis construction
 fMarine bulkhead joiner panels
 fEnergy absorption—crash barriers, impact protection
 fAir or fluid flow control—wind tunnels, refrigeration display 
counters
 fAcoustical absorbers
 fRF shielding

PRODUCT RANGE
Standard products:
The following products are usually available as ex-stock items. 
Additional grades can be sourced upon request, subject to 
minimum order quantities and extended lead times.

 fAAA-4.5-1/8-10N-5052/5056
 fAAA-6.1-1/8-15N-5056*
 fAAA-8.1-1/8-20N-5052/5056*

For our range of commercial grade aluminum honeycomb (AAC), 
3003 grade foil, please refer to Toray’s aluminum honeycomb—
commercial grade product data sheet.

PRODUCT DESIGNATION
e.g. AAA

(a)
4.5
(b)

1/8
(c)

 10
(d)

N
(e)

5052
(f)

a. AAA Toray aluminum aerospace honeycomb

b. 4.5 Density (lb/ft3)

c. 1/8 Cell size in fractions of an inch

d. 10 Nominal foil thickness in ten thousands of 
an inch e.g., 0.001 in.

e. N Nonperforated foil

f. 5052 Grade of aluminum alloy

STANDARD DIMENSIONS AND TOLERANCES
Nominal sheet length (W) = 2500 mm min. except * 2440 mm

Nominal sheet width (L) = 1250 mm min. except * 1220 mm

Sheet thickness as requested above 2 mm ± 0.125 mm
Note: High-density materials, e.g., 8.0lb/ft³ or higher, may not be available at 
thicknesses exceeding 20 mm. Core is expanded at customer’s own risk.

Density as nominal ± 10%

Cell size as nominal ± 10%

Other sheet sizes may be available upon request.
Over expanded sheets are also available.

Figure H.3 Aluminum Honeycomb Aerospace Grade (Toray Advanced Composites) Product
Data sheet - description.
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PRODUCT DATA SHEET

Aluminum Honeycomb
Commercial Grade

Amber Drive, Langley Mill
Nottingham, NG16 4BE, UK
t +44 (0)1773 530899

www.toraytac.com
explore@toraytac-europe.com (Europe/Middle East/Africa)

Revised 01/2020

T = Thickness or cell depth      L = Ribbon direction      W = Direction perpendicular to the ribbon direction

MECHANICAL PROPERTIES
Property Compressive Crush Plate Shear

Bare Stabilized “L Direction” “W Direction”

Strength
(psi)

Strength
(psi)

Modulus 
(ksi)

Strength 
(psi)

Strength 
(psi)

Modulus 
(ksi)

Strength 
(psi)

Modulus 
(ksi)

Typical Min. Typical Min. Typical Typical Typical Min. Typical Typical Min. Typical

AAA-3.1-1/8-07N-5052 270 200 300 215 75 130 210 155 45 130 90 72

AAA-4.5-1/8-10N-5052 520 375 570 405 150 260 340 255 70 220 165 31

AAA-8.1-1/8-20N-5052 1400 1000 1560 1100 350 750 725 543 135 455 341 54

AAA-4.5-1/8-10N-5056 630 475 690 500 185 320 440 350 70 255 205 28

AAA-6.1-1/8-15N-5056 1120 760 1200 825 295 535 690 525 102 400 305 38

AAA-8.1-1/8-20N-5056** 1520 1200 1900 1300 435 810 900 740 143 520 440 51

**Higher performance values may be available on request
These values are nominal and not absolute 
Data collated from various core options.

HEXAGONAL CELL

Figure H.4 Aluminum Honeycomb Aerospace Grade (Toray Advanced Composites) Product
Data sheet - Mechanical properties.
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PRODUCT DATA SHEET

Aluminum Honeycomb
Commercial Grade

AlumHC-Comm_PDS_v9.1_2020-01-22

Contact us for more information:
Europe/Middle East/Africa
e explore@toraytac-europe.com
t +44 (0)1773 530899

DESCRIPTION
Toray Advanced Composites’ aluminum commercial (AAC) grade honeycomb core is manufactured from corrosion-
resistant 3003 alloy foil.

Designed to offer industrial users and designers high strength-to-weight properties at relatively low cost, aluminum 
honeycomb is particularly suitable as a shear carrying core in adhesively bonded sandwich panel assemblies.

FEATURES
ffHigh strength-to-weight ratio 
ffCorrosion resistant
ffEasily machined and formed
ff Low cost
ffPerforated foil available
ff  Cut to customer thickness specification

TYPICAL APPLICATIONS
 fAutomotive chassis construction
 fIndustrial tooling panels
 fRailway interior panels and floors 
 fArchitectural panels
 fShelving, table, and counter tops
 fCommercial vehicle panels
 fMarine interior panels

A wide variety of other applications have been found to exploit 
the unique properties of aluminum honeycomb such as:

 fLaser cutting—reduces surface damage on delicate 
materials, reduces spatter removal
 fEnergy absorption —crash barriers, impact protection
 fAir or fluid flow control—wind tunnels, refrigeration display 
counters
 fLight collimation
 fHeat exchangers

PRODUCT RANGE
Standard products:
The following products are usually available as ex-stock items.  

 fAAC-1.8-3/4-25N-3003
 fAAC-5.2-1/4-25N-3003

For our range of aerospace grade aluminum honeycomb (AAA) 
in 5052 or 5056 grade foil, please refer to Toray’s aluminum 
honeycomb—aerospace grade product data sheet.

PRODUCT DESIGNATION
e.g. AAC

(a)
5.2
(b)

1/4
(c)

 25
(d)

N
(e)

3003
(f)

a. AAC Toray aluminum commercial honeycomb

b. 5.2 Density (lb/ft³)

c. 1/4 Cell size in fractions of an inch

d. 25 Nominal foil thickness in ten thousands of 
an inch e.g., 0.0025 in.

e. N
    P

Nonperforated foil
Perforated foil

f. 3003 Grade of aluminum alloy

STANDARD DIMENSIONS AND TOLERANCES
Nominal sheet length (W) = 2440 mm min.

Nominal sheet width (L) = 1220 mm min.

Sheet thickness tolerance as requested above 2 mm ± 0.125 mm

Density as nominal ± 17%

Cell size as nominal ± 10%

Other sheet sizes may be available upon request.
Overexpanded sheets are also available.

Figure H.5 Aluminum Honeycomb Commercial Grade (Toray Advanced Composites) Prod-
uct Data sheet - description.
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Aluminum Honeycomb
Commercial Grade

Amber Drive, Langley Mill
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t +44 (0)1773 530899

www.toraytac.com
explore@toraytac-europe.com (Europe/Middle East/Africa)

MECHANICAL PROPERTIES
Property Compressive Crush Plate Shear

Bare Stabilized “L Direction” “W Direction”

Strength
(psi)

Strength
(psi)

Modulus 
(ksi)

Strength 
(psi)

Strength 
(psi)

Modulus 
(ksi)

Strength 
(psi)

Modulus 
(ksi)

Typical Min. Typical Min. Typical Typical Typical Min. Typical Typical Min. Typical

AAC-1.8-3/4-25N-3003 110 82 125 - 24 40 95 71 16 55 41 8

AAC-5.2-1/4-25N-3003 620 465 655 - 145 235 304 258 63 210 161 31

T = Thickness or cell depth      L = Ribbon direction      W = Direction perpendicular to the ribbon direction

HEXAGONAL CELL

OVEREXPANDED CELL

Revised 01/2020

Figure H.6 Aluminum Honeycomb Commercial Grade (Toray Advanced Composites) Prod-
uct Data sheet - Mechanical properties.
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Appendix I

Optimum laminate

Figure I.1 Optimum composition of a carbon/epoxy laminate - load case 1 [35].



222 Optimum laminate

Figure I.2 Optimum composition of a carbon/epoxy laminate - load case 2 [35].
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