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Abstract
This paper is a theoretical study about the implementation of a Global Navigation Satellite

System around the Moon. The objective of the study is to investigate from the feasibility to
the implementation of such a system within the framework of a broader project which aims
to see humans activities back on the Moon in the next decade. In that order, the system is
complying with technical specifications as defined by a client. The rationale behind the system
is that to reach a satisfying level of performance - and therefore meet the client’s requirements -
a constellation of twenty-one satellites spread out on three orbits around the Moon at a constant
semi-major axis of 10,000 [km] is needed. The constellation is named after the Greek divinity
Pegasus and in reference to the star constellation. Each orbit is set at an 80 [◦] inclination
and respectively spaced at 120 [◦] from one another with regard to their Right Ascension of
Ascending Node. There are seven satellites per orbit. Every Pegasus’s satellites carry on-board
four atomic clocks, three Emergency Broadcast System antennas, two Tracking, Telecommand
and Control antennas and one navigation antenna. Maneuvers for station-keeping and end-of-
life are ensured by four 1500 [W] hall effect thrusters mounted on two robotic arms with six
degrees of freedom. 150 [kg] of Xenon will be used as propellant so that the mission can be
carried out for at least ten years. A Pegasus satellite has a dry mass of 711.04 [kg] and a wet
mass of 860.64 [kg]. Regarding the service provided on the lunar surface and its low orbit, the
Pegasus constellation guarantees a 100% GNSS and Emergency broadcast availability with a
6.80 [m] global precision at 3σ and a 33 [ns] time precision. All the subsystems are powered by
a 50 [V] Power Conditioning Unit and 165 [Wh/kg] Li-on battery which will be recharged by 15
[m2] of solar panels and used during eclipses. The overall dimensions of one Pegasus spacecraft
are 2.34 [m] × 1.480[m] × 1.284[m]. One full orbital plane of the constellation can be launched
by one Ariane 64, which guarantees its implementation with only three launches, fulfilling a
deployment time span inferior to a year.
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Chapter 1

Introduction

Being the closest celestial body to Earth, the Moon is a natural place to study and consider
the feasibility of extraterrestrial human activities. Recently, there has been renewed enthusiasm
in the exploration of the Moon and Mars. The public is more and more interested in space explo-
ration thanks to the new achievements accomplished by the companies and start-ups disrupting
the space market. Moreover, space agencies like ESA or NASA are showing a growing interest on
new ideas to have a permanent and sustainable presence on the Moon on the prospect to make
it a hub for future Mars missions. It is in that regard that ISAE Supaero and Airbus Defense &
Space entrusted the 2021 Advanced Master TAS ASTRO class to investigate the feasibility of a
long-term Moon Exploration program.

This expedition, called Omega, shall feature six distinct services performed by three satellite
constellations, namely Telecommunication, Moon Observation, Global Navigation, and three on-
ground operations involving an in-situ Human Base, Rover Capacity and a LLO Shuttle Service.
The subject of this paper is the Technical Preliminary Design of the Global Navigation Satellite
System "Pegasus" around the Moon.

Pegasus GNSS objective is to broadcast a Navigation Message throughout the Moon surface
and LLO. To do so, each S/C requires its own ephemeris provided by tracking ground facilities
on Earth and an on board atomic clock. Subsequently the constellation provides the receiver its
position and time reference.

Furthermore, Pegasus will supply an Emergency Broadcast Service by taking advantage of
the full coverage provided by the GNSS requirements. It is possible to receive and transmit a
message through an additional emergency telecommunication link that could supplement the
adjacent Telecommunication Mission.

This study will not cover deeply the launch and transfer orbit towards the Moon since there
were deemed out of scope. This report will not be focusing on developing software or hardware
solutions for the user. The control of the spacecraft and the positioning algorithm for GNSS
and time signals will not be studied in this project.

Setting up a constellation around the Moon poses new challenges that have never been met
before. The objective of this report is to address the different technical challenges about imple-
menting a GNSS constellation around the Moon. More precisely, this study will focus on the
constellation and its S/C´s architecture.

1



Pegasus Project - Technical Report

This report is going to be segmented into three majors sections. The first consideration will
be focus on the Mission and Environment Analysis of the project where the structure of the
Pegasus constellation will be determined, and the environment in which the S/Cs are going
to evolve in defined. Secondly, the focus will be on the Payload definition where both the
Navigation System and Emergency Broadcast System will be established, and their user service
level discussed. Finally, the focus will be put on the Platform of the satellit, in which all the
subsystems necessary to the spacecraft survival and functioning will be characterized.
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Chapter 2

Mission and Environment Analysis

2.1 Introduction
The objective of the mission analysis part is to define the structure of the GNSS constellation,

that is to say the number and characteristics of the orbital planes as well as the number of
satellites per plane. The method for the orbit choice is explained in the next section Lunar
Orbit Design and Analysis. The system requirements set up for the constellation on the lunar
surface and on LLO are:

• At least 4 satellites shall be visible at all time from all points.
• Availability shall be ≥ 0.95.
• Position error @3σ shall be ≤ 16 [m] in the worst case1, should be as smaller as possible.
• Time error @3σ shall be ≤ 100 [µs].

At the same time, it has to be considered to minimize:

• Number of satellites in orbit, to limit the system cost.
• ∆V used for station-keeping by picking the most stable orbit possible.

The deployment and End of Life (EoL) phases have also been discussed in this section. The
output is used in section Propulsion 4.2 to estimate the propellant needed for these phases. The
system requirements set up for the deployment phase and the EoL are:

• The deployment shall be done is less than one year.
• The strategy of the EoL shall be selected in order to limit lunar orbit debris.

In the last part, the environment of the selected constellation is further analyzed. Thermal
fluxes, radiation environment, and disturbing torques are successively studied.

1The initial client requirement of 1m has been adjusted as it cannot be achieved without Augmented GNSS,
see deliverable System Engineering Report

3



Pegasus Project - Technical Report

2.2 Lunar Orbit Design and Analysis

2.2.1 Methodology

Two main constraints drive the choice of the constellation. The first one is the quality of the
positioning service. The second one is the stability of the orbits, which imposes the amount of
∆V required for the station-keeping.

Different constellation configurations have been propagated with the General Mission Analysis
Tool (GMAT): circular orbits with SMA values from 9000 [km] to 15000 [km] and i from 30 [◦]
to 90 [◦] have been tested. At first, the position and attitude ephemeris data from GMAT have
been exported and modified by a MATLAB program to be readable by the VTS software. The
latter has been used to visualize the constellation and the visibility of each satellite (qualitative
analysis). In a second step, a self-developed MATLAB program was used to evaluate, for each
point of the Moon surface, the number of visible satellites and the quality of the positioning
(quantitative analysis). One output example of this algorithm can be seen on figure 3.4 in
section Payload 3. The software Freeflyer has also been used to propagate orbits, in particular
for station keeping and the TM/TC studies.

Figure 2.1: Tools used to propagate and visualize orbits

After preliminary studies with this method, it has been decided to use 21 satellites for the
constellation, the section is more deeply focused on the SMA and inclination choice. The best
GNSS performance was obtained with:

• 3 circular planes system (also facilitating the deployment).
• 7 satellites per plane (limiting the system cost, since adding more satellites does not

improve significantly the positioning quality).

In order to make a constellation choice, four criteria have been taken into account to calculate
a quality value for each configuration (Section 2.2.4): the availability, the GDoP, the lunar
base position error, and the orbit stability. These criteria are quantified by means of indicators
ranging from 0 to 1, 1 being excellent. Also, each of them has been assigned a certain weight,
depending on the importance.
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2.2.2 Constellation Performance

The quality of the positioning service is depending on 3 criteria:

• GDoP, linked to the tetrahedron volume formed by the 4 best satellites visible to the
receiver. For this first study, it has been supposed that a satellite is visible for an elevation
angle above 10 [◦] to take in consideration the lunar relief such as craters.

• Availability of the service (the system is considered available if GDoP ≤ 6).
• Position error, which depends on the UERE and PDoP.

More details on these parameters can be found in the section Navigation System 3.1.2. Finally,
the performance quality is defined by:

Qperformance = 0.5×Qavailibility + 0.5×Qaccuracy
Qperformance = 0.5×Qavailibility + 0.5× (0.4×QGDoP + 0.6×Qerror)
Qperformance = 0.5×Qavailibility + 0.2×QGDoP + 0.3×Qerror

(2.1)

Availability The requirement imposed on the availability is ≥ 0.95 as a minimum during the
mission, worst-case conditions. To have a small margin in case of a performance loss during the
mission, a minimum availability value of ≥ 0.96 is chosen. As it can be seen on the table 2.1,
most of the configuration with a SMA below 10000 [km] can be removed from the choice, as well
as i ≤ 30 [◦]. The higher the altitude, the better the availability and the availability quality of
the configuration since it is defined as: Qavailibility = Availability

max(Availability) .

Inclination[◦] SMA [km]
8000 9000 10000 11000 12000 13000 14000 15000

30 0.774 0.834 0.877 0.905 0.925 0.940 0.950 0.957
40 0.909 0.935 0.951 0.960 0.968 0.975 0.979 0.983
50 0.937 0.956 0.968 0.972 0.976 0.980 0.983 0.986
60 0.941 0.960 0.971 0.977 0.981 0.984 0.987 0.990
70 0.947 0.956 0.967 0.974 0.980 0.984 0.988 0.991
80 0.929 0.952 0.966 0.975 0.981 0.986 0.990 0.992
90 0.935 0.954 0.967 0.975 0.978 0.986 0.990 0.992

Table 2.1: Availability obtained for each configuration.

Global GDoP The requirement imposed on the GDoP is an average ≤ 4 during the whole
mission, worst-case conditions. As it can be seen on the figure 2.1, an inclination below 50[◦] does
not seem to provide good enough performance and can be removed. The higher the altitude,
the better is the GDoP and the GDoP quality of the configuration: QGDoP = 1− GDoP

max(GDoP ) .

5/142



Pegasus Project - Technical Report

9,000 9,500 10,000 10,500 11,000 11,500 12,000 12,500 13,000 13,500 14,000 14,500 15,000

2.4

2.6

2.8

3

3.2

SMA [km]

GDoP
i = 40[◦]
i = 50[◦]
i = 60[◦]
i = 70[◦]
i = 80[◦]
i = 90[◦]

Figure 2.2: Global GDoP obtained for each configuration.

Lunar Base Position Error Specific pole’s performance has been studied as well. The lunar
base outpost previewed location is close to Schackleton crater, on the South pole. It is necessary
to provide better performance on this location as most of the users will be there initially. This
criterion is then chosen to add a lunar pole performance weigh on the performance. As it can
be seen in the figure 2.3, i = 80 [◦] seems to be the minimum value to get the best performance
at the poles no matter the SMA. The higher the inclination, the lower is the error position and
the error quality of the configuration Qerror = 1− error

max(error) .
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Figure 2.3: Position error obtained @3σ at the lunar base for each configuration.
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2.2.3 Orbit Stability

Due to the influence of the Sun and the Earth (main perturbation for altitudes above 6000[km])
and mass concentrations under the Moon surface that induce a variable gravity field, most of
the lunar orbits are unstable. The difficulty is to identify which orbits can be suitable for a
GNSS application by remaining the most stable possible during the mission, to limit the ∆V
required for station-keeping.

Observation

Some lunar orbits called "frozen orbits" are characterized by g ood stability. In order to know
if a given orbit is effectively a frozen orbit (or at least more stable than the majority of the other
orbits), one can study the variations of the osculating Keplerian elements of the satellite over the
time. Indeed, a higher stability will induce fewer variations of the Keplerian elements. Plotting
combination of Keplerian parameters, as for example the polar plot of the eccentricity versus
the Argument of Perigee is an interesting way to identify drifts of the orbit. As illustrated in the
figure 2.4 obtained after propagating different orbits with GMAT, whereas stable orbits remain
in the same location of the polar plot (blue and red crosses), less stable orbits move in different
areas of the plot (black crosses). However, this methodology based only on observations is not
adapted when the number of configurations to test is high (which is the case here with more
than 50 different configurations to test).

Figure 2.4: Observation of the orbit stability over a period of 20 days.
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Quantification

An easy way to quantify the stability of a particular orbit is to compute the relative standard
deviations of the following Keplerian elements: (a, e, i, AoP, RAAN). Indeed, drifts or oscillations
with large amplitudes of these parameters increase the standard deviations. As stable orbits are
characterized by limited variations of the Keplerian elements, they are logically associated with
small standard deviations.

The definition of the relative standard deviation noted RSDi is recalled below, xi being the
Keplerian Element studied, µ the average of xi over the time and N the number of time steps
(the time is considered as discretized).

σxi =

√√√√ 1
N

N∑
n=1

(xi(n)− µ)2

RSDi = σxi

µ

(2.2)

The different constellations evaluated regarding the quality of the positioning service (Section
2.2.2) are now assessed regarding the stability of their orbital planes. As the constellations with
an inclination of 30[◦] and the ones with a SMA lower than 9000 [km] have been discarded in
the performance analysis, only inclinations between 40[◦] and 90[◦] and SMA between 9000 [km]
and 15000 [km] are tested here. A total of 42 configurations are therefore studied here.

Each orbit is propagated with the software GMAT during 120 days and the relative standard
deviation of each osculating Keplerian element is calculated. It is noted that the propagation
model takes into consideration the main sources of disturbance (effect of the Sun and the Earth,
irregular gravity field of the Moon, solar radiation pressure). The results obtained are shown in
the figure 2.5 (the relative standard deviations have been normalized during the process). The
following observations are made:

• Increasing the altitude increases the standard deviations of all Keplerian elements. This is
explained by the fact that at this altitude, the main perturbation is the effect of the Sun
and the Earth. Increasing the altitude increases therefore the perturbation of the Earth
and thus the dispersion of the Keplerian elements.

• Increasing the inclination has antagonist effects depending on the Keplerian element con-
sidered: increasing the inclination reduces the standard deviations of i, RAAN, and SMA.
On the other hand, increasing i leads to an increase in the dispersion of the eccentric-
ity. To explain the reason for these effects, the way the Earth attracts the satellite must
be analyzed in order to understand what are the perturbed accelerations induced on the
satellite. This study is out of scope.

This first analysis shows that it is difficult to assess the orbit stability by using all standard
deviations. Therefore, it is decided to create a unique indicator of the stability, noted Qstab,
based on a Weighted Sum Model (WSM) used in the decision theory. The relative standard
deviation of the Keplerian element xi calculated for one specific constellation is noted RSDi,c,
i being the index of the Keplerian element and c the index of the constellation (1 ≤ i ≤ 5,
1 ≤ c ≤ 42).
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(a) Inclination (b) RAAN

(c) SMA (d) Eccentricity

Figure 2.5: Effects of the SMA and the inclination on the relative standard deviations (normal-
ized) of the different osculating Keplerian elements

The stability indicator of the constellation c is given by the following formula:

Qstabc = 1−

 1
5∑
i=1

αi

·
5∑
i=1

αi.
RSDi,c

max
c
RSDi,c

 (2.3)

The final indicators are then normalized to obtain indicators between 0 and 1, 1 meaning that
the constellation is the most stable among all configurations tested.

The weights αi are chosen according to the constraints of the maneuvers necessary to correct
the drift of the corresponding Keplerian element: since that out-of-the plane maneuvers are
way more expensive than in-the-plane maneuvers, a weight equal to 5 is used for the inclination
and a weight equal to 2 is used for both the eccentricity and the semi-major axis. Since it is
expected that the eccentricity remains low, the variation of the argument of perigee is not a
problem, a weight equal to 1 is chosen. As explained later in this report (Section 4.2.3), the
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RAAN variations will not be corrected and therefore will not participate in the ∆V required for
the maneuvers. Consequently, a weight equal to 0 is given to the RAAN.

The final stability indicators obtained for all constellations are presented in figure 2.6. As
more weights are given to the inclination, and due to the fact that higher inclinations reduce the
variations of inclination, it is logical that constellations with higher inclinations have a better
stability indicator. Moreover, the negative effects of altitude on global stability are clearly
noticeable.

9,000 9,500 10,000 10,500 11,000 11,500 12,000 12,500 13,000 13,500 14,000 14,500 15,000

0.6

0.7

0.8

0.9

1

SMA [km]

Stability indicator
i = 40[◦]
i = 50[◦]
i = 60[◦]
i = 70[◦]
i = 80[◦]
i = 90[◦]

Figure 2.6: Stability indicator for the different configurations.
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2.2.4 Quality

The choice of the final orbit is made according to the performance and stability, a quality
value Qtot is calculated for each of them:

Qtot = 0.7×Qperfo + 0.3×Qstab

More weight is put on the performance than the stability. Indeed, the project requirements
are mainly related to the performance of the service offered by the constellation. The stability
will have an effect on the technical aspects (and especially on the station-keeping strategy) but
is considered as less important than the performance. The result is presented on the figure 2.7,
the best inclination option is clearly either i = 80 [◦] or i = 90 [◦]. To avoid to have collisions
maneuvers issues at the poles i = 90 [◦] orbits are removed from the choice. At last, SMA =
10000[km] is picked instead of SMA = 9000[km] as it reduces almost of 0.7 [m] the global error
position, while keeping an acceptable stability indicator. The quality of the chosen constellation
is Qtot = 0.973.

9,000 9,500 10,000 10,500 11,000 11,500 12,000 12,500 13,000 13,500 14,000 14,500 15,000
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0.92

0.94
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0.98

1

SMA [km]
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i = 40[◦]
i = 50[◦]
i = 60[◦]
i = 70[◦]
i = 80[◦]
i = 90[◦]

Figure 2.7: Quality indicator of the different configurations and selected orbit in red circle.
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2.2.5 Synthesis

The final choice made is 3 orbital planes consisting of 7 satellites each. The planes, at the
beginning of the operations, are characterized by the following orbital parameters:

• a = 10 000[km]
• e = 0.003
• i = 80[°]
• RAAN = 0/120/240[°]
• AoP = 270[°]

The Pegasus reference constellation is thus a Walker 80 [◦]: 21/3/1 constellation. As such, it
implies that the system consists of 21 satellites homogeneously distributed in 3 orbital planes
and separated in the equatorial plane by 120 [◦] as Galileo [1]. As observed Table 2.2, in each
orbital plane, each satellite is separated with an angular distance of 51.4 [◦]. The relative phase
shift factor between satellites in adjacent planes is 1, leading to an offset of 17.1 [◦] between
satellites in adjacent planes. A two-dimensional visualization of the system configuration can
be seen in Fig. 2.8, while a three-dimensional view is depicted on figure 2.9.

Reference constellation orbital and technical parameters
Satellite ID Slot SMA[km] e i[°] RAAN[°] AoP[°] TA[°]
Pegasus01 01 A01 10000 0.003 80 0 270 0
Pegasus02 02 A02 10000 0.003 80 0 270 51.4
Pegasus03 03 A03 10000 0.003 80 0 270 102.8
Pegasus04 04 A04 10000 0.003 80 0 270 154.2
Pegasus05 05 A05 10000 0.003 80 0 270 205.7
Pegasus06 06 A06 10000 0.003 80 0 270 257.1
Pegasus07 07 A07 10000 0.003 80 0 270 308.5
Pegasus08 08 B01 10000 0.003 80 120 270 17.1
Pegasus09 09 B02 10000 0.003 80 120 270 68.5
Pegasus10 10 B03 10000 0.003 80 120 270 120
Pegasus11 11 B04 10000 0.003 80 120 270 171.4
Pegasus12 12 B05 10000 0.003 80 120 270 222.8
Pegasus13 13 B06 10000 0.003 80 120 270 274.2
Pegasus14 14 B07 10000 0.003 80 120 270 325.7
Pegasus15 15 C01 10000 0.003 80 240 270 34.2
Pegasus16 16 C02 10000 0.003 80 240 270 85.7
Pegasus17 17 C03 10000 0.003 80 240 270 137.1
Pegasus18 18 C04 10000 0.003 80 240 270 188.5
Pegasus19 19 C05 10000 0.003 80 240 270 240
Pegasus20 20 C06 10000 0.003 80 240 270 291.4
Pegasus21 21 C07 10000 0.003 80 240 270 342.8

Table 2.2: Reference constellation orbital and technical parameters.
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Figure 2.8: Formation configuration of the Pegasus constellation.

Figure 2.9: Visualization of the Pegasus constellation.

13/142



Pegasus Project - Technical Report

2.3 Trajectories Analysis

2.3.1 Low-Energy Low-Thrust Deployment

A low-energy Earth-Moon transfer is considered for the deployment as it is an interesting
alternative to Hohmann-like transfers. Low-energy transfers are characterized by a long flight
duration but their fuel consumption is making them suitable for unmanned missions. A LELT
(Low-Energy Low-Thrust) method executing ballistic lunar capture is chosen for the constella-
tion deployment [2]. The main idea is to exploit Lagrange point orbits, gravitational attractions
of the Sun, the Earth, and the Moon, and the high Isp of low-thrust thrusters.

(a) Earth-centered frame. (b) Moon-centered frame.

Figure 2.10: LELT solution from LEO to reach elliptic lunar orbit [2].

The transfer orbit presented in the Earth-centered frame shows a Moon gravity assist placing
the spacecraft into a 3:1 resonant orbit with the Moon, leading to the low-thrust Moon capture.
Across the region six times the Earth-Moon distance, a first maneuver using very low-thrust
arc is performed (Fig. 2.10a [2]) with Ton to Toff. The Moon-centered frame (Fig. 2.10b)
shows a second long maneuver when approaching the Moon, proceeding to the lunar capture
and eccentricity/perigee altitude correction2. The complete interplanetary travel computed is
less than 360 days, which fits the requirements of 1 year of deployment.

2.3.2 End of Life

To follow space agencies’ standards and protocols, a legal EOL protocol had to be ensured
in order to limit lunar orbit debris. Usually on Earth, atmospheric reentry maneuvers are
performed for LEO satellites, and graveyard orbits are used for higher altitude ones such as
S/C in geostationary orbit. As the lunar base "HOME" is projected to be on the South pole, a
common strategy has been decided with the other constellation projects. It implicates to crash
on the lunar surface close to the North pole for lunar base safety reasons. To do so, Pegasus
satellites have to perform maneuvers from 10000 [km] to reach a perigee altitude smaller than
1737.1 [km] (Moon radius).

2The figure does not show the current trajectory proposal as final orbit is elliptical, the deployment phase is
further discussed in section Propulsion 4.2.3.
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2.4 Environment Analysis
The purpose of this section is to briefly explain the consequences of the chosen orbits for the

Pegasus constellation on the environment that the satellites will face. As it has been explained
in section 2.2, the spacecraft will be located on three different orbital planes, with the following
properties: a = 10000 [km], e = 0.003, i = 80 [◦]. The consequences of this choice in terms of
thermal environment, eclipses, radiative environment, and disturbing torques will be detailed in
the next sections.

2.4.1 Thermal Fluxes

The plug-in Thermica from the software Systema is used to compute the incoming fluxes
received by the six faces of the satellite. In this preliminary study, one spacecraft’s side is
imposed to point to the Moon (Moon side), whereas the normal of another side (Velocity side)
coincides with the velocity vector. The results obtained for one satellite located on an orbital
plane with Ω(t0) = 0 [◦] are depicted on figure 2.11. It should be noted that the fluxes taken
into account in this analysis are: the direct solar flux, the Albedo fluxes originating from the
Moon and the Earth, and the IR-fluxes generated by the Earth and the Moon.

Here is a short summary of the comments yielded by this preliminary thermal analysis.

• It has been noticed that Earth Albedo and IR fluxes are negligible due to the large distance
between the Earth and the Moon. Hence, they won’t be considered in the following
anymore and they are not plotted on the graphs of figure 2.11.

• From figure 2.11, one can conclude that the Moon Albedo and IR fluxes are negligible on
all faces except on the "Moon Side". Hence, in the future, they will only be taken into
account for this side.

• Looking at figure 2.11 more closely, an interesting property regarding the direct solar flux
can be seen: one can notice that the phase of the solar fluxes of two opposing sides is
shifted by 180 [◦]. This means that a hot case for one face corresponds to a cold case for
the opposite one.

• Moreover, figure 2.11 exhibits variations of the fluxes at very different frequencies.

– A low-frequency variation of the envelope of the fluxes is observed, which is related
to variations of the relative position and orientation of the Moon with respect to the
Sun and can be interpreted as "seasonal effects".

– High-frequency oscillations of the fluxes due to the rotation of the spacecraft with
respect to the Sun along its orbit, are also discovered.

Large variations of incident fluxes on the six sides of the spacecraft were found with this
preliminary study of the thermal fluxes. They indeed vary from 0 [W/m2] to more than 1000
[W/m2] on all faces. As it will be seen later in the section Thermal control 4.6, this behavior
will require problem-solving for the Pegasus satellites.
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(a) Moon side. (b) Anti-Moon side.

(c) Velocity side. (d) Anti-Velocity side.

(e) +Y side. (f) -Y side.

Figure 2.11: Direct fluxes on the six spacecraft sides.
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2.4.2 Eclipses

Another important element of the environment faced by the satellites is the eclipses. These
periods of time where the spacecraft lies in the obscurity of another celestial body are design
drivers for both the power and the thermal subsystems.

In the case of lunar orbits, two kinds of eclipses should be considered. The first one, and most
frequent one, arises in the case of an alignment Sun-Moon-Satellite and is called lunar eclipse
since from the satellite perspective they are created by the Moon. For the chosen orbits, these
eclipses occur two times a year for several consecutive orbits. Moreover, their maximum duration
(worst-case) can be computed by means of simple geometric reasoning depicted in figure 2.12a,
the result is depicted in equation 2.4.

The second type of eclipses that will be faced by the Pegasus satellites are the so-called Earth
eclipse that result from an alignment Sun-Eart-Satellite. This kind of eclipse occurs between two
and three times a year only but should be taken into consideration. Their maximum duration
can be computed thanks to figure 2.12b, the result is depicted in equation 2.4.

TEclipse,Moon = 2π
T
· 2α = 2π

T
· 2 · asin

(
RM
SMA

· sin(π2 )
)
≈ 1 [h] 23 [min]

TEclipse,Earth = 2π
T
· 2α = 2π

T
· 2 · asin

(
RE
SMA

· sin(π2 )
)
≈ 2 [h] 35 [min]

(2.4)

(a) Eclipse due to the Moon. (b) Eclipse due to the Earth.

Figure 2.12: Worst-case eclipses.

Based on the results of equation 2.4, one can conclude that Earth eclipses will be driving
the sizing for the power and thermal subsystems since their duration is longer. The results of
this section will be used in the design of the power subsystem (Section 4.4) and the thermal
subsystem (Section 4.6), where the effect of the eclipses on the spacecraft temperature will also
be clarified.
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2.4.3 Radiation Environment

Assessing the radiation environment in which the satellites will evolve is important for eval-
uating the risk of single event effects (SEE) and cumulative effects that can occur in electronic
components, and to estimate the performance decrease of solar arrays. Results obtained are then
used during the mechanical design, for the definition of shielding to protect sensitive equipment
(Section 4.7), and during the solar arrays sizing (Section 4.4).

In order to obtain an estimation of the particle fluxes, two different software are used (to
cross-check the results): the software Omere, developed by the company TRAD in cooperation
with the CNES and SPENVIS, a WWW interface developed by a consortium led by the Royal
Belgian Institute for Space Aeronomy (BIRA-IASB), especially for ESA’s activities.

Generalities

Energetic waves and particles exist in space. Some of them are generated by solar activity,
others, known as cosmic rays can have different origins.

Regarding the solar radiations, 3 main categories can be differentiated:

• Photons: The Sun emits electromagnetic waves at different frequencies. The solar flux
is very stable in the visible domain (400-750 [nm]) and contains cyclical fluctuations in
other frequency domains (gamma, X, UV). The power received from the Moon is about
1.37 [kW/m2].

• Low energy electrons and protons: Ejected during the solar activity, their energy can
be up to a few keV. A continuous solar wind is generated by the Sun, with some sporadic
and periodic phenomena due to Coronal Holes and some random ejections called Coronal
Mass Ejection.

• High Energy electrons, protons, and heavy ions: Random events called Solar Flares
generate these particles that have an energy of up to 100 [MeV].

Cosmic rays are composed of high-energy protons and atomic nuclei that originate from the
Milky Way or from other galaxies, and that have an energy of up to 100 [MeV]

Due to the Earth’s magnetic field, incoming particles are trapped and accumulated in specific
areas in the vicinity of the Earth called Radiation Belts or Van-Allen belts. These regions can
represent a danger for spacecraft as it is more likely that high energetic particles collide with
them and damage sensitive units. However, the belts do not extend more than approximately 10
times the Earth’s radius, which is much smaller than the distance Moon/Earth (6 times greater).
Therefore, trapped particles will not be a problem during the operating life of the constellation.

During the deployment, the satellites will cross the Van-Allen Belt. However, the time spent
in this region is expected to low. Thus, it is assumed that this will not be the major factor for
the sizing of the shielding or for the solar array degradation. Trapped particles are therefore
neglected in the present study, which will focus on the radiation particles in the vicinity of the
Moon, i.e. solar particles and cosmic rays (photons are also not considered here).
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Solar Particles Fluences

A first simulation is performed with OMERE to assess the solar particle fluences received by
satellite during a 10 years mission (that corresponds to the lifetime of the Pegasus constellation),
considering that the satellite is on the Moon orbit. This orbit is selected because the main factor
that will influence the particle’s flux is the distance from the Sun. Indeed, the Moon is far away
from the radiation belts and we neglect all shadowing effects due to the Moon or the Earth. The
results of this simulation are depicted in the figure 2.13.

It is recalled that the Flux is the number of particles per unit area and the Fluence is the time
integration of the Flux. The Flux can be expressed either in integral form (number of particles
per unit area and per unit time) or in differential form (differential with respect to the energy).
In the framework of this analysis, only integral forms of Fluence and Flux are considered.

Figure 2.13: Solar particles fluences.

The results show that the heavy ions and high energy electrons fluences are way lower than
the solar protons fluence. For this reason, only the He+ ions fluence has been displayed on the
figure, as they have the highest fluence among all other ions. In conclusion, concerning the solar
particles, solar protons will have major participation in the total fluence. This first result will
be used later, when the radiation dose received by satellite will be computed in the section 4.37.
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Cosmic Rays Fluxes

A second simulation is done to compute the cosmic rays fluxes received by satellites during
the mission. Results are depicted on the figure 2.14.

Figure 2.14: Cosmic rays fluxes

Concerning the cosmic rays, the maximum fluxes are obtained for the protons and the He+
ions. Associated fluences can be computed by multiplying fluxes by the duration of the mission
(assuming a constant flux over time). The order of magnitude of the fluences for the lowest
energetic cosmic particles is 1e9 [particle.cm−2], which is lower than the solar particles fluences.
The fluence of the cosmic particles with an energy between 300 [MeV ] and 1000 [MeV ] remains
around 1e9 [particle.cm−2], which is comparable or even higher than the fluence of solar protons
with the same energy. It is concluded that the impact of the cosmic rays on the dose received by
satellite will be negligible for the lowest energetic cosmic particles but not for the high energetic
ones.
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2.4.4 Disturbing Torques

The order of magnitude of the external disturbance torques that apply at the altitude of
the Pegasus orbits must be assessed since it is one of the drivers for the design of the AOCS
subsystem. Generally, the main external torques to take into account have four origins: (a) the
aerodynamic pressure, (b) the solar radiation pressure, (c) magnetic fields, (d) gravity fields.

In the case of lunar orbits, the situation can be simplified since two perturbations aren’t
present: the aerodynamic pressure (since there is no atmosphere around the Moon), and the
magnetic field (since the Moon doesn’t have one). Hence, the only two perturbations remaining
are the solar radiation pressure and the lunar gravity field. As it will be seen, they have a very
different order of magnitude in the case of the Pegasus orbits.

The solar pressure is due to incident solar radiation that plies pressure on all surfaces that
cross its way. This pressure depends on the distance to the Sun, approximately 4.5 ·10−6 [N/m2]
around the Moon [3]. It should be noted that another pressure exists due to the Moon albedo
(the reflection of solar radiation on the Moon surface), but it is negligible at the high altitudes
of the Pegasus orbits. The disturbing torques created by solar pressure are highly dependent on
the spacecraft geometry, but generally reach the order of magnitude of 10−5 [N.m].

The gravity gradient torques are created due to the distance between the center of gravity
(COG) and the center of mass (COM) of the spacecraft. This distance depends again on the
spacecraft geometry. However, due to Moon gravity being smaller than Earth’s (approximately
16.6 %) and due to the choice of high orbits for the Pegasus satellites, the gravity gradient
torques are expected to be (at least) one order of magnitude smaller than the disturbing torques
originating from solar pressure.

All in all, the order of magnitude of the different disturbing torques is summarized in table
2.3. The main disturbing torques to take into account in the design of the AOCS subsystem
(Section 4.3) are the torques due to solar radiation pressure and have an order of magnitude of
10−5 [N/m2].

Disturbing torques Order of magnitude [N.m]
Solar radiation pressure 10−5

Gravity gradient < 10−6

Magnetic field No
Aerodynamic pressure No

Table 2.3: Order of magnitude of disturbing torques in Pegasus orbit.
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Chapter 3

Payload

After the choice of the Pegasus orbits and the thorough analysis of the influence of this choice
on their environment (Chapter 2), the payload of the satellites will be described in this chapter.
As it has been explained in the System Engineering Report, the payload of the Pegasus satellites
consists in two different systems providing several services on Low Lunar Orbit (LLO) and lunar
surface:

• The Navigation System (NS) providing both localisation and time services.
• The Emergency Broadcast System (EBS) providing a short message service (SMS).

These systems will be described in more detail respectively in the sections 3.1 and 3.2 where
their level of service (accuracy and availability), required equipment, and way of working will be
specified. Here, it should be noted that the localization and time services are inseparable since
they are inextricably linked.
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3.1 Navigation System

3.1.1 Introduction

This first part of the payload intends to explain the choices made regarding the Navigation
System (NS) of the Pegasus satellites. This system aims to provide localization and timing
services on the lunar surface and in LLO. In the following sections, the description of the
onboard atomic clocks, which are the heart of GNSS satellites, the corrections to be applied,
the navigation signals, and the antennas will be studied, reaching the computed performance of
the Pegasus constellation.

A synthesis of the units used for this system is presented in the following table 3.1. Their role
and description can be found in the next sections.

Part Unit Quantity Mass [kg] Power [W] T [◦C]

Atomic clock RAFS 2 3.4 60 -5/10
Passive H-masers 2 12 54 -5/10

Corrections LRR & CCR 2 4.85 0 N/A

Antenna

NS Antenna 1 15 50 -120/120
FGUU 2 7.6 22 N/A
NSGU 2 1.2 20 -20/70

Amplificator 1 20 2.5 -55
Total 12 93.1 364.5 N/A

Table 3.1: Synthesis of the navigation units.

3.1.2 NS Service Level

Parameters

Visibility The first consideration to take into account when trying to design a GNSS con-
stellation is that a user must be in direct visibility of at least four satellites to be able to use
the localization and time services. The visibility of the Antennas bandwidth is considered large
enough to cover all the points under it, with an elevation higher than 10 [◦] to consider the
slopes, craters, and hills on the Moon.

Geometric Dilution of Precision The most im-
portant performance indicator is a dimensionless
number that measures the satellite geometry. The
geometric arrangement of satellites, as they are pre-
sented to the receiver, affects the accuracy of position
and time calculations. Satellites that are close to-
gether cannot provide as much information as satel-
lites that are widely separated. Thus, GDoP analy-
sis can be based on the volume of the tetrahedron,
which is formed closing off the unit vectors from the
four best satellites visible to the receiver (Fig. 3.1).
A large volume of the tetrahedron, means a smaller
GDoP. For Pegasus the objective is GDoP ≤ 4.

Figure 3.1: Tetrahedron volume example
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The GDOP takes into account both the 3D position error dx, dy, dz Position Dilution of
Precision (PDoP), and the time error dt Time Dilution of Precision (TDoP). However, it can be
computed based only on geometrical properties, as depicted in equations 3.1.

GDoP = trace(Q) =
√
PDoP 2 + TDoP 2 =

√
d2
x + d2

y + d2
z + d2

t (3.1)

with

Q = (ATA)−1 =


d2
x d2

xy d2
xz d2

xt

d2
xy d2

y d2
yz d2

yt

d2
xz d2

yz d2
z d2

zt

d2
xt d2

xy d2
zt d2

t
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1



Matrix A depends only on the geometry of the satellites around the receiver. As such, no
accurate satellite positions are needed to calculate it and it can be computed from the almanac.
The first three columns are linked to the PDoP =

√
d2
x + d2

y + d2
z, whereas the last one is linked

to the TDoP =
√
d2
t .

Availibility Another indicator is availability, which provides an assessment of the usability at
a specific user location. A GDoP above 6 generally results in unacceptable accuracy for GNSS
operations, this threshold is taken to calculate the availability.

Position error GNSS constellations do not offer accurate positioning services by themselves.
Signal propagation can be disrupted on several levels and errors need to be corrected to achieve
accepted positioning and navigational accuracy. These errors can be split into three different
groups: spacecraft, signal travel, and GNSS receiver. It is important to be able to estimate the
error position and inform the user of this data.

Spacecraft Is composed of Ephemeris & Clock Drift Corrections (Section 3.1.4), and the
satellite group delay error, which is the total amount of time of the signal processing chain from
the onboard frequency oscillator to the antenna. Since the group delays among the various signal
paths within the satellite are not the same, signals do not exactly emerge from the transmitting
antenna at the same time. This error is corrected in the navigation message.

Signal travel As there is no atmosphere on the Moon the ionospheric and tropospheric
delays are not accounted for, which are the highest perturbations on Earth applications. More-
over, multipath errors appear when a signal arrives at the receiver after having been reflected
from an object such as the surface of a building. Then it arrives with a slight delay that has to be
corrected. The error can be considered very low on the Moon with the absence of infrastructure,
with exception of the lunar base.
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GNSS receiver The hardware used within the receiver may also limit precision by intro-
ducing inaccuracies in the clock receiver. Receiver-ranging errors, appearing when measuring
carrier phases, will not be considered since these errors seem to be negligible for high-quality
receivers. Indeed, as not many people will use the service (astronauts), expensive but more
efficient receivers can be used.

User Equivalent Range Error To summarize, the following GNSS errors are considered:

• due to the spacecraft: σephemeris = 1.5 [m], σclock_error = 1.5 [m], σgroup_delay = 0 [m].
• due to signal travel: σatmosphere = 0 [m], σmultipath = 0.03 [m].
• due to GNSS receiver: σclock_error = 0.03 [m], σrange_error = 0 [m].

The global error can be seen as a measure of the precision for point positioning:

UERE =
√
σ2
ephemeris + σ2

clock_error + σ2
multipath + σ2

clock_error = 2.12m (3.2)

At last, position error is calculate using the UERE and PDoP:
@1σ, poserror = PDoP · UERE
@2σ, poserror = 2 · PDoP · UERE
@3σ, poserror = 3 · PDoP · UERE

(3.3)

Time error Since the localization and time services are inseparable, it is known that the sev-
eral error sources identified for the position also degrade the quality of the time service. More
precisely, the time error timeerror can be computed as in equation 3.4, with the same UERE as
for the position and with c the speed of light.


@1σ, timeerror = TDoP · UERE/c
@2σ, timeerror = 2 · TDoP · UERE/c
@3σ, timeerror = 3 · TDoP · UERE/c

(3.4)

Operational Performance Cases

Moon Relief The result of the constellation selected in section Mission Analysis 3.1.2 is
presented in figure 3.2 on the lunar surface. As reminder, the minimum elevation parameter was
used to simulate a scenario taking into account the Moon relief. For a simulation duration of
24h, the service level is the following: availability is ≈ 0.966, the global GDoP 2.73, the position
error @3σ = 11.74[m], and the time error @3σ = 43 [ns]. Thus, all requirements previously set
are validated.
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Figure 3.2: Pegasus GNSS performance on lunar surface at 10◦minimum elevation.

Nominal For this second study, the parameter is replaced by the antenna aperture angle
θ=22[◦]. The result obtained in this case is better as every device within the beam is supposed
to receive the GNSS signal.

Low Lunar Orbit Taking 125 [km] as the maximum altitude of the LLO, the selected
beam has to cover a virtual Moon radius of 1737 + 125 = 1862[km]. The performance on LLO
is depicted on figure 3.3. During nominal operations, the availability is equal to 1, the global
GDoP 1.85, the position error @3σ = 6.90[m], and the time error @3σ = 32 [ns].

Figure 3.3: Pegasus GNSS performance on LLO (22◦aperture beam)
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Lunar surface During nominal operations, the availability is 1, the GDoP 1.84 ≤ 4,
the position error @3σ = 6.78[m] globally, and 6.74[m] around the lunar base, the time error
@3σ = 32[ns]. The performance on LLO and lunar can be consider as equal cases.

Figure 3.4: Pegasus GNSS performance on lunar surface 22◦aperture beam.

Spacecraft Loss A loss of payload for a small period of time, or even complete loss of one
spacecraft for the rest of the mission, can degrade the service level. This 20 S/C performance
results are shown in figure 3.5, where the error position is 0.81[m], the availability is still ≥ 0.95,
the GDOP 1.95 ≤ 4, the position error @3σ = 7.59[m], and the time error @3σ = 33[ns].
Validating that even with the loss of one S/C, the system validates the performance requirements.

Figure 3.5: Constellation performance with 20 satellites.
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3.1.3 On-Board Atomic Clocks

Ultra-stable onboard atomic clocks, called Space Atomic Frequency Standards (SAFSs), are the
most critical equipment for an accurate GNSS service. All satellites and receivers are as synchro-
nized as possible to a time reference and controlled by very precise atomic clocks. To prevent
errors in this reference, since a few nanoseconds could incur some meters in measurements.

Technologies State of the Art

Four types of different technologies have been used in GNSS S/Cs, including a new Hg Ion clock,
some of their characteristics are presented figure 3.6.

Rubidium Atomic Frequency Standard Rb Atomic Frequency Standard (RAFS) is the
most used technology in space (see figure 3.7 and table 3.2) as it has a low volume, low cost, and
low power consumption compared to other standards, for excellent stability. Furthermore, Rb
atoms do not consume themselves rapidly, which is advantageous for the instrument’s lifetime.

Hydrogen Maser The active H-maser is one of the most stable technology. However, due
to constraints resulting in a voluminous, heavy, and high power device, its usage is mainly
restricted to the ground. The passive and miniaturized form is however more suitable on-board
S/Cs, with a compromise on the frequency’s stability. It involves a small hydrogen consumption
and is stable with a drift of one second in three million years.

Cesium Beam Frequency Standard Interest in Cs Beam Frequency Standard (CBFS)
comes from the wide availability of Cs on earth as well as its low melting point. Compared to
RAFS and H-maser, CBFS show small long-term frequency drifts and reach excellent long-term
stability. These advantages come however with a complex vacuum chamber to be maintained
for the atomic beam.

199Hg+ Trapped-ion Mercury trapped-ion AFS is a recent technology developed by the Jet
Propulsion Laboratory (JPL) and sent into space for the first time in 2019.

Figure 3.6: A comparison of standard space atomic clock technologies and the Hg Ion Clock.
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State of the Art Navigation Systems

The table 3.2 displays the clock technologies used onboard the main GNSS constellations
around the Earth: BeiDou (Chinese), Galileo (European), Glonass (Russian), GPS (American)
IRNSS (Indian), and QZSS (Japanese). The adoption of a dual-technology onboard clocks is
dictated by the need to ensure a sufficient degree of reliability by flying two different technologies,
as well as better service accuracy.

GNSS System SAFS Quantity
BeiDou-2 RAFS 4

BeiDou-3 RAFS 4
H-maser 2

Galileo RAFS 2
H-maser 2

Glonass-M CBFS 3

Glonass-K1 CBFS 2
RAFS 2

GPS-II CBFS 2
RAFS 2

GPS-IIF CBFS 1
RAFS 2

GPS-III RAFS 2
IRNSS-1A RAFS 3

QZSS RAFS 2

Table 3.2: State of the art of GNSS atomic clocks.

As presented in the figure 3.7, up to now, 1034 RAFSs have been sent into space, mainly
for GNSS applications. RAFS have been the first to be developed and offer the longer flight
heritage. On the opposite, H-maser technology is more recent and complex, but offers better
stability and has been more used past years.

Figure 3.7: Space atomic clock standards sent into orbit. [4]
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Pegasus Space Atomic Frequency Standards

Selection

The selection of the type of SAFS is a trade-off between reliability, mass, performance and
cost. The main challenge is to have clocks compact enough and robust to work in space environ-
ment. Cs beam technology, is better for long-term stability and mainly used for ground-based
reference clocks, and 199Hg ion, considered as too recent and not tested enough, have not been
selected. The strategy is to chose a compromise between the SAFSs mid-term stability and the
recalibration frequency from the Ground Station.

The mini PHM (Fig. 3.8b), made by Leonardo Company, with the contribution of Orolia
Switzerland, is planned to be on-board of Galileo Next-Generation Phase, and will be the mas-
ter clock of Pegasus S/Cs. The Orolia Rubidium SAFS, is selected as backup for reliability.
It has demonstrated the capability to operate for 12 years under vacuum without significant
degradation.

Atomic clocks are very sensitive to the external environment and great care is required to
keep environmental disturbances small. The measures taken for Pegasus can be found in section
AOCS 4.3.3 and Thermal Control 4.6.2.

Redundancy Clocks being the most critical equipment for the navigation P/L part, it is
important to provide redundancy. In 2017, six PHM and three of the RAFS of Galileo have
reported failures, resulting in four satellites having lost at least one clock. Thus, each satellite
will have one active rubidium clock and mini-PHM and second one in hot redundancy. With
four clocks, the probability that at least one will still be operating at the end of the 10-year
mission is higher than 99[%].

(a) Rubidium clocks [5]

(b) Mini Passive Hydrogen Masers [6].

Figure 3.8: Clock equipment
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3.1.4 Ephemeris and Clock Corrections

The orbit, clocks, ephemeris, and receivers of the satellite are fundamental to calculate the
right positioning and clock deviation of the receiver. Any error in the satellite coordinates or
satellite clock, due to clock drift phenomena, will affect the positioning accuracy. Corrections
have to be done regularly to limit the error position and clock. On Earth, usually, an ephemeris
is valid for only four hours; an almanac is valid with a little dilution of precision for up to two
weeks.

Ephemeris Correction

Satellite Laser Ranging (SLR) is a track system allowing a precise positioning of the satellite
orbit to measure their trajectory. This system is currently used on more than 100 satellites,
including GPS, BeiDou and Galileo (figure 3.9a) [7]. The activity of the earth stations housing
laser emitters, including 40 SLR stations, is coordinated within the International Laser Ranging
Service (ILRS).

It works very well on long distances such as the Moon, it has been used first for the Lunar
Laser Ranging experiment. Also, the APOLLO laser project, operational since 2005, routinely
achieves millimeter-level range accuracy between the Earth and the Moon [8]. It is based on the
very precise measurement of the time taken for a light pulse (error less than 1[cm]) to make the
round trip between a laser transmitter on Earth and a satellite using Corner Cube Reflectors
(CCRs).

The same Laser Retro Reflector (LRR) as in BeiDou will be used as it offers a good reflective
area, that will be needed being far from Earth, and having the challenge to point exactly at
the CCRs. All Pegasus satellites have two LRR positioned on the Sun and anti-Sun sides, each
composed of 90 CRRs (figure 3.9b).

(a) Galileo´s LRR array localization. [9] (b) Beidou Corner Cube Reflectors.

Figure 3.9: Satellite Laser Ranging equipment.
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Clock Offset Correction

Earth GNSS Method Space atomic clocks offer very good short-term frequency stability,
around 12 hours. Left to run indefinitely, though, the clock would drift significantly. Indeed an
error of 10−7 [s] on the time synchronization results in an error of 30 [m] in position estimation.
On Earth, monitor stations distributed around the world are equipped with atomic clocks stan-
dards and GNSS receivers to continuously collect navigation signals. Knowing the position of
the stations, it is possible to estimate satellite orbits and clock errors. Then the ephemeris and
clock correction is sent from Earth to the S/C.

Lunar Method Proposal

It is not possible to estimate the clock offset in the same way as it is done on Earth since
there are no monitor stations throughout the Moon’s surface at this moment. However, since
all satellites of the constellation can be visible by a single GS on Earth at a point in time, it is
possible to change the paradigm of clock offset correction. The choice is made to not distribute
clock offset corrections to each satellite one by one, but rather to synchronize all of them with the
same Earth-based time reference every 12 hours. This is possible only with a good estimation
of the traveling time of the synchronization signal.

For that, not only the ranging between the GS and each satellite is needed, but also the
time delay coming from the propagation through the Earth’s atmosphere (propagation in space
is fairly simple). It is possible to know with a precision of 10−8 [10] the index of refraction
(modifying angle and speed of EM waves) in the atmosphere, for a given wavelength and given
observable conditions. This is enough to compute the traveling time over the RF path. Finally,
the calculated estimation error on the time delay induced by the atmosphere is around 10−14,
which is low enough to not perturb Pegasus system.

3.1.5 Navigation Signals

Pegasus satellites transmit navigation signals in one frequency band. The signal, including the
data modulated by the Pseudo-Random Noise code, is modulated by the carrier at 1559[MHz]
(figure 3.10).

/

Figure 3.10: Navigation data modulated by the PRN code and carrier.
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Pseudo-Random Noise Code

The Pseudo-Random Noise Code (PRN) is a sequence of 0 and 1, unique to each satellite and
known by receivers to allow identification. It is used to measure the travel time of the signal
from the satellite to the receiver. The Pegasus ranging codes consists of Gold code binary
sequences. Each code is generated using a tapped linear feedback shift register (LFSR). The
Pegasus code uses LFSR = n = 10 elements, so it generates a maximal-length sequence of length
of 2n − 1 = 1023. The auto-correlation of the codes has to be narrow but high in amplitude
to identify the satellite. But they have bounded small cross-correlation, which is useful when
multiple signals are broadcast in the same frequency range.

Navigation Message

In addition to the PRN ranging codes, a receiver needs to know the time and position of each
active satellite. The navigation data is a binary-coded message, at 125 [bit/s]. Pegasus satellites
encode this information into the navigation message, providing mainly:

• The ephemeris, own highly accurate orbital data for the transmitting satellite.
• The date, time, and the satellite’s status, including ID.
• The almanac: status and low-resolution orbital data for the full constellation. The receiver

uses the almanac to acquire a set of satellites based on stored time and location. As each
satellite is acquired, its ephemeris is decoded so the satellite can be used for navigation.

Message Structure Pegasus navigation message is similar to Galileo’s one [11]. Some data
is removed since it is unused in this case, such as the ionospheric correction. The data put into
the message is presented in table 3.3. The almanac consists of coarse orbit and status informa-
tion for each satellite in the constellation. Each frame contains a part of the almanac and the
complete almanac is transmitted by each satellite in 25 frames total (Fig. 3.10).

Data Size (bits) Type
Ephemeris 356 Orbital parameter
System time 32

System timeClock correction 72
Broadcast group delay 32
GST-UTC conversion 99
Satellite ID 6

Service parametersIssue of data N/A
Signal health status N/A
CRC 24
Satellite almanac 131 AlmanacAlmanac references 16
Signal in space accuracy 24 Integrity

Table 3.3: Data size of the navigation message.
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Super-frame Structure Every page begins with a Synchronization Word (SW): it is not
encoded, its purpose is to allow the receiver to achieve synchronization to the page boundary.
Furthermore, it allows the receiver to achieve synchronization to the page boundary.

The second to last section on the page is dedicated to the Cyclic Redundancy Check (CRC).
Globally the received page has three levels of error coding:

• A CRC with error detection capabilities after recovery of the received data.

• A one-half rate Forward Error Correction (FEC).

• Tail bits (sequence of zeros) to allow Viterbi decoding.

The last section of the page is for the tail bits for the Viterbi decoding. It has a length of 6
bits and consists of 6 zero-values that are used to enable the completion of the FEC decoding of
each page. Each page goes through Viterbi decoding of the data which was created and encoded
by convolution.

The navigation message is transmitted on the channel at a rate of 125 [bps]. We use a
synchronization pattern of 12 bits with always the same sequence "101101110000". The purpose
of this synchronization sequence is to allow the receiver to achieve synchronization to the page
boundary to decode the data in the proper fields upon extraction.

Figure 3.11: Super-frame structure. [11]
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3.1.6 NS Antenna

This section discusses the process of selecting an antenna for the transmission of GNSS observ-
ables to the receivers on the Moon surface. This system is fairly simple to model, the satellites
of this constellation are going to shower the Moon surface with the GNSS signal. The receiver
model will only be defined by a constant minimum power at the reception that will encompass
all noise, configuration, and obstruction uncertainties. The receiver antenna model will also be
taken isotropic and neutral in order to give the clients flexibility in their antenna choices.

Navigation Link Budget

The analysis starts with the sizing of the antenna by using a Parabolic Model for the Emitter
Antenna. The objective is to get a first model on which base the future antenna choice.

The Parabolic Model is taken with an efficiency of 0.6 and a pointing error of 5 [◦] which
represents the misalignment between the Z-axis and the Moon-Satellite Axis. However, it is
preferable to have the sizing of the parabola’s beam-width as a calculated parameter to minimize
it. Therefore, it will be computed hereafter as the minimum cone to cover the moon given the
10 000 [km] SMA.

For limited level of powers, in the order of magnitude of several hundred Watts the preference
goes for an Solid State Power Amplifier(SSPA) over a more traditional Travelling Wave Tube
Amplifier. SSPAs have the advantage of being more compact and lighter than TWTAs, but
at the cost of a much lower electrical efficiency. This technology is increasingly used in space
systems even though TWTAs are still the default choice because it is proven space technology.

The RF navigation link will be operating, like
the Galileo Constellation, at 1 559 [MHz] and
125 [bps]. Also using a Direct Sequence Spread
Spectrum modulation (DSSS), because of its re-
silience to jamming and noise reduction. The
data stream is divided into small pieces and af-
fected with a frequency channel across the spec-
trum. The navigation signal is then combined
with the PNR at a higher data rate, which di-
vides data based on a spreading ratio. The pat-
tern being redundant makes it more resilient to
interference and errors in transmission can be
quickly corrected. The allowed chosen Bit Er-
ror Rate is 10−6 which gives a Signal over Noise
Ratio of 4.16 [dB] (figure 3.15b). Figure 3.12: BER in function of SNR for

DSSS. [11]

Finally, the following table shows the specifications for the signal receiver. To make the system
the most accessible possible, the best approach is to create a minimum acquisition threshold
requirement for the reception side. Therefore, the link will be sized to be able to provide the
navigation signals to a receiver defined only by a minimum acquisition threshold of -160 [dBW]
at reception. Considering an isotropic gain of 0 [dB] (neutral) for the receiver antenna. A
summary of this baseline data for the link budget computation is in table 3.4.
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Type Data Value Unit

S/C

Minimum elevation 5 ◦

Lunar orbit SMA 10000 km
Antenna efficiency 0.6
Amplifier efficiency 0.2

Internal losses 1 dB
Depointing error 5 ◦

Link

Frequency 1559 MHz
Wavelength 0.192298 m
Modulation DSSS

SNR Eb/N0 (for BER at 10−6) 4.16 dB
Bit rate 125 bps

Demodulator degradation 1.5 dB
Margin 5 db

Navigation receiver Antenna Gain 1
Minimum received power required -160 dbW

Table 3.4: Navigation signal baseline data.

The model is further refined by calculating the required beam-width of the parabolic antenna
and the impact of the pointing in the minimum gain on the resulting off-centered direction. A
summary of all the computations is given below.

θbeam−width = 2tan−1(RMoon

DSMA
) (3.5)

θ = sin−1( RMoon

RMoon +DSAM
cos(ielevation)) (3.6)

θ3dB
= 2θ + θbeam−width + 2θpointing (3.7)

Aparabolic = 70θ3dB

λ
(3.8)

Gantenna = 20log(ηant
70π
θ3dB

) (3.9)

Dmax = sin(π − θ − (π2 + ielevation))RMoon

sin(θ) (3.10)

Type Data Value Unit

Satellite

Beamwidth 21.71 ◦

θ 8.48 ◦

θ3dB 46.67 ◦

Max distance to ground station 11457.74 km
Maximal Gain 11.24 dB
Gain at θ3dB 8.24 dB
Antenna diameter 0.29 m

Link C/N0 25.13 dB
C/N0 325.77 Hz

Table 3.5: Navigation signal calculated data.
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Based on these parameters it is possible to compute the Link Budget to retrieve the required
transmitting power and its associated electrical consumption, with the following link budget
problem statement.

Pt = 10log(Pr,des) + LM + LFSPL + Latmo + Lt,int + Lpointing + 10log( C
N0

)−Gt −Gr (3.11)

FSPL = 20log(4πDrange

λ
) (3.12)

Latmo = 0 (3.13)

Data Value Unit
Free space losses 177.49 dB
Amplifier power 16.74 dBW
Amplifier power 47.22 W
Electrical consumption 236.12 W

Table 3.6: Power budget with depointing using a patch model

Antenna Model

Even though the previous model is acceptable in terms of complexity and electrical consump-
tion, it should be refined further. In order to provide good quality GNSS observables and a
homogeneous signal throughout the Moon, the antenna pattern of emission should be very pre-
cise. One of the concerns is the group delays which could lead to incorrect ranging computation
at the receiver’s side.

(a) Simulated Galileo group delay variation. (b) Tested Galileo Group delay variation.

Figure 3.13: Galileo group delay variation over the coverage in high band. [12].

The figure 3.13 shows that it is required to have a homogeneous group delay throughout the
useful antenna direction.
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A concern is the phase dispersion on the antenna pattern, the goal is to have the most
homogeneous phase pattern in our useful beam-width, again so that the ranging computation
shall not be biased.

(a) Phase dispersion in High Band. (b) Phase dispersion in Low Band.

Figure 3.14: Galileo phase dispersion optimizing BFN amplitude excitation. [12].

The other one is to demonstrate an equitable signal to all users on the moon, in other words,
design an isoflux antenna to be consistent with this specification.

(a) Full 90º CPC-XPC pattern. (b) Zoom of CPC in coverage area.

Figure 3.15: Gain radiation patterns in high band: for a carrier frequency of 1575 MHz. [12]

This leads to follow the design of the 42-element Galileo Antenna (Fig. 3.16), and change
the space-segment antenna of the previous RF Link model. This results in the following new
Satellite Data and antenna shape. Given that the required Beam-width for a GNSS signal is
smaller for the Moon than for the Earth, we can get a higher gain for our GNSS antenna than
Galileo’s. We end-up with an isoflux antenna gain of 15 [dB], of a weight of 15 [kg] (Table 3.7).
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Data Value Unit
Minimum elevation 5 ◦

Satellite lunar orbit SMA 10000 km
Antenna Gain at Boresight 15 dBi
Antenna Gain at Moon Limits 15
Internal losses 1 dB

Table 3.7: Galileo model antenna satellite data

Figure 3.16: Galileo navigation antenna NAVANT [13]
.

Then the final electrical consumption required to emit the navigation signal towards the Moon
surface is computed. The power budget summary is in table 3.8.

Data Value Unit
Free space losses 177.49 dB
Amplifier power 9.99 dBW
Amplifier power 9.97 W
Electrical consumption 49.87 W

Table 3.8: Power Budget computed with Galileo Antenna Model Navigation Signal

Equipment choice and specifications

In order to be able to transmit the Navigation observables, the first step is to transform them
into a signal and process it in the signal chain. To do so there is a need to implement the different
electronic functions necessary for signal processing (which complement the data processing and
namely navigation message assembly) in the Navigation Signal Frequency Generator and Up-
conversion Units (NSFGUU).
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These units take the input from the clock monitoring unit and complete it with the navigation
and integrity data from the up-link. Then do the Pseudo-Random Noise encoding in DSSS and
include the modulation process. It is then filtered and converted into an analog signal that is
shifted into an L-band signal transmitted to the navigation antenna.

(a) NSG Unit in Galileo. (b) FGU Unit in Galileo.

Figure 3.17: NSFGUU module photos. [14]

The last part of the signal processing before feeding the signal to the antenna is amplification.
As stated earlier, the choice goes for the off-the-shelf SSPA given the relatively low amplified
power and the electric consumption to mass trade-off.

(a) Teledyne Paradise Data-
com 100W SSPA. [15].

Parameter Specification
Operating Temperature -40°C to +60°C

Output Power Up to 100 Watts
Redundancy Built-in Control
Maintenance On/Off Controller

Reference Input Power From -10 to 5 dBm
Dimensions 495 mm x 203 mm x 203 mm
Weight 20 Kg

Internal Power Consumption 2.5 W
(b) SSPA Teledyne Specifications. [15]

Figure 3.18: EBS Down-link Solid State Power Amplifier.
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3.2 Emergency Broadcast System

3.2.1 Introduction

The SMS services are integrated into the Emergency Broadcast System (EBS), a redundant
system to the Telecom constellation project, to maintain communication in case of failure. The
purpose is to be able to receive a message from anywhere from the lunar surface and transmit it
on the whole lunar surface. The first part is achieved with the orbit choice and satellite density
of the constellation, but being able to transmit the message to the rest of the constellation for
broadcasting is more difficult. The option of implementing an inter-satellite network was ruled
out because of the complexity that it would add to the architecture. Thus, the last solution is
through the GS network on Earth.

A synthesis of the units used for the EBS is presented in the following table ??.

Unit Quantity Mass [kg] Power [W] Operating T [◦C]
EBS down-link antenna 1 0.13 67 -120/120
EBS up-link antenna 2 0.18 2.5 -90/90
Transponder 1 5.9 20 -20/60
Amplifier 1 20 2.5 -55/60
Total 5 26.39 92 N/A

Table 3.9: Synthesis of the emergency broadcast units.

3.2.2 EBS Signals

Operational Principle

Service Message Types The system is composed of four different types of messages:

• SMS: It is the standard SMS format. The short message includes the unique message
identifier, the time of emission, the data with up to 2 [kBytes], the emitter, and the
recipient ID. Upon request, other services like health telemetry data from astronauts could
be added to the message.

• E-SMS: It is the Emergency service through the SMS system. The distress signal is a
short message is including a unique message identifier, the time of emission, the longitude,
latitude, speed, direction, and the number of satellites in view by the user. It will also
include the reference number of the beacon that can be tracked to a specific user. This
message does not feature a configurable P/L, the data sent is predefined with the previously
listed parameters.

• ACK1: Acknowledgment message 1 is sent back to the user upon reception of the message
to be transmitted to the constellation. The goal is to inform the user that a message has
been received at a specific time UTC. In case of emergency, it enables the user to know
that a satellite is in range and is trying to forward the message back to Earth.

• ACK2: Acknowledgment message 2 is sent back to the user upon reception of the message
to be sent by the GS network. This message informs that an SMS of X bytes of data has
been received. The user that activated the EBS knows its message reached by the control
center on Earth through the GS network and will be handled appropriately.
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Proposed Solution Timeline The general proposed solution is depicted in figure 3.19 and
described bellow:

1. Any person with an L-band transmitter should be able to send data from the lunar surface
to the closest satellite of the constellation.

2. The S/C sends a message AK1 back to the lunar surface.

3. The S/C then transmits the original message to Earth GSs, adding the satellite ID.

(a) If the message received is a message from an emergency beacon (E-SMS), the control
center is automatically notified of a critical situation. The message is broadcasted
automatically to the whole surface (activating the whole constellation), and ground
control will monitor the gravity level of the situation.

(b) If the message is SMS, there are two possibilities:
• The message is targeted to a static site by activating the closest accessible satellite

to the receiver.
• The message is addressed to a mobile receiver by activating all Pegasus S/C

and broadcasting on the whole lunar surface. The activation methods lead to a
broadcast on the surface on a different scale.

4. The GSs on Earth transmit the message back to Pegasus S/Cs, where the satellite sends
a second acknowledgment message (AK2) back to the lunar surface.

5. The activated satellites broadcast the message to the area available under the +Z side of
the satellite using an S-band antenna. Up to five different messages can be broadcasted
by the same satellite at once thanks to an oversized bandwidth in the downlink.

Alternative Method If the scale of the broadcast is not chosen by the GS or a failure of the
Telecom constellation is detected, all messages received will be automatically forwarded to the
whole lunar surface.

Figure 3.19: Chronological operation for the Emergency Broadcast System.
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Service Level

Signal Time of Flight The broad computation for the time it will take for the messages to
reach Earth ground stations and Moon surface is presented. The distance between Earth and
Moon is 356,500 [km] at minimum and 406,700 [km] at maximum. Taking into account that
Pegasus has a SMA of 10 000 [km], and the speed of light c = 299 792 458 [m/s]. The time to
transmit a message can be calculated as follows:

Tmin = dmin
c

= 366500
299792, 458 = 1.22[s] (3.14)

Tmax = dmax
c

= 416700
299792, 458 = 1.39[s] (3.15)

The time to broadcast a message will oscillate between 2.44 and 2.78 seconds, for the satellites
in view from Earth, to achieve total coverage with every satellite the time will increase.

Global Response Time After estimating the time of flight for the signal, other delays have
to be taken into account for the response time between a sent message and the transmission.

Short messages can be sent to either the whole Moon surface or to the coverage area where
the lunar base is located. When only one satellite is used to broadcast to a specific zone, the
time to contact the satellite can be approximated to 5 seconds (to prepare the pipe and target
the area).

For the E-SMS format, there is no human interaction needed for transmission, the data is
broadcasted automatically, so this same delay can be assumed for the transmission to the satel-
lites on view. However, since it is broadcast globally the message will have a delay induced by
the time it takes ground stations on the Earth to contact enough satellites to cover the entire
lunar surface (around six satellites). This transmission delay is estimated to be approximately
ten seconds because all ACK signals have to be received from the ground.

To sum up the different delays from Earth reception to Moon broadcast:

• Time for single satellite broadcast: 5 [s]

• Time for global satellite broadcast: 10 [s]

In a potential future where many people will be on the Moon, it is thought that human inter-
action will be needed on Earth to interpret the situation, address the problem, and coordinate
the aid. A permanent mission center will thus be able to respond to the emergency messages in
real-time.

Availability The service availability depends on two parameters: communication between
space/users segment and between ground/space segments. Lunar coverage and impact of the
eclipses on the telecommunication with Earth have been studied to compute the EBS availibility
at 100 [%].
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Lunar Coverage As said in section Navigation 3.1.2, to provide an accurate navigation
service four satellites must be visible at all times from any point on the lunar surface. Indeed,
as seen in figure 3.4, the constellation has been sized for navigation purposes and there is a
minimum of six satellites visible at all times to have good navigation service accuracy. Since the
user needs to be visible by only one satellite to ensure SMS uplink coverage, the constellation is
oversized for the EBS.

Eclipse Impact Pegasus three polar planes have a RAAN difference of 120 [◦] between
each other, only one plane can be hidden by the Moon and prevent S/C to communicate with
Earth. In this case, the angle is such that only one satellite is completely hidden (Fig. 3.20).
Thus during the whole mission, at least 20 satellites are in contact with Earth, which justifies
the 100[%] availability.

Figure 3.20: EBS eclipse availability.

3.2.3 EBS Antennas

The sizing of the antenna and signal processing for the EBS system was made starting from
the previous study in section 3.1.6. The system, which roughly works as a bent-pipe and allows
Earth Ground Control to broadcast SMS data over the Moon, would seem quite straightforward,
at face value, but in actuality deserved to be studied a little further to be reasonably achievable.

A first sizing was done at 406 [MHz] for the Moon up-link, however, the resulting system would
have required to use of a more expensive and complex antenna. Given that Pegasus doesn’t
have to comply with existing system on the Moon as Galileo SAR system had to do with Earth
systems, the decision was made to customize requirements on the Moon. The same antenna used
for TMTC will be used for EBS down-link to Earth, therefore the sizing of the Earth down-link
will be covered in the TMTC section 4.1.

EBS Down-link Budget

Similarly, as for the Navigation Link Budget the Link analysis is started by using a Parabolic
Model for the Emitter Antenna. This, to have a first model on which to base the future antenna
choice. The same baseline parameters as in section 3.1.6 where taken for the parabola, Efficiency:
0.6, Pointing Error: 5 [deg].
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The selected type of amplifier is again a
Solid State Power Amplifier (SSPA) instead
of a Travelling Wave Tube Amplifier. This
is because the satellite is still in the power
domain of SSPAs and the priority was given
to the mass budget over the electrical power
budget.

The system will operate in down-link at
2,150 [MHz] and a bit rate of 16,000 bps
which is the bit rate required for Galileo’s
SAR (2 kbytes), in order to be able to
reserve one channel. The Link Margin is 5
[dB] which is usual. Figure 3.21: BPSK BER abacus [16]

The selected modulation is BPSK because of its good signal over noise property. For this
modulation the goal is a 10−6 Bit Error Rate, this gives a Signal over Noise Ratio of 10.5 [dB].

Regarding the receiver antenna model a parabolic antenna was initially taken, however, the
calculations of its dimensions are done a posteriori to aim at a 15 [dB] of Effective Isotropic
Radiated Power (EIRP), which is one of Galileo’s SAR requirements that allows to size the
space-segment antenna to transmit a reasonably powered signal. A summary of the base data
can be found below.

Type Data Value Unit

S/C

Minimum elevation 5 ◦

Lunar orbit SMA 10000 km
Antenna efficiency 0.6
Amplifier efficiency 0.2

Internal losses 1 dB
Depointing error 5 ◦

Link

Frequency 2150 MHz
Wavelength 0.139 m
Modulation BPSK

SNR Eb/N0 (for BER at 10−6) 10.5 dB
Bit rate 16000 bps

Demodulator degradation 1.5 dB
Atmospheric losses 0 dB

Margin 5 db

GS
Antenna diameter 0.416 m
Antenna efficiency 0.5
Noise temperature 200 K

Table 3.10: Emergency Broadcast Signal Down-link Baseline Data
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Based on this data to size the parabolic antenna to the required beam-width that makes it
possible to shower the Moon with the SMS signal. Using the previous formulas 3.5, 3.6, 3.7
and 3.10 in section 3.1 to compute the dimensions of the antenna gain parameters from the
pointing error and the elevation angle. The required diameter found is 0.21 [m]. The details of
this computation, including receiver antenna, can be found below.

Type Data Value Unit

S/C

Beamwidth 19.71 ◦

θ 8.48 ◦

θ3dB 46.67 ◦

Max distance to ground station 11457.74 km
Maximal gain 11.24 dB
Gain at θ3dB 8.25 dB

Antenna diameter 0.21 m

Link C/N0 52.54 dB
C/N0 179523 Hz

GS
Antenna gain 52.70
Antenna gain 17.21 dB

G/T -5.79 dB

Table 3.11: Emergency Broadcast Signal Down-link Calculated Data

Keeping in mind the 15 [dB] of EIRP requirement, and an iterative method was used and an
antenna of 0.36 [m] diameter was chosen for the reception of the Emergency Signal.
The bore-sight gain of a parabolic antenna can be calculated with the following formula:

Gparabola = 10log(ηefficiency(
πDparabola

λ
)2) (3.16)

Given this data and the problem perspective the following Link Budget problem statement
can be used as the solution:

Pt = LM + LFSPL + Latmo + Lt,int + Lpointing + 10log( C
N0

)− 10log( 1
KTr

)−Gt −Gr (3.17)

Based on the 15 [dB] of EIRP, the following expression can verify the requirement of the
parabolic antenna choice:

EIRP = 10log(Pt)− Lt,internal − Lt,pointing +Gt (3.18)

Data Value Unit
Free space losses 180.28 dB
Amplifier power 9.26 dBW
Amplifier power 8.45 W
Electrical consumption 42.23 W
EIRP 15.0 dB

Table 3.12: Emergency Broadcast Down-link Power Budget with Depointing
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Down-link Equipment

The Electrical Consumption of 42.15 [W] gives freedom to chose a cheaper off-the-shelf an-
tenna; like the Anywaves S-Band Antenna, which will need some adaptation for input power
but otherwise meets the minimum requirements. It would require also to have a slightly higher
directivity going from 90[◦] of half-power beam-width to 70[◦] to have a 6 [dBi] antenna gain at
the edge of the Moon (8 [dBi] at bore-sight). These antennas have been used and qualified by
CNES for space flight and the materials already have Advance Label.

The Gain of this antenna is less than the satellite’s best configuration, however, a modification
can be made on both sides of the transmission to meet the 15 [dB] EIRP requirement. The new
antenna data for our link budget can be found below (see data-sheet A.2).

Data Value Unit
Minimum elevation 5 ◦

Satellite lunar orbit SMA 10000 km
Beam-width at 3dB 70 ◦

Antenna Gain at boresight 7.5 dBi
Antenna Gain at Moon edge 6
Antenna efficiency 0.92 dBi
Amplifier efficiency 0.2
Internal losses 1 dB
Depointing error 5 ◦

(a) Down-link satellite data. (b) Anywaves S-Band model [17]

Figure 3.22: EBS Anywaves antenna

As stated earlier, there is a need to partially compensate the loss in the Transmitter Antenna
with this equipment choice. To match the 15 [dB] EIRP an iterative method was used to chose
a parabolic Receiver Antenna with a diameter of 0.47 [m]. The computation is done With the
parameters of the transmission link, and using the same link budget formulation and EIRP
formula as in earlier equations 3.17 and 3.18. The results are listed in the table 3.23.

Data Value Unit
Antenna diameter 0.47
Antenna efficiency 0.5
Noise temperature 200 K
Antenna Gain 55.59
Antenna Gain 17.45 dB
G/T -5.56 dB

(a) Receiver data

Data Value Unit
Free space losses 180.28 dB
Amplifier power 11.24 dBW
Amplifier power 13.30 W
Electrical consumption 65.52 W
EIRP 15.04 dB

(b) Power budget with depointing

Figure 3.23: Emergency Broadcast Anywaves Down-link
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The electric consumption increased 24 [W] which is still reasonable. And all requirements are
met for the transmission. Given the required power, the same amplifier choice and sizing are
made, taking the SSPA from Teledyne Paradise but for a 2,150 [MHz] frequency (Fig. 3.18a).
Furthermore, given Pegasus coverage mentioned in section 3.2.2, the loss of the EBS down-
link system on one satellite is largely compensated for the other satellites of the constellation.
Therefore, there is no need to implement redundancy for this system.

EBS Up-link Budget

A Galileo like operating frequency of 406 [MHz] is possible for Pegasus GNSS System only at
the high cost of a complex six-element antenna. The decision is then to operate at 950 [MHz]
since there is no need to accommodate to any existing system of emergency signal emission from
the Moon. It is known from Galileo’s specification that it’s possible to process signals at -159
[dB] of power and that there is also a minimum noise level to gain ratio to the respect of -17
[dB]. That is achieved with a Gaussian White Noise model with a Noise Temperature of 269
[◦K], which is the black body temperature equivalent of the Moon’s radiation level.

Following a similar link specification as in the previous section, with a BPSK modulation and
a 2 [KBps] of bit rate coming from the Ground Emitter.
In addition, multiple access could be handle using Time Division Multiple Access with a cost
on the data rate if necessary.
For the modeling of the Ground Emitter the best choice is to take a neutral antenna so that
the clients of the system can use a wide set of antennas that just need to meet the minimum
requirements that we are going to compute in this section and that will provide the necessary
minimum acquisition threshold on the space-segment. The summary of baseline data can be
found in figure 3.13.

Type Data Value Unit

S/C

Minimum elevation 5 ◦

Lunar orbit SMA 10000 km
Antenna efficiency 0.6

Minimum input power -159 dbW
Internal losses 1 dB

Depointing error 5 ◦

Noise temperature 200 K
G/T requirement -17 dB

Link

Frequency 950 MHz
Wavelength 0.30 m
Modulation BPSK

SNR Eb/N0 (for BER at 10−6) 10.5 dB
Bit rate 16000 bps

Demodulator degradation 1.5 dB
Atmospheric losses 0 dB

Margin 5 db

GS Antenna Gain 0 dB
Antenna efficiency 0.6

Table 3.13: Emergency Broadcast signal up-link baseline data
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To select specific antennas that would minimize the power required on the emitter’s side
comparison between two types of antennas will be done. But first, the set of baseline data shall
be completed with the following information on the satellite data and link data using the the
previous equations 3.6, 3.7 and 3.10.

Type Data Value Unit

S/C

Beamwidth to cover the Moon 19.71 ◦

θ 8.48 ◦

θ3dB 46.67 ◦

Max distance to ground station 11457.74 km
Required antenna gain at Moon edge 6.01 dB

Link C/N0 52.54 dB
C/N0 179523 Hz

Table 3.14: Emergency Broadcast signal up-link calculated data

Now it is possible to compare two directive types of antennas: parabolic and helical. To get
the gain of the parabolic antenna the equation 3.16 is used. To model the helical antenna a few
parameters need to be fixed to fix our operation mode:

• Because the objective is to maximize the directivity it is necessary to be in axial mode,
hence the circumference of the helical antenna needs to be in the order of magnitude of
the traveling wavelength λ.

• To have a maximum efficiency of the antenna, the number of turns needs to be 6.

• To have best performance, choice of spacing between the turns is 0.23 of the circumference.

Now, the helical antenna bore-sight gain in axial mode can be computed with this formula:

Gaxial = 10log(15C
2SN

λ3 ) (3.19)

Antenna type Data Value Unit

Parabolic
Max antenna gain 11.25 dB

Gain at θ3dB 8.25 dB
Diameter 0.45 m

Helical

Circumference 0.30 m
Diameter 0.095 m
Spacing 0.07 m

Number of turns 6
Efficiency 0.8

Gain at boresight 13.16 dB
Gain at Moon edge 10.75 dB

Gain at θ3dB 10.16 dB
θ3dB 44.27 ◦

Total length 0.41 m

Table 3.15: Emergency Broadcast signal up-link parabolic and helical antennas calculated data
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The parabolic antenna has a gain quite close to the minimum required gain. In order to
have a better tolerance to unknown conditions for the emitter signal and lower their electrical
consumption (keeping in mind the system must catch emergency signal emitted in emergency
conditions) Pegasus will use the more directional helical antenna.

However helical antennas can be lengthy, which could make the placement for the launcher
configuration complicated. This is also a reason for the increase in the frequency of the carrier
so that the dimensions required to work in axial mode would be smaller. To improve the system,
a multi helical antenna configuration is taken into consideration.

After a few iterations, the configuration of two antennas gave a good trade-off between the
cost of the space segment and the simplification of emitter systems for ground emitters.

Data Value Unit
Circumference 0.30 m
Diameter 0.095 m
Spacing 0.069 m
Number of turns 6
Efficiency 0.8
Number of antennas 2
Gain at boresight 13.17 dB
Gain at Moon edge 13.76 dB
Gain at θ3dB 13.17 dB
θ3dB 44.27 ◦

Total length 0.41 m

Table 3.16: Emergency Broadcast signal up-link multi helical antenna calculated data

A comparison of the performance of the link budget in terms of required antenna power and
electrical consumption from the Emitter’s point of view can be found hereafter.

Type Data Value Unit

Single antenna

Free space losses 173.63 dB
Amplifier power 11.38 dBW
Amplifier power 13.77 W

Electrical consumption 22.90 W

Multiple antennas

Free space losses 173.63 dB
Amplifier power 8.37 dBW
Amplifier power 6.87 W

Electrical consumption 11.45 W

Table 3.17: Emergency Broadcast signal up-link emitter power budget comparison

Given that a smartphone uses 5 [W] of emission power, the value of 6.8 [W] is low enough
to be compatible with numerous emergency conditions. Furthermore, the estimated electrical
consumption for the Emitter is also compatible for long enough signal broadcasting.
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The helical antenna selected is Helios antenna from Helical Communication Tech. This an-
tenna has the very interesting advantage of being able to unfold itself at deployment making
the space required smaller during the previous phases of the satellite’s life-cycle. This can be
observed in the following photos.

(a) EBS Up-link Helix antenna model. (b) EBS up-link Helix antenna folded.

Figure 3.24: EBS up-link Helix antenna photos of deployment. [18]

In the same way as for the down-link, given Pegasus coverage (at least 4 satellites always
in sight), the loss of the EBS downlink system on one satellite is largely compensated by the
other satellites of the constellation. Therefore, there is no need to implement redundancy for
this system

Transponder choice

For the signal processing functions, the same transponder model from Galileo is taken, which
is the Search And Rescue Transponder from Kongsberg. The only difference is that it should
be adapted to work with the frequency specifications of 1 [GHz] input with LNA to 2.15 [GHz]
of the output signal.

The relevant specifications are listed below. An exhaustive list of the electronic functions and
specifications can be found in the appendix of this report.

(a) SART model.

Parameter Specification
Input frequency 1000 MHz
Output frequency 2150 MHz

Mass 5.9 Kg
Power consumption 20 W

Dimensions 397 mm × 207 mm × 118 mm
(b) SART main specifications.

Figure 3.25: Kongsberg Search And Rescue Transponder used for the EBS. [14]
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3.2.4 Portable EBS User Specifications

User Needs The EBS can be used by mul-
tiple users on the lunar surface. The coverage
of the entire surface means that having a mo-
bile transponder easy to carry is mandatory to
enable astronauts and robots to use the net-
work. Thus, for astronauts, the device needs
to be handheld, similar to the Galileo SAR
transponders (Fig. 3.26). For easier usabil-
ity, the device shall be able to record the voice
of the astronauts when pressing a button: raw
voice data or transcript as an SMS can be sent
to the lunar base. Figure 3.26: Example of a Galileo SAR beacon

Antenna User Specifications

Down-link Signal The downlink signal processing system shall have a minimum acquisition
threshold of -170 [dBW] (before antenna gain) at a frequency of 2.150 [GHz]. The type of
antenna is not important but it should be noted that either a patch antenna or any wide beam
angle antenna can be used for this purpose. It is noted that current technologies make it possible
to use directional antennas with RF trackers to detect roughly our satellites.

Up-link Signal The uplink antenna should be able to send signals with a strength of 8.3 [dBi]
at a frequency of [950 MHz]. The uplink antenna should aim to have the widest beam angle
for the best coverage because the exact position of the satellites of the Pegasus constellation is
unknown to the ground emitter.
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3.3 Payload Synthesis
As a summary of the extensive study about the P/L of Pegasus satellites, its mass and

power consumption are recalled in table 3.18, whereas its performance is given in table 3.19.
In addition, in figure 3.27 is provided a figure that regroups our different services and support
equipment, to have a clear mapping of the interactions between space/ground (Earth links)
and user/space (Moon links) segments. As a reminder, the Earth link is not only used for
telemetry/telecommand but also ephemeris/clock corrections and Emergency Broadcast Signal
transmission.

System Mass [kg] Power [W]
Navigation 93.1 364.5
Emergency Broadcast 26.39 92
Total 119.49 456.5

Table 3.18: Synthesis of the payload units.

Service level
System Situation GDoP Position error [m] Time error [ns] Availability [%]

Navigation
Nominal 1.84 6.78 32 100

Loss of 1 S/C 1.95 7.59 33 100
Moon relief 2.73 11.74 43 96.6

EBS Worst case N/A N/A N/A 100

Table 3.19: Synthesis of the payload performance (lunar surface, errors @3σ).

Figure 3.27: Synthesis of the carrier frequencies used by Pegasus antennas.
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Chapter 4

Platform

Now that the payload of Pegasus satellites has been defined in detail in the previous chapter,
this one this focus on the second and last system of a S/C: the platform. Hence, several
subsystems necessary for the functioning and survival of the S/Cs are described in the following
sections. A close look will be kept at the mass and power consumption of these additional
items since they are necessary for guaranteeing the success of the mission, but do not directly
contribute to it.

More precisely,

• Section 4.1 presents the Telemetry, Tracking and Command subsystem,

• Section 4.2 presents the Propulsion subsystem,

• Section 4.3 presents the Attitude and Orbit Control System,

• Section 4.4 presents the Electrical Power subsystem,

• Section 4.5 presents the On-Board Data Handling & Software subsystem,

• Section 4.6 presents the Thermal Control subsystem,

• Section 4.7 presents the Structure of the Pegasus satellites,
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4.1 Telemetry, Tracking and Command
This chapter details the process of selecting an antenna for the transmission of TTC and EBS

signals to the Earth. It’s reminded that the choice was made in chapter 3.2 to merge the TTC
and EBS data into the same telecommunication link. The discussion regarding data processing
from TTC will be discussed in the section On-Board Data Handling 4.5.

4.1.1 Link Budget

An energy-efficient approach is taken, meaning that the link budget problem statement is done
looking at minimizing the electrical consumption on the space segment. The type of antenna
considered for the link budget is a parabolic one.

The issue of pointing the antenna towards a specific ground station on Earth is simplified by
pointing the antenna towards the geometric center of the Earth and covering with our signal
the full visible surface of the Earth. This can be done quite easily since only 1[◦] of beam-width
is required to cover the Earth from our Moon Orbit.

TTC Down-link Taking a very commonplace model, the minimum visibility elevation will
be 5 [◦] with a pointing error of 5 [◦] as well and the link margin is 5 [dB]. The type of amplifier
is taken as a Solid State Power Amplifier with an efficiency of 0.2, this choice will be justified a
posteriori.

Regarding the beam-width of the parabolic antenna, as stated earlier only 1[◦] is necessary
to cover the earth. A first iteration of the Link Budget gave us a very low electric consumption
for such an optimized antenna: in the order of magnitude of 10−1 [W]. Therefore, in order to
save space, a wider beam-width of 10[◦] was taken to the price of a higher electric consumption
but decreasing the size of the antenna by two.

Noise temperature at the ground station is taken at 269 [K], the black body model of the
Moon, since it’s easier to point towards the full Moon, this strategy seems easier to model in
order to get worse conditions to link budget problem statement. The size of the parabolic an-
tennas on Earth is taken as 7 [m] of diameter as it’s a much commonplace and easy to access
equipment by contrast with NASA’s Deep Space Network and their 13 [m] antennas that come
with a very high cost.

Taken as before in chapter 3.2 a SNR of 10.5 [dB] is necessary to reach a BER of 10−6 of a
BPSK modulation. BPSK is taken for its good resilience to noise.

The details of our baseline data can be found in table 4.1.
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Type Data Value Unit

S/C

Minimum elevation 5 ◦

Lunar orbit SMA 10000 km
Max depointing error 5 ◦

Beamwidth 10 deg
Antenna efficiency 0.6
Amplifier efficiency 0.2

Internal losses 1 dB
Noise temperature 311 K

Link

Frequency 2170 MHz
SNR Eb/N0 (for BER at 10−6) 10.5 dB

Bit rate 10500 bps
Demodulator degradation 1.5 dB

Atmospheric losses 0.2 dB
Margin 5 dB

GS
Antenna diameter 7 m
Antenna efficiency 0.5
Noise temperature 269 K

Table 4.1: TTC down-link baseline data.

These data are developed using some previously mentioned formulas. The parabola diameter
equation 3.8, the link angles used to calculate the distance between the two bodies and the half
power beam angle on equation 3.6 and 3.7. The formulas used to retrieve the parabolic antenna
bore-sight gain in equation 3.16.

A custom approximation is taken for the worst-case scenario for the distance between a ground
station on Earth and a satellite of the constellation taking into consideration minimum visibility
elevation. The formula used is as follows:

Dmax =
√

(RM + SMA)2 −R2
M +

sin(π2 − sin−1(sin(π2 + ielev) RE
RM

) + ielev)
sin(π2 + ielev)

DT,M (4.1)

With RE and RM representing Earth’s and Moon’s mean radius at the equator, ielev the mini-
mum elevation, the semi-major axis of the satellite’s circular orbit (Section 2.2.5) and DE,M the
Earth-Moon distance at apogee. The values are computed from our baseline data, and grouped
in the following table 4.2.
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Navigation Signal Calculated Data
Type Data Value Unit

S/C

θ3dB 20 ◦

Max distance to GS 417702.67 km
Maximal Gain 18.66 dB
Gain at θ3dB 15.61 dB

Antenna diameter 0.48 m

Link
C/N0 50.71 dB
C/N0 117811.94 Hz

Wavelength 0.14 m

GS
Antenna Gain 12669.06
Antenna Gain 41.03 dB

G/T 16.73 dB

Table 4.2: Navigation Signal calculated data.

Finally, the required transmitting power is computed using the same Link Budget Problem
statement as earlier (Section 3.17). The results can be found in the table 4.3 below.

Data Value Unit
Free space losses 211.59 dB
Amplifier power 9.07 dBW
Amplifier power 8.07 W
Electrical consumption 40.37 W

Table 4.3: TTC down-link power budget with pointing error.

TTC Up-link

To verify the sizing of the up-link part of the telecommunication channel, using the same
antenna, the same logic and baseline data as in the down-link part is used again here. The only
modifications are made for the link carrier frequency which is now 2250 [Hz] and the Noise Tem-
perature in the Gaussian White Noise Model from the satellite’s perspective which is 311[◦K],
Earth’s black body model temperature. The following up-link required transmitting power (Ta-
ble 4.4) is valid for each satellite of our constellation.

Data Value Unit
Free space losses 211.91 dB
Amplifier power 9.7 dBW
Amplifier power 9.34 W
Electrical consumption 46.68 W

Table 4.4: TTC Up-link power budget with pointing error.
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4.1.2 Required Transmitting Power Simulation

In order to refine the previous TTC Link Budgets, the Pegasus constellation has been im-
plemented in the Astrodynamics Software FreeFlyer from a.i. solutions. A capture of this
simulation can be found in figure 4.1 below.

Figure 4.1: Screenshot of Pegasus constellation simulated.

The implemented link budget problem statement is computed at every step of the propa-
gation for each satellite of the Constellation. The epoch of simulation runs for 27 days, which
covers one apogee of the Moon that occurs during the night at day 16. Then, the maximum of
required transmitting power is plotted over time in the figure 4.2.

Figure 4.2: Required transmitting power simulated.
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The maximum required transmitting power over time reaches a peak of 8.98 [dB] when the
Moon is at its apogee. This value is slightly more accurate than the one from our previous
analysis which was looking for the worst ever possible scenario. This comes from the difference
between the exact distance between the ground station and farther satellite of the constella-
tion and the worst-case distance estimated in the previous section. Therefore, our results are
enhanced with this simulation.

4.1.3 TTC Equipment

A synthesis of the units presented in this section can be seen table 4.5. Some of the equipment
has been mentioned before, the Solid State Power Amplifier of Teledyne Paradise, referenced
section Navigation 3.18, is used as an amplifier for several systems.

Part Unit Quantity Mass [kg] Power [W] T [◦C]

TTC

TTC antenna 2 10 40.3 -70/120
Transceiver 2 1.25 18 -20/60
Amplifier 2 20 2.5 -55/60
Total 5 62.5 121.6 N/A

Table 4.5: Synthesis of the TTC units.

Regarding the Transponder model choice, the STC-MS03 S-Band TTC Transceiver from
Honeywell was taken. This transponder is compatible with the link parameters. But needs a
small adjustment on its frequency range to include our 2170 [MHz] frequency on its transmitting
frequency range. It also has the advantage of being ESA Class-S qualified.

The main specifications of this equipment are listed below and the complete datasheet and
diagram of implemented electronic functions can be found in Appendix A.3.

(a) STC-MS03 S-Band TTC
from Honeywell

Parameter Specification
Temperature Range -20°C to +60°C

Minimum acquisition threshold -120 dBm
Mass 1.25 Kg

Power consumption 18 W
Dimensions 160 mm × 110 mm × 44 mm

(b) SART main specifications. Source: adapted from Konsgberg SART.

Figure 4.3: Transceiver Honeywell chosen for TTC Link.
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4.2 Propulsion

4.2.1 Introduction

The objective of the propulsion part is to select the propulsion system used by the thrusters
and to estimate the propellant needed for the whole mission to be able to size the tank. Once
on the lunar transfer orbit, after the maneuver performed by the launcher from LEO, Pegasus
satellites have to perform all nominal propulsion tasks:

• interplanetary maneuvers and lunar orbit insertion.

• station-keeping around the Moon.

• unloading of the wheels.

• control maneuvers to avoid collisions.

• orbit decay for the end of service.

For this part, the simulations have been done using FreeFlyer, as for section TTC 4.1. First,
the choice of the propulsion system is studied in section 4.2.2, and the propellant mass necessary
for the 10 years mission estimated 4.2.3, taking into account the dry mass calculated in section
Structure 4.7. At last, the equipment identified for the Propulsion subsystem are described 4.2.4.

4.2.2 Propulsion system choice

Nuclear propulsion is not considered for safety reasons related to the launch; the lunar base,
and environmental protection. Chemical and electrical propulsion systems can both be selected.
Each one offers different specifications for which the main differences are the maneuver time τ
and mass of propellant mp needed for correction. To avoid using as much propellant as possible,
and to reduce the satellites’ total mass, we consider a propulsion system using only electrical
propulsion.

The first simulations of station-keeping have shown that chemical propulsion is possible but
very demanding in propellant mass: ∆V = 0.7 [km/s] of impulsive maneuver required per year.
The most important advantages of electric propulsion, with respect to conventional propulsion
systems, are a low propellant consumption, allowing longer operations and a reduced spacecraft
mass while allowing a highly controllable thrust for precise pointing. It is usually best in
an application for attitude control or station keeping. It is also interesting for interplanetary
purposes when the time is not an issue. That is why the deployment and end-of-life phases have
been more deeply studied later in this section, exception of the lunar orbit insertion.

Hall-effect thrusters have been investigated as they offer a good balance between specific
impulse Isp and thrust Th. They take advantage of both electromagnetic (higher thrust) and
electrostatic (higher Isp) technologies. Hall thrusters create a stream of electrically charged
xenon ions accelerated by an electric field and confined by a magnetic field. As justified later
in this section, the PPS 1350-G thruster (Isp = 1660 [s] and Th = 90 [mN]) is considered for
the mission. For every maneuver, one thruster has been simulated, to estimate the mass of
propellant for the whole mission.
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4.2.3 Xenon mass estimation

For all nominal propulsion tasks, speed change ∆V and propellant mass mp required have
been estimated, the synthesis is presented in table 4.6. The main tasks requiring high speed
change are the lunar orbit insertion, inclination correction and end-of-life maneuvers (around
30% for three of them).

Propulsion task Affected parameter ∆V [m/s] mp[kg] % needed
Interplanetary travel N/A N/A 6 4.3
Lunar orbit insertion N/A N/A 38 27.8
North/South correction Inclination 889 42 30.8
East/West correction Eccentricity & SMA 61 5 3.6
Wheels unloading and
collision maneuvers N/A N/A 2 1.4

Orbit decay SMA 969 44 32.3
Total N/A N/A 136 100
Total with 10% margin N/A N/A 149.6 100

Table 4.6: Xenon mass estimation for nominal tasks.

The way the propellant has been estimated for each mission phase is explained below. One
can notice that the different phases are not presented in chronological order because estimating
the propellant requires knowing the total mass of the satellite, which varies over time due to
the propellant consumption. It is, therefore, easier to use the dry mass of the satellite as a
starting point and to add successively the propellant used during each mission phase, in reverse
chronological order.

End-of-life phase

The purpose of the end-of-life maneuvers is to reach a perigee altitude smaller than the Moon
radius (see section Mission Analysis 2.3.2). This would indeed mean that the satellite crashes on
the Moon. In the figure 4.4 can be seen the maneuver simulation using Freeflyer. For a satellite
dry mass of ≈ 710 [kg], mp ≈ 44 [kg] are required to reach the perigee and approximately 82
days of burst. One can notice that it takes longer to modify the altitude when getting closer to
the Moon’s surface. The simulation has been done in one maneuver, but in reality, this would
require several to avoid possible collisions and precise location of impact, preferably on the North
pole to avoid issues with the lunar base.
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Figure 4.4: End of life simulation to estimate mp.

Station-keeping

Without station-keeping, for each Keplerian parameters, periodic variations around a mean
value are observed (figure 4.5). The inclination is perturbed due to Earth and Sun gravity pull.
The eccentricity is mainly perturbed by the solar radiation, not so much of the Moon oblateness
as the altitude is high. The SMA seems stable but a correction of the eccentricity induces a
variation of the SMA.

Figure 4.5: Keplerian parameters drift over 200 days.
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The purpose is to correct the mean values when drifting too much:

• Eccentricity correction to get back to 0.003 when reaching 0.015. The average maneuvering
time at the periapsis is about 180 minutes.

• SMA correction to keep the distance between +/- 30 [km]. Most of the maneuvering times
at the periapsis are between 30 to 130 minutes.

• Inclination correction to keep the angle between +/- 1 [◦]. The average maneuvering time
at the node is about 190 minutes.

• No AoP correction as the orbit is almost circular.
• No RAAN correction as the orbits drift similarly, it is possible keep an angle of 120[◦]

between each. The RAAN precession is about 15 [◦/year].

As shown figure 4.6, for 10 years, orbital parameters are correctly fixed. For a spacecraft wet
mass of 754[kg] at the end of the deployment phase, the station-keeping requires approximately
mp ≈ 47 [kg] of xenon.

Figure 4.6: Station-keeping simulation over 10 years.
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Wheels unloading and collision maneuvers

As explained in section AOCS 4.3, solar sailing can only unload the wheels on two axes, thence
thrusters are necessary for the last one. Moreover, some maneuvers might be needed to correct
trajectories to avoid collisions. Both have been estimated at 2 [kg] of xenon together.

Deployment phase

As presented section Mission Analysis 2.3.1, a LELT transfer is considered for the deployment
phase. First, a very low-thrust arc Th = 0.08 [N] is performed consuming 7[kg] of propellant.
Then, there is a second longer manoeuvre requiring Th = 0.5 [N] , when approaching the Moon,
to proceed to the lunar capture and eccentricity/perigee altitude diminution. For an initial wet
mass m0 = 1000 [kg], mp = 61 [kg] of propellant are required for the phase.

The differences between the article [2] and the current proposal are:

• Isp = 1660 [s] instead of Isp = 3000 [s], resulting in higher propellant necessary for the
phase. As Isp = T

ṁg0
, for the same thrust, a diminution of 1.8 of the Isp involves

1.8 times higher propellant mass flow ṁ. This difference implicates a consumption of
7 ∗ 1.8 = 12.6[kg] for the first manoeuvre and 97.2[kg] for the second.

• hp = 10000 [km] instead of hp = 100 [km], resulting in less propellant necessary to perform
the second manoeuvre, as the S/C does not need to get close to the lunar surface. It is
assumed mp = 40 [kg] are needed for the lunar orbit insertion.

Thus, we would need mp = 12.6 + 40 = 52.6[kg] for the deployment phase, with a wet mass
of m0 = 1000[kg], ie mp

mp+m1
= 1 − exp(−∆v

ve
) = 0.0526. Knowing the mass necessary at the

beginning of the station-keeping m1 = 786[kg], a value of 136[kg] of xenon is computed for the
mission.
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4.2.4 Electrical Propulsion System

The Electrical Propulsion System (EPS) is designed with the following modules:

• Thruster (low pressure system).
• Xenon flow regulation (low/high pressure system).
• Xenon storage tank (high pressure system).
• Power.
• Digital interface and communication system (discussed in section OBDH. 4.5)

A synthesis of the units used in this section is presented on table 4.7 and the flow regulation
of these functions on figure 4.7. The datasheets for the equipment can be found in Appendix
A.4.

Unit Quantity Mass [kg] Power [W] Operating T [◦C]
Thruster 4 5.3 1500 -60/160
Robotic arm 2 15 40 N/A
Pressure regulator system 1 5.9 0 27/45
Storage tank 2 7 0 5/55
Xenon propellant N/A 149.6 N/A N/A
Power processing unit 1 10.9 126 -35/70
Filter unit 4 1 0 N/A
Total 13 235.97 6206 N/A

Table 4.7: Synthesis of propulsion units.

Figure 4.7: Flow regulation loop of the electrical propulsion system.
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Thruster module

Thrusters
The PPS 1350-G thruster is considered for the

mission. It is an electrostatic Hall-effect thruster
manufactured by SAFRAN. It was successfully used
for SMART-1 (1st ESA mission to the moon us-
ing only electrical propulsion in 2001) and more re-
cently on two geostationary satellites: Inmarsat-4A
F4 (2013) and Hispasat AG1 (2016). Its great ad-
vantage lies in its very high specific impulse Isp =
1660 [s] and very good thrust to electric power ra-
tio Th/P = 0.09[N ]

1500[W ] = 60[mN/kW ], which limits the
activation time or the number of thrusters required.
For more precision, read the datasheet of the thruster
in Appendix A.4.

Figure 4.8: PPS 1350-G thruster [19].

Today, new solutions exist with better characteristics, such as the PPS 5000 (Isp = 3000
[s], Th = 200 [mN]), but they require much more power. The PPS 1350-G has been chosen
because preliminary studies have shown it is possible to perform propulsion tasks only using it.
Thus, the total power required has been limited and the solar array sizing reduced (see section
Electrical Power 4.4.6).

Figure 4.9: Eutelsat-172B robotic arm [20].

Robotic arms
Pegasus satellites are equipped with two

2meter-long articulated thruster arms: one 1[m]
beam, the second one of 0.75[m], and one 210 x 300
[mm] plate to put the thrusters. On the figure 4.9
is presented a similar system used on Eutelsat-172B
(2017). Instead of thrusters embedded at the corners
of the satellite, the twin deployable robotic arms can
be moved freely about its body using three joints. It
is used for the orientation of the thrusters and to con-
trol thrust direction and attitude. One pair of PPS
1350-G are placed on each of the arms, including one
nominal thruster and one redundant.

This system has been selected instead of a platform thruster orientation mechanism or
numerous non-movable thrusters for several reasons:

• Continuity of service: as station-keeping maneuvers must be performed without loss of
service, the chosen propulsion system needs to be able to push in the +X, -X, +Y, and -Y
directions while keeping the Moon side correctly pointed.

• Yaw law: as the S/C might be subject to a rotation around its Z-axis during station-keeping
maneuvers, robotic arms provide the required flexibility in thrust direction modification.

• Contamination of antennas and solar arrays: the off-center position of the thrusters enables
to limit of their contamination on sensitive surfaces of the satellites.

• Deployment phase: as 2 nominal thrusters have to be ignited in the same direction for
lunar insertion, robotic arms allow this configuration with only four thrusters aboard.
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Xenon flow regulation module

A Xenon Pressure Regulator and Feed Sys-
tem (XPRFS), illustrated figure 4.10, based on
bang-bang type regulation, regulates the high
pressure xenon (max 12 [MPa]) down to a con-
stant low pressure at 0.2 [MPa]. It incorporates
a system of valves, a plenum volume, pressure
transducers, and flow restrictors. The XRFS
provides a high degree of redundancy and failure
tolerance, to ensure reliability > 0.998. The unit
is supplied by Arianegroup and has been used on
nine satellites since 2005 propulsion:PRS (its
datasheet is given in Appendix A.4).

Figure 4.10: XPRF System. [21]

The low-pressure xenon is then fed into the Xenon Flow Controller (XFC). The XFC includes
a thermo throttle which allows to provides fine control of xenon mass flow rate to the thruster
anode and cathode. Two XFCs are already included in each PPS 1350-G, for a total of 8 XFCs.

Xenon storage tank module

Xenon characteristics In section Xenon mass estimation 4.2.3, a total of 150 [kg] of xenon,
with 10[%] margin, have been estimated for the mission. An advantage of using xenon is that
it has a low critical pressure of 5.84 [MPa] (dot line on the figure 4.11a) to reach a supercritical
fluid state. Between 6 [MPa] to 8 [MPa], a sharp increase of the density from 1.2 to 1.6 [kg/L]
can be noticed. It allows the storage of more propellant mass in the same tank volume with a
small increase in pressure. For a density of 1.6 [kg/L], if we consider 150 [kg] of xenon, the tank
volume needs to be at least 94 [L] in total.

(a) Pressure variation. [22] (b) Temperature variation. [23]

Figure 4.11: Xenon density variation depending on P and T◦

As presented in figure 4.11b, xenon critical temperature is 17 [◦C]. Thus, the density also
depends on the temperature of storage: for the same pressure, the higher is the temperature,
the lower is the density. The maximum expected operating pressure is 12 [MPa] as it is the
maximum inlet pressure allowed by the XPRFS.
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Tank

The ETS VIII xenon tank [24] (figure 4.12) is
selected as it is high performance, lightweight,
and easy to manufacture. Two of them are
needed as one tank can stock up to 89[kg] of
propellant. For ground processing at the launch
facility, the xenon must be maintained in a su-
percritical state and its temperature cannot ex-
ceed 55 [◦C] during loading, to avoid exceeding
the tank maximum design temperature. To get
a density of 1.6 [kg/L], the selected initial load
pressure at 12 [MPa] is 42 [◦C]. Figure 4.12: ETS VIII xenon tank.

Power module

Power Processing Unit The Power Processing Unit (PPU) is responsible for the ignition
and regular operation of the PPS. PPU MK1 (figure 4.13a), made by Thales Aliena Space [25]
and already used on SMART-1, is selected. It controls the xenon flow and generates the required
power to the thruster. It conditions the electrical power, represented by "Primary power" on
the figure 4.7, from the 50 [V] of the Power Distribution Unit to meet the 300/350 [V] thruster
requirements. For more details, its datasheet is given in Appendix A.4.

Filter unit With the thrusters behaving as noise generators at high frequencies, a Filter Unit
(FU) is needed to provide filtering. One FU is located upstream of each plasma thruster to
limit electromagnetic conduction from the thruster towards the PPU, for a total of 4 FU. The
FU selected (figure 4.13b) has been validated with PPU Mk1 and was used for coupling tests
PPS1350-G [25].

(a) Power Processing Unit Mk1 made by TAS. (b) Filter Unit validated for the PPU Mk1.

Figure 4.13: Equipment of the power system.
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4.3 Attitude and Orbit Control System

4.3.1 Introduction

In this section, the AOCS (Attitude and Orbit Control System) of the Pegasus satellites are
detailed. This subsystem is responsible for controlling the attitude and position of the satellites
throughout their lifetime, as well as sun acquisition by orienting the solar arrays. This section
intends to bring more details about the several AOCS modes implemented aboard the Pegasus
satellites for different mission phases (section 4.3.2), the way the system aids thermal constraints
(section 4.3.3), the method used to desaturate the reaction wheels (section 4.3.4) taking into
account the disturbing torques mentioned on section 2.4.4, and the chosen AOCS equipment
(section 4.3.5). The following general functions must be performed.

• Initially, Pegasus is launched and inserted into an ellipsoid lunar transfer orbit by Ariane
6. After separation, it should be able to conduct sun acquisition, and solar array de-
ployment autonomously and establish a three-axis attitude control commanded by ground
operations.

• Pegasus then requires a reliable attitude and orbit control system, to successfully make
insertion into lunar orbit at 10,000 [km] with an inclination of 80 [◦]. Therefore, the AOCS
must control a sequence of orbital maneuvers and perform accurate velocity increments
through accurate three-axis attitude control and variable thruster cut-off timing.

• After having reached the correct lunar orbit, the satellite should maintain an accurate
lunar pointing for high precision navigation service. Besides, implementing a yaw steering
law (section 4.3.3) in order to meet payload equipment thermal constraints. Moreover,
this specific attitude must be maintained during orbit corrections for ensuring continuity
of service.

Regarding the AOCS requirements in terms of pointing accuracy and pointing stability, it
should be noted that they are not stringent at all for navigation satellites since they broadcast
their navigation signal in a very wide beam below them (see chapter 3). A pointing error of 1
[◦] in pitch, yaw, and roll is typically acceptable. This low level of accuracy explains why the
AOCS architecture of the Pegasus satellites is quite simple and doesn’t require a lot of high-end
equipment.

Figure 4.14: Satellite Axis convention.

The orientation of the satellites is
constrained by the need to have one
panel facing the moon at all times,
and one panel having no sun inci-
dence for payload equipment thermal
constraints as stated before. Thus,
the following axis convention is de-
fined (Fig. 4.14); where the moon
side will be the +Z side, the +X side
will be the anti-sun side created by
the Yaw steering Law, and +Y and
-Y are imposed by said constraints.
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4.3.2 AOCS Modes

The designed AOCS subsystem was developed considering the system requirements for differ-
ent phases. In total, Pegasus has thirteen different modes that have been presented in deliverable
System Engineering Report. The main ones for AOCS are summarized in table 4.8.

Mode Description

Initialization

AOCS maintains the stand-by condition until a satel-
lite separation signal is detected or a reconfiguration
signal is received. After receiving these signals, AOCS
sets the component configuration automatically.

Sun Acquisition Mode

AOCS searches for sun direction and acquires a sun-
pointing attitude, in which the sun sensor is aligned
to the sun direction. After the sun-pointing attitude
is established, the solar arrays are deployed. Because
the visibility from the ground is not guaranteed, the
sun acquisition mode is done automatically.

Earth/Moon Acquisition Mode
AOCS maintains Pegasus yaw axis, the +z axis, point-
ing to the center of the moon in the lunar Attitude
Control circular orbit.

Transfer Orbit Mode (Thrusting)

AOCS maintains Pegasus oriented toward the direc-
tion of the burn to insert the spacecraft into lunar
orbit. This model takes into account the ignition of
two PPS thrusters simultaneously.

Transfer Orbit Mode (Coasting)

AOCS maintains Pegasus oriented to keep the atomic
clocks on the cold side of the spacecraft. This mode
is used during most of the transfer and assumes all
thrusters are off.

Normal Operation Mode

This mode is used for moon navigation from a circu-
lar lunar orbit. AOCS keeps the Pegasus three-axis
attitude fixed in an inertial frame using the reaction
wheels, which will then be desaturated by solar sailing.

Eclipse Mode
This mode is used for moon navigation from a circular
lunar orbit. The thrusters will not be used during this
mode to correct or desaturate.

Orbit Correction Mode AOCS conducts orbital manoeuvres firing the
thrusters.

Safe Mode
In this mode, AOCS continues outputting attitude
control commands, to maintain ground communica-
tion using minimum on-board resources.

Table 4.8: AOCS modes description
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4.3.3 Yaw Steering Law

Introduction As it has been seen in chapter Payload 3, the atomic clocks on board the
payload of the satellite are very sensitive pieces of equipment, with a small thermal range of
−5 to 10 [◦C] and a maximum temperature variation of +/-1 [◦C] over 24 [h]. These thermal
constraints can only be respected by maintaining one of the panels of the satellite with no sun
incidence and by placing the clocks on this panel (that will be called the anti-sun side). The
attitude steering law that enables to maintain one panel without sun incidence while keeping
another panel pointed to the Moon is called a yaw steering law. Its name comes from the fact
that both constraints can be met by rotating the satellite around its single Z-axis. For this to
be possible, as it is shown in figure 4.15, the spacecraft must rotate 90 [◦] in a quarter of orbit
(approximately 6 [h] for the Pegasus satellites).

Figure 4.15: Representation of the yaw steering law [26].

Conclusions Undoubtedly, the introduction of a yaw steering law aboard the satellites, im-
posed by the sensitivity of atomic clocks, is a major design driver for several subsystems. That’s
why the main consequences of it on the other subsystems are summarized here:

• Thermal subsystem: due to the yaw steering law, the incident thermal fluxes will be very
different from one side to another. On figure 4.15, it can be noticed that the anti-sun
side (+X side) won’t receive any solar flux during normal operations, but it can also be
observed that the incident fluxes on the +Y and -Y sides will be very limited. This will
be confirmed in the thermal analysis of section 4.6.

• Power subsystem: as figure 4.15 shows, the Y-axis of the satellite (where the solar panels
are located) is always perpendicular to the Sun direction. This implies that rotating the
solar panels around their axis would be enough to keep a 90 [◦] incidence angle of the solar
rays on them. This is advantageous since it is the configuration in which the solar cells
can extract the maximum electrical power. This conclusion will be used in the design of
the solar panels (see section 4.4).

• Structure: since the +X, +Y, and -Y sides will face the Sun for shorter periods than the
other sides, the radiation level that they will encounter will be less. Hence, the design of
the shielding around the satellite won’t be the same everywhere (see section 4.7).
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Momentum requirement As the yaw steering law requires to rotate the spacecraft around
its Z-axis, it might be a sizing element for the actuators used for rotation: the reaction wheels.
The purpose of this paragraph is to determine the minimum torque and kinetic momentum
capacities of the reaction wheels so that the yaw steering law can be realized. Therefore, simple
reasoning is performed. Assuming that the satellite needs to rotate of 180 [◦] during 10 hours
(with 1 hour of acceleration and 1 hour of deceleration), the rotation speed ωS/C that it must
reach is given by equation 4.2.

ωS/C ≈
180 [◦]
8 [h] ≈ 1.091 · 10−4 [rad/s] (4.2)

Since this rotation must be reached in one hour, the angular acceleration of the satellite during
the acceleration and deceleration phases is given by equation 4.3. This acceleration is generated
by a torque Twheel originating from a reaction wheel, as it is shown in equation 4.4.

αS/C = ωSC
1 [h] ≈ 3.03 · 10−8 [rad/s2] (4.3)

Twheel = −TS/C = IS/C,z · αS/C

with IS/C,z = 1
12 ·m · (l

2
x + l2y) ≈ 300 [kg.m2]

⇐⇒ Twheel ≈ 9.09 · 10−6 [N.m] over one hour
⇐⇒ ∆Hwheel ≈ 0.033 [N.m.s]

(4.4)

Hence, the torque that must be provided by the reaction wheel and the variation of kinetic
momentum that it must withstand are respectively equal to Twheel ≈ 9.09 · 10−6 [N.m] and
∆Hwheel ≈ 0.033 [N.m.s]. These values were kept in mind for the choice of the reaction wheels
to place aboard the Pegasus satellites.

4.3.4 Reaction wheel desaturation: solar sailing

It has been decided to rely on solar sailing for desaturation of the reaction wheels around two
axes: the Z and X axes. This means that the satellites will take advantage of the small solar
radiation pressure available in lunar orbit for desaturation purposes [27]. It should be noted
that the solar pressure PSP in lunar orbit has an order of magnitude of 4.5 · 10−6 [N/m2]. The
third axis will be desaturated using the electrical thrusters defined in section 4.2.

To desaturate around the Z-axis (figure 4.14), one solar array is rotated 90 [◦] by its Solar
Array Drive Mechanism (see section AOCS Equipment 4.3.5) so that it is parallel to the solar
rays, while the other stays perpendicular to them (Fig. 4.16). In this situation, a torque around
the Z-axis is created and can be estimated as follows. Assuming that (a) each solar array has
a size of 7.5 [m2] (1.25 [m] x 6 [m]) and a center of pressure located at 1.25

6 = 4.8 [m] of the
center of gravity of the spacecraft, (b) the torque generated by the perpendicular solar array is
negligible, the torque generated around the Z-axis can be computed:

Tz = F · l = PSP · S · l ≈ 6.4 · 10−5 [N.m] (4.5)
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Figure 4.16: Desaturation around the Z axis

To desaturate around the X-axis, both solar arrays are rotated of 45 [◦], but in opposite
direction. The geometry is then similar to a wind turbine (figure 4.17). In this case, the
specularly reflected solar particles generate a force normal to the surface [27], which tends to
rotate the satellite around the X-axis (Fig. 4.14). If we assume that the proportion of specularly
reflected particles σ = 0.25, the torque generated around the X-axis can be computed as:

Tx = 2 · F · l = 2 ·
√

2
2 · σ · PS ĺ ·

√
2

2 · S · l ≈ 1.6 · 10−5 [N.m] (4.6)

Figure 4.17: Desaturation around the X axis

Since the computed torques Tx and Tz are (at least) one order of magnitude higher than
the other disturbing torques present in lunar orbit, it has been proven that the reaction wheel
desaturation along the X and Z is possible with solar sailing. As it has been mentioned before,
the electrical thrusters of section 4.2 will be responsible for the desaturation around the third
axis.

4.3.5 AOCS Equipment

The Pegasus AOCS subsystem relies on sensors and actuators. While the sensors provide
information about the spacecraft’s attitude and/or position, the actuators are used to control
them. In the following paragraphs, the several sensors and actuators of the AOCS subsystem of
the Pegasus satellites will be described.

73/142



Pegasus Project - Technical Report

A summary of the equipment is presented in the table 4.9, recalling the different units of it,
their mass, power, and operating temperatures. The data sheets for all sensors and actuators
can be found in Appendix A.5.

Unit Quantity Mass [kg] Power [W] Operating T [◦C]
Sun Sensor 2 0.035 0.13 -25/70
Star Tracker 2 2.6 12.6 -30/70

Reaction Wheel 4 4.85 90 -20/70
SADM 2 4.25 4.6 -25/70
Total 10 33.17 304.66 N/A

Table 4.9: Synthesis of the AOCS units

Sensors

Sun Sensor The Sun Sensors are responsible for sun
acquisition. They help the spacecraft determine its ori-
entation with respect to the Sun by measuring angles be-
tween their mounting base and incident sunlight. Aboard
the Pegasus satellites, their main purposes will be (i)
to provide the necessary information to the Solar Ar-
ray Drive Mechanism (SADM) so that the solar panels
can be pointed towards the Sun and guarantee energy
production; (ii) provide the necessary information to the
reaction wheels so that they can execute the yaw steering
law (see section 4.3.3). After a short study, the NewS-
pace Systems (NSS) NFSS-411 sensor (figure 4.18) has
been selected because of their acceptable performance
levels and their small masses and power consumption.

Figure 4.18: NFSS-411 Sun Sensor
[28].

Figure 4.19: AA-STR
Star tracker [29].

Star tracker The star trackers are highly reliable and represent
the latest technology in the field of autonomous attitude determina-
tion. It is used for inertial attitude determination by tracking stars’
positions in deep space and comparing them to an onboard database.
This inertial attitude can then be translated into an attitude with
respect to the Moon if the spacecraft knows its position (which is
the case thanks to the ephemeris described in section 3.1.4). In the
Pegasus satellites, the AA-STR (figure 4.19) used for ESA’s Herschel
telescope will provide robust and accurate three-axis attitude deter-
mination with very low mass and power consumption.
The design of the AOCS system was chosen, taking into account ad-
ditional equipment to be fault-tolerant. As a consequence, Pegasus
will have two sun sensors and two-star trackers in hot redundancy.
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Actuators

Reaction Wheels The reaction wheels aboard the Pegasus satellites are responsible for con-
trolling the rotation of the spacecraft in three axes. This three-axis rotation is indeed necessary
for (among others) guaranteeing lunar pointing of the +Z face and sun pointing of the -X face,
and for compensating the disturbance torques existing in lunar orbit. A configuration of four
redundant RSI 4-75/60 wheels (figure 4.20a) with an angular momentum storage capacity span-
ning a range between 0.04 [Nms] and 68 [Nms] is implemented. These wheels have indeed torque
and momentum capacities that are high enough for the Moon environment and the yaw steering
law (see section 4.3.3).

Solar Array Drive Mechanism The Solar Array Drive Mechanism (SADM) constitutes the
interface between the solar array and the satellite. Moreover, it enables the solar array to rotate
around its axis to face the Sun in the best possible way (and hence to generate the most electric
power). As it will be seen in section 4.3.3, the introduction of the yaw steering law combined
with the rotation of the SADM makes it possible to keep an incidence angle of 90 [◦] between
the solar rays and the solar panels in every situation. Based on the size and mass of the Pegasus
solar panels (computed in section 4.4), the Septa 33 SADM (figure 4.20b) has been chosen and
its datasheet is given in Appendix A.5. This actuator is designed with a focus on robustness
and for a lifetime of more than 12 years, is fully space-qualified and is used in GALILEO.

Electrical thrusters As it has been seen in section 4.3.4, the electrical thrusters that have
been presented in section 4.2 have an important role in the AOCS subsystem since they are
responsible for reaction wheel desaturation around one axis. That’s why they are reminded
here, even if they should not be considered as new equipment.

(a) RSI 12-75/60 Reaction Wheel [30]. (b) SEPTA-33 SADM [31].

Figure 4.20: Actuators.
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4.4 Electrical Power

4.4.1 Introduction

The purpose of this section is to design the power subsystem of the Pegasus satellites. This is
only possible after a thorough analysis of the several spacecraft modes defined in section 4.3 and
the determination of the worst-case power consumption during the day and during the night.
Standards primary and secondary sources are chosen to supply the satellites with energy: solar
arrays deliver the necessary electrical power when they are illuminated by the Sun and a battery
is used during eclipses. Knowing the power that has to be delivered, the solar arrays and the
battery can be sized.

4.4.2 Power Budget

Before designing the solar array and sizing the battery, the satellite’s power consumption
must be estimated. This consumption relies on the several spacecraft modes defined in section
4.3. Each mode corresponds indeed to a given configuration of ON/OFF subsystem, as it is
depicted in table 4.10, expected or attached S/C status are also shown. A more precise version
of this table is available in Appendix, where the power consumption of each mode is computed
by summing the individual consumption of every component (this individual consumption can
be found at the equipment summary tables on every section describing a Pegasus’ subsystem).

S/C Mode Status SubSystem status
Exp Att T/C E/P Prop TTC P/L Avionics

Off/Standby X Off Off Off Off Off Off
Test mode X On Off Off Off Off On
Launch X On Off Off On Off Off
Initialization X On Off Off On Off On
Sun acquisition X On On Off On Off On
Earth/Moon acquisition X On On Off On Off On
Transfer orbit (thrusting) X On On On On Off On
Transfer orbit (coasting) X On On Off On Off On
Normal operation X On On Off On On On
Eclipse X On On Off On On On
Orbit correction X On On On On On On
Safe X On On Off On Off On
Intermediate safe X On On Off On On On

Table 4.10: Spacecraft modes and their subsystem configuration.

From this summary table, the consumption of the satellite can be computed in the different
configurations (the complete table can be found in Appendix A.6), and both the solar array and
the battery can be sized. Here, it should be noted that the solar arrays will be sized in order
to be able to provide enough power for the Orbit Correction Mode. The most demanding mode
(Transfer Orbit Mode (thrusting)) will only be used during the day while combining the power
produced by both the solar array and the battery. All in all, the power to be provided by the
solar array can be summarized as in table 4.11.
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Subsystem Power [W]
Thermal ≈ 150
Electrical ≈ 10
Propulsion ≈ 1650
TTC ≈ 70
Payload ≈ 500
Avionics ≈ 400
Total ≈ 2800
Total + 10% margin ≈ 3100

Table 4.11: Power consumption in Orbit Correction Mode.

Since this power consumption is subject to uncertainty, an additional 10[%] margin is taken
into account. Hence, we size the solar array so that it can provide 3100 [W].

Regarding the battery, it will be sized based on the Eclipse mode, a special mode that has
been designed to maintain the availability of the service during the long eclipses faced in lunar
orbit. In this mode, consuming heaters must be switched on and it is chosen not to fire the
electrical thrusters. Hence, the power to be provided during the eclipse by the battery can be
summarized as in table 4.12.

Subsystem Power [W]
Thermal ≈ 600
Electrical ≈ 10
Propulsion ≈ 0
TTC ≈ 70
Payload ≈ 500
Avionics ≈ 400
Total ≈1600
Total + 10% margin ≈1800

Table 4.12: Power consumption in Eclipse Mode.

Again, since this power consumption is subject to several uncertainties, an additional 10[%]
margin is taken into account. Hence, we size the battery so that it can provide 1800 [W] during
the longest eclipses.
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4.4.3 Architecture Definition

Topology

Two main architectures can be considered for designing a power subsystem involving a bat-
tery: the battery follower topology and the regulated topology. In the first case, the battery is
directly connected to the solar arrays (for the battery charging) and to the equipment (battery
discharging). As a consequence, the output power of solar arrays and the power needs of the
equipment must remain in the operating range of the battery, to prevent damaging prematurely
the battery. This implies constraints for the solar array sizing and induces non-negligible varia-
tions of the electrical power delivered by the battery (the discharge voltage of the cells depending
on the state of charge).

That is the reason why a regulated topology is chosen. In this second configuration, a Battery
Discharge Regulator (BDR) regulates the power delivered by the battery, so that the power bus
is maintained at a constant voltage. A Battery Charge Regulator (BCR) controls the power de-
livered by the solar arrays to ensure that the charging power respects the charging requirements
of the battery. This regulated architecture offers also the advantage of being more efficient and
capable of delivering higher power peaks.

Figure 4.21: Schematic of the power subsystem.
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Solar Arrays Regulator

When solar arrays are illuminated by the Sun, they supply directly the equipment with en-
ergy (with or without the battery, in addition, section 4.4.5). As the power delivered by the
solar arrays depends on various parameters (sun incidence, temperature, radiations dose), it is
necessary to add an additional regulator aimed at controlling the power delivered to the bus.
Two main controllers are usually used: the Maximum Power Point Tracker (MPPT) and the
Direct Energy Transfer (DET).

The MPPT adapts the solar array voltage to deliver the exact required power to the equipment
and is able to track the maximal power point voltage Vmp and current Imp (which are the voltage
and current for which the solar array delivers the maximum power). It is, therefore, able to
maximize the delivered power whatever the sun incidence and the temperature of the solar cells.

On the other hand, the DET delivers a constant output voltage to the power bus. The
corresponding cell operating voltage is close to the maximal powerpoint only if the solar array is
sized in a proper way and if the conditions of temperatures, sun incidence, and radiations dose
do not vary a lot during the lifetime of the mission. If both conditions are not respected, there
is a risk that the delivered power is not sufficient for the correct functioning of the equipment.

An architecture based on a DET is chosen as it has the advantage to have a lower cost, it
is less complex and less dissipative than the MPPT (that has an efficiency of approximately
95%). In addition, the yaw steering law and the rotation of the solar panels allow keeping a
constant sun incidence. As a consequence, the sun’s illumination only varies depending on the
seasons and the eclipses. Due to this quasi constant illumination, the temperature of the cells is
expected to remain stable and the efficiency of the solar arrays can be well predicted over time.
Therefore, the sizing can be precisely done, and despite the fact that the DET does not track
the maximum power point, the required power can be effectively delivered to the bus.

Even with good sizing, some variations of the generated power are expected due to seasonal
effects, variations of the temperatures of the solar cells, or the performance reduction of the
cells. To limit these variations, a Sequential Series switching Regulator (S3R) is used. This
component increases the flexibility of the system by connecting or de-connecting sections of the
solar arrays in order to deliver sufficient power in all situations.

The resulting architecture for the power generation and conditioning is depicted in figure 4.21.
As it can be noticed, a part of the solar cells is dedicated to the charging of the battery (charge
sections), while the other part (main sections) is used to supply directly energy to the equipment
when the solar arrays are illuminated.

79/142



Pegasus Project - Technical Report

4.4.4 Electrical Power Equipment

Power Conditioning Unit

Physically, the power conditioning is ensured by single equipment called Power Conditioning
Unit (PCU) that contains the S3R, BCR, and BDR. The chosen PCU is produced by Airbus
Defense and Space, provides a regulated 50[V] bus and is one failure tolerant [32]. The BDR
has a modular architecture, each module being able to deliver 1 [kW ], for a maximum of 6 [kW ].
According to the power budget made in the section 4.4.2, a 2 [kW ] BDR is sufficient for the
Pegasus satellites. The PCU datasheet can be found in Appendix A.6.

Power Distribution Unit

As it has been said in the previous section, the PCU provides a regulated 50 [V] bus at its
output. Despite the fact that most of the Pegasus equipment is designed for this voltage, some
of them aren’t. That’s why a PDU (Power Distribution Unit) is needed aboard the satellite.
However, thanks to the relatively small size of such a unit, its volume is neglected. Regarding
its mass, it will be taken into account thanks to a simple empirical formula (Section 4.4.7).

Battery Cells

Figure 4.22: SAFT
VES180 battery cell [33].

Li-Ion batteries are chosen for their high specific energy and high
energy density that allow saving mass and volume. In addition, their
thermal dissipation is lower than other cells like the NiCd or NiH2
cells and they can operate in a wider range of temperatures. Even if
they require protection to avoid overcharge and over-discharge, this
technology is nowadays well mastered and Li-ions cells have become
a standard for space applications. After a short market analysis,
the Li-ion SAFT VES180 battery cells are selected since they offer
excellent energy density, they are qualified since 2007 and have been
used with success in many applications, as for example the Galileo
In-Orbit Validation satellites. The corresponding datasheet is given
in Appendix A.6.

Solar Cells

In the framework of this project, the triple junctions 3G30C Advanced solar cells of the com-
pany AZUR SPACE have been chosen. The corresponding datasheet can be found in Appendix
A.6. This choice is explained by their high efficiency, especially at the End-Of-Life and by the
fact that this type of cell have been widely used in the past decades [34].

(a) Airbus PCU 50V [32]. (b) Azur Space solar cell [35].

Figure 4.23: Chosen PCU and solar cells.
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4.4.5 Battery Sizing

Eclipse Duration

As it has been explained and proven in section 2.4.2, Earth eclipses are drivers for the sizing for
the power subsystem since they cause the solar panels not to generate power for approximately
2 [h] 35 [min].

Battery Design

As the chosen PCU can only handle voltages between 27.5 [V] and 48 [V] and the battery
cells’ voltage varies between 3 [V] and 4.1 [V], it can be concluded that the number of cells to
be placed in series Sbat must be 10 or 11. For failure tolerance purposes, the highest possible
number is selected and the maximum/minimum/average battery voltages are obtained in table
4.13.

Property Voltage [V]
Sbat 11
Minimum battery voltage 33
Maximum battery voltage 45.1
Mean discharge battery voltage 39.1

Table 4.13: Voltage properties of the battery.

Besides, the mean discharge current of the battery at night can be computed as: Idis =
Pnight

ηBDR·Vdis
, with Pnight the power to be provided during eclipse, ηBDR the efficiency of the Battery

Discharge Regulator and Vdis the mean discharge battery voltage. The result is depicted in
equation 4.7.

Idis = Pnight
ηBDR · Vdis

= 1800 [W]
0.96 · 39.1 [V] ≈ 47.35 [A] (4.7)

To continue the sizing of the battery, the duration of the longest eclipse that can be encoun-
tered along the orbit of the satellite is needed. This duration is approximately Teclipse = 2 [h] 35
[min] as it has been shown in section 2.4.2. By multiplying Idis by Teclispe, the maximum charge
amount that can be discharged during an eclipse (Qd,max) is obtained. Moreover, in order for the
battery to sustain the number of cycles, it will face during its lifetime, its maximum allowable
depth of discharge (DOD) is limited to 70%. This means that an additional margin should be
taken into account before finding the minimum capacity of the battery. Finally, based on this
minimum capacity, the number of battery cells Pbat to place in parallel is obtained, together
with the maximum DOD effectively reached and the effective battery capacity (equation 4.8).

Pbat = 4
DODmax = 0.64

Qbat = 192 [A]
(4.8)
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Now that the battery is sized (number of cells in series and in parallel), its failure modes can be
investigated: the open-circuit and short-circuit failures. As it is known that every open-circuit
failure will transform into a short-circuit failure after some time, only this last type must be
analyzed. Because of the choice made regarding the number of battery cells in series (Sbat = 11
instead of 10), it can be proven that the designed battery is failure operational.

As a summary of this reasoning, the main properties of the Pegasus battery are recalled in
table 4.14, and a graphical representation of it is depicted in figure 4.24.

Property Data Unit
Number of cells 44
Battery capacity 192 [A.h]
Mean discharge voltage 39.6 [V]
Power output 1800 [W]
Battery weight 48.84 [kg]
Battery volume 3.21e+07 [mm3]

Table 4.14: Main properties of the designed battery.

Figure 4.24: Design of the battery.
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4.4.6 Solar Arrays Sizing

Solar Cells Degradation

Solar radiations are responsible for the early degradation of solar cells. It is important to
characterize their effect as it will have a direct impact on the solar array sizing. A simulation
is performed with the software SPENVIS, which uses a model developed by the Jet Propulsion
Laboratory. The simulation duration is set to 10 years, and the spacecraft is placed at a distance
from the Sun equivalent to 1 AU, in “near-Earth interplanetary” conditions. In this configura-
tion, it is considered that the spacecraft is outside the Earth Magnetosphere (no influence of the
trapped particles), but that it is at a sufficient distance from the Sun (best model possible for a
satellite orbiting the Moon). As the penetration of the particles depends on the characteristics of
the solar cells, the simulation is performed specifically for the Azur 3G30 cells. Results obtained
are depicted in the figure 4.25.

Figure 4.25: Equivalent Fluxes versus depth in the Azur 3G30 solar cell simulation.

The figure 4.25 shows the cumulative 1 [MeV] Electron Equivalent fluence versus the depth.
The cumulative 1 [MeV] Electron Equivalent fluence is a way to quantify the total fluence of
particles of various energy by considering only electrons of 1 [MeV] (the energy of the real incom-
ing particles is equal to the equivalent fluence times 1 [MeV] ). As depicted on the figure 4.25,
after 10 years of mission, the average equivalent fluence over the depth is 1e15 [particles.cm−2].
This value is then used for estimating the performance decrease of the solar cells. One can
make a second comment about the results: as expected, trapped electrons and protons have no
contribution (the satellite never crosses the radiation belts) and the total equivalent fluence is
only due to solar protons.
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Solar Array Design

The solar arrays have to be sized in a worst-case scenario which corresponds to the End Of
Life (EOL) and at maximum temperatures. Indeed, in these conditions, their efficiency is the
lowest. It is here assumed that the solar panel’s temperature is maintained below 60 [◦] during
the whole mission since this temperature yields a good compromise between loss of performance
of the solar cells, and complexity of the thermal control system. This assumption will need to
be confirmed in the section describing the thermal subsystem of the satellite (Section 4.6)

The first step that needs to be performed is to determine the electrical characteristics (mainly
the operating voltage and current) of the solar cells at EOL and maximum temperature. These
values are generally computed by starting from the characteristics at the Beginning of Life
(BOL) and by successively taking into account the effects of (1) radiation and (2) temperature
on them. Even if a DET architecture is not able to follow the maximum power point of the cells,
one considers that the operating voltage and current are respectively Vmp and Imp. The lack of
power induced by this approximation will be covered by the margin that will be then taken into
consideration.

According to the datasheet of the solar cells:

Imp,BOL,@28◦C = 0.5044 [A]
Vmp,BOL,@28◦C = 2.411 [V]

(4.9)

1) After 10 years of mission (EOL), according to the results obtained in the section 4.4.6,
solar cells will receive an equivalent fluence of 1e15 [e.cm−2]. The following electrical properties
are thus expected for the cells:

Imp,EOL,@28◦C = 0.4866 [A]
Vmp,EOL,@28◦C = 2.246 [V]

(4.10)

2) Considering a temperature difference of ∆T = 60 [◦C]− 28 [◦C], the expected variations of
Vmp and Imp due to temperature effects are:

Imp,EOL,@60◦C = Imp,EOL,@28◦C + ∆T.∆Imp∆T = 0.4866 + 32× 0.28× 0.001 = 0.4956 [A]

Vmp,EOL,@60◦C = Vmp,EOL,@28◦C + ∆T.∆Vmp∆T = 2.246− 32× 7.2× 0.001 = 2.016 [V]
(4.11)

Note: Electrical data considered here corresponds to the behavior of the solar cells receiving a
solar flux of ΦSun = 1367 [W.m−2]. Thanks to the yaw steering law and the Solar Array Drive
Mechanisms that maintain an optimal sun incidence, an effective incoming flux close to this
value is expected, no additional margin must be taken into consideration.

The solar arrays are then split into two parts: a first part responsible for providing power to
the satellite (main section), and a second part aiming at recharging the battery (charge section).
For both of them, the same sizing strategy is applied.
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1. First, the minimum number of solar cellsNSerie to be put in series into a string is computed,
it is directly linked to the voltage that must be delivered to the bus. As a Switch series
regulator is used, the operating point (which is the intersection between the solar array
characteristic curve and the imposed voltage) will always stay on the right side of the
maximum powerpoint. In other words, the total solar array string voltage at the maximum
power point (at EOL and 60 [◦C]) must be lower than the imposed voltage (bus voltage
for the main section; battery voltage for the charge section). Moreover, in order to place
the operating points as close as possible to the maximum power point, NSerie is chosen to
be the maximum possible while remaining still lower than the regulated voltage.

2. As a second step, the number of strings N// to be placed in parallel is determined, based
on the power that must be provided to the satellite directly (for the main sections), or to
the battery (for the charging sections).

First, the sizing of the charge section is made. Therefore, it is assumed that the charge voltage
is equal to the mean discharge voltage and that the voltage drop between the solar array and the
battery is 1.25 [V]. In that case, it is found that the minimum number of solar cells to be put in
series into a string NSerie,charge = 19. The number of strings to put in parallel is then computed
based on the power required to fully recharge the battery in between two eclipses and on the
combined efficiency of the Battery Charge Regulator and the S3R. The result is N//,charge = 13.
However, for reliability reasons, it is decided to choose N//,charge = 14 in order to be tolerant to
the loss of one string.

Regarding the main sections, knowing that the bus voltage is 50 [V] and assuming that the
voltage drop between the solar array and the bus is 1.25 [V], it is found that Nserie,main = 24.
Based on the power to provide to the satellite (3100 [W]) and the efficiency of the S3R, the
number of strings to be put in parallel is obtained: N//,main = 131. Again, for reliability
reasons, this number is augmented by one unit.

As a summary of the solar array sizing, table 4.15 displays the main properties of the solar
array of the Pegasus satellites. It should be noted that, due to the fact that the main and
charging sections were sized independently, a small excess power is available when the battery
is fully charged. A graphical representation of the array is also depicted in figure 4.26.

Property Data Unit
Number of solar cells - Main Section 24× 132 = 3168 /
Number of solar cells - Charge Section 19× 14 = 266 /
Total number of solar cells 3434 /
Total power output 3325 [W]
Total surface of the solar panel 14.65 [m2]
Solar panel weight 78.5 [kg]

Table 4.15: Main properties of the designed solar panel.
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Figure 4.26: Design of the solar array.

4.4.7 Synthesis

Table 4.16 displays the equipment (and its properties) that has been selected for the Power
subsystem of the Pegasus satellites. Since the efficiency of the solar panels and battery has
already been taken into account in the design, it is assumed here that they do not consume any
extra power. As a reminder, the solar panels are tolerant to the loss of two strings (one in the
charge section, one in the main section). Moreover, it is well-known in the space industry that
the solar panels and the battery together account for approximately 80% of the Power subsystem
mass and cost. An extra unit is thus added in table 4.16 to respect this empirical formula. This
unit corresponds to, amongst others, the PDU and the wires.

Unit Quantity Mass [kg] Power [W] is Operating T [◦C]
Solar panel 2 39.5 3325 -150/120
Battery 1 48.84 1800 -10/35
PCU 1 16.3 N/A -15/70
Extras (PDU, wires, ...) / 15.9 N/A N/A
Total N/A ≈ 160.04 N/A N/A

Table 4.16: Synthesis of electrical power units.

As a final comment, one can make sure that, by combining the power output of the battery and
the solar array, it is possible to provide enough power for the most demanding mode (Transfer
Orbit Mode (thrusting)) for short period of time. As it can be seen in Appendix A.6, this
mode requires ≈ 3800 [W], which is smaller than the 5100 [W] of combined power that can be
delivered.
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4.5 On-Board Data Handling and Software

4.5.1 Introduction

The first driving parameter in the conception of an OBDH was the simplicity and a minimalist
approach. The architecture of all satellites will be identical throughout the constellation of 21
satellites. Galileo architecture [36] has been used as a basis to establish our own, while only
using appropriate sensors and equipment useful for the mission. The diagram presented in figure
4.27 is split into two main sections, the platform, and the payload. The two parts are linked by
a data bus handled and a Payload to Platform Interface.

Payload The payload is dedicated to fulfilling of the mission objectives, in the present case it
is to provide services to the users, which are navigation and emergency broadcasting. It handles:

• Precise timing with atomic clocks.
• Gold codes generation.
• Navigation signal processing with up-converting.
• Navigation signal broadcasting on the Moon.
• EBS signal reception from the lunar surface.
• EBS signal emission and reception from Earth GS.
• EBS signal processing and broadcasting on the Moon.

Platform The platform is dedicated to the survival of the satellite and the mission, it handles:

• Orbit determination and correction maneuvers to be done.
• Propulsion to provide thrust and orbit insertion/correction.
• Power production and storage to provide energy to the S/C equipment.
• Attitude control to orient the S/C and the solar arrays to provide energy.
• Thermal control to resist to the space environment.
• Telemetry, tracking, and control signal to update S/C status.

4.5.2 OBDH Equipment & Tasks

A synthesis of the units presented in this section can be seen in table 4.17. The datasheets
for the equipment can be found in Appendix A.8.

Unit Quantity Mass [kg] Power [W] Operating T [◦C]
Spacecraft Management 2 6.5 23 -25/65
Remote Terminal 2 3.25 12 N/A
Real-time Clock 2 N/A N/A N/A
Total 4 19.5 70 N/A

Table 4.17: Synthesis of the OBDH units.

Remote Terminal Unit All of the signal data processing is handled by a Remote Terminal
Unit (RTU). The goal of using this equipment in the architecture is to reduce the required
computing power by the PCDU of the platform and to only transmission relevant data through
the bus interface.
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Figure 4.27: OBDH top level diagram.
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Spacecraft Management Unit The main computational part is handled by the two onboard
Spacecraft Management Units. From there, the computers are connected to all the other sub-
systems of the S/C. It receives orders from TTC subsystem or follows the planned mission with
the different levels of automation linked to the S/C modes. It is also responsible for the memory
of the satellite. The two computers units will be activated upon separation of the satellite from
the launcher, via a pyrotechnic fuse.

We choose an On-Board Computer (OBC) from the brand RUAG, the CREOLE ASIC.
(Appendix A.8). It features an onboard redundancy with two different computers working
together, with each 374 [Gbit] long term storage capacity and 512 [MB] or system memory. Our
satellites only need to store ephemeris files for position estimation, EBS data history, and logs
for recent activity. All of those usages do not exceed 32 [Gbit] capacity. An automatic transfer
of all log files to the operation center is performed every day. After a month of storage, every
file can be deleted. If the EBS system ends up generating more data than expected, the data
will be deleted 48 hours after ground backup.

Real-time Clocks Real-time clocks are present on the P/L side and are connected to the
computers in two different ways. The first one is a direct serial linked with reduce latency to get
the most accurate system time possible from the clocks, the second connection is with a data
bus to update parameters or reset the clocks.

Power Delivery Power lines are handled by the PCDU, receiving commands from the com-
puter to activate/deactivate selected equipment depending on the active S/C modes.

Platform to Payload Interface The communications between the platform and the P/L
are handled by two data buses linked to the RTU on the payload side. They are in charge of
signal and data processing to avoid a calculation overload at the computer level.

Thrust Control

• A constant thrust of the electrical thrusters is achieved with an algorithmic loop into the
Power Processing Unit and gives us the analog control signal for all of the Xenon Flux
Controllers.

• The Pressure System Regulator is activated before each burn to adjust then maintain the
pressure in the low-pressure part where the thrusters are. It uses a control loop algorithm
too and responds to a limited number of commands thanks to the high level of automation
in the system. Two different loops are present. The first one is dedicated to the ignition
of the thrusters and the second one is used to maintain constant pressure.

• The system controls the discharge voltage and the difference between the ground of the
satellite and the voltage in the cathode. This referential is called the cathode reference
potential.

• Other housekeeping parameters are issued by the thruster automatically and handled as
telemetry data by the computers.
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4.5.3 Global Redundancy

This section sums up the main redundancies implemented into the S/C subsystems. The
redundancy has been implemented to provide Fail Operational (FO) service, nominal tasks
completed by the remaining equipment in case of a failure event, or a degraded mode in the
worst-case scenario. Detailed information about the design of each subsystem can be found
in their respective section. Failures will be taken into account and order by Fault Detection,
Isolation, and Recovery (FDIR) standard. The lowest FDIR level being 0 and the highest level
being 4 and handled by the ground teams while the spacecraft switches to Safe Mode.

OBDH

• Spacecraft Management Unit (4 computing units)
The spacecraft features two main On-Board Computers (OBC) in hot redundancy to
provide FO service with up to two compute unit failures. Every OBC then contains two
redundant compute units in hot redundancy. With this setup, two different voting pools
take place one after the other. The first one compares inside and OBC the result of the
two compute units. Another pool is then performed between the two OBCs. This enables
the satellite to automatically diagnose a faulty compute unit inside an OBC. In normal
operation, the idle compute unit of every pair can be used to perform updates and testing
before applying a new software patch. In that case, the system is only working on two
compute units.

• Remote Terminal Unit (x2)
Another key to the survival of the mission is good communication between the P/L and the
platform. RTUs are used to ensure such communications and perform signal conversions
without the help of the main computers. The satellites have two redundant RTUs in hot
redundancy to ensure a FO service and good communication with the P/L.

AOCS

• Star Tracker (x2)
Without star trackers the S/C cannot calibrate its orientation in space, this constraint
imposes a redundancy on the star trackers. In case of failure of one star tracker or in case
of different results from the voting system, the spacecraft switches automatically to sun
pointing mode / safe mode until the ground operators deactivate the faulty sensor.

• Sun sensor (x2)
The sun sensors are used to refine the yaw steering law and to provide information to the
Solar Array Driving Mechanism. Refining the yaw steering law requires two operational
sun sensors. In case the spacecraft loses one, the mission can continue in degraded mode
using only the star trackers to tune the yaw law.

• Reaction wheel (x4)
The satellite needs one reaction wheel per axis to orient itself in all directions. In the
design, a fourth wheel was added two provide redundancy in case of a one-wheel failure.
In that case, the S/C needs to reconfigure itself to replace the defective wheel with the
spare one. With the actual design, losing two wheels seems to have a very low probability
but would mean the end of the mission.
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Payload

– Rubidium Atomic Frequency Standard (x2)
Two RAFSs have been integrated, following the steps of Galileo. RAFS are more
stable in the long run, with a long life cycle and flight heritage, but are less precise.
This stability is needed during the entire mission, hence the hot redundancy with
a comparison of voting results. The mission is FO with one RAFS disabled and
degraded with both of the clocks disabled.

– Passive Hydrogen Maser (x2)
PHM clock has the best precision, but with a shorter life cycle than the previous one.
They are in hot redundancy to ensure the resulting voting and a FO mechanism with
the loss of one clock. As for the RAFS, the system can work in degraded mode with
both of the clocks disabled.

– Navigation Signal Generation Unit (x2)
NSGU is critical to the mission, it generates the navigation signal from the atomic
clocks and golden sequences. The two pieces of equipment don’t need to run at the
same time, this one has been configured in cold redundancy.

– Frequency Generator and Up-converter Unit (x2)
FGUU is responsible for generating the L-band signal from the NSGU. Losing this
equipment means the end of the spacecraft mission. The choice was made to imple-
ment the second one in cold redundancy with a possible reconfiguration with com-
mands from the ground.

Propulsion

– Thruster (x4)
The propulsion systems is entirely based on hall effect thrusters that are used for,
among others, inserting the S/C in lunar orbit, station-keeping, and desaturate the
reaction wheels. In order to desaturate the wheels in all directions, two robotic arms
were installed on the -X and +X sides of the satellite. Redundancy is needed in case
of thruster failure to provide the thrust to inject into orbit and later correct it. To
be FO, one pair of thrusters are placed on each of the arms, one pair including one
nominal thruster and one cold redundant.

– Filter Unit (x4)
The FU is used to filter the electrical current going to the thruster. If two thrusters
are connected to a single FU, the loss of the equipment would mean the loss of one
arm and thus the loss of the mission. The low cost of this equipment and its small
form factor enables us to put one FU per thruster.

Power

– Solar array charging section
An additional string is added so that the design is tolerant to a one-string loss.

– Solar array main section
An additional string is added so that the design is tolerant to a one-string loss.
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4.5.4 Modes Transitions

OBDH subsystem handles the ON/OFF of every unit and other subsystems, which depends on
the modes S/C. The description of the mode and be seen on the deliverable System Engineering
Report. On the figure 4.28, all the S/C modes are present with their possible transitions. The
sequence begins with the off state and will end up in a loop between Normal mode and Orbit
Correction mode. In the case of an eclipse, the spacecraft will automatically switch into Eclipse
mode when the solar power goes to zero, then resume normal operation at the end of the eclipse
when the solar panels capture sunlight again.

Figure 4.28: Modes switching diagram.
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4.6 Thermal Control

4.6.1 Introduction

The main objective of this study is to determine and size thermal protections and hardware
needed to ensure that the temperature of each equipment remains within pre-defined tolerances.
For this purpose, different sub-tasks must be performed:

• Define properly inter-dependencies between thermal control equipment and other subsys-
tems.

• Search thermal characteristics of each equipment (operating temperature ranges and esti-
mation of their heat dissipation).

• Perform simulations to estimate the incoming heat fluxes received by the satellites.
• Select thermal control technologies.
• Model the thermal behavior of the S/C and compute the temperature of each equipment.
• Compare results obtained with the temperature tolerances, and iterate if needed.

4.6.2 Equipment Temperature Ranges

After the selection of the components needed in the different subsystems of the Pegasus
satellites, their Qualification temperature tolerances (in operating conditions) are searched in
the data sheets and transformed into Design temperature tolerances that are then listed in
table 4.18. It is recalled that the Design tolerances are calculated by taking the Qualification
temperature ranges and by removing successively Qualification and Acceptance Margins, as
specified by the the ESA ECSS-E-ST-31C standard [37]. The Calculated temperature ranges
provided by the thermal models are then compared to the Design temperature tolerance, by
taking into account the uncertainties of the models.

Component Design temperature tolerance [◦C] Need for stability
Structure -85/80 No
Solar arrays -170/120 No
Battery 15/30 No
PCDU -10/55 No
Thrusters -60/160 No
Xenon Pressure Regulator 27/45 No
Xenon tank 5/55 No
Star trackers -30/60 No
Sun sensors -27/70 No
Reaction wheels -20/70 No
S/C Management Unit -25/50 No
RB atomic clock -5/10 +/-1◦in 24h
PHM atomic clock -5/10 +/-1◦in 24h
NGSU -20/70 No
Nav antenna -120/120 No
SMS antenna (Up and Downlink) -40/85 No

Table 4.18: Temperature tolerances of the main equipment of the satellite (operating conditions)
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It is noticed that atomic clocks have very strict thermal constraints, with a small temperature
variation tolerance and a need for stability. For this reason, it is decided to put them on a face
that never faces the Sun, to limit the variations of the thermal fluxes. A specific control law
called the "Yaw Steering Law" is therefore needed.

4.6.3 Yaw Law and Incoming Heat Fluxes Simulation

Due to the high variation of the solar flux magnitude on all faces (see figure 2.11 in section
2.4.1), some thermal requirements listed in the table 4.18 (especially the requirements for the
clocks) cannot be met with a classical attitude evolution over the orbit. For this reason, a yaw
steering law must be implemented, that makes sure that one face of the satellite (the face where
the clocks are placed) never sees the Sun. Practically, the yaw law relies on a rotation of the
satellite around its Z-axis and has been described in section 4.3. Since this law modifies the
incoming fluxes on the different sides of the satellite, they have been re-computed thanks to the
software Systema and are depicted in figure 4.29. The initial RAAN used for the simulations
has been set to 0◦, but similar fluxes are expected for the satellites of the other orbital planes.
Indeed, since the yaw steering implies that the incoming Sun rays remain in the same satellite
semi-infinite plane as explained in 4.3.3, the influence of the RAAN will only induce a dephasing
between the incoming solar fluxes of the different satellites.

Some comments can be made about the new heat fluxes obtained:

• The Yaw Steering Law works as expected since the face "Anti-Sun Side" never receives
direct solar flux. Other direct consequences of the control law are that the face "Sun Side"
receives a high flux due to its permanent exposition to the sun, and that the faces "+Y
Side" and "-Y Side" are never exposed to the direct solar flux. However, placing atomic
clocks on these sides would present a risk as a small modification of the attitude of the
satellite (for example in safe mode, when the yaw law is not operating anymore) would
increase drastically the received solar heat flux and thus damage the clocks.

• This new fluxes evolution enable to determine the sides where radiators could be placed.
The anti-sun, +Y and -Y sides seem to be wise choices since they often face deep space.

• Two times per year, the satellite enters into the shadow of Moon during some minutes for
several consecutive orbits. In such a configuration, the direct solar flux received by the
Sun side oscillates between 0 and high values, as it can be observed on figure 4.29c.

• Lunar eclipses occur due to the alignment Sun-Earth-Moon, the Moon is in this configura-
tion in the shadow of the Earth. As a consequence, direct solar fluxes received by all faces
are zero for a quite long period. This behaviour can be seen three times on figure 4.29c.

• For each face, three different "cold cases" can thus be identified:

– When the face is less exposed to the Sun (or even not exposed at all) due to the
orientation of the satellite with respect to the Sun (high frequency occurrences).

– When the satellite is in the shadow of the Moon (called lunar eclipse). If a worst case
is considered, this eclipse occurs at each orbit (i.e. approximately each 23[h]) and
lasts 1 [h] 23 [min].

– When the satellite is in the shadow of the Earth (Earth eclipse). This phenomenon
occurs 2 or 3 times a year and can last up to 2 [h] 35 [min].
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From these observations, it is concluded that the Earth eclipse is the sizing factor for the thermal
control as well as for the electrical design.

(a) Moon side. (b) Anti-Moon side.

(c) Sun side. (d) Anti-Sun side.

(e) +Y side. (f) -Y side.

Figure 4.29: Thermal fluxes on the six surfaces (with yaw steering law).
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4.6.4 Thermal Budget

In this section, the thermal budget is quickly recalled. It will indeed be used several times
to compute the transient temperature evolution of the spacecraft with a first simplified model
(section 4.6.5) and to estimate the steady temperature of each face of the satellite (section 4.6.6).
It should be noted that equation 4.12 can be applied to whatever system with temperature T
and that the term C.(T − T0) represents the conduction between the system at temperature T
and another system at temperature T0.

QIN −QOUT = m · Cp ·
dT

dt
with QIN = Qd + αs.(As.Φsun +Ae.Φalbedo) +Ae.ε.Φmoon

with QOUT = F.Arad.ε.σ.(T 4 − T 4
sp) + C.(T − T0)

(4.12)

In equation 4.12, several symbols must be defined.

QIN Incoming power [W]
QOUT Outgoing power [W]
Qd Dissipated power [W]

Φsun Solar flux [W/m2]
Φalbedo Moon albedo flux [W/m2]
Φmoon Moon IR flux [W/m2]
As Surface to Sun [m2]
Ae Surface to Moon [m2]
Arad Radiative surface [m2]
F View factor []
αs Absorbtivity []
ε Emissivity []
σ Stefan-Boltzmann constant [W/m2/K4]
T System temperature [K]
Tsp Space temperature [K]
m System mass [kg]
Cp Specific heat capacity [J/kg/K]
C Thermal conductance [W/K]

Table 4.19: Components of the thermal budget equation.
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4.6.5 First model: global study

In this first model, several assumptions are made:

• the whole satellite and its components have the same temperature Trad,
• the satellite is a box of 2 [m] x 1 [m] x 1 [m], recovered with two different materials:

– radiators of the OSR type (Optical Surface Radiator) with α = 0.06 and ε = 0.83 on
parts of the anti-sun, +Y and -Y sides,

– Multi-Layer Insulation (MLI) with absorptivity α = 0.25, and emissivity ε = 0.05 on
the sun, moon, anti-moon sides, and on the remaining parts of the anti-sun, +Y, and
-Y sides.

• the proportion of the anti-sun, +Y and -Y sides covered with OSR are respectively called
βAS , β+Y , β−Y and are kept as parameters that can be varied.

• the satellite thermal capacity is estimated by an equivalent body consisting of 150 [kg] of
aluminium (with a thermal capacity of 892 [J/kg/K]) and 250 [kg] of electronic equipment
(with a thermal capacity of 108 [J/kg/K]).

• all satellite components together dissipate approximately 400 [W]. This value was obtained
after estimating the power dissipation of the most dissipating units (PCDU, Battery...).

• the view factor F is 1.

Thanks to the fluxes computed by means of Systema, it is possible to compute the evolution
of the satellite temperature by solving the thermal budget of equation 4.12 expressed in an Euler
explicit form. In these equations, the interest of assuming that the whole satellite is at the same
temperature is noticed. As an example, the temperature evolution over one year is depicted in
figure 4.30 (left), for a spacecraft without radiators. in this figure, the influence of lunar and
Earth eclipses is clear in reducing the temperature. Moreover, it can be observed that the S/C
temperature reached is way too high since it oscillates between 35 [◦] and 85 [◦C].

Figure 4.30: Temperature evolution of the spacecraft over one year.

97/142



Pegasus Project - Technical Report

Now that this temperature evolution is understood, the sizes of the radiators on the “Anti-
sun”, “+Y”, “-Y” sides can be increased in order to reduce the satellite temperature. After
some trials, a satisfactory evolution (figure 4.30 in the centre) is found for the following sizes of
radiators: (a) 1 [m2] on the “Anti-sun” side, (b) 0,6 [m2] on the “+Y” side, (c) 0,6 [m2] on the
“-Y” side.

As it can be noticed, the temperature of the spacecraft is between 10 [◦C] and 37 [◦C] through-
out the whole year, except during Earth eclipses. Hence, it is decided to keep this design of
radiators and to add heaters in order to cope with eclipses and to keep at all time the tem-
perature higher than 10 [◦C]. After some computation, 400 [W] are proven to be the required
power during eclipses to avoid the temperature falling below 10 [◦C] which is considered as the
acceptable lower limit. The temperature evolution of the satellite in this final configuration
(with radiators and heaters) is depicted in figure 4.30 (right).

Conclusion of this global study

The preliminary sizing obtained by means of this global study is summarized in table 4.20.
However, it should be noted that the sizes of the radiators and heaters obtained are most
probably underestimated due to the assumptions made. They give a first interesting idea about
their order of magnitude, but needs to be refined thanks to a more local model.

Radiators Surface [m2]
Anti-sun side 1

+Y 0.6
-Y 0.6

Heaters Power [W]
400

Table 4.20: Synthesis of the design yielded by the global model.

4.6.6 Second model: local study

The previous model gives a first sizing of the radiators but does not give information about the
local temperature variations. For this reason, the stability of the clocks temperature, which is one
of the major constraints of the thermal control of the Pegasus satellites, cannot be demonstrated.
This is the reason why a second model based on a nodal description of the thermal architecture
has been used.

A node is defined as a group of equipment that have the same temperature. 8 thermal nodes
are considered: the six faces of the satellite, the clocks and the solar panels. Clocks have been
voluntarily excluded from the rest of the satellite to isolate them as much as possible from the
other equipment, to avoid unwanted temperature variations due to thermal dissipation. Solar
panels are considered as isolated due to the few thermal exchanges that they have with the rest
of the satellite.
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Radiator Sizing

The thermal model for the clocks is based on the following assumptions:

• Transient effects are neglected.

• The 4 clocks have the same uniform temperatures.

• They are all linked by conduction to a radiator via a perfect thermal contact (no resistance
of conduction). This implies that the temperature of the radiator is the same as the clocks
temperature.

• There is no radiative nor conductive coupling between the clocks and the rest of the
satellite, as well as no radiative coupling between the clocks and the external environment.

• The view factor of the radiator is assumed to be maximum (F = 1).

• The clocks dissipate approximately 24 [W].

As explained before, the radiator for the clocks is placed on the Anti-Sun side to avoid as
much as possible variations of the thermal constraints. The general idea is to solve the power
budget equation 4.12 applied to the radiator, in order to size the radiator area Arad, knowing
the temperature TClocks imposed by the thermal tolerances. Given the assumptions presented
previously, some simplifications and substitutions can be made in the thermal equation:

• The steady state solution is searched: dTRad
dt = 0

• The thermal contact is perfect: TClocks = TRad

• As = Ae = Arad

• Qd = 24W
• αs = αrad = 0.06
• ε = εrad = 0.83
• The view factor is maximum: F = 1.
• TClocks = 5 [◦C]
• Incoming fluxes correspond to the flux received by the "Anti-Sun" side, depicted on figure

4.29d

Two successive calculations are then made: the first one is aimed at sizing Arad imposing
TClocks in the hot case (situation where the fluxes are maximum), the second one corresponds
to the cold case (when fluxes are minimum) and is aimed at computing TClocks based on the
previous calculated Arad. This second calculation is necessary to check the whole temperatures
range of the clocks.

The result of this analysis shows that a radiator of 0.09 [m2] located on the "Anti-Sun" side
is sufficient to maintain the clocks between 4.71[◦C], and 4.74[◦], which means that the temper-
ature tolerances and the stability requirement are satisfied (maximum temperature variations
of 0.29 [◦C]). This simple model could be improved by taking into consideration conductive
effects between the clocks and the radiator as well as transient effects, but it gives a good first
estimation of the required radiator area for the thermal control of the clocks.
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Figure 4.31: Thermal model of the clocks.

Radiators, heat pipes and heaters sizing

6 new nodes are now considered, each of them corresponding to one face of the satellite. The
following assumptions are made:

• The geometry presented in the first global model is kept for this second study, the satellite
is a box of 2 [m] x 1 [m] x 1 [m]. MLI is used to cover specific areas of the satellite.

• The satellite faces have uniform temperatures noted respectively TSun, TAntiSun, TMoon,
TAntiMoon, TY+, TY−.

• All equipment attached to the considered face is grouped into one single element that has
the same temperature as the face (perfect thermal contact).

• Element linked to the different faces dissipates a constant power over the time. The total
power dissipated is approximately 360 [W].

• Faces only exchange heat by radiative transfer with the external environment through
radiators or MLI, radiative transfers with other faces are neglected. View factors are
assumed to be maximum (F = 1).

• Heat pipes are used to transfer heat between the different faces, other conductive transfers
between them are neglected (no conduction through the edges of the faces). It is assumed
that the power transferred by the heat pipes between two units does not depend on the
temperature difference between the two units. This assumption is necessary to decouple
the different equations, but induces a non-negligible error in the thermal behavior of the
satellite.

• Radiators (OSR) are used to dissipate heat. Only a part of the "Anti-Sun" side is available
for radiators, because of other external units installed on this face (radiator of the clocks,
TMTC antenna and Laser Reflectors). The remaining available surface is 0.41 [m2].

• Thermal inertia and transient effects are neglected (only the steady solution is considered
in this study).

• In a first approximation and excluding eclipses, the "hot case" of a given face (configuration
for which the total incoming heat flux reaches its maximum in one year) corresponds to a
"cold case" for the opposite face (minimum heat flux for the face).
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To increase the heat rejection capacity of the radiators, it is better to place them on faces
that receive low heat fluxes. The preferential faces for installing radiators are therefore the +Y
and -Y sides and the already used Anti-Sun side. Indeed, fluxes for these faces are very low and
do not vary a lot. As a consequence, a good stability of the thermal rejection is expected, which
is certainly an advantage for the thermal control. It is chosen to install 3 radiators, one on the
"+Y" side, one on the "-Y" side and one on the "Anti-Sun" Side, as it is depicted in black on the
nodal representation of the model (figure 4.32).

Figure 4.32: Nodal representation of the local thermal model.

As the hot case of a face corresponds to the cold case of the opposite one, the latter can be
used as "heat dissipator": a thermal link is imagined between the two faces, and the excess heat
from the hot face is used to maintain the cold face at a good temperature. In order to prevent
the cold face from being too warm, the excess heat is then transferred through a heat pipe to a
face that contains a radiator. In addition, heaters are added to prevent the temperatures from
going outside the temperature tolerances during eclipses (cold case). To sum up, each node can
receive heat fluxes from heaters, heat pipes, dissipative units and from the external environment,
and can also provide heat power to another node through a heat pipe. In addition, the 3 nodes
corresponding to the faces "+Y", "-Y" and "Anti-Sun" rejects heat via the radiators. The whole
thermal model is depicted on figure 4.32.

Knowing the incoming and outgoing fluxes of each thermal nodes, the thermal budget 4.12
is solved for each node, either to calculate radiator surfaces or node temperatures. The sizing
of the radiators is made for the worst case, that is to say when the power to dissipate is the
maximum and during the hot case of the "+Y", "-Y" and "Anti-Sun" sides (in reality, there is
no real hot or cold cases for these faces due to their very low incoming heat fluxes).

Calculated temperature ranges obtained with the nodal model are depicted in the table 4.22.
Necessary radiators and heaters are listed in the table 4.21. Some comments can be made about
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these results:

• The method used only provides the temperature of the 6 faces and does not allow to refine
the temperature estimation at the equipment level. Knowing the 6 temperature ranges,
the equipment must be then placed in accordance with their thermal constraints and their
dissipation.

• Batteries are installed on the "-Y" face and need to have a minimum temperature of
15◦ to work properly during eclipses, that is why the "-Y" panel has a higher minimum
temperature than the other nodes.

• The maximum temperature of the "Anti-Sun" side is intentionally kept low to limit temper-
ature gradients between the face and the atomic clocks in order to reduce the conduction
between them and therefore to limit temperatures variations of the clocks.

• The constraint on the minimum temperature of the Xenon Pressure Regulator is not
respected, but as the propulsion unit is not used during Eclipses, this is not a problem.

• All other equipment of the table 4.18 can be placed on any face as the temperature varia-
tions of the faces respect the equipment temperature tolerances, including some margins.
The latter cover the model errors and uncertainties. It is therefore concluded that the
thermal requirements are respected with the configuration found.

Solar Array Thermal Control

Regarding the solar array, it has been assumed that they were an independent system able to
maintain on its own its temperature between the pre-defined limits of -170/120 [◦C]. Moreover,
as it has been seen in section 4.4, the worst-case performance of the solar panels has been
computed for a maximum temperature of 60 [◦C]. This section aims thus at proving that the
temperature of the solar array can be kept between -170/60 [◦C].

Therefore, the thermal budget of equation 4.12 is solved a last time with the minimum and
maximum fluxes that can be perceived by the solar panels. The following considerations are
used:

• The power budget is applied to a single panel which combines the two "physical" solar
panels. The temperature of the panel is assumed to be uniform.

• Solar cells do no dissipate heat power.

• The conduction and the radiative transfer between the panel and the satellite are neglected.

• The conversion of solar flux into electrical energy by the cell is modeled by a reduction of
the incoming solar flux. A cell efficiency of 30% is supposed.

• The surface of the panel considered is 15 [m2]. The effective surface covered by the cells
is 11 [m2], the remaining being MLI.

• The backside of the panel is covered by a MLI working as a Secondary Surface Mirror
(SSM).

• The optical properties of the solar cells and the SSM are listed in the table 4.23.
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• Heaters are used to maintain the panel at a good temperature during eclipses.

After solving the thermal budget equation for the temperature of the solar panel, it is found
that this temperature varies between −163◦ and 60◦, if a heater of 100W is used during the
eclipse. This temperature range is in accordance with the operating tolerances of the solar cells,
the choice of the thermal insulation is therefore validated.

Local Study Synthesis

The final characteristics of the thermal hardware sized with the local study are presented in
the table 4.21. The table 4.22 gives the calculated temperature ranges for each node.

Radiators Surface [m2]
Anti-sun side 0.09 + 0.41 = 0.5

+Y 1.5
-Y 1.3

Heaters Power [W]
Nominal Mode

Main body 160
Eclipse Mode

Solar panels 100
Main body 750
Total 850

Table 4.21: Synthesis of the design yielded by the nodal model.

Thermal Node Min Temperature [◦C] Max Temperature [◦C]
Clocks 4.71 4.74
+Y Face 6.44 34.01
-Y Face 16.6 28.21

Moon Face 5.13 33.29
Anti-Moon Face 5.12 33.29

Sun Face 5.12 30.39
Anti-Sun Face 6.92 12.85
Solar Panels -163 60

Table 4.22: Calculated temperature ranges for each node
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4.6.7 Synthesis

As the global model seems to underestimate the size of the required radiators and of the
heaters, it is decided to rely on the conclusion of the nodal model since it provides worst-case
dimensions, masses and power consumption for the thermal control subsystem. Indeed, the
worst cases considered during the second study is a combination of worst cases for the different
faces that would probably never happen simultaneously. Moreover, as the satellite inertia has
been neglected, the heater power used during eclipses is nearly 2 times higher than the result
obtained in the global study.

Estimating and considering the satellite thermal inertia in the equations would be a possibility
to reduce the estimation of the power required by the heaters. It is however decided to keep
this omission as an additional margin, and to try to decrease the power needed by means of
louvers. This system works as following: during the nominal mode, the louvers which are placed
on top of a radiator are completely opened to increase as much as possible the radiator efficiency.
During eclipses, they are closed and limit the heat rejection. This is an interesting solution in
the present case, as the high emissivity of the radiators is a real problem during eclipses. This
system is a passive hardware, which is controlled by temperature differences.

A last calculation was performed with 2 additional systems of louvers on top of the radiators
of the "+Y" and "-Y" sides, to assess the interest of this technology. The total radiator surfaces
obtained with the previous calculation have been kept, but in the thermal model, a part of
these surfaces were replaced by the louvers. Optical properties of louvers are given in the table
4.23. By solving the thermal budget equation, it was then possible to adjust the heater power
needed to maintain the same minimum temperature during eclipses as the ones obtained without
louvers. As expected, due to the lower emissivity of the closed louvers, less power is needed to
maintain the faces at an acceptable temperature: with 2 systems of louvers of 0.45 [m2] placed on
top of the radiators of the "+Y" and "-Y" sides, only 490 [W] of power is required for the heaters.
Adding the 100W of power required to heat the solar panels, the final power consumption of
the thermal subsystems during eclipses is thus 590 [W].
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Equipment choice

Figure 4.33: System of louvers
used to reduce the heat rejection
during eclipses [38]

Radiator Regarding the thermal radiating systems in-
stalled on the satellite faces, it has been decided to rely on
an efficient well-known technology: Optical Solar reflectors
(OSRs). Such radiators consist of reflectively coated glass
tiles, which enable them to combine a very low absorptivity
and a very high emissivity. For the Pegasus satellites, a Swiss
provider (RUAG) has been selected since it proposes very
competitive solutions. The data sheet of the chosen OSR
can be found in Appendix A.7 and its main properties are
recalled here: αS ≤ 0.06, ε ≥ 0.83, area weight = 470 [g/m2]
all inclusive, and temperature range limits = −70/+ 90 [◦].

Concerning the louvers, this technology enables to modify
the emissivity of radiators by opening and closing flaps on them. Interestingly, the actuation
of the flaps is passive since it relies on bimetallic springs that expand and retract depending on
the radiator temperature. When the temperature is high, the flaps open in order to increase the
emissivity, whereas they close when the temperature decreases. Besides, it should be noted that
multiple springs are installed for ensuring inherent redundancy. It is noted that this technology
has been used for some GPS satellites.

Figure 4.34: Several heat pipes
profile.

Heat pipes As it has been seen in the local thermal study,
important thermal fluxes must be transferred from one side
of the spacecraft to another. Therefore, a passive system
relying on axial grooved heat pipes is chosen because of its
high reliability and its relatively low cost. Such a system
transfers heat thanks to fluid evaporation/condensation and
then conveys it by means of capillary forces. Aboard the
Pegasus satellites, a total of 13 [m] of AGHP-12.5 heat pipes
provided by Iberespacio is mounted. The data sheet of this
heat pipe can be found in Appendix A.7.

Miscellaneous items Besides radiators, louvers, and heat pipes, several other equipment are
needed for ensuring the thermal control of the Pegasus satellite. One can cite amongst others:
interface filler for ensuring good conduction between elements, MLI and MLI tents for thermal
decoupling (especially for isolating the clocks from the internal radiative environment), heaters
for heat dissipation during cold cases, white paint for covering antennas, and so on. Moreover,
since an active system of heaters is used, thermistors must be installed in order to monitor the
temperature of critical elements and to control the activation of their heaters. Fortunately, all
these items have a small mass, volume, and power consumption and it is assumed that they will
be included in the considered margins.
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Summary of the Thermal Control subsystem

As a summary, here are the final specifications of the thermal subsystem of the Pegasus
satellites.

Radiative Surface Absorptivity Emissivity
OSR 0.06 0.83

OSR - With Louvers Open 0.06 0.83
OSR - With Louvers Closed / 0.08

MLI 0.25 0.05
Solar Cells 0.8 0.9

SSM (Backside Solar Panels) 0.5 0.8

Table 4.23: Synthesis of the optical properties of the radiative surfaces.

Face OSR [m2] OSR with Louvers [m2] MLI [m2] Solar cells [m2] SSM [m2] Total surface [m2]
+Y 1.05 0.45 0.5 0 0 2
-Y 0.85 0.45 0.7 0 0 2

Moon 0 0 2 0 0 2
Anti-Moon 0 0 2 0 0 2

Sun 0.5 0 0.5 0 0 1
Anti-Sun 0.5 0 0.5 0 0 1

Solar panels 0 0 4 11 0 15
Backside Solar panel 0 0 0 0 15 15

Table 4.24: Summary of the thermal covering areas in [m2] for the satellite external faces.

Unit Quantity Mass [kg] Power [W]
Nominal/Eclipse mode

Radiator Anti-Sun Side 1 0.235 0
Radiator +Y Side 1 0.71 0
Radiator -Y Side 1 0.61 0
Louvers 2 1.71 0
Heat Pipes 13 0.668 0
Heaters N/A ≈ 0 160/590
Total N/A 13.66 160/590

Table 4.25: Properties of the Thermal subsystem.
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4.7 Structure

4.7.1 Introduction

The structure design of the S/C is a crucial milestone of the project. It encompasses the
spacecraft’s shape, external and internal structure, as well as the protection for all the subsystems
regarding vibrations, stress, and radiation events occurring in stages such as launch or in-orbit
configuration.

To match the constraint of launching the entire Pegasus constellation within one year, an
additional requirement has been added regarding the structure: one full orbital plane of the
constellation must be sent to the Moon per launch of Ariane 64. This implies that, counting the
dispenser structure on which the satellites are going to be mounted inside the launcher, at least
seven of them have to fit inside the fairing.

With these considerations the following initial limits have been made:

• Ariane 6’s fairing can take up to 8.5 [tons] of payload for a Lunar Launch mission, thus
each satellite’s launch mass has to be less than one ton.

• The span must not be bigger than one of Galileo [39] with its 2.7 [m] x 1.1 [m] x 1.2 [m],
to fit inside the faring internal diameter of 4.5 [m] and 11.78 [m] usable height.

4.7.2 Satellite Platform

The use of composite for a Monocoque structure

For this lunar mission, the materials used
for the anatomy of the satellite should meet
the highest achievable performance in three
different choice criteria: One must con-
sider absolute values of tensile stress and
strength, but also a material’s ability to
shield the subsystems inside the platform
from cosmic and sun radiations. Accord-
ing to [40], the conventional repetition of
frames involving aluminum made longerons
and rails to assemble sandwich panels and
support load undoubtedly works but comes
with a heavy price in terms of the mass of
this type of arrangement. The composition
of this high number of frames in addition to
the payload and the structure panels makes
the structure design all the more complex.
An example of this type of structure is pre-
sented on Figure 4.35.

Figure 4.35: A conventional frame type struc-
ture – Science and Technology Satellite II, [40]

Composite materials have already been used in space applications for over two decades [41].
The change from mechanically fastened aluminum to bonded fiber-reinforced composite struc-
tures was first made by Gary Tremblay, Ed Boyce, and Toan Pham [42]. Because sandwich
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panel arrangement is widely spread in the aerospace industry, a lot of investigation was done
on how to maximize the joints of these panels, arriving at the T-shape joint. The study of [40]
concludes that, after a Finite Element Analysis comparison with a aluminum honey-comb part,
the composite sandwich panels assembled with T-shape joints using an I-shape side insert with
a bolt hole were reliable and satisfied all the requirements deemed necessary for its application
in space projects.

For similar requirements in the design of the Satellite III investigated in their paper, a mono-
coque composite arrangement with the T-joints granted a gain of 14.8 [kg] compared to a con-
ventional aluminum skin frame, while being cheaper to manufacture. The Pegasus satellites will
use this method for the layout of their structure. The composite in question is a carbon epoxy
composite (USN150). The panels will be composed of two carbon fiber/epoxy composite faces
and an aluminum honeycomb core depicted in Figure 4.36.

(a) The two sides of the panels used for the
monocoque configuration of SATIII, [40].

(b) Schematic of the configuration of compos-
ite sandwich panel with the I-shape side insert,
[40].

Figure 4.36: Material chosen for the monocoque structure configuration of Pegasus’ satellites.

Structure Mass

Knowing the exact dimensions of SATIII and the mass of its monocoque structure, it is
possible to extract the area density of the panels used for this particular satellite. SATIII is
1024 [mm] x 1030 [mm] x 885 [mm] [43], meaning a total area of 5.74 [m2]. Having a structured
weight of 31.9 [kg] [40], this means the panels used for SATIII have an area density of:

31.9
5.74 = 5.55[kg/m2] (4.13)

Taking into consideration the assertions mentioned in section 4.7.1, the Pegasus satellites
are estimated to be a “box-wing” type satellite of 2.0 [m] x 1.0 [m] x 1.0 [m], consisting of a
central cubical structure, the “box”, and two rectangular solar arrays, the “wings”, attached to
it.

Knowing now the dimension of one Pegasus satellite, it is possible to evaluate the overall panel
weight of the monocoque structure. It is composed of six panels creating the box in addition
to two inside floors for a total of 12 [m2]. Hence, using results from equation 4.13, the overall
monocoque arrangement weights:

12× 5.55 = 66.6[kg]. (4.14)
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The satellite is henceforth endowed with a light, high-performing material as part of its struc-
tural design. Nevertheless, the ability of this structure to withstand cosmic and solar radiation
must now be taken into account. The composite used for the panels is not suited to this task
due to a low area density. Aluminum shielding is mostly used for this purpose. The thickness of
Aluminium will be chosen about the received dose depicted in Figure 4.37, computed with the
software OMERE with environmental constraints matching Pegasus’ specifications.

Figure 4.37: Evolution of Aluminium coating’s thickness with received dose

As all equipment are qualified to withstand a precise amount of radiation dose, it is assumed
that the satellite can receive a cumulative dose of 10 [krad] during the whole duration of the
mission. According to the figure 4.37, the coating applied on Pegasus has to at least be 5.5
[mm]. It is decided that only the Sun, Moon, and anti-Moon sides of the satellite, being the
most likely to receive the highest doses of radiation, will be protected by this shielding (see yaw
steering law in section 4.3).

Those three faces together add up for a total of 5 [m2] of a 5.5 [mm] Aluminium coating.
The rest of the panels, representing 5 [m2], will be equipped with a 1 [mm] Aluminium coating
protection since they are less prone to receive high doses of radiation. Aluminum has a density
of 2700 [kg.m−3]. Therefore, the coating protection weight is:

(2700× 0.0055× 5) + (2700× 0.001× 5) = 87.75[kg] (4.15)

Hence, the final weight of the structure of the satellite taking into account the panels and the
coating protection is:

87.75 + 66.6 = 154.35[kg] (4.16)

Taking a 5% margin on the overall structure, this brings the structure weight to 162.07 [kg].
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4.7.3 Mass budget

The summary of every subsystem mass, shown in its respective sections in this document is
used to create a complete satellite mass budget. Every equipment mentioned composing these
subsystems is taken into account for a total dry mass of the satellite, detailed on table 4.26. It
also shows the mass with the mentioned margins applied as well as the percentage of the total
mass that corresponds to every subsystem.

For practical reasons, hardware like the cables connecting the subsystems between each other
is not included in the design process. However, they cannot be neglected for the computation of
the mass budget of the satellite. For this reason, a 10% margin is taken for every subsystem’s
total mass, in addition to the 5% margin on every "off the shelf" piece of equipment selected.

Subsystem Without margin [kg] Including margin [kg] [%] of total
Structure 154.35 162.07 18.85
E/P 160.04 176.44 20.52
Propulsion 86.1 94.71 11.0
TTC 62.65 68.91 8.0
T/C 13.66 15.03 1.75
Avionics 52.67 62.44 7.26
P/L: NS 93.1 102.41 11.91
P/L: EBS 26.39 29.03 3.37
Dry mass 648.96 711.04 82.7
Propellant 136 149.6 17.3
Wet mass 784.96 860.64 100

Table 4.26: Satellite Mass Budget.

The dry mass of the satellite adds up to 711.04 [kg]. Adding the mass of the Xenon propellant
with a 10% margin as seen in section 4.2.4, the overall wet mass of the satellite reaches 860.64
[kg]. This means that the launch mass of the seven satellites will be:

860.64× 7 = 6024.48[kg] (4.17)

With this budget, Pegasus complies with the weight requirement of fewer than 8.5 tons for
the launch, still having a margin for the dispenser structure mass.

4.7.4 Satellite Design

The computer design of the satellite was made using IDM-CIC, a software developed by the
French space agency, CNES. This software is used to serve as a technical reference during the
early design phases of a satellite[44]. The final Phase B design of a Pegasus satellite is illustrated
in figure 4.38.
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Figure 4.38: Perspective CAD view of a Pegasus spacecraft.

Apart from the outside structure design, all selected components are allocated inside two
different categories: Platform and Payload, and then modeled, with their respective mass and
consumption to aid with the mass and power budgets. The positioning of the equipment (Fig.
4.41) and the solar array deployment are thought off during the design. Figure 4.39a shows the
launcher configuration with a "closed" satellite, and figure 4.39b demonstrates the articulations
added to the solar panels and arm thrusters for the deployment.

(a) Launcher configura-
tion (b) Deployment articulations

Figure 4.39: External Pegasus configurations.

A more realistic view can be created using IDM-VIEW, the viewer of IDM-CIC, which allows
computing the entire geometry of the satellite while adding material textures like MLI, and solar
cells to the model. The "realistic" model of a Pegasus spacecraft is depicted in figure 4.40.

Figure 4.40: In orbit configuration, of a Pegasus satellite.
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Positioning of equipment

The inside configuration of the subsystems of the satellite is displayed in figure 4.41. An overall
arrangement of the subsystems throughout the panels is done by taking into consideration the
thermal requirements of each subsystem for them to perform nominally (Section 4.6.2), and
their mass to compose the center of balance of the satellites. For an exhaustive overview of
all equipment being carried out by the satellite, refer to the System Engineering report, to
improve visibility of the equipment, the navigation antenna, and the two structure floors have
been rendered invisible.

(a) Inside configuration, Moon side. (b) Inside configuration, Anti-Moon side.

Figure 4.41: Inside configuration of a Pegasus satellite.

Inside the spacecraft

• The clocks (air superiority blue) are the most sensitive to a temperature gradient and
are then placed at the anti-sun side, the lowest floor on both figures, where they will be
protected by the Yaw Law (Section 4.3.3).

• The anti-sun, moon, and anti-moon side covered by radiators (dark grey) to make sure
the thermal dissipation of the clocks, as well as hardware such as the Power Control Unit
(purple), the Li-ion battery (green box), and the two Spacecraft Monitoring Units (large
red boxes) stay under control.

• The tanks are symmetrically placed near the sun side so that their heavy wet mass mini-
mizes the effect on the center of gravity of the spacecraft.

• The reaction wheels (green cylinders) are placed on a pyramid configuration to make them
redundant in three directions, the closest as possible to the center of the gravity of the
spacecraft.
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Outside the spacecraft

• The EBS and Payload antennas are on the Moon-side, pointing towards the moon.

• The TTC antennas are pointing towards the earth on the sun and anti-sun side of the
satellite, where the laser reflectors and the arms caring the hall thrusters are mounted.

• For the AOCS, the sun sensors are placed on the sun side of the spacecraft while the star
trackers lay on the anti-moon side.

Launcher configuration

With all pieces of equipment placed, the overall dimensions of the satellite on its different
views are portrayed in Figure 4.42.

Figure 4.42: Final dimension of a Pegasus satellite in mm.

With these dimensions, it is possible to estimate if the constraint of fitting at least seven
satellites of the constellation inside the fairing of Ariane 6 is satisfied. As explained in 4.7.1,
Ariane 6’s usable diameter is 4.5 [m] wide.

The preferred configuration of the satellites inside the Launcher is displayed in Figure 4.43,
where the seven satellites of one Pegasus orbit are launched simultaneously. Following the cho-
sen configuration of the satellite’s dispenser, it is possible to estimate its maximum span inside
the fairing.

This distance can be modeled as the hypotenuse of a right triangle where the adjacent and
opposite sides are known. The adjacent side is equal to the distance between the tip of the two
Solar Array Drive Mechanisms, which is 1.480 [m] (Fig. 4.42). The opposite side is equal to two
times the distance between the folded helicoid uplink antennas and the start-trackers summed
with the distance between the two SADMs, giving 1.284 [m] × 2 + 1.480 = 4.048 [m].
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The calculated diagonal using Pythagoras’s theorem is:

4.0482 + 1.4802 = 18.57
√

18.57 = 4.31[m]
(4.18)

The 4.31 [m] of the maximum dispenser configuration span is inferior to the 4.5 [m] of usable
diameter inside Ariane 6’s fairing, and two times the height 2.34 [m] × 2 = 4.68 [m] (Fig. 4.42),
is lower than the 11.78 [m] of the fairing (Appendix A.9), validating the strategy. Moreover, the
weight constraint has been validated in the 4.26 section.

The seven satellites can be mounted with a first floor counting four spacecraft, and the second
floor with an arrangement of three satellites spaced 120° so that the center of mass of the launch
structure is not impacted (Fig. 4.43).

In simpler terms, the constellation is ready to be launched!

Figure 4.43: Configuration of a one of the three launch of the Pegasus constellation.
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Conclusion

The implementation of a GNSS constellation around the Moon has been investigated. The
Pegasus constellation provides services with a 100% availability on the lunar surface and on
LLO. The NS affords a position accuracy within less than 7 [m] at 3σ and a time precision of
32 [ns]. The EBS allows to transmission up to 2 [kbytes] data per message.

To achieve this service level, each orbit is set at 10 000[km] of SMA, 80[◦]. There are seven
satellites distributed on three orbits, twenty-one S/Cs in total. These orbits come with thermal
environment constraints which are being dealt with using a Yaw Steering Law, radiators, heat
pipes, heaters. For the mission to operate 24/24, the subsystems are powered by a 50[V] PCU
and 165 [Wh/kg] Li-on battery which will be recharged by 15 [m2] of solar panels.

The chosen core payload equipment is composed of four atomic clocks: two PHM clocks to be
the master clocks of Pegasus S/Cs and two RAFS for additional reliability. To keep an accurate
service, corrections have to be done regularly. The ephemeris corrections will be sent from Earth
GS using LRR technique. The clock offset corrections are established synchronizing the whole
constellation with the same Earth-based time reference every 12 hours.

To provide the navigation signal, a navigation isoflux antenna is used. The 2 [kBps] EBS
channel is enabled by two L-band helix antennas uplink and one S-band down-link patch antenna.
Finally, the TTC link with Earth is merged with the Earth-EBS link and received thanks to two
S-band parabolic antennas.

To ensure the good operation of the system, the Pegasus’s S/Cs is endowed with a pair of
robotic arms with six degrees of freedom. On each arm is mounted two electric hall thrusters
to perform, among other tasks, station-keeping for the well-being of the mission until the end-
of-service. The EoL involves final maneuvers to crash on the lunar surface close to the North
Pole, far from the lunar base.

The dimensions have been chosen in order for the constellation to be deployable in less than
one year with three launches of Ariane64. One Pegasus S/C is 2.34 [m] long, 1.480[m] in width,
and 1.284[m] in depth. In addition, the total dry mass of one S/C, including margin, is 711.04
[kg]. The mass of propellant computed for a 10 years mission being 150 [kg], hence the total
wet mass is 860.64 [kg]. The total cost of the mission has been evaluated at 4.4 billion euros, it
involves the definition, development, deployment, and operations of Pegasus.
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A.1 Navigation data sheets

LRR & CRR data sheet
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Rubidium clock - data sheet

Passive Hydrogen Masers Clock - data sheet [6]
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A.2 SMS data sheets

EBS & SMS S-Band Downlink Antenna from ANYWAVES [17]- data sheet 1

The constructor has designed a TTC antenna but we take it as a model for our EBS antenna.
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EBS & SMS S-Band Downlink Antenna from ANYWAVES - data sheet 2
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EBS & SMS Reception Helical Antenna from Helical Communication Tech
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EBS & Transponder Kongsberg data sheet [14]
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A.3 TTC data sheets

TTC & Transponder STC-MS03 Honeywell data sheet 1
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TTC & Transponder STC-MS03 Honeywell data sheet 2
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A.4 Propulsion data sheets

PPS-1350 thruster data sheet [45]

ETS VIII xenon tank data sheet [24]
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XPRFS data sheet [21]

PPU Mk1 data sheet [25]
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A.5 AOCS data sheets

Sun Sensors data sheet [28]
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Star Tracker data sheet [29]
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Reaction Wheel data sheet [30]

129/142



Pegasus Project - Technical Report

SADM data sheet [31]
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A.6 Power subsystem data sheets

Power consumption of the spacecraft modes
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SAFT VES180 battery cells data sheet [46]
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AZUR SPACE 3G30-C data sheet [35]
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PCU 50V Airbus data sheet [32]
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A.7 Thermal data sheets

Iberespacio heat pipes data sheet [47]

Ruag OSR data sheet [48]
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A.8 OBDH data sheets

On Board Computer data sheet [49]
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A.9 Structure data sheets

Ariane 6 faring [50]
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