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Abstract

Pluto is the only remaining planet in the solar system that has not been visited by a
spacecraft. Because Pluto is now moving away from the sun, having passed perihelion
in September 1989, the planets thin atmosphere is beginning to condense onto the
planet’s surface. This process is expected to be completed between the years 2015
and 2025. In this thesis, a system level design of a Pluto Fast Flyby (PFF) spacecraft
is developed. This spacecraft is capable of generating a set of images of Pluto and
its moon Charon in the UV, IR and visible bands, and thus conducting an initial
survey of Pluto, its atmosphere, and Charon. The spacecraft has a dry mass of 130
kg. The instruments used are based on the payload currently planned by NASA’s
JPL for use on a mission to Pluto. Using a Titan IV launch vehicle, the spacecraft
should rendezvous with Pluto 10 years after launch. The design of the spacecraft
in general employed the design methodology found in the Draft NASA Engineering
Handbook. As a result of the design activities, a number of improvements to the
design methodologies presentation were proposed. Finally using the PFF spacecraft
as a baseline, a number of comments on NASA’s technology development program
with respect to the forthcoming discovery series of missions were advanced.

Thesis Supervisor: Stanley 1. Weiss
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Chapter 1

Introduction

The investigation of the Solar system, some would say, is merely the modern mani-
festation of mankind’s inherent desire to explore. Others would argue that the quest
provides us with insights into our world and in particular into the science of planetol-
ogy. Thus the latter group would argue progress is made in understanding our world
and its origins. Whichever of these arguments is favoured, it remains that Pluto is the
last of the major planetary bodies of the Sun that has not been visited by mankind
or their remote exploring spacecraft. It is within this context that Daniel S Goldin
the NASA Administrator® said "I’ll throw out a special challenge [here}. I believe we
can build a spacecraft in three years weighing hundreds, not thousands of pounds,
and costing a few hundred million dollars, not billions — and have it arrive at Pluto,
the last unexplored planet, in the first years of the 21st century. It can be done.”
This thesis presents the system level design of a small scientific spacecraft to
carry out a fast flyby of the planet Pluto and its moon Charon before the end of
the year 2005. The spacecraft is capable of carrying out a preliminary survey of the

planet, its atmosphere and its moon Charon. Subsidiary to this objective is the use

1Said in his address to the World Space Congress on the 2nd of September 1992.
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28 CHAPTER 1. INTRODUCTION

of the design technique proposed in the draft NASA System Engineering Handbook,
to enable a critique of the handbook to be developed based on actual experience with
the proposed methodology.

The spacecraft requires a launch energy in excess of 305 km?/sec? and therefore
must be very light to allow it to be launched by an existing launch vehicle. This
fact gives rise to a third objective, which is to use the design of the spacecraft to
generate comments on the current activities within NASA in the area of technology
development. The thesis takes as a baseline the instrument suite currently planned
for inclusion in the mission as foreseen by JPL, the agency within NASA with the
task of developing the flight vehicle.

The opening chapters of this thesis describes the background for the Pluto mission,
the science requirements and the NASA Engineering Handbook design methodology.
The methodology is then demonstrated through a preliminary study of the size of
spacecraft that could be sent to Pluto. Having selected a small spacecraft, the de-
tailed work of establishing the mission requirements, constraints and design work is
presented along with all the required trade-offs. Having developed a design for the
whole spacecraft using the proposed methodology, comments that resulted from the
design activity are then summarised. Finally the technological considerations raised

by the design are addressed.



Chapter 2

The Planet Pluto

2.1 Peculiarities and Curiosities of Pluto

Pluto! was discovered in 1930 by Clyde Tombaugh, at the Lowell Observatory. The
planet has only one known moon Charon?.

The primary interest in Pluto stems from the fact that it is the only remaining
planet in the solar system that has not yet been visited by a spacecraft. It is therefore
the only planet for which we do not have any more information than Galileo did about
Mars and Saturn - only some very blurry images.

However, because of our improved understanding of the universe, these images tell
us more than Galileo could have foreseen. The current best images of Pluto are those
taken by the Faint Object Camera onboard the Hubble Space Telescope in 1990 (see
figure 2-1). Pluto was found to have ten times the mass and double the density of

Charon, suggesting that they have very different origins. Pluto has a mass of 1/400th

1The Greek god of the underworld
2A son of Erebus who in Greek myth ferries the souls of the dead over the Styx. The moon was

discovered in 1978 by astronomers at the US Naval Observatory.
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that of the Earth. The reason for the different origins is currently unknown and
requires more data, preferably from close-up observations. Pluto and Charon were
once considered as a dual planet system, in which the two planets rotate around their
common centre of gravity, rather than one about the other. However because of the

large mass differential, this interpretation is not currently accepted.

From a 1987 stellar occultation, Pluto’s atmosphere’s upper limit diameter was
computed to be 2286 km. The occultation also showed that Pluto has a clear outer
atmosphere with hazy lower regions. Although no direct evidence yet exists, the data
is consistent with a methane atmosphere at 67 K. The atmosphere is extremely thin
and would only be approximately 10 m deep if held at standard temperature and
pressure. From IRAS data taken during 1987, we also know that Pluto has methane
ice caps at 54 K, This is the only planet in the solar system cold enough to keep

methane solid. There is a dark ice-free equatorial band at 59 K.

Pluto takes almost 248 years to orbit the Sun and passed perihelion on the fifth
of September, 1989. Pluto’s atmosphere, largely nitrogen and methane, is frozen for
most of the orbit, thawing out for approximately 25 years each side of perihelion.
Thus, no trace of atmosphere is expected to be detectable after 2015 until 2212. The
estimates for the date of ”freeze-out” vary between 2015 to 2025 [11, 41]. At aphelion
the planet is 50 AU from the Sun.

Other unique features of Pluto are its axial tilt (108 degrees), and the dual planet
relationship similar to that of the moon and the Earth. Pluto has a rotational period

of 6.3867 days.

Pluto has a density of approximately 2.1 g/cm?® similar to that of some of the icy
moons of the outer planets. Charon does not exhibit the methane ice spectrum of
Pluto but appears to have a water ice covering, indicating a body similar to that of

the Uranian and Saturnian moons. Charon has a diameter of approximately 1160
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km. Because of their different compositions, it is expected that Charon will show
the record of ancient meteor impacts, as at these temperatures the water composing
its surface acts like terrestrial rock. However, Pluto will only show the most recent
impacts since the solid methane has a tendency to relax over geological time scales.

Because of Pluto’s low gravitational field, it is likely that liberated atmosphere
will collide with Charon. Whether this will produce a noticeable effect is still an open
question.

There is a strong variation in the brightness of Pluto as it rotates, the reason for
which is not currently known and can be attributed to variations in terrain, chemical
composition, or a combination of both. Also, Pluto is believed to have subtle surface
markings which can only be examined by a spacecraft encountering Pluto. Pluto’s
characteristics are very similar to those of Triton and Titan, and the three bodies are
some times referred to as the small outer “planets”. It is hoped by studying Pluto
and Charon that data key to our understanding of how the solar system was formed
can be generated.

What ever else is discovered there are bound to be as many surprises in Pluto as

there have been with all the other planets encountered so far.

2.2 Pluto and the Publicity for NASA

Although not a scientific rationale for sending a spacecraft to Pluto, another advan-
tage of the mission is the likely public interest that can be attracted by the mission.
Images from an unvisited planet make excellent media events and as such are likely
to help NASA in the up and coming years of budget cutting. Thus, a mission to
Pluto is likely to generate a large political backing, particularly if it can be seen as

the vanguard of the “smaller, faster, cheaper” discovery missions.
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Figure 2-1: Hubble Space Telescope Image of Pluto



Chapter 3

The Design Process

3.1 Introduction

The process of designing a space system is normally governed by the design philos-
ophy and the engineering practice of the organisation that is conducting the work.
The techniques used and the contention resolution process is often summarised as a
Systems Engineering Management Plan. However, since this thesis is not being writ-
ten in an established company, it is advisable to adopt a set of guide lines to follow.
Using such a methodology allows the design trades to be consistent and traceable.
The design process that has been chosen for this work is that set out in the
NASA Systems Engineering Handbook [31]. This document is currently only in the
draft stage. However, by using it as a guideline for the design process of this thesis,
experience in the practical application of its methodology can be gained. As a result,
any weaknesses or lack of clarity should be exposed. From this experience, suggestions

for the document’s improvement can be proposed.

The NASA handbook simplifies the design process by suggesting that the pro-

cess consists of two elements: the successive refinement spiral, and the trade study
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activities within the spiral.

3.2 The Successive Refinement Spiral

The concept behind the successive refinement spiral is shown graphically in figure 3-1.

The sequence is an iteration of:

e Identify & Quantify Goals.
e Create Concepts.

e Do Trade Studies.

e Select Design.

e Increase Resolution.

The process of refinement is initiated by recognizing a need or opportunity, and

then defining a mission objective. The concept of a mission objective is, however, not

introduced within the confines of the NASA Handbook [31]

3.3 Trade Studies

A trade study is the heart of the engineering design task. The purpose of the trade
study is to select the most appropriate design for further consideration by the project.
For example, in choosing the attitude and orbit control subsystem design/philosophy
for the spacecraft, the systems engineer will employ a trade study to select which of the
various options is the most appropriate for the particular spacecraft being designed.
As a result of the trade study, the engineer can narrow the different options that need

to be studied at an increased level of detail. It should be noted that as a result of
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the trades there can be several equally suitable options. In this event several of the
designs should be retained for further study until all but one can be eliminated. By
conducting the trade, inappropriate designs can be eliminated and the understanding
of the remaining designs is increased. The process for conducting a trade study is
shown in figure 3-2.

The activities that need to be performed are:

Define and/or identify the goals, objectives and/or constraints

Perform functional analysis

Define measures and measurement methods

Define plausible alternatives/concepts

Define selection rules

Generate data on the alternatives

Compute measurement characteristics
e Prune the tree! according to computed characteristics and selection criteria.

In practice there is an iteration between the definition of measurements and prun-
ing activities. Following the first iteration the subtleties of the design may have
been highlighted in the measurement phase, or the most problematic characteristics
identified, requiring either new measurements and/or alternatives to be defined. For
example, if after the tradé study has been completed it is found that too many designs
have been pruned from the tree because of the defined selection criteria, then either

the selection criteria must be relaxed, or additional alternatives introduced.

1Pruning the tree is an enhancement of the general elimination process suggested in the NASA

handbook.
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The essence of pruning the tree is to retain the maximum number of reasonable
options for the maximum period of time to avoid “painting oneself into a corner”.

It is assumed that “defining the goals and constraints” means establishing the
system/subsystem requirements. Furthermore, the functional analysis is assumed to

include some tasks to apportion the requirements to the appropriate functional blocks.

3.4 Applied Design Philosophy

A more detailed version of the design procedure implemented in this thesis is shown
graphically in figure 3-3. This is a refinement of the upper levels of the methodology
of the successive refinement spiral. As such, it introduces more detail of the design
methodology than the NASA handbook does.

The overall design process starts with an idea for a mission. In the case of the
PFF mission, this is the idea of sending a spacecraft to Pluto. The mission idea can
come from the recognition of a need, requirement or market opportunity. In the case
of the PFF mission there is also a time-based need, in that Pluto has an atmosphere
that will not be in existence in 25 years. Thus, there is a need to explore the planet
in the near future.

Once a mission need or idea has been established, the next activity is to determine
a set of objectives. This is a quantification of the purpose of the mission. For a
science mission the objectives are the science objectives, which include what we wish
to discover, and how important each of these objectives are. Included in the science
objectives should be specifications of the minimum acceptable and desired level of
accuracy in the measurement. Initially these numbers are only useful as guidelines,
but they too are important in defining subsequent activities. The final levels of
accuracy must be a trade off between what is desired and what is practicable. As

what can be practically achieved cannot initially be defined, the levels of desired
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accuracy are considered “soft” requirements. For example, the Pluto scientist might
wish to have images of Pluto with a resolution of better than 50 m. However, this
may be impracticable, while a resolution of 2 km could be achieved, which would still
provide a large amount of useful information, though not as much as the scientist

would wish for.

Once the scientific objectives have been established, the mission objective can be
established. The mission objective is based on the science objectives, but introduces
programmatic influences such as funding, available launch vehicles, and other opera-

tional constraints. The mission objective forms the top level requirements definition.

The instrument definition flows out of the science objectives, combined with the
mission objectives. The actual instruments will be designed as a separate activity
for most spacecraft as they are funded through a separate process. However a base

understanding of their requirements and contents must be established.

The systems engineer uses the mission objective and initial instrument definitions
and requirements to generate a set of simple ideas on how to carry out the mission (the
mission concept). This is normally based on what are likely to be the mission critical
activities. Thus, for the PFF, the critical activity will be achieving the desired arrival
time, within the constraints of currently available launch vehicles. The multiple
mission concepts, generated by the engineering team, are pruned down to one or two

for further study, using high level trade studies.

The mission concept(s) are then broken down to define system level requirements.
These are based on a flow down of the mission and science objectives combined with

the instrument definitions.

Using the system level requirements, the spacecraft and operational concepts can
be generated. These concepts deal with how the spacecraft will look, operate, and

what its orbital dynamics could be. Again these concepts can be traded off at a
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high level of abstraction, or refined by adding in more detail to allow the different
options to be compared more accurately. The concepts often evolve by considering the
dominant features of that activity. For example, because of the range the spacecraft
will be operating over, the PFF spacecraft will be physically dominated by the main
mission antenna. The main mission antenna is therefore an ideal place from which
to start considering possible spacecraft designs. The development of the spacecraft
concepts must be considered one of the black arts of systems engineering blending

both experience and imagination.

In some situations the real start of the mission idea is from either the spacecraft
concept or the mission designs. The Voyager mission is a good example of the mission
design creating a mission idea. Here the mission idea was generated by the discovery
that there was the possibility to send a spacecraft to all the outer planets sequentially
using gravitational assists. Once this was known, then a mission using this idea could
be envisaged, and hence the design process started. An example of the spacecraft
generating the mission idea is the case of the current trend of small satellites. Here
people wish to build and use small satellites, and therefore the question arises as to
what can be done with them. This in turn gives rise to a mission idea, and so to the

start of the design process.

Using the spacecraft concepts and the system level requirements, the spacecraft
requirements can be generated. These define how the spacecraft should perform.
The function of the systems design activity is to flow the spacecraft requirements
down into the subsystem requirements, in such a way as to optimise the overall
spacecraft performance and ensure that the subsystem requirements are achievable.
The systems design work is likely to have to be iterated to ensure that a consistent
set of requirements is achieved. This design work also acts as a validation of the

initial system level requirements, highlighting any problem areas, where requirements
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may have to be relaxed. The system design work also allows the various possible
spacecraft concepts to be traded off by providing more detailed performance data.
As each stage proceeds, the detail available in the requirements increases. As the
design and its impacts proceeds down, the initial requirements can be refined.

The operational concepts follow a similar path to that of the spacecraft concepts.
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Chapter 4

Science and Mission Objectives

4.1 Introduction

In conducting any space science engineering project, the initial requirements are de-
rived from the science objective or functional goal and from a mission objective. These
are often implicit in small engineering projects. However, in larger systems their iden-
tification becomes more important since they act as a focus for the design work and
a criterion for evaluating the success of the mission. This idea can be considered an
explicit example of a company’s mission statement. The mission statement, in this
case, acts as a focus for the development and operation of the company in question

[20].

4.2 Science Objective

The science objectives, as is normal, come from outside the project design team. The
science objectives along with their priority associated with the mission to Pluto are

summarised in Table 4.1. The priorities were established by NASA’s Outer Planets
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la
la

la

1b
1b
1b

lc
lc
1c
1lc

Neutral Atmosphere
Geology & Morphology

Surface Composition Mapping

Ionosphere
Bolometeric Bond Albedo

Surface Temperature Mapping

Energetic Particles

Bulk Parameters (R,M,p)
Magnetic Field
Additional Satellites

Table 4.1: Pluto Mission Science Priorities

Science Working Group (OPSWG) [36].

4.3 Mission Objective

The Mission Objective for the spacecraft can be stated as follows:

The spacecraft will conduct a Fast Flyby of the planet Pluto and its moon

Charon, and return to the Earth scientific data regarding each planet’s surface ge-

ology, morphology?, composition and Pluto’s neutral atmosphere composition. In

addition to this, any of the scientific goals established by the OPSWG, see table 4.1,

that can be achieved at no penalty to the mission’s cost should also be included.

lthe external structure of rocks in relation to the development of erosional forms or topographic

features [29)]
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The mission shall have a target cost of less than $400 Million per spacecraft

including the cost of launching the spacecraft on an existing launch vehicle.

4.4 Program Philosophy

4.4.1 Introduction

Associated with a mission objective is the Program Philosophy. The objective of the
program philosophy is to ensure that consistent decision making occurs across the
different elements of the spacecraft. The philosophy defines the important criteria
and ranks their importance.

For the PFF mission the primary driver is to arrive at Pluto before the Atmosphere
condenses out on the planet, and thus, the arrival schedule is the most important
element of the philosophy. Although, it should be noted that this is the arrival
schedule, rather than the launch or design schedule.

The other key elements of the Program Philosophy are the cost, science return
and reliability. The latter is, in a sense, closely linked to the science return. This
is not a simple relationship. The first fact that must be considered is that each of
these has a bound on its acceptability. For example, if the estimated cost is greater
than a given amount (probably of the order of $500 Million), the mission will not be
funded. However, if the science return is less than so much, then the mission is also
not worth pursuing. Examples of this concept are shown schematically for the cost

and schedule in figure 4-1. The diagram shows four main bands:

1. Acceptable level
2. Warning level

3. Cancellation Probable
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4. Cancellation Guaranteed

Acceptable Level

The acceptable level specifies the range of the parameter within which no action
is required. However, some improvement in the value of each parameter could be

considered to move it away from the warning level.

Warning level

If the parameter is in the warning level then remedial action should be carried out to
move the value of the parameter back into the acceptable level. It is also likely that

the project team will have to justify the value at project review meetings.

Cancellation Probable

If the value is in this range then it does not meet an acceptable standard, and the
mission is likely to be cancelled at the next review. However, if the project team can
justify the value, and the mission is considered critical enough then the project may

be allowed to proceed.

Cancellation Guaranteed

If the parameter is located in this band, the program is no longer acceptable and
should probably be cancelled by the project manager, or at a minimum be completely

re-evaluated.

4.4.2 Schedule

If the spacecraft’s launch schedule slips such that the spacecraft’s anticipated arrival

date is after that of collapse of the planet’s atmosphere then the cost of the mission
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will be increased to ensure that the spacecraft arrives before this date. However,
if the only way to ensure that the spacecraft reaches Pluto before this date is to
increase the projects cost such that the additional amount will ensure the program’s
cancellation, then the mission will have to be completely reviewed. It may still be

worth proceeding with the mission, but with different primary science objectives.

4.4.3 Science Return

If the science return is too low then the cost of the mission will be increased, without
exceeding the acceptable cost level, to ensure that the science return is more than
acceptable. At a minimum the spacecraft must be designed to provide better quality

imagery than that currently available.

4.4.4 Reliability

If the reliability enters the warning zone, then the cost of the mission and the schedule

can be allowed to slip so that the mission remains viable.

4.4.5 Cost

If the projected cost of the mission exceeds the initial projection, then the mission
will be cancelled by Congress. This is one of the few certainties of a project such as
the PFF. If the cost reaches a warning level, then the primary option to be used is to
slip the spacecraft’s schedule as long as this does not involve the spacecraft arriving
at Pluto after atmospheric collapse.

If the cost is at an acceptable level, then the reliability and schedule should be
improved to the point where the cost is becoming a concern. However, if the cost

escalates to the point where cancellation is likely then all the other aspects will be
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sacrificed, with the possible exception of the arrival date. In this sense, cost is different
from all other parameters, in that it is desired to keep it as close to the warning level
as possible, whereas reliability, for example, should be as far as possible from the

warning level.

4.4.6 When All parameters Are Acceptable

When all the parameters are at an acceptable level, the following order for improve-

ment can be considered: Science Return, Reliability, Schedule, Cost.
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Chapter 5

Initial Instrument Definition

5.1 Introduction

The primary science objectives for the PFF mission are given in the science objec-
tive section. (See Table 4.1.) The design and nature of the instrument payload is
beyond the scope of the current work, as it would be for a typical space mission
where the instruments are supplied to the platform manufacturer by outside science
teams. However, for the sake of completeness, some comments on the nature of these

instruments is appropriate to allow mass and power allocations to be estimated.

5.2 Required Sensor Systems

Table 5.1 [5] shows the different applications of typical space sensors. Using this we

can determine the types of instruments that the PFF will need to have.

Each of the major science objectives for the Pluto flyby spacecraft is examined

below to determine the type of instrument to use.
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Space Sensor System Applications
Passive UV Chemical composition
Passive visible Upper atmospheric temperature and

wind-field profiles, ground imaging

Passive IR and microwave Vertical temperature, species
concentration

Active lidar Vertical wind field, temperature, species
concentration, and pressure

Stellar occultation Composition

Radio occultation Composition and pressure profiles

Table 5.1: Space Sounding Systems Applications

5.2.1 Neutral Atmosphere

The properties of interest in the neutral atmosphere of Pluto are: composition, pres-
sure profile and temperature profile. Any one of these parameters can be deduced
using IR measurements if the other two parameters are known or can be assumed. For
example, the temperature of Earth’s atmosphere is calculated based on knowledge of
the concentration of oxygen molecules at different heights in the atmosphere.

The atmospheric characteristics can also be calculated by observing the change
in frequency and/or phase in a RF beam passed through the atmosphere. Thus, to
measure all three characteristics, it is necessary to measure the IR emission of the
atmosphere and also the frequency and phase shift the atmosphere induces on a RF

communications beam from the spacecraft to the Earth.

Along with the basic properties of the atmosphere the presence of trace compounds

such as nitrogen, carbon monoxide, carbon dioxide and argon, which are difficult to
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detect from the Earth, are of interest. These compounds can only be determined
using UV occultation. The sun provides a suitably bright source in the UV spec-
trum. Therefore the spacecraft must, as a minimum, carry an IR spectrometer, UV

spectrometer and radio science payload.

5.2.2 Geology & Morphology

The geology and morphology of the planet’s surface can be deduced by studying
images in the visible part of the spectrum. Additional information can be gained
by studying the associated IR spectrum. There is by nature a trade-off between the

spectral resolution, the spatial resolution and the mass of the instrument.

5.2.3 Surface Composition Mapping

The surface composition can be estimated from various parameters associated with
visible images and IR spectra; for example, the absorption spectrum, reflectivity and

emission spectra.

5.2.4 Ionosphere

The study of the ionosphere can be considered as a high-resolution requirement on

the study of the atmosphere.

5.2.5 Bolometeric Bond Albedo

The bond albedo is the fraction of the total incident light reflected by a spherical
body over all wavelengths. Thus, to measure the bond albedo, a series of radiometric
measurements from the planet’s atmosphere across a large portion of the spectrum is

required.
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5.2.6 Surface Temperature Mapping

To map the surface temperature, it is first necessary to find a pass band in the
atmospheric absorption spectrum, then using a radiometer to measure the amount of
IR radiation emitted in the band of interest. By calibrating the instrument against a
known temperature, or several temperatures, the temperature of the surface can be

calculated.

5.2.7 Energetic Particles

Two facts about high energy particles are of interest: their type and energy. These

can be measured using an advanced form of geiger counter.

5.2.8 Bulk Parameters (R,M,p)

The bulk parameters are normally measured by observing the occultation of the radio
beam from the spacecraft and the spacecraft’s orbit. The diameter of the planet can
then be determined from the orbit and the duration of occultation. The mass and J2

can be calculated by measuring the planet’s effect on the spacecraft’s trajectory.

5.2.9 Magnetic Field

The magnetic field can be determined using a simple magnetometer. However, be-
cause the spacecraft itself will generate a magnetic field, it is necessary to mount the
magnetometer far away from the spacecraft on a boom. The typical magnetometer

boom can be as much as 30 ft long.
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5.2.10 Additional Satellites

The search for additional satellites is likely to be based on the use of visible images
of the sky surrounding the planet. The presence of satellites of Pluto can then be
seen by removing from the images the star systems which form the back drop of the
image. This can be done using either known star charts or by using a series of images
viewed from different positions. In the latter case the stars appear to be stationary,
and therefore, when one image is subtracted from the other, the only objects that
remain are moving objects such as satellites. The major impact of this activity is to
increase the number of images of the planet and the surrounding space required by

the science team.

5.2.11 Typical Instrument Masses

Tables 5.2 and 5.3 show the science instrument payloads for the Galileo and Cassini
spacecraft respectively [47]. These two missions were chosen for comparison as they
are currently in manufacture or flight, and thus the actual instrument sizes are avail-
able.

Using this data, we can estimate that a payload to conduct all the 1a science
requirements should have a mass of approximately 22 kg. This is based on the as-
sumption that the IR and visible camera systems can share common optics. To carry
out all 1a and 1b science should require approximately 15 additional kg. Finally, to
carry out all the primary science objectives should require a payload of approximately
70 kg. At each stage, it has been assumed some improvement in the basic imaging

capabilities of the lightest payload has been implemented.
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Solid State Imager

Near-IR Mapping
Spectrometer

UV Spectrometer
Photopolarimiter-
radiometer
Magnetometer
Energy Particle
Detector

Plasma Detector

Plasma Wave

Dust Detector

Radio Science
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28 kg

18 kg

4 kg
5 kg

7 kg
9kg

12 kg

1500mm £8.5, 800 x 800 CCD map Galiiean moons.
& monitor atmospheric circulation

0.7-5.2 pum, satellite surface

composition, atmosphere temp & composition
1150-430 A atmospheric gases & aerosols
visible/near-IR bands, radiometer to >42 ym
atmospheric particles, thermal radiation

magnetic fields

0.02-55 MeV ions, 0.015-11 MeV electrons

high energy ions in magnetosphere

1eV-50 KeV in 64 bands, energy composition

& distribution of low energy ions

6-31Hz, 50Hz-200 KHz, 0.1-5.65MHz
electromagnetic waves & wave particle interactions
1071% — 107% g, 2-50 km/s, measure dust

mass velocity & charge

determine planet/moon masses and radio &

atmospheric structure

Table 5.2: Galileo Science Instrument Payload
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Visual IR Mapping Spectrometer
ISS Imaging

Titan Radar Mapper

Ion Neutral Mass Spectrometer
Cosmic Dust Analyser

Plasma & Radio Wave Spectrometer
Plasma Spectrometer

UV Spectrometer & Imager
Magnetospheric Imaging Instrument
Dual Technique Magnetometer
Radio Frequency Subsystem

Composite IR Spectrometer

40 kg
66.4 kg

57.5 kg
10.8 kg
15.1 kg
24.7 kg
20.1 kg
14.9 kg
24.9 kg
8.7 kg
13.2 kg
36.2 kg

320 channels

250 mm fl wide angle

& 2000 mm narrow angle
1024 x 1024 element CCD
13.8 GHz 75 W raw power

Table 5.3: Cassini Science Instrument Payload
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Chapter 6

Mission Concepts

6.1 Introduction

The design process outlined in the previous section is best illustrated with an example.

This is presented as the initial mission concept selection for the Pluto flyby mission.

6.2 Identification and Quantification of Goals

The goals of the mission at the first iteration/refinement level are set out as the
general mission objectives as presented in Chapter 4.3. Thus, the overall goal of the

mission is to return as much science as possible within the prescribed priority.

6.3 Perform Functional Analysis

The breakdown of the objectives into the various functions necessary to complete the

mission is relatively simple and can be simply stated as

e Instrument(s)
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e Spacecraft Platform/Bus

The purpose of the spacecraft bus is to provide the instrument package with the
necessary support such as power, thermal control, pointing, navigation, guidance,
delivery system and communications link back to the Earth. The instruments, on the

other hand, are responsible for measuring the various parameters of interest.

6.4 Measurements and Measurement Methods

6.4.1 System Characteristics

The measurements of interest at this level of the mission can be summarised as follows:

theoretical mass

current engineering mass

o AV

e cost (price)!

reliability

e science return

1The concept of cost is not to be confused with the vague and uncertain usage of the term “cost”
as used in the NASA handbook [31], where often the term is used to mean cost function. Here, the

term cost is used exclusively to mean the monetary price of the mission.
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6.4.2 Measurement Methods
Theoretical Mass

The theoretical mass of the spacecraft can be calculated based on the assumption

that the payload is approximately 20% of the mass of the spacecraft?.

Current Engineering Mass

As a basic idea the current engineering mass should be calculated by doing an esti-
mate of the mass of each subsystem. However, the number calculated by JPL and
collaborators will be used for comparison [36]. These numbers represent a level of

detail not normally available at this level of design exploration.

AV

The AV will be calculated for the different missions using the data presented by
JPL [36]. Again, this represents a level of detail not normally available, however
a reasonable estimate can be made with the assistance of suitable mission analysis

software.

Cost

The cost of the project will be estimated using the costing data in Space Mission

Analysis and Mesign [46, page 666]. Specifically:

RDT&E = 17350 + 1.17X

TFU = 198 X°%77

2The typical payload mass varies between 15 and 50% [46, Table 10-10]. 20% was selected to

reflect of the complexity of the mission. The Cassini Spacecraft only achieves a 16% payload fraction.
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/noindentWhere RDT&E is the development cost relationship® and X is the space-
craft dry mass. The equations presented are those for the spacecraft bus. A learning
curve slope of 95% is assumed for second flight models.

The cost thus presented ignores the launch costs which are likely to be a significant
factor for this project because of the large energies required to insert spacecraft into

escape trajectories.

Reliability

It is difficult at this point in the planning process to assign reliability to the spacecraft.
Thus it was decided to adopt an empirical measure and set the measure of reliability
as high, medium or low. Obviously, launching two spacecraft on the same mission
increases the reliability, while in designing a light-weight spacecraft reliability is often

sacrificed for mass.

Science Return

The science return, as with the reliability, is again a difficult quantity to evaluate.
However, breaking it into high, medium or low should suffice for the current trade

off.

6.5 Spacecraft Concepts

The following spacecraft concepts can be proposed:

e Small Spacecraft (Sub 200kg)

e Intermediate Spacecraft (Voyager class)

3in Financial Year 1990 $K



6.5. SPACECRAFT CONCEPTS 63

Mission to Pluto

Two
Spacecraft
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Spacecraft
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Figure 6-1: Preliminary Design Trade Tree

e Large Spacecraft (Galileo/Mars Observer class)

To allow estimation of the mass of the spacecraft it is necessary to know the
payload mass and, therefore, the amount of science that each of the spacecraft is
expected to return. Let us assume that the science objectives for each mission are
set such that the smallest spacecraft must only fulfill the most important science
objectives, the la objectives, the medium-sized mission should meet all the 1a and
1b science goals, and the largest spacecraft all the primary science goals.

Each of these missions can be flown using either a single spacecraft or a pair of
spacecraft. There is no limit to the number of craft that can be used, but conventional
wisdom and budgetary constraints normally set two as a reasonable ceiling.

Figure 6-1 shows a possible trade tree for the various Pluto mission possibilities.
Obviously, the trade tree represents only a fraction of the possible missions. However,
for practical purposes an upper limit to the number of options considered at any given

level must be set. As always in engineering this is a matter of judgment.
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6.6 Selection Rules

The mission objective is the primary driver for the selection rules at all levels of the
design as it defines the priorities of the mission whether they be reliability, science
return or cost.

For the purpose of this thesis, the selection rules are primarily governed by the
requirements to contain the amount of work and to select a mission with a high
disparity between theoretical mass and current engineering mass.

This can be translated into the following selection rules:

1. Only one design shall be selected for further study, with the exception of a pair
of missions such that the two missions require only a single spacecraft design,
one mission being launched at a later date for the purpose of improved mission

reliability and science return.

2. All designs which cannot be launched by existing launch vehicles with an arrival

date before 2010 shall be excluded.

3. The design with the largest ratio of the difference between the current design
mass and the theoretical mass over the theoretical mass shall be chosen. This

is imposed to highlight areas requiring technology development.

Other selection criteria that could be applied to the selection of the spacecraft

size are:
1. All designs with a target cost higher that $400 million shall be eliminated
2. All designs with a risk higher than z shall be eliminated.

3. All designs which cannot be launched by existing launch vehicles and arrive at

Pluto before 2010 will be eliminated.
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4. The number of options for further study shall be less than two, where an option
shall be considered as a given single spacecraft mission and its associated dual

spacecraft mission.

5. Rational judgment shall be used to eliminate options due to lack of science

return.

Because of the other interests in this work, these have not been used. However, if
this was an actual project to build the Pluto mission, then the criteria above would

be used to replace the criteria used in this thesis.

6.7 Generate Data on the Alternatives

Table 6.1 shows the projected data for each of the alternative missions.

6.8 Selection of the Continuing Designs

Table 6.2 shows the measurement characteristics for each of the mission alternatives.
Using the selection criteria established above, this work will continue with the
small spacecraft design option. This was chosen because it has the smallest estimated

mass to theoretical mass ratio, and as such presents the most interesting design option.

6.9 Conclusion

Having selected the design, the next phase of the design strategy is to proceed down
the refinement spiral. The next activity, therefore, is to define the system level re-

quirements.



Spacecraft | Instrument | Theoretical | Engineering Cs; Cost | Reliability | Science
Size Mass Mass Mass Return
(kg) (kg) (kg) km?/s? | M$
Small 22 110 69 305 30.7 Low Low
Medium 37 185 - 41.3 | Medium | Medium
Large 70 350 316 144 46.8 High Medium
2 x Small 22 110 69 305 37.2 | Medium | Medium
2 x Medium 37 185 - 57.1 High Medium
2 x Large 70 350 316 144 67.2 High High

Table 6.1: Performance and System Level Data on the Preliminary Designs
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6.9. CONCLUSION

Mass ratio Launch date
Small Spacecraft 0.62 Before 2007
Intermediate Spacecraft 1.0 Between 2003 and 2005
Large Spacecraft 0.90 Between 2003 and 2005
Small Spacecraft 0.62 Before 2007
Intermediate Spacecraft 1.0 Between 2003 and 2005
Large Spacecraft 0.90 Between 2003 and 2005

Table 6.2: Selection Measurement Data for the Preliminary Designs
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Chapter 7

System Level Requirements

7.1 Introduction

The first step in the design process must to be to establish the overall requirements
for the mission and the subsystems. Thus, the following elements need to be defined

within the context of the PFF[46, page 259

o Mission

Payload

Orbit

Environment

Launch

Ground Systems Interface

The final system’s requirements cannot be fully defined, as they require a number

of iterations of the system’s design to ensure that they are internally consistent.
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However, initial requirements can be established which can be refined at a later stage

in the design process.

7.2 Mission

The mission objective is summarised in Chapter 4.3. The spacecraft and its subsys-
tems must have an expected design life of at least 10 years (TBC!) with a reliability
TBD?.

The spacecraft shall enact a point to point communications architecture with the
Deep Space Network (DSN).

The spacecraft and its systems shall provide sufficiently secure communications
paths and control instruction encryption to ensure that the mission is not compro-
mised by accidental external interference.

The program is constrained to a budget of $400 Million per spacecraft including

launch costs, with a launch date compatible with achieving the mission objectives.

7.3 Strawman Science Payload

The strawman payload proposed for the PFF is summarised below [36, 40]. This is
the same science instrument payload that is currently being used by JPL to design

their version of the PFF.

7.3.1 Visible Sensor

Pixel size : 7.5 um

1To Be Confirmed/Reviewed
2To Be Decided
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Aperture size: 73 mm

Focal length: 750 mm

Image size: 1000 x 1000 pixels
Digitization: 8 bit

Number of filter wheel positions: 6
Readout time: 2 Seconds

Imaging resolution at flyby: Better than 1 km. (150 m at closest approach)

7.3.2 IR Spectrometer

To keep the science payloads mass down the IR spectrometer is expected to use the

same optics as the Visible Camera.

IR spectral range: 1.00 to 2.5 pym
Spectral resolution: A\/AX ~ 300
Image size: 256 x 256 pixels.
Pixel size: 40 pym

IR resolution: 5 km.

7.3.3 UV Sensor

Frequency range: 55 - 200 nm
Spectral resolution: AA = 0.5nm
Spectrometer: Grazing-incidence Diffraction Grating

Aperture: 24 mm
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7.3.4 Radio Science

The requirements for the radio science instrument are currently undefined.

7.4 Instrument Summary

Though the details of the instruments are not yet fully defined the allowance for mass
power and pointing requirements have been defined to allow work on the design of

the spacecraft to proceed [36, 40].

Mass: 6 kg.
Peak Power: 6 W

Pointing Accuracy: 10 prad

7.4.1 Science Instrument Impact on Spacecraft Design

The instrument mounting on the spacecraft must allow the UV instrument to be
pointed at the Sun during solar occultation and let the main mission antenna track the
Earth during the Pluto/Earth occultation. This puts either a placement constraint

or a turn-rate requirement on the spacecraft.

7.5 Orbit

The orbit is TBD but is baselined as a heliocentric hyperbolic orbit with a closest
approach to the Sun of 1 AU.
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7.6 Environment

The environment the spacecraft will encounter is TBD. However, a baseline of stan-
dard deep space environment should be assumed. Currently, a Jupiter Gravitational
Assist is not baselined, however the effect of such a flyby with its inherent radiation

hazard should be considered in the design.

7.7 Launch

The launch vehicle and its constraints are TBD. However, the project shall be designed

to use a currently available launch vehicle.

7.8 Ground Systems Interface

The ground systems interfaces are TBD.
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Chapter 8

Spacecraft Flight Operations &
Support

8.1 Spacecraft Operations/Mission Profile

8.1.1 Introduction

The flight to Pluto can be divided into a number of phases:
1. Launch
2. Boost Phase
3. Initial Cruise
4. Mid-course Correction
5. Continued Cruise
6. Final Course Correction
7. Pluto Flyby

75



76 CHAPTER 8. SPACECRAFT FLIGHT OPERATIONS & SUPPORT

8. Post Flyby Activities
9. Spacecraft Shutdown

10. Post Flight Activities(optional)

The levels of activity through these various phases will vary depending on the
objectives to be achieved. Various activities in the above list may be repeated. One
example of this is the mid-course guidance phase which may involve several small

adjustments to the orbit years apart.

8.1.2 Flight Support Team

To support the mission during the flight, a flight support team is required to monitor
the status of the spacecraft and to assist in the recovery from any failures that may
occur. This team needs to be fully familiarised with the design of all the spacecraft
subsystems. Along with the support team, there must be an orbital analysis team
that tracks the spacecraft, computes its orbit, and plans and calculates the required
AV maneuvers to ensure its correct arrival at Pluto.

One of the developing problems for small spacecraft missions is the high cost of
operating spacecraft in flight. This problem is not unique to the PFF mission, but is
shared with the Discovery missions in particular and with all the current deep-space
missions in general. This problem has been highlighted recently by Magellan even
though the spacecraft is capable of generating more useful science data, the cost of
supporting the mission is now considered too large to be approved by Congress.

Although the basic quoted cost of a spacecraft does not normally include the cost
of operating it, these additional costs must be considered when small satellite missions
are designed, such as the Pluto Fast Flyby, or any of the Discovery missions. Unlike

more conventional missions where the spacecraft’s operating costs over its design life
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are only a fraction of the spacecraft’s cost, for small spacecraft the operating cost will
be several times the cost of the spacecraft. This is because the cost maintaining a
flight readiness engineering team is the same for both large and small spacecraft, as
the same basic functions must be provided for both spacecraft. Thus, spacecraft of all
sizes need, for example, an engineer who knows the communications subsystem. Large
spacecraft may have a much higher data throughput than smaller craft; however, its
communications subsystem may cost an order of magnitude more than the one used

on a small spacecraft.

Fire and Forget Strategy

One strategy worth considering is a “fire and forget” strategy. That is to use the
cost which would have been spent on the support crew on building multiple simple
spacecraft, possibly using different suppliers for each subsystem to avoid common
failure modes. These spacecraft would be communicated with only 2 or 3 times during
the cruise phase to Pluto. These contacts are required to conduct the necessary mid-
course corrections. The spacecraft would be targeted to arrive at Pluto in a staggered
sequence to ensure that the data could be downlinked in a sequential manner. If
a failure occurs in one of the spacecraft which the internal fault tolerance cannot
correct, then the spacecraft is simply written off. If the failure is minor, then a small
amount of analysis may be carried out. However, a dedicated engineering team is
not maintained. The idea here is that the cost of the engineering team is transferred
into hardware. The question is will the deferred/discounted cost improve the mission
performance and if so, by how much? The effect of different numbers of spacecraft

on the overall mission reliability is shown in figure 8-1.

The reliability of missions with different numbers of spacecraft is given by:
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Figure 8-1: Effect of Multiple Spacecraft on Overall Mission Reliability

RMzssion = [1 - (1 - RSpacecraft)N]

where, N is the number of spacecraft and Rgpacecrast is the reliability of an individual

spacecraft.

8.1.3 Operations Strategy Trade Study
Measures and Measurement Methods

The measurements of interest in selecting the operations strategy are the reliability

and the relative cost.

Selection Rules

The selection rule is simply to select the option that provides the maximum reliability

for the minimum cost.
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Type Cost

$K /Staff year
Contractor 140
Government 95

Table 8.1: Estimated cost of personnel assigned to support flight operations

Flight Operations Cost

The cost of operating a spacecraft on orbit can be estimated from the cost of con-
tractual staff. Table 8.1 shows the cost of having staff assigned to a project [46, page
730].

Let us assume that to keep a qualified team available, then each member must
be employed for half their time by the mission. Furthermore, let us assume that an
engineer is required for each of the major subsystems, plus an engineer for mission
analysis, and a project manager. This means that at least 6 man years worth of
manpower per year is required by the project over the length of the mission.

The equivalent present value of the flight operations personnel can be calculated

from [9, page 208]:

(1+r)V -1
r(l+r)V

where P is the equivalent present value

R is the yearly cost of the operations personnel
r is the discount rate
N is the project length in years.
If we assume that the average cost of the people is $117K per staff year, then

figure 8-2 shows the effect of mission duration on the current value of the flight
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Figure 8-2: The current value of the operations support team

operations crew.

Spacecraft Costs

We can assume that a simple spacecraft with single point failures will cost apprpox-
imaty $40 million. This is based on the knowledge that a modern large communi-
cations satellite costs approximately $80 million. The PFF spacecraft however is far
less complex even though it is for a deep space mission.

Let us also assume that to make the spacecraft internally redundant, making it

more fault tolerant, then the cost is increased by 50%.

Reliability

Simple spacecraft are assumed to have a reliability of approximately 0.35, based on
the assumption that each subsystem has a reliability of approximately 0.95, there
being 10 main subsystems. For a single one-up spacecraft where each subsystem
includes reliability, then the subsystem should achieve a reliability of 0.99, giving the

overall spacecraft reliability of 0.90. Therefore, to achieve comparable reliability a
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Type Spacecraft | Operations | Reliability
Cost Cost
$M M
Single 60 35 0.9
Multiple 200 0 0.9
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Table 8.2: Summary of Flight Operations crew verses Fire and Forget

fire and forget strategy needs to launch 5 spacecraft.

Summary

Table 8.2 summarizes the data for the two options.

Fire and Forget Conclusions

To achieve the same reliability as more complex spacecraft, it would be necessary to
launch 5 of the less-reliable spacecraft. The costs associated with each mission are
summarised in table 8.2. It should be noted that these figures do not include launch
costs. The preferred option is to maintain a flight operations crew.

However, this analysis should only be treated as preliminary, as the information
such as the relative cost and reliability are only estimates. Thus, this trade study
should be reviewed once the preliminary design work is complete and more accurate

figures are available.

8.1.4 Flight Support Activities

During the cruise phases, to keep the mission to a minimum cost, the spacecraft should

be totally self sufficient. The only external interface activities will be to occasionally
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download status information to the ground and to act as an active target to support

ground-based trajectory analysis.

Just prior to the mid-course guidance maneuvers, the spacecraft will receive the
appropriate burn commands from the ground as time-tagged information. These will
then be executed at the appropriate time. All fault correction activities during the
cruise phase will be handled by the spacecraft without assistance from the ground.

Just prior to arrival at Pluto, the observation sequence will be uplinked to the
spacecraft. The spacecraft will then execute the appropriate instructions at the ap-

propriate times.

8.1.5 Data Downlink Activities

When is the data from the instruments to be downloaded? There are basically two

options if we assume the instruments are pointed by the spacecraft:

e Download during the Pluto flyby. This minimizes the amount of storage re-

quired by the spacecraft to store the instrument data.

e Download the data after flyby. This will maximize the time available for data
collection and not require the communications subsystem to support a high data

rate.

At this stage in the design it is difficult to conduct a study of these two options
because the implications on the storage requirements and its system level impacts are
not clear due to a lack of detail in the design. The assumed baseline is therefore to

store all the data on the spacecraft and downlink it after the flyby.
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8.1.6 Activities During Cruise

Knowledge of the amount of active time of the spacecraft while on cruise is required
in some of the power subsystem concepts. Therefore, it is assumed that the spacecraft
carries out 4 mid-course correction maneuvers during the flight. In addition to this,
the spacecraft is tracked for 5 hours each month to provide ranging information and,

hence, orbit determination.

8.2 Orbit Analysis

8.2.1 Introduction

A full and detailed study of the trajectory design to Pluto or any other major planet is
a complex problem requiring a large number of iterations. As such, this is beyond the
scope of this work. However, it is worth considering an initial analysis to understand

the size of the problem.

8.2.2 Orbit Concepts

A number of different types of orbits can be considered that will cause the spacecraft

to arrive at Pluto. These include:

1. A Gravitational Assist
2. An Aerogravity Assist
3. A Direct Flight

4. A Direct flight using a Broken Plane Maneuver.
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8.2.3 Gravitational Assists

The question one must ask is “what is the advantage of using a direct transfer rather
than a flyby, giving no consideration to the required transfer time”. The simple
answer to this is that it avoids the radiation hazard presented by Jupiter, which due
to its large magnetic field has a very active set of Van-Allen radiation belts that the
spacecraft must pass through to benefit from the gravitational assist. The possibility
of an encounter with Jupiter reduces the expected spacecraft reliability and requires
the spacecraft to carry additional shielding for sensitive equipment.

The possibility of a reduced grand tour of Jupiter, Uranus and Pluto was proposed
by Longuski and Williams [19]. The flight has a 20 year flight time with a required
launch in 1996. Because of this rapidly approaching launch date, it is difficult to
foresee a development program for a spacecraft that could be completed in time to
achieve this launch date. Longuski further notes that the Jupiter/Pluto mission is
only achievable every 13 years assuming a o, = 12 km/s. For a gravity assist using
only Jupiter, the first opportunity does not occur until 2004 [33]. The flight time

would be 10.5 years with a closest approach to Jupiter of 15 Jupiter Radii.

8.2.4 Aerogravity Assist

The AV achievable from a gravitational swingby is controlled mainly by the approach
velocity and the minimum flyby height. These factors control the induced relative
local velocity turn on the spacecraft, which in turn changes the heliocentric velocity.
For planets with atmospheres, the minimum flyby height is controlled by the height
of the atmosphere. It should also be noted in the case of Jupiter, the strong Van
Allen belts surrounding the planet strongly influence the flyby height.

In the Aerogravity Assist scenario, the turn angle is increased by using a spacecraft

with a lifting body design and flying it through the atmosphere. The aerodynamic
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lift is then used to turn the spacecraft’s velocity. To achieve a positive AV from the
planet, the gained velocity must be greater than the drag of the atmosphere on the
spacecraft. This requirement leads to spacecraft designs which have a very high lift-
to-drag ratio. Because of the high L/D requirement it becomes difficult to configure
the spacecraft to accommodate other mission requirements such as a large high-gain

antenna.

8.2.5 Direct Flight

Let us initially consider what minimum transfer energy is required to just achieve a

rendezvous with Pluto.

Minimum Energy Transfer

One of the mission objectives is to arrive at Pluto before the atmosphere sublimates
back onto the surface. If this requirement is temporarily ignored and the only mission
goal is seen to be to arrive at Pluto, then a minimum energy orbit could be employed.
This will then put a minimum on the required AV. Appendix A shows the calculation
of the minimum energy orbit. The minimum energy transfer will require a Cs of
approximately 121 km?/Sec?, with a flight time of 31 years'. This is only just in excess
of the latest arrival time if an assumed launch date of 1998 is used. The minimum
impulse orbit at this travel time is elliptic and as such would provide the minimum
flyby velocity, which would be advantageous for instrument viewing, providing the
minimum target motion and also the maximum period in which Pluto is in range of
the spacecraft’s instruments.

Furthermore, because the minimum energy orbit is a elliptical orbit, it may be

1C; is the square of the hyperbolic excess velocity, that is, the velocity in excess of the escape

velocity of the Earth [4].
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C3 for a launch in 1998
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Figure 8-3: Launch Energy vs Flight time to Pluto

worth considering a secondary burn to inject the spacecraft into a Pluto orbit! This

would allow a much greater mapping option.

Precise Required Launch Energy

If a launch date of 1998 is assumed, then the launch energy or Cj is shown in figure 8-
32. C, is the square of the velocity that must be added to the Earth’s Heliocentric
velocity to inject it into the correct intercept orbit so that it arrives at the desired

time. The optimum launch date is always in late January or early February.

8.2.6 Broken Plane Maneuvers

The normal technique used to insert deep space probes into the desired orbit is that

of a Broken Plane maneuver. This technique is utilised because of the high cost of

2Figure 8-3 was calculated using the program shown in appendix E and shows reasonably good

agreement with the data calculated by JPL [36].
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any plane change. In the Broken Plane technique the spacecraft is launched with the
majority of the desired velocity towards the target point, but in the same plane as the
planet it is leaving. When the speed of the spacecraft has slowed because the probe
is traveling away from the Sun, a second burn is executed which rotates the plane of
the spacecraft’s orbit so that it will now intercept its target [34, 27, 12, 22]. In the
case of the Pluto Fast Flyby mission, because of the large AV required to inject the
spacecraft into the correct trajectory, the spacecraft is travelling at its slowest just

prior to the main AV and thus the broken plane offers no advantage.

8.2.7 Preferred Orbit Selection

The preferred orbit is a direct orbit, as this has a window of opportunity for launch
every year. It also provides the most flexibility in spacecraft design because as it

avoids the problems associated with both Jupiter and Aerogravity Assists.

8.2.8 Launch Window

The variation in the Cj required to arrive at Pluto, assuming an 1998 launch and a
7 year flight time, is shown in figure 8-4. If the launch window is 18 days, then the
required Cs is increased to approximately 305 km?/Sec? from 290 km?/Sec?. This is
a variation of approximately 400 m/s in the required AV. The length of the desired
launch window is a matter of careful optimisation and trade off, which is beyond the
current level of the design work. Table 8.3 summarizes the variation of Cs with flight

time and different launch window lengths.
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e
Figure 8-4: Launch Energy (C;3) vs Launch Date for a 1998 Launch and 7-year flight time
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Flight Time (years)

7017580859095 ]100]12.0 150
1 Day 290 | 272 | 258 | 247 | 237 | 229 | 222 | 200 | 174
5 Days | 291|273 | 259 | 248 | 238 | 230 | 223 | 200 | 175
9 Days | 293|276 | 262 | 250 | 240 | 232 | 225 | 203 | 178
13 Days | 297 | 279 | 265 | 254 | 243 | 236 | 228 | 206 | 181
17 Days | 303 | 285 | 271 | 260 | 249 | 242 | 234 | 211 | 187
21 Days | 310 | 292 | 278 | 268 | 256 | 250 | 241 | 219 | 196

Table 8.3: Cj for different launch windows and flight times for a 1998 launch
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Chapter 9

Spacecraft Systems Design

9.1 Introduction

At this level the design spiral and design methodology becomes somewhat clouded,
as the issues at this level are not so much the general principles and size of the space-
craft, but how the individual subsystems can be combined to provide the necessary
functionality. Thus there are two sets of trade-offs going on in an individual design.
The highest level breakdown is how to apportion the requirements to the different
sub-systems. The second level is choosing the best equipment design to provide the
required functionality for the design. This is where judgment is required about likely
solutions.

Wertz and Larson [46] suggest that the process should be to “select a design
approach, develop a spacecraft configuration (overall arrangement), and allocate per-
formance [requirements] to the spacecraft elements and bus subsystems. [The systems
engineer] then evaluates the resulting design and re-configures or reallocates perfor-
mance as needed”. This is the approach that has been adopted in the systems design

activity of the PFF spacecraft.
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9.1.1 Design Approach

The design approach adopted at this level of the design simulates a real design envi-
ronment. The first activity undertaken is developing the spacecraft concepts. Once
a limited number of concepts have been selected, the spacecraft is divided into sub-
systems. These subsystems represent functions on the spacecraft. This allocation
of one subsystem per function is done to try and maintain the minimum number of
interfaces and to make these interfaces as simple and clean as possible. Once the
subsystems have been selected the system level requirements are apportioned to the
various subsystems; this activity includes the specification of margins. This forms
the initial subsystem requirements. These are of only a preliminary nature due to
the lack of information at this phase of the design. Each of the subsystems is then
considered in turn to assess how the requirements could be fulfilled and what the im-
pact of these requirements is on the mass and power requirements of the subsystem.
The subsystems are designed with no reference to the other subsystems and only to
the requirements. This is done to simulate different engineers working in parallel on
the task of designing the spacecraft. Once all the subsystems have been designed,
the process is iterated to develop a coherent set of designs and to establish baseline

subsystem functionality and requirements.

9.2 Spacecraft Configuration

9.2.1 Introduction

The configuration of the spacecraft is really a function of the parameters of the systems
themselves combined with the look angle requirements of each of the elements.
The first question in designing the spacecraft configuration is to consider the

instruments and their position on the spacecraft. There are two basic options that
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allow the instruments to view multiple targets in different directions.
1. Inertial spacecraft with instruments on a scan platform
2. Instruments attached to the spacecraft.

The choice of instrument pointing system to satisfy the mission requirements will

be based purely on minimising the mass of the spacecraft.

9.2.2 Instrument Scan Platform

If the instruments are mounted on a scan platform, then the spacecraft can be treated
as an inertial platform. The instruments are then moved relative to the spacecraft
to achieve the desired pointing. Such a system allows the spacecraft to maintain
Earth pointing of the main mission antenna. The scan platform has the additional
advantage that pointing the instruments only requires the scan platform to be moved.
However during such changes in pointing direction the spacecraft must have enough
control authority in the AOCS system to maintain the spacecraft in inertial space.
The disadvantage of such a design is that the scan platform requires a reasonably
large mass and power allocation. A high accuracy scan platform requires very careful
thermal control to ensure accurate pointing and therefore is has a high design cost

and energy budget requirement.

9.2.3 Spacecraft Pointed Instruments

The alternative strategy is to mount the instruments on the spacecraft. To point
the instruments the whole spacecraft is then turned to the required direction. The
advantage of such a design is that the spacecraft is lighter since no scan platform is
required. However the AOCS actuators must have enough authority to repoint and

stabilise the spacecraft within the required time.
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9.2.4 Pointing Selection

The pointing mechanism that will give the minimum mass is that of attaching the
instruments directly to the spacecraft. This decision must be reviewed when more
details are available about the mass penalty placed on the spacecraft by requiring

control actuators with sufficient authority to achieve the required repointing speed.

9.2.5 Spacecraft Concepts

As noted in the section on the design procedure, the spacecraft concepts often flow
out of the major physical elements of the spacecraft. In the case of the PFF mis-
sion the major element is the main mission antenna. Thus two principal spacecraft

configurations can be suggested:

1. Parabolic reflector-based spacecraft

2. Lens antenna-based spacecraft

The preferred configuration will be chosen based on minimising the mass of the

spacecraft.

Parabolic Reflector-based Spacecraft

The use of a parabolic reflector is the normal choice for this type of mission. Attached
to the back of the antenna is a second structure to which all the electronics and RTG
are mounted. The bottom of this structure is the launcher interface. The proposed
configuration for the PFF mission being designed in this thesis is the reverse of this.
The main launcher interface is the outer ring of the antenna. This does however
constrain the antenna diameter. The antenna structure is parabolic in shape. This is

one of the classical variations of an arch. Therefore the antenna in this configuration



9.2. SPACECRAFT CONFIGURATION 95

Fuel Tank

RTG

Electronics

Reflector

Figure 9-1: Conceptual drawing of a reflector-based spacecraft

should act as an excellent load-bearing path. Rather than mount the electronics
equipment on a separate structure, it is proposed to use the back of the main mission
antenna as the mounting structure. This will require the antenna to be more rigid
than would otherwise be the case, but this is not perceived to be a problem. The
most difficult aspect of this configuration will be the thermal control of the spacecraft.

Figure 9-1 shows a conceptual view of the spacecraft.

Lens Antenna-Based Spacecraft

Unlike parabolic reflectors, lens systems are very uncommon in spacecraft design.
Because the front and back of the lens must be free of obstruction, the only surface

available to mount the spacecraft electronics is the edge of the lens. Thus the space-
{
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Feed Horn
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Figure 9-2: Conceptual drawing of a lens based spacecraft

craft configuration envisaged is that of a ring, with the centre of the ring being the
lens antenna. The electronics boxes are then mounted on the outside of the ring.

Figure 9-2 shows a conceptual view of the spacecraft.

Preferred Spacecraft Concept

At the current level of understanding of the spacecraft it is not possible to make
a choice between the two proposed alternatives. Therefore no decision will be made

until further analysis of the concepts and the spacecraft as a whole have been achieved.
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9.3 Functional Analysis

In designing a spacecraft it is necessary to consider the following functions:

e Power

e Attitude and Orbit Control

e Guidance, Navigation, and Control
e Command and Data Management
e Launch System

e Propulsion

e Communications

e Support Structure

e Thermal Control

e Configuration

9.4 Initial Design Budget Apportionment

The following budgets need to be established in order to develop the initial subsystem

specifications:

1. Mass
2. Power

3. Pointing
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Budget Margin
%
Mass 10
Power 20
Pointing 10
Propellant 25
Reliability 0
Cost 20
Communications | 3 dB

Table 9.1: Chosen System Margin Values
4. Propellant
5. Reliability

6. Cost

Before initial budget apportionment can be made the policy on the allocation of

margin must be established!.

9.4.1 Margin Allocation

The first stage in apportioning the available budgets is to establish the appropriate
margin policy, and the levels of margin associated with each of the budgets.

The chosen margins are summarised in table 9.1.

1The concept of margin allocation and holding is not addressed in the NASA handbook
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Margin Policy

The policy can be to either hold the margin at subsystem level or at systems level.
For the current work both are equally suitable and as long as the policy is consistent
then the outcome is the same. However for a real design it is preferred to keep the
margin at systems level to better control its erosion.

The policy for this work will be to keep the margin at the systems level.

Mass Margin

For this preliminary stage of the work a margin of 10% will be used.

Power Margin

The typical power margin for a spacecraft is between 5 and 25%. It is proposed to
use a value of 20%, as the power is not well understood, and because the designs used

will have little maturity due to the drive to keep the mass down.

Pointing Margin

A pointing margin of 10% has been assumed. Though it would be desirable to have a
larger margin, because the spacecraft has very tight pointing requirements the margin

must also be kept small.

Propellant Margin

The propellant margin is normally between 10 and 25%. The number chosen for
this work is 25% because of the preliminary nature of the analysis of the disturbance

torques.
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Reliability Margin

Because reliability is not the main mission driver, the reliability of the spacecraft will
be considered an outcome of the design rather than a input. Zero margin has been

assigned.

Cost Margin

A cost margin of 20% has been assumed. This figure is probably low, given the

uncertain and haphazard nature of the costing process.

Communications

The communications link budget margin is required to be at least 3 dB. This is the

normal value at this level of the design.

9.4.2 Mass Budget

There are two ways in which it is possible to apportion the various budgets:

e Total spacecraft mass basis

e Apportionment by reference.

Given that the required AV is known, and the maximum available thrust is also
defined, then it is possible to calculate the allowable mass for the spacecraft. From
this figure the “known” mass of the instruments can be subtracted and then the initial
apportionment can be done based on standard spacecraft ratios.

The alternative technique is to take as a basis the mass of the instruments, and
then scale this figure, using figures for the standard spacecraft ratios. The problem

with this approach is that the instrument systems that will be used on the PFF are far
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Subsystem Wertz [46] | Mass
% (ke)
Payload 15 6
Thermal Control 2 0.8
Structure 8 3.2
Integration Margin 2 0.8
Other Subsystems 73 29.2
Total 100 40

Table 9.2: Possible Initial Spacecraft Mass Apportionment

smaller and lighter than equivalent spacecraft instruments in use today. This would
not be a problem if equivalent miniaturisation had occurred in the other subsystems
of the spacecraft.

Wertz and Larson [46, Table 10-10] suggest the ratios given in Table 9.2. They
suggest that the payload should be between 15-50% of the dry mass of the spacecratft.
Because of the miniaturisation issues a payload fraction of 15% has been assumed.

In his book on spacecraft design, Agrawal[l, page 44] suggests the following rela-

tionships:

Mpe = (0.0140.0115vVY)Msc
Msr = 0.087Mgp
My = 0.032Msc
Mac = 31+0.027(Msc — 700)
Mg = 0.039Msc
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My = 0.014Msc

where Mpge = reaction control system mass
Msc = beginning of life spacecraft mass.
Y = spacecraft life time in years
Msp = spacecraft wet mass
My = mass of the thermal control system
M 4c = mass attitude control system
Mjs = mechanical integration

Mg = electrical integration

Using these relationships approximate percentages can be calculated, assuming
that the communications and electrical power subsystems account for any unac-
counted mass percentages. While these relationships are actually for a geostationary
spacecraft, they are useful references for the PFF design. Typical spacecraft mass per-
centages are also available from the OACT [16] and the Air Force’s Phillips Labs[7].
The suggested figures are shown Table 9.3. The guidance and control allocation has
been assigned to the AOCS subsystem. Guidance and navigation for small satellites
is normally ground based or subsumed into other systems.

These numbers suggest the masses shown in Table 9.4. There is a reasonably large
discrepancy between these figures. Table 9.5 represents a blend of these numbers, and

are the numbers used in the subsequent design activities.

9.4.3 Power

As with the mass breakdown, the normal technique for estimating the power require-
ments of the spacecraft is to use the power requirements of the payload. The baselined

power requirement for the instruments when active is 6 W [35]. Table 9.6 shows the
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Subsystem Phillips Labs | OACT | Agrawal
% % %
Payload 27.5 26 10
Propulsion 4.3 10 4.6
GN&C 0 0 0
AOCS 6.6 13 229
Communications 5.4 4 21.8
C&DH 0 5 1.7
Thermal Control 3.9 2 3.2
Electrical Power 30 23 21.8
Structure 22.3 17 8.7
Integration 0 0 5.3
Total 100 100 100

Table 9.3:

Suggested Mass Breakdown Percentages from Selected Sources
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Subsystem Phillips Lab OACT Agrawal
Instrument | Target | Instrument | Target | Target
Based Based Based Based | Based
(kg) (kg) (ke) (kg) (ke)
Payload 6.0 16.5 6.0 15.6 6
Propulsion 0.9 2.6 2.31 6 2.8
GN&C 0.0 0.0 0.0 0.0 0.0
AOCS 1.4 4.0 3.0 7.8 13.7
Communications 1.2 3.2 0.92 24 13.1
C&DH 0.0 0.0 1.15 3 1.02
Thermal Control 0.9 2.3 0.46 1.2 1.9
Electrical Power 6.6 18 3.92 10.2 13.1
Structure 4.9 13.4 3.92 10.2 5.2
Integration 0 0 0 0 3.2
Total 21.8 60 23.08 60 60

Table 9.4: Suggested Initial Mass Budget According to Selected Sources
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Subsystem Proposed | Comment
Value
(kg)
Payload 6.0 Project baseline
Propulsion 3 Dry mass
GN&C 0.0
AOCS 7.8
Communications 6
C&DH 0.0
AOCS 3
Thermal Control 2 Passive system
Electrical Power 13
Structure 10
Integration 4 5%
Margin 5.5 10 %
Total 60.3

Table 9.5: Proposed Initial Mass Budget
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Subsystem OACT | Wertz
% %
Payload 50 40
Propulsion 1 0
GN&C 0 0
AOCS 7 15
Communications 12 15
C&DH 15 5
Thermal Control 5 5
Electrical Power 10 30
Structure 0 0
Total 100 100

Table 9.6: Literature-suggested Power Breakdown Percentages

power budget relational percentages from the OACT and Wertz et al [16, 46]. If for
comparison we assume that the total spacecraft will require 60 W, then the derived
power breakdowns are shown in Table 9.7.

In practice none of the suggested budgets are solely suitable, and thus a selection
of the suggested values must be made. Table 9.8 shows the modified values that are

suggested.

9.4.4 Pointing

The spacecraft needs to point both the antenna and the science instruments. With
their shorter wavelengths and higher resolution, the science instruments dominate the

spacecraft’s pointing requirements. The required pointing accuracy of the instruments
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Subsystem OACT Wertz
Instrument | Target | Instrument | Target
Based Based Based Based
(W) (W) (W) (W)
Payload 6.0 30 6 24
Propulsion 0.12 0.6 0.0 0.0
GN&C 0.0 0.0 0.0 0.0
AOCS 0.84 4.2 2.25 9
Communications 1.44 7.2 0.75 3
C&DH 1.8 9 0.75 3
Thermal Control 0.6 3 0.75 3
Electrical Power 1.2 6 4.5 18
Structure 0.0 0.0 0.0 0.0
Total 12 60 15 60

Table 9.7: Suggested Initial Power Budget from Selected Sources
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Subsystem Proposed | Comment

Value

(W)
Payload 6.0 Project baseline
Propulsion 0 No AV at Pluto
GN&C 0.0
AOCS 9
Communications 7.2 1 W Tx requires 3 W alone
C&DH 9
Thermal Control 0 Passive system
Electrical Power 7.8 80 % efficient
Structure 0
Margin 7.8 20 %
Total 46.8

Table 9.8: Proposed Initial Power Budget
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Error | Comment

prad

Pointing accuracy 7 estimate

Alignment error 1 estimate
Ephemeris error 1 estimate
Margin 0.9 | (10 %)
Total 9.9

Table 9.9: Initial Pointing Requirement Apportionment

is 10urad [36)].

The pointing budget can be broken down into three contributions:

e Pointing accuracy
e Alignment accuracy

e Ephemeris error

The pointing accuracy is the closed-loop ability of the spacecraft to point in a
selected direction. Alignment relates the difference between where the spacecraft
thinks it is pointing and where it actually is pointing. Such errors are caused by
differences between the alignment of the instruments being pointed and the sensors
measuring the direction pointed. Ephemeris error deals with the uncertainty in the
direction in which to point the instruments to image Pluto, relative to the spacecraft.
Table 9.9 gives the initial breakdown of pointing requirements.

A secondary number that must be calculated is the required rate of change of

pointing. If we assume that the design driver for this is the ability to track Pluto
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during the flyby, then by considering the motion of Pluto relative to the spacecraft

we can write:

%:tan@

where d is the flyby altitude, z is the position offset, and 6 is the view angle.

Differentiating this we arrive at:

dr 1l 5 ,d0
e sec GEt-

where % is the flyby velocity, and ‘fi—‘: is the required roll rate. The target flyby

altitude is 15,000 km with a velocity of 18 km/s [44]. This equates to a required roll
rate of 0.069 deg/s. An initial rate requirement should be set at 0.1 deg/sec.

9.4.5 Propellant Budget

The spacecraft’s propulsion system must provide a AV for two main activities, mo-
mentum dumping and mid-course guidance maneuvers. The latter are small trim
maneuvers performed by the spacecraft to remove any initial AV vector errors from

the boost vehicle.

Momentum Dumping

The possible disturbance torques on a spacecraft can be summarised as:
1. Aerodynamic
2. Gravity gradient
3. Magnetic

4. Solar radiation pressure
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For the Pluto fast flyby the only significant force is the solar radiation pressure.
However if the spacecraft is re-routed via Jupiter then magnetic disturbance effects
must also be considered. The disturbance torque due to solar radiation pressure can

be calculated from [46, page 275).

Psy = F,(2 — ay)cosi

PSP = Fsas sint
T, = A(L xPy)
F, — 4.644;210_6

F, = Solar flux

a, = Surface absorptivity

i = Angle of illumination

A = Area illuminated

T, = Vector torque

R = Range from the sun in AU

L = Distance between centre of solar pressure and C of G

Psy and Psp are the components of the solar radiation pressure normal to and in
the plane of the illuminated surface.

Because the orbit of the spacecraft has not yet been fully defined, a minimum
impulse trajectory, or worst case, can be assumed. In such a trajectory, the spacecraft
will spend more time close to the sun than any of the other direct flight orbits to Pluto,
and thus the calculated disturbance torques will be higher than those experienced by
the spacecraft. The worst case disturbance torque will therefore be calculated.

Appendix C shows the Mathematica notebook used to calculate the solar radiation

torque on the spacecraft.
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Figure 9-3: Solar Radiation-induced Torques.

The disturbance torque as a function of time is shown in figure 9-3. The oscillatory
part will be handled by the AOCS and only the constant part is of consequence for
calculating the AV required. Figure 9-4 shows the torque bias after passing the torque
data through a low pass filter. Integrating this function over the flight time of the
spacecraft gives an angular-momentum dumping requirement of 1.6 Nms. This figure
could be further broken down to compute the required AV. However since the I, is
unknown currently (because the thrusters and propellant have not been chosen) the

required angular momentum change will be used.

Mid-course Correction Burn

A preliminary requirement to provide a AV of 400 m/s has been baselined [35).

9.4.6 Reliability

In designing a mission to be “quicker, faster, cheaper”, one of the key areas that is
traded-off is the reliability of the spacecraft. The question of what an acceptable

reliability is then arises.
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Figure 9-4: DC Solar Radiation-induced Torques.

Because the primary goal is to build a small, light, cheap spacecraft, rather than
a conventionally-designed spacecraft, the question to ask at this level of design is
what the cost of reliability is . However it is useful to establish an idea of what an
acceptable reliability figure would be. For the current work a figure of 0.8 at end of
life has been chosen. This is in line with that of a typical scientific satellite (0.81 for

HEAO-B [46, page 290]).

9.4.7 Cost

The total target cost for the PFF mission is $400 million including launch [2]. The
initial cost apportionment is done on an approximately pro rata basis except for
the launch vehicle. Table 9.10 shows the provisional design and construction cost

requirements?.

21t should be noted that most text books on the subject of spacecraft design do not include cost
as a design requirement. This is included to be in keeping with its growing importance and the spirit

of the first chapter of the NASA handbook [31].
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Subsystem Cost | Comment

(3 M)
Payload 0 from separate budget
Propulsion 25
GN&C 0.0 | assumed ground based
AOCS 25

Communications 25

C&DH 25
Thermal Control 5

Electrical Power 25

Structure 25

Integration )

Margin 32 | (20 %)

Launcher 200 | Titan 4 with 2 Star Motors
Total 392

Table 9.10: Initial Subsystem Cost Apportionment
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9.5 Power Subsystem

9.5.1 Requirements

The primary inputs into the power subsystem requirements come from the estimated
power required by the other subsystems as shown in the power budget in table 9.8.
The other constraints on the system are in terms of the mission-duration, orbit and

required lifetime as set out in chapter 7.

9.5.2 Power Subsystem Concepts
There are basically 5 ways of generating electrical power for a spacecraft:
e Solar arrays
e Radio-Isotope thermal generators (RTG)
e Batteries
e Fuel cells

e Magnetic field line generator

Of these we can rule out the use of a magnetic field line generator due to the lack
of a suitable strong magnetic field in deep space. This concept is also only in the

experimental stage®.

9.5.3 Measurement Characteristics

The quantity that is of most interest in the selection of the power subsystem design

is that of the mass of the subsystem. However, an additional interest is how this

3The technique is that used by the Italian tethered satellite system.
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quantity changes as the flight time to Pluto changes. The latter is important because
the mission profile is not well defined. Thus it would be preferable if the extension of
the mission duration only had a small impact on the design of the spacecraft, and in

particular the power supply subsystem.

9.5.4 Concept Selection Criteria

The primary selection criteria is to choose for the minimum mass, for all mission
durations between 6 and 30 years. The nominal mission duration is 8 years. Therefore
the preferred solution will be one which provides the minimum mass and the minimum

mass delta for each additional year.

9.5.5 Solar Arrays

Solar Arrays are the normal generation sources for Earth orbiting satellites and space-
craft operating within the orbit of Mars. Thus, for example, Magellan uses solar arrays

as its primary power source.

Array Mass

The typical conversion efficiencies of Silicon Solar Arrays are 14% with a performance
degradation of 3.75% per year. The figures for Gallium Arsenide (GaAs) are 18% and
2.75% per year, respectively. Thus, after a 10 year flight time a GaAs solar array
would be only 13.6% efficient. If we assume a % loss for the available solar radiation
and given that the available energy is 1369 W/m? at the Earth’s orbital range, then
the available energy from Solar radiation at Pluto is 1.5 W/m?. Thus to generate the

required 46.8 W a 229 m? GaAs solar array would be required?.

4This assumes that the total surface area of the array is used to collect the light, and that this

surface is not required for wiring, structural purposes or thermal control.
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The array mass is approximately 3.8 kg/m? [13, page 254]. the solar array would
thus weigh 14 times the desired spacecraft mass.

To a first order estimate the mass of the array will not change with a change in
the mission duration. This approximation is made due to the uncertainpy in how the
changes in illumination, particularly at UV wavelengths, will effect the cell degrada-

tion.

Array Cost

The cost of a solar array can be estimated as 18 $ K/m? [15].

9.5.6 Radio-Isotope Thermal Generator

RTGs are the standard power system used for deep space missions outside the orbit
of Mars. These have been used on the Voyager series, Gallileo and Mariner spacecraft

among others.

Reactor Mass

The peak power required by the spacecraft will be at Pluto flyby during the radio
occultation experiment, if we assume that all instruments are active during this phase.
Then the peak power requirement is 46.8 W. The generating power of various RTG
materials is shown in table 9.11 [15, page 414].

The conversion efficiencies for a thermoelectric converter are typically between 5
and 8% [46, Page 393]. Thus we can calculate the required thermal mass for each
type of material for different mission durations given that the thermal output of a

particular material is governed by an exponential decay®. The initial mass of fuel

5This ignores the possibility of the material being converted into a second radioactive material

which in turn decays and adds to the heat production
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Type Half-Life | Watts/gm | $/Watts
(Thermal) | (Thermal)

Po 210 0.378 141 570

Pu 238 86.8 0.95 3000

Ce 144 0.781 25 15

Sr 90 28.0 0.93 250

Cm 242 0.445 120 495

Table 9.11: RTG Material Properties

required can be calculated from the half life by:

tin2
Mo = (ﬂ> X e t%

Where ¢ is the mission duration, T} is the required thermal output of the RTG at

the end of the mission, Ty, is the thermal output per kilogram of material and ¢ 1 is
the half-life of the material. If we assume that the convertor is 7% efficient at EOL
then table 9.12 shows the initial mass of each fuel type required for different mission
durations.

The Galileo RTG generates 298 W +/- 10% at the BOL and is based on Pu
238 material. Thus the reactor must have a thermal output of 4.68 x 103 W. This
requires 8.5 kg of fuel. The mass of the reactor is 56 kg. Therefore we can assume
that the casing factor is approximately 6.6. Therefore the Pluto Fast Flyby reactor
should weigh approximately 9.9 kg. An upper bound on the mass can be computed
by assuming that the reactors beginning of life efficiency is 11% [15, page 414]. This
equates to a reactor mass of 15.5 kg. Wertz and Larson [46] suggest a value of 8 W /kg

for the RT'G mass estimation process. This equates to a mass of 5.85 kg for the whole
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Type 10 Years | 15 Years | 20 Years | 25 Years | 30 Years
Po 210 | 436 x 10°

Pu 238 1.32 1.37 1.43 1.48 1.55
Ce 144 191

Sr 90 0.92 1.04 1.18 1.33 1.51
Cm 242 | 32 x 103

119

Table 9.12: Required Fuel Mass for Pluto RTG

Type | Cost
$K

Pu 238 | 2540

Sr 90 351

Table 9.13: Costs of the RT'G Material to supply 46.8 W

reactor. The reactor will be assumed to weigh 10 kg. This being approximately the

median value of the three figures.

Reactor Cost

Wertz et al [46] suggest a figure of 16 to 18 K$/W, which equates to a cost of § 840
thousand for the reactor alone. Using the required material masses from Table 9.11
the cost of the radioactive material alone are shown in Table 9.13.

The base cost of an RTG suitable for supporting the PFF mission is therefore
assumed to be $ 0.84 Million.
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9.5.7 DBatteries

Batteries are normally considered as secondary sources of power for spacecraft, in
that they are used when the primary source is temporarily unavailable. They are then
recharged from the primary source when it is again available. However, a number of
examples do exist of spacecraft which rely exclusively on battery power, such as the

Galileo atmospheric probe, and all launch vehicles.

Spacecraft Power Requirement

To size the batteries for a spacecraft it is necessary to calculate the total energy
required by the spacecraft. To carry out this estimation it is necessary to decide
which units are active during each phase of the mission and hence how much power
will be required by each phase.

During the mid-course corrections it will be necessary to supply power to the

following subsystems:
e Propulsion
e Communications

Guidance Navigation and Control

Command and Data Management System

Attitude and Orbit Control Subsystem Design
e Power Subsystem

Thermal Control

Thus during a mid-course maneuver the spacecraft will need 40 W of power,

though this could be reduced by powering down the communications subsystem.
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However given the loss of the Mars Observer while conducting an orbital maneu-
ver without its communications system enabled, this is an unappealing prospect. For
convenience let us assume that each mid-course guidance event requires 10 hours.
Thus the battery must provide 400 Wh of power per mid-course correction.

For orbit determination purposes the spacecraft must power up for 5 hours once
a month during the cruise phase. During this period the spacecraft must act as an
active target, and thus the communications, AOCS and command subsystems must
be active. The instruments will remain dormant apart from a short period of say 30
minutes apiece to allow for a full check-out and relay of their status to the ground.
Thus the craft will need 193.5 Wh per check-out or 2,322 Wh per year of flight.

During the cruise period, when the spacecraft is not active, a timer must be run.
If we assume that a suitable redundant timer would require 100 mW, then the timer
would require approximately 877 Wh of power per year.

To calculate the amount of power to downlink the images taken of Pluto it is
necessary to make some preliminary assumptions. First let us assume that the com-
munications subsystem can support a downlink rate of 1000 bits per second. The
instrument system consists of a 1000 x 1000 pixel array. Each pixel being quantized
to 8 bits. Therefore, each image generates 24 x 10° bits of data. Furthermore, if we
assume a 3:1 compression ratio, the total data to be downlinked is 8 x 10% bits per
image. It will therefore take the system 2.2 hours to down link a single full resolution
image. Let us assume that the baseline science return calls for a total of a 1000 images
of Pluto and Charon to be generated. Thus to downlink the data will require 84 kWh
of power.

The trade-off between power used and data rate is a complex one, (as noted in
[39]) in that the power used in the transmitter is interchangeable with the time the

transmitter is powered for®.

6t is worth pointing out that the OSC design would generate the equivalent of only 20 frames
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The variation in the total required power with time stems from the requirement
to point the spacecraft and power the command and data management systems while
data is being downlinked to the ground. The latter is approximately linearly propor-
tional to the amount of time the transmitter is active. Thus the required power level
can be reduced to 16.0 kWh if the rate of the downlink is increased to 2.2 Mbits/sec
(the spacecraft would then only require 1 hour to transmit all the science data).

If an allowance of 5 hours for imaging-time is made, then an additional 210 Wh
is required to generate the data.

Thus the estimated total power requirement for a 8 year mission is therefore

43 kWh.

Battery Selection

The batteries available to act as primary system batteries are shown in table 9.14.
Thus a battery mass of at least 97 kg is required to support the mission. If only the
Flyby and Post-fly activities are supported from the battery then 37 kg of battery
mass are required. To reduce this to the level of the target 13 kg for the power
subsystem would require that the data compression ratio be increased to 9:1 or the

science return reduced. The delta in the mass for an extended mission is 6.8 kg/year.

9.5.8 Fuel Cells

A fuel cell chemically reacts hydrogen and oxygen together to form water. As a
rule of thumb a fuel cell can generate 1.1 kWh/lb [15]. This is equivalent to 2.4
kWh/kg. Thus to support just the imaging and downlink would require a mass of 6.7
kg. To support the whole mission would require 15 kg. The change in mass for each

additional year of the mission is therefore 1.25 kg/year.

(39]
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Type Wh/kg
Silver Zinc 130
Nickel Cadmium 30
Nickel Hydride 45
Lithium Thionyl Chloride | 440
Lithium Sulfur Dioxide 350
Lithium Monofloride 350
Sodium Sulfur 210
Thermal 200

Table 9.14: Battery Properties

One argument against the use of fuel cells that is not brought out in this discussion
is that current uses of fuel cells are short-term lasting normally less than a month.
The problem with their use in the PFF craft that would have to be tackled is the
leakage rate of the fuel, in particular hydrogen, and the provision of suitable spare

fuel.

9.5.9 Fuel Cells Plus a Solar Array

The spacecraft requires 3 kWh of power for every year of the mission. This constitutes
an excess of 50% of the power required to operate the spacecraft for its whole mission.
The actual demand for power is actually quite low, being of the order of 350 mW.
Therefore one possibility is to use a solar array to generate this power, and then sup-
plement it with power from the batteries for the data collection and downlink phase

of the mission. The spacecraft would require some additional rechargable battery ca-
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pacity to store the power required for the orbital navigation activities. Using Nickel
Hydride batteries, 4.3 kg of additional battery mass would be required. The power
for these batteries is already included in the solar array generating requirement. This
type of system would require an array area of approximately 0.5 m?. The total mass
of such a system would be 13.0 kg. The change in mass for an extended flight time
can be assumed to be zero.

To keep the solar array pointed at the sun while the timer is the only active system

of the spacecraft will require that the spacecraft be spin-stabilised.

9.5.10 Batteries Plus a Solar Array

As with the possibility of utilising the fuel cells with a solar array, so the battery
system could be operated with a solar array for the cruise phase of the mission. This

would result in a subsystem mass of 43.2 kg.

9.5.11 Primary Power Supply Selection

The selection data for the four alternative sources of primary power supply is sum-
marised in Table 9.15. The preferred design is therefore obviously the RTG as this
has the lowest mass and a zero delta for a longer mission, though this will require
the electronics located close to the power supply to have some additional radiation

protection.

9.5.12 Power Regulation

There are two primary ways in which the electrical power system can condition the

bus voltage:

e Peak Power Tracking (PPT)



9.5. POWER SUBSYSTEM

Mass | AMass | Comment
kg | kg/year

Solar Array | 870 0 Large area
RTG 10 0 Handling problems
Batteries 97
Fuel Cell 15 1 Fuel containment problems
Fuel Cell
and Array 13.0 0 Fuel containment problems
Batteries
and Array 43.2 0.0

Table 9.15: Alternative Primary Power Supply Characteristics

e Direct Energy Transfer (DET)
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Peak Power Tracking is normally utilised by varying the operating characteristics

of the solar array such that the conversion efficiency of the solar cells changes and

thus the power generated varies. The final bus voltage is achieved by using a DC to

DC convertor. The problem with this design is that the RTG can be viewed as a

constant current source, and as such there is no efficiency curve for the PPT to track

along.

The Direct Energy Transfer regulator is much simpler in that it merely shunts

the unwanted power to a set of resistors and dissipates the power in that manner.

This has the advantage that it is much simpler and more efficient than the PPT, thus

this is the preferred design for the probe. The shunt resistors will be connected to a

radiator to dissipate the thermal energy generated.
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The shunt regulator and control electronics typically have a mass to power ratio
of 9 g/W [1, page 373]. Therefore an allocation of 0.5 kg is proposed for the power

control electronics.

9.5.13 Power Distribution

With a small spacecraft of this size there is little design activity for the power distri-
bution system. Standard practice is to use a 28 V DC bus, and this is the proposed
system for the PFF craft. Because of the simple power regulation system used and
the RTG it will be possible to implement a ”fully” regulated bus. This will simplify
the design of the equipment’s electrical interfaces. However, the specification of the
peak to peak ripple on the voltage may be higher than on other spacecraft to ensure

that the regulator is kept as simple as possible.

9.5.14 Equipment Power Control and Fusing

The switching on and off and fusing of the equipment can be done by either the power
subsystem or the equipment itself. This is a subtle architectural question. However,
in order to follow the principle of keeping the design simple, with particular reference
to the interfaces, it will be assumed that both of these are the responsibility of the

equipment.

9.5.15 Power Harness

A standard dual bus system is proposed for redundancy, along with the use of body
ground. However the latter is considered TBC. The final choice of grounding is to be
made at a later and more detailed stage in the power subsystem design.

The power harness cable will only be required to carry at a maximum 2 Amps.
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Thus the cable is likely to be of the order of 0.05 kg/m.

If we assume that the harness must reach around the spacecraft, using the lens-
based configuration for convenience, the circumference of the spacecraft yields a length
of 9.5 m. If we use a figure of 10 m to account for spur lines etc, then the mass of

the harness will be 2 kg.

9.5.16 Pyrotechnical Devices

Pyrotechnical devices will be required by the spacecraft for, among others, separation
of the spacecraft from the booster, and possibly to release any covers that protect
the instruments during launch. Pyrotechnical devices require large currents to fire
and thus specialised circuits are required to fire them. These eurrents are normally
sourced from either batteries or capacitors. For the PFF it is proposed to provide a
set of capacitors as part of the pyro firing mechanism. This has the advantage that
they can be recharged and fired again if necessary. The capacitors should be charged
as one of the last acts on the spacecraft just prior to launch. Because the RTG will
be connected at that point in time there should be power available, given that the
only subsystem that needs to be active is the CDMS. A nominal 0.5 kg is allocated
to the pyro firing subsystem.

9.5.17 Risk

The power subsystem uses well-established technology and therefore is considered to
have very little technical risk. The only possible source of technical risk is considered

to come from the requirement for a RT'G of the appropriate size.
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9.5.18 Cost

Using the cost model presented in Wertz et al [46] the cost of designing and developing

the subsystem can be estimated from the following relationship:

COStyeve; = 6894 + 0.14X %%

and building the flight model of the power subsystem can be estimated as:

COStbuild = 183X0'29

Where X is the product of the power subsystem mass and the BOL power require-
ment. Because the PFF will utilise an RTG for which these figures are not designed,
the mass used in the build cost will be that of the support equipment. The mass of
the reactor, calculated earlier, will then be added in. To allow for the development
cost the mass of the reactor will be included in the development costs. However,
because the reactor is based on the use of radioactive materials with their inherent
safety issues, a factor of 1.3 times the base value has been included. This results in

an estimated cost for the power subsystem of $ 7.99 Million.

9.5.19 Subsystem Characteristics

The main power subsystem characteristics are summarised in table 9.16.

9.6 Attitude and Orbit Control Subsystem

9.6.1 Introduction

The AOCS subsystem is responsible for attitude sensing and maintenance. That is,

it is responsible for ensuring that the spacecraft is pointed in the required direction,
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Item
Power Source RTG
Electrical Output 46.8 W

Source Mass 10 kg

Power Control Shunt Regulated
Power Control Mass 0.5 kg

Harness Mass 2 kg

Pyro System Capacitive system
Pyro System Mass 0.5 kg

Total Mass 13 kg

Cost $ 799 M

Table 9.16: Power Subsystem Characteristics

and for changing that pointing direction to another direction upon command from
the main computer. Part of this task is also target-tracking, though the AOCS is not

expected to sense the target - merely to provide pre-computed tracking rates.

The orbit-control function of the AOCS subsystem element is considered to be a
function of the propulsion system on the PFF. This change in the normal functional
allocation is because the only orbit-maintenance carried out by the PFF is a series
of mid-course correction burns. The required thrust levels and directions will be
computed on the ground. The only role the AOCS plays in the mid-course guidance
maneuvers is to ensure that the spacecraft is pointing in the correct direction for the

burn to be executed.

The AOCS on the PFF spacecraft is assumed to take control once the spacecraft

is released from its booster.
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9.6.2 Pointing Requirements
Steady State Pointing Accuracy

The spacecraft is required to point the instruments to an accuracy of 10 urad. How-
ever, because of allowances for system level errors, the AOCS must be designed to
achieve an accuracy of 7.0 urad (see the pointing budget in section 9.4.4). During
the cruise phase of the mission, when the instruments are inactive, this requirement
can be relaxed if necessary. The secondary limit on pointing accuracy is set by the
communications antenna pointing requirements. The antenna beam-width is approx-
imately 0.4 degrees, suggesting a pointing requirement during cruise phase of better

than 0.1 degrees.

Spacecraft Moment of Inertia

Just as an estimate of the mass of the spacecraft is required for velocity calculations,
so for rotational effects, the moment of inertia of the spacecraft is required. For
simplicity the model chosen for the PFF spacecraft is that of a thick disk. The
model therefore approximates the lens-based design of the spacecraft with reasonable
accuracy. The assumed dimensions are a radius of 1.5 m and a thickness of 0.5 m.

This gives the following moments of inertia:

I.=678 kgm2

I, = 35.2kgm?

where I.. is the axis at right angles to the face of the disk, and I,, is an axis

parallel to the face of the disk.
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Disturbance Torque Cancellation

The spacecraft is subjected to disturbance torques which will cause the spacecraft
to spin. The AOCS subsystem is responsible for cancelling out these disturbance
torques. The main source of disturbance for the PFF spacecraft is solar radiation
pressure acting on the spacecraft. The maximum torque occurs when the spacecraft
is close to the earth. The applied torque is proportional to the angle between the
sun and the Earth, which has a maximum value of approximately 1.5 deg. Thus the
peak torque is approximately 1 x 1078 Nm. The total momentum imparted on the

spacecraft over its lifetime by the solar radiation is 11.8 Nms.

Pointing Rates

The AOCS subsystem is responsible for repointing the spacecraft relative to inertial

space. The PFF spacecraft requires repointing for the following activities:

e Communications antenna repointing
e Instrument repointing
e Mid-course guidance maneuvers

e Target tracking, or relative motion compensation

Communications Antenna Repointing

The Earth has a circular velocity of 27 Au/year; therefore when the spacecraft is
1 Au from the Earth then the relative maximum rotation rate the spacecraft must
have is 200 x 1079 rad/sec. It is necessary to speed up to this velocity twice a year.
The acceleration to obtain this velocity is negligible. The momentum generated by

a rotation rate of 200 x 10~° rad/sec is 7 x 107® Nms. Thus for a 8 year mission
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112 x 107® Nms of momentum will be required if the momentum cannot be stored.
This is a relatively small torque requirement and will therefore be ignored in future

calculations.

Instrument Repointing

At closest approach the spacecraft provides the best image resolution. Therefore the
science team will desire to maximize the number of images of Pluto taken at closest
approach. The (maximum) number derives from that required to generate a full disk
of the planet.

The imaging time of the instruments can be divided into two phases. The first is
the data capture phase. The second is the read phase when the data generated by the
instrument is read by the onboard computer. The instrument during the read phase
is not imaging the planet. Therefore to maximise the imaging, the spacecraft should
be able to repoint during the read phase ready to take the next image. If we assume
that the planet is taken as a series of strips, then the spacecraft must be capable of
changing attitude by 0.01 degrees during the 2 seconds of the read phase.

The angular position as a function of time due to a torque on the spacecraft is

given by:

where @ is the angular position, and T is the applied torque. Therefore assuming
that the spacecraft is accelerated for 1 second and then decelerated for 1 second, to
bring the spacecraft to rest at the end of the 2 second period, then the spacecraft
control system must be capable of generating a torque of at least 0.68 Nm. However
a system capable of generating at least 0.8 Nm is suggested to provide some margin

for controlling the system.
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Mf

Figure 9-5: Pluto flyby view angle

Let us assume that 500 such repointings per axis are required. Thus the reaction
control system requires a capability of generating a total of 680 Nms of momentum,

for spacecraft repointing.

Mid-Course Guidance Maneuvers

The attitude changes required by the mid-course guidance maneuvers are considered
to be a subset of the instrument repointing activities, and as such generate no re-
quirements of their own. The repositioning will require a total momentum of 13.6

Nms.

Camera Motion Compensation Requirement

The turn rate required by the imaging system to maintain the cameras focused on
one spot is constrained by the flyby speed and flyby altitude. With a 15,000 km flyby
altitude and 18 km/s velocity, the resulting relative motion of Pluto is 0.064 deg/sec.

To compute the required torque level to track the target the view angle of the
target as a function of time must first be calculated. Let us firstly define t to be zero
when the spacecraft is at closest approach. Let us further define 6 such that it is zero

at closest approach. See figure 9-5. 6 is therefore given by:
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Vit
tanf = ﬁf (91)

Where V is the flyby velocity” and M is the distance of closest approach to Pluto.
Note that the maximum relative velocity of Pluto is 0.064 deg/sec. To compute the

angular acceleration equation 9.1 is differentiated twice:

sec? 98 = -‘—/—-
f
b V cos? 0
My
b= _2Vc08931n09-
My
.. 2 3 1
b _2V cos® @sinf

Mj
To find the maximum required acceleration we differentiate and set %’ =0:
d*0  VZcos?fsin’6, _VZcos'f,

w0 Tt f

4%  [(VZcos?f 0 o
7o = (——M—fi——B) <6cos 6 — 2sin 0)

% = 0 when 6 = 7/6 rad. Thus the maximum rate of angular acceleration

required is 46 x 10~% deg/sec?. This is much smaller than the other requirements and

thus can be safely ignored.

"Note that because of the low gravitational mass of Pluto we can assume that the spacecraft

travels in a straight line at a constant velocity as a first approximation
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9.6.3 Spacecraft Platform Stabilisation

The spacecraft stabilisation is responsible for maintaining the desired pointing atti-

tude of the spacecraft. There are three basic spacecraft stabilisation concepts:

1. Spin stabilisation
2. Momentum biasing

3. 3-Axis stabilisation.

Other techniques such as gravity-gradient and magnetic-gradient stabilisation are
possible; however, these techniques can be ignored for the current discussion because
of the lack of either a suitable gravity field or magnetic field for most of the spacecraft’s

cruise phase.

Spin Stabilisation

In spin stabilisation the spacecraft is spun about its main axis. This introduces a
gyroscopic stiffness to the spacecraft, and thus any moments applied to the spacecraft
are translated into a nutation of the spin vector. The key problem with this type of
design is that the instrument would either have to be mounted on a separate despun
platform or one must use the spin motion to scan the target. The typical accuracy of

a spin stabilisation system is 0.1 deg or 2 mrad.

Momentum Biasing

Momentum biasing the spacecraft is similar to spin stabilisation except that rather
than spinning the spacecraft, a momentum wheel is placed on the spacecraft. It is
spun up to a high speed to achieve a similar momentum to that of the spin-stabilised

spacecraft. Again the typical pointing accuracy of the spacecraft is 0.1 degrees.
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3-Axis Stabilisation

In 3-axis stabilisation the induced forces on the spacecraft that must be opposed are
counteracted by the use of either reaction wheels, which store the induced torque, or
by thrusters, which generate opposing torques. Pointing accuracies of up to 0.001 deg

or 17urad can be achieved using a 3-axis system.

Stabilisation Selection

The only design that can achieve the desired stabilisation accuracy is the 3-axis design

and thus this is the preferred option.

9.6.4 Actuator Selection
Introduction

For the PFF mission we can basically consider three types of AOCS actuators:
e Control Moment Gyros

e Reaction Wheels

e Thrusters

Control Moment Gyros

A control moment gyro can exert between 25 and 500 Nm of torque, which is far
in excess of that required by the PFF spacecraft for its repointing activities. In
addition, given that each unit weighs more than 40 kg, we can conclude that these

are not suitable for the PFF.
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Reaction Wheels

Reaction wheels can typically generate torques of 0.01 to 1 Nm. The maximum torque
required by the PFF is 0.8 Nm, required for instrument repointing.

The problem is that a suitable reaction wheel is likely to weigh at least 10 kg, so
the weight of the AOCS would be in excess of 30 kg.

If a set of thrusters are used to provide the high peak torques for repositioning and
a reaction wheel is used to provide on-station torques, then the mass of the reaction
wheels required can be reduced to 3.5 kg per axis with a peak power requirement of

16.3 W. These wheels are capable of generating 0.09 Nm of torque®.

Maximum Stored Momentum

As the spacecraft tracks the Earth during cruise phase, the momentum wheels
must store the imposed momentum until the direction of the torque on the spacecraft
reverses and the momentum on the wheels can be off-loaded. Thus, it is necessary to
calculate the maximum momentum that the spacecraft must store.

If we assume that the torque on the spacecraft is approximately sinusoidal, with a
peak of 1 x 107®Nm, and that the period is half a year, then the maximum momentum
of the spacecraft is 5 Nms. As this level of momentum is greater than the wheels’

capacity to store it, the excess momentum will have to be dumped.

Momentum Dumping

To dump momentum, the spacecraft will require a set of thrusters and propellant.
The torque these thrusters produce must be less than the maximum torque of the
wheels, unless we permit the spacecraft to spin for a short period of time and thereby

lose its pointing.

8Based on Teldix RDR 3 reaction wheel [47]



138 CHAPTER 9. SPACECRAFT SYSTEMS DESIGN

Thrusters

In the thruster only scenario, low pressure thrusters are used to provide all torques

on the spacecraft. The following factors control the sizing of the control thrusters:

1. Thrust induced oscillation
2. Disturbance torque cancellation

3. Required roll rates

Thruster Induced Oscillation

Let us assume that the control system can never achieve a static situation; that
is, the spacecraft always has some roll rate. For example, assume that the spacecraft
starts with an initial clockwise roll rate. The spacecraft will then continue to roll
clockwise until it reaches the limit of the spacecraft’s pointing accuracy. At this
point the spacecraft AOCS system will execute a burn to induce a counter-clockwise
roll. When the spacecraft achieves the correct pointing the control system has two
options: fire a second thruster to reduce the roll rate or leave the current roll rate
as established. Whichever scenario is executed, the thrusters can never be exactly
matched and the spacecraft will have some residual roll rate, which will be maintained
until the spacecraft again reaches the limits set on the acceptable pointing accuracy.

The first question to answer is what is the maximum roll rate and hence thruster
force, that will allow the spacecraft to maintain the required pointing accuracy.

Let us assume that the actuator can be activated and deactivated instantaneously.
The limit on the time the thruster is active is therefore dominated by the control
system.

The maximum controllable rotation rate is one which will take the spacecraft

from one end of the pointing box to the other, within the cycle time of the controller.
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For example, consider the case of the spacecraft having a slow roll rate. When £he
spacecraft reaches the limit of its pointing accuracy, the AOCS will pulse the thrusters.
This will induce a roll rate in the opposite direction to the original one. If this rate
is the maximum controllable rate, then when the AOCS computer next examines
the attitude of the spacecraft it will be at the other end of the pointing box, thus
necessitating a second thruster firing. This maximum roll rate limit sets a limit on the
maximum size of the thrusters that can be used for on-station pointing maintenance.

The minimum torque from a set of thrusters is given by:

Trin = F x Moment Arm x Duty Cycle

The induced rotational speed is therefore:

_ Tmin
Winduced = —I'—

Assuming that the duty cycle is 1 /controller bandwidth:

Turad
duty cycle

wma:c -

Thus, the maximum allowable thrust F' from the thruster pairs is given by:

Turad x I
(Duty Cycle)? x Moment Arm

Fmaz =

The spacecraft’s pointing box’s width is 7urad. Thus, if we assume that the
controller has a 100 Hz bandwidth®, then the maximum thruster size that can be
employed to avoid putting the spacecraft into an oscillatory mode is 1.6 N. Employing

a factor of safety of 10, this limits the selection to > 0.16 N thruster.

9Note that the minimum duty cycle time of the thruster is typically 5 ms, and as such this implies

a higher degree of controllability than available.
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There are a number of thrusters available in this thrust range, such as cold gas
thrusters, mono-propellant thrusters and electro-thermal thrusters, such as resisto-

jets.

Time Between Thruster Firings

If the spacecraft AOCS subsystem has initiated a burn to reacquire correct point-
ing, the AOCS subsystem will later be required to initiate a second burn to cancel out
the roll rate induced by the first burn. However, as noted previously, the thrusters will
not balance each other out exactly. The imbalance in the control can be assumed, on
average, to be half the minimum commandable rate. Thus, the time between thruster

firings will be,

I 6ma:c S

T FELS 2

where I is the moment of inertia of the spacecraft about that axis, F} is the

t

thruster force, L is the thruster’s moment arm and S is the minimum on-time of the
thruster. The minimum value of S is typically 5 ms [46, page 648]. Therefore, with
no disturbance torques present, the thrusters will fire twice every 0.2 seconds. Since
the imaging period for the instrument is 4 seconds, the spacecraft will have reached
its pointing limits approximately 20 times during that period. This is likely to lead
to an excessive amount of image blurring. To increase the time between firings to the
order of 5 seconds (ie, greater than the camera integration time) requires a thruster
with a force of less than 5 mN. Currently, this size of thruster does not exist, but it
should be possible to build such a thruster, particularly if the design is simple, such
as for a cold gas system. Such a thruster is assumed to weigh 0.1 kg [46, extrapolating

from table 17-10].

Station-Keeping Fuel Requirement
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From the definition of I,, we can calculate the mass of fuel used each pulse:

_ kS
Ig
While hydrazine is more commonly used, Cold gas presents a worst case, mass

myp

with very reasonable probability of development, so assuming an Isp of 50 seconds,
then the thruster must use 5.1 x 1078 kg/burn. This equates to a mass of 3.2 kg of
fuel per axis for a 10-year mission. If the pointing control requirement is reduced for
the cruise phase of the mission to that required only to maintain the communications
antenna pointing requirement, the time between firings is reduced to once every 27

minutes. This reduces the fuel required to 0.02 kg per axis.

Disturbance Torque Cancellation

The spacecraft is subject to disturbances from solar radiation pressure. The re-
sulting torque must be opposed by the reaction control system.

If T, is the applied external torque to the spacecraft then:

Ty = Iw
ool
I

Thus, assuming an initial angular offset and velocity of zero:

T,t?
O=31

When the spacecraft reaches the limit on its angular accuracy then the spacecraft
must be returned to the correct pointing. The maximum torque on the spacecraft
is 1 x 107® Nm. Thus, if we try to maintain the maximum attitude accuracy, the

spacecraft will fire its thrusters after 16 seconds.
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The minimum size of thruster required to control the disturbance torque, assuming

that the thrusters are fired in pairs and a minimum pulse of 5 ms, is given by:

F = 292‘,,;] Ty

The minimum required thrust is 3 mN and the total momentum imposed on the
spacecraft by the solar radiation pressure is 11.8 Nms. Therefore, to cancel out the
disturbance torque the spacecraft must execute a total burn of 800 seconds. This

equates to a fuel requirement of 0.2 kg of fuel.

Required Roll Rates

During a number of phases of the mission, such as mid-course burns and flybys,
the spacecraft must reorientate itself. Each reorientation will require the spacecraft
to execute two burns. The first to spin the spacecraft to initiate the reorientation
and the second to cancel the spin rate.

To generate the 680 Nms of momentum required for repointing a cold gas based
system with an Isp of 50 seconds would require approximately 3 kg of fuel. An
allocation of 3.5 kg is made to allow for additional maneuvers and two axis turns.

The thrusters required for this operation are of the order of 0.5 N thrusters.
The problem with using this size of thrusters comes from considering the problem of
imbalance between the pairs. Assume that the thrusters are active for 0.85 seconds to
initiate and stop the turn. If the thrusters are mis-balanced by half the minimum pulse
width, then the station-keeping thrusters need to generate a total impulse of 2.5 mNs.
With the 5 mN thrusters, this will require a burn of half a second. This is just sufficient
to allow the spacecraft to achieve correct pointing within the 2 seconds required
between frames. More detailed analysis is required to ensure that the spacecraft can

control differences in the roll thrusters.
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The use of different propellants other than the cold gas system analysed above is
possible, because of their higher Isps, these offer smaller fuel requirements. However,
because of the simplicity and low mass of fuel required by the cold gas system, mono
and bi-propellant systems have not been considered. The choice, however mono-
propellant hydrazine would afford integration of fuel supplies for AOCS and AV

thrusters and should be considered for future design iterations.

Propellant Tanks

A typical mass fraction for a high pressure system is 0.64, so the tank mass is 0.36
times that of the propellant. In the PFF’s case, this is likely to be low due to the
small mass of propellant and relatively high mass of associated hardware, such as

mountings.

Fuel Pipes, Valves and Other Paraphernalia

If we model the pipe as a cylinder, then the allowable stress can be calculated from:

T
0:&
t

where p is the operating pressure, r the pipe radius and t the wall thickness. If
the pipes are assumed to be made of aluminium, o = 300 x 108N, /m? (allowing for
a 40% safety factor) and the density is 2.85 x 103kg/m?3. With an input pressure of
300 psi, or 2.1 MPa, and a radius of 2 mm ,the required wall thickness is 0.014 mm.
If 1 mm is assumed to be a reasonable manufacturable thickness the pipe mass is
approximately 0.05 kg/m. Assuming 10 m of piping (as with the power bus), this
equates to 0.5 kg of piping. As such, the spacecraft will require at least 12 thrusters
to allow for redundancy, and thus 12 solenoid valves plus 12 filters, a set of fill and

drain valves and 12 normally open squib valves so that we can shut off any line in the



144 CHAPTER 9. SPACECRAFT SYSTEMS DESIGN

event of a failure, and a normally closed pyro valve. Assuming each of these weighs

25 grams, then approximately 1 kg must be allowed for sundries.

Thruster System Aggregate Mass

The spacecraft requires 0.06 kg for station-keeping, 0.2 kg for solar radiation
torque cancellation, and 3.5 kg for attitude changes. A total propellant load for the
AOCS system of 4 kg is assumed. The tankage mass allocation is 1.4 kg. Adding 3.4
kg for thrusters, piping and other devices, gives an overall mass requirement of 8.8

kg.

Electrical Power for the Thrusters

The only power required by the thrusters is to operate the valves. Each valve will
typically require 1 W and because the thrusters are fired in pairs, an allocation of 2

W per axis has been assumed.

Reaction Wheels with Momentum Dumping

To dump the momentum stored in the reaction wheels, 0.2 kg of fuel from the cold
gas system is required. Because only 1 set of thrusters is required, as compared to the
two for the thruster-only system, 2.3 kg is sufficient for tankage, fuel lines, thrusters

and other sundry equipment.

9.6.5 Actuator Selection

The choice of actuator should be based solely on the mass of the system. The five basic
options are as follows: control moment gyros, pure reaction wheels, pure thrusters,
or a combination of the latter two. Table 9.17 summarises the different masses and

power requirements of the options. The chosen option is the thruster only system.
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Actuator Mass | Power | Comment

kg A\
CMG 120 -
Reaction Wheels only 40 95.8 | Peak power
Thrusters only 8.8 6 Assuming cold gas
Reaction Wheels with Thrusters | 22.8 | 32.6
Reaction Wheels with dumping | 42.5 | 95.8 | Peak power

Table 9.17: Mass characteristics of the AOCS actuator options

9.6.6 Attitude Determination

The attitude determination system must measure the attitude of the spacecraft in
space. Thus, the system must provide a measurement accuracy of better than 10 x 776
rad or 1.5 arc seconds. The only units that can measure this type of accuracy are
star trackers and star mappers. The problem with these types of units are that the
update rate is relatively low, on the order of seconds. The question is, is this good
enough?

A currently available suitable star mapper could be the modus sensor, which
weighs 6 kg and requires 10.5 W. However, star trackers in 3 kg range are currently
being bread-boarded. It can be reasonably safely assumed that these devices will be

available in time for the PFF. These units are predicted to require 11 W.

High Rate Attitude Data

The only way in which we can provide high rate attitude data is via an Inertial
Navigation System (INS). Fortunately, because the PFF will have a very accurate

reference system in the form of the star mappers, the INS can have a relatively high
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drift rate. The INS is only required to provide accurate pointing direction information
rather than full positional information. Therefore the accelerometers of the INS are
not strictly required but because they add little mass to the system will be included.
The obvious choice for mass and power reasons is a strap-down system.

The maximum allowable drift rate generates a false acceleration which would cause
the spacecraft to mis-point between updates. If the drift rate is d, then the pointing
error is given by:

Pointing Error = %ta

Thus to have a pointing error of less than 7 x 1076 rad after 1 second would require
the INS’s drift rate to be less than 8.7 deg/hr. For safety, we will add a factor of 20
to this and require the INS to have a drift rate of better than 0.44 deg/hr. This is
equivalent to an error of 0.36 x 10~ ®rad after 1 second.

The mass of a suitable INS is approximately 1.6 kg and will require 17.5 W (this
is a Honeywell RLG system).

9.6.7 Safeing Mode Sensors

In the event of the spacecraft switching to a safeing mode the spacecraft is required
to orientate itself so that it is pointed at the sun, an easy target to find. For safety,
we will need a set of sun sensors onboard the spacecraft. In this mode, the spacecraft
cannot be required to maintain tight pointing. Typical sun sensors have an accuracy of
approximately 0.1 deg, which is comparable with cruise mode pointing requirements'®.

However care must be taken in selecting the sensors to ensure that they will correctly

10As an aside, it is interesting to consider what safeing mode should be used with an optical com-
munications system which has an inherently tight beam and so would be difficult, if not impossible,

to communicate with in sun pointing mode.
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detect the Sun, even at 31 AU.
The mass of four such sensors that can provide full coverage is approximately
1 kg. They will require 0.25 W of power; however, as these will not normally be

operational, we can neglect the power requirement.

9.6.8 Control Electronics

The AOCS control electronics must implement the control laws designed for the
spacecraft’s control, using the sensors as inputs and the thrusters as controllers. The
logic can be implemented using either digital or analog hardware. However, because
the PFF uses star trackers as part of its sensor suit, the controller must be digital to
process the information.

A suitable computer such as the HEAO computer weighs 4.5 kg and requires 15
W of power. This is capable of generating control commands every 320 ms. The
computations require 16 Kbytes of memory.

To calculate the required processing power, let us assume that the orientation and
spin rates are stored as quaternians. The first action must be to calculate the current
angular position and velocity of the spacecraft, given the previous position, velocity,
current, and previous angular acceleration. First, the body rates from the INS must

be converted into a quaternian position via equations of the form:

) 1
€ = —5(61[) + e2q + 631") + k)eg

where

A=1- (el +el+es+e))

and p, g, are the body rate accelerations.
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Each execution would require approximately 18 floating point operations. There
are four equations; let us assume the equations take 10 iterations to converge, thus,
the conversion requires 720 FP operations. Similar calculations are required for po-
sition and acceleration. Finally, the resulting body rates and accelerations must be
integrated to calculate the current position. Let us assume this takes 40 FP opera-
tions. The result of this processing can then be fed to the control algorithm. Let us
assume a second order control law which will require approximately 20 FP operations
to calculate the desired response. Thus, the PFF control system must be capable
of executing approximately 800 FP operations per command cycle. Thus, we need
approximately 3 KFP ops/sec to provide thrust controls every 250 ms. This is a
typical control rate [45, page 212]. This gives us a control bandwidth of 2 Hz, which
is relatively small. If this is increased to 10 Hz, then an execution rate of 16 KFP /sec
is required.

This low processor speed requirement would make the system ideal for incorpo-
ration as a subtask in the CDMS. Therefore, this has been assumed in assessing the

mass and power requirements of the AOCS subsystem.

9.6.9 Risk

The main risk for the AOCS system as selected is the availability of the micro-
thrusters required for station-keeping. Although these are very simple, they do not
currently exist at the thrust level required by the PFF and must therefore be con-
sidered a high risk item. The large number of firings that such a thruster will be
required to perform will also be a major problem in the design and development of
the thrusters. An alternative way to provide the low levels of thrust required by
the spacecraft is to use valves that can pulse open for periods shorter than 5 ms. To

manage the risk with a high level of confidence in the outcome, both strategies should
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be pursued.

The star mappers proposed for use by the AOCS subsystem are currently only in
the bread-board stage. This is therefore a technical risk which must be carefully mon-
itored. However, the risk level is assessed to be low enough not to require additional

action.

9.6.10 Cost

The cost of the AOCS subsystem can be broken down into two categories: the cost
of sensors and the cost of the control system. The cost of the sensors is based on the

weight of the sensors!! using the following relationship:

CoStyetermination = 4225 + 4329X %46 4 2275 + 1617X°%%

The cost includes a multiplication factor of 1.3 to account for the fact that the
star mappers are a new design.
The cost of the reaction control system is also based on the dry mass of the system

(4.8 kg) using the following relationship:

COStreaction = 935 + 153X — 364 + 186 X% ™

The total cost of the AOCS system is therefore estimated as 27.85 MS$.

9.6.11 AOCS Summary

Table 9.18 shows a summary of the key performance and data of the PFF AOCS

subsystem. The system is shown schematically in figure 9-6.

Reference [46] suggests this should be the dry mass. However, if this figure is used the AOCS

system cost is 50M$ which is too high. Hence, the assumption of equipment mass is assumed.
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Item Comment

Sensors INS Required for fast update
4 Star Mappers Used to update INS
4 Sun Sensors Used for safeing mode.
Actuators 2 Sets of thrusters
5 mN Cold gas Station-Keeping
0.5 N Cold gas Roll Thrusters

Control Electronics ~ None Allocated to CDMS
Sensor Mass 14.6 kg

Sensor Power 50.75 W

Actuator Mass 4.8 kg

Actuator peak power 6 W
Total Mass 19.4 kg
Power Requirement  56.8 W
Cost 27.85 M$

Table 9.18: AOCS Subsystem Characteristics
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9.7 Guidance, Navigation and Control

The guidance, navigation and control activities of the spacecraft can be implemented

in one of two basic methods:

e Spacecraft-Based

e Ground-Based

9.7.1 Spacecraft-Based Navigation

For the spacecraft to conduct autonomous guidance and navigation, the spacecraft
must be capable of computing accurately its own position and that of its target,
plus implementing flyby optimisation activities that ensure that its arrival is in the
correct orientation to Pluto to maximize the imaging options of the spacecraft. The
spacecraft needs to then compute the optimum burn time and AV required. These
activities require a large amount of computational power. However, since the arrival
criteria are preset, there is little option for reconfiguring the arrival parameters to
improve/optimize the imaging options. Because the desired imaging sequence will
not have been selected prior to launch, then this information will have to be unloaded

to the spacecraft prior to arrival at Pluto.

9.7.2 Ground-Based Navigation

In the ground-based navigation scenario the spacecraft provides position information
to the ground and also acts as an active target to allow its range to be determined.
This information is then fed to ground-based engineers who can then compute the
optimum mid-course correction burns for the spacecraft to execute. The course correc-

tion burns are then relayed to the spacecraft, in the form of time-tagged commands.
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These are then executed by the spacecraft at the appropriate time. This type of

design has the advantage of requiring little onboard processing power.

9.7.3 Preferred Navigation and Control Design

The preferred design is to use a ground-based Navigation, guidance and control strat-
egy. This is with the exception of the level of autonomy necessary to ensure the safe

and correct operation of the spacecraft when not in contact with the ground.

9.7.4 Terminal Guidance

Upon arrival at Pluto, the spacecraft will begin taking a sequence of images of the
planet and of its moon Charon. Prior to arrival the spacecraft will have received a set
of time-tagged instructions relating to the images to be taken along with the pointing
direction for each of these images. The spacecraft is fitted with a high accuracy
navigation system and so can be assumed that it will point at the desired direction.
However, because of errors in the knowledge of the spacecraft’s and the target’s exact
positions in space, there is a question of whether the spacecraft images the desired
target. More simply, is the target where the controllers on Earth think it is relative
to the spacecraft?

Typical spacecraft position accuracies in space are 20 km [48]. The other crit-
ical problem in the pointing of the spacecraft’s instruments is a knowledge of the
ephemeris of Pluto and Charon. This can be a particularly large source of error in
the instruments’ target acquisition. The knowledge of the ephemeris of the spacecraft
and of Pluto can be improved using pre-encounter optical navigation images, where
Pluto is imaged against the known star background. Using this technique, the a pri-
ori ephemeris error for Galileo’s encounter with the asteroid Gaspra was reduced to

5 km [23, 42]. The Galileo encounter accuracy was hampered by the failure of the
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spacecraft’s main mission antenna to deploy, and thus it can be expected that ;che
accuracy in a fully operational mission would be improved beyond this figure.

An error of 5 km in the relative position of Pluto would induce an offset of ap-
proximately 330 pixels when the edge of Pluto is imaged. This is an acceptable level
of accuracy. However, to ensure that an 1o a priori ephemeris knowledge of Pluto’s
position to better than 5 km is known will require analysis beyond the level of the cur-
rent design iteration. Included in this analysis must be a computation of the number
of images that will be required for optical navigation.

It is believed that the use of an optical navigation technique to refine the calculated
position of both the spacecraft and Pluto should provide sufficient accuracy in the

instrument pointing instructions to ensure a successful flyby.

9.7.5 Risk

The guidance and navigation systems are not implemented on the spacecraft, but
as operational procedures and ground-based operations. The only question that is
uncertain is what accuracy the optical navigation technique will provide on the a
priori knowedge of the relative position of Pluto and the spacecraft. The subsystem
is therefore considered only to have a moderate level of technical risk and to be free

of programmatic risk.

9.7.6 Cost

All of the activities associated with the guidance and navigation of the spacecraft
occur after the launch of the spacecraft. The only cost of the system is associated
with ensuring that the appropriate operational procedures are developed and docu-
mented. A cost of $0.2 million is allocated to this subsystem to cover interface and

compatibility activities.
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Item Comment

Guidance System  Ground-based
Terminal Guidance Optical navigation assisted

Cost $ 0.2 Million interface activities

Table 9.19: GNC subsystem Characteristics

9.7.7 GNC Subsystem Summary

A summary of the GNC subsystem is presented in table 9.19.

9.8 Command and Data Management Subsystem

9.8.1 Introduction

The roles of the CDMS and the Onboard Computer are extremely intertwined, hence
these two functions are examined together in this section. The simplest conceptual
way to consider the two units is that the CDMS acts as the Onboard Computer’s
(OBC) interface to the world. Thus it passes signals from the OBC to the various

subsystems, and relays back status and telemetry information to the OBC.

9.8.2 CDMS Architecture

There are a number of possible architectures for the CDMS. These vary between
centralised control and distributed control. Thus, the following system architectures

are proposed:

e Classical Design with a command decoder and execution unit, a main com-

mand computer, and an AOCS computer. The instrument data storage unit is
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considered as a separate subsystem.

e Medium Complexity Design whereby the command decoder is included in the

Onboard Computer, but AOCS and instrument data-storage are separate.

e Simplified Design whereby AOCS functions are separate, but all other data
related activities are handled by CDMS.

e All functions integrated into the OBC.

9.8.3 Architecture Selection

Selection Criteria

The selection criteria for the preferred architecture is the design with the minimum
mass that can provide the necessary functionality to the spacecraft, while keeping the

interfaces as simple as possible.

Functional Analysis

The CDMS needs to perform the following functions:

e Housekeeping data collection

Subsystem control

Master clock generation

Timed command sequence execution

Telemetry and data formatting
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Autonomy Requirement

The complexity of the CDMS is a function of the level of autonomy of the spacecraft.
For example, consider two extremes, the first a spacecraft with no autonomy at all.
The CDMS’s only function is to execute time-tagged commands at the appropriate
point in time. The other extreme is a spacecraft which is capable of high levels of

autonomous decision-making.

The autonomy issue is central to the redundancy architecture of the spacecraft.
For example, if the CDMS does not have any hardware monitoring capability and
autonomy then the telecommunication subsystem must be actively redundant, ie, the
receiving side of the communication system must have two active paths, such that if
one of the receivers fails the spacecraft can still receive orders from the ground. This
has implications on the power requirement for the spacecraft. If the CDMS has a
high level of autonomy however, it may be possible to operate the communications
subsystem with only one active receive chain. In the event of a detected failure, a
second receiver can be powered up and made the master unit. However, the question
of how the CDMS can determine whether the receiver has failed or not is a complex
one. The only clear way that such a failure can be determined is when the CDMS
is not able to detect a signal (transmitted from the ground) that should be there.
However, since communication between the spacecraft and the ground occurs only
at infrequent intervals, failure detection is made that much harder. The question
then becomes, what happens in the event of a non spacecraft or non-communications
failure occurring which causes the spacecraft not to receive the uplink. For the current
level of work this discussion is beyond the level of detail required. For the current
purposes the CDMS is assumed to be capable of operating fully autonomously during
routine operations of the spacecraft. Major system-failures will cause the spacecraft

to enter a safeing mode until the ground controllers can provide instructions to rectify
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or bypass the problem.

Computer Processor Power Requirements

The required computer throughput and memory-size is shown in table 9.20. The
table assumes that the word length is 16 bits. Therefore, approximately 3 Mbytes
of memory will be required by the OBC. If we assume that 25% of this memory is
executable code and that it is programmed in Ada, then approximately sixty-thousand

lines of code will be required.

Computer Mass and Power Requirements

Examples of advanced computers currently becoming available are a 0.3 MIPS ma-
chine weighing 5 kg and requiring 16 W [25]. To increase the processing power to 3.0
MIPS, the computer would weigh 9.0 kg and require 25 W [7]. The proposed system
only requires a throughput of 0.1 MIPS. Therefore, a mass alocation to the CDMS of

5 kg and 16 W is proposed. This allocation is assumed to cover a redundant unit.

Architecture Selection

The choice of the OBC architecture is beyond the level required to establish the sys-
tem budgets. However, the architecture does need to be established for the subsystem
requirements. The baselined design is that of the simplest system possible that inte-
grates all the functions into the OBC. This is possible because the processing speed of
small computer systems currently available are greater than the total expected work

load the PFF will require.
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Function Memory | Throughput Comment

Kbits KIPS
Command Processing 10.0 1.0 Command link is low rate
Telemetry Generation 7.0 1.0 Telemetry link is low rate
Command Execution 20.0 3.0 All flyby commands pre-stored
AOCS 10.0 16 From AOCS design
Star Tracker Info 34.0 2.0
Telemetry Gathering 5.0 10.0
Autonomy 50 20.0 High level required
Fault Detection 34.0 20.0
Power Management 3.4 5.0
Thermal Control 2.6 3.0
Orbit Control 2.0 1.2
Instrument Control 10.0 1.0
Subtotal 188.0 63.2
Margin 94 31.6 50%
Total 282.0 94.8

Table 9.20: Onboard Computer Throughput and Memory Requirements
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9.8.4 Computer System Operational modes

The different modes that the onboard computer of the spacecraft can be in are shown
in figure 9-7. It should be noted that the safe mode can be reached from any other
mode. These event lines are not drawn, however, in order to simplify the diagram.

The main modes of operation are:

Off: The spacecraft is fully powered down.
Initialise State: This is entered on power up or after exiting safe mode.

Safe Mode: The spacecraft is pointed at the sun - entered when a major system

failure prevents the spacecraft from being able to correct fault itself.
Ground Test: Supports the check-out of the spacecraft when on the ground.

Launch Mode: State of spacecraft while attached to launcher, exited when the py-

ros are fired to release the spacecraft from the launcher.

Cruise Mode: The normal operating mode of the spacecraft, the spacecraft is op-

erating completely autonomosly.

Flyby Imaging Mode: Spacecraft is in tight pointing mode and instruments are
activated or warming up. Includes data transfer from the instruments to On-

board storage.

Communications Mode: Spacecraft communicating with the Earth for telemetry

downlink or tracking purposes.

Mid-Cource Correction: Execution of time-tagged burns uplinked from the ground

to ensure correct, encouter with Pluto.
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Instrument Data Return: Return of instrument data to the ground post Pluto

Flyby.

9.8.5 Computer Interface Architecture

The question we must next address is the preferred interface architecture of the on-
board computer.

There are basically 3 options:

e Centralised
e Ring
e Bus

The interface architecture chosen will predominantly depend on what is available
and suitable. That is, the PFF mission cannot afford to design a specific onboard
computer for its mission, and thus must utilise what is available, or will be available
for its mission. Thus, the interface architecture, will be dependent on what the chosen
computer uses. Of the possible architectures only the Centralised structure does not
require some form of intelligence in the subsystems to interface with the OBC. In
the Bus and Ring architectures the other subsystems must implement some form of
communications protocol, as compared with the Centralised architecture where the
subsystem is only required to provide connections to the appropriate sensors which
then can be sampled by the OBC. The Centralised architecture is very desirable
when the number of subsystems and sensors associated with those subsystems is
small. The other architectures basically trade off the mass of the wiring harness for
local electronics. The preferred design is the centralised system because it keeps the
interfaces relatively simple and because the PFF has a relatively small number of

equipments.
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Figure 9-7: Onboard Computer States
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9.8.6 Data Storage Requirements

The visible instrument can record a single image every 4 seconds during the flyby.
Each image contains 1000x1000 pixels in three colours.

The flyby velocity is 18 km/s. Pluto has a radius of 3x10%km. Based on this, Pluto
will fill 100 pixel square 100 hours before closest approach. Given this information
and the fact that Pluto has an estimated revolution period of 56.3 days, it would be
desirable to image Pluto at this point since these would be the only images of one
side of Pluto, assuming there is only one spacecraft.

This slow imaging activity will provide an oportunity to download the images in
nearly real time. This could be advantagous for storage since that these images will
not consume storage capacity at the time of closest aproach.

Let us assume that the science team requires a data set equivelent to a 1000

frames. This equates to 22.35 Gbits, or 2.8 Gbytes, of data that must be stored.

System bandwidth

At closest approach it is expected that the science team will wish to generate a full
mosaic of Pluto'?. Thus, the CDMS must read out the image data, compress the
data, and then store it to the onboard recorder. Each image is a 1000 x 1000 frame.
The instruments use a 8 bit quantization, thus each frame consisting of 3 colours, is
22.8 Mbits in size. The read time for the instrument is 2 seconds, giving a data rate

of 11.4 Mbit/s.

Data Compression

The use of data compression by the spacecraft will allow the amount of storage and

the time to transmit the data to the ground to be considerably reduced. Because the

12 At closest approach Pluto is 40 frames wide.
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data are a set of images which tend to have a very high level of redundancy, a 3:1

image compression ration has been assumed [36].

It would be advantageous for the onboard computer to implement the compres-
sion algorithms as a software function, as this will allow the compression algorithms
to be updated during the voyage to take account of the on-going research in this
field. However, there is a speed penalty associated with the compression algorithms

implementation in software. This issue is currently TBD.

Data Storage Hardware

The large data storage required by the PFF mission has in past deep space missions
been achieved by use of tape recorders. However, currently emerging technology of-
fers two other alternatives. The first of these new technologies is solid-state memory,
which uses a large amount of static silicon memory to store the data. Because the
data is stored in the state of a set of transistors the read and write speeds are very
high, allowing high data transfer rates to be achieved. The problem or danger for
solid state memory is from Single Event Upsets (SEU). The second new technology
is based arround the use of conventional personal computer hard disks. These de-
vices are mounted in a suitably designed enclosure to protect them from the space
environment to form the flight hardware. Because of the rapid development of this
technology driven by the consumer nature of personal computers these devices offer
high capacities at a low price. Table 9.21 summarises the mass and power required

by each of the storage options.

The preferred option is the hard drive memory system as this presents the mini-

mum mass and power requirements.
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Unit Mass | Power | Comment
kg w
Tape Recorder 10 30
Solid State Memory | 19.5 20 | Power Estimated ‘
Hard Drive 4.5 16 Power Estimated

Table 9.21: Power subsystem Characteristics

9.8.7 Command and Telemetry Harness

Assume a mass of the electrical cable used by the spacecraft to be 0.05 kg/m. Then
assuming that each subsystem will require approximately 15 lines and that the average
distance between the CDMS and a subsystem is 3 m, then the mass of the wiring

harness will be 11 kg.

9.8.8 CDMS Risk

A large number of processors in the range required by the PFF are available [46, Table

16-10]. Thus, the computer hardware is not seen as a high-risk part of the design.

The range of low mass and power storage systems compatible with the baselined
PFF data storage system is currently expanding very rapidly. Therefore, little risk is

foreseen from the baselined data storage unit.

9.8.9 Cost

The hardware costs for the CDMS are based on the parametric model for the TTC

parametric model [46, page 729] and utilises the mass of the subsystem.
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Item Comment

Main Computer SCI FTP-3200

Computer Mass 5 kg Including redundancy
Computer power 16 W

Data Storage Hard Disk-based

Storage Mass 9.0 kg

Storage Power 16 W

Harness Mass 11 kg

Computer Code lines 60,000 Ada code assumed

Cost, $ 32.8 Million Dominated by software costs

Table 9.22: Power subsystem Characteristics

CostHardware = 1955 + 199X + 93 + 164 X093

The flight software cost can be calculated using the following formula [46, Table
20-8]:
COStSoftware = 375 x KLOC

Thus, the total cost of the CDMS subsystem is estimated as $ 32.80 Million.

Two-thirds of this cost are associated with the flight software.

9.8.10 CDMS Design Summary

The command and data management system developed in this section is summarised

in table 9.22.
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Payload Mass Cs
kg km? /sec?
4536 12
3200 32
2273 50
1520 70
1015 90
404 110

Table 9.23: Estimated Titan IV Payload Mass vs. Cg

9.9 Launch Subsystem

9.9.1 Introduction

The main responsibility of the launch system is to place the spacecraft in the correct
orbit to intercept Pluto. The launch system comprises two elements, the main launch
vehicle, which is a conventional rocket, and a set of upper stages. The latter are
required to give the spacecraft the additional C3 necessary to achieve the fast flyby

orbit.

9.9.2 Titan IV Launch Vehicle

The baseline launch vehicle for the Pluto mission is the Titan IV launcher, which
is the most powerful launcher available. Table 9.23 shows the estimated Cj; for the
Titan IV [18]. The uprated Titan IV with the new solid rocket motors (SRMU) is
not proposed, as currently the program status is uncertain. The use of the uprated

SRMUs would improve the achieved Cs.
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Using a linear regression analysis, the function of Cs against payload mass z can

be approximated by:

Cy = 1.73312107 + 120.905 In(z) + 10902.1 In(ZEEH2) —

1.84089 x 10° In($3350+2) 1 9.01432 x 10° In(ZZFFHEr) —

860460+x
2.60947 x 107 In(52255042)

The constants in the arguments of the log functions arise from the masses of the

various stages of the Titan IV. The payload limit is approximately 5000kg.

9.9.3 AV Requirement

The Cj required to inject the spacecraft into a Pluto intercept orbit is approximately
305km?/s? for a 7 year flight time [40, page 4]. Since a Titan 4 can only impart a
maximum Cj of 110 km?/sec? (with a payload of only 404kg) then the spacecraft
and any associated boosters must impart at a minimum 48.7 km?/sec?, or a AV of
6.976 km/s. This figure is the minimum AV required from the upper stage. The
selected upper stage will to be required to provide a much larger AV to account for
the reduced Cj from the Titan. The reduced C3 from the Titan VI is a result of the

spacecraft and upper stage weighing more than 404 kg.

9.9.4 Upper Stage Selection

There are basically three choices for the upper stage selection: several stacked com-
mercial upper stages, a stack of specially developed upper stages, or an integrated

propulsion system on the spacecraft.
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Integrated Upper Stage System

The integrated upper stage could be either a separate set of tanks which are ejected
after the boost phase, or a totally integrated design that remains attached to the
main spacecraft.

The advantage of using an integrated design rather than a separate set of upper

stages is that duplicate units like the thrusters will not be required.

The Necessity for Multiple Upper Stages

The mass of propellant required to generate a AV is given by:

my = my lexp(":”v“) ”1]

If we assume that the ratio of propellant to propulsion hardware is a constant,

then the maximum possible AV occurs when:

1
AV =I,g*%ln{ ———
pg =0 (1 + MfraC)

where

M,

Mpropulsion

Mfrac =

and Mp,opusion is the wet mass of the spacecraft. A graph of the maximum avail-
able AV against mass fraction is shown in figure 9-8 for an Isp of 300 seconds. The
figure shows the maximum achievable AV for a range of mass fractions between 85
and 95 %, which are the limits of current and near-future technology.

To achieve the required 6.97 km/sec AV, using a liquid hydrogen and oxygen
system (Isp = 450), a mass fraction of better than 96% would be required. This is
not achievable with current technology; thus, the use of a single stage upper stage is

not possible, and therefore the integrated system is not possible.
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Figure 9-8: Maximum AV against Mass fraction

Solid Rocket Upper Stages

Table 9.24 shows a selection of commercially available upper stages and their key
performance characteristics. The cost of each motor is calculated using the following

formula [46, page 272]:

Cost = 72.5X %72

where X is the dry weight of the motor. This figure does not include any wrap
costs, nor a reduction for learning curve. These two are assumed <ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>