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Self-Regulated Centrifugal Deployment of Passive Space
Structures

Rui Wu, 2018

PhD Aerospace Engineering

The University of Manchester

Abstract

Large lightweight compliant structures can be spin deployed, utilising centrifugal
forces to achieve a compression-free stress distribution. The present research starts
from the idea that self-regulating passive centrifugal deployment can be achieved
when the spinning motion is driven by an environmental torque that is coupled to
the deployment condition. In this thesis, the idea is applied to a deployable atmo-
spheric entry heat shield and a heliogyro-type solar sail. The heat shield is based
on a flexible fabric shell that induces aerodynamic roll-torque during descent and
thus deploys by autorotating. Deployment leads to shape morphing that varies the
aerodynamic roll-torque. Passive self-regulated deployment is thereby achieved as
the rate of autorotation is determined by the shape, or in other words the deploy-
ment condition of the aeroshell. Active deployment modulation using conventional
attitude control devices is also proposed, which can provide structural oscillation
suppression as well as downrange manoeuvring of over 300 km during simulated
re-entry from LEO for vehicles with 3 kg - 5 ton entry mass. Flight characteristics
and structural dynamic behaviours are investigated using analytical analyses and
numerical simulations. Low-fidelity experiments including low-speed drop test and
wind tunnel test are carried out to verify the simulator and validate the design.
Owing to its unique operating principle, the design has shown various advantages
over existing solutions including inflatable and mechanically deployable systems.
Based on the similar principle, the study also proposes a heliogyro that spins up
under a torque generated from a meta-structure reflector and thereby deploys cen-
trifugally. The magnitude of the spin-up torque depends on centrifugal-stress and
thus realises self-regulated spin and deployment. Meanwhile, the reflector is based
on a self-folding origami that can automatically fold up when exposed to sunlight
and thus allows fully passive operation. Critical functions of the meta-structure
and the heliogyro are proven by numerical simulations, while the self-folding ma-
terial is validated through laboratory tests. This concept enables a concise system
that prevents the structural dynamic issues faced by existing heliogyro designs, and
also provides a practical method to realise multi-functional gossamer structures. In
conclusion, the study has shown that self-regulated centrifugal deployment could
enable new types of deployable space systems that benefit from being lightweight,
compact, scalable, concise and robust.
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Chapter 1

Introduction

1.1 Background, motivation and scope

Most artificial systems use material sti↵ness to stabilise a structure and resist

loads. The present study starts from the idea of utilising inertial forces induced

from motion (acceleration) rather than static (elastic) force to deploy and maintain

a structural shape:

Figure 1.1: Utilisation of inertial forces induced from motion to overcome resistance
and achieve structural deployment, centrifugal deployment is a practical example

Spinning motion is used to realise this idea as it can provide a centrifugal force with

a constant magnitude while having a constant kinetic energy. To deploy a struc-

ture and inhibit deflection using centrifugal force is not a new proposition in the

aerospace industry. The well-studied e↵ect of spin on a helicopter rotor is an exam-

ple of centrifugal sti↵ening, where the centrifugal force on the rotor increases the

15
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blades’ bending sti↵ness [1]. In the field of space systems, centrifugal deployment

has been studied since the 1960s to deploy large space gossamer structures such as

solar sails [2, 3, 4], antennae [5, 6], and space webs [7, 8]. It combines centrifugal

force and material’s tensile sti↵ness to provide a flexible compression-free struc-

ture. This eliminates the risk of buckling and o↵ers advantages including being

lightweight, compact, and having low requirements on deployment power [9, 10].

However, these structures are large, lightly loaded, and operate in a low-damping

orbital environment, thus the spin-induced dynamic e↵ects including Coriolis forces

and gyroscopic moments are significantly stronger than in the well-studied systems

such as helicopter rotors [5]. For this reason, in-orbit centrifugal deployment re-

mains a challenge, while controlled spin and optimised deployment sequences are

usually employed to stabilise the structure [9, 11, 12].

Meanwhile, centrifugal deployment is controllable by adjusting the spinning mo-

tion, and a rarely-explored aspect is that, the dependence on active control can be

eliminated if the spinning motion was driven by an environmental torque through

a feedback from the deployment condition:

Figure 1.2: Self-regulation of centrifugal deployment is enabled when the motion is
depending on the deployment condition, which is the fundamental principle used
in the present design studies

Demonstration of such a structural dynamic system can be found in centrifugal

governors invented by James Watt in 1788 (Figure 1.3), which is a device widely

used to control the speed of steam engines, and is still used in some of today’s
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combustion engines [13]. Considering the governor mechanism itself, it spins to-

gether with the engine and deploys against gravity under the centrifugal force of

“flyballs” (ballast weight). The deployment condition of the governor then deter-

mines the position of the throttle valve through a linkage and regulates the flow

rate of steam, which is the external power source that drives the spinning motion.

The closed loop in Figure 1.2 is thereby completed, with the spin rate and the

degree of deployment converging to an equilibrium point [14].

Figure 1.3: James Watt’s centrifugal governor used to control the speed of steam
engines, which demonstrates the self-regulated centrifugal deployment, with the
governor on the left, and a throttle valve on the right [13]

The present study shows that this operating principle can be applied to modern

space deployable systems and provide a self-regulated centrifugal deployment that

is fully passive. As the result, a flexible deployable heat shield design and a

heliogyro-type solar sail concept are proposed, which overcome challenges faced

by the existing solutions, while benefiting from simplicity, being lightweight and

compact.
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1.2 Deployable aerodynamic decelerators

Many space missions require a spacecraft to descend from orbit and soft land onto

a planetary surface, or reduce velocity when passing by a planet (i.e. aerocap-

ture). In the case of a planet with atmosphere, this can be done conveniently by

dissipating the kinetic and potential energy into heat through atmospheric entry.

The most common entry system utilises a blunt heat shield with a high drag pro-

file to decelerate the payload through a ballistic entry. The blunt shape allows

most of the heat to be dissipated into the surrounding air, and e↵ectively reduces

the velocity [15]. Meanwhile, parachutes are usually deployed at lower speed and

altitude to further decelerate the vehicle for a soft landing.

Current Mars landers are based on the Viking heritage system with a rigid blunt

aeroshell and a supersonic parachute. However, the thin Martian atmosphere

requires a low ballistic coe�cient (m/ACD, where m is entry mass, A is decelerator

frontal area, CD is drag coe�cient) for a soft landing. In addition, with the lander

size constrained by the fairing diameter of launch vehicles, the payload mass is

approaching the limit, and high-elevation Martian surfaces are di�cult to access

[16, 17]. Since a larger supersonic parachute is not yet a viable solution [18],

it is necessary to explore other approaches, such as using a larger heat shield

to reduce the ballistic coe�cient and e↵ectively decelerate the vehicle at high

altitude. This requires the large heat shield to be folded up for storage in a launch

vehicle, then deployed before or during entry. Mars exploration, as the frontier

of space technology, has attracted numerous researchers into this area since the

1960s [19, 20].

Meanwhile, the demand for a low-cost sample recovery from orbital scientific plat-

forms, which could be based on a CubeSat-class vehicle operating at Low Earth

Orbit (LEO), calls for a small Earth re-entry system. Such a system should include
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a deployable heat shield to realise a low ballistic coe�cient while being accommo-

dated within a small payload volume. The low ballistic coe�cient allows a soft

landing without a parachute, thus only one step of deployment is needed during

re-entry, and the vehicle can burn up in case of deployment failure, which makes

the system safe and robust. Furthermore, since a smaller vehicle has a higher

surface-to-area ratio and a higher surface curvature, a reduced ballistic coe�cient

is beneficial for e↵ective thermal control [21]. A few e↵orts towards recovering

payloads from LEO have been reported, which adapts either deployable or rigid

aeroshells [22, 23, 24, 25, 26]. In addition, such entry systems can also find ap-

plications in launch vehicle assets recovery [27], or enable new types of planetary

exploration missions using small vehicles as secondary payloads or probe swarms

[28, 29, 30].

To address these demands, three types of deployable aerodynamic decelerators have

been investigated: inflatable decelerators, mechanically deployed decelerators, and

rotary wing decelerators, which are discussed in §1.2.1 - §1.2.3.

1.2.1 Inflatable aerodynamic decelerators (IAD)

IAD is an inflatable structure connected to the rigid entry vehicle to induce extra

drag. It utilises inflatable chambers fabricated from flexible air-tight materials and

maintains a stable shape under internal pressure raised by gas generators, ram-

air, or both [18, 31]. The concept of IAD has been around for over five decades,

with various configurations analysed and tested [32, 33]. However, since the Disk-

Gap-Band supersonic parachute has satisfied the mission requirements so far, little

development has been seen after the mid-1970s until recent years. As Mars robotic

systems are becoming increasingly sophisticated, and with manned Mars missions

on the agenda, the interest in IAD is renewed. Figure 1.4 shows the two typical
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IAD configurations: trailing IAD and attached IAD [18].

Figure 1.4: Examples of typical Disk-Gap-Band supersonic parachute, trailing
IADs and attached IADs [18]

Trailing IAD

Similar to a parachute, trailing IAD is tethered to the entry vehicle. The fact that

it combines the features of a “balloon” and a “parachute” gives it another name

“ballute” [34, 35]. In comparison with the attached IADs, a ballute usually gen-

erates lower drag and therefore is less e�cient in terms of structural mass since it

operates in the wake of the rigid entry vehicle, where the dynamic pressure is lower

than freestream. The flow unsteadiness also complicates the dynamic behaviour

of the system, making the exact behaviour di�cult to analyse [18]. Meanwhile,

the reversed flow induced by the ballute increases heating to the backside of the

vehicle, thus requires a massive backshell [35]. Despite the disadvantages, trailing

IAD is viewed as a candidate for planetary aerocapture missions since the drag

can be “turned o↵” mid-flight by simply detaching the ballute from the vehicle
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(which can be di�cult for attached IADs). This reduces the e↵ect of atmosphere

uncertainty and improves trajectory precision [35, 36].

Attached IAD

Attached IAD is directly connected to a blunt entry vehicle with no aerodynamic

component operating in the wake, allowing higher drag generation than the trailing

IADs especially at high Mach numbers [18]. The structural dynamic behaviour is

also more predictable [37, 38]. Meanwhile, utilisation of attached IAD can reduce

the aft side heating on the entry vehicle, thus eliminating the vehicle backshell.

This saves structural mass, enables easy access to the payload and reduces system

complexity [39].

The present study focuses on developing an attached deployable aerodynamic de-

celerator rather than a trailing one for its potential advantages mentioned above.

The three existing types of attached IADs are shown in Figure 1.4, including at-

tached isotensoid, attached tension cone, and stacked torus, as discussed below.

Attached isotensoid

Attached isotensoid was first proposed in the late 1960s. It has a shape that induces

uniform stress in the bladder material under a specified internal and external

pressure distribution. This prevents wrinkles and allows a simple and lightweight

construction with constant material thickness throughout the inflatable chamber

[33]. Typical attached isotensoid is shown in Figure 1.5, which is inflated by ram-

air through the inlets. It uses a burble fence to regulate the flow separation in

order to remain stable at subsonic speed [40].

However, the ram-air inlet and the burble fence induce stress discontinuities as
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Figure 1.5: Cutaway view of a typical attached isotensoid [33]

well as severe heating during hypersonic flight. The limited drag coe�cient from

the isotensoid shape also prevents it from achieving high structural e�ciency [41].

NASA’s Low Density Supersonic Decelerator (LDSD) Project has recently devel-

oped two attached IADs for future Mars missions, one of which is an inflatable

isotensoid with a 8 m diameter attached to a 4.7 m rigid aeroshell [42]. It is de-

signed to deploy at Mach 4 and a dynamic pressure of 2000 Pa. Gas generators

are used for initial inflation, while full inflation is achieved by ram-air [43].

Attached tension cone

Tension cone, also known as tension shell, was proposed in the mid 1960s and

revisited in recent years [44, 45, 46, 47]. It consisted of a thin conical shell with

the frontal edge attached to a rigid blunt aeroshell and the trailing edge attached

to an inflatable torus. The name “tension cone” comes from the fact that the

conical shell is tensioned and stabilised by the torus. Figure 1.6 shows a typical

design [48].

Tension cones have the potential to be lightweight in comparison with isotensoid
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Figure 1.6: Front view of a tension cone IAD wind tunnel model under aerody-
namic pressure [48]

when designed to deploy at a low dynamic pressure [49]. Studies have also sug-

gested that simple structural reinforcement can be used to sti↵en the structure

and reduce inflation pressure requirement at little expense of structural mass [48].

However, the conical shell inevitably forms a concave shape under aerodynamic

load (Figure 1.6), which can induce attached shock waves that lead to excessive

heating and may hinder its application for hypersonic flight [18].

The Japanese “flare-type membrane aeroshell” which has successfully performed a

sub-orbital test in 2012, uses a tension cone design. It has a diameter of 1.2m and

survived re-entry at Mach 4.6 and a dynamic pressure of 500 Pa, and stable flight

was achieved despite of the flexibility of the tension cone structure [50, 51, 52].

Stacked torus

Stacked torus is a promising design developed in the Inflatable Re-entry Vehicle

Experiment (IRVE) by NASA’s Hypersonic Inflatable Aerodynamic Decelerator
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(HIAD) project [53, 54]. It can be viewed as a derivative from the tension cone

configuration, where the tension shell is supported by a stack of tori and thus

achieves significantly higher structural sti↵ness and more stable aerodynamic pro-

file [55]. This allows the IAD to be used during a hypersonic entry and reliably

form a wide variety of shapes with high drag coe�cient including lift-generating

bodies with unsymmetrical characteristics [56, 57].

Figure 1.7: Stacked torus IAD on the IRVE-4 vehicle under stowed (left) and
deployed (right) conditions [54]

Three IRVE vehicles similar to Figure 1.7 have been successfully tested through

sub-orbital flights, reaching a speed of Mach 10, a peak deceleration of 20 g, and

a peak heating of 14 W/cm
2 [38, 39, 58]. The decelerator consisted of seven toris

with the maximum diameter of 3 m inflated by internal gas generators. A scaled-

up version with 8.3 m diameter and 5 ton entry mass is also proposed [59]. Other

designs that use extra inflatable chambers to reinforce a tension shell have also

been reported, such as the inflatable Re-entry and Descend Technology (IRDT)

vehicle developed and tested by ESA [60, 61, 62, 63, 64].

The high structural sti↵ness of stacked torus IADs allows none-zero angle of at-

tack (AoA) and thus enables lifting manoeuvres. The manoeuvre can be realised

by steering (rolling) the vehicle with a Centre of Gravity (CG) o↵set or an un-

symmetrical aeroshell, or actively moving the CG [54, 57, 65, 66]. Unconventional
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methods have also been proposed, including mechanically distorting/morphing the

shape of the IAD [67, 68], or using a controlled flap [69].

Flexible Thermal Protection Systems (FTPS)

Thermal protection is an important restraining factor of IADs, which can occupy

a significant portion the decelerator’s mass as well as stowage volume. Unlike

conventional rigid heat shield, a deployable decelerator requires Flexible Ther-

mal Protection System (FTPS) to protect the structure while allowing stowage.

Since delicate elastomers such as silicone coatings are used on the inflatable cham-

bers to achieve air-tightness, the chamber surface temperature is limited to 250�
C

[70]. This thereby requires thick FTPS materials to warp around the inflatable

structure. Various commercial o↵-the-shelf products have been validated by high

temperature wind tunnel tests, with 3MTMNextelTMBF-20 woven ceramic fabric

identified as a suitable heat-resisting frontal layer [71, 72, 73, 74, 75]. Figure

1.8 is the FTPS layup used on the flight-proven IRVE-3 vehicle which survived

14W/cm
2 heating. It consisted of NextelTMfrontal layers, Pyrogel R� insulating lay-

ers, KaptonTMgas barriers as well as a KevlarTMstructural layer [70]. The HEART

vehicle concept has provided a mass estimation, where FTPS with a similar layup

weighs 1.4 times of the inflatable bladders [59].

1.2.2 Mechanically deployed decelerators

Deployable mechanisms based on hinges, sliding joints and rigid linkages, such

as umbrella, have been evolving for a long time. They have achieved impressive

packing ratio, lightweightness, and strength.

In 1959, AVCO-Everett Research Laboratories developed a variable area air brake
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Figure 1.8: FTPS layup used on the flight-proven IRVE-3 vehicle, including
temperature-resisting frontal layers, insulating layers and gas barriers [70]

system based on hinged flaps for a manned capsule to enable various manoeuvres

[76]. The development was a↵ected by the lack in high strength materials at that

time, and the adaptation of the design has not been reported. In 1989, an umbrella-

like deployable heat shield called ParaShield was developed in the University of

Maryland [77]. In 1996, a ParaShield consisted of flexible silicon-oxide skirt and

titanium arms was proposed for the return of BREM-SAT-2 satellite with 86 kg

entry mass [78].

Figure 1.9: ADEPT mechanically deployed vehicle consisted of deployable struts
and flexible carbon fabric skirt (skirt not shown) [79]

An increasing number of design concepts have been reported since the beginning of

the new century. The most studied concept is NASA’s Adaptive Deployable Entry

Project (ADEPT), which uses ribs and struts to deploy and support a 3D woven
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carbon fabric skirt, forming a near-rigid aeroshell with either axisymmetrical or

unsymmetrical shape [80]. Various design variations are proposed for a range of

missions, including manned mission to Mars [81], CubeSat-sized probe to Mars

[82], low ballistic entry system to Venus [83], as well as small payload recovery

to Earth [84]. Other umbrella-like design concepts include the Italian Re-Entry

Nacelle (IRENE) [85, 86], the CubeSat De-orbit and Recovery System (DCRS)

[22], and another study has proposed an adjustable heat shield that can control

the degree of deployment for de-orbiting control, then fully deploy during entry

[87].

Another design called Tube Deployed Re-entry System (TDRV) uses an uncom-

mon but concise configuration with a slender cylindrical front body and a flat-

disk-shaped skirt loosely supported by four struts. During a sub-orbital test at

near Mach 5, it recovered from a tumbling motion despite the extreme structural

flexibility [25].

1.2.3 Rotary wing decelerators (RWD)

In 1959, deployable rotors have been proposed to assist the Entry Descent and

Landing (EDL) of conventional entry vehicles [88, 89]. The proposed design has

a unpowered helicopter-like rotor that spins up in upward stream and utilises the

local horizontal velocity induced by the autorotation to generate lift. The lift

therefore decelerates the vehicle and enables landing manoeuvres. It follows the

operating principles similar to an autogyro [90]. Figure 1.10 shows a typical rotary

wing decelerator proposed for a NASA crewed vehicle [91].

However, wind tunnel tests have suggested that high lift-drag ratio (L/D > 2)

can be achieved only at < Mach 0.3 descent rate when the rotor is not stalled
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Figure 1.10: NASA Mars crewed vehicle concept equipped with a free-spinning
foldable rotary wing decelerator that deploys at subsonic speed and stratosphere
altitude, to enable precise landing manoeuvres [91]

and the local dynamic pressure experienced by the rotor blades can be notably

higher than the freestream [92]. Furthermore, the rotor cannot be deployed during

the hypersonic flight regime without over-speeding unless precise pitch control is

implemented [93, 94]. Deployment during the flight regime with severe heating

has to be strictly avoided since the blade experiences high heat flux as a result

of its inevitably high surface curvature and shock impingement from the capsule

body [95]. Therefore, later designs usually have the RWDs deployed at supersonic

or subsonic speed including a NASA four-rotor foldable Venus descending system

[96], a single rotor NASA crewed vehicle with foldable blades (Figure 1.10) [91],

an ESA Martian lander with a inflatable rotor [97], and a NASA probe to Titan

[98]. In these concepts, the proposed mass ratio of the rotor system in the vehicle

gross weight is usually close to 15%, which is similar to IADs [59]. However, the

rotor decelerator is an improved alternative for parachute to enhance landing per-

formance rather than optimising the whole entry trajectory, thus will not provide

a solution for Mars heavy entry system or small sample return vehicle/probe as

mentioned at the beginning of §1.2.
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Although RWD is not a solution to the entry problem in the scope of the present

study, it is discussed here because it not only demonstrates autorotation and cen-

trifugal sti↵ening, but also has the potential to achieve self-regulated passive oper-

ation. In fact, the rotor decelerator design was first reported in the 1940s, known

as Rotochute (combination of words “rotor” and “parachute”), and was intensively

studied as an aerial delivery system by the Kaman Aircraft Corporation during the

1950s [92]. It uses a slender vehicle with a variable-pitch rotor at the rear end. The

rotor blades are folded back when the Rotochute leaves the aircraft, then deploys

under centrifugal force due to auto-rotation. The blade pitch is regulated by an

empirically designed spring-loaded centrifugal governor to limit the spin rate to a

prescribed value. The deployment angle of the blades also reacts to the spin rate

and descent velocity [99, 100].

It is therefore a self-regulating passive centrifugal deployment, where the spinning

motion is generated by harvesting the descending kinetic energy, and the blade

deployment determines the blade pitch and thereby regulates the autorotation.

However, no passive governor has been proposed in the RWD entry systems, which

usually use active blade pitch control to serve the purpose of landing manoeuvre.

1.2.4 Summary of deployable aerodynamic decelerators

To realise an entry system that can be stowed in a limited volume and deploy to

achieve low ballistic coe�cient, various deployable aerodynamic decelerators have

been developed.

Inflatable Aerodynamic Decelerator (IAD) is intuitively a reasonable solution to a

lightweight deployable structure since it combines the superior tensile strength of
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flexible fibrous materials (inflatable bladder material) with the compressive resis-

tance of gas, and gas is the ultimate flexible and lightweight material. However,

inflation requires an actively controlled gas storage system or gas generator that

adds weight and complexity to the system, or ram-air inlets that limit the flight

regime to super/subsonic due to excessive local stress and heating. Meanwhile, the

flexible air-tight materials used on the pressurised chamber require a low operating

temperature, which means a massive Thermal Protection System (TPS) is usually

needed.

The umbrella-like deployable mechanism is a conventional and straightforward

approach. According to a low-fidelity analysis, mechanically deployed decelerators

tend to provide higher payload mass fraction and thus are advantageous to the

stacked tori IADs when the decelerator is large (> 6 m diameter) and ballistic

ratio is high (> 20 kg/m
2) (note that a precise and detailed comparison between

the two types of deployable decelerators is not yet viable due to the immaturity of

both and the lack in high fidelity design studies) [83]. However, it is di�cult for

the mechanically deployed decelerators to achieve the stowage compactness of an

IAD due to the constraint from rigid structural components.

Rotary Wing Decelerator (RWD) can slow down a spacecraft or an aerial vehicle

and enable manoeuvres during the final descent and landing. However, the ex-

cessive aerodynamic heating on rotor blades as well as the risk of over-spin has

limited its application to super/subsonic speed and lower altitude. Nevertheless, it

demonstrates a self-regulated passive centrifugal deployment, thus has similarity

to the decelerator design proposed in the present study.

Meanwhile, centrifugal deployment, which is particularly useful in deploying a large

axisymmetric structure, has not been explored in the field of EDL systems. Al-

though in-orbit centrifugal deployment of large space structures is still a challenge,
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a spin-deployed aerodynamic decelerator operates in a damping environment (at-

mosphere), and has significantly higher structural sti↵ness than a gossamer space

structure, thus can be more easily stabilised. The potential of realising a robust

and concise system with self-regulating passive operation also remains to be ex-

plored.

1.3 Solar sailing

In comparison with aerodynamic decelerators, gossamer spacecraft such as solar

sails have significantly stricter requirement on structural weight and packing ratio,

which makes it an early adopter of centrifugal deployment.

The vision of utilising Solar Radiation Pressure (SRP) to propel a spacecraft was

first recorded in 1610 by Johannes Kepler, who observed the inclination of comet

tails due to solar radiation: “...provide ships or sails adapted to the heavenly

breezes, and there will be some who will brave that void” [101]. E↵orts towards the

technical realisation of this vision started in the 1960s [102, 103], and the existing

solar sail design concepts can be classified into three types [101]: rigid solar sails,

spinning disk sails, and heliogyros, which are discussed in §1.3.1 - §1.3.3.

The acceleration gained from SRP, aSRP follows the relationship below, where m

is the vehicle mass, Ssail is the sail area, and �sail is defined as the sail loading

[101]:

aSRP =
PSRP · m

Ssail
=

PSRP

�sail
(1.1)

It can be seen that minimising the sail loading is crucial for maximising aSRP .

Therefore, solar sails strongly demand a lightweight compact reflector that can
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deploy to realise a very large sail area. As a result, centrifugal deployment has

been considered since the early stage of its technological development in the 1960s,

as seen in the spinning disk sail and heliogyro designs.

In addition, solar sail technology could also benefit other gossamer space structures

such as solar wind electric sails [104] and drag sails [105].

1.3.1 Rigid solar sails

Rigid solar sail uses rigidisable deployable structures [106, 107], inflatable booms

[108] or deployable mechanisms [109] to form a skeleton, which provides overall

sti↵ness against structural loads from SRP and flight manoeuvres. The reflective

sail membrane can be stowed compactly as a folded origami and then unfolded

when stretched out from the package by the skeleton. Figure 1.11 provides an

example, where a Kapton film is unfolded and supported by deployable Carbon

Fibre Reinforced Polymer (CFRP) booms [110].

However, due to the nature of elastic rigidity, the supporting skeleton does not

scale up well. Studies suggest that rigid sails become increasingly disadvanta-

geous in comparison with centrifugally deployed sails when the sail area exceeds

approx. 50, 000 m
2, due to the high structural mass required to overcome Euler

buckling limit [111]. However, the rigid sail is a typical configuration among early

demonstrators [112, 113].

1.3.2 Spinning disk sails

The spinning disk sail achieves a compression-free condition under the spin-induced

centrifugal force, thus eliminating the elastically rigidised supporting structures
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Figure 1.11: Solar sail demonstrator designed by DLR, which utilises a rigid sail
architecture with 10 m rigidisable booms that form a deployable load-carrying
skeleton [110]

and thereby the risk of buckling [111]. Deployment of this type of structure was

first successfully demonstrated in 1993 [9], and the first interplanetary solar sail

IKAROS launched and deployed by JAXA in 2010 was a spinning disk sail (Figure

1.12) [114]. IKAROS uses a 14 m ⇥ 14 m square sail centrifugally deployed from

a 1.6 m diameter central vehicle following quasi-static deployment steps [12, 115].

It has also demonstrated propellant-less attitude manoeuvres using Reflectance

Control Devices (RCD) [4, 116]. The RCD, which is similar to a Liquid Crystal

Display (LCD), has controllable reflectivity and thus varies the magnitude of SRP

[117, 118].

However, although a spinning disk configuration is naturally suitable for large

sails from a sail loading point of view [111], folding of an origami sail becomes

increasingly challenging for a larger reflector. This is not only due to the practical

di�culties of folding the sail, but also because the increasing film-thickness-e↵ect

restricts the packing ratio [119, 120].
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Figure 1.12: Interplanetary spinning disk sail, IKAROS, developed by JAXA,
which demonstrates quasi-static centrifugal deployment as well as propellant-less
attitude control using Reflectance Control Devices (RCD) [114]

1.3.3 Heliogyros

First proposed in the 1960s [2], the heliogyro is also centrifugally deployed and

sti↵ened, but unlike a disk sail, it uses slender rectangular reflectors that resembles

helicopter rotor blades (Figure 1.13) [3]. This enables a concise and elegant system,

where the sail can be stowed by simply winding onto a mandrel on the central

vehicle rather than folding along complicated patterns like a disk sail, thereby

providing the optimum packing ratio. Six Degree of Freedom (DoF) attitude

manoeuvres can be achieved by actively adjusting the pitch of the blades similar

to a helicopter rotor. In the late 1970s, NASA has proposed an ambitious Halley

Rendezvous sailer with twelve 8m⇥7.5km blades [121]. However, the sheer blade

slenderness ratio and the spinning motion lead to complex dynamic behaviours,

which is further complicated by the blade pitch control as it induces blade twisting-

distortion and out-of-plane deflections [122, 123, 124].

Very few design concepts have been reported until recently, as the successful
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Figure 1.13: Heliogyro demonstrator designed by NASA, which is a 18.3kg vehicle
with six 0.75 m ⇥ 200 m blades rotating at ⇠ 1 rpm, note that the blades are cen-
trifugally deployed by rolling-o↵ from mandrels, and the mandrels actively adjusts
the blade pitch to realise attitude manoeuvres [3]

IKAROS mission in 2010 has renewed the interest in solar sailer technologies

within NASA [125], and low-cost demonstrator concepts have started emerging.

The concept named HELIOS uses a conventional design with six 0.75 m ⇥ 200 m

blades (Figure 1.13). Enabled by modern computational tools, studies based on

HELIOS have been carried out to understand its dynamic and solar-elastic be-

haviours, which have suggested that an actively controlled spin rate is required

to prevent flutter especially during deployment [125, 126]. Tip-mounted RCD is

also proposed for active blade pitch control, which could significantly improve the

blade twist (pitch) dynamics [127, 128, 129]. Another conceptual design of a 2-

blade CubeSat-based demonstrator has proposed an innovative attitude control

method where the blades are actively extended/retracted to o↵set the centre of

SRP from the centre of mass and thereby steer the spacecraft [130]. This design

overcomes the complexity of blade twisting behaviours as it keeps the blades flat
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during manoeuvres, though the e↵ect of rapid change in angular inertia caused by

such control remains to be explored.

It worth noticing that the utilisation of RCD has created an innovative solution

to the heliogyro control problem, which varies the material’s response to sunlight

rather than directly inducing structural distortions. However, RCD only controls

the magnitude of SRP, while more advanced active materials with adjustable SRP

direction, if possible, could potentially be used to achieve flight control while in-

ducing less structural deformation and realise a more intelligent system.

1.3.4 Advanced space gossamer materials

Expanding the functionality of materials can relieve the requirement on supporting

structures, actuators and controllers, thus enabling a lightweight, concise, and

potentially intelligent system [131, 132, 133]. Advances in space gossamer materials

could benefit or even radically change the design of solar sails as well as other

gossamer spacecrafts.

Shape memory alloys or polymers can return to a pre-defined shape from a highly

distorted configuration, or achieve active shape control without using complicated

actuators and controllers [134, 135]. Similarly, a lightweight porous material made

of interlinked short fibres called “microtruss fabric” can elastically return to a

designed shape owing to its high elastic limit [136]. Self-rigidising composites

can rigidise an inflated bladder using resins that cure when exposed to ultraviolet

radiation in space, and acquire structure sti↵ness without maintaining gas pres-

sure [137]. Electroactive morphing materials such as piezoelectric ceramics can

actively damp vibrations or induce precise structural distortions while allowing

a flexible and lightweight construction [138, 139, 140]. Membranes with residual
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stress can automatically roll-up into a cylinder when unconstrained, and realise a

self-assembled structural reinforcement [123]. Flexible thin film solar cells can be

embedded into gossamer membranes to harvest solar energy and supply power to

actuators and controllers, thereby eliminating the need for other power sources [4].

On the other hand, recent advances in origami meta-structures and self-folding

smart membranes could provide a new type of advanced space gossamer material,

which can transform from a 2D sheet into a 3D structure by environmentally-

triggered folding along an origami crease pattern. The folded origami can realise

design-able mechanical properties and load-carrying capability. It could also serve

as a building block for future tuneable meta-structures with built-in functionalities

[141, 142, 143, 144, 145]. Meanwhile, various self-folding smart materials have been

reported, with morphing activated by environmental changes such as heat and light

[146, 147, 148], and self-folding along origami patterns have been proven possible

[149, 150].

However, smart space gossamer materials of this type have not been reported so

far, and no self-folding membrane has been developed with space applications in

mind, while low-cost mass-production is usually not feasible.

1.3.5 Summary of solar sailing

In order to maximise the �v gained from solar propulsion, the major objectives

of a practical solar sail design are: minimising structural mass, and maximising

sail area. Therefore, among the three existing sail configurations, the option of

rigid sails can be eliminated since the reliance on elastic structural rigidity makes

it disadvantageous. The spinning disk configuration is also questionable for very

large sails due to the issue of packaging. Heliogyro, for which the behaviour is not
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thoroughly understood, and no orbital test has been attempted, tends to be the

most scalable configuration among the three.

One of the issues faced by the heliogyro is the complex and uncooperative struc-

tural dynamic behaviours of the extremely flexible structure in a low-damping

space environment. With the interest in heliogyro renewed in recent decades, re-

searchers are proposing solutions including actively controlling the spin rate during

deployment to avoid unstable regimes, and utilising Reflectance Control Devices

(RCD) to damp blade oscillation.

On the other hand, developments in smart materials such as RCDs and thin film

solar cells have extended the functionality of gossamer space structures. Similarly,

self-folding origami membranes, if feasible, could create a new paradigm that pro-

vides a universal design methodology. It could allow mechanical, and potentially

other physical properties such as optical properties, to be “programmed” into the

gossamer structure by converting the membrane into an origami meta-structure.

Combined with a space-grade and mass-producible self-folding material, such gos-

samer structure could enable an intelligent system that self-assembles and operates

passively.

1.4 Research contributions and thesis structure

The present study starts from the understanding that a self-regulated passive

centrifugal deployment can be achieved if the spinning motion was driven by an

environmental torque with passive feedback from the deployment condition. The

study demonstrates that this principle can be applied to deployable space systems

whilst realising an elegant design that is concise, lightweight, and can be compactly

stowed. Specifically, in this thesis, two deployable systems are developed, which
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respond to the demand from two particular space applications: deployable atmo-

spheric entry system and solar sail. The thesis is therefore divided into two parts:

centrifugally deployed flexible aerodynamic decelerator; and passive centrifugal

deployment of heliogyro.

The major research contributions to the field of deployable entry systems include:

1. Proposed a heat shield design with self-regulated passive centrifugal deploy-

ment, based on an autorotating flexible stitched fabric shell with a spin rate

determined by its deployment condition;

2. Revealed its potential to realise a concise deployable entry system with less

critical components, higher tolerance to heating thus lightweight thermal

protection system, better stress distribution thus lower structural mass.

3. Demonstrated a method to actively control the deployment using conven-

tional attitude control devices, which enables downrange manoeuvre and

structural oscillation suppression with a concise control algorithm;

4. Provided a scaling law, and demonstrated its excellent scalability, which

makes the design suitable for a wide variety of missions from landing heavy

payloads on Mars to sending swarms of miniaturised probes, with the vehicle

entry mass ranging from 5 ton to 30 g.

The major research contributions to the field of solar sails include:

1. Proposed a heliogyro-type solar sail with meta-structure reflectors to enable

passive self-regulated spin and deployment;

2. Demonstrated its ability to follow a “programmable” deployment history, as

well as its quasi-static operation that prevents structural dynamic issues;

3. Designed an origami meta-structure with high level of control over solar
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radiation pressure and design-able mechanical properties;

4. Proposed a smart space membrane with self-folding behaviour triggered by

sunlight, which is based on commercial space-grade materials and is mass-

producible.

The specific thesis structure is described below:

• Chapter 1 presents the main research idea of utilising self-regulated passive

centrifugal deployment in space systems, as well as the two specific objec-

tives demonstrated by a survey of the demand for deployable aerodynamic

decelerators and solar sails.

Part I describes the development of the deployable heat shield, which contains

three chapters based on three standalone but related studies:

• Chapter 2 includes a published paper where the baseline design of a CubeSat-

sized vehicle with a centrifugally deployed flexible heat shield is proposed.

Analytical analyses and numerical simulations are used to predict the dy-

namic behaviours of the heat shield during atmospheric entry and demon-

strate its self-regulating passive centrifugal deployment. The study also

shows the potential benefits including being lightweight, compact, and hav-

ing a reduced surface temperature.

• Chapter 3 is based on another submitted paper that demonstrates the active

deployment control of the heat shield proposed in Chapter 2. With a clearer

understanding of the heat shield system, an active control loop is added

into the self-regulating system using a reaction wheel. It achieves consid-

erable downrange manoeuvrability and suppresses the limit-cycle structural

oscillation of the heat shield during simulated re-entry.

• Chapter 4 contains another paper, which shows that the vehicle can be scaled
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to have entry mass between 30 g � 30 ton to allow a variety of missions while

having advantages over existing solutions. Ground experiments and drop

tests are carried out to verify the trajectory simulator while revealing the

low-speed flight dynamics.

Part II describes the development of a heliogyro-type solar sail, and consists of

two chapters, capturing the two aspects of the proposed design concept:

• Chapter 5 includes a submitted paper on a heliogyro concept with self-

regulated passive centrifugal deployment. The design uses an origami meta-

structure reflector to propel the rotation of the heliogyro while achieving a

closed-loop passive control over spin rate and sail deployment. Simulations

are used to demonstrate its ability to follow a pre-defined spin rate history

during deployment, while preventing over-spin after full deployment. Mean-

while, the sail remains flat and thereby has simplified dynamic behaviours.

• Chapter 6 contains a submitted paper, which proposes a self-folding mem-

brane that transforms a 2D reflective film into the 3D meta-structure reflector

of Chapter 5 upon exposure to sunlight. The smart membrane is based on

space-qualified materials and is potentially mass-producible. The heat acti-

vated formation of the origami reflector is demonstrated in the laboratory.

Finally, Chapter 7 summarises the achievements presented in this thesis, with

conclusions drawn, and future works suggested.



Part I

Application to Deployable

Aerodynamic Decelerators
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Chapter 2

Passive centrifugal deployment of

a CubeSat re-entry heat shield

This chapter includes a published paper where the baseline design of a CubeSat-

sized vehicle with a centrifugally deployed flexible heat shield is proposed. An-

alytical structural dynamic and aerodynamic models are constructed, compared

to numerical simulations, and incorporated into a trajectory simulator. The sim-

ulator is then used to predict the dynamic behaviours of the heat shield during

atmospheric entry and demonstrate its self-regulating passive centrifugal deploy-

ment. The paper also illustrates the benefits of utilising centrifugal deployment

on an aerodynamic decelerator, including being lightweight, compact, and having

a reduced structural temperature.
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2.1 Paper I: Design concept and preliminary anal-

yses

Flexible Heat Shields Deployed by Centrifugal Force

Authors: Rui Wu, Peter Roberts, Constantinos Soutis, Carl Diver
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Statement of own contributions in joint authorship:
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ANSYS Finite element transient structural analyses.

Statement of other contributions:

The 3 DoF trajectory simulator, which is a part of the SIMULINK model, is

constructed by Daniel Vidal Rodriguez during his Masters project.

Note: Supplementary material is available in Appendix A.1 and A.2.



Flexible Heat Shields Deployed by Centrifugal Force

Rui Wua,⇤, Peter C.E. Robertsa, Constantinos Soutisb, Carl Divera
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bThe University of Manchester Aerospace Research Institute, UK

Abstract

Atmospheric entry aerodynamic decelerators which also provide thermal protec-

tion do not scale well for smaller payloads (e.g. CubeSat) or where the planets

atmosphere is significantly less dense than the Earth’s (e.g. Mars entry). Both cases

require heat shields larger than can be accommodated either within the launch vehi-

cle fairing, or within acceptable payload volumes, so deployable shields are required.

Unlike previous designs proposed to fulfil this requirement like inflatable structures or

deployable solid mechanisms, the presented research addresses this by utilising iner-

tial force, or specifically, centrifugal force generated from autorotation to deploy and

sti↵en a flexible heat shield. Structural dynamic analyses including the trajectory

simulation on a CubeSat sized system has shown that the autorotation and deploy-

ment form a closed loop which reliably leads to an equilibrium of deployment, while

the heat shield is near fully deployed at altitudes higher than 30 km with tolerable

spin rate (< 6 rps) and oscillation. Thermal analysis suggests that a front surface

temperature reduction of 100K is achievable on a CubeSat sized vehicle as unlike

inflatable structures, no thermal insulation is needed around the flexible material.

This design concept can realise a lightweight, compact and concise entry system.

⇤Corresponding author
Email address: rui.wu@manchester.ac.uk (Rui Wu)
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Nomenclature

a = ratio of the first stage diameter in the second stage generatrix length

adec = deceleration (m/s2)

CD = drag coe�cient

d = heat shield thickness (m)

e = surface emissivity

fstruc. = structural natural frequency (Hz)

fpitch = aerodynamic pitching frequency (Hz)

f� = spin rate of autorotation in Hz (Hz)

Ideploy = shell’s angular inertia associated with its deploying motion (kg · m
2)

Ispin = spin angular inertia of the vehicle (kg · m
2)

k = maximum angle of autorotation per unit descent (rad/m)

l = length along generatrix (m)

L = length, or the generatrix length of the flexible second stage (m)

m = mass (kg)

M = total deploying moment (N · m)

MFC = Deploying moment caused by centrifugal force (N · m)

Mg = Deploying moment caused by deceleration (N · m)

Mload = Anti-deploying moment caused by load (N · m)

NC = normalised conductivity (W/K · m2)

Nd = cross-sectional diameter scaling factor
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NL = length scaling factor

Nm = mass scaling factor

Nm� = mass scaling factor for constant sti↵ness

Nm� = mass scaling factor for constant strength

�p = pressure di↵erence

q = dynamic pressure (Pa)

QC = conductive heat flux through the heat shield thickness (W/m2)

QR = radiative cooling heat flux (W/m2)

QS = stagnation point heat flux (W/m2)

r = radius of a ring element (m)

R = radius of stagnation point surface curvature (m)

S = area (m2)

t = time (s)

T = temperature (K)

v = descending velocity (m/s)

↵ = angle of attack

✓ = deployment angle (rad)

✓dstb = deployment angle at a disturbed condition (rad)

� = e↵ective torsional sti↵ness of the second stage associated with the

deploying motion (N · m/rad)

� = thermal conductivity (W/m · K)

⇢ = atmospheric density (kg/m3)

⇢S = surface density of the heat shield (kg/m2)

� = Stefan-Boltzmann Constant = 5.67 ⇥ 10�8 W/(m2K4)

⌧ = axial aerodynamic torque (N · m)
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! = spin rate (rad/s)

!dstb = spin rate at a o↵-equilibrium condition (rad/s)

ADEPT = Adaptable Deployable Entry and Placement Technology

DoF = Degree of Freedom

FTPS = Flexible Thermal Protection System

HEART = High-Energy Atmospheric Reentry Test

IAD = Inflatable Aerodynamic Decelerator

IRVE = Inflatable Reentry Vehicle Experiment

LEO = Low Earth Orbit

Subscripts

front = front surface

back = back surface

1. Introduction

Atmospheric entry reduces the kinetic and potential energy of a spacecraft, allow-

ing soft landing on a planetary surface. However, the entry process depends on the

atmospheric properties, and the entry system design has to be adapted for various

planetary environments as well as payloads. Current Mars entry systems usually

consist of a rigid blunt aeroshell that decelerates the payload from hypersonic to

supersonic speed, and a parachute that deploys at supersonic velocities and lower

altitudes. However, Mars entry requires a low ballistic ratio, m/SCD, to e↵ectively

slow down the vehicle through the thin Martian atmosphere, meaning the size of

rigid aeroshells is approaching the fairing capacity of existing launching vehicles and

future missions with heavier robotic systems or manned vehicles are not achievable
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using the current rigid aeroshell technology. The quest for a new system that could

enable heavier payloads to be landed on Mars calls for a deployable aeroshell that

can be stowed compactly in a launch vehicle while creating large drag area when

deployed [1, 2, 3, 4, 5]. Meanwhile, a deployable aeroshell could also address the

demand for a CubeSat-sized recoverable platform for in-orbit scientific experiments

since a low ballistic ratio is favourable for thermal control. This is challenging due

to the high surface curvature and surface area to volume ratio of small vehicles. Fur-

thermore, the low ballistic ratio could waive the necessity for a parachute due to the

low terminal velocity. This also enables a single decelerator system that is inherently

safe since it burns up in the atmosphere in case of deployment failure. A few e↵orts

have been reported in this area [6, 7, 8].

To realise a deployable aeroshell, various designs were investigated during the

1960s and the 1970s. Although very little research has been reported from the mid

1970s to the mid 2000s, the recent demand for more advanced missions outside

the existing systems’ performance envelope has promoted renewed interest. The

Inflatable Aerodynamic Decelerator (IAD) is the most studied concept, which has

seen various adaptations in recent years [9, 10, 11, 12, 13, 14], such as the Inflatable

Reentry Vehicle Experiment-4 (IRVE-4) vehicle shown in Fig. 1a [13]. An IAD forms

a blunt shape using flexible pressure chambers inflated by either internal or external

gas sources. It utilises the superior tensile strength and sti↵ness of the pressure

chambers made from a flexible fabric, as well as the compressive properties of gas,

which is the ultimate lightweight and flexible material. In addition to IAD, there have

been a few published concepts on conventional umbrella-like mechanisms consisting

of rigid structural elements connected by revolving or sliding joints [15, 16, 17], such

as the Adaptable Deployable Entry and Placement Technology (ADEPT) concept

shown in Fig. 1b [18]. Such a structure could allow shape morphing during the entry,
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and therefore, enable trajectory control [6, 19].

(a)

(b)

Figure 1: Two types of deployable entry system concepts, (a) the IRVE-4 vehicle with an IAD [13],

(b) the ADEPT concept with a mechanically deployable heat shield [18].

On the other hand, while both the mechanically deployable structures and the in-

flatable structures are deployed and stabilised by elastic forces from solid or gaseous

materials, a structure can also be deployed and achieve sti↵ness using inertia forces.

For example, the increased bending sti↵ness of a spinning helicopter rotor is a well-

studied phenomenon of centrifugal sti↵ening [20]. Meanwhile, studies have also

shown that centrifugal force can be utilised to deploy large flexible space struc-

tures. Although the lack in internal and external damping is a challenge for flexi-

ble structures in an orbital environment, the Anamya-2 experiment has successfully

demonstrated the centrifugal deployment of a 20-metre wide space mirror [21, 22, 23].

The application of inertia forces could open up new types of entry systems that may

potentially benefit from the advantages of centrifugal deployment, including being

lightweight, compact and needing low power for deployment [24, 25].

The presented study shows that it is feasible to use centrifugal force to deploy and

stabilise an aerodynamic decelerator by utilising a flexible morphing heat shield that

passively regulates its deployment and centrifugal force. Specifically, §2 provides a
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very basic comparison between the mass of elastically and centrifugally supported

beams, §3 discusses the design concept in detail and proposes a baseline CubeSat

sized vehicle. Structural dynamic analyses using analytical and numerical methods,

as well as a trajectory simulation on the baseline vehicle are included in §4. The

thermal analyses in §5 shows that the proposed concept also has advantages in terms

of thermal control.

2. Structural Advantages of Centrifugal Deployment and Sti�ening

Structural mass is a major concern for space systems. Here a simplified com-

parison is made between two types of structures deployed by elastic and centrifugal

forces respectively according to the behaviour of a basic structural element. For an

elastically deployed structure, consider a cantilever beam under a transverse aerody-

namic load with a unit load density (thus a constant dynamic pressure), as shown in

Fig. 2a. Consider the nature of aerodynamic load, the overall load on the beam can

be assumed to be / NL
2, where NL is the scaling factor of the beam’s length. The

scaling factor of a parameter means the ratio between the values of the parameter

before and after scaling. Assuming constant material modulus, when scaling the size

of the beam up, a constant deflected shape, thus a constant sti↵ness can be achieved

by keeping a constant aeroelastic-bending parameter according to the linear beam

theory: Nd
4
/NL

4 = 1 (according to the aeroelastic bending similitude parameter

from [26]), where Nd is the scaling factor of the beam’s cross sectional diameter.

Similarly, keeping the maximum normal stress constant requires NL
3
Nd/Nd

4 = 1

(according to Eq. 5-13 from [27]). Therefore, the mass scaling factor Nm / Nd
2
NL

for achieving constant sti↵ness (Nm�) and strength (Nm�) become:

Nm� / Nd
2
NL / NL

3
, Nm� / Nd

2
NL / NL

3 (1)
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Meanwhile, instead of a cantilever beam, the most e�cient way for a rod to

carry load by elasticity is to align the load along the rod axis such as in a truss

structure, as shown in Fig. 2b, so the material is evenly stressed. To analyse a

rod under such a condition, the previous model is used with the distributed load

changed to a force along the rod with its magnitude / NL
2. Ignoring the e↵ect

of buckling for a compression scenario, the similitude of sti↵ness and strength can

be achieved if the strain/stress in the rod remains constant during scaling, which

requires: NL
2
/Nd

2 = 1. Then the mass scaling factors become Nm� = Nm� / Nd
3.

(a) (b) (c)

Figure 2: Schematic view of three types of basic structural elements, (a) cantilever beam supported

by elastic force, (b) axially loaded rod, (c) spinning rod supported by centrifugal force.

For a structure deployed by centrifugal force, consider a rod with a mass of m

and a length of L hinged on one end and spins around an axis that passes through

the hinged point at a spin rate of !, as shown in Fig. 2c. Now apply a uniformly

distributed lateral aerodynamic load with a unit magnitude, and ignore its elastic

deformation which has minor e↵ect on the deployment. Statically the equilibrium

can be reached when the deploying moment from centrifugal force, MFC , equals the

anti-deploying moment from the load, Mload, under a certain deployment angle of ✓,

which is the angle between the rod and the spin axis. Since the total aerodynamic

load is proportional to L
2 as mentioned above, the moment from the aerodynamic
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load becomes Mload / L
3. Meanwhile, the centrifugal force can be expressed as:

m !
2 sin(✓) L (2)

Where the term sin(✓)L is proportional to the radius of the circular motion. Then

from equilibrium, we have:

Mload

MFC
= 1 / L

3

(m !2 sin(✓) L · cos(✓) L)
(3)

Where the term cos(✓)L is proportional to the moment arm of centrifugal force.

Then the mass scaling factor for sti↵ness (or in other words, the condition to achieve

a constant deflection ✓) can be calculated by solving Eq. 3 for m while assuming

constant ! and ✓. The result gives m / L. The scaling factor for strength can

be determined based on the tensile stress in the rod induced by centrifugal force.

According to Eq. 2, this requires:

Nm� !
2 sin(✓) NL/Nd

2 / 1 (4)

Assuming a uniform scaling with NL/Nd = 1, we have Nm� / NL. The results

are summarised in Table 1.

Table 1: Comparison between a cantilever beam, an axially loaded rod and centrifugally deployed

rod.

Condition Stabilisation

force

Mass scaling factor

for constant sti↵ness

Mass scaling factor

for constant strength

Cantilever beam
Elastic

Nm� / NL
3 Nm� / NL

3

Axially loaded rod Nm� / NL
3 Nm� / NL

3

Centrifugally deployed rod Centrifugal Nm� / NL Nm� / NL
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From Table 1, it can be seen that in order to carry a load, the mass of a can-

tilever beam or an axially loaded bar has to increase more rapidly with size than a

centrifugally deployed rod. Therefore, to deploy a large heat shield, centrifugal de-

ployment could be advantageous to elastic deployment in terms of structural mass.

Meanwhile, Table 1 only provides the dependence of mass on linear dimension, while

the e↵ects of other parameters on a centrifugally deployed rod are provided by Eq.

3. For instance, a higher attainable spin rate ! or a lower required deployment angle

✓ leads to lower mass.

Besides the mass saving potential for a large vehicle, centrifugal deployment could

also benefit a small vehicle, such as a CubeSat-sized re-entry vehicle, since it elim-

inates the actuators or pressure vessels in inflatable or mechanically deployed heat

shields and allows a concise system that is self-regulated (as further discussed in §3).

In addition, since a centrifugally deployed structure could minimise the depen-

dence on elastic support and be designed to carry solely tension, it can be constructed

from materials with low flexural rigidity. Therefore, it provides more freedom for

packaging and is likely to achieve higher compactness than a solid deployable mech-

anism.

3. Design Concept

The core of the design concept for the entry heat shield is a flexible thin shell with

a spiral characteristic and a uniform surface density (Fig. 3a). The shape generates

an axial aerodynamic roll-torque that causes autorotation during descent, thus the

spiral characteristic of the shape determines the spin rate at certain descent velocity.

Meanwhile, the autorotation produces a centrifugal force that sti↵ens the shell but

also flattens it (Fig. 3b), thus the spin rate determines the shell’s deployment under

certain external conditions and hence the roll-torque that is produced. Therefore,
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the deployment, the characteristic of the spiral shape and the spin rate form a closed

loop that regulate each other. Since the deployment of the shell can flatten the spiral

shape and reduce the induced roll-torque, the roll-torque is self regulating, leading

to an equilibrium spin rate.

(a) (b)

Figure 3: Shapes of the shell at di↵erent deployed states according to FE (Finite Element) sim-

ulations, (a) a partially deployed state that tends to produce high roll-torques, (b) a near fully

deployed state that leads to low roll-torques and stabilises spin rate.

The spiral shape shown in Fig. 3 is based on an origami pattern, which allows

the heat shield to be packed into a cylindrical shell with a diameter close to the rigid

nose cone of the payload vessel, as shown in Fig. 4. The packing method is similar to

“Wrap-Rib” described in [28]. The ridges and valleys of the spiral shape are aligned

along the folding lines, and the pattern could be tailored to adapt to di↵erent spiral

shapes. The spiral characteristics formed by those ridges and valleys leads to an

aerodynamic roll-torque as discussed in Fig. 3. Since the origami guarantees that

no folding lines pass across the ridges and valleys of the shell during folding, the

creep of material (when the shell is packed) will not significantly change the spiral

characteristics of the shape. This could enable longer mission duration and allow

packaging prior to the spacecraft assembly.

The heat shield is divided into two stages, as shown in Fig. 4. The whole

shell can be unpacked when the first stage deploys, which may be achieved by an

55



Figure 4: Deployed (left) and packed (right) configurations of paper prototypes, showing that the

origami pattern upon which the spiral shape is based allows the heat shield to be packed into a

cylindrical shell. The first stage that can rigidify after deployment, as well as the rigid nose cone

of the payload vessel are labelled.

inflatable or a mechanically deployable structure. The first stage becomes rigid after

deployment, then the flexible second stage can deploy by centrifugal force as discussed

above and increase the drag area significantly. The first stage not only enables the

initial unpacking, but also assists the second stage deployment since it increases the

diameter and therefore, the centrifugal force on the second stage. In the absence

of such a first stage, the flexible second stage could be entangled near the spin axis

where the centrifugal force is low as shown later in the discussion associated with

Fig. 7. The payload vessel is located behind the rigid nose cone, which can be a

conventional thermal protection system (Fig. 5). Although the concept contains an

elastically deployed first stage, the design could still benefit from the advantages of

centrifugal deployment of the second stage as discussed in §2 and potentially achieve

higher packing ratio and lower mass.

In terms of thermal control, such a heat shield requires a FTPS (Flexible Thermal

Protection System) to protect the structure from aerothermodynamic heating while
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(a) (b)

Figure 5: Conceptual design of a vehicle with centrifugally deployed heat shield, (a) front view

showing the basic components, (b) tilted view showing the payload vessel behind the nose cone.

allowing packing and shape morphing. The development of IADs has raised similar

demand, and various material systems including ceramic and organic fibres as well as

flexible insulating materials have been tested in lab environment and in flight tests

[29, 30]. Meanwhile, unlike the airtight pressure chambers of IADs, the proposed

heat shield is a single wall structure that potentially allows high surface temperatures,

which not only eliminates the requirement for heat insulation, but also allows e↵ective

radiative cooling from the aft surface, which is analysed in §5.

For instance, the heat shield can be constructed using stitched woven ceramic

fabrics where the spiral shape is formed using the stitched seams or local reinforce-

ments along the origami pattern, or thermally protected elastomers for lower energy

missions (e.g. suborbital), where the spiral shape is formed by material elasticity.

Meanwhile, the edge (shoulder) of the flexible shell can be rounded by a fold hem

created by folding and stitching similar to the ADEPT concept to prevent excessive

local heating [31].
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4. Structural Analysis

Operation of the heat shield begins after the initial deployment, which rigidises

the first stage and unpacks the second stage. Therefore, the structural analyses

presented here are focused on the behaviour of the flexible second stage during the

ballistic entry. To assess the static and dynamic structural response associated with

the deploying-folding motion of the flexible stage, analytical analysis based on a

simplified model as well as FE simulations with higher fidelity were conducted. A

trajectory simulator was also developed, which accounts for the simplified structural

dynamic model and the 3 DoF (Degree of Freedom) trajectory (assuming the shield

points stably into the flow at zero angle of attack).

A sample re-entry mission from Low Earth Orbit (LEO) is used to characterise

the trajectory as well as structural dynamic behaviours of a CubeSat-sized baseline

vehicle. The baseline vehicle has a total mass of 1.3 kg, a cone semi-vertex angle of

60�, a base diameter of 0.7 m when fully deployed and 0.125 m when fully packed.

4.1. Deployment

In this section, analytical equations are derived to predict the spin rate and de-

ployment angle at certain static conditions, which show satisfactory agreement with

FE simulations. The equations also demonstrate the ability of the shell to recover

after an instantaneous disturbance, and the e↵ects of di↵erent design parameters are

illustrated.

To conduct analytical analysis, a simplified geometrical model similar to the

origami shown in Fig. 4 is made, which consists of panels that are hinged together

along the origami’s folding lines, and allows an axisymmetrical deploying-folding

motion with one degree of freedom. Since this motion is unique, the shapes and

orientations of the panels can be determined by geometry using solely deployment
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angle ✓, then the aerodynamic pressures on the panels can be calculated using the

Newtonian method.

Similar to Eq. 3, deployment requires:

M = MFC � Mload + Mg � 0 (5)

MFC can be evaluated by dividing the shell into ring elements with the mass of

dm (Fig. 6), then integrating the moment generated by the centrifugal force from

each ring element. Each ring element is assumed to be circular and is perpendicular

to the vehicle axis with a certain radius r = aL + l · sin(✓). The term cos(✓) · l in the

following equation is the moment arm of the centrifugal force.

MFC =

ˆ L

0

dm · !
2
r cos(✓)l (6)

Figure 6: Vehicle schematic view, showing the major dimensions of the rigid first stage and the

flexible second stage, as well as the ring element used in calculation.

Note that the heat shield with a certain spiral shape behaves like an unloaded

wind turbine in autorotation, which has a maximum spin rate proportional to de-

scending velocity:
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! = k · v (7)

Where k is determined by the characteristics of the spiral shape and depends

on L, a, and ✓ (those variables are illustrated in the vehicle schematic view shown

in Fig. 6). It is numerically evaluated using the simplified geometrical model and

Newtonian aerodynamics.

Meanwhile, the mass of the ring element, dm can be expressed as below, where

the term 2⇡ · [sin(60�) · l + aL] is the length of the heat shield material around the

ring element:

dm = dS · ⇢S = 2⇡[sin(60�)l + aL]⇢S · dl (8)

According to Newtonian Aerodynamics, the aerodynamic pressure normal to a

surface is [32]:

�p = ⇢v
2sin2(↵) (9)

Then similar to Eq. 6, Mload can be evaluated by integrating the anti-deploying

moment caused by the aerodynamic load, which has a moment arm of l, while as-

suming the second stage is a conical surface with a semi-vertex angle of ✓.

Mload =

ˆ
⇢v

2sin2(✓)l · dS (10)

Where dS = 2⇡r · dl is the surface area of the ring element, and ↵ (in Eq. 9)

is approximated by ✓ for simplicity. Higher fidelity analysis has also been carried

out to evaluate Eq. 10 using ↵ determined from the geometrical model, which yields

similar results for ✓ within ⇡/6 ⇠ ⇡/3 (30� ⇠ 60�). Similarly, Mg can be evaluated
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by integrating the deploying moment from the inertial force induced by deceleration,

which has a moment arm of sin(✓) · l:

Mg =

ˆ L

0

dm · adec sin(✓)l (11)

The deceleration adec can be expressed as below, where CD can be evaluated using

Eq. 9 as a function of ✓.

adec =
qSCD

m
(12)

By substituting Eqs. 6-12 into Eq. 5, the deployment criteria can be derived. In

order to save computational resource, the expression is simplified by setting parame-

ters based on a baseline vehicle design: a = 0.577, and the mass scaling law m / L
3,

then some near-linear terms containing ✓ are linearised. The result is shown as Eq.

13. According to the discussions associated with Table 2, the linear regression has no

significant e↵ect on calculation results, but can considerably reduce the computation

time.

M ⇡ v
2[k2

⇢SL(0.573✓ + 0.788) cos(✓) � ⇢(1.01✓ � 0.431) sin(✓)] � 0 (13)

From Eq. 13, it can be seen that a thinner atmosphere, a higher heat shield surface

density, a larger heat shield size, and a higher k are beneficial to the deployment, as

all leads to a higher value of M .

Meanwhile, ! can be determined by substituting Eq. 7 into Eq. 13. The result

is shown below as Eq. 14. For a certain vehicle design, it can be used to calculate

the required spin rate ! to achieve a deployment angle ✓ under a certain condition

of q by evaluating the term on the right hand side of the equation. However, this

equation does not provide information on whether the overall equilibrium is achieved,
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since the overall equilibrium also depends on the roll-torque generated at such a spin

rate, or in other words, the dependence of k on other factors, which is numerically

analysed in §4.2.

! ⇡

����tan(✓)q(2.01✓ � 0.861)

⇢SL(0.573✓ + 0.788)
(14)

To validate Eqs. 13 and 14, a series of FE simulations have been conducted to

determine whether the predicted deployment angles can be achieved under certain

conditions. A flexible second stage is modelled as shown in Fig. 3, which is based

on the baseline design of a CubeSat sized vehicle that has a base diameter of 0.7 m,

a cone semi-vertex angle of 60� when fully deployed, a total mass of 1.3 kg, an

a value of 0.577, and a surface density ⇢S of 1.1kg/m2. The e↵ect of rotation,

deceleration and Newtonian aerodynamic load are taken into account, and static

non-linear simulations are carried out. The results are shown in Table 2, which also

corresponds the simulated conditions to the flight regimes predicted by the trajectory

simulation discussed in §4.2. The results from the equations with linear regressions

are also reported.

It can be seen that the predictions from analytical equations are not significantly

changed by linear regression. Meanwhile, in comparison with FE simulations, the

equations over-predict the deployment angles by no more than 6� throughout de-

scent, which is acceptable for providing a preliminary understanding about the flight

performance.

Equations 13 and 14 assume a static condition where the total deploying moment

on the shell is zero. However, disturbances during the flight such as abrupt change in

the atmospheric density or structural oscillation could rapidly change the deployment

angle and lead to o↵-equilibrium conditions. The stability of deployment, or in other
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Table 2: Comparison between the deployment angles predicted by the analytical equations before

and after linear regression as well as FE simulations.

Dynamic

pressure

Spin

rate

Deploy. angle

(analytical)

Deploy. angle

(regression)

Deploy. an-

gle (FE)

Condition

180 Pa 5.2 rps 58� 60�(full deploy) 56� Peak dynamic

pressure

26 Pa 1.7 rps 55� 55� 52� 35 km altitude

31 Pa 1.6 rps 50� 49� 46� 24 km altitude

43 Pa 1.4 rps 44� 42� 38� 12 km altitude

60 Pa 1.2 rps 36� 35� 30� Sea level

words, the ability of the shell to recover from disturbance and regain equilibrium is

critical to the survivability of the vehicle. For example, instability could occur after

an abrupt disturbance in case more than one deployment angle could satisfy the

deployment criteria under the disturbed condition, e.g. under certain scenario the

shell may rest near the spin axis where the centrifugal force is low. To analyse the

possibility of instability, Eq. 13 can be rearranged to evaluate the deploying moment

at a certain o↵-equilibrium condition:

M / !dstb
2
⇢SL · cos(✓)(0.573✓dstb + 0.788) � q · sin(✓dstb)(2.01✓dstb � 0.861) (15)

Assuming the disturbance is instantaneous, !dstb can be related to !, the static

spin rate before the disturbance predicted by Eq. 14, according to the conservation

of angular momentum: ! · Ispin(✓) = !dstb · Ispin(✓dstb), where Ispin is a function of

✓ and can be determined based on the simplified geometrical model while ignoring

the angular inertia of payload (considering the relatively low radius of the payload
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vessel).

Then the recovering e↵ect at a disturbed condition can be characterised by the

angular acceleration of the shell’s deploying motion: ✓̈ = M/Ideploy, where Ideploy

is evaluated according to the simplified geometrical model. Thus static stability

requires ✓̈/(✓dstb � ✓) < 0, and a ✓̈ with higher absolute value means more rapid

recovery. The dependences of ✓̈ on a and L are shown in Fig. 7, where the horizontal

axis is the instantaneous deployment angle after the disturbance. Generally, the

design shows that deployment is statically stable, though this does not guarantee

dynamic stability (as discussed later in §4.2 and §4.3). It also worth noticing that

the analysis only considers the rolling motion and deploying-folding motion, while

pitch and yaw instabilities are not considered here.

The recovering e↵ect of heat shields with di↵erent sizes and with two di↵erent

initial equilibrium deployment angles are shown in Fig. 7a and 7b. It can be seen

that ✓̈ reduces with increasing heat shield size as a result of increasing shell inertia.

Analysis that is not presented here has also shown that the shell surface density has a

similar impact. Meanwhile, a higher initial deployment angle before the disturbance

leads to a higher recovering e↵ect due to the higher loads. As shown by Fig. 7c, the

size of the first stage has a non-monotonic impact on ✓̈. An a value of 0.577, which is

chosen for the baseline design, gives a near optimum overall recovering e↵ect, while

instability could occur when the shell is pushed to a fully folded state of ✓ = 0� if a

was zero.

4.2. Trajectory Simulation

The equations describing the axisymmetrical deploying-folding motion of the heat

shield’s flexible second stage are derived in §4.1. In this section, those equations

are used to simulate the dynamic structural response during a 3 DoF trajectory
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(a) (b)

(c)

Figure 7: The e↵ects of design parameters on the shell’s ability to recover from instantaneous

disturbance of deployment angle under a unit dynamic pressure, where a high (absolute value)

deploying angular acceleration means rapid recovery, (a) the e↵ect of size under a 60� initial

deployment angle before the disturbance, (b) the e↵ect of size under an initial deployment angle of

40�, (c) the e↵ect of first stage size with a constant overall size.

simulation.

The previous equations can be used to determine the deployment angle according

to spin rate and other internal and external conditions, while how the deployment

influences the spiral shape and thus the spin rate is still needed to simulate the

closed loop of the heat shield. Therefore, the axial aerodynamic torque ⌧ is derived

as a function of ✓, !, v and q using the simplified geometrical model and Newtonian

aerodynamics and assuming a zero angle of attack. The result generally shows that

the heat shield is similar to an unloaded wind turbine: spin rate under a condition

of ⌧ = 0 is proportional to axial velocity. Meanwhile, the spin rate at ⌧ = 0 drops
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linearly to zero as the deployment angle increases to a fully deployed condition. Such

a relation can support a passive proportional control as described in §3.

The deployment angle can be calculated by integrating the instantaneous accel-

eration of deploying motion with respect to time, as shown below. The first integral

(deploying angular velocity) is set to zero every time when the maximum deployment

angle is reached to represent the mechanical constraint on deployment.

✓ =

¨
M

Ideploy
· dt dt (16)

Similarly, the spin rate of autorotation can be determined:

! =

´
⌧ · dt

Ispin
(17)

The structural model is then incorporated into a 3 DoF trajectory simulator based

on Simulink. The simulator is developed using Newton’s second law and describes

the point mass dynamics of the vehicle in various reference systems. It assumes zero

angle of attack and ignores the gyroscopic e↵ects from spinning. Such simplification

is made as the presented study is focused on the heat shield’s deployment rather

than the full flight dynamics of the vehicle.

The re-entry of a CubeSat sized vehicle with the baseline design from a 145 km

orbit at zero flight path angle is simulated, and the results are shown in Fig. 8. It

can be seen that the deployment angle is above 50� through most of the descent until

the heat shield reaches an altitude below 25 km. This can be explained by Eq. 13,

since the low atmospheric density at high altitude leads to easy deployment, while at

low altitude the shell starts to fold as the spiral shape is unable to provide su�cient

spin rate (insu�cient value of k). The reason for the deployment angle to drop at

higher altitude especially during the simulation time from 300 s to 900 s is that the
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aerodynamic torque at such high altitude is too low to accelerate autorotation. This

phenomenon can be prevented by adding an initial spin before the re-entry.

Meanwhile, structural oscillation that causes rapid fluctuations in deployment

angle can be seen in the figure. The oscillation’s frequency varies within 0.1 Hz -

10 Hz simultaneously with dynamic pressure, and is discussed in §4.3. According

to the simulation, the peak amplitude of the oscillation gradually changes during

the descent and is always below 6�, and the oscillation leads to fluctuations of axial

deceleration with a peak amplitude of below 0.05 g at high altitude and 0.3 g at the

peak dynamic pressure. Figure 8 has also shown the fluctuations of spin rate, which

is a result of the conservation of angular momentum when the heat shield flutters.

The oscillation is a result of the system’s coupled dynamic behaviours, and is not

the focus of the presented study. Nevertheless, it worth noticing that no structural

damping is modelled in the simulator, thus there is likely to be less oscillation in

reality where damping exist.

As shown by Eq. 14, the equilibrium spin rate is proportional to the dynamic

pressure at a certain deployment angle. In Fig. 8 it can be seen that the spin rate

increases and then drops during the first 1800 s of flight, which is a result of changing

dynamic pressure. From 1800 s, the change of spin rate is insignificant due to the

generally constant dynamic pressure.

It should be noted that the simulated vehicle enters subsonic flight at ⇠1720

s, which is when the spin rate is dropped to ⇠2 rps, and deployment angle starts

to decrease from 60� (Fig. 8). Since the simulator is developed using Newtonian

aerodynamics, which is not suitable for subsonic speed, the simulator only provides

a rough estimation of the flight after 1720 s.

It also worth noticing that the simulation model does not account for the deploying/anti-

deploying e↵ect from the heat shield material’s elasticity, which is expected to be
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minor as the objective of this design is to eliminate the reliance on elasticity and take

advantage of centrifugal deployment. The most eminent e↵ect may occur when the

heat shield is near fully deployed (at higher altitude): since flattening a pre-folded

shield made of thick fabric may require a relatively high fabric tension, the shield

will tend to have a lower deployment angle. However, a less-deployed shape leads

to an increased spin rate due to the aerodynamic roll-torque, which will eventually

deploy the shield to a higher extent.

4.3. Structural Oscillation

To avoid resonance, the structural natural frequency of the flexible second stage

must not overlap with the spin rate and the aerodynamic pitching frequency. In this

section, those three frequencies are analytically assessed, and the former two are also

analysed by FE simulations.

The structural natural frequency associated with the shell’s deploying-folding mo-

tion can be calculated using Eq. 18 below, where �, the torsional sti↵ness of the shell

associated with the oscillation, can be evaluated by di↵erentiating the total deploy-

ing moment M with respect to deployment angle ✓: � = �M/�✓. This equation has

close agreement with the oscillation frequency observed in the trajectory simulation.

The full equation is not shown here due to its complexity.

fstruc. =
1

2⇡

s
�

Ideploy
= F (✓, q, !, ⇢S, L, m, a) (18)

To validate Eq. 18, the calculations are compared to the oscillating frequencies

observed in the FE transient structural analyses under various conditions as predicted

by the trajectory simulator, as shown in Table 3. The conditions are: high altitude at

1350 s (No. 1); peak heating at 1580 s (No. 2); peak dynamic pressure at 1620 s (No.

3); near fully deployed at low altitude at 1800 s (No. 4); partially deployed at sea level
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(No. 5). The shell is assumed to be made of a flexible material with a thickness of 1

mm, a modulus of 5 MPa, and a density of 1.1g/cm3 according to the baseline design.

The nonlinear FE transient structural analyses are carried out in ANSYS with the

inertia force (centrifugal and deceleration) and aerodynamic force included, and the

shell is divided into >10,000 shell element. The simulation provides a stabilised

oscillation of ⇠3 s, and a variable time-step solver is used with the maximum time-

step set to 1/150 s. Running cases with varied shell material modulus also show

that the e↵ect of elasticity is neglectable, proving that the oscillation frequency is

determined by dynamics.

Although the FE simulation uses a flexible model with a much higher degrees

of freedom, the oscillations are always based on the deformation associated with

deploying-folding motion. Therefore, as shown by Table 3, Eq. 18 has satisfactory

agreement with the FE simulations except for conditions No. 1 and No. 5. The

reason for these under-predictions is that the analytical model ignores the e↵ect of

elasticity, while as No. 1 and No. 5 are lightly loaded conditions (indicated by the

low spin rates and deployment angles), the structural behaviours are dominated by

the elasticity rather than the external/centrifugal load.

Equation 18 can be simplified to a function of q and L, by assuming a = 0.577,

a fully deployed condition with ✓ = 60� (which is close to the shell’s condition

throughout high-speed regime), the mass scaling law based on the baseline design

m = 94L3, and the shell thickness (thus, surface density) proportional to vehicle size

⇢S = 4.58L. The result is below:

fstruc. = 0.160
�

q

L2
(Hz) (19)

Similarly, the spin rate can be simplified to:
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Table 3: Structural natural frequency from analytical analyses and FE simulations.

No. Dynamic

Pressure

Spin

rate

Decele-

ration

Deploy.

angle

Eq. 18 FE sim-

ulation

Di↵er.

1 1.5 Pa 0.43 rps 0.0 g 57� 0.77 Hz 1.6 Hz -52%

2 100 Pa 3.6 rps 4.1 g 58� 6.4 Hz 5.7 Hz 12%

3 180 Pa 5.2 rps 8.0 g 60� 9.0 Hz 9.5 Hz 5%

4 26 Pa 1.8 rps 1.0 g 56� 3.2 Hz 3.2 Hz 0%

5 60 Pa 1.2 rps 1.0 g 35� 3.2 Hz 4.2 Hz -24%

f� = 0.0928
�

q

L2
(Hz) (20)

The aerodynamic pitching frequency can be solved using Newtonian Aerodynam-

ics according to literature [33]. Consider a fully deployed heat shield, which is the

case during most of the descent, and ignore the angular inertia of payload, which is

minor in comparison with the deployed heat shield, the pitching frequency can be

expressed as below with minor approximations:

fpitch = 0.574
�

q

L2
(Hz) (21)

Combining Eqs. 19, 20 and 21, the ratios between the three frequencies for a

vehicle with a = 0.577 at a fully deployed equilibrium condition:

f� : fstruc. : fpitch = 0.58 : 1 : 3.6 (22)

It worth noticing that Eq. 22 is valid regardless of vehicle size and dynamic

pressure. Meanwhile, the frequency ratios can be tuned by adjusting the value of
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a. Therefore, the preliminary analyses presented here shows that the vehicle has

designable and scalable dynamic behaviour.

5. Thermal Analysis

To provide a reference for the vehicle’s thermal condition, the stagnation point

heat flux is evaluated using the Sutton and Graves Equation shown below that ac-

counts for convective heat transfer in non-reacting laminar flow [33, 34]. The radia-

tive heating is neglected due to the low entry velocity from LEO as well as the small

vehicle size [32].

QS = 1.83 ⇥ 10�4
v

3
�

⇢

R
(W/m2) (23)

Where atmospheric density ⇢ has unit kg/m3, stagnation point radius of curvature

R is in m, velocity v is in m/s, and the constant 1.83 ⇥ 10�4 has dimension of

kg0.5m�1. Equation 23 is incorporated into the trajectory simulator, which predicts

that, as shown in Fig. 8b, at the simulation time of 1540 s and an altitude of 87.5

km, the heat shield experiences a peak heat flux of 27 W/cm2, which is similar to the

peak heat flux on NASA’s High-Energy Atmospheric Reentry Test (HEART) vehicle,

which utilises an IAD [35]. Since the pressure chamber material of IAD requires a

maximum operating temperature of 250 �C to maintain air tightness [36], the FTPS

in the HEART vehicle design contains insulating layers and hot gas barriers with

a total surface density of 3-4 kg/m2, while the surface density of the temperature

resisting front layers is approximately 1 kg/m2 (estimated based on the properties

of 3MTMNextelTM440 BF20 fabric) [35]. This is close to 1.1 kg/m2, the heat shield

surface density of the presented CubeSat sized baseline design.

In comparison with IAD or conventional rigid heat shields, the centrifugally de-
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ployed heat shield has advantage in terms of thermal control. First of all, the require-

ment on thermal and hot gas insulation can be eliminated since the heat shield is

a single wall structure with no payload or temperature-sensitive structures attached

onto the aft surface, which leads to a lightweight and compact system. Meanwhile,

the aft surface may e↵ectively participate in the radiative cooling due to its high tem-

perature, which helps reduce the overall temperature. A simple analysis is conducted

to assess this e↵ect.

Consider a high temperature non-ablating wall under thermal equilibrium, the

front surface aerodynamic heating QS, the front surface radiative cooling QRfront
and

the heat conducting through the heat shield thickness QC should satisfy the relation:

QS = QRfront
+ QC , while the backside radiative cooling QRback

is in equilibrium

with QC , thus QC = QRback
. Therefore, from the thermal transmission equations, we

have:

QS = � efront Tfront
4 +

� (Tfront � Tback)

d
(24)

� (Tfront � Tback)

d
= � eback Tback

4 (25)

Note that � and d have similar e↵ect on the equations, and can be substituted by

a normalised conductivity: NC = �/d. Then the front surface temperature Tfront

can be resolved, which is a complicated function of QS, efront, eback, and NC. Assume

QS = 27 W/cm2 according to the trajectory simulation, efront = 1 as the worst case

scenario for backside radiative cooling, then Tfront can be plotted against eback and

NC, as shown in Fig. 9.

Figure 9 shows that considerable reductions of front surface temperature can be

achieved if the heat could be e↵ectively conducted through the shell and radiated

from the aft surface. For instance, the front surface temperature of an adiabatic wall
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with only front surface radiative cooling is 1506 K, which can be reduced to 1397 K

when eback = 0.5, NC = 500 W/K · m2 (equivalent to d = 1 mm, � = 0.5 W/m · K),

while the aft surface temperature is 1256 K.

6. Conclusions

An innovative deployable heat shield design concept is proposed, which utilises

centrifugal force generated by autorotation to deploy the structure under aerody-

namic load. As demonstrated by simulations, the autorotation and deployment angle

regulates each other and achieves a passive control that lets the heat shield reach an

equilibrium deployment state.

Furthermore, a baseline vehicle is designed. This vehicle has a conventional de-

ployable first stage that is used to induce initial deployment and improve the perfor-

mance of the second stage. The flexible second stage is centrifugally deployed and

has a shape based on an origami pattern to initiate autorotation while achieving

compact packaging and shape morphing.

Analytical equations are derived to characterise the structural dynamic behaviours

of the second stage, which have satisfactory agreement with numerical FE and tra-

jectory simulations. It is shown that at higher altitudes (> 30 km), the heat shield

always reaches near-fully deployed conditions, allowing it to e↵ectively generate aero-

dynamic drag and survive the aerothermodynamic heating. Meanwhile, oscillations

associated with deploying-folding motion exists throughout the descent. However,

the oscillation amplitude is generally insignificant (< ±10�), and the frequency (0.1

Hz - 10 Hz) can be designed to be away from spin rate or aerodynamic pitching

frequency to prevent coupling.

In addition, the heat shield can be lightweight and compact as no thermal insula-

tion is needed on the flexible components. This also means the flexible heat shield’s
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temperature can be reduced as a result of aft surface radiative cooling. For instance,

on the baseline vehicle a reduction of 100 K is feasible under the heat flux of 27

W/cm2.

The presented research is a preliminary study where simplified models are used to

to reveal the basic performance of the heat shield, especially the baseline behaviour

associated with deployment. The limitations of the models include: the structural

model assumes axisymmetrical deployment and no structural damping; the three

degree-of-freedom trajectory simulation assumes zero angle of attack and ignores

gyroscopic e↵ect.
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(a)

(b)

Figure 8: Trajectory simulation results on a CubeSat sized vehicle with baseline design plotted

against (a) simulation time, (b) altitude, showing > 50� deployment angle before reaching 25 km

altitude accompanied by structural oscillation.
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Figure 9: Prediction of the front surface temperature of an equilibrium non-ablating wall under

27 W/cm2 heating against aft surface emissivity and the wall’s normalised conductivity, showing

that temperature reduction can be achieved by aft surface radiative cooling.
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2.2 Design of the heat shield geometry

Paper I has proposed the baseline design concept of the flexible heat shield. How-

ever, the exact spiral geometry, or in other words, the determination of the origami

crease pattern is not covered by the paper, and is described here.

2.2.1 Design objectives

The design requires the origami to:

1. Form a conical shape when fully deployed and flattened;

2. Form a cylinder when folded up for storage;

3. Form a spiral shape when partially deployed, in order to generate aerody-

namic roll-torque.

Although it is actually possible to only satisfy the requirements 1 and 2, and create

a spiral shape that is independent of the origami pattern, the requirement 3 is set

here for two reasons:

• When the heat shield is folded along the spiral shape, the creeping of material

(during the time when the heat shield is packed) will not vary the spiral

characteristics, which allows longer mission duration and earlier packaging

prior to the spacecraft assembly;

• This allows local reinforcements (spars) with a higher flexural rigidity to be

embedded along the spiral shape to improve the shell’s mechanical behaviour

and help maintain the spiral shape without a↵ecting the packaging process,

the utilisation of such reinforcement is described in Paper III.
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2.2.2 The origami crease pattern

The baseline design used in Paper I is illustrated in Figure 2.1, which is a flasher-

type origami crease pattern. The pattern fits on a conical surface, and allows

packaging in a “wrap-rib” manner. The creases represented by thick lines form

the spiral shape, and the thinner folds enable rib-wrapping. However, a shell in

reality may not contain the thin lines since smooth curves rather than creases are

formed during wrapping due to the compliance of material. The thin lines are

plotted here only to illustrate the full pattern.

Figure 2.1: Baseline origami crease pattern (flattened) used in paper I, where
mountain and valley folds are represented by red and blue lines respectively

Multiple paper prototypes are fabricated to explore the origami design, as shown

in Figure 2.2. It can be seen that the compactness of the cylindrical package

depends on two factors: the diameter of the cylinder is determined by the size of
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the unfolded nose cone near the vertex; the length of the cylinder is defined by the

wrapping angle illustrated in Figure 2.3.

Figure 2.2: Paper prototypes of di↵erent origami patterns, left: partially deployed
configuration that forms a spiral shape, right: folded configuration that forms a
cylinder

Figure 2.3: Wrapping angle of the origami pattern shown on fully-folded paper
prototypes, which is a design-able parameter that influences the length of the
package

Two typical origami patterns are shown in Figure 2.4. It contains 12 wrapping

elements circumferentially aligned around the rigid nose cone. The number of 12

is chosen here since a larger number leads to excessive folding lines that a↵ects

packaging, and a lower number gives a rough shape that o↵sets from the circular

nose cone. Each element consists of two panels with the same panel vertex angle in

order to give a cylindrical shape when fully folded. The element separation angle
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is set to 26� in order to provide a fully-deployed cone with 120� vertex angle, since

26� ⇥ 12 = 312�, which is the central angle of the whole pattern.

(a)

(b) (c)

Figure 2.4: Design of the origami crease pattern, (a) critical design parameters,
where wrapping angle is set to the lowest practical value to maximise packing
ratio and spiral angle, while the size of the rigid nose cone is a trade-o↵ between
compactness and spiral characteristics, (b)(c) flattened origami patterns that form
a 120� cone with di↵erent nose cone diameters, mountain and valley folds are
illustrated by red and blue lines respectively

According to Figure 2.4a, there are four important parameters associated with the

origami pattern: the element separation angle, the wrapping angle, the size of the
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rigid nose cone, and the spiral angle which defines the spiral characteristic of the

shape.

Ideally, the wrapping angle should be as low as possible to enable a compact pack-

aging. However, a low wrapping angle leads to a packed configuration with a large

amount of overlapping heat shield material. This significantly reduces the tolerance

to material thickness, increases the resistance to initial deployment/unpacking due

to surface friction, and leads to tight folding that could damage materials such as

ceramic fabric. After multiple trails, the wrapping angle is set to 33�. It is the

highest wrapping angle to provide a maximum number of overlapping materials of

below 8 (Figure 2.4b design). Detailed analyses on the package configuration can

be found in Appendix A.1.

Meanwhile, a high spiral angle is preferred since it enhances the spiral characteristic

of the shell, which assists the autorotation and thereby the centrifugal deployment.

As illustrated in Figure 2.4a, a high spiral angle requires a large rigid nose cone,

as well as a low wrapping angle that is already achieved in the last design step.

However, enlarging the nose cone leads to lower packing ratio, thus creating a

trade-o↵ between compactness and spiral characteristic. Figure 2.5 shows the trade

in more detail, where spiral angle is near linearly related to nose cone diameter.

Paper I has proposed a deployable first stage that can increase the initial diam-

eter of the shell to assist deployment. Figure 7 (c) in paper I has demonstrated

that a first stage diameter ratio (first stage diameter/shell maximum diameter)

of approximately 0.4 (which gives ⇠ 0.577 in the paper) provides the optimum

static stability of deployment. Therefore, the nose cone diameter ratio should be

in the range of 0 ⇠ 0.4 considering the trade-o↵ between deployment stability and

compactness. The Figure 2.4b design has the ratio set to 0.2 and is used as the

baseline design in paper I. This allows the shell to be packed into a cylinder with a
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Figure 2.5: Trade-o↵ between nose cone diameter ratio (nose cone diameter/shell
maximum diameter) and spiral angle, with wrapping angle set to 33�

14 cm diameter and a 25 cm length, which fits outside a 3U CubeSat. The Figure

2.4c design has replaced the first stage with a large rigid nose cone, which is the

simplified design used in Paper III.



Chapter 3

Downrange manoeuvre and

oscillation suppression

This chapter is based on another submitted paper that demonstrates the active

deployment control of the heat shield. Utilising an o↵-the-shelf reaction wheel

controlled by an algorithm developed in the present study, an active control loop

is added into the self-regulating system. It modulates the vehicle spin rate, thus

the deployment angle and drag coe�cient, and therefore achieves considerable

downrange manoeuvrability. The limit-cycle oscillation of the heat shield, which

persists throughout the entry, is also investigated. The proposed active control

system is proven useful to suppress the simulated oscillation.
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self-regulating centrifugally deployed flexible heat shield using

a controlled reaction wheel
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Abstract

A recent study has introduced a flexible deployable heat shield that passively deploys

and sti↵ens due to centrifugal forces generated from a self-regulated autorotation.

This paper demonstrates that the heat shield is similar to a PI controlled second

order nonlinear system, which explains why the deployment is accompanied by a

limit cycle structural oscillation that persists throughout a simulated re-entry. The

heat shield design o↵ers an unique capability to actively adjust the deployment us-

ing conventional attitude control devices. This operation is explored by simulating

the re-entry of a CubeSat-sized vehicle equipped with an o↵-the-shelf reaction wheel

controlled by a switching phase shift controller and gain-scheduled controllers. The

e↵ects of the control parameters are investigated, and successful oscillation suppres-

sion as well as an open-loop downrange manoeuvre of over 300 km is predicted for

re-entry from low earth orbit.
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entry vehicle, deployable aerodynamic decelerator, targeted re-entry, centrifugal
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deployment, limit cycle oscillation

Nomenclatures

a, b: downrange control parameters

adec: deceleration of vehicle

CD: drag coe�cient

f : natural frequency of the oscillatory motion

F : ratio of reaction wheel angular velocity and wheel maximum (saturated) speed

g: gravitational acceleration

i: control signal

I: angular inertia

l: base diameter of the fully deployed heat shield

m: total mass of vehicle

M : total deploying moment

Ma: anti-deploying moment from aerodynamic force

ME: anti-deploying moment from elastic force

MFC : deploying moment from centrifugal force

Mg: deploying moment from axial deceleration

Ntorque factor: Torque factor

q: dynamic pressure

S: reference surface area of the vehicle

St: Strouhal Number

t: time

T0: period of natural oscillation

v: descending velocity

✓: deployment angle
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!: spin rate of autorotation

⇢S: shell surface density

⌧ : Aerodynamic roll-torque

CG: Centre of Gravity

IRV E: Inflatable Re-entry Vehicle Experiment

1. Introduction

Deployable aerodynamic decelerators for atmospheric entry have been attracting

increasing attention due to the demand for a next generation Mars entry system

for heavy payloads, as well as a small recoverable orbital scientific platform, such

as a CubeSat that can de-orbit and recover the payload using a re-entry vehicle

[1, 2, 3, 4, 5, 6, 7, 8, 9]. The advantages of deployable heat shields over conventional

rigid ones mainly come from two aspects [4, 10]:

1. Low ballistic ratio (defined as m/SCD) under the deployed condition leads to

a higher deceleration in the upper atmosphere and thus reduced thermal load,

as well as providing su�cient deceleration through planetary atmospheres that

are less-dense than the Earth’s (e.g. Mars), or even soft landing without a

parachute system;

2. When stowed, the heat shield can be fitted into a limited space determined by

the launch vehicle fairing or the acceptable payload volume.

Current developments mostly focus on two types of structures: the inflatable

and the mechanically deployable structures. The inflatable structures are based on

flexible thermal protection materials supported by air-tight chambers that deploy and

sti↵en when inflated by an on-board gas source or ram air [11, 12, 13, 14, 15, 16]. The
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mechanically deployable structures are usually umbrella-like mechanisms consisted

of rigid components as the skeleton and flexible thermal protection materials as the

skirt [4, 17, 18, 19].

Meanwhile, a new type of centrifugally deployed heat shield has been proposed

in a previous study by the authors [20]. The core of the concept is a flexible con-

ical shell made of ceramic fabric. Since local reinforcements are applied along an

origami pattern, the shell naturally buckles along the pattern and forms a spiral

shape when folded, as shown in Figure 1. The spiral shape generates a roll-torque

when descending through an atmosphere and leads to autorotation. In turn, the spin

progressively flattens the shell, reducing the induced roll-torque. The rate of autoro-

tation is thereby determined by the shell’s deployment condition, and converges to

a value where the centrifugal force on the flexible shell is in equilibrium with the

aerodynamic load, thus enables a self-regulated spin and deployment. In this way,

the structure is deployed and sti↵ened by inertia force generated from motion (i.e.

centrifugal force from autorotation) rather than elastic forces from solid or gaseous

materials, and as shown by the previous study, it could realise a CubeSat-sized re-

entry vehicle that is lightweight, concise and high packing density [20].

Figure 1: Shape of the centrifugally deployed flexible heat shield generated from FE simulation,
showing that equilibrium can be achieved between the partially folded condition (left) and the fully
deployed condition (right) when the centrifugal force (due to autorotation) on the shield balances
the aerodynamic force [20].

Besides decelerating the payload while surviving aeorthermodynamic heating,

advanced missions also require the entry vehicle to be manoeuvrable in order to
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actively adjust the trajectory and enable a precise landing [21]. For a ballistic vehicle,

this is usually achieved using a small lifting force generated by shifting the vehicle

Centre of Gravity (CG) or changing the aerodynamic shape. The Inflatable Re-entry

Vehicle Experiment (IRVE)-4 of NASA has proposed active CG shift to control

the angle of attack of a 3-meter diameter inflatable aeroshell [13]. Meanwhile, a

number of studies on inflatable aeroshells with the stacked tori configuration similar

to the IRVE have demonstrated di↵erent ways to either permanently or actively

vary the shape of the aeroshell. Some studies have proposed to deform the whole

aeroshell by canting the tori [21], sliding the tori perpendicular to the initial axis

of symmetry [22, 23], or morphing the tori using actuators [24]. Other concepts

includes adding actuated flaps/trim tabs or compressible outer torus to change the

aeroshell’s centre of pressure [21, 23]. On the other hand, mechanically deployable

heat shields can also generate lift by having a permanent unsymmetrical shape when

deployed [25]. Alternatively, an umbrella-like structure can realise variable frontal

area (thus ballistic ratio) by actively controlling the extent of deployment, thus

enabling downrange control [17].

In comparison with inflatable and mechanically deployable heat shields, the cen-

trifugally deployed heat shield o↵ers an unique drag modulation capability by actively

controlling the extent of deployment using conventional attitude control devices. This

is because the centrifugal force, which deploys and stabilises the structure, depends

on the vehicle’s autorotating (rolling) motion. Therefore, when centrifugal force is al-

tered by actively adjusting the roll rate using an actuator, the heat shield will deploy

to a varied extent where it re-balances with the aerodynamic load, and e↵ectively

changes deployed drag area and therefore the trajectory.

Nevertheless, the reliance on centrifugal force and the structural flexibility also

leads to problems. Lifting manoeuvres are not feasible since a non-zero angle of attack
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can not be maintained without conning motion as a result of gyroscopic e↵ects on

the rotating vehicle. A previous numerical study has also revealed an oscillatory

deploying-folding motion of the undamped heat shield throughout the descent [20].

The present work is a proof-of-concept study that focuses on utilising a reaction

wheel to actively manipulate the extent of deployment and therefore, provides a way

to suppress the oscillation. The feasibility to adjust the downrange trajectory using

such a system is also discussed.

2. Analyses on the heat shield system

The proposed control method uses a single reaction wheel to adjust the rate of

autorotation and thereby influence the deployment angle. Therefore, the analyses

focus on the deploying-folding motion of the flexible heat shield as well as the au-

torotation of the vehicle, and all the analyses reported here are based on an aeroshell

pointing stably into the flow with zero angle of attack, while the pitching and yawing

motions as well as the gyroscopic e↵ects from the autorotation are not considered.

For a preliminary study, this is a reasonable simplification since the objective is to

reveal the baseline e↵ect of the proposed control, whilst the six Degree-of-Freedom

(DoF) flight dynamics requires significantly more computational resource and is not

analysed here.

During entry, the deployment of the heat shield is determined by three moments

of forces (Figure 2): the deploying moment due to centrifugal force MFC , the de-

ploying moment due to axial deceleration Mg, and the anti-deploying moment from

aerodynamic load Ma. The total deploying moment M is:

M = MFC + Mg � Ma (1)

Then the shell deployment angle ✓ can be expressed as below, where Ideploy is
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Figure 2: Schematic view of the centrifugally deployed heat shield, showing the three types of forces
that contribute to the shield’s deployment.

shell’s inertia associated with the deploying/folding motion. The shell is therefore a

second order dynamic system.

✓ =

ZZ
M

Ideploy
· dt · dt (2)

Based on the understanding of the heat shield’s structural dynamics [20], a block

diagram of the heat shield is constructed, as shown in Figure 3. Ignoring the active

control from the reaction wheel controller, the heat shield can be treated as a second

order system regulated by feedback from the three deploying/anti-deploying moments

MFC , Mg, and Ma [20]:

MFC / !
2(✓ + 1.38)cos✓ (3)

Mg / adecsin✓ (4)

Ma / ⇢v
2
sin

3
✓ (5)

Where ! is the rate of autorotation, adec is vehicle axial deceleration, ⇢ is atmo-

spheric density, and v is vehicle axial velocity. According to previous work [20], adec
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can be derived using Newton’s law of motion, thus Mg becomes:

Mg / ⇢v
2(✓ � 0.347)sin✓ (6)

Since the variation of v is usually minor except in the less-important low-speed

regime, and is significantly slower than the structural oscillation, the phase lag due

to the integration between adec and v (Figure 3) is negligible, and v can be regarded

as constant. Meanwhile, since ✓ usually has values between ⇡/6 and ⇡/3 (30� ⇠ 60�),

the ✓-Mg and ✓-Ma relationships are near linear, thus Mg and Ma can be treated as

Proportional (P) control. MFC contains an Integral (I) control component since ! is

a result of integrated aerodynamic torque, where ⌧ is the roll-torque, and Ispin is the

vehicle axial angular inertia:

! =

R
⌧(✓)dt

Ispin(✓)
(7)

Therefore, the whole system is similar to a second order system regulated by a

PI controller, while analytical analysis is di�cult due to the complexity and non-

linearity. According to Figure 3, the behaviour of the system can be influenced

by three parameters: the vehicle mass, the origami pattern, and the atmospheric

density.

To enable oscillation suppression, spin rate and axial deceleration are measured

and fed into the reaction wheel controller, which controls a reaction wheel that exerts

an axial torque to stabilise the oscillation of spin rate and thus stabilise the deploy-

ment angle. Spin rate measurement is used to indicate the deployment angle, since

the latter is di�cult to measure, and the oscillation of the two are strongly coupled

(due to the dependence of spin angular inertia on deployment angle, Equation 7)

with nearly no phase di↵erence. The axial deceleration is used to compute a control
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Figure 3: Block diagram of the heat shield assuming zero angle of attack, with the primary feedback
loops emphasised by double lines.

parameter as discussed later.

Similarly, the reaction wheel is also used to adjust the overall deployment an-

gle and enable open-loop downrange manoeuvre through drag modulation. This is

achieved by varying the overall angular momentum of the system to increase/decrease

MFC , which leads to a biased deployment condition. Aerodynamic drag is thereby

manipulated as it depends on the deployment angle. To be noted, the present work

only demonstrates the feasibility to achieve extended/shortened downrange trajec-

tory, while the control method to carry out a guided re-entry is not discussed.

The detailed control strategy is shown in Figure 4. Phase shift control is an

existing method that has been used to suppress the thermal-acoustic oscillation of

gas turbines. Its popularity comes from its simplicity, and thus the ability to survive

in harsh environment, as well as the low requirement for knowledge of the the com-

plicated and highly non-linear system [26, 27]. For the same reason it is proposed
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for oscillation suppression of the present heat shield, as it is a non-linear system

that requires the control power and complexity to be minimised. The phase shift

controller simply applies a time delay KT · T0 to the input spin rate signal, and then

outputs the di↵erence between the original and the delayed signal (Figure 4). The

measurement of axial deceleration is used to determine the control parameter T0

for the phase shift controller, which is explained in details in section 4. Trails have

shown that KT = 0.25 provides satisfactory performance. Such a controller mimics

a proportional-di↵erential controller when the input is sinusoidal (note that the os-

cillating spin rate is near sinusoidal), but is less sensitive to noise. As an example,

assume the input signal is i0 = sin(2⇡t/T0), with KT = 0.25 the output will be:

i1 = sin(
2⇡(t � 0.25T0)

T0
) � sin(

2⇡t

T0
) = � cos(

2⇡t

T0
) � sin(

2⇡t

T0
) = �T0

2⇡
· i

0
0 � i0 (8)

A major drawback of phase shift controllers is that they may induce the so called

secondary peak, or in other words, the instability induced by the controller in fre-

quencies away from the operation frequency [28, 29]. In the present research, such

instability is observed, but is a non-essential problem considering its low amplitude,

as further discussed in section 4.

The switching scheduled gain controllers then works out the gains to apply to

the throttle. As can be seen in Figure 4, the function of the de-saturation gain

scheduling is to reduce the motor throttle as the wheel is approaching its maximum

speed (when i1F > 0):

i2 = i1(1 � |F |) if i1F > 0 (9)

i2 = i1 if i1F  0 (10)
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Figure 4: Control algorithm of the reaction wheel controller.

Where i1 is the output from the phase shift controller, and F is the ratio of the

wheel angular velocity and wheel maximum (saturated) speed, as shown in Figure

4. In this way, the controller tends to bring the wheel speed to zero and thereby

prevents momentum saturation.

The gain scheduling for downrange control alters the deployment angle and drag

coe�cient by reducing the throttle value toward a certain direction and thus favour

the increment/reduction in spin rate:

i3 = a i2 if i2 > 0 (11)

i3 = b i2 if i2  0 (12)

Downrange is shortened when a > b, which favours the increment of spin rate

and thereby facilitates deployment and leads to a higher aerodynamic drag. The
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simulated e↵ects of the controller are discussed with more details in section 4 and 5.

3. Parameter study on the oscillatory behaviour

The results discussed in the present research are generated from a numerical

simulator developed in Simulink. The simulator is based on Newtonian aerodynamic

equations while assuming zero angle of attack, and Newton’s second law is used to

describe the point mass dynamics of the vehicle. The previous structural dynamic

model is also incorporated to include the deploying/folding behaviours of the flexible

shield [20]. It should be noted that the Newtonian method only provides a rough

estimation of the base line behaviour for subsonic flight conditions. All the results

are generated with a maximum time step of 0.5 ms using a variable-step continuous

explicit solver (ode45).

It also worth noticing that the simulator has not included structural damping

since damping depends on various unknown factors such as specific material selection

and layup. This could lead to an overestimation of oscillation amplitude. However,

the structural damping in the design is expected to be weak considering the low heat

shield thickness (⇠1 mm).

Simulations have shown that a limit cycle oscillation of the flexible heat shield

exists within nearly the whole flight regime, which leads to variations in CD and thus

fluctuates the deceleration. This phenomenon can be seen in Figure 10, where rapid

fluctuations in deployment angle (for the uncontrolled scenarios with a = b = 0) are

accompanied by fluctuations in deceleration. The vibration may cause damage to a

payload especially when it has low natural frequencies (that is close to the oscillation

frequency, which is usually 0.1 Hz ⇠ 10 Hz depending on the flight regime). Thus

e↵orts are made to understand this oscillation.

A typical limit cycle oscillation observed in the simulations is shown in Figure
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Figure 5: A typical limit cycle oscillation from the simulations, where the deployment speed is the
derivative of the deployment angle.

5, which is the result on a CubeSat-sized vehicle with the baseline design [20], 3 kg

entry mass, and under a flight condition at 30 km altitude during re-entry from LEO.

Referring to Figure 3, running cases which neglect Mg and the coupling between de-

ployment angle and spin angular inertia (by setting Ispin to constant, according to

Equation 7) shows that the oscillation is unrelated to these factors. In fact, the oscil-

latory behaviour is due to the integration component that determines MFC (Equation

7). The aerodynamic roll torque is evaluated as shown in Figure 6. The calculation

is based on Newtonian aerodynamics, while the torque depends on deployment angle

and the slope of flow velocity vector with reference to the rim of the heat shield. It

worth noticing that this slope is proportional to the dimensionless Strouhal Number:

St =
! · l

v
(13)

It can be seen from Figure 6 that the aerodynamic roll-torque is generally inversely-

related to deployment angle. Therefore, when deployment angle is instantaneously
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increased from an equilibrium condition (where ⌧ = 0 thus !̇ = 0 under static con-

dition) due to oscillation, the roll-torque ⌧ becomes negative. This negative torque

then integrates over half oscillation period to reduce spin rate (Equation 7) and thus

deployment angle with a phase lag, which assists the oscillation. Meanwhile, the

variation of velocity vector slope is minor during the oscillation and thus has minor

e↵ect. Therefore, the primary feedback loop in Figure 3 that contains MFC , or in

other words, the integral component is the cause of the oscillation.
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Figure 6: Evaluation of the axial aerodynamic roll torque (with normalised magnitude) using
deployment angle and the slope of velocity vector (i.e. the Strouhal number).

The three factors that determine the actual behaviour of the heat shield, as

illustrated in Figure 3, are listed below. Their e↵ects on the oscillation are studied

using simulations.

(1) Atmospheric density; simulation assumes Earth atmosphere with density values

ranging from 150 km altitude to sea level;
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(2) Characteristics of the origami pattern; in the simulation, the magnitude of aero-

dynamic roll torque varies from 0.25 to 2 times of the baseline design;

(3) Total mass of the vehicle; varies from 0.75 kg to 3 kg.

At each data point, the simulation assumes constant atmospheric density and

runs until the magnitude and amplitude of deployment angle are stabilised. The

simulator also assumes the vehicle axis to be along gravity unlike the real trajectory

conditions which have shallow flight path angles at high altitudes. This simplification

is made since the objective of this study is to reveal the basic dynamic behaviour of

the heat shield, rather than the exact behaviour at various trajectory conditions.

The e↵ect of factors (1), (2) and (3) are shown in Figure 7, where torque factor is

a value that is multiplied to the baseline aerodynamic roll torque to manipulate its

magnitude: ⌧simulated = Ntorque factor · ⌧ . It can be seen that the limit cycle oscillation

exists throughout the flight regime, while the amplitude usually increases during

descent. Generally, increasing torque factor leads to higher oscillation amplitude.

This is because a higher torque factor is equivalent to a higher gain in the integral

component that causes the oscillation (Equation 7).

The figure also show that the oscillation amplitude is usually higher in denser

atmosphere. This is simply due to the fact that the simulator assumes the speed

of the deploying motion becomes zero every time it reaches maximum/minimum de-

ployment angle (60�
/30�), thus the oscillation amplitude is mechanically constrained.

Therefore, the amplitude can be higher when the equilibrium deployment angle is

further away from 30� and 60�, which is the case in dense atmosphere. Similarly, in

dense atmosphere there is a trend of increasing oscillation amplitude with decreasing

vehicle mass, which is particularly notable in Figure 7b. This is because a lower

mass leads to a higher equilibrium deployment angle that is further away from 30�
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Figure 7: E↵ect of vehicle mass, atmospheric density (or equivalent altitude on Earth) and mag-
nitude of aerodynamic torque on the oscillation amplitude of deployment angle; it can be seen
that the oscillation is common throughout di↵erent flight conditions, while the e↵ects that reduces
aerodynamic roll-torque always lead to a lower oscillation except at very low altitude (<10 km).

and thus leads to higher oscillation amplitude.

Figure 7 has also shown another trend of reducing oscillation amplitude due to
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decreasing vehicle mass, which exists at all the altitudes. This is because a lower

mass leads to lower dynamic pressure, which, similar to a reducing torque factor, is

equivalent to reducing the integration gain that causes the oscillation.

4. Oscillation suppression

The basic mechanism of the reaction wheel controller is already discussed in

section 2: the controller feeds back and regulates the spin rate to alter the deployment

angle. The control parameter T0 in the phase shift controller is the period of the

heat shield’s natural oscillation, which can be approximated by Equation [20]:

f =
1

2⇡

s
@M
@✓

Ideploy
(14)

Where f is the natural frequency, M is the total deploying moment on the flexible

shell evaluated according to Equation 1, ✓ is deployment angle, and Ideploy is the

deploying angular inertia of the shell. After simplification and assuming a deployment

angle close to 60�, Equation 14 becomes [20]:

f ⇡ 0.49

s
adec (1.53 m � 1.21 l2⇢S)

l3⇢S
(Hz) (15)

Where adec is deceleration (including the component of gravity along the vehicle’s

axis, in m/s2), l is the heat shield base diameter when deployed, m is the vehicle’s

mass (kg), and ⇢S is the surface density of the shell (kg/m2). The vehicle analysed

in this section has a total mass of 3 kg, a surface density of 1.1 kg/m2 and a base

diameter of 0.7 m. Thus, Equation 14 becomes:

f ⇡ 1.60
p

adec (Hz) (16)
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Equation 16 provides simple predictions with the error < 25% in comparison with

simulation, and is incorporated into the reaction wheel controller.

Meanwhile, it should be noted that Equation 1 ignores the elasticity and damping

of the flexible shell, which is di�cult to predict as it depends on the actual material

and structural properties, whilst the elastic forces also depend on the initial deploy-

ment angle at the unloaded condition. However, the e↵ect of elastic and damping

force is expected to be weak as the aim of this heat shield design is to eliminate the

dependence on elasticity while taking advantage of the structure supported by inertia

force. Nevertheless, the anti-deployment moment of elastic force, ME, is included

in the numerical simulators since it has notable e↵ect on the heat shield’s deploy-

ment angle at high altitude where the aerodynamic e↵ect is weak. Thus Equation 1

becomes:

M = MFC + Mg � Ma � ME (17)

Where ME is evaluated based on the bending rigidity of the shield’s root using

linear beam theory by assuming a shell thickness of 1 mm, a Young’s modulus of 5

MPa, and assumes bending occurs in a region within 10 mm from the shell’s root.

This provides a reasonable example to show the e↵ect of elasticity, but is not based

on any real designs. The deployment angle of the heat shield at unloaded condition

is set to the minimum deployment angle (30 �), thus the elasticity provides an anti-

deployment e↵ect. The e↵ect of ME is illustrated by the trajectory simulation in

Figure 10, where the result on an uncontrolled vehicle without accounting for ME is

set in comparison with the same vehicle with ME. It can be seen that the elastic force

has notably reduced the deployment angle at high altitude and therefore increased the

downrange, while its e↵ect on the oscillatory behaviour is insignificant. Meanwhile,
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the spin rate at high altitude is increased by adding ME since the heat shield requires

higher centrifugal force to maintain its equilibrium deployment angle.

The sensors in the reaction wheel controller are set to have a sample rate of

1000 Hz, which provides a near ideal scenario. The controller output at 1000 Hz is

then transferred to 50 Hz by averaging in every 20 ms, thus the motor is controlled

at a rate of 50 Hz, and with its torque response assumed to be instantaneous for

simplicity. As spin rate varies due to oscillation, the evaluated parameter T0 is

smoothed by a simple moving average filter with the length of 1000 to prevent the

interference caused by this oscillation. This filter has shown no adverse e↵ect since

T0 changes slowly through descent and is not sensitive to phase lag. With this filter,

the noise in deceleration is generally irrelevant to the controller’s performance and

is not considered as an issue. However, the spin rate measurement could have an

excessive noise spectral density in the magnitude of 0.01�
/s/

p
Hz (according to the

gyro of a commercial IMU). This could be resolved using redundant sensors and signal

processing techniques, but is not considered as the subject of this paper. Therefore,

no noise is included in the simulations.

Since the simulation uses a baseline CubeSat-sized vehicle design, a reaction wheel

is chosen accordingly to fit within such a system: the Sinclair Interplanetary RW3-

0.060, which outputs torque of approx. ±20mNm with the wheel momentum within

± 0.18 Nms. Peak performance is achieved at roughly 25 W and 28 V. The reaction

wheel assembly has a total mass of 226 g and a size of 77 mm ⇥ 65 mm ⇥ 38 mm

[30].

To investigate the basic behaviours of the controlled vehicle, the simulator used

to construct Figure 7 is revised to include ME, the reaction wheel controller, and the

flight path angles that are determined using full trajectory simulation (Figure 10).

In order to eliminate the e↵ect of initial conditions, the reaction wheel controller is
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turned on from the simulation time of 150 s when the spin rate is generally stabilised.

The results at di↵erent altitudes are shown in Figure 8. It can be seen that at lower

altitude the oscillations are rapidly suppressed after the controller is enabled, whereas

at higher altitudes where the oscillation suppression is slower since the phase shift

controller becomes ine↵ective due to the large error in control parameter T0. This is

because Equation 16 no longer holds when the dynamic pressure is low and elasticity

has considerable e↵ect on the shell’s natural frequency.

Figure 8: E↵ect of the reaction wheel controller with various downrange control gains (a and b)
at di↵erent altitudes, the controller is enabled at the simulation time of 150 s when equilibrium
is reached, it can be seen that oscillation suppression is e↵ective at lower altitude (in comparison
with the dark blue line, which is the uncontrolled scenario with a = 0, b = 0 according to Equation
11-12), while downrange control (with a 6= b) has e↵ectively varied the average deployment angle
before momentum saturation.

Meanwhile, a small residual oscillation always emerge after the suppression of the

original oscillation, which is caused by the coupling between the phase shift controller

and the heat shield system, and has a frequency higher than the structural natural

oscillation. The details of a typical residual oscillation is shown in Figure 9. This
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phenomena is reminiscent of the so called secondary peaks caused by phase shift con-

trollers used to suppress thermal acoustic oscillations of gas turbines [28]. However,

this is not a critical issue considering the low oscillation amplitude, especially during

the flight regime with higher dynamic pressure.

140 150 160 170 180 190 200 210 220 230 240 250

time / s

57

58

59

60

d
e
p
lo

ym
e
n
t 
a
n
g
le

 /
 °

 

Figure 9: Details of a typical residual oscillation, showing secondary peaks at a frequency higher
than the natural oscillation.

Then, the e↵ect of oscillation suppression on the re-entry trajectory is assessed

using the trajectory simulator, which assumes a re-entry starting from 150 km alti-

tude at a velocity of 7800 m/s, with zero flight path angle, zero spin rate, and an

initial deployment angle of 30�. Simulations are terminated when the vehicle reaches

30 km altitude since the vehicle has already entered the uncritical low speed regime

at this altitude.

According to the results shown in Figure 10, the controller leads to e↵ective

oscillation reduction in both deployment angle and deceleration throughout descent.

From the history of reaction wheel momentum it can be seen that the reaction wheel

not only counteracts the oscillations that has relatively high frequency (0.1 Hz ⇠

10 Hz), but also undesirably counteracts the overall variation of spin rate during

the descent. As a result, momentum saturation is inevitable regardless of downrange

control gains. Therefore, the de-saturation gain scheduling (Equation 9-10) is always

beneficial to the performance as it conserves some momentum that is useful for

oscillation suppression when the reaction wheel approaches maximum speed, rather
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than inducing a hard-stop when the reaction wheel is saturated. With this control

strategy, a near saturated wheel could “harvest” momentum (from aerodynamic roll-

torque) during oscillation and tend to bring the wheel speed back to zero. This is

proven e↵ective by the simulation as oscillation is suppressed even under the near-

saturated condition before the peak dynamic pressure. Meanwhile, this de-saturation

control also helps reducing reaction wheel power consumption as it reduces the motor

speed.

5. Downrange control

As described in section 2, downrange manoeuvre can be achieved by manipulating

the control gains a and b (Equation 11-12), which leads to an overall spin-up or

spin-down of the vehicle, thus influences the deployment angle, thereby determines

the drag coe�cient of the heat shield. According to Figure 4, downrange can be

shortened by letting a > b as it tends to spin-up the vehicle, and vise versa. The

e↵ect of control parameters a and b is already validated by Figure 8, which shows

that a higher a/b ratio leads to a lower deployment angle until the reaction wheel

is near-saturated. Meanwhile, due to the limited torque and momentum that the

reaction wheel can output, the e↵ect of downrange control is only eminent when

the axial aerodynamic torque is low (at high altitude). Therefore, as supported by

Figure 8, the controller has a greater influence on the deployment angle at 150 km

than at 65 km.

The e↵ect of downrange control on re-entry trajectory is shown in Figure 11

and summarised in Table 1. The setup is similar to the simulations reported in

Figure 10, with the elasticity factor ME included. It has shown a total downrange

variation of 322 km. According to the deceleration history, oscillation suppression is

also achieved, while the peak deceleration (⇠ 8 g) is independent of the trajectory.
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It should be noted that the downrange increment (202 km, with respect to the

unbiased condition of a = b = 1) is higher than the decrement (120 km). The reason

is discussed below.

Table 1: Summary of the results from trajectory simulations of re-entry from 145 km altitude.

Control parameter Downrange shift
a=0.25, b=1 202 km
a=0.5, b=1 147 km
a=1, b=1 0 km

a=1, b=0.5 -89 km
a=1, b=0.25 -120 km

It worth noticing that, according to the reaction wheel momentum history from

Figure 11, the controller counteracts the increasing spin rate at the start of re-

entry for >200 s regardless of the downrange control gains (due to the phase shift

controller). This a↵ects the capability to reduce downrange, which requires high

spin rate. It can also be seen from the figure that during the downrange-reducing

manoeuvres (with a = 1, b = 0.5 and 0.25), the reaction wheel momentum is far

from saturation throughout the high altitude flight regime. Therefore, the reaction

wheel’s capability is currently not fully utilised, and more e↵ective manoeuvre can

potentially be achieved by more sophisticated control algorithms.

6. Conclusions

In the previous study, a flexible heat shield that deploys and sti↵ens by a self-

sustaining autorotation was designed. According to the present study, the passive

self-regulated centrifugal deployment leads to a limit cycle structural oscillation,

which persists throughout the simulated re-entry when assuming zero structural

damping. This could be a problem for sensitive payloads. The present study also
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showed that the heat shield is similar to a second order nonlinear system controlled

by a PI controller, where the integral component is causing the oscillation.

Meanwhile, since centrifugal force is determined by the vehicle’s roll rate, the

heat shield shape can be easily regulated using conventional attitude control devices.

Therefore, an o↵-the-shelf reaction wheel with a maximum power of 25 W and a mass

of 226 g is proposed to regulate the autorotation (roll rate) of a CubeSat-sized vehicle

and thereby achieve actively controlled deployment. The reaction wheel is controlled

using a switching phase shift controller combined with gain scheduled controllers.

Specifically, the phase shift control realises oscillation suppression. The overall

downrange manoeuvrability of over 300 km is achieved using a gain scheduled con-

troller. Another gain scheduled controller keeps de-saturating the reaction wheel

throughout the simulated re-entry. All the controls are successfully demonstrated by

the numerical simulations based on Newtonian aerodynamics.

References

[1] M. Braun, P. Bruce, E. Levis, Strategies to utilize advanced heat shield technol-

ogy for high-payload mars atmospheric entry missions, Acta Astronautica 136

(2017) 22–33.

[2] J. Cruz, J. Lingard, Aerodynamic decelerators for planetary exploration: past,

present, and future, in: AIAA Guidance, Navigation, and Control Conference

and Exhibit, AIAA paper 2006-6792, 2006.

[3] R. D. Braun, R. M. Manning, Mars exploration entry, descent, and landing

challenges, Journal of Spacecraft and Rockets 44 (2) (2007) 310–323.

[4] G. Zuppardi, R. Savino, G. Mongelluzzo, Aero-thermo-dynamic analysis of a

112



low ballistic coe�cient deployable capsule in earth re-entry, Acta Astronautica

127 (2016) 593–602.

[5] J. Andrews, K. Watry, K. Brown, Nanosat deorbit and recovery system to enable

new missions, SSC11-X-3, presented at the 25th AIAA/USU Conference on

Small Satellites, Logan, Utah, USA, 8-12 August, 2011.

[6] D. M. Bose, J. Shidner, R. Winski, C. Zumwalt, F. Cheatwood, S. J. Hughes,

The hypersonic inflatable aerodynamic decelerator (HIAD) mission applications

study, in: AIAA Aerodynamic Decelerator Systems (ADS) Conference, AIAA

paper 2013-1389, 2013.

[7] J. Virgili, P. C. Roberts, N. C. Hara, Atmospheric interface reentry point tar-

geting using aerodynamic drag control, Journal of Guidance, Control, and Dy-

namics 38 (3) (2015) 403–413.

[8] K. Yamada, Y. Nagata, T. Abe, K. Suzuki, O. Imamura, D. Akita, Suborbital

reentry demonstration of inflatable flare-type thin-membrane aeroshell using a

sounding rocket, Journal of Spacecraft and Rockets 52 (1) (2014) 275–284.

[9] E. Fantino, M. Grassi, P. Pasolini, F. Causa, C. Molfese, R. Aurigemma, N. Cim-

miniello, D. de la Torre, P. Dell’Aversana, F. Esposito, et al., The small mars

system, Acta Astronautica 137 (2017) 168–181.

[10] I. G. Clark, A. L. Hutchings, C. L. Tanner, R. D. Braun, Supersonic inflat-

able aerodynamic decelerators for use on future robotic missions to mars, in:

Aerospace Conference, 2008 IEEE, IEEE, 2008, pp. 1–17.

[11] B. P. Smith, C. L. Tanner, M. Mahzari, I. G. Clark, R. D. Braun, F. M. Cheat-

113



wood, A historical review of inflatable aerodynamic decelerator technology de-

velopment, in: Aerospace Conference, 2010 IEEE, IEEE, 2010, pp. 1–18.

[12] H. Bohon, M. Mikulas, M, Development status of attached inflatable decelera-

tors., Journal of Spacecraft and Rockets 6 (6) (1969) 654–660.

[13] D. Litton, D. Bose, F. Cheatwood, S. Hughes, H. Wright, M. Lindell, S. Derry,

A. Olds, Inflatable re-entry vehicle experiment IRVE-4 overview, in: 21st AIAA

Aerodynamic Decelerator Systems Technology Conference and Seminar, AIAA

paper 2011-2580, 2011.

[14] A. Mastropietro, J. Kempenaar, M. Redmond, M. Pauken, W. Ancarrow, First

test flight thermal performance of the low density supersonic decelerator (LDSD)

supersonic flight dynamics test (SFDT) vehicle, in: 45th International Confer-

ence on Environmental Systems, 2015.

[15] C. Tanner, J. Cruz, R. Braun, Structural verification and model-

ing of a tension cone inflatable aerodynamic decelerator, in: 51st

AIAA/ASME/ASCE/AHS/ASC Structures, Structural Dynamics, and Materi-

als Conference 18th AIAA/ASME/AHS Adaptive Structures Conference 12th,

AIAA paper 2010-2830, 2010.

[16] D. Wilde, S. Walther, K. Pitchadze, S. Alexsaschkin, D. Vennemann, L. Mar-

ra↵a, Flight test and ISS application of the inflatable reentry and descent tech-

nology (IRDT), Acta Astronautica 51 (1-9) (2002) 83–88.

[17] V. Carandente, R. Savino, New concepts of deployable de-orbit and re-entry

systems for cubesat miniaturized satellites, Recent Patents on Engineering 8 (1)

(2014) 2–12.

114



[18] D. L. Akin, The parashield entry vehicle concept-basic theory and flight test

development, in: 4th AIAA/USU Small Satellite Conference, Logan, UT, Aug.

27-30, 1990, Proceedings. (A91-27376 10-18). Logan, Vol. 1, 1990.

[19] E. Venkatapathy, K. Hamm, I. Fernandez, J. Arnold, D. Kinney, B. Laub,

A. Makino, M. McGuire, K. Peterson, D. Prabhu, et al., Adaptive deployable

entry and placement technology (ADEPT): a feasibility study for human mis-

sions to mars, in: 21st AIAA Aerodynamic Decelerator Systems Technology

Conference and Seminar, AIAA paper 2011-2608, 2011.

[20] R. Wu, P. C. Roberts, C. Soutis, C. Diver, Flexible heat

shields deployed by centrifugal force, Acta Astronautica (2018)

https://doi.org/10.1016/j.actaastro.2018.06.021.

[21] R. K. Johnson, F. M. Cheatwood, A. M. Calomino, S. J. Hughes, A. M. Ko-

rzun, J. M. DiNonno, M. C. Lindell, G. T. Swanson, HIAD advancements and

extension of mission applications, in: International Planetary Probe Workshop;

13th; 13-17 Jun. 2016; Laurel, MD; United States, 2016.

[22] B. Harper, R. D. Braun, Asymmetrically stacked tori hypersonic inflatable aero-

dynamic decelerator design study for mars entry, in: AIAA Atmospheric Flight

Mechanics Conference, AIAA paper 2014-1095, 2014.

[23] N. Skolnik, H. Kamezawa, L. Li, G. A. Rossman, B. Sforzo, R. D. Braun, Design

of a novel hypersonic inflatable aerodynamic decelerator for mars entry, descent,

and landing, in: AIAA Atmospheric Flight Mechanics Conference, AIAA paper

2017-0469, 2017.

[24] J. S. Green, B. Dunn, R. Lindberg, Morphing hypersonic inflatable aerodynamic

115



decelerator, in: AIAA Aerodynamic Decelerator Systems (ADS) Conference,

AIAA paper 2013-1256, 2013.

[25] P. Wercinski, Adaptable deployable entry and placement technology (ADEPT),

Oral/Visual Presentation ARC-E-DAA-TN31961, NASA.

[26] K. McManus, T. Poinsot, S. Candel, A review of active control of combustion

instabilities, Progress in Energy and Combustion science 19 (1) (1993) 1–29.

[27] M. L. Webber, Phase shift control: Application and performance limitations

with respect to thermoacoustic instabilities, Ph.D. thesis, Virginia Tech (2003).

[28] J. Hathout, M. Fleifil, A. Annaswamy, A. Ghoniem, J. Hathout, M. Fleifil,

A. Annaswamy, A. Ghoniem, Why do secondary peaks occur in experimental

active controllers of thermoacoustic instability?, in: 33rd Joint Propulsion Con-

ference and Exhibit, 1997, p. 2834.

[29] W. Saunders, M. Vaudrey, B. Eisenhower, U. Vandsburger, C. Fannin, Per-

spectives on linear compensator designs for active combustion control, in: 37th

Aerospace Sciences Meeting and Exhibit, 1999, p. 717.

[30] Microsatellite reaction wheels (rw3-0.060), http://www.

sinclairinterplanetary.com/reactionwheels, accessed: 2018-05-02.

116



0 500 1000 1500 2000

time / s

30

35

40

45

50

55

60

d
e

p
lo

ym
e

n
t 

a
n

g
le

 /
 °

 

No elasticity, a=0, b=0

Elastic, a=0, b=0

Elastic, a=1, b=1

0 500 1000 1500 2000

time / s

10-2

10-1

100

101
sp

in
 r

a
te

 /
 r

p
s

 

1700 1750 1800 1850 1900

time / s

-90

-80

-70

-60

-50

-40

-30

-20

-10

d
e

ce
le

ra
tio

n
 /

 m
/s

2

 

1700 1800 1900 2000 2100

time / s

1.3

1.32

1.34

1.36

1.38

d
o

w
n

ra
n

g
e

 /
 k

m

×104  

range=13537 km

range=13589 km

range=13692 km

0 500 1000 1500 2000

time / s

0

5

10

15
a

lti
tu

d
e

 /
 k

m

×104  
0 500 1000 1500 2000

time / s

-0.15

-0.1

-0.05

0

0.05

0.1

0.15

re
a

ct
io

n
 w

h
e

e
l m

o
m

e
n

tu
m

 /
 N

m
s

 

Figure 10: Trajectory simulation results without accounting for the shell’s elasticity (blue), with
elasticity (red), and with the controlled reaction wheel as well as elasticity (yellow), on a CubeSat-
sized vehicle re-entering from 145 km LEO to 30 km altitude; it can be seen that for the uncontrolled
scenarios (a = b = 0 according to Equation 11-12) oscillation persists throughout the descent, which
leads to fluctuation in deceleration.
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Figure 11: Trajectory simulation results on the vehicle with di↵erent downrange control gains,
downrange are reported in km, showing a downrange shift of >300 km and oscillation suppressed.
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Chapter 4

Design scalability and

experimental validation

This chapter contains another paper, which demonstrates the scaling rules of the

baseline vehicle design proposed in Chapter 2 as well as the controller designed

in Chapter 3. It shows that the concept has the potential to be lightweight in

comparison with IAD when scaled up to 5 ton, and can also be scaled down to a

miniature size of 30g to enable small planetary probes. Furthermore, the trajectory

simulator is verified/calibrated using data from ground experiments, and showed

satisfactory agreement with low altitude drop test. The drop test model is also a

prototype that demonstrates the stitched fabric architecture that could be used in

future test vehicles.
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4.1 Paper III: Scaling law and drop test

Flexible Heat Shield with Self-Moderating Centrifugal Deployment: De-

sign Scalability and Low Altitude Drop Test
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experiment, including the drop test and the wind tunnel test;
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Note: Supplementary material is available in Appendix A.3.



Flexible Heat Shield with Self-Moderating Centrifugal
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aSchool of Mechanical, Aerospace and Civil Engineering, the University of Manchester, UK
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Abstract

Previous study has proposed a foldable heat shield with self-regulated centrifugal

deployment. The design benefits from being lightweight and simple, having low

requirement on thermal protection, and allowing downrange manoeuvre based on

conventional attitude control devices. In the present study, the heat shield design is

further explored to enable a variety of missions. Scaling rules are developed to allow

a vehicle to achieve acceptable trajectory behaviours with a wide range of entry mass

(from 30 g to 30 tonne). The scaled design also shows a mass-reduction of > 25% in

comparison with a 8.3 m inflatable heat shield, as well as the potential to realise a

swarm of low-cost small probes owing to its robustness. Meanwhile, a test model with

a stitched fabric aeroshell and on-board sensors is drop-tested using a helium balloon

at low altitude. The tests have shown satisfactory agreement with simulation, and no

sign of instabilities. This result thereby verifies the key aspects of the simulator and

paves the way for future higher fidelity tests. The similarity between the low speed

drop-test result and hypersonic simulation suggests that the critical behaviours of

the heat shield is dominated by geometrical rather than aerodynamic principles.

⇤Corresponding author
Email address: rui.wu@manchester.ac.uk (Rui Wu)
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Nomenclatures

E: Young’s modulus

f : focal length

F : thrust force

g: Earth gravity

ISP : specific impulse

l: vehicle characteristic length

m: mass

ME: deploying moment due to shell’s elasticity

q: dynamic pressure

R: distance from a spot on image to the image centre

S: frontal area

St: Strouhal Number

t: heat shield thickness

v: velocity

�: ballistic ratio

✓: deployment angle

�: angle between the incident light and the optical axis

⇢: volumetric density

⌧ : roll torque

!: vehicle spin rate (rps)

CFRP: Carbon Fibre Reinforced Plastic

CGT: Cold Gas Thruster
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HEART: High-Energy Atmospheric Re-entry Test

IMU: Inertial Measurement Unit

LEO: Low Earth Orbit

MEMS: Micro-Electro-Mechanical Systems

TPS: Thermal Protection System

1. Introduction

Deployable atmospheric entry decelerators and heat shields have attracted in-

creasing interest from space industry during the last decade. Unlike conventional

rigid aerodynamic decelerators, deployable heat shields can be stowed compactly dur-

ing launch, then deploy and achieve low ballistic ratio during entry. The reduced bal-

listic ratio leads to early deceleration, reduced terminal velocity, and lower aerother-

modynamic heating, therefore enables soft-landing of heavy payloads through thin

Martian atmosphere [1, 2, 3], as well as flights with extensive heating such as mis-

sions to Venus [4, 5]. Meanwhile, a low stowage profile is not only crucial for large

entry vehicles to fit inside launcher fairings, but also realises entry systems as small

as CubeSats [6, 7, 8, 9].

Current deployable entry systems are mostly based on inflatable structures or

foldable mechanisms. Inflatable heat shields use flexible air-tight chambers that

are folded before inflation, then deploy and rigidise under internal gas pressure.

Flexible thermal protection layers based on commercial materials are wrapped onto

the chambers to maintain an acceptable structural temperature [10, 11, 12, 13, 14,

15, 16, 17]. The foldable mechanisms utilise umbrella-like designs where a skirt

made of flexible thermal protection materials is bounded onto rigid deployable ribs.

Revolute or translational joints allow the ribs to fold and unfold, thereby deploy the

skirt and potentially perform flight manoeuvres by manipulating the skirt’s shape
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[18, 19, 20, 21, 22].

Previous study has proposed a new type of deployable heat shield [23]. Unlike the

current solutions that rely on elastic stabilising forces from either solid or gaseous

(inflation gas) materials, this design concept utilises centrifugal force, which is an

inertial force, to deploy and sti↵en the heat shield structure. The design potentially

benefits from the low structural mass enabled by centrifugal deployment, and realises

a less-demanding thermal control scenario. Meanwhile, the deployment is achieved

using a self-moderating autorotation during descent. This leads to a fully passive

system that is closed-loop controlled. Study also suggested that the extend of deploy-

ment can be actively adjusted using conventional torque-generating attitude control

devices, which moderates the rate of autorotation and thereby enables downrange

manoeuvre [24].

In the present study, the design, especially the scalability of this heat shield

is discussed in more details based on simulation results. The simulator, which is

developed in the previous study, is constructed by coupling a trajectory simulator

with analytical aerodynamic and structural dynamic models. However, as the design

uses a very flexible structure, it is di�cult for the simulator to fully capture the

high-fidelity aeroelastic behaviour of the heat shield as well as its e↵ect on the whole

vehicle’s flight dynamics. Therefore, a scaled-down test vehicle is fabricated and

drop tested from ⇠ 100 m altitude to reveal its behaviour at low speed and to verify

the critical aspects of the simulator.

2. Design scalability of the centrifugally deployed heat shield

The proposed heat shield is a uniform flexible shell which buckles into a spiral

shape when folded under aerodynamic load. The buckled shape generates aerody-

namic roll-torque during descent in atmosphere, thus propels autorotation. Mean-
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while, the centrifugal force caused by the autorotation deploys and flattens the flex-

ible shell. The spin rate then reaches a point that the e↵ect of inertial (centrifugal

and axial deceleration) forces on the shell balances the aerodynamic force, while the

shell is flattened to an extent that the roll-torque becomes zero. The shell’s shape

and the spin rate thereby reaches equilibrium.

Two conceptual designs are illustrated in Figure 1 and 2. Design 1 uses a de-

ployable first stage to minimise the stowed diameter when folded (Figure 1c). When

deploying, the first stage initiates the unfolding of the shell and facilitates the cen-

trifugal deployment of the flexible second stage [23]. This first stage can be inflat-

able (for large vehicles) or mechanically deployable structures (for small vehicles),

but is not the scope of the present study. The conventional rigid nose cone is in-

stalled to protect the payload vessel (an example is given in Figure 1b, note that

the height of the columnar vessel can be increased to allow larger payload volume).

The flexible shell can be made from woven ceramic fabrics such as the test-proven

3MTMNextelTMbased on alumina-boria-silica fibres [25, 26], and a stitched fabric

architecture is illustrated by the test model discussed in section 3.2. Packing is

demonstrated by a prototype made of latex rubber (Figure 1c), where the shell folds

through an origami pattern with crease lines aligned along the spiral shape.

Design 2 (Figure 2a) has removed the first stage for simplicity, and replaced it

with a larger nose cone. For a miniaturised vehicle, a symmetrical payload vessel

can be used to realise a robust design that guarantees thermal protection even if

the vehicle tumbled and flipped over before entry: an example is given in Figure

2b, where two identical nose cones are oppositely closed to provide a payload space

in between. When flipped, the payload is still protected by the nose cone that was

on the aft side before flipping, while the flexible shell snaps through into a reversed

cone (the designed shape) under aerodynamic load. Such a design concept can be
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(a) (b)

(c)

Figure 1: Design 1 vehicle with centrifugally deployed heat shield, (a) side view showing the basic
components of a vehicle with two-stages deployment, (b) tilted view showing the payload vessel
behind the rigid nose cone, (c) packing of the heat shield demonstrated by a latex rubber prototype,
which folds along an origami crease pattern.

useful to enable a swarm of low-cost miniaturised probes without pre-spin or active

attitude control. Alternatively, a payload vessel similar to Design 1 can be used to

enable a larger payload volume.

Previous works have already demonstrated that a CubeSat sized vehicle can reach

near full deployment (forming a blunt cone) throughout the hypersonic and super-

sonic flight regimes during a re-entry from Low Earth Orbit (LEO) [23], and a down-

range manoeuvrability of 102 km is achievable using a commercial reaction wheel

[24]. In this section, it is shown that the design can be scaled-up using simple scaling

rules to achieve similar performance.

The vehicle entry mass is set according to volumetric scaling, where l is the

vehicle’s characteristic dimension:
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(a) (b)

Figure 2: Design 2 vehicle with a simplified centrifugally deployed heat shield, (a) side view of a
vehicle with single-stage deployment and a enlarged nose cone, (b) tilted view of a miniaturised
vehicle with a symmetrical cargo bay that allows reversed flight to relieve the requirement for
attitude control or pre-spin.

mvehicle / l
3 (1)

All dimensions of the heat shield linearly scales with l except its thickness:

t / l
0.7 (2)

Assuming constant material density ⇢decelerator, then the heat shield mass satisfies:

mdecelerator / l
2.7. The scaling exponent 0.7 in Eq. 2 is chosen since it provides

reasonable heat shield thickness across a wide diameter range (0.15 m ⇠ 15 m) as

shown in Table 1, and allows a low heat shield mass ratio (mdecelerator/mvehicle / l
�0.3)

for large vehicles while maintaining acceptable deploy-ability. The deploy-ability

slightly decreases with increasing vehicle size, which can be derived using Eq. 14 in

[23], where ! is the rate of autorotation, q is dynamic pressure, and ✓ is deployment

angle (instantaneous semi-vertex angle of the shell, with full deployment set to 60�):

! /
s

q · tan(✓)

l · ⇢decelerator · t
(3)

Simplify using Strouhal Number, which stays constant during scaling due to the
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similarity of shell geometry, where v is the flight velocity:

St =
! · l

v
(4)

Then we have Eq. 5, which suggests that the deployment angle under a certain

altitude (or air density, ⇢air) tends to be slightly lower when the vehicle is scaled up

(with larger l):

tan(✓) / ⇢decelerator

⇢air · l0.3
(5)

The discussion above agrees with simulation results shown in Figure 3. The

simulation includes seven design examples covering vehicle masses ranging across six

orders of magnitude, and assumes Earth re-entry from 145 km altitude at 7.8 km/s

and zero flight path angle. Miniaturised vehicles (with total mass of 30 g and 300 g)

are included as they may allow new types of exploration missions with a swarm of low-

cost small probes. It can be seen that the deployment angle decreases with increasing

vehicle size as predicted by Eq. 5. For the same reason, a larger heat shield can reach

a lower instantaneous deployment angle, leading to a higher aeroelastic oscillation

(i.e. oscillation in deployment angle, which is investigated in the previous study [24]),

which in turn increases the fluctuation in deceleration. However, it should be noted

that the simulator has not included structural damping (since the baseline structural

dynamic behaviours are of interest), which in reality will help reduce the oscillation

during the low dynamic pressure flight regimes. Meanwhile, scaling the vehicle barely

influences the peak deceleration and stagnation point heating (Table 1). Therefore,

the basic structural layout and material selection can be passed between a wide range

of vehicle sizes.

In addition, since ballistic ratio increases with vehicle size: � / l (derived from
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Eq. 1), the peak dynamic pressure also increases, which follows an empirical relation

determined from the simulation: q / l. Then the scaling of spin rate (Eq. 3)

becomes ! / l
�0.35 if ignoring the insignificant variation in ✓, which agrees with

the simulation. The fact that a larger heat shield tends to have a lower spin rate

is beneficial since it limits the tensile stress in the flexible structure. However, the

exact stress can not be evaluated without a detailed heat shield design, thus is not

further discussed.

Figure 3: Scaling of a vehicle with total mass ranging from 30 g to 30 tonne, simulated for re-entry
from 145 km LEO with zero flight path angle, descending to 30 km altitude, showing that scaling
up leads to slight reduction of deployment angle and spin rate, increment in dynamic pressure, and
nearly unchanged peak deceleration.

Table 1: Vehicle setup and simulation results corresponding to the scalability study in Figure 3.

Vehicle
mass

Max. di-
ameter

H.S.
thickness

H.S. surface
density

H.S. mass
ratio

Peak
spin rate

Peak P Peak decel-
eration

Peak
heatingb

30 g 0.15 m 0.34 mm 0.37 kg/m2 25% 13 rps 0.087kPa 8.4 ± 0.3 g 25.4W/cm2

300 g 0.32 m 0.6 mm 0.66 kg/m2 20% 10 rps 0.19 kPa 8.4 ± 0.3 g 25.3W/cm2

3 kg 0.7 m 1.0 mm 1.1 kg/m2 16% 8.1 rps 0.40 kPa 8.4 ± 0.3 g 25.4W/cm2

30 kg 1.5 m 1.7 mm 1.9 kg/m2 13% 6.3 rps 0.87 kPa 8.4 ± 0.4 g 25.6W/cm2

300 kg 3.2 m 2.9 mm 3.2 kg/m2 9.9% 4.8 rps 1.9 kPa 8.4 ± 0.5 g 25.5W/cm2

3 tonne 7 m 5.0 mm 5.5 kg/m2 7.9% 3.7 rps 4.2 kPa 8.4 ± 0.6 g 25.8W/cm2

30tonne 15 m 8.6 mm 9.5 kg/m2 6.3% 2.8 rps 9.3 kPa 8.5 ± 0.9 g 26.2W/cm2

a H.S.: Heat Shield
b Stagnation point convective heating

Besides the basic behaviours discussed above, the downrange manoeuvrability

can also be scaled up. In the previous study, an o↵-the-shelf reaction wheel is used

to actively adjust the spin rate of a CubeSat-sized vehicle, and thereby influence the
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deployment angle and drag coe�cient, which has achieved an open-loop downrange

manoeuvre of over 300 km during a simulated re-entry. The same system has also

simultaneously suppressed the aeroelastic oscillation of the shell [24]. Here a scalable

system is designed with actively controlled Cold Gas Thrusters (CGTs), which is

more straightforward to scale up than reaction wheels used in the previous study. The

CGTs are tangentially installed at the edge of the design 1 payload vessel to generate

a roll-torque, ⌧CGT . On the other hand, the aerodynamic roll-torque generated from

the spiral shell geometry satisfies (note that q / l as discussed earlier):

⌧aero. / q · S · l / l
4 (6)

The total roll-torque ⌧aero. + ⌧CGT then determines the spin rate and thereby the

deployment. The similitude of control therefore requires ⌧CGT / ⌧aero., which means

the control similitude factor can be defined as:

⌧CGT

l4
(7)

Since ⌧CGT / FCGT · l, we have FCGT / l
3. Assuming Nitrogen-propellant CGTs

with a specific impulse of 70 s, the propellant consumption rate can be evaluated

using the equation below [27]:

FCGT = g · ISP · ṁ (8)

Where g is Earth’s gravity, ISP is specific impulse, and ṁ is fuel mass flow rate.

The controller developed in the previous study is then scaled and simulated with

two vehicle sizes. The results are shown in Figure 4 and Table 2. Note that the

control similitude factor of 0.04 is chosen here as it provides satisfactory control
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authority with acceptable propellant consumption rate. For simplicity, the vehicle

mass variation due to propellant consumption is not considered in the simulations.

According to Figure 4, the oscillation in deployment angle is suppressed, removing

the fluctuation in deceleration (comparing with Figure 3). Meanwhile, downrange

shifts of ⇠ 540 km are achieved for both vehicle sizes with propellant consumption

below 7% of vehicle mass.
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Figure 4: Scaling of a vehicle with total mass of 3 kg and 5 tonne, and actively controlled CGTs
with similitude factor �CGT /l4 = 0.04 to adjust downrange, simulated for re-entry from 125 km
LEO with zero flight path angle, descending to 30 km altitude, showing that a ⇠ 540 km downrange
manoeuvrability can be achieved while suppressing aeroelastic oscillation.

Table 2: Vehicle setup and simulation results corresponding to the scalability study in Figure 4,
with control similitude factor �CGT /l4 = 0.04.

Vehicle
mass

�CGT Total down-
range shift

Propell. con-
sumption

Propell./Vehicle
mass

Downrange goal

3 kg 0.0094 N · m 545 km
0.11 kg 4% Reduce
0.18 kg 6% Increase

5 tonne 186 N · m 542 km
200 kg 4% Reduce
357 kg 7% Increase

The 5 tonne vehicle scaled in this study has a maximum diameter of 8.3 m. This

is similar to NASA’s High-Energy Atmospheric Re-entry Test (HEART) vehicle,

which is a ballistic entry vehicle concept with an inflatable blunt-cone heat shield

designed for space station cargo exchange as well as other planetary entry missions

[26]. The key design parameters and entry environments are compared in Table 3.
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The heat shield mass ratio of HEART is approximated by summarising the mass of

the inflatable structure made of silicone-coated Kevlar toris, the Thermal Protection

System (TPS) made of layers of fabrics and blankets, and the inflation subsystem

consisted of pressure vessel, valves, etc. (while excluding rigid structures and nose

cone) [26]. Mass ratio of the present design is evaluated using the flexible shell’s

mass (note that design 1 has higher shell mass since it contains a first stage), which

makes a reasonable comparison in this preliminary study since the shell is designed

to serve as the deployable structure and the TPS at the same time. Meanwhile, the

stowed diameters reported in the table are based on the size of rigid nose cones (for

present designs) as well as literature (for HEART) [26].

It is worth noticing that the TPS on HEART has two 3MTMNextelTM440 BF-20

alumina-boria-silica fabrics as the outer layer, which is proven to withstand the flight

temperature and provides structural integrity during folding, handling and flight.

Five layers of insulating blankets and a gas barrier are stitched onto the outer layer’s

aft side to protect the silicone-coated inflatable toris [26]. However, the present

design is deployed and sti↵ened by inertial (centrifugal) force and thus mostly relies

on the mass rather than the elastic response from heat shield materials. Therefore,

it tolerates high material temperature, thus no insulation blankets or gas barriers are

needed, and the heat shield can potentially be made solely from high temperature

fabrics. The required heat shield surface density, according to the scaling rule (Eq.

2), is 6.2 kg/m2, which can be achieved with 12 layers of NextelTM440 BF-20 fabric.

This provides su�cient thermal protection with high safety factor since the entry

environment of the proposed vehicle is similar to HEART (Table 3).

According to Table 3, the centrifugally deployed heat shields have lower mass

than HEART. While the mismatch in peak dynamic pressure and deceleration of the

two designs is related to shape di↵erence, as the HEART vehicle has a conical shape
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Table 3: Comparison between the centrifugally deployed heat shield and NASA’s HEART inflatable system.

Vehicle Entry mass Max. dia. Stowed dia. H.S. mass ratio Peak P Peak decel. Peak heatinga

Present study 5 tonne 8.3 m
1.5 m (design 1) 7.5% (design 1)

5.8 kPa 8 g 28 W/cm2
3.3 m (design 2) 6.5% (design 2)

HEART 5 tonne 8.3 m ⇠ 2.3 m 10% 5.5 kPa 7 g 27 W/cm2

a Stagnation point convective heating

with 55� constant semi-vertex angle, and the present design has a varying semi-vertex

angle and a diameter below 8.3 m during flight (below full-deployment).

Therefore, a conclusion can be drawn here that the proposed design has the po-

tential to be applied to entry systems with a wide range of sizes, and mass-reduction

in comparison with existing inflatable systems is potentially achievable. This also

means the behaviour of a scaled-down vehicle is representative for a larger system,

thus test results on a scaled-down vehicle can be valuable and instructive.

3. Low-speed low-altitude drop test

Experimenting in higher atmosphere under a hypersonic speed is ideal but costly,

thus the present work focuses on experimenting under a low-speed low-altitude con-

dition. Such a test certainly can not capture all the interested aspects especially

the full vehicle dynamics under hypersonic condition and aerothermodynamic heat-

ing, but will still provide useful insights and increase the confidence of successfully

conducting a higher fidelity test (i.e. orbital/suborbital launch).

In this section, a scaled-down test vehicle is constructed and used to demonstrate

the flight dynamics during a free-fall drop test from ⇠ 100 m height as well as to

verify key aspects of the simulator.

3.1. Basic information about the simulator

Trajectory prediction is a major component of the simulator, which utilises New-

ton’s laws of motion and Newtonian hypersonic aerodynamics to numerically sim-

ulate the 3D trajectory of a point-mass ballistic entry vehicle. On the other hand,
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the structural dynamic as well as the hypersonic autorotation behaviours are pre-

dicted using analytical equations derived from a simplified geometrical model. For

simplicity, the model assumes the heat shield to have an axisymmetric origami shape

and a zero angle of attack [23]. The simulator is then constructed by coupling the

analytical equations with the point-mass trajectory solution.

The di↵erence between the low-speed and hypersonic aerodynamic behaviours as-

sociated with autorotation is an important concern which may reduce the significance

of the low-speed drop test results. Nevertheless, a series of wind tunnel tests have

shown that the di↵erence is not eminent. As sown in Figure 5, a scaled-down paper

origami model is attached to a jig which allows free rolling of the model through

an axle supported by bearings, and a tachometer with a code disk is used to mea-

sure the roll rate. The folding of the paper origami can be constrained from the

axle and thereby set the deployment angle for testing. For each deployment angle

(35�,40�,45�,50�, and 57�), the test is carried out at freestream velocities of: 14 m/s,

16 m/s and 18 m/s, and Strouhal Number (Eq. 4) is evaluated.

The di↵erence between results at the three speeds is not eminent, thus the average

of the three is reported. Ideally, as the tests are done by free spinning, the measured

spin rates should be the equilibrium spin rate, or in other words, the spin rate

at which zero aerodynamic roll-torque is generated. In Figure 6a, the analytical

aerodynamic roll-torque with only positive value is plotted (coloured mesh), thus

the edge of the plotted area corresponds to the equilibrium Strouhal Number. It can

be seen that the test results (red dots) roughly resembles the analytical prediction

except at high deployment angles. This is because the test condition is not ideal and

the frictional torque resists the spinning of the model, thus the test points are actually

conditions with a small rather than zero aerodynamic roll-torque. Therefore, better

agreement is achieved in Figure 6b, which plots the analytical roll-torque higher than

134



a small value (10% of the maximum torque) in comparison with test.

Figure 5: The wind tunnel setup, with a paper origami model mounted on a free-spinning axle that
spins with a code disk used for spin rate measurement.
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Figure 6: Aerodynamic roll-torque, where low-speed wind tunnel results are plotted as red dots,
together with the analytical results based on Newtonian hypersonic aerodynamics, (a) analytical
torque with positive value is plotted, showing disparity at high deployment angles, (b) to compensate
the friction in the tests, the analytical torque with normalised value of > 0.1 is plotted, showing
better agreement with tests.

Such an agreement between low speed and hypersonic results is somehow unusual,

which suggests that the autorotation of the origami model is dominated by geometric

rather than aerodynamic principles. It also suggests that a low-speed low-altitude

drop test could generate meaningful results since the important spinning motion can

be captured with precision.

Meanwhile, aerodynamic damping on the deployment of the flexible heat shield
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is added into the simulator since it has notable e↵ect at low speed. This is done

by revising the dynamic pressure term used to predict deployment behaviours to

account for the local velocity variation caused by the shell’s deploying motion:

vlocal = vfreestream + 0.5 lshell · ✓̇ (9)

Where ✓̇ is the angular velocity of the shell’s deploying motion, Lshell is the

generatrix length of the flexible shell. The e↵ect of the shell’s elasticity is also

considered to improve the fidelity of the model. The elastic e↵ect tends to let the

shell recover to a neutral deployment angle, which is assumed to be 50�. It is not set

to the full deployment angle of 60� since the neutral shape of the fabric shell (section

3.2) is not flat considering the e↵ect of repeated folding and stitching. According to

the fact that under a �1 g environment (unsupported shell under a bottom-up static

condition similar to Figure 8b) the deployment angle is 28.5� rather than zero due to

the e↵ect of elasticity, the elastic deploying moment at 28.5� can be evaluated. Then

the elastic deploying moment at any deployment angle can be predicted by assuming

a linear relation to deployment angle, where ME is the deploying moment caused by

the shell’s elasticity:

ME(✓) =
50 � ✓

50 � 28.5
· ME(28.5�) (10)

3.2. Test model construction

The drop test model shown in Figure 8 is based on design 2 (Figure 2) and is

consisted of two parts: a flexible shell with the max. diameter of 0.7 m, and a

cargo bay. The shell is fabricated using a heavy duty fabric with su�cient resistance

to in-plane shear. The origami pattern has twelve repeating elements around the

perimeter as shown in Figure 7, thus the fabric is tailored into the element’s shape
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and stitched together along the edges by creating double lap seams with top-stitch.

Such a seam structure has high strength and creates a pocket that can be used to

hold structural members for local reinforcement [28]. The local reinforcements made

of Carbon Fibre Reinforced Plastic (CFRP) strips are added to induce structural

anisotropy and therefore, inducing a predictable spiral shape when the shell folds by

buckling (Figure 8b). The CFRP strips are lightweight (approx. 3 g each) thus has

ignorable e↵ects on the deployment behaviour. The rim of the shell also has a lap

seam that forms a pocket (Figure 8c), which not only secures the edge yarns, but also

creates a rounded shoulder that prevents excessive local aerothermodynamic heating.

This stitched fabric architecture is similar to NASA’s ADEPT concept [29]. Hanger

rings made of Kevlar ropes are installed onto the rim of the shell, which is used to

connect the vehicle to a helium balloon through a hanger equipped with releasing

mechanism.

Figure 7: The origami pattern (right) upon which the shell is designed, and the fabric element for
the test vehicle (left) where dashed lines are folding line.

The cargo bay is consisted of a carrier board and a lower piece. The carrier board

is used to install the attitude sensor (Pixhawk), camera and power system (Figure

8c). The lower piece is made of expanded polypropylene with a near spherical shape

that can deform under the landing impact (the white part in Figure 8). It is bonded
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onto the flexible shell using sealant, and then bolted onto the carrier board.

(a) (b) (c)

Figure 8: The test vehicle, (a) bottom view and (b) side view, showing the spiral shape that
simultaneously forms when the shell folds by buckling, (c) top view showing the carrier board on
the cargo bay.

The whole system used for drop test is shown in Figure 9. The test vehicle hangs

below the hanger through releasing mechanisms that are manually controlled using

a remote controller. Floating of the balloon is also manually controlled from ground

using a continuous cable that passes through the hanger via two pulleys.

3.3. On-board sensors & data processing

All measurements are made on board the test vehicle using a video camera with

fisheye lens, as well as a commercial UAV flight controller (Pixhawk) which has

a MEMS (Micro-Electro-Mechanical Systems) IMU (Inertial Measurement Unit), a

MEMS barometer, and a micro-SD card for data-logging. The function of these

sensors are listed in Table 4.

Velocity, which is mainly vertical, is evaluated from the altitude information

acquired using the barometer. The spin rate is measured using solely the gyroscope.

The vehicle’s attitude is recorded by the IMU, which fuses the measurement from

various sensors using an extended Kalman filter and outputs the three Euler angles
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Figure 9: The drop test system consisted of a lifting helium balloon, a hanger controlled from
ground, and test vehicle hanging under the hanger through remote-controlled releasing mechanisms.

Table 4: Measurements from the sensors on board the test vehicle.

Measurement Sensor Specification
Velocity (altitude) Barometer MS5611 IMU

Spin rate Gyroscope in IMU MS5611, allowing up to 2000�/s
Attitude IMU MS5611, with Kalman filter

Deployment angle Upward facing camera Fisheye lens with equidistant pro-
jection, 1280 ⇥ 960 pixels

(roll, pitch and yaw). All the measurements made by the Pixhawk have a sample

rate of 10 Hz.

The measurement of deployment angle is made by processing the image captured

by the upward facing camera. The images are converted from a video shot at 60

frames per second and the resolution is 1280 ⇥ 960 pixels. The lens has a 220� view

angle and equidistant projection, or in other words, the mapping function is:

R = f · � (11)
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Which means the distance between a spot on the image and the image centre

(i.e. the height of the image) is proportional to the view angle. However, the real

projection is slightly o↵-equidistant due to distortion. In Figure 10, the real mapping

function provided by the lens supplier is plotted in comparison with the theoretical

mapping function of an equidistant lens. During the evaluation of deployment angle,

the distortion is calibrated using this data.
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Figure 10: Mapping function of the fisheye lens set in comparison with an ideal equidistant lens,
showing distortions to be calibrated during image processing.

The objective of the image processing is to separate the flexible shell from the

background, and therefore distinguish the edges of the shell, which can then be

used to evaluate deployment angle. Figure 11 shows three typical images taken

during the drop test. It can be seen that only the centre of the image is within the

projection area of the lens and the corners are dark. The vehicle and the flexible
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shell are also dark except the white yarns used to stitch the shell together. The

rest of the image is mostly blue sky that is relatively bright especially in the blue

colour channel. Therefore, a threshold is applied to binarise the image by setting

all the pixels with brightness in the blue channel lower than a certain value (the

threshold value is studied later, here it is set to 62.5%) to black and the rest to

white. Ideally, the resulted image should have a single white cluster that overlaps

with the sky background thus the edge of the white cluster marks the shell’s edge.

However, as shown by Figure 11, the resulted image contains defects including lens

flares caused by direct sunlight, strong reflection from the vehicle, and the bright

white yarn stitched on the shell. The rest of the processing focuses on removing

those defects.

It can be seen in Figure 11 that an erosion process, which o↵sets the black clusters

by 3 pixels, is used to remove the white yarn. Then an extensive dilation of 15 pixels

is used to remove the dark spots in the background caused by less bright part of

the sky as well as the hanger at the beginning of the test. Finally, the small white

and black clusters with the size lower than 50k pixels are removed, and the image is

eroded by 12 pixels to compensate the previous dilation. The process reported here

is developed by trails with the aim to minimise artifacts in the final result.

At this stage, the edge of the white cluster can be used to evaluate deployment

angle using the following method. Every pixel on the edge is treated as an equal

section of the edge, and the deployment angle of such a section can be solved from

the view angle (which is converted from image height using Figure 10) using simple

geometry. Figure 12 shows the distribution of deployment angles corresponding to

all the edge pixels on 40 processed frames taken during 8 s ⇠ 12 s of the descent.

As the flexible shell in real world is not axisymmetric and always contains wrinkles

and defects, the edge pixels have a range of deployment angles rather than a single
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(a)

(b)

(c)

Figure 11: Image processing method used to pick up the shell’s edge from shots taken by on-
board camera, (a) a typical scene at the beginning of test, note that the lens flare and strong
reflection from the vehicle caused by direct sunlight is causing defect, this rarely persists to the
final processed image (b) another typical scene with lens flare, which is removed from the final
image by the processing method, (c) a typical clean image.
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value as assumed by the simulator. However, a distinct peak at approx. 50� ⇠ 53�

exists in the data from all the three test runs, which means most part of the edge

has similar deployment angle, thus the shape of the shell is regular and predictable.
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Figure 12: Distribution of deployment angles corresponding to all the edge pixels on 40 processed
frames taken during 8 ⇠ 12 s of descent, note that most part of the shell has deployment angle of
50� ⇠ 53�, suggesting a shell geometry that is regular and predictable.

At each frame, the average of the deployment angles corresponding to all edge

pixels is defined as the overall deployment angle. In Figure 13, the overall deployment

angle is plotted against time. It can be seen that the di↵erence in threshold value

has notable but insignificant e↵ect on the final result.

3.4. Results & Discussion

In Figure 14, the drop test results are plotted in comparison with simulation re-

sults. Note that the di↵erence in test duration is caused by the di↵erent releasing

altitude, which is determined visually from ground. According to Figure 14a, where
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Figure 13: Overall deployment angle of the shell during the first test run plotted against time,
where three threshold values are used to process the image, showing that the result is robust in
terms of threshold.

the zero altitude is set as the releasing altitude, the descending predicted by simula-

tion has shown satisfactory agreement with the tests. Meanwhile, the spin rate and

deployment angle shown in Figure 14b and Figure 14c have shown close agreement

with simulation except at the beginning of descent, where the spin-up of the vehicle

and the initial deployment of the aeroshell is not as rapid as predicted by the simu-

lator. However, as shown by Figure 15, the agreement between simulation and tests

can be improved after the aerodynamic roll-torque in the simulation is reduced to

50% of the original magnitude.

According to this result, the simulation is making reasonable prediction of the

equilibrium spin rate, as well as the deployment of the aeroshell under inertial and

aerodynamic load, though the magnitude of the aerodynamic roll-torque is over-
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predicted.
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Figure 14: Drop test results plotted in comparison with simulation, (a) altitude, with zero point
set as the releasing altitude of the test vehicle, showing satisfactory agreement, (b)(c) spin rate and
deployment angle, showing close agreement except at the beginning of the drop, suggesting that the
simulator has reasonable prediction of equilibrium condition, though it reaches equilibrium more
rapidly.

Besides validating the key simulation parameters (i.e. spin rate and deployment

angle), the flight dynamics of the vehicle is also of interest. It worth noticing that the

peak of the deployment angle distribution as shown in Figure 12, is between 50� and

53�, which is di↵erent from the equilibrium overall deployment angle of approx. 49�
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Figure 15: Drop test results compared to simulation with augmented aerodynamic roll-torque,
showing improved agreements, (a) altitude, (b) spin rate, (c) deployment angle, which suggests
that the simulator over-predicts the aerodynamic roll-torque.

as shown in Figure 14c. This is due to the fact that at such a low overall deployment

angle, the shell buckles into an unsymmetrical mode as it folds. It can be seen

from Figure 16 that from before 3 s into the descent, this mode starts to cause the

fabric elements on the lower left side of the shell in the image to fold up extensively,

leaving the rest elements relatively flat. The relatively flat elements thereby have

deployment angles of between 50� and 53�, and the extensively folded elements have

146



a lower deployment angle, while the overall (i.e., the average) deployment angle

generally satisfies the simulation prediction based on the axisymmetric geometrical

model.

(a) (b) (c)

(d) (e)

Figure 16: Images from the upward facing camera taken at (a) 0 s, (b) 3 s, note that an unsym-
metrical shape is formed due to the low deployment angle, which causes the fabric elements on the
lower left to fold extensively, such buckling mode persists to the end of the descent, (c) 6 s, (d) 9
s, (e) 12 s.

The unsymmetrical shape of the aeroshell discussed above also leads to a non-

zero angle of attack of the vehicle. Figure 17 shows the vehicle attitude dynamics

history, where the angle between the gravity vector and the downward facing vector

bonded to the vehicle is plotted. According to the figure, the vehicle always has a

non-zero angle of attack, which decays during the descent, and the motion contains

autorotation and nutation (conning motion).

The nutation motion is illustrated with better clearance by setting the vehicle’s

yaw angle to zero and plotting the pitch angle in the vehicle frame (Figure 18). It can

be seen from Figure 18a-18c that the nutation angle is reducing during the descent.
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Figure 17: Vehicle attitude dynamics history during the first test run, plotted using the pitch angle
and pitch direction in the inertial frame, with colour representing descending time, the motion
caused by autorotation and nutation can be seen from this plot.

The frequency of the nutation motion evaluated from Figure 18d is approx. 1.9 Hz,

which is di↵erent from the rate of autorotation (1.4 Hz).

4. Conclusions

The present study has demonstrated the scalability of the flexible heat shield

design with self-regulated centrifugal deployment. Following a simple scaling rule,

vehicles with entry mass ranging across six orders of magnitude (from 30 g to 30

tonne) have achieved acceptable trajectory behaviours during simulated re-entries

from Low Earth Orbit (LEO). The design also shows a lower heat shield mass when

scaled to compare with NASA’s HEART inflatable entry vehicle. Meanwhile, down-

range manoeuvre enabled by a roll-attitude controller proposed in the previous study

is also scalable. Vehicles with 3 kg and 5 tonne entry mass have achieved similar

downrange shift (⇠ 540 km) and propellant consumption (< 7% of vehicle mass) in
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simulated LEO re-entries.

On the other hand, according to low speed wind tunnel tests, the simulator,

although developed using hypersonic aerodynamics, can reliably predict equilibrium

autorotation at low speed. Therefore, the critical aspects of the simulator can be

verified by comparing to the low-speed (⇠ 5 m/s) low-altitude (⇠ 100 m) drop tests

conducted in the present research. The simulator shows close agreement to the tests

in equilibrium spin rate and deployment angle, though the aerodynamic roll-torque

is over-predicted. The reason for such a similarity between hypersonic and low speed

results is that the critical behaviours of the aeroshell, including autorotation and

deployment, is dominated by geometrical rather than aerodynamic principles.

Meanwhile, the drop tests have also shown that the aeroshell forms unsymmetrical

shape when folded to a relatively low deployment angle by unsymmetrical buckling.

However, the shell’s shape and the vehicle’s attitude are stable. A nutation motion

with the amplitude decaying during descent has been observed.

Furthermore, two design variations of the deployable entry vehicle are proposed.

In order to address di↵erent mission requirements, the designs feature low stowage

volume and structural simplicity respectively. Particularly, the design 2 allows a

miniaturised vehicle to survive entry even when flipped over, thus relieving the re-

quirement for attitude control or pre-spin. This potentially provides an entry vehicle

solution for low-cost probe swarms. The stitched fabric heat shield construction

based on such a design is demonstrated by the drop-test vehicle.
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Figure 18: Vehicle attitude dynamics history of test runs 1⇠3, (a) (b) (c) pitch angle and direction
plotted in the vehicle frame with colour representing descending time, the decaying nutation motion
is clearly shown by these plots, (d) pitch angle plotted against time, showing a nutation frequency
(1.9 Hz) that is di↵erent from autorotation (1.4 Hz).
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4.2 Comparison between experimental methods

Besides the low-speed drop test discussed in paper III, experimental methods in-

cluding wind tunnel test and balloon drop test have also been considered to verify

the trajectory simulation as well as the deployment and flight dynamic behaviours

of the proposed vehicle. This section provides a comparison between these methods

and points out that the low-peed drop test is the most practical and cost-e↵ective

experiment.

4.2.1 Wind tunnel test

Wind tunnel test of a flexible heat shield model is designed to reveal its dynamic

deployment behaviours during the flight regime with peak dynamic pressure, which

is the most critical stage of re-entry. The flight condition during this regime is

predicted using the trajectory simulator and reported in Table 4.1. The simulation

assumes a CubeSat-sized vehicle with the baseline design re-entering from 145 km

LEO at 7800 m/s and zero flight path angle.

Table 4.1: Critical flight conditions of a CubeSat-sized vehicle under peak dynamic
pressure during a simulated re-entry from LEO

Parameter Simulation prediction

Shell base diameter 0.7 m

Freestream temperature ⇠ 230 K

Static pressure < 10 Pa

Dynamic pressure ⇠ 200 Pa

Spin rate < 10 rps

Since the structural dynamic behaviour is of interest, the test setup and model

design requires dynamic aeroelastic scaling. The similitude factors are shown in

Table 4.2, where v is freestream velocity, T is fluid temperature, ⇢ is fluid density,
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⇢S is the shell’s areal density, E is the shell material’s Young’s modulus, t is shell

thickness, l is shell base diameter, and P is dynamic pressure. Note that the

similitude factors reported here are the reduced expressions, and the derivation is

documented in Appendix A.4.

Table 4.2: Wind tunnel scaling factors for the heat shield model

Scaling factor Reduced expression Test Requirement

Mach number v/T
0.5 Hypersonic regime (M > 5)

Reynolds number ⇢vl Less critical
Relative density

⇢S/⇢l Keep generally constantMass moment of inertia
“Deploy-ability”

Aeroelastic bending Et
3
/P l

3 Keep generally constant

Spin rate
p

P/⇢Sl Keep su�ciently low

The major obstacle is that existing wind tunnel facilities usually provide static

and dynamic pressures that are over one order of magnitude higher than the flight

condition shown in Table 4.1, while the model size has to be scaled down at the

same time. Therefore, a su�ciently low spin rate (/
q

P
⇢S l according to Table

4.2), which is necessary to prevent excessive vibration, requires a high model areal

density ⇢S. Similitude of relative density scaling factor (/ ⇢S

⇢l ) calls for a similar

requirement. This high areal density ⇢S inevitably leads to a high shell thickness

t. For simplicity, assume constant material volume density, then we have:

⇢S / t

Then the relative density scaling factor becomes:

⇢S

⇢l
=

t

⇢l

Thus, the aeroelastic scaling factor becomes (substituting t = ⇢l):

Et
3

Pl3
=

E⇢
3

P
=

E⇢
2

v2
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Since freestream velocity v in the wind tunnel is at the same order of magnitude

as under the flight condition, and the wind tunnel fluid density ⇢ is significantly

higher, the similitude of aeroelastic bending can only be satisfied together with

relative density if the material modulus E was significantly lower than the baseline

design. This is not feasible considering that the baseline design uses a flexible fabric

shell with a flexural modulus that is already very low. Therefore, a high fidelity

wind tunnel test is not viable.

In addition, flow direction in a wind tunnel is usually horizontal, which causes

another issue that during spinning, gravity may have complex oscillatory e↵ect

on a horizontally-mounted flexible model. This creates another drawback of wind

tunnel experiments.

Nevertheless, a wind tunnel test on a flexible model could still help understanding

the dynamic behaviours of the heat shield even if some of the similitude factors

were not matched. However, acceptable test conditions are still not achievable, as

illustrated by Table 4.3, which reports the prediction from the trajectory simulator

that is revised to simulate the dynamics behaviour in a wind tunnel. According to

the table, near fully-deployed condition can be obtained despite of the reduced rel-

ative density factor, but a low static pressure is still required to prevent over-spin.

Although this can be achieved using facilities such as the SCIROCCO plasma wind

tunnel in CIRA, it is not further considered since a more cost-e↵ective experimen-

tal method exists.

Meanwhile, e↵orts have also been made to design a rigid/semi-rigid model test in

the High-SuperSonic-Tunnel (HSST) in the University of Manchester. However,

the required model construction is impractical and the design is discarded, as

documented in Appendix A.5.
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Table 4.3: Simulated hypersonic wind tunnel test at Mach 6 and ⇠ 300 K on a
flexible test model with 0.35 m base diameter

Static pressure Surface density Deployment angle Spin rate

50 Pa 2 kg/m
2 59� ⇠ 60� 16 rps

50 Pa 1 kg/m
2 59� ⇠ 60� 23 rps

100 Pa 2 kg/m
2 59� ⇠ 60� 23 rps

100 Pa 1 kg/m
2 58� ⇠ 60� 32 rps

1000 Pa 2 kg/m
2 56� ⇠ 60� 70 rps

4.2.2 Drop test from high altitude balloon

Although a hypersonic wind tunnel test is impractical, it is feasible to use a weather

balloon to perform a high altitude low speed drop test at a much lower cost, which

could simulate the dynamic pressure of interest while having no limitation on

model size. This section demonstrates that a drop test from weather balloon can

practically provide information on the deployment as well as flight dynamic be-

haviours at subsonic speeds and under a varying atmospheric conditions, although

the speed regime is not matched.

The maximum accessible altitude is set to 35 km according to an online weather

balloon performance calculator developed by High Altitude Science [151]. The

calculator shows that a 3 kg class balloon could reach above 35 km before burst

and within a reasonable time (< 3 h), while higher altitude (> 40 km) is di�cult

to access due to insu�cient buoyancy. The trajectory simulator is used to analyse

the condition of a test vehicle during the drop test. Results are shown in Table

4.5. It can be seen that the peak velocity is always low, which can be increased

by using a 2-stage test vehicle that deploys from a stowed condition (with high

ballistic ratio) at a certain time during descent. However, simulations have shown

that although this allows the peak velocity to be doubled, supersonic velocities

are still di�cult to achieve due to the insu�cient ballistic ratio as well as the
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resulted high dynamic pressure and excessive spin rate (> 10 rps, which increase

the requirements on the onboard sensors). Therefore, a single stage test vehicle

should be used.

Table 4.4: Simulation predictions of 35 km free fall tests

Base
dia.

Total
mass

Payload
mass

Surface
density Spin rate

Deploy. angle
at 35 km

Deploy. angle
at 0 km

Peak
velocity

Terminal
velocity

0.35 m 600 g 475 g 1 kg/m2 ⇠ 3.5 rps 55 ⇠ 60� 37 ⇠ 60� 100 m/s < 15 m/s
0.7 m 1.3 kg 800 g 1 kg/m2 ⇠ 1.7 rps 55 ⇠ 60� 30 ⇠ 57� 75 m/s < 10 m/s
0.7 m 1.3 kg 300 g 2 kg/m2 ⇠ 1 rps 56 ⇠ 59� 43 ⇠ 55� 75 m/s < 10 m/s
0.7 m 3 kg 2 kg 2 kg/m2 ⇠ 2 rps 55 ⇠ 60� 35 ⇠ 60� 110 m/s < 15 m/s

Simulation has also suggested that dropping from 25 km altitude provides a peak

deployment angle of > 50� while the other parameters are similar to the 35 km

test. Thus a 25 km drop test can provide similar information while loosening re-

quirements on sensors (barometers on commercial flight controller units usually

supports static pressure up to 30 km altitude) and allowing shorter mission dura-

tion (< 1 hour for ascent). For such a test, the vehicle should operate at 55mbar to

25mbar and �56�
C to �50�

C, equipped with sensors, power supplies and location

devices for recovery after landing, a weather balloon system, as well as a releasing

system either on the vehicle or on the balloon that could release the vehicle at the

prescribed altitude.

4.2.3 Comparison

The experimental methods discussed above are summarised in Table 4.5. It can

be seen that the drop tests are more cost e↵ective and practical than wind tunnel

tests. Therefore, a low altitude drop test was carried out in the present study to

provide a quick verification of the simulation. It also sets a foundation for the

future high altitude drop test as well as other high fidelity experiments such as

suborbital launch.
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Table 4.5: Comparison between experimental methods

Method Advantages Drawbacks

Low density hy-
personic/plasma
wind tunnel test

Matches the flight condition of in-
terest

Limited availability of suitable
test facilities; Lateral gravity
complicates the behaviour; Lim-
ited freedom of motion

Drop test from 25
km altitude

Captures full vehicle flight dy-
namic behaviour; Allows full-
scale CubeSat-sized test vehi-
cle; Provides varying atmospheric
condition

Not matching the speed regime
and atmospheric density of in-
terest; Operation not covered by
UK regulations

Drop test from
low altitude

Simplicity; Lowest cost and re-
quirement on test facility; Allows
rapid equipment design iterations

Provides only one test condition
at low speed regime
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Chapter 5

Passive centrifugal deployment of

an origami heliogyro

This chapter includes a submitted paper on a heliogyro concept with self-regulated

passive centrifugal deployment. The operation is enabled by an origami-inspired

meta-structure reflector that generates an in-plane SRP thrust to propel the ro-

tation of the solar sail. The SRP vector is stress-dependent thus responds to the

centrifugal force. Combined with a passive blade releasing mechanism, closed-loop

passive control over spin rate and sail deployment can be achieved. In the mean

time, the sail remains flat and thereby has simplified dynamic behaviour. The

paper discusses the design of the origami pattern, as well as the mechanical and

optical characteristics of the reflector. Then a baseline vehicle design is simu-

lated to demonstrate its ability to follow a pre-defined spin rate history during

deployment, while preventing over-spin after fully deployed.
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5.1 Paper IV: Design concept and preliminary

analyses

Heliogyro Solar Sail with Self-Regulated Centrifugal Deployment En-

abled by an Origami-Inspired Morphing Reflector

Authors: Rui Wu, Peter Roberts, Constantinos Soutis, Carl Diver

Journal: Acta Astronautica, (Impact factor: 1.536)

Publication date: August 2018

Statement of own contributions in joint authorship:

Main research idea and technological development;

Preparation of tables, figures, and the manuscript;

Design and prototyping of the origami reflector;

MATLAB program for photonic propulsion simulation and mechanical analyses;

SIMULINK deployment dynamic simulator construction and MATLAB result

interpretation.



Heliogyro Solar Sail with Self-Regulated Centrifugal

Deployment Enabled by an Origami-Inspired Morphing

Reflector

Rui Wua,⇤, Peter C.E. Robertsa, Constantinos Soutisb, Carl Divera

aSchool of Mechanical, Aerospace and Civil Engineering, the University of Manchester, UK
bThe University of Manchester Aerospace Research Institute, UK

Abstract

Solar sails utilise solar radiation pressure to propel spacecraft without the need for

propellant. Existing solar sail concepts also achieve propellantless flight control by

actively twisting the sail or altering the sail surface reflectivity. However, this usu-

ally consumes energy and leads to structural dynamic issues. In the present study,

we propose an innovative method, which uses origami to convert the 2D sail into

a 3D optical meta-structure with design-able and manoeuvrable optical properties.

Such a device could adjust both the magnitude and the direction of solar radiation

pressure without inducing overall distortion in the sail and therefore achieve flight

control through a quasi-static process. As an example, a centrifugally deployed he-

liogyro solar sail with meta-structure morphing reflectors is designed. The reflectors

generate stress-dependent solar radiation pressure vector, which propels the spinning

of the sail and, according to structural dynamic simulation, achieves a closed-loop

controlled centrifugal deployment that is fully passive.

Keywords:

⇤Corresponding author
Email address: rui.wu@manchester.ac.uk (Rui Wu)
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photonic propulsion, self-moderating, passive control, gossamer structure, meta

material

Nomenclatures

a, b, c: dimensions of Miura crease pattern

d: length of hinge

E: energy of solar radiation

f : surface reflectivity

F : Force

l: length of folded Miura element

I: angular inertia

L: extension of meta-structure reflector

m: mass

M : moment of force

n: number of reflections

p: momentum of a ray of photon

PSRP : solar radiation pressure

R: span of conventional blade

T : tensile load

U : elastic potential energy

vc: speed of light

W : solar radiation energy density

↵: surface absorptivity

✓: dihedral angle (hinge angle) of origami

✓0: neutral hinge angle

✏: surface emissivity
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�: edge angle of origami

�: Miura angle

�: Stefan-Boltzmann constant = 5.67 ⇥ 10�8
W · m

�2 · K
�4

�: torsional modulus of 1 m hinge (N · m/rad)

⌧ : torque from hinge

!: angular velocity

AoA: Angle of Attack

LEO: Low Earth Orbit

RCD: Reflection Control Device

SRP: Solar Radiation Pressure

1. Introduction

Solar sail provides a practical way to achieve propellantless propulsion for a space-

craft using Solar Radiation Pressure (SRP). E↵orts towards its technical realisation

have started in the 1960s [1, 2, 3], and various design concepts have been proposed

since then. The existing designs can be classified into two categories: rigid sails that

achieve structural rigidity from elastic force, and spinning sails rigidised by inertial

(centrifugal) force.

Rigid solar sails are formed by attaching reflective membranes onto bracing struc-

tures such as deployable booms or spars, which not only constrains the deflection of

the membrane when fully deployed, but also initiates and controls the deployment

process. Since a large surface area to mass ratio, or low sail loading, is required

to maximise the acceleration gained from SRP, it is crucial to minimise structural

mass [1]. However, rigid solar sails rely on the elastic bending rigidity of the bracing

structures, which makes it disadvantageous and unpractical for large sails due to the
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high structural mass as well as the buckling limit [4].

Spinning solar sail utilise centrifugal force that is generated from the spinning

motion to deploy and sti↵en a membrane reflector. Such a design can realise a

compression-free structure, eliminating the risk of buckling, and thereby allowing

the structure to be thin and flexible. This not only leads to a lower structural mass

than the rigid solar sails especially when the sail is large, but also a smaller storage

volume when packed, and a lower deployment power consumption [5]. Centrifugal

deployment in orbit was first successfully demonstrated in 1993 [6], and the world’s

first interplanetary solar sail IKAROS launched by JAXA in 2010 was a centrifugally

deployed spinning disk sail, which has a square reflector of 14m⇥14m that is folded

and wrapped onto the central spacecraft using a wrap-rib method [7, 8, 9]. Besides

spinning disk sails, the concept of heliogyro was first introduced in the 1960s [10],

and uses multiple centrifugally deployed and sti↵ened reflective membrane strips to

form a helicopter-rotor-like sail. The strips, due to the simple geometry and high

slenderness, could be stowed by simply winding around a reel rather than folding

along complicated patterns like a disk sail. This allows a higher packing ratio as

well as more straightforward packing/deploying process, which make it suitable for

solar sails that require large sail area or small storage volume: such as NASA’s

ambitious Halley Rendezvous sailer designed in the late 1970s with twelve 8m⇥7.5km

rectangular blades [11]; or smaller designs such as NASA’s HELIOS concept built

upon a CubeSat architecture with six 0.75 m ⇥ 220 m blades [12]. However, the

extreme slenderness (⇠ 1 : 1000) of a heliogyro blade leads to high tensile stress at

the blade root, di�culty in attitude control due to the high blade inertia, as well as

risk associated with coupled structural dynamic behaviours [4, 10, 13, 14].

Meanwhile, propellantless flight control of a solar sail propelled spacecraft can

be realised by controlling the SRP generated by the sail. In the existing solar sail
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concepts, this is usually achieved by twisting the reflector, which simultaneously

changes the magnitude and direction of the SRP vector. For example, the pitch of

di↵erent blades of a heliogyro can be controlled in a collective or cyclic manner during

each revolution of the spinning motion to achieve spin/thrust control or attitude

control like a helicopter [10]. Similarly, the IKAROS disk sail can be divided into

multiple panels that are independently pitched to realise spin control [15]. The

methods to tilt a sail include directly twisting the sail [10], or generating a pitching

moment from SRP by shifting the sail’s centre of mass relative to its centre of SRP

using moving ballast mass or hinged flaps [16, 17, 18]. Besides those methods that

regard the sail as a simple reflector with fixed optical properties, the IKAROS mission

has also demonstrated SRP control using Reflection Control Devices (RCD) based

on liquid crystal [7, 8]. The RCDs alter the reflectivity, and thus the magnitude of

SRP at certain regions on the sail surface, therefore steer the spacecraft [9]. Similar

concepts have also been proposed to control the pitch of heliogyro blades by tip

RCDs [12, 19]. However, RCD manipulates only the magnitude of SRP rather than

the direction of it, thus it is still not possible to generate an in-plane thrust component

unless the RCD is used to induce overall distortion or displacement in the sail (e.g.,

when the RCD is used to control the pitch of a Heliogyro blade). On the other

hand, the possibility of controlling both the magnitude and direction of the SRP

vector, and therefore achieving complex flight control without distorting the whole

sail remains to be discovered.

In fact, a better control over SRP vector is viable using origami-based meta-

structure with design-able optical properties. Origami provides a method to convert a

2D sheet such as a solar sail into a 3D device with programmable properties and even

built-in functionalities, thus is widely regarded as a building block for meta-materials

[20, 21, 22, 23, 24]. In the present study, a morphing reflector that forms an origami-
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inspired meta-structure is proposed for spinning sails, which manipulates the SRP

vector and thereby can be used to enable a self-regulated centrifugal deployment. The

meta-structure is based on a 4-vertex origami [25, 26], which achieves self-regidisation

as well as the desired optical properties when folded.

In addition, de-orbiting drag sails, which deploy from a satellite and generate

aerodynamic drag in Low Earth Orbit (LEO) to reduce the satellite’s orbital altitude

and ultimately remove it from the orbit or bring it down for a targeted re-entry,

has also attracted interests from the industry [27]. Drag sails have similar design

strategies to solar sails since both utilise lightly loaded deployable structures that

are large and lightweight [28, 29]. Therefore, the visions and development on solar

sails could also benefit drag sail technologies.

2. Geometrical properties of the origami-inspired morphing reflector

The geometry of the proposed meta-structure reflector is based on a 4-vertex

(degree-4 vertex) origami pattern that contains two types of elements as shown in

Figure 1a: Miura element and right-angled zigzag element. The parameters used

to describe the folded configuration, including dihedral angles ✓A, ✓Z , edge angles

�A, �Z , and the length of the Miura element l are shown in Figure 1b and 1c. The

subscript A and Z denotes the auxiliary line (along x-direction) and zigzag line (along

y-direction) respectively.

During folding, this origami design has one degree-of-freedom, thus all the dihe-

dral and edge angles are related and depend on each other. The relationships are

captured by Eq. 1-3 according to literature [30].

2 sin
2
�Z (1 � cos �A) = 4 cos

2
� (1)

cos �A = sin
2
� cos ✓Z � cos

2
� (2)
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(a)
(b)

(c)

Figure 1: Parameters of the 4-vertex origami pattern that defines the geometry of the proposed
morphing reflector, (a) crease pattern on the flat sail surface containing two types of construction
elements, (b)(c) parameters describing a folded configuration

(2 sin
2
�Z � 1) = sin

2
� (2 sin

2
✓A � 1) + cos

2
� (3)

Where � is a constant for a certain origami design, and once one of the four angles

✓A, ✓Z , �A and �Z is determined, the rest can be evaluated using Eq. 1-3. Therefore,

the origami can morph with one degree-of-freedom. The linear dimensions a, b and

c are independent to each other, and can be determined freely.

The overall size of the origami also changes during folding. Particularly, the

Miura element’s length along y direction can be expressed as below [30]:

l = �a cos(�Z) (4)

In this origami design, the purpose of the zigzag type element is to generate SRP,

while the Miura element controls the folding (�A) of the zigzag element and therefore

controls the SRP. The angle between the zigzag elements, which is equal to the edge

angle of the Miura elements �A, is referred to as zigzag angle in the following text.
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As discussed later in section 3, when b 6= c, an non-zero in-plane (the x-y plane

shown in Figure 1) SRP component can be generated under a direct sunlight along

z-direction.

The usefulness of origami structures partly comes from its design-ability. In other

words, the properties of an origami structure can be adjusted by tailoring the crease

pattern or how di↵erent elements are assembled. The detailed discussions on the

design of optical and mechanical properties can be found in Sections 3-4.

(a) (b)

Figure 2: Paper prototypes of the assembled 4-vertex origami with di↵erent design parameters,
showing that the origami can morph between the partially and fully folded configurations and the
amount of shrinkage can be designed, (a) folding process of a design with a = b = c, the overall
dimension of which significantly shrinks during folding, (b) a design with a = b/2 = c/4 and
extended zigzag elements, which has identical folding angles to (a) but shows much lower shrinkage

Figure 2 shows two examples of assembled origami. It can be seen that the zigzag

angle �A decreases during folding until the Miura elements are fully folded with l = 0,

✓Z = 0� and ✓A = �Z = 90�. Meanwhile, as shown in Figure 2a, the overall area

as well as the in-plane linear dimensions (x and y) of the origami shrinks during

folding. However, as suggested by Figure 2b, this shrinkage can be reduced without

influencing the zigzag angle �A: by reducing the design parameter a in comparison

with b and c, by reducing the b/c ratio, or by increasing the relative size of the

zigzag elements. A low-shrinkage design allows the optical properties, which depend

on the zigzag angle, to vary during folding without inducing significant change in

the sail’s dimensions and thus avoids structural dynamic problems. The same results

can be derived from Eq. 1-4: the angles in the origami ✓A, ✓Z , �A, and �Z are not
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determined by the length parameters a, b and c. Therefore, the shrinkage along y

direction, which depends on the dimension of the Miura elements l, can be designed

independently to the angles and thus the optical properties.

3. Propulsive properties of the origami-inspired morphing reflector

According to the discussions above, the optical and geometrical functionalities of

the meta-structure can be separated into the two types of elements: when the size

of Miura element (a) is minor in comparison with zigzag elements, optical properties

will almost solely depend on the zigzag elements, while the Miura elements controls

folding.

In order to analyse the SRP generated by the zigzag element made from a re-

flective membrane, a numerical simulator is constructed. It simulates the parallel

incident light using 1000 rays equally spaced along the auxiliary line (x-axis), and

allows multiple reflections. The evaluation of SRP is based on the momentum trans-

fer between the incident ray and the reflector, as well as between the reflector and

the reflected ray. Let the momentum of a ray of photon be p, then the force induced

on the reflector by the momentum transfer from a incident ray can be calculated by

di↵erentiating the momentum by time [1]:

F =
dp

dt
(5)

According to relativity, we have:

F =
dE

vc · dt
(6)

Therefore,
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PSRP =
W

vc
(7)

Similarly, the SRP induced by a reflecting ray is below, note that the direction

of PSRP is along the speed of the ray:

PSRP = �W

vc
(8)

The analyses are carried out on the 2D cross section of a zigzag element along

the auxiliary line. As shown by Figure 3a, the simulation inputs include surface

reflectivity, the dimensionless ratio b/c, the zigzag angle �A, and Angle of Attack

(AoA), which is the angle between the incident light and the meta-structure’s normal

direction. It should be noted that the incident light is always in the x-z plane since

the simulation is 2D. The AoA in the y-z plane is not considered since it has the

same e↵ect on the zigzag element as on a flat sail. The zigzag angle �A changes

continuously during folding. For convenience of the simulations, it is varied from the

unfolded configuration of �A = 180� to the configuration where the right hand side

panel with length b shown in Figure 3 is perpendicular to the sail’s central plane.

Meanwhile, the AoA is also varied between ±45�.

At the beginning of the simulation, the angle and incident point of each ray is

geometrically evaluated using �A and AoA. After each reflection, the new incident

angle is evaluated using the previous incident angle, and the power density of the

ray can be expressed as:

Wn = W ⇥ f
n (9)

Where Wn is the power density of the ray after n times of reflection, and f

is the surface reflectivity. The thrust caused by this reflection, dFx and dFz are
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evaluated using Eqs. 7-8, and then the moment of the thrust, dMy is calculated with

respect to the cross-section’s centroid. The steps above are repeated until this ray

no longer intersects with the origami. During the simulations reported in this paper,

the maximum number of reflections encountered by a ray is 3.

(a) (b)

Figure 3: 2D cross-section of a zigzag element that is simulated with the input parameters shown
in (a), and results are shown in (b), where AoA stands for Angle of Attack, and c.c. stands for
Cross-section’s Centroid

The simulations assume a specular surface reflectivity of 95%, a surface absorp-

tivity of 5%, a solar radiation power density of 1360W/m
2 (at 1.0AU), a sail surface

area of 1 m
2 when unfolded, and b + c = 1 m. Two meta-structure designs listed in

Table 1 are simulated to demonstrate the e↵ect of design parameter b/c. The results,

as shown in Figure 3b, include the x and z components of the force generated from

SRP (Fx and Fz), as well as the moment about the cross-section’s centroid (My).

Note that the centroid coincides with centre of mass when assuming uniform sail

surface density. My is of interest since it induces twist of the heliogyro blade: due

to the blades low torsional sti↵ness, a small magnitude of My is required. According

to Figure 4 and Table 1, the design objective is achieved: both designs generate a

significant in-plane thrust Fx without twisting/pitching the sail; and the force can

be tuned by simply adjusting the folding angle �Z and without inducing significant

change of the sail’s overall shape or dimensions. This allows the direction of SRP to

be adjusted without causing structural dynamic issues. As an example, in section 5
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this in-plane thrust is utilised to propel the spinning of a heliogyro.

From Table 1 it can be seen that the two designs yield similar out-of-plane force

Fz, which is the major propulsion that accelerates the spacecraft, while Fx and My

can be designed by adjusting b/c. It should be noted that the non-zero moment My

about the cross-section’s centroid is high enough to induce sail distortion and thus

structural dynamic problems. However, since My is proportional to the chord length

of the zigzag element (or in other words, b + c) multiplies the sail area, it can be

reduced without influencing Fx and Fz by reducing b + c while keeping b/c and the

total sail area unchanged (i.e. increasing the number of elements per unit sail area).

Table 1: Simulation results on the SRP-induced forces/moment generated from the zigzag origami
element, according to Figure 4

Origami design Peaks of Fx Peaks of Fz Peaks of My

b/c = 0.5
2.95 µN 8.83 µN 0.92 µN · m

�5.00 µN 3.62 µN �1.22 µN · m

b/c = 0.25
1.78 µN 8.83 µN 0.40 µN · m

�2.65 µN 3.96 µN �1.03 µN · m

Besides the results discussed above, according to Figure 5, a lower b/c leads

to a lower dependence of Fx on AoA. This could have importance since a lower

dependence of Fx on AoA leads to lower fluctuation of the in-plane load on the sail

during spinning or structural oscillation, and thus a lower tendency of structural

dynamic couplings or fatigue. In other words, the determination of b/c leads to a

trade-o↵ between the magnitude and the robustness of Fx.

Furthermore, besides the instantaneous in-plane thrust discussed above, the ef-

fective in-plane thrust generated under oscillating AoA is approximated by averaging

Fx over a period of a harmonic oscillation by time. This represents the AoA fluctu-

ation due to the inclination of the sails spinning axis to the sun or due to harmonic

oscillation in the sail structure. 3D analyses are also conducted to account for the
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e↵ect of AoA in the y-z plane, while the results are very similar and are not reported

here. In each subfigure of Figure 6, the five sets of data represented by the five curves

assumes di↵erent average AoAs, and the amplitude of the AoA oscillation is set to

±20�. As an example, a ±20� oscillation with 10� neutral AoA represents the condi-

tion of blades with 10� constant pitching angle (which can be a result of other types

of manoeuvres) and a rotating axis with a 20� inclination to the sun. By comparing

the results to Figure 5, it can be seen that the oscillation has no significant influence

on the e↵ective in-plane thrust.

Therefore, it can be concluded that the origami-inspired meta-structure can ef-

fectively generate a tuneable in-plane thrust. Such thrust can be robust as the

time-average thrust generated by the meta-structure is not significantly influenced

by oscillations in AoA (Figure 6), and the e↵ect of a constant AoA can also be limited

by adjusting the design parameter b/c (Figure 5c).

4. Mechanical properties of the origami-inspired morphing reflector

In this section, the morphing reflector’s elastic behaviour under a stretching force

along y-direction, or in other words, the elastic resistance to shape morphing, is

analysed. In the analyses, the reflector is treated as a perfect origami formed by

hinged rigid panels, and one basic module as shown in Figure 1 is considered. The

hinges are linearly elastic, with the hinges’ neutral angle assumed to be ✓0:

⌧ = � · (✓ � ✓0) · d (10)

Therefore, the elastic potential energy of a hinge can be expressed as:

U =
1

2
(✓ � ✓0)

2
� d (11)
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Solving Eq. 1-4, the hinge folding angles in the Miura element, ✓A and ✓Z , as

well as in the zigzag element, �A, can be expressed in terms of the origami’s length

along y-direction l. Thus, the elastic potential energy of the whole origami module,

Uorigami can be expressed in terms of l. Then the force reaction along y-direction can

be solved by di↵erentiating Uorigami with l (the exact expression is not shown here

due to its complexity):

F (l, a, b, c, dzigzag, �, �, ✓0) =
d Uorigami

d l
(12)

Evaluating F requires the determination of a, b, c, dzigzag, �, � and ✓0. To

decide those parameters, a morphing reflector is designed based on NASA’s HELIOS

concept (Table 2). The design has b = 2.5cm and c = 10cm to provide an acceptable

b/c ratio according to previous discussions. ✓0 depends on the initial folding angle of

the membrane material, which can be designed to have any value within 0� ⇠ 180�.

Here it is set to 90� to give an example. Based on Figure 5, in order to achieve a

monotonous variation of Fx during folding/unfolding and maximise its peak value,

� is set to 45� so that �A = 90� when the reflector is fully folded. � is approximated

to 2.2 ⇥ 10�5
N · m/rad by assuming that the reflector is made of kapton (2.5 GPa

young’s modulus) with 7µm thickness and the bending of the hinges occurs within a

width of 3 mm. Then the elastic force F is evaluated with a = 1 cm, 2 cm and 4 cm

respectively, the results are shown in figure 7. dzigzag = 100 cm is chosen here to let

the zigzag elements dominate the reflector’s propulsive properties.

It can be seen that the elastic property of the reflector is dominated by the

zigzag element (in Figure 7, Fzigzag is one order of magnitude greater than F✓A),

since it colonises the most sail area. Meanwhile, the total force generated by the

stretched origami Ftotal, or in other words, the overall resistance to shape morphing,
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is shown in Figure 8. It can be seen that the elastic resistance to shape morphing

can be increased by decreasing a or increasing dzigzag. According to Eq. 12, this

tailoring is a trade-o↵ between the reflector’s resistance to morphing and its overall

shrinkage/expansion during morphing.

In addition, the resistance to morphing also depends on the way that the origami

modules are assembled: setting n modules in parallel (along x-direction) results in

a n times of a single module’s resistance, while setting modules in series (along

y-direction) does not change the resistance.

Meanwhile, as a by-product of turning the 2D membrane into a 3D meta-structure,

the flexural rigidity also increases significantly. This is illustrated in Figure 9, where

a 6 cm ⇥ 25 cm strip of print paper cantilevered in 1g is set in comparison with a

partially folded origami with 195 modules made from a similar strip of paper. There-

fore, the shape stability of the meta-structure reflector is expected to be significantly

better than a simple film, which could potentially improve the structural dynamic

behaviour of a heliogyro. However, the exact e↵ect depends on the detailed hinge

design, etc. and is not the scope of the present research.

5. Heliogyro concept based on the origami-inspired morphing reflector

As mentioned in introduction, conventional heliogyros utilise helicopter-blade-

like flat sails deployed from mandrels to generate SRP. The blade can be pitched by

twisting the blade root, shifting the blade centre of mass, or locally adjusting the sail’s

reflectivity using RCDs. A pitched blade generates an in-plane SRP, thereby achieves

attitude manoeuvre and spin control. However, instead of pitching the blade, a in-

plane SRP can also be generated using the present meta-structure morphing reflector.

This not only allows the blade to remain in the plane of rotation during manoeuvre

and thereby significantly simplifies the blade’s structural dynamic behaviour, but
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also, as demonstrated in this section, realises self-regulating deployment.

In this section, we propose a novel heliogyro blade concept as shown in Figure 10.

The blade is consisted of four sections (from left to right): conventional flat heliogyro

blade equipped with RCD, meta-structure spin-up reflector, meta-structure braking

reflector, and tip mass. The four sections are joined together by transition structures,

which allow the morphing of the meta-structure reflectors while transmitting tensile

load.

The meta-structure reflectors can be realised using pre-folded polyimide film,

which automatically returns to the origami shape when unconstrained. Alternatively,

self-folding smart materials could be used to transform a flat reflective membrane

into origami when unrolled from the mandrel. However, the material aspect is not

within the scope of this article, and remains for future study.

The function of the meta-structure reflectors are focused on realising self-regulated

spin and deployment. Under a static condition as shown in Figure 10, the spin-up

reflector generates positive (spin-up) in-plane thrust, which is partially cancelled by

the negative in-plane thrust generated by the braking reflector, thus the vehicle will

spin-up. At a certain spin rate, centrifugal force stretches the meta-structure reflec-

tors and thereby reduces the in-plane thrusts. However, the tensile strain of the two

meta-structure reflectors are di↵erent due to the di↵erent tensile modulus as well

as tensile load. The spin-up reflector, which is designed to have a lower modulus

and is under higher tensile load, then generates a much lower spin-up torque that is

now fully cancelled out by the negative torque from the braking reflector. Therefore,

the spin rate reaches equilibrium under this condition, and a self-regulating spin is

achieved. This spin rate will be the final spin rate after the blade is fully deployed.

Meanwhile, as the blade deploys by rolling-o↵ from the mandrel under centrifugal

load, the deployment can be passively controlled by the rotational resistance of the
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mandrel. When the centrifugal force exceeds a threshold, the mandrel will rotate

and a small portion of the blade will be released. Release of the blade increases

the angular inertia of the whole vehicle, thereby reduces spin rate and centrifugal

force. Therefore, the deployment is self-regulated, and the centrifugal force always

equals the rotational resistance of the mandrel under an static condition. This o↵ers

a way to design a deployment path, or in other words, a spin rate history throughout

deployment, by programming the resistance of the mandrel.

Furthermore, the conventional blade is equipped with a RCD in order to realise

attitude control. Such RCD is located on the blade centre chord and only e↵ects

the magnitude of SRP without inducing pitching or twisting of the blade. Since the

aims of the present study is to demonstrate the self-regulated spin and centrifugal

deployment enabled by the meta-structure reflectors, the operation of this RCD is

not further discussed.

In order to demonstrate the behaviour of this heliogyro with meta-structure re-

flectors, a sample design based on NASA’s HELIOS vehicle is made and the self-

regulated deployment is simulated. The parameters of the proposed design, listed

in Table 2, are mostly identical or similar to HELIOS. According to the table, both

designs have an initial blade length of 20m before the main deployment step begins.

This initial deployment is carried out while spinning the vehicle up using thrusters,

etc. on the vehicle. In the proposed design, all of this pre-deployed 20 m blade is

consisted of the meta-structure reflectors.

The simulations are performed using a Newtonian structural dynamic simulator.

It captures the in-plane span-wise motion of the four sections of blade during deploy-

ment, as well as the vehicle’s spin rate. The simplified model used in the simulation

is illustrated by Figure 11. In the model, the blade unrolls from the mandrel, which

elastically resists the deployment by the force Troot. The meta-structure spin-up
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Table 2: Design parameters of HELIOS and the proposed heliogyro [11, 14]

Property HELIOS design parameters Proposed design parameters

Vehicle mass except blade assembly 13.3 kg
Vehicle angular inertia except blade assembly - 6 kg · m2

No. of blades 6
Blade chord length 0.75 m
Full blade length 220 m
Initial blade length before deployment 20 m
Length of meta-structure spin-up reflector - 18 m
Length of meta-structure braking reflector - 2 m
Initial spin rate before deployment 1 RPM [14] ⇠ 5 RPM [11] 1 RPM
Final equilibrium spin rate 1 RPM 1.1 RPM
Average sail material density 1.5 g/cm3

Sail material 2.54 µm Mylar + 2 � 0.1µm Al coatings
Spin-up reflector substrate material - 7 µm Kapton + 2 � 0.1µm Al coatings
Braking reflector substrate material - 25 µm Kapton + 2 � 0.1µm Al coatings
Blade tip mass 7 g
Blade batten mass 3 � 3 g = 9 g
Blade assembly mass 693 g 835 g
Blade root tensile load when fully deployed 1 N 1.4 N

reflector is modelled as an homogeneous elastic element, which uniformly elongates

under the span-wise tensile load due to the stretch of the origami elements along

y-direction. It is worth noticing that in order to achieve a near homogeneous re-

sponse to the centrifugal-stretch, the span-wise distribution of the origami elements

needs to be designed based on the non-uniform tensile stress along the span. This is

possible considering the meta-structure’s design-able mechanical behaviours. How-

ever, the actual design is beyond the scope of the present study. Meanwhile, the

meta-structure braking reflector is treated as a rigid panel with constant dimensions

and SRP. This is a realistic assumption since the braking reflector is designed to be

made of thicker Kapton films in order to prevent elongation and maintain the desired

braking SRP force during rotation.

The response of the vehicle’s spin rate ! to the total SRP torque MSRP generated

by the blades is evaluated as below, where I is the angular inertia of the vehicle

including the deployed blades, which changes due to blade deployment and stretch:
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!̇ =
MSRP

I
(13)

F1, F2, F3 and F4 are inertial forces from the four sections including the tip

mass (F4). The forces are evaluated using centrifugal acceleration and translational

acceleration associated with span-wise motions, and always satisfies:

Troot = F1 + F2 + F3 + F4 (14)

Then the mechanical response of the meta-structure spin-up section under a span-

wise stretch can be predicted according to Eq. 12:

d Uorigami = (F3 + F4) · d l + F2 · 0.5 · d l (15)

From this equation, it can be seen that an e↵ective tensile force, which charac-

terises the tension in the spin-up reflector, can be defined as:

Teffective =
d Uorigami

d l
= 0.5 · F2 + F3 + F4 (16)

According to the results in Figure 7, the mechanical properties of the meta-

structure reflector is dominated by the zigzag hinges. For simplicity, elastic force

from only the zigzag elements is considered in the simulation. The zigzag elements

have parameters of b = 2.5 cm and c = 10 cm (based on the design in section 4),

thus a 0.75 m blade chord accommodates 6 zigzag elements, which has 11 zigzag

hinges. Since the zigzag hinges are aligned along span, which is 18 m according to

Table 2, the total hinge length is then 11 ⇥ 18 m = 198 m. Then the elastic energy

stored in the origami can be evaluated using Eq. 11, and the mechanical response

of the spin-up reflector under span-wise tension can be resolved. Combining with

SRP analysis results from section 3, Figure 12 is plotted. It can be seen that a zero
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total SRP spin-up torque is generate when Teffective = 0.39 N , which is the e↵ective

tension at the final target spin rate of 1.1 RPM under a fully deployed condition

(R = 200m). Therefore, the spin rate will be stabilised at 1.1RPM after deployment.

This result requires the sum of the origami parameter a of a series of Miura elements

along the spin-up reflector’s span to be 12.9 cm. It should be noted that the final

equilibrium spin rate 1.1 RPM is an asymptote that will never be reached under an

ideal condition. It is therefore set to be slightly higher than he final target spin rate

of HELIOS (1RPM) to guarantee that 1RPM can be achieved in a reasonable time.

As discussed above, the deployment process is controlled by Troot, since it deter-

mines the centrifugal force threshold beyond which the mandrel starts to rotate and

release the blade. Here we assume that Troot comes from a torque-regulating device

which connects the mandrel to the spacecraft. The torque from such device can

be “programmed” corresponding to the mandrel’s angular displacement, thus cor-

responding to the length of the deployed blade. Two examples are given in Figure

13. The target spin rate history during deployment is designed by “programmming”

the centrifugal force threshold, and the simulation results perfectly agree with the

design. However, as shown by Figure 14 and Table 3, the two sets of thresholds yield

significantly di↵erent time to achieve full deployment. In fact, as the vehicle’s an-

gular momentum increases during deployment, the rate of deployment is determined

by the spin-up SRP torque generated by the meta-structure reflectors. Therefore, a

rapid deployment such as simulation #2 needs a high positive in-plane SRP, which,

according to Figure 12, requires a low centrifugal force threshold. Meanwhile, Figure

13b and 14b also shows that the spin rate grows towards the final (equilibrium) spin

rate of 1.1 RPM after full deployment is reached.

Therefore, as demonstrated by the simulation, by implementing the proposed

meta-structure reflectors on the tips of a heliogyro’s blades, a vehicle similar to
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Table 3: Summary of simulation results

Case Spin rate during deployment Time to full deployment Condition at day 120

#1 1 rpm > 120 days 186 m (partially deployed), 1 rpm
#2 0.5 rpm � 1 rpm ⇠ 24 days 220 m (fully deployed), 1.07 rpm

NASA’s HELIOS concept can achieve self-regulated spin and passively controlled

blade deployment.

6. Challenges and future work

Construction of the meta-structure reflector is a critical challenge to the imple-

mentation of the proposed design, and opens up opportunities for future innovations.

Either as a pre-folded membrane material that automatically returns to the origami

shape when unconstrained, or a smart self-folding material that transforms from a

flat sheet into a folded origami, the material system has to resist creeping and fatigue

and maintain its elastic properties in the harsh space environment.

Another potential challenge is to minimise the shape error in the origami meta-

structures and transition structures (see Figure 10), in order to prevent the built-in

twist in the reflector. Although the present study has already pointed out that the

SRP thrust is generally robust against a varied AoA, the e↵ect of such a twist on

the whole sail blade is still unknown. The design of the material system should also

consider this e↵ect.

Last but not least, the analyses in this research is based on a simplified mathe-

matical model without considering the deformation of material due to SRP force, or

in other words, the solar-elastic e↵ect. Although such e↵ect is weak considering the

rigidity of the origami reflector, its influence on the overall shape and the dynamic

behaviours of the sail blades remains to be explored.
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7. Conclusions

A meta-structure solar sail reflector, which has tailor-able geometrical, mechan-

ical and optical properties, is designed based on degree-4-vertex origami. Unlike

conventional reflectors that are usually treated as simple reflecting devices, the meta-

structure reflector can manipulate the direction and the magnitude of Solar Radiation

Pressure (SRP) without changing its orientation to the sun. This could prevent struc-

tural dynamic issues of large space membrane reflectors such as heliogyro blades, as

it enables flight control without inducing overall distortion (twisting) or out-of-plane

motion (pitching) of the sail. Furthermore, the origami folding angles varies under

in-plane stretching force in a design-able way, thereby realises a stress-dependent

SRP, which can be used to enable a more intelligent system.

As an example, a heliogyro concept with passive self-regulated centrifugal de-

ployment is made, which utilises the stress-dependent in-plane SRP thrust from the

meta-structure reflector to propel the spinning motion. During deployment, blades

are released from a mandrel, and the behaviour of the vehicle is designed by adjusting

the rotational resistance of the mandrel as well as the specific design of the reflector.

According to structural dynamic simulations, the spin rate of the vehicle automati-

cally follows the pre-designed deployment path defined by the rotational resistance

of the mandrel, and after deployment, the spin rate is regulated by the reflector to

prevent over-spin. Using tip-mounted reflectors with 20 m span on a vehicle similar

to NASA’s HELIOS design, the full deployment can be achieved within 24 days at

1 AU .

Therefore, a fully passive heliogyro system with self-regulated centrifugal deploy-

ment can be realised using the proposed meta-structure reflector.
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(a) (b)

(c) (d)

(e) (f)

Figure 4: Simulation results on the SRP-induced forces/moment generated from the zigzag origami
element with (a)-(c) b/c = 0.5, and (d)-(f) b/c = 0.25, where the torque My is evaluated by
assuming b + c = 1 m, note that the small fluctuations/discontinuities in the curve are associated
with multiple reflections between the origami panels
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Figure 5: In-plane thrust Fx generated from the zigzag origami element at five di↵erent AoAs
with (a) b/c = 0.5, (b) b/c = 0.25, and (c) b/c = 0.125, showing that a low b/c ratio gives ro-
bust instantaneous in-plane thrusting against AoA oscillation, this is also illustrated in (d), which
shows the Fx generated at ±20� AoA normalised by the value at 0�, note that the small fluc-
tuations/discontinuities in the curve are associated with multiple reflections between the origami
panels
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Figure 6: Time-average of the in-plane thrust generated under oscillating AoAs with five di↵erent
neutral values and an amplitude of ±20� as illustrated by (a), with (b) b/c = 0.5, (c) b/c = 0.25, (d)
b/c = 0.125; and (e) plots the Fx generated at ±20� AoA normalised by the value at 0�; showing
similar results to Figure 5, thus the e↵ective in-plane thrust is robust against AoA oscillation
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Figure 7: Elastic recovering force F from an origami module stretched along y-direction, evaluated
with three di↵erent values of a, showing that the elastic property is dominated by the zigzag element
(note the di↵erence in axis scaling), (a) force generated from the zigzag element, (b) force generated
from the hinges associated with �A, which is one order of magnitude lower than Fzigzag, (c) force
generated from the hinges associated with �Z , which is two orders of magnitude lower than Fzigzag,
note that the three curves overlaps in (c)
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Figure 8: Total elastic recovering force F from an origami module stretched along y-direction,
showing that the elastic property can be tailored, (a) with dzigzag = 1 m and a varied, (b) with
a = 2 cm and dzigzag varied
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Figure 9: Besides achieving desired optical and morphing properties, the origami also have higher
out-of-plane rigidity after folding, as illustrated by paper prototypes cantilevered in 1g: (a) partially
folded origami, (b) flat paper
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Figure 10: The proposed heliogyro blade concept which achieves passive closed-loop control of
centrifugal deployment; the blades is consisted of a conventional flat blade equipped with RCDs,
two sections of meta-structure reflectors with di↵erent in-plane thrusts and tensile modulus, and
a tip mass, joined together by transition structures; note that the vehicle is axisymmetric, though
only one blade is shown in this draft

Figure 11: Simplified model for the structural dynamic simulations, where the meta-material spin-
up reflector is treated as a homogeneous elastic element that elongates by L under load to simulate
the stretch-induced unfolding of the origami, and the meta-material braking reflector is treated as
rigid since it is designed to be made of sti↵er materials, the inertial forces F1, F2, F3 and F4 as well
as the force from the mandrel Troot are shown in this figure (c.m. stands for centre of mass)

Figure 12: Tension-dependent Spin-up torque generated by the two meta-structure reflectors, which
enables the torques to cancel out when reaching the final target spin rate of 1.1RPM and therefore
achieve self-regulated spin
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Figure 13: The simulations use two sets of centrifugal force thresholds, which are “programed” in
order to give a certain spin rate history during deployment, where # 1 gives a constant spin rate
during deployment, and # 2 allows a more rapid deployment, (a) the two sets of centrifugal force
thresholds, (b) the simulated spin rate histories, which match the design targets, note that the full
deployment of 220m is not achieved at the end of simulation #1 (at day 120), while full deployment
is achieved in simulation #2, after which the spin rate increases toward the final target of 1.1RPM
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Figure 14: The simulation results showing the deployed blade length and spin rate histories plotted
against time, (a) simulation #1, in which 186 m of blade is deployed after 120 days, (b) simulation
#2, in which full deployment is achieved within 24 days
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Chapter 6

Self-formation of origami

meta-structure reflector

Fully passive operation of the heliogyro discussed in Chapter 5 requires a method to

automatically transform a 2D reflective sail membrane into the 3D meta-structure

reflector. This chapter is based on a submitted paper, which proposed a self-

folding membrane that is based on space-qualified materials and is potentially

mass-producible. It utilises an innovative “kirigami hinge” design to overcome

the issues faced by other self-folding materials, while realising a lightweight de-

sign. Meanwhile, the heat activated folding of an origami sheet is successfully

demonstrated in lab. According to analytical thermal radiation analysis, auto-

matic folding upon exposure to sunlight is feasible, and only requires conventional

spacecraft thermal control coatings.
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Abstract. Current gossamer space structures such as solar sails usually rely on

bracing structures, inflation gas, or centrifugal force to deploy and maintain a

structural shape, which leads to a system that is sometimes complicated, while a

concise system can be achieved if the gossamer structure could self-rigidise and

support load. The present study proposes a self-folding polymer membrane based

on space-qualified materials and is potentially mass-producible by industrial roll-

to-roll processes. It can permanently transform a flat gossamer membrane into a

load-bearing 3D configuration when heated by sunlight in space, while the folding-

induced shape bifurcation and buckling are prevented using a kirigami hinge design.

The shape transformation is demonstrated in lab by a tubular and an origami struc-

ture that are formed from a flat membrane when heated to 82�C in oven. Thermal
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radiation analyses have also verified the feasibility of sunlight-activated folding in

space when vapour-deposited metallic coatings are applied onto the hinges. The

proposed material o↵ers a new generation of gossamer space membrane that can

automatically morph from a stowed configuration to a load-bearing structure, and

potentially provide built-in functionalities.

Keywords: active material, smart material, morphing, bi-stable, meta-structure,

kirigami

Nomenclatures

D: flexural rigidity

E: Young’s modulus

I: second moment of area

Q: heat transfer

qs: solar constant = 1.36 kW/m
2

T : temperature

↵: surface absorptivity

✏: surface emissivity

�: Stefan-Boltzmann constant = 5.67 ⇥ 10�8
W · m

�2 · K
�4
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1. Introduction

Various space missions require the deployment of gossamer structures, or in other

words, large structures with high flexibility and ultra-low-mass [1, 2], such as

the reflective membrane of solar sails [3, 4], drag sails [5], and reflectors for

communication antennae or space telescopes [6, 7]. Due to the very limited flexural

rigidity of thin membrane materials, their in-space deployment is usually achieved

using rigidisable deployable booms that drive the unfolding and constrain the out-of-

plane deflection during deployment, whilst achieving load-carrying capability when

fully deployed [8]. E↵orts have also been made to let the membrane deploy and

support itself without bracing structures: the fibrous material called microtruss

fabric can elastically return to a flat shape when unrolled from a mandrel, while

having low surface density owing to its porosity [9]; inflatable structures utilise an

inflation gas to carry compressive structural load and a bladder made of membrane

material to carry tensile load [10, 11]. Alternatively, centrifugal force has been

proposed to deploy and sti↵en gossamer structures, including antennae and solar

sails [12, 13, 14]. Such a centrifugal deployment removes the bracing structures and

therefore significantly reduces the structural mass and improves packing ratio, though

the structural dynamic behaviours can be complicated and problematic [15, 16].

Furthermore, it has also been reported that a self-rigidisable membrane material

could assist the structural performance of those deployable structures: inflatables

could benefit from self-rigidising composite bladders that allows the structure to

stay rigid after inflation without maintaining the gas pressure [17, 18, 19]; heliogyro,

a helicopter-rotor-like centrifugally deployed solar sail could use reinforcing battens
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to improve dynamic behaviours [20], and a self-assembling batten structure, which

utilises a sheet material that automatically rolls up into a slender tube due to residual

stress, has been proposed [21].

On the other hand, self-folding sheets based on smart materials which fold up

along pre-defined hinges under external stimulus have attracted great interests from

researchers during the last decade, as it provides a method to convert a 2D sheet

into a 3D device. Such a device not only achieves load-carrying capacity, but also

could provide highly design-able behaviours and serve as a building block of future

meta-structures [22, 23, 24, 25, 26]. If mass-produced using space-grade materials, it

could lead to a new generation of deployable gossamer structures with self-rigidising

features and potentially more built-in functionalities. As an example, previous study

has proposed an origami-inspired meta-structure reflector for heliogyro solar sail,

which can be formed by folding a 2D film. Utilising its tuneable optical properties

and enhanced structural rigidity, a concise and robust heliogyro system with passive

self-regulation can be realised [27].

Self-folding is usually activated using active materials that expand/shrink when

stimulated by heat, light, moisture, etc., while the folding (i.e. bending) deformation

is achieved by di↵erential expansion/shrinkage through the sheet’s thickness. Such

a di↵erential activation can be realised by either an unsymmetrical stimulus [28]

or a double-layer material layup [22, 29, 30, 31]. Meanwhile, the folding induced

by an isotropic expansion/shrinkage with a through-the-thickness gradient that is

homogeneous across the sheet leads to bifurcation of the final shape (Figure 1),

or in other words, the folding can be along any direction [32, 33]. Therefore, a
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Figure 1: Activation of an isotropic bilayer sheet leads to bifurcation, creating

di↵erent folded shapes; the white layer is isotropically shrinking.

precisely controlled crease pattern requires either an anisotropic active material that

expands/shrinks perpendicularly to the hinge line, or an anisotropic flexural rigidity

with softened crease lines.

Homogeneous sheet materials with residual tensile stress, which soften and

shrink when heated up, can be used to construct self-folding devices (Figure 2a). The

temperature gradient leads to di↵erent levels of relaxation (thus shrinkage) through

the thickness and therefore, activates the folding. Meanwhile, the bifurcation shown

in Figure 1 is prevented by localised heating (thus softening) using a laser or light-

absorbing ink [34, 35, 36]. In this case, bifurcation is prevented by anisotropic flexural

rigidity. Alternatively, illuminating the sheet material by an ultraviolet light while

applying a temporary in-plane unidirectional stretch, then the illuminated side will

relax, and a unidirectional compressive stress will build up when the stretching force

is removed. When a photo mask is used to constrain the light on certain crease
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lines, the sheet can be “programmed” to fold into a certain shape [37]. In this case,

bifurcation is prevented by anisotropic stress.

Furthermore, various concepts have been proposed utilising a multi-layer

architecture. Thin metallic (chromium, copper and nickel) layers bonded onto each

other using vapour deposition, lithography and electrodeposition could realise a thin

sheet that precisely folds along an origami pattern. The chromium layer with residual

stress left by the deposition process actuates the folding of a copper layer, and an

anisotropic flexural rigidity is built into the sheet using the reinforcing nickel layer

[38, 39, 40]. However, the products are usually at submillimeter size and can not be

easily scaled up. Na, Evans et al. [41] have provided an attractive solution (Figure

2b), where a heat shrinking polymer membrane is sandwiched and bonded between

two thermally stable polymer membranes, making a trilayer structure. Hinges

can be made by cutting o↵ a strip from one of the outer membranes, leaving a

bilayer structure at the hinge. The bilayer parts bend when heated up, while the

trilayer sections are constrained by the thermally stable membranes thus remains

flat. Meanwhile, the removed strip also leads to a region with low flexural rigidity

and prevents bifurcation.

The present study focuses on developing a self-folding thin membrane that can

be rolled-up into a cylinder to minimise storage volume, then activated by heat

radiation from the sun when unrolled in space. Due to the low sheet thickness and

varying lighting conditions, folding by a di↵erential stimulus through its thickness

(Figure 2a) is not practical, thus a multi-layered architecture is chosen. The trilayer

sheet (Figure 2b) developed by Na, Evans et al. [41] o↵ers a viable solution, but
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(a)
(b)

Figure 2: Two types of existing self-folding membranes, (a) folding induced by

di↵erential relaxation through the thickness, (b) folding enabled by multi-layered

structure based on designs from [41].

a heavier structure compared to Figure 2a, which makes it unsuitable for certain

applications such as solar sails [3].

In the present study, a self-folding Mylar/Kapton composite laminate with

kirigami hinges is designed while keeping space application and industrial production

in mind.

2. Design of the self-folding kirigami hinge

The proposed design uses a thermally stable DuPontTM Kapton R� membrane as the

substrate. An isotropic heat shrinking DuPontTM Mylar R� HS film (supplied by UK

Insulation Ltd) is the active layer, which is bonded onto the Kapton using 3MTM

Adhesive Transfer Tape 966. The properties of the three materials are listed in Table
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1 according to manufacturer datasheets. Kapton R� is a polyimide, and DuPontTM

Mylar R� is made from stretched polyethylene terephthalate (PET), both have been

used in space applications. Mylar R� HS, where “HS” stands for Heat Shrink, is not

heat stabilised and will shrink with considerable force when heated up. The 3MTM

Adhesive Transfer Tape 966 is made from 3MTM High Temperature Acrylic Adhesive

100, which is a gel-like soft material with low “outgassing” properties.

Table 1: Materials associated with the presented self-folding membrane design.

Material Tg/�C Thickness Modulus/GPa UT Strength/MPa UT Elongation Shrinkage/% Operating temp.

KaptonR� HN 360�410 25 µm

5 (-196�C) 300 (-196�C) 19% (-196�C) 0.17 (150�C)

-269�400�C2.5 (23�C) 230 (23�C) 72% (23�C) 1.25 (400�C)

2 (200�C) 140 (200�C) 83% (200�C)

MylarR� HS 80 16 µm 3.1 (23�C) 210 (23�C) 115 (23�C)% 50 (100�C) -

MylarR� 80 12-38µm

6.9 (-70�C) 200 (-70�C) 55% (-70�C)

1.8 (150�C) -250�200�C3.4 (23�C) 160 (23�C) 104% (23�C)

0.14 (200�C) 70 (200�C) 135% (100�C)

966 acrylic - 60 µm gel-like - �100% (23�C) - -40�232�C

In the present design, Mylar HS is only placed where it is needed: on the

kirigami hinges, which guarantees the highly e�cient use of the material. Bifurcation

is prevented by kirigami structures in the Mylar and adhesive layers that allow the

stress along the hinge line to relax, providing a near unidirectional shrinkage that

drives the folding. As shown by Figure 3a, a strip of Mylar HS is bonded onto

Kapton using the acrylic adhesive. The adhesive is in the form of a transfer tape and

therefore has a consistent thickness. Then, through-thickness slits are cut into the

Mylar and the adhesive layers using an automatic cutting machine (the detailed

process is discussed later in section 3). For the convenience of manufacturing,

the slits are not cut throughout the width of the hinge, so that the Mylar strip

remains continuous. When heated up, Mylar shrinks and opens the slits (Figure 3b),
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generating shear strain between Mylar and Kapton, which is accommodated by the

flexible adhesive. The opened slits e↵ectively relaxes the shrinkage along x-direction,

while the relaxation along y-direction is minor since the Mylar strip’s width is higher

than (in this case, three times of) the separation between the slits. The membrane

thereby folds along the hinge under the y-shrinkage without bifurcation.

(a) (b)

Figure 3: Schematic draft of the proposed design, containing Kapton substrate and

Mylar HS film bonded together through acrylic adhesive, and slits are cut into Mylar

and adhesive; (a) a kirigami hinge before activation, (b) a kirigami hinge that after

heating, the slits are opened by the shrinking force and the stress along x-direction is

relaxed, creating an anisotropic shrinkage that folds the membrane along the hinge

However, a tape-spring-type buckling [42] has been observed in test samples

(Figure 4a). This is the result of a reversed bending deformation perpendicular to the

hinge line triggered by initial unflatness of the membrane, thus will not occur under

an ideal condition. Figure 4a also suggests that the reversed bending is facilitated by

the slits, which lead to local low bending rigidity and high surface curvature, both

are adverse to the recovery from the buckled shape.

Therefore, the kirigami hinge is modified with staggered slits (design 2 in Figure

4d) to prevent a through-width reversed bending and thereby reduce its tendency
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to buckle. However, fully preventing buckling still requires the membrane to be

generally flat when folding is activated, which is discussed in section 5.

The hinge design shown in Figure 4 provides a hinge folding angle close to 180�,

which is the maximum folding angle that an origami may require. The folding angle

can be seen from Figure 7b.

(a)
(b)

(c) (d)

Figure 4: Design iteration of the kirigami hinge, (a)(b) tape-spring-type buckling of

a design 1 kirigami hinge triggered by a reversed bending deformation along a slit,

viewed from di↵erent angles, (c) design 1 that leads to high tendency of buckling due

to the low bending rigidity along a slit, (d) design 2 with staggered slits that o↵ers

enhanced flexural rigidity and reduces the tendency of buckling.
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3. Production of the self-folding membrane

Test samples are fabricated using a partially automatic method. As illustrated by

Figure 5b, the production starts with a Mylar HS film bonded to an adhesive transfer

tape 966 with a liner adhered to the other side (step 1). Then the layup is loaded

onto a CNC (Computer Numerical Control) cutting machine (Figure 5a), which uses

a blade to cut the input pattern (hinges profiles and slits) into the Mylar-adhesive

layers while leaving the liner mostly intact (step 2). After cutting, the unwanted parts

(scrap materials outside the hinge regions, Figure 6b) of the Mylar-adhesive layers

are manually removed, leaving only the hinges (step 3). Then the remaining Mylar-

adhesive layers are transported from the liner onto Kapton using a vinyl transfer

tape with low adhesion (step 4-6). Then the above steps are repeated on the other

side of the Kapton (step 7).

This semi-automatic method can be converted to a fully automatic roll-to-roll

process. Such a process could enable a cost-e↵ective rapid production of the self-

folding membrane and make its large-scale applications feasible. As shown by Figure

6, the process is based on the same steps as in the semi-automatic method (Figure

5). In order to allow the scrap to be easily lifted o↵ from the liner in step 3, the

pattern cut into the Mylar and adhesive layer in step 2 can be designed to form one

continuous piece of scrap as shown by Figure 6b.
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(a) (b)

Figure 5: The semi-automatic method used to fabricate test samples, (a) the CNC

pattern cutting machine, (b) the detailed process steps: 1-Mylar+adhesive layer

prepared on a liner, 2-pattern cut by the CNC machine, 3-unwanted part removed,

leaving only the hinges, 4-transfer tape applied to the top of the Mylar layer, 5-liner

removed from the adhesive layer, 6-Mylar-adhesive layer transferred to Kapton, and

transfer tape is removed, 7-repeating process 1-6 on the other side of Kapton.

4. Folding behaviour of the kirigami hinge

Folding is activated using an oven where heat is transmitted to the sample by forced

air convection at 85�
C, which is slightly higher than the glass transition temperature

of Mylar HS (Tg = 82 �
C). It was observed that the hinges without slits failed to fold

along the hinge line due to bifurcation (Figure 1), while the kirigami hinges folded

successfully after ⇠ 0.5 min of heating (Figure 7).

The e↵ect of heating duration is studied by measuring the average shrinkage

of the Mylar HS layer at di↵erent heating times (Figure 8 and Table 2). Results

in Table 2 suggest that the folding is completed after 0.5 min, with no significant

shrinkage observed when heating is extended to 6.5 min. The hinge remains in a

stable folded configuration after repeated heating and cooling, which is crucial for
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(a)

(b)

Figure 6: The fully automatic roll-to-roll production method converted from the

semi-automatic method, (a) the basic process: 1-Mylar rolled onto adhesive on liner,

2-pattern cut by the CNC machine, 3-scrap part removed, leaving only the hinges, 4-

transfer tape rolled onto the top of the Mylar layer, 5-liner removed from the adhesive

layer, 6-Mylar-adhesive layer transferred to Kapton, and transfer tape is removed,

then the process 1⇠6 can be repeated on the other side of the Kapton, (b) a typical

pattern (thick black lines) cut by the CNC machine, which leaves the scrap in one

piece to assist waste removal.

its space application.

Furthermore, it appears that the shrinkage of Mylar HS has become anisotropic

due to relaxation at the densely distributed slits, with more distortion along the

x-direction. The y-shrinkage is lower since it is resisted by the Kapton film, and

thus induces a higher residual stress after shrinkage. This residual stress enforces a

primary folding direction along the hinge line which prevents bifurcation.

It worth noticing that the results reported in Table 2 are measured while the

hinge is held flat. Such constraint will slightly reduce the y-shrinkage, but this does
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(a) (b)

Figure 7: Test sample with kirigami hinge with hinge design illustrated, (a) before

heating, (b) after heating at 85�
C for 0.5 min, the kirigami hinge successfully folds

along the hinge line.

Table 2: Anisotropic shrinkage of the Mylar HS layer evaluated from Figure 8.

Heating time Shrinkage along y Shrinkage along x

30 s 22% 35%

1.5 min 27% 39%

6.5 min 30% 40%

not a↵ect the discussion above considering the large di↵erences between the x and

y-shrinkage.
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(a) (b) (c) (d)

Figure 8: Optical microscopic images of the kirigami hinge (hinge lies along x-

direction): (a) before heating, (b) after t = 0.5 min of convective heating at 85�
C,

(c) t = 1.5 min at 85�
C, (d) t = 6.5 min at 85�

C (the dotted lines illustrate the

expansion of the slits due to the Mylar shrinkage), note that the hinge is held flat

while the images are taken.

5. Experiment on a self-folding origami sheet

This section demonstrates that the heat-activated kirigami hinge can be used to

realise a new type of gossamer structure based on self-folding origami. Current

gossamer structures are usually packed and stored as a folded origami, and then

deploy and achieve the target shape under external supporting forces. However, the

folded origami o↵ers limited packing ratio especially for very large membranes, while

keeping the membrane flat and rolling it onto a mandrel could realise the optimum

packing. Therefore, we propose a gossamer structure that is stored as flat by winding

into a cylinder and automatically fold along an origami crease pattern when unrolled

and heated. This is illustrated by Figure 9 (not to scale), where the 2D film is stored
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on a mandrel, unrolled, and then folded. As mentioned in the introduction, this

folded 3D configuration not only self-rigidises, but also has the potential to provide

design-able properties and built-in functionalities of origami meta-structures. The

origami reported in Figure 10 and 11 is based on an optical meta-structure solar

sail reflector reported in a previous study [27]. It is designed to induce tuneable

optical properties while achieving self-rigidisation. This origami uses a rigid-foldable

non-flat degree-four vertex pattern with self-locking behaviour [43, 44, 45], which can

be regarded as a variation of Miura-origami pattern [46, 47]. The detailed design is

available from the previous paper [27].

Folding of an origami is naturally more predictable than a stand-alone hinge,

since origami has limited degrees of freedom (the folding of origami creases are

coupled). However, as shown by Figure 10, the methods preventing bifurcation are

still necessary. The No. 1 membrane in the figure has hinges without slits, and the

origami is barely folded due to the stress concentration in the Kapton regions where

multiple hinges intersect. The No. 2 membrane is similar to No. 1, but holes are cut

into the Kapton layer at the intersections of hinges to prevent stress concentration. It

shows better folding behaviour, but bifurcation occurs in most of the hinges, leading

to shape errors. The No. 3 and the No. 4 (a scaled-up version of No. 3) membranes

use the design 2 kirigami hinges, and both fold as designed.

To prevent the tape-spring buckling as mentioned in section 2, all the samples

shown in Figure 10 are heated while being constrained on a flat plate in order to

guarantee the initial flatness of the membrane. The detailed activation process is

described according to Figure 11. At the beginning (Figure 11a), the membrane is
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(a)

(b)

Figure 9: Unlike the conventional gossamer structures that are packed as folded

origami and deploy by flattening under supporting forces (as illustrated in (a)), we

propose a new solution (illustrated in (b)), where the gossamer structure is stored

as flat by winding onto a roller, which maximises the volumetric packing ratio; then

released by unrolling, and transformed into a 3D configuration by self-folding; the 3D

structure can be designed to support load, and also provide built-in functionalities

of origami meta-structures (sketches not to scale).
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Figure 10: The self-folding membrane with a 4-vertex origami pattern, where 1: with

no slits in the hinge, which barely folds along the origami pattern, 2: similar to 1

but with holes at the intersections of hinges to prevent stress concentration, which

folds with significant shape error due to bifurcation at hinges, 3: similar to 2 but

with kirigami hinges, which folds as designed, 4: a larger version of 3, which is also

properly folded.

loosely bonded onto the flat plate at edges while leaving space for shrinkage. Then

the first activation step is carried out by heating the membrane, together with the

plate, in the oven at 85�
C for 5 min. The membrane is then removed from the oven

(Figure 11b). It can be seen that all the hinges are curved, while no bifurcation

or buckling are observed. Owing to the rigidising e↵ect of the curved hinges, the

membrane can be set free from the flat plate with no risk of further bifurcation or

buckling. As shown by Figure 11c, the origami is cut o↵ from the plate, and then

reheated for another 5 min. The final result (Figure 11d) shows that the origami is
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fully folded.

The reason why such out-of-plane constraint (from the flat plate) is necessary

is discussed here. Since an ideal origami has only one degree of freedom, while a

flexible membrane has infinite degrees of freedom due to its flexibility, a film with

initial defect is likely to enter a state with a “wrong shape” if no external out-of-plane

guiding force was applied [26, 48]. Automatic recovery to the target shape is hindered

by a strain energy barrier between the “wrong shape” and the target shape [49, 50].

Although the hinge design with staggered slits (Figure 4d) has significantly improved

the resistance to local buckling, it has limited contribution to the overall behaviour

of a complex origami. However, by constraining the out-of-plane deformation (or in

other words, the folding angle), the strain energy barrier between di↵erent shapes can

be reduced [51], thus the target shape, which has the lowest strain energy, will finally

emerge. The speculative discussion above only describes the behaviour superficially,

and more rigorous study is still required to understand such problem.

To summarise, by utilising the kirigami hinge design and keeping the membrane

generally flat during the initial activation, bifurcation and buckling can be prevented.

In real applications, parallel constraining plates, centrifugal force or mechanical

tensioners can also be used to guarantee the flatness of membrane during the early

stage of deployment and realise a flawless folding.

6. Experiment on a self-forming tube

Deployable tubular structures (booms) that can be rolled-up when flattened and

then deploy to achieve high specific structural sti↵ness can be used as a universal
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(a) (b)

(c) (d)

Figure 11: Process to activate the self-folding origami sheet: (a) the membrane is

loosely bonded onto a flat plate to maintain flatness while leaving space for shrinkage

during the initial activation step, (b) after the first hot-air heating of 5min at 85�
C,

the sheet shows no bifurcations, and the hinges are slightly curved, preventing them

from tape-spring buckling, (c) the origami sheet is cut o↵ from the plate before

reheated, (d) the fully folded origami sheet after reheated at 85�
C for 5 min.

structural element for deployable space structures [4, 8]. In this section, the kirigami

hinge is used to realise a membrane structure that automatically transforms from a
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flat shape into a tube upon heating. This allows it to be embedded into a flexible

membrane and then deploy to rigidise the gossamer structure. The design is shown

in Figure 12, which consists of two kirigami hinges facing each other. When folded,

each hinge will form one half of the tube that is bonded to the other half using the

acrylic adhesive. In terms of thermal control, the feasibility of self-deployment upon

exposure to sunlight is demonstrated in section 7.

(a) (b)

Figure 12: Cross-section of the self-forming tubular structure, (a) before heating, (b)

after heating, the tube is formed with the kirigami hinge folded.

As shown by Figure 13, the formation of the tube is completed in under 1.5min

of heating at 85�
C, and the resulted structure shows a significantly higher sti↵ness

in both bending and torsion. For instance, as shown in Figure 14, a cantilever tube

made of 25 µm thick Kapton film and 16 µm Mylar that weighs 0.1 g and is 4 cm

long can carry 4 g of load at its tip without any permanent deformation. As the load

increases to 5 g, local buckling is observed at the support end.

7. Analysis of Sunlight-Activated Folding

In space applications, a protective/reflective metallic layer is needed on the polymer

membrane to protect it from environmental attack, improve the tear resistance, and
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(a) (b) (c) (d) (e)

Figure 13: Formation of the tubular structure, (a) beginning of heating, (b) at

t = 0.5 min at 85�
C, (c) t = 1 min at 85�

C, (d) t = 1.5 min at 85�
C the formation

is fully completed, (e) t = 2.5 min at 85�
C.

(a) (b)

(c)

Figure 14: Bending of the cantilever self-forming tube of 4 cm length and 0.1 g

structural mass, (a) initial shape without applied load, (b) the tube deflects under

4 g of load at its tip, (c) the tube buckles locally under a load of 5 g.

increase photonic-propulsion when used on solar sails [52]. This section provides a

proof-of-concept thermal analysis, which demonstrates the concept of utilising such

metallic coatings to activate folding in orbital environment by absorbing solar energy.

The orbital thermal condition with the absence of convection is determined by

radiation and conduction only. For a thin membrane facing the sun, the through-

thickness conduction is almost instant. Therefore, the temperature of a uniform film
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can be treated as homogeneous and determined by radiative heat transmission.

Conventional vapour-deposited metallic coatings can achieve various thermal

radiation properties. For instance, an aluminium coating has a reflectivity close to

90% throughout a wide spectrum including infrared, while a silver coating yields

significantly above 90% [53]. In terms of an emissive coating that helps to radiate

thermal energy away from a membrane for either cooling or heat transfer purposes,

vapour-deposited chromium yields an emissivity of over 20%. While for picking

up heat from the environment, nickel provides a near 40% absorptivity and low

emissivity [54]. Typical coating materials that can be useful for the thermal control

of the proposed membrane are listed in Table 3.

Table 3: Typical coatings useful for the thermal control of the proposed self-folding

membrane [54].

Coating Solar absorptivity Emissivity Typical usage

Vapour-deposited Ag 4% 2% Reflection

Vapour-deposited Al 12% 3% Reflection

Vapour-deposited Ni 38% 4% Absorption

Vapour-deposited Cr 57% 24% Emission & Heat dissipation

Carbon black paint 96% 88% Absorption & Emission

According to the discussion above, the temperature of a single membrane can be

resolved using the equation below [53], which assumes thermal equilibrium between

radiation absorption and emission:

T = 4

s
↵ · qs

� · (✏1 + ✏2)
(1)



Rigidisation of Deployable Space Polymer Membranes 222

Where ✏1 and ✏2 are the surface emissivities of the sun side and the rare side

respectively. Consider a membrane directly facing the sun on a spacecraft in Low

Earth Orbit (LEO), the solar radiation power density will be qs = 1.36 kW/m
2

[53]. Here we provide several examples under this typical thermal control scenario.

Assuming both sides of the membrane are vapour-deposited Al shown in Table 3,

and ignore the dependence of materials properties on temperature, the membrane

will be at 195 �
C. Changing the front coating to Ag will reduce the temperature to

99 �
C. Such configurations can activate folding as the membrane temperature is well

above the glass transition point of Mylar HS (Tg = 82 �
C) to initiate shrinkage. In

case a lower operating temperature is required, a vapour-deposited Cr coating can

be used on the rear surface, which could reduce the membrane temperature of an

Al-coated membrane to 48 �
C. Under such condition, the kirigami hinges need to be

covered by light-absorbing materials on the sun side to activate folding. This can be

achieved using the carbon black paint on top of the hinges, which leads to a hinge

temperature of 106 �
C.

Figure 15: Thermal condition of two overlapped membranes with a gap in between.

Certain designs such as the self-forming tube discussed in section 6 (Figure

12) may use overlapped membranes with a gap (which is vacuum) in between, as
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shown schematically in Figure 15. Considering the thermal equilibrium of the whole

structure, the absorbed solar energy equals the total radiative cooling, i.e.,

Qsun = QI + QII (2)

Thus we have,

↵ · W = �✏1TI
4 + �✏4TII

4 (3)

The thermal equilibrium of the rear membrane alone, is given by:

QI�II = QII (4)

According to literature [55], QI�II represents the radiative thermal transmission

between two infinite planes and has the expression:

QI�II =
�✏2TI

4 · ↵3 � �✏3TII
4 · ↵2

↵2 + ↵3 � ↵2 ⇥ ↵3
(5)

It should be noted that the radiation spectrum between the two membranes is

very di↵erent to solar spectrum, and the absorptivities from Table 3 do not hold. For

simplicity, assume the coatings on both sides of the gap in Figure 15 are identical,

while the emissivity and absorptivity are the same for the surfaces with the same

coating at similar temperatures: ↵2 = ↵3 = ✏2 = ✏3 = ↵ = ✏, an Ag front coating

and an Al back coating are used. Then the membranes temperature TI and TII can

be evaluated using Eq. 2-5. The result (Figure 16) suggests that self-folding upon

exposure to sunlight, which requires TI > 82 �
C and TII > 82 �

C, can be achieved

with a wide range of absorptivity and emissivity (↵, ✏ > 0.1).

Furthermore, the vapour-deposited metallic coating changes the flexural rigidity

of the polymer membranes and thus the resistance to folding. Consider a Kapton
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Figure 16: Temperature of two overlapped membranes, TI and TII plotted against

the absorptivity ↵ and emissivity ✏ of the coatings on both sides of the gap between

the membranes, showing that the glass transition point of Mylar HS, Tg = 82 �
C can

be reached with ↵ and ✏ > 0.1.

film with 100 nm Al coating on both sides, then assuming 70 GPa and 2.5 GPa

Young’s modulus for Al and Kapton, respectively, the flexural rigidity, D of the

coated and uncoated film can be evaluated according to Euler-Bernoulli linear beam

theory, where I is the second moment of area (geometric parameter) [56]:

Dcoated = EAlIAl1 + EkaptonIkapton + EAlIAl2 (6)

Duncoated = EkaptonIkapton (7)

The ratio between the flexural rigidity, Dcoated/Duncoated, is then plotted in Figure

17. It can be seen that the e↵ect of coating on the membrane’s bending rigidity

increases with decreasing Kapton thickness. The rigidity ratio is 1.47 for the 25 µm
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Kapton used in the present study, and such coating will have no significant e↵ect on

the self-folding behaviour of the proposed polymer membrane.
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Figure 17: Ratio between the flexural rigidity of coated and uncoated membranes,

Dcoated/Duncoated, plotted against Kapton thickness, assuming aluminium coatings

with 100 nm thickness on both sides of the Kapton film.

8. Summary

Self-folding membrane that can permanently fold along complex crease patterns when

heated up to a certain temperature is designed and fabricated. It is based on a

thermally stable Kapton substrate, and folding is activated by an isotropic heat

shrinking film, Mylar HS, which is bonded along the hinges using a flexible acrylic

adhesive. The specially designed kirigami hinges have slits cut into the Mylar and

the adhesive layers to relax the stress caused by shrinkage and convert the isotropic
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shrinkage to unidirectional (i.e., anisotropic), thereby realise a predictable folding

without bifurcation. In comparison with the existing self-folding membranes, the

proposed innovative design is based on space-qualified materials, and is potentially

mass-producible. It also features weight saving since most part of the membrane is

single layered Kapton and only the hinge region is multi-layered, which is important

for certain space missions such as solar sails.

Test samples of a self-folding origami structure and a self-forming tubular

structure are fabricated using a semi-automated production method that can

potentially be converted to an industrial roll-to-roll process. Tests carried out in

an oven suggest that the kirigami hinge design, as well as the actuation process that

keeps the membrane generally flat during the deployment has successfully prevented

bifurcation. The 2D membranes were successfully transformed into 3D structures.

Furthermore, thermal radiation analysis has demonstrated that the folding

can be activated using sunlight in a space environment by applying conventional

spacecraft thermal control coatings onto the membranes. This creates a di↵erent

type of deployable gossamer structures: when stored, the flexible membrane can be

winded up into a cylinder instead of packed as a pre-folded origami, which potentially

saves stowage volume and allows simpler packaging process; for deployment, the

membrane is released from the package and heated by sunlight, which activates the

folding along a pre-defined crease pattern. The folded membrane not only achieves

self-rigidisation, but could also serve as a building block of future origami meta-

structures with various design-able behaviours and built-in functionalities.
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Chapter 7

Conclusions and future work

7.1 Summary of research findings

The present research originated from the idea that when a deployable structure

spins up utilising the energy from an external power source, while the driving-

torque has a magnitude depending on the deployment condition, a passive self-

regulating centrifugal deployment can be established. The study has demonstrated

its possible applications to deployable space systems including atmospheric entry

heat shields and gossamer solar sails, as well as its potential benefits to realise

more concise, lightweight and compact systems than existing solutions.

Centrifugally deployed flexible aerodynamic decelerator. Utilising a flexi-

ble aeroshell with a spiral shape, which generates an aerodynamic roll-torque that

is coupled to deployment condition, a self-regulated centrifugal deployment can be

achieved. The system is passive since the autorotation is driven by the descending

kinetic energy. This allows a concise and robust system that also achieves com-

pact packaging and low structural mass. Furthermore, an active control loop can
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be added into the passive system using conventional attitude control devices to

actively adjust the deployment shape and thereby realise downrange manoeuvre.

In comparison with existing solutions, it contains less critical components such

as the inflation devices in an inflatable aeroshell, or hinged/sliding mechanisms

and actuators in a mechanically deployed decelerator. The dependence on inertial

forces rather than material sti↵ness also improves its temperature tolerance that,

especially when compared to an inflatable structure with air-tight bladders, allows

a lightweight thermal protection system. The design also benefits from its scala-

bility, which enables a scaled up version to decelerate an entry mass of 5 ton or

beyond while being lighter than NASA’s HEART inflatable heat shield, or scaling

down to 30 g entry mass to realise miniaturised systems.

When used on a CubeSat-sized entry system, it could enable a low-cost sample

return from LEO while being advantageous due to its simplicity and robustness.

The downrange manoeuvrability can be particularly useful for such a system that

initiates re-entry through orbital decay. Similar or even smaller entry systems

could potentially be used in a low-cost probe swarm that may realise new types

of planetary explorations. On the other hand, scaled-up decelerators could realise

soft-landing of heavy payload on Mars or landing on Martian mountains, which

benefits from its compactness and low structural mass that are crucial for deep

space missions.

Passive centrifugal deployment of heliogyro. Enabled by a meta-structure

reflector that generates a centrifugal-stress-dependent in-plane solar radiation propul-

sion, a self-regulated spin and deployment of a heliogyro solar sail can be achieved.

The tip-mounted meta-structure reflectors are formed from flat reflective mem-

branes in space utilising origami that automatically folds when exposed to sunlight.

This enables a fully passive operation and prevents over-spin when fully deployed.
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Combined with a torque-regulating blade releasing device, a passive servo system

with “programmable” spin rate throughout blade deployment can be realised.

The proposed concept not only benefits from its conciseness. Unlike the existing

designs that use simple reflective membranes and achieve flight manoeuvres by

inducing overall sail distortion, which leads to structural dynamic issues, the pro-

posed design keeps the reflector flat and free from overall deformations and thus

realises a quasi-static operation. Meanwhile, the in-plane photonic propulsion is

proven to be robust against structural oscillation, and the reflector self-rigidises

through folding to further facilitate the dynamic behaviour.

Besides the application as a solar sail, the proposed design could also be used as

a solar-radiation-deployed drag sail. Meanwhile, the design of the origami meta-

structure reflector, combined with the self-folding material developed in this study,

has provided a methodology to realise a broad range of self-rigidising passive gos-

samer space structures with built-in functionalities.

7.2 Closing remark and future implication

The present research provides proof-of-concept studies of two designs, where the

critical functions are demonstrated by analyses and low-fidelity numerical simula-

tions, then partially verified by experiments in laboratory environment. The future

work should focus on further concept validation in a more relevant environment.

For the deployable heat shield which has achieved a Technology Readiness Level

(TRL) of 4, the future work may include:

• High fidelity aerodynamic simulations to replace the analytical model for roll-

torque and deployment moment prediction, thus providing a higher fidelity
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simulator;

• Low-speed high-altitude (25 ⇠ 35 km) drop test from a balloon, which could

further verify the simulation and validate the design at varying atmospheric

conditions and high velocity;

• Plasma wind tunnel tests to validate the thermal resistance of the stitched

fabric heat shield architecture, and potentially partially verify the heat shield’s

dynamic behaviour in a relevant hypersonic flow (TRL 5);

• Suborbital test to further validate the concept from the aspects of structural

dynamics, flight dynamics and aerothermodynamics (TRL 6).

In terms of the heliogyro, which has a TRL of 3, the future work may include:

• High fidelity FE simulations to reveal the solar-elastic behaviours of the

heliogyro throughout deployment;

• Lab demonstration of solar radiation activated self-folding of membranes

with metallic thermal control coatings, as well as the e↵ect of long-duration

heating, with the aim to bring the self-folding membrane to a TRL of 5;

• Exploring other applications of the origami gossamer structures, includ-

ing self-deploying/rigidising passive devices and di↵erent types of photonic

propulsion manipulators.
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Appendix A

Supplementary materials to

papers I, II and III

A.1 Prediction of the package configuration

Packaging process is illustrated in Figure A.1. By folding along the thick lines, the

blue panels are turned to the back side of the red panels. At the same time, the

12 elements will overlap as demonstrated in Figure A.1b, while the panel vertex

angle of 13� guarantees that the red creases are parallel to each other. Since the

lower edges of the elements are bounded to the nose cone perimeter, the overlapped

elements will simultaneously form a cylinder. The wrapping angle, which is the

angle between the red crease and the nose cone perimeter, is set to 33�. Under

such condition, the maximum number of overlapping panels is 8, as illustrated in

Figure A.1b. This number, as well as the length of the cylindrical package, can be

evaluated by simple geometry. It should be noted that material thickness e↵ect is

not considered in the design and evaluation, as the number of overlapping layers
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is not great, and a precise packaging is not required.

(a)

(b)

Figure A.1: Packaging enabled by the origami crease pattern, (a) the baseline
design identical to Figure 2.1, (b) example of the folded configuration, where the
blue panels are folded to the back of the red panels, creating overlaps, and the
panels are simultaneously wrapped around the nose cone

A.2 Simplified geometrical model and calcula-

tions

Utilisation of the origami crease pattern allows the shape of the heat shield to be

described using a simplified geometrical model based on the origami. The model

has been used in the analyses and trajectory simulations reported in paper I, II

and III, and has shown acceptable agreement with the drop test and wind tun-

nel test results reported in paper III. Specifically, the model is used to evaluate:

deploying/anti-deploying moments on the shell, oscillating frequencies, Newtonian
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aerodynamic roll torque, and vehicle inertia. The detailed calculation are docu-

mented in this section.

As an example, the heat shield with Figure 2.4b design is modelled as multiple

hinged panels as shown in Figure A.2. Figure A.2a shows two adjacent panels. As-

suming zero angle of attack, the flow’s horizontal component (due to autorotation)

should always be parallel to the local heat shield perimeter. Therefore, transform-

ing the panel geometries to align the horizontal flow directions along the x-axis

will align the perimeter-wise edges along x-axis, as shown in Figure A.2b. After

transformation, the panels become planar when the shell is fully deployed. When

the shell folds, the upper edge will rotate while the lower edges cannot rotate as

they are hinged to the rigidified first stage, thus the panel will be twisted, as shown

in Figure A.2c. Thus, the calculation of the aerodynamic torque should include

an integration of line elements with di↵erent twist angles along the generatrix.

(a)
(b) (c)

Figure A.2: Schematic draft of two adjacent panels, z-axis is pointing outward,
(a) condition in a fully deployed vehicle, (b) after the transformation to align flow
directions along x-axis, (c) partially folded condition

Newtonian theory is used to calculate the surface pressure at hypersonic speed,

and can still be treated as an assumption at lower speed. It predicts zero pressure

di↵erence to ambient at the aft surface, and the front surface pressure is related
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to the surface angle of attack:

�p = ⇢v
2 · sin2(↵)

Surface angle of attack ↵ equals ✓ when the “skirt” is near fully deployed at

high altitude, but ↵ will vary when the “skirt” folds and the spiral shape starts

to emerge. In order to reduce the complexity of the calculation, the geometry is

simplified to the one in Figure A.3a, where the “skirt” is treated as multiple panels

with the local angle of attack denoted as ↵. The panels have rotated by the angle

of  due to folding.

Now look at one panel, EF. It is a part of the perimeter when fully deployed, so

the length of EF is proportional to sin(60�)L+aL, where L is the generatrix length

of the flexible ”skirt”. The new perimeter is formed by virtual lines such as EG,

the length of which is therefore proportional to sin(✓)L + aL. Thus, in �EFG, we

have:

cos( ) =
sin(✓)L + aL

sin(60�)L + aL

Then, it is still necessary to relate the angle of attack ↵ to  . It is easy to relate

↵ to ', which, as shown in Figure A.3b, is the angle between the tangent line and

the edge BD on a horizontal section plane. In Figure A.3b, OC is the major axis

of the vehicle, OB is the generatrix of the fully deployed “skirt”, and OD is the

generatrix of a partially deployed “skirt”. From geometry we have:

BC = OB · sin (✓)

DC = BC · cos(')

sin(↵) = DC/OD

Assume OB=OD, we have:

sin(↵) =
OB · sin (✓) cos(')

OD
= sin(✓) cos(')
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From geometry, we also have:

' = arctan(
tan( )

cos(✓)
)

Thus,

sin(↵) = sin (✓) cos(arctan(
tan(arccos( sin (✓)L+aL

sin(60�)L+aL))

cos(✓)
))

(a)

(b)

Figure A.3: Mathematical interpretation of the “skirt”

On any panel on the skirt, the aerodynamic moment can be divided into two

components: the folding moment (tangential) and the shear moment (radial), and

here we are only interested in the folding moment. Therefore, the aerodynamic

anti-deployment moment can be approximated as:

MA =

Z
⇢v

2 · sin2(↵) · dS · l

Where dS = 2⇡(l sin ✓ + aL)dl. It should be noted that a simplified expression

with approximation where ↵ is replaced by ✓ is used in paper I to keep the paper

concise and smooth. Such simplification will not cause significant di↵erence when

✓ is within 30� ⇠ 60�.

For the baseline design, the equation above can be simplified to:
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MA = ⇡⇢v
2
L

3 sin(✓)(
2

3
sin2

✓ + a sin ✓) cos(arctan(
tan(arccos( sin (✓)L+aL

sin(60�)L+aL))

cos(✓)
))

⇡ ⇡⇢v
2
l
3 sin(✓)(0.0242✓ � 0.565)

Similarly, the deploying moment from centrifugal force is:

MFC =

Z
!

2
rl cos(✓) · dm

Where dm = 2⇡(l sin 60� + aL)dl⇢S. For the baseline design, the equation above

can be simplified to:

MFC = ⇡⇢S!
2
L

4 cos(✓)(
1

2
sin ✓ sin 60� +

2

3
a sin ✓ +

2

3
a sin 60� + a

2)

⇡ ⇡⇢S!
2
L

4 cos(✓)(0.01✓ + 0.788)

The deploying moment from deceleration inertial force is:

Mg =

Z
adecl sin(✓) · dm

For the baseline design, the equation above can be simplified to:

Mg = ⇡⇢SL
3
adec sin(✓)(

2

3
sin 60� + a)

⇡ 1.16⇡⇢SL
3
adec sin(✓)

The equation above can be furture simplified by subsituting:

adec =
qSCD

m
⇡ q(0.0117✓ � 0.232)

⇢S

Therefore the spin rate at a certain deployment angle ✓ and under the static

equilibrium condition, !equi. can be evaluated by solving:

M = MFC + Mg � Ma = 0
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Paper I has also shown that the shell’s natural frequency has a similar expression

to equilibrium spin rate and aerodynamic pitching frequency.

The natural frequency can be expressed as below:

fnatural =
1

2⇡

s
@M
@✓

Ideploy

Where the expression of M contains !. For paper I, ! is substituted by !equi. in

order to compare to the FE simulation which assumes constant angular velocity.

For paper II it is substituted by ! = !equi.Ispinequi./Ispin to account for the coupling

between ! and ✓ due to the conservation of angular momentum. Where Ispin is the

vehicle angular inertia associated with the autorotating motion that is discussed

later in this section as a function of ✓, and Ispinequi. is the inertia under the equi-

librium deployment angle. The prediction using the two methods show acceptable

di↵erence. For instance, the paper II expression (0.179
p

q/l2 Hz) is ⇠ 10% higher

than the paper I result (0.160
p

q/l2 Hz) for a baseline design.

The pitching frequency is derived from the expression shown below 1:

fpitch =

s
CN↵ · lstatic.margin · q · S

Ipitch
⇡

s
CN↵ · xcp · q · S

Ipitch

From literature, the aerodynamic normal force coe�cient and C.P. location of a

circular cone can be derived using Newtonian Theory 2:

CN = cos2
✓ · sin 2↵

xcp = Lheight(�
2

cos2 ✓
)

Thus,

CN↵ = 2 cos2
✓

1Platus, D. H. A Simple Analysis of Reentry Vehicle Roll Resonance. (1967).
2Viviani, A. & Pezzella, G. Aerodynamic and Aerothermodynamic Analysis of Space Mission

Vehicles. (2015).
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Given that the distance from vertex to C.P. is similar to the static margin since

the vehicle c.m. is relatively close to the vertex, we have:

fpitch ⇡

s
4LheightqS

3Ipitch

The pitching moment of inertia of the fully deployed heat shield about the vertex

is:

(
sin2 60�

4
+

cos2 60�

6
)⇡⇢S · sin 60� · L

4
generatrix

The inertia of the payload has been ignored in the calculations. This is not ex-

pected to induce significant error since the payload is located at centre and near

the vertex.

Then consider the aerodynamic roll-torque. Assume the spin axis is aligned along

z-axis, a horizontal upper edge of the “skirt” HK in Figure A.2 (the line element

at l = L) is aligned along x-axis (1,0,0) when the “skirt” is fully deployed and

rotates around z-axis by angle ' during folding. The twist angle of an element

with a distance of l from the first stage is ' · l/L. Meanwhile, the twist angle of the

adjacent panel’s upper edge is set to � arcsin(sin'/0.92) where 0.92 is the ratio

KN/HK, so N falls onto the inner perimeter.

The normal vector of elements in the left and right panel can be expressed as below

respectively in MATHEMATICA style, where
#    »
DC = (�10, 60 sin(✓), �60 cos(✓))

according to the baseline design, and
#    »
DA = (1, 0, 0) when the shell is fully de-

ployed:

#      »
Pleft = Normalise[Rotation matrix[

' · l

L
,

#»
z ] · #    »

DA ⇥ #    »
DC]

#        »
Pright = Norm.[R.m.[� arcsin(

sin('·l
L )

0.92
), #»

z ] · #    »
DA ⇥ #    »

DC]

The aerodynamic pressure has two components: the component parallel to the y-z

plane that causes folding and the component along x-axis that causes autorotation.
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The first is not of interest since the deploying-folding behaviour is already modelled

with su�cient accuracy, while the second can be resolved by
# »
Px =

#»
P · (�1, 0, 0),

where (-1,0,0) is the direction of pressure that drives the desired autorotation.

Then, the direction of the flow needs to be resolved to determine the angle of

attack, and therefore, the magnitude of Newtonian aerodynamic pressure. The

flow direction referred to the perimeter of a fully deployed “skirt” is defined as

(c,0,1), where the dimensionless value c is the ratio between the horizontal and

the axial flow velocity at the rim of a fully deployed shell. Thus the direction of

flow at a line element at a distance l from the first stage is:

#»
v = (

(aL + l · sin(✓)) · c

aL + L · sin(60�)
, 0, 1)

Therefore, the angle of attack can be resolved in MATHEMATICA:

↵left = 90� � angle between[
#»
P left,

#»
v ]

↵right = 90� � angle between[
#»
P right,

#»
v ]

Thus, the axial aerodynamic torque can be calculated by integrating the torque

from the aerodynamic pressure along the x direction as below, where aL+ l · sin(✓)

is the arm of force.

⌧ = ⇢v
2
S

Z L

0

sin2(↵left) · #»
P xleft

+ sin2(↵right) · #»
P xright

1.92
· (aL + l · sin(✓)) · dl

The trajectory simulator also requires the input of vehicle angular inertia. This is

assumed to be equal to the heat shield angular inertia, which changes with deploy

angle, and is calculated by integrating the inertia of conical ring elements along

the axis as below, where r and dm are the radius and mass of the ring element:

Ispin =

Z
r
2
dm =

Z L

0

r
22⇡r⇢Sdl
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Calculate separately for the rigid 1st stage and the flexible 2nd stage, we have:

Ispin =

Z Ltotal�L

0

2⇡⇢S(sin 60� · l)3
dl +

Z L

0

2⇡r⇢S(aL + sin ✓ · l)2(aL + sin 60� · l)dl

Integrating, we have:

Ispin = 0.5⇡r⇢S sin3 60�(Ltotal � L)4

+
1

6
⇡r⇢S[4a(3 + 3 sin ✓ + sin2

✓) + sin 60�(6 + 8 sin ✓ + 3 sin2
✓)]L4

= 0.5⇡r⇢S sin3 60�(Ltotal � L)4 + ⇡r⇢SL
4(0.679 + 1.34 sin ✓ + 0.819 sin2

✓)

To save computational resource, note that mass is already calculated at the be-

ginning of simulation:

m1 = ⇡ sin 60�(Ltotal � L)2
⇢S

m2 = 2.02⇡L
2
⇢S

Thus,

Ispin = 0.5m1 sin2 60�(Ltotal � L)2 + 0.405m2(0.828 + 1.63 sin ✓ + sin2
✓)L2

⇡ 0.5m1 sin2 60�(Ltotal � L)2 + m2(0.0149✓ + 0.324)L2

A.3 Prototype elasticity measurement by pow-

ered spin test

Before the drop test, another experiment has been carried out to partially verify

the analytical model as well as the elastic e↵ect of the flexible shell. The drop test

has weaved the importance of this work. However, it is still documented here as

it demonstrates the method used to correct the elastic e↵ect in paper III.
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First of all, a simple latex rubber prototype is fabricated using a single-sided mould.

The mould is built upon a foam core, which is cut out from foam block using a

customised jig, as shown in Figure A.4 (a). It utilises a straight hot wire to cut

out a first-order curved surface that is generally the same as a 3D model produced

by lofting. The mould shape is based on the shell geometry with 55� deployment

angle. Then the mould is completed by covering the foam core with glass fibre

reinforced epoxy and aluminium foil tape, which improves handling and assists the

releasing of cured latex rubber. The completed mould is shown in Figure A.4 (b).

Figure A.4: The single-sided mould for latex rubber prototype fabrication, (a)
cutting foam core using the customised jig, (b) the finished mould

Then the latex rubber is brush-coated onto the mould. Each coating has a thick-

ness of approx. 0.04 mm, thus a 1 mm thickness can be formed by 25 layers of

coatings. Result is shown in Figure A.5. It worth noticing that the folded (by

gravity) shape closely matches the paper origami design.

Powered spin test jig that can hold and spin up the prototype is developed using

o↵-the-shelf devices (Figure A.6). Geared motor is used to directly drive the

spin, the speed of which can be adjusted within a certain range (0 ⇠ 85 rpm for

the current motor and gearbox) by adjusting the input voltage. Single direction

bearing is used to transmit torque from the motor only in the primary direction,
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Figure A.5: The prototypes, (a) side view, (b) top view, (c) top view of the paper
prototype

thus eliminating the shock on the prototype in case of abrupt stop. Hall e↵ect

sensor is used to measure the spin rate and display it on a LCD in real time. Spin

rate is adjusted manually, which allows an accuracy of ±0.5 rpm.

A series of deployment angles from 15�to 60� with 5� interval is set as deployment

targets, and the spin rate required to achieve those targets are evaluated using the

analytical model. The tests are then carried out by spinning up the prototype to

the calculated spin rates and measure the deployment angles using the IMU in an

iPhone. The measurement is done twice on both sides of the prototype and the

average is reported. The accuracy is approximately ±1�.

The analytical equation used to evaluate spin rate is revised by eliminating the

aerodynamic terms, thus the static deployment criterion becomes:

MFC + Mg = ⇡⇢SL
3[cos ✓ · !2

L · (
1

2
sin ✓ sin 60� +

2

3
a · sin ✓ +

2

3
a · sin 60� + a

2)

+ adec sin ✓ · (
2

3
sin 60� + a)] = 0

Where a = 0.5 is the ratio of the first stage. Thus we can solve for the required
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Figure A.6: The motor-sensor-prototype assembly is mounted onto a tripod for
sturdiness; the prototype with deployable first stage is used

spin rate ! by substituting ✓ with the target deployment angle:

! =

s
�adec · sin ✓ · (2

3 sin 60� + a)

cos ✓ · L · (1
2 sin ✓ sin 60� + 2

3a · sin ✓ + 2
3a · sin 60� + a2)

The results are shown in Figure A.7. The red curve is from the tests with spin rates

evaluated from the equation above. It can be seen that the resulted deployment

angles di↵er from prediction. Those di↵erences are acceptable as a preliminary

study since within the critical flight regime predicted by the trajectory simulator

the deployment angle is always above 45�, at which the di↵erence is low.

The analytical model is then revised to account for the elastic e↵ects and provide

a better agreement with tests, thus the model can be validated better. In the

tests, the input of spin rate yields a certain value of deployment angle. Therefore,

the correction should be done to change the spin rate input in order to achieve a

deployment angle closer to the target. To realise this, the elastic e↵ect is assumed

to be equivalent to the e↵ect of a spin. E.g. at rest in the -1g environment, the
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Figure A.7: Test results using the spin rates evaluated using the original analytical
model (red) and the model corrected for elasticity (blue)

shell has a deployment angle of 14� rather than 0� due to the elasticity, which is

equivalent to a spin rate of 36.17 rpm according to the previous equation. Set

this value as !14� = 36.17. Now set the target deployment angle to ✓ = 14�, the

deployment criterion becomes:

MFC +Mg = ⇡⇢SL
3[cos ✓·(!2

test+!
2
14�)L·(1

2
sin ✓ sin 60�+

2

3
a·sin ✓+2

3
a·sin 60�+a

2)

+ adec sin ✓ · (
2

3
sin 60� + a)] = 0

Where ME is the deploying moment caused by elasticity, and !test is the real spin

rate of the prototype. Thus the e↵ective spin rate consisted of the elasticity and

the prototype’s real spin rate becomes:

!effective =
q
!2

test + !2
14� =

s
�adec · sin ✓ · (2

3 sin 60� + a)

cos ✓ · L · (1
2 sin ✓ sin 60� + 2

3a · sin ✓ + 2
3a · sin 60� + a2)

Solving under the condition of ✓ = 14� and a=0.5 (according to the dimension of
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the prototype), we have:

!effective = !14�

!test = 0

This means the prototype does not needs to spin to reach ! = 14�, which is true.

Then the correction can be generalised to work at more deployment targets. We

know that the deployment angle of 55� there is no elastic e↵ect since this is the

shell’s initial fabricated state, thus the equivalent spin rate at ! = 55� is !55� = 0.

Now assume the following relation between the equivalent spin rate and ✓ shown

below, which gives a near linear elastic behaviour ME / ✓.

!
2
equivalent ✓ = !

2
14� · 55� � ✓

55� � 14�

Then we can evaluate the spin rate for reaching a certain ✓ target with the correc-

tion of elasticity !test. The result is satisfactory as plotted in blue in Figure A.7,

which has very close agreement with prediction (di↵erence < 1�).

A.4 Wind tunnel scaling

The parameters for dynamic aeroelasticity similitude that should be kept constant

during scaling-down are discussed below.

Mach number, which influences the flow condition at transonic speed or above,

where a is sonic speed and T is freestream temperature:

M =
v

a
/ v

T 0.5

Thus,

v / T
0.5
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Reynolds number is related to the ratio between the inertia and viscous force

of fluid in boundary layer, and influences the transition of laminar to turbulent

flow, boundary layer thickness, flow separation, etc., where ⇢ is fluid density, µ is

viscosity:

Re =
⇢vl

µ
/ Pl

T 0.5

Since

P / ⇢ · T

Strouhal number is related to the flow induced by periodic perturbations of the

vehicle, which takes into account the flow caused by spinning.

NStr =
!l

v

Ignoring the secondary e↵ects such as Reynolds number, the scaling of Strouhal

number is naturally satisfied (NStr = constant) since the vehicle is in free-spinning.

Relative density related to the linear acceleration of structure under aerodynamic

force, assuming constant v:

µm =
m

⇢l3
/ m

Pl3

For heat shield with similar shape and dynamic behaviour dominated by surface

density ⇢S,

µm / ⇢S

Pl

Relative mass moment of inertia related to angular acceleration of structure under

aerodynamic torque:

µIm =
Im

⇢l5
/ Im

Pl5

For heat shield with similar shape and dynamic behaviour dominated by surface

density,

µIm / ⇢S

Pl
/ µm
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Which is satisfied simultaneously with relative density.

Aeroelastic bending parameter related to the bending of structure under aerody-

namic load:

✏ =
EI

⇢v2l4
/ EI

P l4

Where E is Young’s modulus, I is the area moment of inertia of cross section. For

the fabric on heat shield, which is dominating,

✏ / Et
3

Pl3

Where t is the shell’s thickness.

“Deploy-ability”, related to the stabilised deploy angle:

tan ✓ =
lk

2
⇢S

⇢
/ ⇢S

⇢l

A.5 Rigid/semi-rigid model test in the HSST

tunnel

The High SuperSonic Tunnel (HSST) in the University of Manchester could provide

Mach 4 ⇠ 6 flow that lasts for 8 s, which is longer than enough for the models

to reach equilibrium state. Since the static pressure reduces with increasing Mach

number, the highest possible Mach number, Mach 6, is chosen in order to obtain

a better scaling. Available data shows two possible static temperatures: 300K

and 700K. Both included in the scaling analysis in Table A.1, where the vehicle

condition corresponds to peak dynamic pressure of 180 Pa at an altitude of 66.5

km (simulated with interpolation atmospheric model and starts from 145 km orbit

with zero flight path angle).
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Table A.1: HSST test scaling, with Mach 6 flow and two static temperatures

Title Simulated condition HSST 400kPa 300K HSST 400kPa 700K

Base diameter / m 0.70 0.036
Fluid density / kg/m3 1.22 ⇥ 10�4 0.0250 0.0108

Temperature / K 227 37 86
Static pressure / Pa 7.94 260

Dynamic pressure / Pa 180 6600

Scaling parameters
Reynolds number 4.18 2.74
Relative density ⇢S/10.6 ⇢S/4.6

Aeroelastic bending 225Et3

It can be seen that for the rigid model to which only Mach number and Reynolds

number are important, the test with 700 K static temperature could provide rea-

sonable result, and the test with 300 K static temperature may also be acceptable.

For the semi-rigid model test, it is necessary to scale the deploy-ability (equivalent

to relative density), which, as shown in Table A.1, requires the shell thickness to be

increased to 4.6 mm (so the surface density is increased without changing the shell

material) for a test with 700 K static temperature, or 10.6 mm for a test with 300

K static temperature. It can also be seen that the aeroelastic bending is not likely

to be scaled together with deploy-ability, etc. unless a very dense (10 ⇠ 20 g/cc)

and at the same time flexible shell material is available, or sophisticated structures

are built into the model to induce anisotropic rigidity.

The rigid model test is to find out how the equilibrium spin rate (at a certain

velocity, the spin rate at which the spiral shape generates zero axial aerodynamic

torque) and the axial aerodynamic torque are influenced by the “skirt” shape when

it deploys and folds. When a model is mounted on a jig that allows free spinning,

the equilibrium spin rate of a certain shape can be measured using tachometer

or high speed camera, and when the spinning is constrained, axial aerodynamic

torque can be measured by a load balance.
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The condition with maximum dynamic pressure has a velocity of 1815 m/s equiv-

alent to Mach 6, an equilibrium spin rate of 5.6 rps, and the test will be done at

1115 m/s at the same Mach number. According to Strouhal number, the spin rate

from the test is expected to be 67 rps. Test with a 300 K static temperature allows

a lower spin rate of 44 rps due to the lower sonic speed. Despite of the high spin

rate, which can lead to vibration, the model shape has surface fluctuations with

amplitude lower than 100 µm after scaled down to the model size, which is not

achievable by most 3D printers, and high resolution CNC machining is needed to

capture the critical characteristics.

The semi-flexible model test is to demonstrate the deploy-ability under a condition

close to the peak dynamic pressure. This can be done using a silicone model with

36 mm base diameter. The scaling of deploy-ability (i.e. density ratio) can be

achieved by increasing the thickness to 4.6 mm. It is true that the thickness

can be reduced at the cost of deploy-ability. However, reduced thickness leads to

increased equilibrium spin rate, which could lead to various failures since a slight

imbalance, which is inevitable for a flexible model, will cause excessive centrifugal

force on the jig and completely change the response of the flexible model.

FE simulations are carried out to validate the model design, which has a neutral

shape with 30� deployment angle, so that the model can be fabricated using a 3D-

printed mould. Simulation showed that the shell cannot be e↵ectively flattened

(Figure A.8) even when the thickness is reduced to 1 mm and an excessive spin

rate of 270 rps (> 16, 000 rpm) is used. Therefore, the semi-flexible model test

using such simple silicone model is not viable. This is not surprising considering

the unmatched aeroelastic bending factor. This means a more sophisticated model

with hinged panels is needed for the semi-flexible model test, which is not practical

considering the small model size (�36 mm).
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Figure A.8: The silicone model with 1 mm thickness under an excessive spin rate
(> 16, 000 rpm) shows insu�cient flattening

Nevertheless, a free-spinning jig that allow 1DoF free spin of the model was de-

signed at the early stage of this work, and is documented here for future reference.

The jig should minimise the rotational resistance of the spinning part, operate un-

der ⇠ 1kg axial load and 37 K flow temperature, while minimise the frontal area to

reduce blockage. Considering the low temperature, no liquid lubricant is allowed.

Therefore, ceramic bearings are ideal for the design, and Zirconia ceramic is chosen

for its relatively high thermal expansion coe�cient (⇠ 10 ⇥ 10�6
/K). Most steels

including mild steel, tool steel and most stainless steels has thermal expansion

coe�cient around 20 ⇥ 10�6
/K, which, if assembled with ceramic bearings, could

lead to a notable relative change in dimension that causes gaps or excessive stress

when temperature changes. Gaps should be eliminated since a waggling axle could

absorb rotational energy and lead to resistance. Therefore, 410/416 stainless steel

is selected for the parts that fit with ceramic bearings, due to their lower thermal

expansion coe�cient (⇠ 10 ⇥ 10�6
/K) and acceptable manufacturability.

The jig assembly is shown in Figure A.9. It has three components: the axle that

rotates freely in the housing, the housing that supports the bearings and the axle,

and the adaptor that can be screwed onto the housing after the axle and housing

are assembled and then mounted onto the load balance on the right end. The thrust
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bearing on the left side balances the axial aerodynamic load, and the double slim

nuts on the right end of the axle provide another axial constrain while prevent

loosening. Wave washer should be used between the left slim nut and the bearing

inner ring to tighten the axle without inducing excessive stress. The tolerances in

the drawing are chosen to allow manual installation of bearings while minimising

the gaps. All standard components are available online.

Figure A.9: Free-spinning jig designed for the HSST tunnel: assembly
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Figure A.10: Free-spinning jig designed for the HSST tunnel: axle

Figure A.11: Free-spinning jig designed for the HSST tunnel: housing
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Figure A.12: Free-spinning jig designed for the HSST tunnel: adaptor
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