ANALYSIS OF WINGS WITH SPANWISE MULTI-SEGMENTED FLAPS
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Abstract

A vortex lattice method has been developed to analyse simple, swept, tapered wings with
spanwise segmenied flaps at both leading and trailing edges. Classical planar horse shoe
vortex is used as the basic solution 1o the governing Laplace's equation. Compressibility
corrections are accounted for using Prandil-Glauert analogy modified as applicable to
wings with deflecied flaps. Extensive numerical experimentation has been carried to
determine the optimum lattice layout. The miethod has been validated using a number of

rest cases available in published literare.

List of Symbols

b Wing span also panel span
b Span of j'" region shown in Fig.2
é Wing chord; also pancel chord length
C. Chord at root for a given region, Fig.2
C;) Drag coclficient for the total configuration
o Lift cocfficient for the total configuration
C, Pancl drag coclficient
C, Pancl lift cocfficient
Fu, Fv, Influcnce function along respective
Fw coordinate dircction (X,Y,.Z)
i Influcnce function of /* panel of unit
strength at /™ control point
[F] [nfluence cocelticient matrix
i Number of spanwise rcgions, Fig.2
M, Nominal number of rows
m Actual number of chordwise rows
Ny Nominal number of columns
n Actual number of spanwise columns
N Total number of panels
R, 4 times normal component of free stream
velocity at i control point
[R] Vector of normal component of free
stream velocity at N control points
s Semi-width of horseshoe vortex (bound
vortex) in its own plane
S Arca
u,yw Components of induced velocity
Y Velocity at trailing legs
(X,¥YZ) Coordinatces in the global axes system
(x,y,z)  Coordinates in panel axcs system
Miscellaneous
ACp Differential pressure loading
*  Scientist, National Acronautical Laboratory, Bangalore
¥ )

AT Trailing leg vortex strengths of coincident
legs

AX Panel width along X-direction

AY Panel width along span

AG Angular panel width along either spanwise

or chordwise direction

] (Nx1) column of circulation strengths

Xe Position of centre of pressure

ACPM Incremental pitching moment due to flap

Greek

a Angle of incidence

B Prandtl-Glauert factor, \fi—:—jl_/[z

Jé Function of a and M _; V1 = M2 sin®

r Vortex strength

o) Flap rotation normal to hinge line

Ox7 Flap rotation angle in free stream direction

A Wing taper ratio

@ Dihedral angle

n Non-dimensional spanwise station

Y Sweep of horse shoe vortex

Subscripts

f flap

i (" panel; also inboard

in incompressible

j j™ panel

LE leading edge

0 outboard

ref reference

TE trailing edge
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x X x or X component
Y y or Y component
2,2 y or Z component
0 Free stream

Introduction

Over the years, analysis of wings with deflected flaps
has become increasingly important due to the
deployment of flaps during various aircraft operations
as highlift dcvices in takeoff and landing, as
manocuvre devices during atrcraft manoeuvre and
even as control surfaces. Especially, spanwise
segmented flaps at leading and trailing edges of wing
are gaining increased importance to generate opti-
mum spanwise loading and to avoid tip stalling
(Fig.»)L.
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Fig.1. Use of spanwise segmented trailing edge flap
to generate favourable load distribution
(approximate CONVAIR planform)

By and large, analysis and design of wing-flap
systems have been based heavily on empirical
techniques such as those in DATCOM? and on
extensive wind tunnel testing. Even though the
empirical methods can give overall co-efficients, the
details of local loading, especially for wings with
multiple segmented flaps, cannot be predicted by
these methods. Therefore it is highly desirable to
develop computational methods for this purpose.

A common practice of analysing wings with
deflected flaps is to treat the flap deflection as an
additional camber to the basic wing geometry and to
redefine the local incidence distribution on the wing
surface. This is an approximate procedure and is
generally adopted by various published programs
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based on vortex lattice and pancl methods3*S, A

better approach would be to distribute the singy.
larities on the actual wing-flap surface as has beey
done by Rubbert® and by Maskew’. Mendenhall et.
al.3? have used both planar and non-planar horseshoe
vortex lattice methods to analyse wings with single
trailing edge jet blown flaps.

All these methods are, in general, restricted to
incompressible flows. Near the wing-flap junction and
elsewhere on the wing where the solution behaveg
singularly, the lattice layout is left to intuition of the
user. In this paper, a general method which overcomes
several of the deficiencies noted above has been deve-
loped. The compressibility corrections are accounted
for at subcritical speeds with no trigonometric
approximation being made regarding free stream inci-
dence and flap deflection. Also by extensive numerical
experimentation, limits have been established on the
panel aspect ratio, espccially near the wing-flap
junctions to get mecaningful solutions.

The method developed here is applicable for thin
wings with attached flows upto critical Mach number,
Results obtained from this method compare well with
experimental values within the limits of linear theory.

The current paper i1s a condensed version of the
theory developed in detail in Ref.[10).

Geometric Representation

The wing-flap system is represented by a planar vortex
lattice scheme (Fig.2). For this purpose, the surface of
wing and flap system is divided into a set of
trapezoidal panels. A horse shoe vortex is placed with
the bound vortex lying along the quarter chord line of
each panel. A typical wing with leading edge and
trailing edge flaps is shown in Fig.3. Lines are drawn
chordwise along flap edges extending from wing
leading edge to trailing edge. Hinge lines are extended

Fig.2. Representation of wing-flap system by planar
vortex lattice.
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Fig.3. Typical wing with a lcading edge and a
trailing edge flap showing regions.

from root to tip of wing. Each portion of the wing
shown in Fig.3 is called a ‘region’ and is trcated
separately. The wing planform is divided into
elemental panels with equal intervals along coordinate
axes. The interval may be either constant A8 (Cosine
Law distribution) or constant AX and AY in
coordinate directions. Here and in all subsequent
sections, a wing fixed coordinate system is chosen with
the origin of coordinate system at the wing apex. The
coordinate system chosen is shown in Fig.4.

Figd. Coordinatc axes system used in planar horse
shoce vortex lattice method.
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Fig.5. Numbering of pancls in differcot regions

The numbering of pancls is done in cach rcgion
from the left top-most part of the wing (Fig.5) whercin
each panel ts uniquely defined by quarter chord
sweep, semi-width of the bound vortex and
coordinates of vortex and control points. The flap
rotation over a swept hinge linc is represented by a
streamwise deflection 9y, and a dihedral angle ¢, the
derivation details of which are given in Rel 9.

Aerodynamic Representation and Building up of
Influence Coefficient Matrix

Acrodynamic representation of the wing-flap system is
by a set of horse shoe vortices placed at the quarter
chord line of elemental panel. The flow tangency
condition satisfied at the control points (3/4th chord
along mid-span of each panel), is given by

u sindy7 cosp — vsing + w cosdy,cosp =
U, sin(a + dy,) cosp (1)

where u, v and w are the total perturbation velocitics
from all the horse shoe vortices.

For i*" panel, components of perturbation velocity.
are given by

Tjs wi= 2 Fuiilj,
Jj=1 Jj=1

i=12..,N 2

M=

where F ;,, F . and F . are u, v and w components of
disturbance velocity at' it contral point created by a
horse shoe vortex of unit strength placed on " panel
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respectively, and N is the total number of horse shoe
vortices.

The expressions for F , F and F_ are given by the
following expressions:

r .
F,= i (z2cosg —ysing) cosy Fg

F, = ZI;—II(—Z siny + x cosy siny) Fp
+ (2 —ssing) Fp+ (Z + ssing) F ]

F,= {;[(y siny — x cosy cos¢) Fy
+(y —scos¢)Fp+ (y +scosg) F]

n .
where Fig, F| and F are as follows:
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X-Z has to be rotated by 6., about Y-axis. Equatig,
(3) can be written as

N
2 Flj=R,
J=1

or in the matrix notation as
[F] [T] = [R] )

Method of Solution

The system of linear algebraic equations for the vortex
strengths can be solved by cither an iterative scheme
or by explicit inversion. In the current work since the
order of matrix is not very large ( <300) direct inver-
sion methods are preferrcd. Even here, commonly

xtstany)siny+(y+s cosy cos¢) cosy cos@+(z+s sing) cosy sinp

FB:

{(c+s tany)? + (y+5 cosp)? + (z+ssing)? } 12

(x—s tany) sin Y+ (y—s cos Y cos ¢) cosy cos ¢ + (2—s sinp) cosy sin ¢] %
{(x—s tany)? + (y—s cos ¢)? + (z—s sin )2}/

{[xcosy — (y cos¢ +zsing) sin Y+ (zcos¢ — sinqb)z}—l

(x+stany)

(x = stany)

L=t- {(x + s tany)? + (y + s cos )2 + (z+ssing)? } 12

] X {(y +s cos ¢)2 + (z + s sin <;S)2]~1

Fg= [1 -
Finally the boundary condition can be written as

N
2 (FuijSinaxz‘ COS¢I - Fvijsin¢, +
J=1

T;
+ F,jjcosdy; cosg) —UL

o0

=4xsin(a + é{XZ,-) cosg, i = 1,2,3,...N
(3

The derivations of influence functions F , F, and F,
along with with equations for boundary condition are
dealt with in detail in Ref.10. Expressions for these
functions dre derived in an axis system with X-axis
parallcl to the infinite trailing vortices. To use these
formulae for deflected flaps, local coordinate plane

{x—s tam/')2 + (v —s<:os¢)2 + @ --ssin¢)2

) 1/'2] (A cosqﬁ)2 +(z — ssing)} "]

used direct inversion methods require all the N X N
elements to be core resident. Instead we have used the
method of successive orthogonalisation which has the
advantage of accomplishing the same task with nearly
1/4 core requirement and is also advantageous in
terms of CPU time.

Calculation of Forces and Aerodynamic Coefficients

The force of an elemental panel is assumed to be
acting at the bound vortex mid-point of the horse shoe
vortex n the panel and consists of contribution from
the bound vortex itself and from the trailing edges.
The velocity at bound vortex mid-point is calculated as
sum of perturbation velocities due tr all the horse
shoe vortices and the free stream velocity. The forccs
on horse shoe vortex trailing edges arc computed at
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3/4th chord points on the clcm.cnlal pancls ‘wilh
circulation values taken as the difference of circu-
lation strengths of coincident legs. The resolution of
aerodynamic force vector, thus computed, in direc-
{ions normal and parallel to the free stream respec-
tively gives lift and drag forces, expressions for which
are given below:

4Ts

¢, == [cosg (ucosa ~ 1) —
I Sref
v {sina (sing cosdy, — tany sindy, )
+ cosa (sing sindy, + tany cosdy,) }
+wcosg sina] = 2AT v, c cos(a + Oy ,)/S,,
&)
and
= %I"_s [cos¢ (wcosa — u sina)

ref
—~v{cosa(sing cosdy, — tany sind y )

— sina(sing sindy, + tany coséXZ)}]

+ 24T v e sin(a + Oy 2)/S,f (6)

Compressibility Correction

Vortex lattice methods®”® noted carlier are appli-

cable for incompressible flows only. In the current
paper, the vortex lattice method is modified so that
the procedure is applicable for subsonic compressible
flow regime. The method uses the fact that in
compressible subsonic flow, the inviscid flow over an
aerodynamic configuration can be obtained by solving
the problem over an affincly related body in an
equivalent incompressible plane. A brief summary of
the procedure is given below and the details are
available in ref.(10).

For a compressible flow at incidence a, the angle
of incidence in the incompressible plane is given by

a, = tan"! (B tana)
In the global body axis system, coordinates in the

incompressible plane are related to those in the
compressible plane by

X;, BB 0 M2 sina cosa X
Yin = 0 1 0 Y (7)
Zin 0 0 1/16 Z
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= . 1/2
where § = [l - Mi sin’ a] ,

The influence functions Fu, F, F, at pancl control
points arc calculated in the ncw cquivalent
incompressible plane. After the influencc functions
are determined, the normal velocity boundary
condition is applicd in the physical plane, wherein the
transformation from incompressible plane to the
physical plane is given by:

BB 0 0

Fu 0 Fu in
1
F (@)
vl F M sina cosa Foin
Fw Bﬂ 0 1/'8 Fwin

Applying the above corrections to the boundary
condition equation (3), a set of N simultancous
equations for N unknown circulation strengths are
obtained which are solved by the method of successive
orthogonalisation and these I's are used to calculate
velocities in the physical plane.

Programming Aspects

The basic information used to define wing-flap
configuration for numerical computations are number
of leading and trailing edge flaps, deflection angles
and data regarding spanwise and chordwise location
of flaps, etc. The nominal number of rows M, and
columns N, for the paneling are input to fix the vortex
lattice layout. The actual number of chordwise rows m
is computed using the formula

i
c

i
where m; = ma‘x{ in [ (c‘./jg1 ¢ *\Mx)] + 1,3} 9

and i, = 2 for a wing with a flap at either leading edge
or trailing edge alone.

i, = 3 when both the flaps are present. Here c, is
the chord at root of given region as shown in Fig.3. It
may so happen that for flaps with small flap-to-wing
chord ratio the number of chordwise rows on the flap
portion may become as low as one. To avoid this, a
minimum of three chordwise rews is taken in any of
the flap regions as given in above formula. In a similar
way, the number of spanwise columns is computed as
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i.
n =i n,

=1

where n;, = (10)

1
int {bi/ 2 b, *N‘_} +1
J=1 '
and i_is thc number of spanwise regions as shown in
Fig.3. This way of fixing up the number of divisions
along chord and span, in general, gives almost uniform
sizes for adjacent panels.

In the acrodynamic computation procedure, any
control point at which the perturbation velocitics arc
computed is transformed to local axis system of voriex
panel. In this, the origin is at the mid-point of the
bound vortex creating the disturbance. If the horse
shoe vortex creating the disturbance is on a flap panel,
the x-z plane is rotated over the y-axix by an angle 6.,
so that the x-axis is parallel to trailing legs of the horse
shoe vortex. Once the velocities are computed ‘they
are transformed back to the global axis system which
needs only an inverse transformation. Unlike the
method of Ref.8, this leaves the size of the program
almost invariant with respect to number of flaps.

Once the circulation strengths are known at a given
Mach number and a, the local loading AC, for i'®
panel is calculated as

From these AC_ values the pancl hlt, drag and
moment coceflicients, overall wing force and moment
cocfficients, the spanwise loading and variation ()fXC
along span are determined using wing arca and mean
acrodynamic chord as the reference quantities.

Numerical Experimentation

To study the effect of vortex lattice layout on the
convergence of various aerodynamic quantities,
extensive numerical experimentation was carried out,
This included varying the number of columns {or fixed
number of rows, lixing the number of columns and
varying the number of rows and using diflercnt types
of distributions for pancl sizes like cquiangular or
constant AX, AY distribution.

The effect of varying number of columns at a fixed
number of rows on X, distribution 1s plotted in Fig.6.
In an actual situation in a steady flow, the spanwise
distribution of X, should be continuous whereas the
computed results show a discontinuity at the flap
juncture. From the studies carried out, it was
concluded that smooth and numerically stable results
for spanwise distributions can be obtained by
maintaining the aspect ratio of the pancls, AR_ =
(Panel with)?/(Pancl area) well above unity especially
near the deflected flap. The same type of bchaviour
can be observed even ncar the wing tip when the panel

AC.. = T aspect ratio becomes less than unity.
Pi=X —X. @1
Cct vi
60 AR 4.0 Mg*0
X =i.0 « =0°
S + 1.0 6 <27° &9 85 &
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Fig.6. Effect of panel aspect ratio on centre of pressure along the span
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Similarly from the same figure it can be clearly
observed that for a fixed number of rows with constant
aigular distribution, the optimum panel aspect ratio
[imit is reached with lower number of columns as
comparcd to that with constant AX, AY spacing.
However, advantage of constant angular distribution
is that for a given number of pancls more panels are
distributed near all the free edges and hinge lines
where the local loads vary rapidly.

In the next set of numerical experiments with the
45° swept wing of Fig.6, the number of columns was
fixed at 10 and the number of rows varied. From Fig.7
it can be scen that the total lift and drag cocfficients
converge rapidly with increased number of rows to a
stable valuc. Depending on the way the rows are
distributed in the wing and flap regions, the C; and
C,, values vary in an oscillatory fashion, converging to
final values asymptotically. Finally, it was found that
numerical convergence of acrodynamic parameters
with increase in number of pancls is rapid if the vortex
is placed on the hinge line.

S © " <« <« e ")
Iy
o
zi’ < © © o = o ¥
wl
3]
T v
A
Uzg
0.051¢ Mg =0°
«< -0°
6¢ =27°
0049 Spunwise number
C of ponels }=IO
Oy
0047
0045t
044
042}
Cp
1 -~
0.40 N~
038 — . L A
' 9 1] 13 15 17 19

CHORDWISE NUMBER OF PANELS

Fig.7. C, and C}y,, convergence study for wing of
Fig.6.
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Results and Discussions

To illustrate the application of the present method,
numerical calculations were made for a number of
wing-flap configurations including some for which
experimental data are available in respect of pressure
distribution and overall coefficients.

Plotted in Fig.8 is the ACp distribution from
current program and experimental values'! for a
swept back wing with a part-span flap shown in the
inset of the same figure. As can be seen from the
figurc, ACp distribution from the present method
agrees well with the experimental data.

AR =4 M, 0.6
x =0.6 < =o‘
$ =10 61 =10
S¢ =10%S
cr=0.2¢C

00 EXPT.(Ref.il)
-—— THEORY (Present) ~ [I1x [2%{32 Ponels

X/¢ .

Fig.8. Chordwise loading atny = 0.46

The lift and moment curves for NAL-X1 wing'?
are given in Fig.9 at M, = 0.5. This wing has two part
span flaps, one at the leading_edge and another at the
trailing edge. As can be seen, throughout the
incidence range, the theoretical lift is slightly over
predicted.

To demonstrate the capability of current method to
handle multiple segmented flaps, a 44° swept wing
with five segmented (spanwise) leading edge flap was
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Fig.9. Lift and pitching moment characteristics for

NAL-X1 wing.

analysed for which expcrimental data is available in
ref.13. Fig.10 shows the comparison of the theoretical
and experimental lift curves at M_ = 0.4. In respect
of moment coefficients for the same configuration,
since the expcrimental results are for wing-body
combination, to climinate the body effects, the
differcnce in moments, i.c.

AC,, = Cy (flaps undefllected) - C,, (flaps
deflected)

has been plotted (Fig.11) against angle of incidence
for the combination of flap deflection angles given in
the Table below:

Flap No. 1 2 3 4 5

Configuration (Deflection in degrees)

1 4 | 4| 4| 8]s

0 8§ |12 16 |20

As can be scen from the Fig.11, the incremental
moments duc to flap deflections are correctly
predicted.

45 No. 2

WING: AR=2.%, A *02,5:01032m?
LE FLAPS AREA[%S)
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6¢ =0, 8127, 167, 20, My =0.4
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. - R a 6 8
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Fig.10. C| vsa for a wing with scgmented leading
edge flaps.
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Fig.11. AC,,vsa for wing in Fig.10.

Conclusions

A method has been developed to analyse wing-flap
configurations using planar horse shoe vortex lattice
scheme. There are no limitations on aspect ratio,
taper ratio and sweep of the wing. This program can
handle multi- segmented leading edge and/or trailing
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edge flaps in any combination. The method has been
validatcd using a number of experimentally tested
wing flap configurations. The overall lift and moment
are fairly well predicted. By extensive numerical
studics, critcrion for optimum lattice layout has been
established. Compressibility corrections are applied
using Prandtl Glauert rule modilied to take care of
wings with flaps.
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